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Foreword 


The  ability  to  design  efficient  higii  lift  s>itetr.s  for  aircraft  has  become  increasingly  important  for  a  number  of  reasons. 

Firstly,  during  the  last  10-15  years,  the  worldwide  ability  to  design  wings  for  efficient  transonic  flight  has  been  transformed  by: 

a)  increased  understanding  of  how  to  design  for  mixed  subsonic  and  supersonic  flow  over  the  wing; 

b)  the  increased  capability  and  reliability  of  CFD  codes  in  predicting  these  flows. 

As  a  result,  wing  loadings  have  been  able  to  increase  without  incurring  any  penalty  in  cruise  or  turn  performance.  The  corollary 
of  this  is  that  increased  demands  have  been  put  on  the  design  of  the  high-lift  system  in  order  to  retain  the  same  take-off  and 
landing  performance. 

Secondly,  the  current  world  military  situation,  with  the  cessation  of  the  Cold  War,  demands  that  NATO  forces  are  able  to  react 
quickly  to  a  developing  situation  anywhere  in  the  world,  and  thus  that  military  transport  aircraft  are  able  to  operate  from 
unprepared  and  short  landing  strips  —  again  making  increased  demands  on  the  design  of  the  high-lift  system. 

Finally,  the  demands  made  by  stealth  requirements  on  the  shape  of  the  aircraft  —  generating  configurations  such  as  the  F 1 17  and 
the  B2  —  lead  to  geometries  which  are  far  from  optimum  aerodynamically,  and  hence  which  are  likely  also  to  make  increased 
demands  on  the  design  of  the  high-lift  system  in  order  to  preserve  the  landing  and  take-off  performance. 

Consequently,  it  is  somewhat  surprising  that  the  last  AGARD  Symposium  concerned  with  high-lift  systems  was  as  long  ago  as 
1984  —  and  even  then  the  Symposium  subject  was  sp'it  between  “High-Lift”  and  “Drag  Reduction"  (AGARD  CP  365). 

However,  recent  advances  in  CFD  techniques,  and  in  the  understanding  of  the  complex  flows  that  occur  over  high-lift  systems, 
suggest  that  more  efficient  systems  can  now  be  designed  with  a  lower  risk  than  before,  and  that  it  is  therefore  very  appropriate 
that  AGARD  FDP  should  hold  a  Symposium,  at  this  time,  solely  dedicated  to  the  subject  of  “High-Lift  System  Aerodynamics". 

The  Symposium  was  aimed  to  address; 

a)  how,  given  the  role  and  configuration  of  the  aircraft,  the  most  appropriate  high-lift  system  can  be  selected; 

b)  how,  having  selected  the  type  of  high-lift  system,  an  efficient  detailed  design  can  be  produced; 

c)  the  experimental  and  analysis  techniques  wliich  are  nece.ssary  to  explore  and  enhance  the  performance  of  the  high-lift 
system. 

Thus,  although  the  aerodynamics  of  high-lift  systems  was  the  dominant  theme,  the  very  pertinent  aspects  of  weight,  simplicity, 
reliability,  and  structural  and  mechanical  integrity,  were  an  integral  part  of  the  Symposium,  and  were  treated  in  the  papers 
presented.  In  this  sense,  this  Symposium  has  attempted  to  take  a  broader  view  of  the  high-lift  system  than  has  been  taken  by 
similar  conferences  in  the  past. 
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Avant-Propos 


La  conception  de  systemes  hypersustentateurs  perfotmants  {>our  aeronefs  prend  de  plus  en  plus  d'importance  aujourd'hui,  et 
ceci  pour  differentes  rtiisons. 

En  premier  lieu,  au  cours  des  demiers  10  a  15  ans,  les  capacites  de  la  communaute  aeronautiquc  Internationale  dans  Ic  domaine 
de  la  conception  des  voilures  pour  le  vol  transsonique  performani  ont  ete  Iransformees  par: 

a)  une  meilleure  comprehension  de  la  prise  en  compte  des  ecoulements  mixtes  subsoniques  ei  supersoniques  autour  de  la 

voilure  la  phase  d’etudes; 

b)  un  accroissement  de  la  capacite  et  la  habilite  des  codes  CFD  dans  la  prediction  de  ces  ecoulements. 

Ceci  a  permis  d’augmenter  les  charges  alaires  sans  penaliser  les  performances  de  croisiere  ou  de  virage.  Ce  developpement  a  eu 
pour  corollaire  I’imposition  de  contraintes  plus  rigoureuses  sur  la  conception  des  systemes  hypersustentateurs  afin  de  conserver 
les  memes  performances  au  decollage  et  a  I’atterrissage. 

En  deuxieme  lieu,  la  situation  militaire  mondiale  actuelle,  avec  la  cessation  de  la  guerre  froide,  necessite  une  reaction  rapide  de 
la  part  des  forces  de  I’OTAN  face  a  une  eventuelle  situation  de  crise  n’importe  oii  dans  le  monde.  Ceci  implique  la  mise  en  oeuvre 
opera tionnelle  d’avions  de  transport  a  partir  de  pistes  d’atterrissage  courtes  et  non-preparees  et  entraine  de  nouvelles  demandes 
au  niveau  de  la  conception  des  systemes  hypersustentateurs. 

Enfin,  les  consequences  des  exigences  de  furtivite  sur  la  forme  des  aeronefs  —  c’est  a  dire  la  creation  de  configurations  telles  que 
cedes  des  F117  et  B2  —  menent  a  des  geometries  qui  sont  loin  d’etre  optimales  du  point  de  vue  aertxiynamique.  Par  vote  de 
consequence,  elles  risquent  d’imposer  des  contraintes  supplementaires  sur  la  conception  des  systemes  hypersustentateurs  dans 
le  cas  oil  les  performances  au  decollage  et  a  I’atterrissage  devraient  etre  conservees. 

n  est  done  surprenant  de  constater  que  le  dernier  symposium  organise  par  I’AGARD  sur  ce  sujet  remonte  a  1984  —  et  que  le 
theme  de  la  reunion  etait  partage  entre  "rhypersustentation”  et  "la  reduction  de  la  trainee"  (AGARD  CP  365). 

Cependata,  les  progres  realises  recemment  en  aerodynamique  numerique,  et  dans  I’analyse  des  ecoulements  complexes  autour 
des  systemes  hypersustentateurs  laissent  supposer  que  des  systemes  plus  perfotmants  peuvent  desormais  etre  realises  a  moindre 
risque  que  par  le  passe.  D  etait,  par  cons^uent,  tout  a  fait  opportun  pour  le  Panel  FDP  de  lAGARD  d'organiser  un  symposium 
consacre  au  seui  sujet  de  “I’aerodynamique  des  systemes  hypersustentateurs”. 

Le  symposium  a  examine  les  themes  suivants; 

a)  le  choix  optimal  de  systemes  hypersustentateurs  en  fonction  du  role  et  de  la  configuration  de  I'aeronef; 

b)  la  realisation  d’une  etude  detaillee  optimale  en  fonction  du  systeme  hypersustentateur  choisi; 

c)  les  techniques  experimentales  et  d’analyse  necessaires  a  I'examen  detaillee  et  I'amelioration  des  performances  des  systemes 
hypersustentatuers. 

Ainsi,  bien  que  I'aerodynamique  des  systemes  hypersustentateurs  fut  bien  le  theme  dominant  de  symposium,  certains  aspects 
tres  pertinents  tels  la  masse,  la  simplicite,  la  fiabilite  et  I’integrite  structurale  et  mecanique  faisaient  partie  integrante  de  la 
reunion  et  figuraient  dans  les  communications  presentees.  De  cette  fa^on,  le  symposium  a  voulu  donner  une  vue  beaucoup  plus 
large  des  systemes  hypersustentateurs,  ce  qui  que  n’a  pas  ete  le  cas  pour  d’autres  conferences  organisees  sur  ce  sujet  dans  le 
passe. 
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1.  INTRODUCTION 

The  AGARD  Ruid  Dynamics  Panel  organized  a  symposium 
on  "High-Lift  System  Aerodynamics”  which  was  held  in 
Banff,  Alberta,  Canada,  from  5  October  through  8  October, 
1992.  This  meeting  represented  a  natural  successor  to  a  pre¬ 
vious  FDP  symposium  held  in  Brussels,  Belgium  in  1984, 
which  was  entitled  “Improventents  of  Aerodynamic 
Performance  through  Boundary  Layer  Control  and  High-Lift 
Systems”.  Considerable  progress  has  been  made  in  the  area 
of  high-lift  systems  since  the  Brussels  conference,  especially 
in  the  areas  of  experimental  testing  and  theoretical  predic¬ 
tion  (otherwise  referred  to  as  computational  fluid  dynamics 
or  CFD). 

In  view  of  the  current  aerospace  climate  and  corresponding 
industrial  interest,  for  the  Banff  symposium,  it  was  decided 
to  focus  attention  on  aerodynamic  research  and  technology 
applicable  to  advanced  (passive)  high-lift  systems  for  sub¬ 
sonic  transport  application.  Notwithstanding  this  emphasis, 
three  papers  were  presented  dealing  with  experimental  test¬ 
ing  of  low  aspect  ratio  wing  planforms,  suitable  for  combat 
type  aircraft  and  one  dealing  with  powered-lift  for  transport 
application. 

The  first  paper  contaiuvd  a  review  of  some  past  research 
programmes  in  the  United  Kingdom  and  was  presented  by 
Dr  D.S.  Woodward,  co-chairman  of  the  programme  commit¬ 
tee.  Paper  3  was  withdrawn  so  that,  of  the  1 3  papers  which 
followed,  1 1  dealt  with  CFD  2D  methods  as  applied  to  high- 
lift  airfoil  configurations  such  as  single  or  double-slotted 
flap  with  some  form  of  leading  edge  device.  The  next  seven 
papers  concerned  experimental  testing  of  high-lift  configura¬ 
tions  in  3D.  The  following  session  of  four  papers  was  devot¬ 
ed  to  CFD  methods  as  applied  to  3D  high-lift  wings  and, 
finally,  seven  papers  were  presented  in  which  industrial  rep¬ 
resentatives  described  design  and  development  of  high-lift 
systems  for  complete  aircraft. 

References  ( I )  through  (33)  list  the  symposium  papers  in  the 
order  in  which  they  were  presented. 

E)elegates  attending  die  symposium  numbered  I  OS. 

2.  BACKGROUND 

Typically,  the  aerodynamic  high-lift  ctesign  process  in  indus¬ 
try  involves  die  use  of  an  empirical  data  base,  theoretical 
p^iction  methods,  wind  tunnel  testing  and  flight  develop¬ 
ment 

2.1  High-Lift  Aerodynunk  Technology 

The  very  beginning  of  high-lift  can  be  traced  back  to  the 
years  1917-1920  (1),  but  even  after  30  years,  most  of  die 
design  data  were  con^led  in  just  four  publications  (27),  but 
there  was  little  understanding  of  the  un^rlying  aerodynamic 


principles  at  work.  It  was  not  until  1972  that  the  theoretical 
treatise  of  A.M.O.  Smith  provided  a  clear  and  comprehen¬ 
sive  insight  into  the  fundamentals  of  a  multi-element  (oil 
(34).  He  showed  that  it  was  by  splitting  the  pre.ssure  rise 
over  several  elements  that  the  tendency  for  flow  separation 
could  be  suppressed  and,  thereby,  lift  potential  could  be 
increased.  Along  with  this  understanding,  came  a  deeper 
awareness  of  the  role  and  importance  of  viscous  effects 

Three  important  developments  tixrk  place  during  the  follow¬ 
ing  ten  years  or  so; 

-  ctNistruction  of  some  new  pressurized  wind  tunnels  in 
member  states,  to  permit  a  more  thorough  exploration  of 
scale  effects  and  encourage  testing  at  higher  levels  of 
Reynolds  number; 

-  fairly  rapid  development  of  inviseid-viscous  theoretical 
methods  as  applied  to  multi-element  foils  and  w  ings; 

-  an  upsurge  in  experimental  research  to  strengthen  the 
empirical  aerodynamic  data  base. 

These  developments  were  reported  at  the  FDP  symposium. 
Brussels.  1984. 

In  the  past  decade,  continuing  work  lias  been  assrxiiated  with 
the  following; 

-  consolidation  and  development  of  inviscid/viscous  cou¬ 
pled  methods  based  on  integral  boundary  layer  calcula¬ 
tions; 

-  a  growing  effort  associated  with  computational  field 
methods  which  require  a  grid  of  the  domain  and  permit, 
for  example,  solutions  to  the  Reynolds  averaged  Navier- 
Stokes  equations: 

-  a  build-up  of  reliable  experimental  data  relating  to  high- 
lift  configurations  showing  separately  the  effect  of 
Reynolds  number  and  Mach  number;  also  correlations 
between  wind  tunnel  and  flight  measurements; 

-  boundary  layer  and  wake  measurements  to  provide  a 
deeper  understanding  of  the  flow  physics  associated  with 
multi-element  foils. 

It  was  consideration  of  these  aspects  of  the  subject  which 
dominated  the  symposium  in  Banff. 

2Jt  The  Dcdgn  Process 

Two  important  factors  overshadow  the  design  process: 

-  There  are  serious  penalties  for  failing  to  meet  the  flight 
design  goals  of  the  high-lift  system  for  a  projected  air¬ 
craft  and,  therefore,  the  subject  must  be  aftorded  an 
appropriate  emphasis  and  effort.  For  example,  the  design 
procedure  includes  extensive  parametric  studies  at  the 
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project  design  stage  -  time  is  especially  important  here; 
optimization  and  refinement  are  required  at  the  early 
development  stage  -  costs  can  soar  if  undntaken  solely 
in  the  wind  tunnel;  veriflcation  of  tiie  final  configuration 
is  usually  undertaken  in  a  wind  tunnel  at  reasonably  high 
Reynolds  number  -  generally  regarded  as  essential  at 
whatever  cost 

-  The  flow  field  of  a  high-lift  aircraft  configuration  is 
extremely  complex,  incliuling  such  phenomena  as 
boundary  layer  growth  and  separation,  wake  develop¬ 
ment  confluence  of  boundary  layers,  viscous  wake  inter¬ 
actions,  laminar  separations,  etc. 

Therefore,  as  a  result  of  these  factors,  theoretical  and  experi¬ 
mental  aerodynamic  technology  is  aimed  toward  improve¬ 
ment  of  the  accuracy  of  prediction  to  reduce  risk,  and  toward 
reduction  in  time  and  cost  of  tiie  design  process. 

3.  DISCUSSION 

3.1  The  Opening  Review  Paper 

The  introductory  paper  (1)  by  Woodward  and  Lean,  DRA, 
United  Kingdom,  describ^  a  “National  High-Lift 
Programme’*  conducted  in  the  United  Kingdom  in  the  1970$, 
and  contained  much  data  heretofore  not  generally  available. 
The  work  was  aimed  toward  strengthening  the  overall  aero¬ 
dynamic  data  base  used  by  industry  so  as  to  make  empirical 
methods  of  design  more  reliable.  The  use  of  such  a  data  base 
was  described  by  Butter  at  the  1984  Brussels  symposium 
(35). 

Systenuitic  tests  were  undertaken  on  four  models:  one  wall- 
to-wall  and  one  endplate  model  for  2D  studies,  and,  one  con¬ 
stant  chord  and  one  tapered  planform  model  (both  having  a 
variable  sweep  capability)  for  3D  studies. 

In  particular,  the  research  programme  provided  a  basis  fw 
optimization  of  slat  and  flap  positions  relative  to  the  main 
foil.  Rake  measurements  gave  some  insight  into  the  growth 
of  boundary  layers  and  wakes  on  the  various  foil  elements 
and  thereby  suggested  reasons  for  optimum  locations:  of 
special  interest  were  cases  in  which  the  slat  wake  merged 
with  tire  wing  boundary  layer. 

The  research  programme  went  beyond  the  purely  aerody¬ 
namic  aspects  of  high-lift  systems  to  include  consideration 
of  variatitm  in  structure  wei^t  as  geometry  was  adjusted  for 
best  aerodynamic  performance.  It  was  shown  that,  by  use  of 
weight  fractions,  an  optimum  design  could  be  found  (in 
terms  of  best  fiiel  plus  payload)  taking  into  account  both 
aerodynamic  and  structural  factors. 

The  authors  point  out  tiiat  this  research  effort,  conducted 
jointly  by  industry  and  government  groups,  played  a  major 
role  in  overcoming  a  perceived  shortfall  in  UK  high-lift 
teclmology  at  the  time. 

3.2  Theortticai  Mcttiods:  High-Lift  In  2D 
Inviscid/viscous  coupled  methods  have  been  available  in  a 
form  suitable  for  industrial  use  since  the  early  198Qs  (36) 
and  (4),  by  de  Ponte,  Celia  and  Marcazzan,  Milan  Poly¬ 
technic,  Italy,  is  a  good  exan^le.  These  methods  serve  to 
complement  and/or  disfdace  previous  design  procedures 
which  were  based  solely  or  an  empirical  data  base  -  they 
rely  on  an  integral  boundary  layer/widce  model.  These  codes 
are  attractive  on  account  of  computttional  efficiency  and 
flexibility  (that  is,  providing  a  dioice  in  dw  level  of  so^isti- 
ddion  to  suit  various  stages  of  design). 


Although  effective  as  an  engineering  tool,  the  'coupled' 
method  is  somewhat  limited  in  being  unable  to  compute 
much  beyond  maximum  lift  and  it  may  have  other  shortcom¬ 
ings  associated  with  slat/flap  wells,  thick  trailing  edges,  etc. 
Hence,  potentially  more  accurate  field  methods  have  been 
sought  which  define  the  domain  by  means  of  a  computation¬ 
al  grid  and  permit,  for  example,  solutions  to  the  Reynolds- 
averaged  Navier-Stokes  equations.  Such  methods  tend  to 
place  great  demand  on  computer  capability  and  capacity 
which  result  in  a  longer  solution  time  and/or  an  increase  in 
cost;  these  methods  have  not  yet  reached  a  level  of  maturity 
to  permit  routine  industrial  use.  In  order  to  overcome  these 
difficulties,  some  investigators  have  considered  various 
degrees  of  simplification  while  still  seeking  to  retain  an  ade¬ 
quate  degree  of  accuracy;  for  example,  effects  of  compress¬ 
ibility  can  be  omitted  or  one  can  opt  for  a  fairly  simple  tur¬ 
bulence  model.  Likewise,  attempts  are  constantly  being 
made  to  find  more  efficient  ways  to  generate  and  refine  the 
computational  grid. 

3.2.1  Structured  Versus  Unstructured  Grids 
Early  work  was  based  on  the  generatiem  and  use  of  struc¬ 
tured  grids.  More  recently,  unstructured  grid  solvers  have 
been  studied  which,  although  requiring  a  greater  memory 
capacity,  do  allow  ease  of  automatic  grid  generation  about 
multi-element  configurations:  also,  local  increase  in  grid 
density  for  critical  areas  can  be  easily  achieved.  During  the 
symposium,  some  opinions  were  expressed  regarding  the 
relative  merits  of  structured  versus  unstructured  grids  but  it 
would  seem  unwise  to  make  a  final  judgement  at  the  present 
stage  of  development 

3.12  Navier-Stokes  Solutions 

In  all,  there  were  eight  presentations,  which  described 
numerical  solutions  to  the  Navier-Stokes  equations,  six  of 
which,  as  described  below,  used  structured  grid  solvers. 
Each  investigator  discussed  the  foundation  of  his  particular 
method  and  made  comparison  with  experimental  or  test 
cases  -  generally,  reasons  were  suggested  for  discrepancies 
in  cmrelation. 

Fritz,  Domier,  Germany  (5).  A  proper  treatment  of  the  wake 
of  the  main  foil  becomes  important  at  high  angles  of  attack: 
this  requires  fine  grid  resolution  and  the  correct  prediction 
of  viscous  effects  within  the  wake.  Simple  turbulence  mod¬ 
els  failed  in  prediction  of  the  eddy  viscosity  for  such  a  com¬ 
plex  flow  field  and  therefore  a  two  equation  model  is  need¬ 
ed. 

Bartsch,  Nitsche  and  Britsch,  TU  Berlin,  Germany  (6).  As  in 
(5),  the  authors  indicated  the  need  for  investigating  turbu¬ 
lence  modelling  more  thoroughly  but  also  pointed  to  a 
requirement  for  more  detailed  and  well  established  experi¬ 
mental  cases  against  which  to  test  theoretical  (nedictions. 
Also,  there  is  a  need  to  assess  numerical  solution  errors 
when  making  comparisons  between  theory  and  experiment 

Rogers,  Wiltberger  and  Kwak,  NASA  Ames,  United  States 
(7).  Two  different  approaches  for  grid  generation  were 
described  and  two  different  turbulence  models  were  studied. 
Test  cases  iiKluded  single,  two,  three  and  four  element  air¬ 
foils.  Predictioas  are  generally  good  but  correlation  deterio¬ 
rates  when  significant  areas  of  separated  flow  arise.  Again, 
ftaiher  work  in  turbulence  modelling  is  recommended. 

Jasper,  Agrawal  and  Robinson,  McDonnell  Douglas,  United 
States  (8).  Good  accuracy  of  prediction  was  achieved  for  a 
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two  eiement  airfoil  without  confluent  boundary  layer  flow. 
Similarly,  good  agreement  was  achieved  on  four  elements 
without  separation  on  the  slat.  The  authors  conclude  that 
treatment  of  separation,  stall  and  post-stall  conditions 
requites  better  milling  of  turbulence.  Also,  it  was  pointed 
out  that  accurate  calculation  of  gap  effects  may  require 
modelling  of  transitional  and  re-latninarizing  boundary  lay¬ 
ers. 

Nelson,  Zingg  and  Johnston,  Toronto  University,  Canada 
(9).  Test  cases  were  shown  for  a  two  element  and  three  ele¬ 
ment  airfoil.  Grids  were  generated  by  an  automated  proce¬ 
dure  which  divides  the  domain  into  blocks.  C-ood  agreement 
with  experiment  is  obtained  when  flow  is  attached  w  regions 
of  separated  flow  are  small.  The  Baldwdi-Barth  turbulence 
model  works  well  in  most  instances  but  under-predicts  eddy 
viM^osity  in  wake  regions  and  over-predicts  in  the  outer  por¬ 
tions  of  the  boundary  layer. 

Chow,  Diu  and  Carpenter,  Grumman  Research  Center, 
United  States  (15).  In  this  paper,  die  authors  a{^ly  their 
method  to  prediction  of  flow  around  a  three  element  airfoil 
with  blown  flap;  however,  in  the  context  of  the  AGARD 
symposium,  the  computational  method  is  of  more  interest 
than  the  test  case;  the  paper  should  be  read  in  conjunction 
with  a  previous  publication  by  the  same  authors  (37).  The 
method  is  shown  to  be  capable  of  predicting  both  onset  and 
growth  of  separated  regions  and  wakes  with  good  degree  of 
correlation  -  even  with  respect  to  drag.  The  authors  seem  to 
attribute  this  success  to  a  novel  “stacked-C”  mesh  system 
which  was  used  to  map  the  multi-element  geometry  into  a 
single  computational  domain  and  to  the  fact  that  the  flow 
separation  zone  is  treated  with  a  semi-adaptive  mesh  gener¬ 
ating  procedure  that  utilizes  slat  foil  and  flap  trailing 
streamline.  The  code  uses  an  algebraic  turbulence  model 
loosely  based  on  the  Thomas  formulation  of  the  Baldwin- 
Lomax  model. 

Johnson  and  Stolcis,  UMIST,  Manchester,  United  Kingdom 
(13).  In  diis  case,  the  work  was  based  on  an  unstructured 
grid  solver  but  the  significance  lies  in  the  fact  that  the 
authors  made  few  simplifying  assumptions  at  the  outset 

The  approach  consists  of  solving  the  compressible  Reynolds 
averag^  Navier-Stokes  equations,  using  a  two-equation  tur¬ 
bulence  model.  The  authors  conclude  that  a  two-equation 
turbulence  model  is  the  lowest  order  model  craisistent  with 
complexity  of  the  flow  physics.  A  baseline  computational 
method  has  been  devek^ed  with  encouraging  initial  results 
at  both  low  speed  and  transonic  high-lift  conditions  when 
tested  against  a  two  element  airfoil. 

Bailey  et  al.,  Mil  Braunschweig,  Germany  (14).  Some 
interesting  comparisons  were  made  between  use  of  struc¬ 
tured  and  unstructured  grids:  in  general,  it  was  found  that 
good  agreement  was  (Stained  with  both  strategies.  Like 
(13),  the  authors  based  their  mediod  on  solution  of  the  full 
Reynolds  averaged  Navier-Stokes  equations  and  used  a  tur¬ 
bulence  model  developed  by  Johnson  and  King  in  which 
both  convection  and  difhision  of  turbulence  is  taken  into 
account  so  as  to  allow  a  more  accurate  detmiination  of  tur¬ 
bulent  stresses  in  sqnrated  boundary  layer  flow.  For  a  smgle 
foil,  ttiis  turbuloice  model  gave  superior  conelation  and 
may  lead  to  similar  success  for  more  conq>lex  high-lift  con¬ 
figurations. 

De  OKk,  NLR,  The  Netherlands  (12).  The  audior  those  to 
base  his  work  on  die  Euler  equations  as  a  fast  means  of 


investigating  grid  generation  techniques  for  multi-element 
airfoils.  The  method  was  adapted  to  simulate  separated 
regions  in  slat  and  wing  coves  and  was  moderately  success¬ 
ful  in  predicting  lift,  drag  and  pitching  moment  of  the  three 
element  airfoil.  Improvements  will  be  sought  by  an  exten¬ 
sion  of  the  mathematical  model  to  Reynolds  averaged 
Navier-Stokes  equations. 

3J23  Viscous-Inviscid  Interaction  Methods 
Methods  based  on  viscous-inviscid  interaction  have  been 
developed  primarily  in  Europe  (38)  as  a  means  to  obtain  rel¬ 
atively  fast  solutions  and  avoid  reliance  upon  a  “super  com¬ 
puter”  ever  though  the  apinoach  might  not  capture  all  the 
features  of  the  flow. 

Le  Balleur  and  Niron,  ONERA,  France  (11).  At  ONERA, 
Le  Balleur  and  his  colleagues  have  persevered  widi  the 
method  of  viscous-inviscid  interaction  and  mado  improve¬ 
ments  so  that  it  is  now  possible  to  make  predictions  for 
deeply  separated  flows  over  multi-element  airfoils  at  incom¬ 
pressible  speeds.  This  achievement  is  attributed  to  progress 
made  in  both  coupling  algorithms  and  generalized  thin-layer 
modellings  along  with  manipulation  of  grid  resolution,  espe¬ 
cially  when  close  to  separated  flow  regions.  Test  cases  are 
chosen  in  which  separation  occurs  in  the  cove  of  both  slat 
and  flap  at  mid-chord  of  the  flap.  Good  correlation  \  ith 
experiment  for  surface  pressure  distributiori  is  shown  over  a 
broad  range  of  flow  conditions. 

3,3  Theoretical  Methods:  High-Lift  CFD  in  3D 
The  complex  flow  fields  associated  with  high-lift  are  diffi¬ 
cult  to  predict  in  2D  and  become  even  more  so  in  3D,  so  that 
comprehensive  solutions  in  3D  are  at  a  relatively  early  stage 
of  development. 

Four  papers  were  presented  (23),  (24),  (25)  and  (26),  the 
first  of  which  by  Jacob,  DLR,  GOttingen,  Germany  (23) 
described  details  of  a  method  linking  2D  viscous  calcula- 
titms  with  a  3D  lifting  surface  theory.  Such  mediods  are  both 
fast  and  economical  and  have  proved  valuable  for  use  in 
industry  (36). 

The  paper  (24)  by  Cebeci,  Douglas  Aircraft,  United  States, 
dealt  with  multi-element  airfoils  and  wings  with  theory 
based  on  interaction  between  inviscid  and  boundary  layer 
equations  -  such  an  approach  serves  to  avoid  excessive 
demands  on  the  computer.  In  spite  of  some  success  in  devel¬ 
opment  of  a  turbulence  model,  the  author  stressed  the  need 
for  further  im{»ovements  in  order  to  achieve  better  correla¬ 
tion  with  experiment  in  the  presence  of  separated  regirais. 

In  paper  (26),  Le  Balleur,  ONERA,  France,  continued  his 
earlier  discourse  in  the  conference  (11)  with  regard  to  vis¬ 
cous-inviscid  interaction  methods,  extending  the  work  to 
incluc'e  coinpressibility  at  high-lift  and  deeply  separated 
flow  conditions  for  airfoils  and  wings.  The  auduir  pointed  to 
the  modelling  success  achieved  using  a  two-equation  turbu¬ 
lence  model  for  a  NACA  4412  2D  airfoil  up  to  28  degrees  of 
incidence  and  showed  good  correlation  for  lift  and  drag 
within  the  experimental  range.  Two  examptes  of  3D  calcula¬ 
tions  were  presented,  a  rectangular  plan  wing  of  aspect  ratio 
6,  and  an  unswept  ttqiaed  wing  of  aspect  ratio  9.5.  The 
method  is  capaMe  of  predicting  die  spanwise  ^mad  of  die 
separation  line  and  the  cotrespooding  pressure  distribution 
and  boundary  layer  displacenKnts  on  the  wing  md  in  the 
wake.  For  the  tapered  wing,  conqiarisons  are  made  with 
experiment  for  a  range  of  incidence.  So  far,  treatment  has 
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been  limited  to  pbtin  unflapped  foils,  but  the  method  holds 
promise  for  multi-element  foils  based  on  the  ability  to  cope 
with  separated  regions  of  flow. 

The  paper  (25)  by  Baron  and  Bi^adossi,  Milan  Polytechnic, 
Italy,  dealt  widi  a  different  aspect  of  hi^tift,  namely,  the 
hazards  associated  with  persistence  of  vorticity  gmerated  in 
Am  proximity  of  an  airfield  during  take-off  and  landing  pro¬ 
cedures.  By  means  of  a  comfdex  mathematical  treatment,  die 
authors  were  able  to  predict  vonex  distribution  and  strength. 
The  tune  history  is  shown  firing  a  typical  take-off  manoeu¬ 
vre  for  a  chosen  high-lifi  wing/tai^iane  configuntian. 
Effects  of  ground  inoximity  are  discuss^ 

34  Hifth-Lift  Experiments  in  2D  and  3D 
Nine  papers  were  presented  in  this  category,  an  invited  paper 
described  a  broad  range  experimmts  culminating  in  flight 
test  (16),  four  papers  dealt  primarily  with  flow  physics  trf 
high-lift  airfoils  (2),  (IS),  (19)  and  (21),  and  the  remaining 
papers  related  to  high  Reynolds  number  testing  in  the  wind 
tunnel  and  with  specific  combat  aircraft  configuratkms. 

Thibert,  ONERA,  France  (16)  -  Invited.  A  collaborative 
European  test  programme  in  high-lift  (known  as  the  GAR- 
TEUR  action  group  AD-AG08)  was  p^ormed  in  the  years 
1985-1989:  this  work  was  described  at  the  symposium  by 
JJ.  Thibert,  chairman  of  the  action  group.  The  lack  of  high 
quality  2D  and  3D  experimental  data  was  evident  and,  there¬ 
fore,  a  comprehensive  series  of  tests  was  undertaken  to  help 
close  this  gap,  with  special  emphasis  on  correlation  between 
2D  and  3D  wind  tunnel  tests,  and  betwem  3D  tunnel  and 
flight  measurements.  Fiuther  objectives  included  determina¬ 
tion  of  the  separate  effects  of  Mach  number  and  Reynolds 
number  (with  model  Re  overlapping  flight  values),  a  study 
of  the  effect  of  wing  sweep  on  transition  location  as  a  func¬ 
tion  of  Reynolds  number,  and  the  identification  of  technolo¬ 
gy  gaps  and  facility  needs.  By  way  of  description,  suffice  it 
to  say  that  the  rerearch  was  focussed  on  a  section  of  the 
A310  wing,  represented  by  two  2D  models  and  one  half 
model,  with  some  tests  being  duplicated  in  more  thsui  one 
wind  tunnel.  These  results  w«e  supported  further  by  a  series 
of  fli^t  measurements.  The  authw  concluded  tiut  the  im>- 
gramme  had  generated  a  most  comprehensive,  well  integrat¬ 
ed  and  accurate  body  of  data  dealing  with  high-lift  airfoils 
and  wings  whidi  will  form  the  basis  for  substantial  in^aove- 
ment  in  design. 

The  importance  of  a  deeper  understanding  of  flow  physics 
was  rai^  by  several  speakers;  four  papers  dealt  with  this 
aspect  of  high-lift  in  particular. 

A  papn  (2)  by  Alemdaroglu,  METU,  Turkey,  described 
detaiM  flow  measurements  in  and  around  the  slat  and  flap 
cavities  of  a  three  element  foU.  Effects  of  Reynolds  number 
on  the  mean  flow  and  on  the  turbulence  parametres  were 
investigated  using  pressure  probes,  hot-wire  anemometers 
and  a  laser  Doppler  velocuneier. 

Hardy,  IHtA,  United  Khigdom  (18),  gave  an  account  of 
tftachment-line  transition  and  possiMe  re-huninarization  on 
the  leadhig  edge  sitt  of  a  combat  type  modd.  Similar  occur¬ 
rences  have  been  observed  on  transport  type  wings,  so  tiie 
subject  is  of  broad  interest  It  was  detormined  that  tiie 
boundary  layer  can  go  through  more  than  one  in  state 

witiun  «i  incidence  range  of  a  degree  or  so  wluch  irudees  for 
difBculty  in  the  prediction  of  Reynokb  nimiber  vniation. 
Wing  root  dfects  and  spanwiae  variations  serve  to  conqili- 


cate  the  matter  still  further  and  so,  not  surprisingly,  the 
author  spoke  of  the  need  and  outlined  the  scope  of  possible 
future  work. 

Meredith,  Boeing,  United  Suues  (19)  continued  on  this 
theme  by  citing  six  viscous  features  which  affect  the  flow 
field  of  a  typical  nuilti-element  lifting  system  of  which  three 
might  be  the  cause  of  degradation  in  lift  with  increasing 
Reynolds  nuinb»,  that  is  to  say:  viscous  wake  interactions, 
re-laminarization  and  attachment  line  transition.  These  three 
phenomena  were  described  in  some  detail  and  then  illustrat¬ 
ed  by  means  of  test  results.  It  was  concluded  that  these  mat¬ 
ters  are  of  more  than  academic  interest  and  that  neitiier  the 
current  CFD  tools  nor  the  existing  experimental  data  base 
are  sufficiently  well  established  to  meet  the  need  of  more 
thorough  understanding. 

Yip,  NASA  Langley,  Vijgen,  High  Technology  Corporation, 
Hardin,  Lockheed  and  van  Dam,  University  of  California 
(21).  The  authors  described  an  ambitious  flight  research  pro¬ 
gramme  to  arudyse  the  high-lift  flap  of  a  Boeing  737  airc^. 
An  outboard  wing  section,  containing  slat  and  triple  slotted 
Fowler  flap  elements,  was  heavily  instrumented  -  including 
surface  pressures,  Preston  tube  devices  and  flow  -  visualiza¬ 
tion  by  means  of  tufts.  Variation  in  skin  friction  coefficient 
(»  the  slat  upper  surface  riiowed  a  marked  variation  with 
angle-rd'-attack  which  could  be  interpreted  in  terms  of  re- 
lamiturization.  Similar  correlations  between  Preston  tube 
readings,  surface  pressures  and  tufts,  were  observed  to  deter¬ 
mine  the  state  of  the  boundary  layer  on  the  main  wing  and 
flap  elements.  Two  well  established  multi-element  computer 
co^  were  used  to  predict  pressure  distribution  -  both  codes 
incorporated  an  integral  boundary  layer  formulation. 
Comparisons  were  made  between  CFD  and  flight,  thus 
adding  a  further  dimension  to  the  usefulness  of  the  research 
prograrrane  overall. 

Valarezo  and  Dominik,  Douglas  Aircraft  and  McGhee  and 
Goodman,  NASA  Langley,  United  States  (10).  The  paper 
describes  tests  on  two  high-lift  configurations  in  the  NASA 
Langley  low  turbulence  pressure  tuniwl  at  Reynolds  num¬ 
bers  in  the  range  5  to  16  x  !(>*.  Favourable  lift  increments  at 
approach  angles  of  attack  were  experienced  by  optimization 
of  leading  edge  slat  and  introduction  of  a  trailing  edge 
wedge.  Equally  important  was  the  fact  tiiat  a  set  of  hi^ 
quality  tests  provided  further  evidence  of  Reynolds  number 
and  Mach  number  effects  on  high-lift  optimization. 

Earnshaw  and  Green,  DRA,  United  Kingdom  (20).  This 
papm*  dealt  with  the  use  of  half  iiKxlels  in  high-lift  wind  tun¬ 
nel  testing.  The  use  of  half  models  can  offer  sevml  advan¬ 
tages,  not  the  least  of  which  is  to  permit  an  increase  in 
Reynolds  number  as  compared  to  a  foil  model  in  tite  same 
wM  tunnel.  The  author  conducted  tests  on  one  half  of  an 
existmg  foil  span  model  which  had  previously  undergone 
several  tests.  Various  half  model  mounting  conftgmations 
woe  investigated  rod  results  conqnred  to  die  full  timdel 
results.  The  paper  goierated  a  great  deal  of  interest  on 
account  of  die  very  practical  nature  and  poinitial  usefulness 
of  the  findings. 

Finally,  m  the  category  of  hi^lift  experiments,  two  papers 
dealt  widi  low  aspect  ratio  planfonns  suitaUe  for  cor^t 
type  aircraft.  One  by  WaichU,  USAF  WPAFB  (22),  in  fact, 
d^  die  X-29  forward  sw^  wing  demonstraTOt  air¬ 
craft.  Moition  was  made  of  hi^fift  capability  required  for 
manooivrabiliiy  and  under  post  stall  coitions.  fiom 
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the  intrinsic  interest  of  the  paper  itself,  it  served  as  a 
reminder  that  the  Banff  symposium  focussed  on  only  one 
segment  of  the  subject  of  high-lift  as  a  whole. 

The  oAer  paper  associated  with  ccunbat  aircraft  (17)  was 
(sesented  by  Moir,  NtA,  United  Kingdom  and  described 
tests  on  a  genetic  wing/fiisetage  model  of  aspect  ratio  3.4 
tested  in  the  DRA  Faniborough  S  metre  pressurized  tunnel 
with  a  Reynokb  numbo^  range  of  6  to  1 1  x  10*.  approxi¬ 
mately.  The  tests  woe  designed  to  study  leading  edge  slat 
optimization  in  conjunction  with  both  a  plain  wing  trailing 
edge  and  a  single-slotted  flap.  The  in^xiftant  findings  fiom 
the  test  relate  to  the  perfomumce  of  the  model  under  condi- 
titms  of  separately  varying  Mach  number  and  Reynolds 
number,  that  is,  the  kind  and  quality  of  measurements  need¬ 
ed  to  help  establish  an  advanced  data  base. 

33  Dcsi^ofHigh>LiftSystaiisC9r  Complete  Aircraft 
The  final  session  of  the  synqiosium  was  devoted  to  consider¬ 
ation  of  the  aerodynamic  design  procedures  and  practices 
found  in  industry,  as  related  to  transport  aircraft 
Development  of  a  compile  system  involves  a  mix  of  design 
philosophy,  empiricism,  theory  and  experiment  and,  over  the 
years,  the  methodology  evolved  to  become  an  established 
and  proven  procedure  which  is  peculiar  to  the  design  team 
and  the  company.  Over  the  past  decade,  the  design  process 
has  undergone  some  change  whereby  less  reliance  is  now 
placed  upon  the  empirical  data  base  and  more  upon  theoreti¬ 
cal  prediction  -  the  rate  of  this  change  is,  in  part,  a  functkm 
of  resources  available  and  it  is  the  larger  companies  which 
tend  to  move  more  rapidly  toward  acceptance  of  a  new  tech¬ 
nology. 

The  paper  by  CNieit  and  Fdkker  Aircraft,  The  Netherlands, 
(27),  was  entitled  “Fbrty  Yeats  of  High-Lift  R  and  D  -  An 
Aircraft  Manufacturer's  Experience**.  A  review  such  as  dtis, 
not  only  shows  the  progression  of  aoodynamic  high-lift 
technology  at  large,  but  also  illustrates  the  evolution  of  die 
design  procedure  as  guided  by  the  design  team:  in  this  case, 
within  the  ftamewotk  of  a  medium  sized  manufacturer.  As 
siteh,  the  paper  represents  a  valuable  addition  to  the  litera¬ 
ture  for  studmts  a^  professionals  alike.  Regarding  theoreti¬ 
cal  prediction,  the  author  concluded  that  the  role  of  CFD  in 
the  design  process  has  greatly  increased  but  that,  at  prment, 
a  fair  degree  of  empirical  data  has  to  be  fed  into  the  ctmipu- 
tatkmal  methods  and  therefore  access  to  a  large  enqiirkal 
data  base  remains  a  pre-requisite. 

Next  dime  were  three  pliers  which  illustrated,  in  particular, 
the  application  of  CFD  methods  to  the  design  of  a  specific 
hi^-lUt  system:  Oqibero,  Ateoqiatiale,  France  (28); 
Averado  and  Russo,  Almua,  Italy  (33),  and  Mathews,  Short 
Bros.,  United  Kingdom  (29). 

Capbem  described  die  development  of  flap  systems  for  the 
ATO  72  aircraft  and  exidained  how  numoical  methods 
(introduced  in  I98S)  have  served  to  complement  existing 
empirica]  and  experimental  mediods  which  were  used  exclu¬ 
sively  until  then.  He  outlined  the  compuudional  tools  and  the 
ovmall  mediodtdogy  uid  showed  how  this  has  led  to  a  more 
simple  design  for  die  ATR  72  fitq>  system  with  additiooal 
benefits  in  terms  of  improved  performance  and  lower  pro¬ 
duction  costs. 

Sindhurly,  Averado  presented  a  flow  dunt  of  the  design  pro¬ 
cedure  used  at  AMa  showii^  the  con^feroemary  redes  of 
theoretktd  prediction  and  whid  hanel  testing.  The  design 


methods  proved  successful  in  the  determination  of  near-opti¬ 
mum  selection  of  flap  profile,  slat  shape  and  pivot  position. 

Mathews  described  theoretical  methods  in  use  at  Short 
Brothers  to  define  flap  geometry  at  the  {noject  stage  of 
design  with  special  consideration  of  flap  overhang  and  gap. 
Also,  some  structural  aspects  of  flap  design  were  discussed 
and  a  simple  four-bar  flap  linkage  mechanism  was  shown. 

Eggteston  and  Poole,  de  Havilland  Inc.,  Canada  (32) 
de^bed  R  and  D  high  lift  work  at  de  Havilland  geared 
toward  the  development  of  future  propeller  driven  regional 
transport  aircraft  which  employs  more  advanced  airfoil  sec¬ 
tions  suited  to  ciuise  spee^  up  to  Mach  0.7.  2D  models 
were  tested  at  high  Reynolds  number  (6  to  10  x  10^)  in  the 
0.38m  X  1.5m  test  section  of  the  lAR/NRC  pressurized  wind 
tunnel.  Extensive  use  was  made  of  half-model  testing  at 
lower  Reynolds  number. 

The  paper  by  Flaig  and  Hilbig,  Deutsche  Airbus,  Germany 
(31)  was  reixesoitative  of  a  manufacturer  of  large  transport 
aircraft.  It  was  comprehensive  in  scope  dealing,  at  some 
length,  with  the  objectives  and  constraints  of  high-lift  design 
and  then  with  the  design  methods  in  terms  of  theoretical  pre¬ 
diction  and  wind  tunnel  strategy.  These  general  considera¬ 
tions  were  concluded  with  an  outline  of  the  high-lift  design 
process  as  made  up  of  three  phases,  namely,  pre-develop¬ 
ment.  develc^ment  and  pire-flight.  The  role  of  theoretical 
{Hedictic.  -  clearly  identified  in  the  pre-development 
phase.  Finally,  die  Deutsche  Airbus  design  process  was 
illustrated  in  terms  of  the  development  of  the  high-lift  sys¬ 
tem  for  the  Airbus  321.  In  particular,  it  was  shown  that  the 
significantly  increased  lift  requirements  for  this  stretched 
version  of  the  A320  could  be  satisfied  by  a  conversion  from 
a  single-slotted  Fowler  flap  to  a  part  span  double-slotted 
flap,  even  with  the  geometric  constraints  imposed  by  a 
“minimum  change”  philosophy. 

Finally,  dealing  with  the  category  of  high-lift  systems  for 
conqilete  aircraft,  a  paper  was  presented  by  Nark,  Boeing, 
United  States  (30)  relating  to  powered-lift  for  transport  cate- 
gwy  aircraft.  The  author  gave  a  well  illustrated  presentation 
describing  the  design,  develc^iment  and  flight  evaluation  of 
the  Boeing  YC-14,  this  being  the  “upper  surface  blowing” 
entry  in  the  USAF  “Advanced  Medium  STOL  Transport” 
development  programme.  In  particular,  it  was  evident  that 
method  and  procedures  for  development  of  a  powered-lift 
system  differ  widely  from  those  well  established  for  a  pas¬ 
sive  lift  system.  The  paper  was  of  special  interest  to  many  of 
the  European  delegates  who  were  not  aware  of  the  technical 
badtground  to  the  YC-14  and  YC-IS  programmes. 

4.  CONCLUSIONS 

Inviscid-viscous  coupled  CFD  prediction  methods  are  well 
established  and  play  an  important  role  m  tiie  design  of  hi^- 
lift  systems  for  transport  ainmdt  (39).  Under  active  develop¬ 
ment,  are  more  advanced  field  methods  which  have  the 
potential  to  deal  adequately  with  regions  of  separation  and 
wakes  but,  in  their  present  form,  do  not  accurately  predict 
some  of  the  hi^-lift  parameters  of  intnest.  These  methods 
have  not  yet  reached  a  level  of  maturity  to  allow  widespread 
iiKhatrial  use  and  therefore  further  develr^mient  to  this  rad 
is  lecommended  (19). 

High  quality,  high  Reynolds  number  experimental  data  con¬ 
tinue  in  shM  supply  -  as  needed  for  test  cases  (conqiaring 
CFD  prediction  with  experiment)  or  to  upgrade  the  existh^ 
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empkieai  data  base  for  roodenue  to  high  aspect  ratio  config- 
uratkms. 

Ttiere  remains  an  inadequate  undnstanding  the  flow 
physics  relatmg  to  hi^-l^  systems  and,  thnefore,  further 
Htecialized  wind  tumel  md  fl^t  programmes  are  needed  to 
exphxe  some  of  the  fundamental  issues  associated  with  tur- 
bulenoe,  boundary  layeis  and  wakes  which  are,  as  yet,  not 
fully  amenaUe  to  computatioiial  analysis  (19),  (40).  Thne 
was  clear  consrasus  that  improvement  is  needed  in  turbu¬ 
lence  modelling  and  diat  a  better  understanding  of  flow 
physics  would  lead  to  inqmvement  in  CFD  methods. 

A  gap  remains  between  the  Reynolds  nundter  achieved  in 
the  wind  tunnel  as  compared  to  flight  It  is  unlikely  that  new 
high  Reynolds  nuiid)a'  wind  tuimel  facilities  will  becmne 
available  in  the  near  future,  but  this  shortCsll  can  be  offtet  in 
part  by  more  intensive  use  of  CFD  prediction  methods. 
Such  a  capability  helps  in  the  formation  of  wind  turuiel  |hd- 
grammes  and  interpretation  of  wind  tuimel  and  flight  mea¬ 
surements:  in  this  latter  role,  CFD  becomes  a  kind  of  phan¬ 
tom  flow  visualization  in  {Moviding  basic  insight  to  dm  flow 
processes  at  work. 

Little  indkatkm  was  givoi  concerning  performance 
inqirovement  expected  as  a  result  of  advancement  in  hi^ 
lift  tecimology  (say,  in  terms  of  Ci.  max  of  L/D  for  second 
segment  clindi).  Siii^arly,  the  conference  did  not  bring  to 
Ught  any  new  or  unorthodox  ways  to  inqtrove  performance 
but  inferred  that  improvement  would  come  as  a  result  of 
careful  lefniemenL  Even  quite  modest  improvement  in  high- 
lift  can  lead  to  significant  gain  in  performance  of  traiz^iort 
type  aircr8ft(19). 

fai  short  the  design  and  development  of  a  modetn  high-lift 
system  requites  vigorous  use  the  wind  tunnel  as 
described,  for  example,  by  Obert  (27)  and  Flaig  (31).  CFD 
mediods  play  an  important  support  with  respect  to  design  - 
at  dw  (Re^velopmrat  stage  (31),  and  with  respect  to  inter¬ 
active  analysis  -  at  the  development  and  pre-flight  stages 
(36). 

The  conference  served  to  bring  together  mathematicians, 
aerodynamicists  and  test  engineers  to  he^  foster  a  better 
mutual  understanding  of  strengths  and  wealmesaes  in  each  of 
the  disciplines.  The  presoit  status  of  high-lift  technology  for 
transport  aircraft  was  cleariy  set  forth  and  areas  in  ne^  of 
further  attention  became  evident 
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WHERE  IS  HIGH-LIFT  TODAY?  -  A  Review  of  past  UK 
Research  Programmes 

D.  S.  WOODWARD  (DRA  Farnborough  UK) 

D.  E.  LEAN  (DRA  Farnborough  UK) 


SUMMARY 

Some  of  the  history  of  the  development  of  slotted  high-lift 
systems  is  reviewed  in  this  paper.  In  particular,  the  National 
High  Lift  Programme  run  in  the  UK  during  the  1970s  is  reviewed 
in  some  detail.  In  addition,  the  research  programme  in  high 
lift  since  the  completion  of  the  National  High  Lift  Programme 
is  described  qualitatively  and  references  given.  The  contents 
cover  techniques  of  high  lift  testing,  results  of  positional 
optimisation  of  slats  and  flaps,  the  derivation  of  a  simple 
prediction  method  suitable  for  use  with  a  project  optimisation 
method,  and  the  description,  with  results,  of  a  method  for 
interpreting  aerodynamic  and  weight  data  on  high  lift  systems 
in  the  context  of  a  complete  aircraft. 

1  INTRODUCTION 

Barnes^^  records  the  amusing  story  of  how  the  slotted  wing  came  to  be 
invented; 


"In  April  1911  Frederic)c  Handley-Page  read  to  the  Aeronautical 
Society  of  Great  Britain,  a  paper  entitled  'The  Pressures  on  Plane 
and  Curved  Surfaces  moving  through  the  Air',  ...  He  noted  that,  with 
a  wing  of  moderate  Aspect  Ratio  (6.25),  lift  increased  approximately 
linearly  up  to  10  deg  incidence,  but  then  levelled  off,  while  the 
lift  of  a  square  wing  (Aspect  Ratio  =  1.0)  continued  to  increase  with 
incidence  up  to  nearly  40  deg. . . .  Using  the  wind  tunnel  at  Kingsbury 
in  1917,  Handley-Page  and  his  aerodynamicist  R.O.  Boswall  tried  to 
combine  the  low-drag  advantage  of  high  aspect  ratio  with  the  delayed 
stall  of  low  aspect  ratio,  by  separating  a  normal  narrow  wing  into 
discrete  square  areas  by  means  of  chordwise  slots,  but  found  the 
result  disappointing  and  incapable  of  being  improved  by  varying  the 
proportions  of  the  slots  and  their  distribution  spanv^ise.  At  some 
point  in  these  entirely  empirical  experiments,  someone  -  whether 
Handley-Page  himself,  or  Boswall,  or  one  of  the  carpenters,  is  not 
clear  -  had  the  idea  of  cutting  a  spanwise  slot  parallel  to  the 
leading-edge,  sloping  upwards  and  rearwards,  at  about  the  1/4-chord 
line.  The  first  experiment,  using  a  RAF15  aerofoil  section,  gave  a 
spectacular  lift  increase  of  25%;  with  an  improved  shape  of  slot  in  a 
RAF6  section,  this  was  raised  to  over  50%,  with  only  a  slight 

increase  in  drag .  Numerous  experiments  continued  during  1918  and 

1919,  using  various  shapes  of  single  slot,  whose  chordwise  location 
was  found  to  be  critical  on  thin  aerofoils.... 

Handley-Page  realised  early  on  that  the  slotted  wing  was  an 
extremely  valuable  invention,  so  he  kept  the  principle  strictly 
secret  until  patent  applications  had  been  accepted  by  both  British 
and  United  States  Patent  Offices.  To  avoid  premature  disclosure,  he 
did  not  see)c  protection  for  the  original  fixed  slot  until  he  was 
ready  also  to  cover  a  moveable  slot,  which  could  be  opened  and  closed 
by  the  pilot . 

During  the  whole  period  of  early  development  of  the  Handley- 
Page  slotted  wing,  a  parallel  investigation  had  been  made,  quite 
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independently,  by  the  German  engineer-pilot,  G.V.  Lachmann.  He  had 
transferred  from  the  cavalry  to  the  flying  corps  in  1917,  and  had 
stalled  and  spun-in  during  an  early  training  flight,  breaking  his 
jaw.  In  hospital  he  had  time  to  ponder  on  the  cause  of  his  accident 
and  on  means  of  preventing  stall,  concluding  that  a  cascade  of  small 
aerofoils  within  a  normal  wing  profile  might  have  better  properties 
than  the  equivalent  single  aerofoil.  To  study  this  idea,  he  made  a 
simple  wing  model  and  rigged  up  an  electric  fan  to  entrain  cigarette 
smoke  over  it,  so  _s  to  obtain  a  crude  form  of  flow  visualisation. 
Satisfied  with  the  result,  he  drafted  a  patent  specification  as  early 
as  February  1918,  some  weeks  before  Handley-Page' s  first  application, 
but...  was  unable  to  convince  the  German  Patent  Office  that  the 
invention  would  work....  It  was  quite  by  chance  that  he  saw  an 
account  of  a  demonstration  by  Handley-Page  on  21  October  1920,  and 
immediately  challenged  his  priority  in  the  invention.  Still  the 
German  Patent  Office  refused  to  consider  his  claim. ...  unless  he  could 
prove  his  invention  experimentally.  He  then  approached  Professor 
Ludwig  Prandtl  at  Gottingen,  who  agreed  to  do  the  necessary  wind 
tunnel  tests  for  1000  marks  (£50) ;  Lachmann  had  nothing  like  this  sum 
to  spare,  but  his  mother  lent  it  to  him,  and  the  result...  convinced 
the  patent  examiners,  who  then  granted  the  application  backdated  to 
February  1918." 

With  an  origin  like  that,  it  is  perhaps  not  surprising  that  the 
aeronautical  community  should,  for  54  years,  have  a  totally  incorrect  view 
of  the  physical  principles  underlying  its  operation.  Until  the  publication 
of  A.M.O.  Smith's  classic  paper^  in  1972,  it  was  accepted  widely  that  the 
slot  performs  as  a  boundary  layer  control  device^'®  -  and  this  is  not  true. 

Smith  showed  clearly  that  the  device  works  because  it  manipulates  the 
inviscid  pressure  distribution  -  and  that  is  why  it  is  such  a  powerful 
effect.  The  data  of  Foster,  Ashill  and  Williams^  illustrated  in  Fig  1 
shows  the  flow  over  a  typical  high-lift  aerofoil  with  a  leading-edge  slat 
and  a  single-slotted  flap.  It  will  be  seen  that  the  trailing-edge  of  the 
slat  sits  in  the  high-velocity  region  of  the  flow  around  the  leading-edge 
of  the  main  wing;  because  of  this,  the  pressure  co-efficient  at  the 
trailing-edge  is  significantly  negative  and  thus  the  pressure  rise  on  the 
slat  is  reduced.  The  same  happens  at  the  trailing-edge  of  the  main  wing 
due  to  the  high  velocities  around  the  leading-edge  of  the  highly-deflected 
flap.  In  addition,  the  circulation  around  the  slat  induces  a  downwash  on 
the  main  wing;  this  downwash  clearly  reduces  with  distance  from  the  slat, 
so  that  it  modifies  the  local  velocities  most  strongly  near  the  leading- 
edge  of  the  wing,  reducing  its  peak  suction  markedly.  The  same  mechanism 
operates  near  the  leading-edge  of  the  flap.  As  a  result  of  this,  the 
pressure  rise  to  the  trailing-edge  of  the  overall  wing  is  split  up  into  a 
number  of  smaller  pressure  rises;  when  each  of  these  is  sufficient  to  just 
cause  separation  of  the  boundary  layer,  the  overall  pressure  rise  can 
clearly  be  very  large. 

Fig  1  also  shows  the  boundary  layers  flowing  through  the  slots. 
Clearly  if  the  two  elements  (eg  slat/wing  or  wing/flap)  are  too  close 
together,  the  boundary  layer  on  the  aft  element  will  merge  with  the  wake 
from  the  upstream  element  to  form  a  thick  boundary  layer,  and  separation, 
far  from  being  delayed,  will  be  provoked.  Thus,  in  contrast  to  earlier 
ideas,  the  flow  through  the  slots  acts  to  increase  the  adverse  viscous 
effects  rather  than  to  alleviate  them. 
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2  THS  UK  NATIONAL  HIGH -LIFT  PROGRAMME 
2 . 1  Introduction 

In  1968,  K.J.  Turner  completed  a  secondment  to  the  Defence  Staff  in 
the  British  E^mbassy  in  Washington;  during  his  three  years  in  the  US,  he  had 
become  increasingly  aware  of  the  advances  being  made  by  the  US  Industry  in 
the  exploitation  o£  high-lift  devices.  The  comparisons  between  the  "slat  + 
3-slot  flap"  of  the  B727-100,  and  the  "droop-nose  +  2-slot  flap"  of  the  HS 
Trident  1,  or  between  the  "plain  leading-edge  +  1-slot  flap"  of  the  BAG 
1-11/500  and  the  "slat  +  2-slot  flap"  of  the  DC9-30,  are  indicative  of  the 
contemporary  differences  which  worried  Turner.  At  the  same  time,  he  was 
aware  of  the  progress  being  made  in  the  US  in  the  understanding  of  the 
basic  physics  of  how  slotted  wings  worked.  On  his  return  to  the  UK,  he  put 
forward  the  concept  of  a  "National  High-Lift  Programme"  to  be  run  as  a 
collaborative  exercise  between  the  RAE  (now  DRA)  and  Industry.  Government 
would  provide  most  of  the  funding  through  RAE,  whose  role  would  be  to 
participate  strongly,  but  also  to  manage  the  programme  and  attempt  to 
distil  the  general  conclusions  from  the  mass  of  data. 

The  programme  had  two  major  objectives: 

(1)  to  provide  sufficient  data  to  enable  the  most  appropriate  high- 
lift  system  to  be  selected  for  any  given  project; 

(2^  haviriG  made  this  selection,  to  provide  adequate  procedures  and 
information  to  permit  the  detailed  design  of  systems  that  were 
efficient  in  aerodynamic,  mechanical,  structural,  and  weight  terms. 

These  objectives  lead  to  a  programme  that  had  a  number  of  distinctive 
features : 

(a)  a  research  programme  into  the  structural  and  mechanical  design 
of  high-lift  systems  would  be  run  in  parallel  with  the  aerodynamic 
programme  in  order  to: 

(i)  provide  a  "research"  environment  in  which  new,  innova¬ 
tive,  lighter,  and  more  reliable  mechanisms  could  be 
invented; 

(ii)  provide  data  on  the  weights  of  high-lift  systems  of 
varying  conqalexity. 

This  research  programme  would  cover  high-lift  system  installations  on 
a  typical  civil  transport  wing,  and  also  on  the  wing  of  a  typical 
"swing-wing"  combat  aircraft 

(b)  the  aerodynamic  programme  would  aim  to  produce  data  at  two 
levels : 

(i)  data  of  a  fundamental  nature  which  would  cast  light  on 
the  dominant  physical  processes  involved  and  might  lead 
to  improved  theoretical  prediction  methods; 

(ii)  data  of  direct  use  in  project  design. 

(c)  all  the  high-lift  devices  were  to  have  the  shapes  of  their 
"cut-lines"  eg  regions  "m"  and  "n"  in  Fig  1,  designed,  using  the 
A.M.O.  Smith  multi-aerofoil  program,  to  have  "sensible"  pressure 
distributions  without  large,  and  very  sharp,  suction  peaks;  the 
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locations  of  the  various  elements  to  be  achieved  in  the  structural 
and  mechanical  design  studies,  were  also  to  be  decided  on  the  basis 
of  "sensible"  pressure  distributions  calculated  from  the  A.M.O.  Smith 
program. 

2 . 2  The  Structural/Mechenlcel  Design  Progranioe 

The  complete  set  of  leading-  and  trailing-edge  devices  embodied  in 
the  programme  are  defined  in  Tables  1  and  2  (located  at  the  end  of  the 
text)  and  shown  schematically  in  Fig  2.  The  tables  indicate  which  of  these 
devices  were  considered  in  the  context  of: 

(a)  a  civil  transport  aircraft, 

(b)  a  military  combat  aircraft. 

Within  the  structural  design  studies  issues  of  reliability,  fail-safe 
design,  and  weight-  and  cost-saving  were  all  addressed  in  addition  to  the 
normal  stiffness  and  strength  considerations.  In  some  cases  stiffness  was 
particularly  important  in  order  to  ensure  that  the  designed  aerodynamic  lap 
and  gap  settings  were  maintained  within  tolerance  under  load. 

At  the  end  of  the  structural  design  programme,  each  of  the  designs 
was  re-visited  again  iu  the  light  of  the  experience  gained  in  the  rest  of 
the  programme,  and  the  designs  and  the  weights  were  revised.  This  lead  to 
a  weight  prediction  method®  that  formed  an  important  part  of  some  of  the 
final  assessment  wor)c. 

2.3  The  Aerodynamic  Research  Programme 

The  aerodynamic  research  programme  was  conducted  on  four  different 
wind  tunnel  models: 

(i)  a  Two-dimensional  model  -  shown  in  Fig  3;  it  had  suction  on 
the  side  walls  to  remove  the  side-wall  boundary  layer  and  ensure  very 
good  two-dimensional  flow;  it  had  2  rows  of  chordwise  pressure 
tappings  -  one  at  mid-span,  and  one  near  the  wall,  <o  that  the  two- 
dimensionality  of  the  flow  could  be  checked;  results  were  obtained  by 
integration  of  the  pressure  distribution®  for  lift  and  pitching 
moment,  and  by  wake  traverse  for  drag;  the  geometric  Aspect  Ratio  of 
the  undeployed  planform  was  3.2; 

(ii)  an  End^late  Model  -  shown  in  Fig  4;  the  model  was  hung  from 
an  overhead  mechanical  balance,  the  results  from  which  formed  the 
main  output,  but  there  was  also  a  chordwise  row  of  pressure  tappings 
at  mid-span,  and  it  was  intended  that  profile  drag  could  be  obtained 
by  wake  traverse;  the  geometric  Aspect  Ratio  of  the  undeployed 
planform  was  3.0; 

(iii)  a  variable  sweep  Swept  Panel  Model  -  shown  in  Fig  5;  this 
1 /2-model  was  mounted  on  struts  from  an  underfloor  mechanical  balance 
using  a  false  wall  as  a  reflection  plane,  one  strut  being  enclosed  in 
the  false  wall;  the  wing  could  be  set  at  a  number  of  sweeps  in  the 
range  15  deg  to  36  deg  and  had  one  row  of  pressure  tappings  which  was 
streamwise  at  31  deg  sweep;  the  wing  and  high-lift  devices  had  the 
same  profiles  normal -to- the-leading-edge  as  Models  (i)  and  (ii);  the 
geometric  Aspect  Ratio  of  the  undeployed  planform  at  31  deg  sweep  was 
5.0; 


(iv)  a  variable  sweep  1/2  model  with  a  tapered  planform  Model  477  - 
shown  in  Fig  6;  the  wing  could  be  set  at  1/4-chord  sweeps  of  20  deg, 
30  deg,  and  45  deg:  this  model  was  mounted  on  an  underfloor 
4-component  mechanical  balance,  which  was  in  turn  hung  from  the  floor 
turntable,  and  used  the  tunnel  floor  as  a  reflection  plane  without 
any  form  of  boundary  layer  control;  it  had  pressure  pipes  run 
spanwise  so  that  holes  could  be  drilled  in  them  at  a  number  of 
spanwise  locations  to  enable  the  spanwise  development  of  the  pressure 
distribution  to  be  explored;  the  wing  and  high-lift  devices  had  the 
same  streamwise  profiles  at  30  deg  sweep,  as  Model  (iii)  at  31  deg 
sweep;  the  geometric  Aspect  Ratio  of  the  undeployed  planform  at  30 
deg  sweep  was  7.0. 

All  four  models  featured  slat,  and  flap,  supports  that  permitted 
extensive  variation  of  the  fore-and-aft  and  height  positions  of  the  flap 
and  slat  elements.  Within  the  programme  these  movements  were  conven¬ 
tionally  known  as  "lap"  and  "gap"  even  though  that  is  not  a  precise 
description;  for  simplicity  this  nomenclature  will  be  retained  in  this 
paper.  Within  the  Programme,  it  was  soon  found  that  the  definition  of 
angles,  origins,  and  Cartesian  axes  describing  the  locations  of  the 
elements  of  the  high-lift  system  was  a  majo-'  problem,  bcc.iuse  initially 
each  member  had  his  own  way  of  doing  it.  The  systems  chosen  are  defined  in 
Figs  7,  8,  and  9. 

Boundary  layer  profiles  were  measured  on  all  four  models  at  some  time 
during  the  programme  using  traverse  mechanisms  mounted  external  to  the 
models;  these  caused  some  interference  with  the  flow,  but  in  no  case  was 
this  excessive. 

The  fourth  model  formed  the  contribution  from  RAE,  and  the  other 
three  models  formed  the  contribution  from  industry.  About  a  quarter  of  the 
way  through  the  Programme,  two  other  models  were  added  to  the  aerodynamic 
programme  -  a  "wall-to-wall"  two-dimensional  model  and  a  complete  model 
with  a  planform  typical  of  a  strike  fighter  -  and  these  were  aimed  at  the 
evaluation  and  development  of  high-lift  systems  based  on  Boundary-Layer- 
Control  (BLC)  by  blowing  with  low-pressure  air  derived  from  the  fan  stages 
of  a  turbofan  engine.  The  results  of  this  additional  part  do  not  form  part 
of  this  paper. 

3  RESULTS  EROM  THE  AERODYNAMIC  RESEARCH  PROGRAMME 

3 . 1  Technique  Development  -  Comparison  of  the  Results  from 
the  Different  Models 

3.1.1  Two-dimensional  vs  Endplate  Models 

It  was  known  from  previous  tests^®'^^  that  the  two-dimensional  tech- 
nicpje  used  gave  very  good  two-dimensional  conditions  -  but  the  test  tech¬ 
nique,  and  the  subsequent  data  reduction,  were  extremely  time-consuming  - 
and  therefore  expensive.  The  Endplate  model,  on  the  other  hand,  provided 
the  data  required  quickly,  easily  and  accurately  from  the  balance.  The 
question  nevertheless  remained  -  was  the  flow  on  the  Endplate  model  two- 
dimensional? 

On  both  models,  flow  visualisation  indicates  two-dimensional  flow, 
and  comparison  of  the  forces  obtained  from  the  integrated  pressure 
distributions  at  the  centre,  and  near  the  wall,  or  the  Endplate,  shows  less 
than  10%  reduction  in  lift  as  the  end  of  the  wing  is  approached.  However, 
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comparison  of  the  centre-line  pressure  distributions  in  Fig  10  shows  that 
these  are  radically  different.  It  is  clear,  despite  the  effects  of  the 
Endplates  in  maintaining  the  loading  across  the  span  of  the  wing,  that  the 
downwash  from  the  trailing  vorticity  increases  quite  strongly  across  the 
chord,  leading  to  higher  loadings  near  the  leading-edge,  and  lower  loadings 
towards  the  trailing-edge . 

At  first  sight,  it  seems  probable  that  this  flow  development  rules 
out  the  use  of  the  Endplate  model  for  serious  high-lift  research.  However, 
if  we  form  the  ratios  of  the  lift  at  optimum  locations  of  the  slat  and  flap 
to  those  achieved  at  off-optimum  locations'^^' -  as  shown  in  Table  3  - 
it  can  be  seen  that  the  Endplate  Model  seems  to  produce  the  same  optimum 
locations  as  the  two-dimensional  model.  This  is  an  important  result 
because  of  the  financial  and  time  implications  on  high-lift  research  -  and 
it  underpins  much  of  the  National  High-Lift  Programme. 


Table  3 

Comparison  of  the  Effect  of  flap  and  Slat  Movements  on 
the  Endplate  and  "Hall-to-Hall"  Models 


Xs 

% 

2s 

% 

Xf 

% 

2f 

% 

Ct,  2-D 

C[,  E/P 

-L  2-D 

Cl  e/p 

Cl  2-d  top  row 

Cl  £/p  top  tow 

SLAT 

Ll 

AT 

2  5 

DEGREES 

-1.5 

2.5 

4.15 

3.85 

1.000 

1.000 

-1.0 

2.0 

4.16 

3.84 

1.002 

0.997 

-0.5 

1.5 

4.02 

3.67 

0.969 

0.953 

0.0 

1.0 

3.52 

3.20 

0.848 

0.833 

FLAP 

T2 

AT 

20 

DEGREES 

0.0 

2.3 

4.13 

3.95 

1.000 

1.000 

2.0 

2.3 

4.09 

3.89 

0.990 

0.985 

4.0 

2.3 

3.97 

3.80 

0.961 

0.962 

0.0 

0.5 

4.05 

3.86 

0.981 

0.977 

0.0 

5.0 

4.11 

3.92 

0.995 

0.992 

FLAP 

T7 

AT 

4  5 

DEGREES 

-1.0 

2.0 

4.86 

4.62 

1.000 

1.000 

-0.5 

2.0 

4.01 

4.58 

0.990 

0.991 

+0.5 

2.0 

4.70 

4.48 

0.967 

0.970 

-1.0 

1.0 

4.81 

4.58 

0.990 

0.991 

The  strong  trailing  vorticity  behind  the  Endplate  model  has  another  - 
and  more  unfortunate  -  consequence.  The  vorticity  distorts  and  stretches 
the  wake  as  it  passes  downstream,  with  the  result  that  the  drag  calculated 
from  a  wake  traverse  varies  considerably  with  the  downstream  position  of 
the  traverse,  as  shown  in  Fig  11.  Because  of  this,  the  results  from  Wake 
Traverse  measurements  are  of  little  use,  and  their  collection  was  quickly 
discontinued  within  the  Programme. 

As  a  consequence,  information  on  the  profile  drag  characteristics  of 
high-lift  devices  had  to  be  derived  from  measurements  of  overall  drag 
obtained  from  the  balance  on  which  the  Endplate  Model  was  mounted.  By 
correlation  between  these  drag  values  and  true  profile  drag  measurements  on 


the  "Wall-to-Wall"  model  for  the  same  configuration,  values  of  the  vertex 
drag  on  the  Endplate  Model  could  be  derived.  Unfortunately,  the  values  of 
vortex  drag  so-derived  exhibited  some  dependence  on  device  and  deployment 
angle;  this  meant  that  drag  comparisons  between  similar  con f igurat i o r. s  (eg 
between  single-slotted  flaps  with  84%,  90%,  &  96%  shroud  position.  111 'Tl, 
LI /T2, L1/T3) )  could  be  made  with  some  confidence,  but  that  the 
establishment  of  the  profile  drag  increment  between,  say,  a  single-slotted 
flap  at  20  deg  and  a  triple-slotted  flap  at  45  deg, ( LI /T8 ( 45)  -  Ll/TisiO)!, 
involves  some  uncertainty. 

3.1.2  Two-dimensional  vs  Swept  Panel  Model 

The  Swept  Panel  Model  was  included  in  the  Programme  to  give 
information  on  the  effect  of  sweep  on  the  performance  of  high-lift  devices 
and,  more  importantly,  on  the  optimum  location  of  slats  and  flaps.  In 
order  to  interpret  the  data  it  was  important  to  know  the  relationship 
between  the  pressure  distribution  on  this  wing  and  the  two-dimensional 
wing;  clearly  with  such  a  simple  wing  the  two  pressure  distributions  eugnt 
to  coincide  when  both  are  referred  to  the  velocity  normal  to  the  leading- 
edge  (simple-sweep  theory) .  Fig  12  shows  the  same  type  of  discrepancy  as 
shown  by  the  Endplate  model  -  and  for  the  same  reason.  The  lew  .Aspect 
Ratio  -  chosen  to  maximise  the  Reynolds  number  in  a  small  tunnel  -  has 
resulted  in  a  significant  variation,  across  the  chord,  of  the  downwash  from 
the  trailing  vorticity.  Fig  13  supports  this  by  showing  that,  for  each  of 
slat/wing/f lap,  the  pressure  distributions  at  the  various  sweeps  collapse 
reasonably  well  when  referred  to  the  velocity  normal  to  the  leading-edge; 
it  is  reasonable  to  assume  that  the  residual  differences  are  due  to  the 
changing  Aspect  Ratio  with  sweep. 

3.1.3  Two-dimensional  vs  Model  477 

The  planform  of  Model  477  was  chosen  to: 

(a)  liave  a  high  enough  Aspect  Ratio  to  provide  some  part  of  the 

span  which  would  give  a  close  approximation  to  "Infinite  Swept-Wing" 

conditions ; 

(b)  resemble  closely  the  part  of  a  typical  transport  aircraft  wing 

outboard  of  the  crank. 

Once  again,  it  was  important  to  establish  how  well  these  aims  had  been  met. 
Referring  the  pressure  distribution  at  mid-semi-span  to  the  velocity  normal 
to  the  1/4-chord  sweep,  produced  a  fairly  poor  agreement  with  two- 
dimensional.  However,  when  the  local  pressure  was  referred  to  the  velocity 
normal  to  the  local  sweep,  very  good  agreement  was  obtained  -  as  shown  in 
Fig  14.  This  concept  is  further  supported  by  Fig  15  which  shows  the 
agreement  between  the  "local-sweep  normalised"  pressure  distributions  at 
sweeps  of  20  deg,  30  deg,  and  45  deg. 

3 . 2  Optiaiaation  of  Leading-edge  Slata 

Section  1  described,  in  qualitative  terms,  the  effects  on  the 
pressure  distributions  on  the  slat  and  wing  arising  from  their  mutual 
interaction.  Considering  one  of  the  rd"  NHLP  configurations 

[Ll (25) /T2 (20) ]  consisting  of: 


(a;  the  12.5%  chord  leading-edge  slat  (LI)  set  at  25  deg, 

(b)  the  33%  chord  trailing  edge  flap  with  the  tlap  shrcul  at  90 t 
chord  (T2)  set  at  20  deg, 

then  rigs  16a  and  16b  show  the  response  of: 

(a)  the  trailing-edge  pressure, 

(b)  the  peak  suction, 

on  the  slat  as  the  trailing-edge  is  moved  over  a  grid  ot  points  (Xs,Zs), 
such  that  -5%  <  Xs  <  0%  and  0%  <  Zs  <  4%  -  see  Fig  7.  The  caioula'ions 

have  been  done  at  a  constant  fixed  incidence  close  to  that  for  the  rtia.xiir.um 

lift  observed  experimentally. 

Fig  16a  demonstrates  the  strong  variation  oi  the  trailing-edge 

pressure  to  the  movement  of  the  slat  through  the  flow-field  around  the 
leading-edge  of  the  wing;  for  example,  with  the  slat  I*  chord  ahead  of  the 
wing  leading-edge  (Xs  =  -1%)  the  slat  trailing-edge  p;ressure  changes  from 
Cp  =-6  at  a  height  Zs  =  4%  above  the  leading-edge,  to  Cp  =  -1.3  at  a  height 
1%  below  the  leading-edge  (Zs  =  -1%).  In  contrast,  the  peak  suction  ri  the 
slat  (Fig  16b)  varies  relatively  slowly  with  change  of  height,  but  ch., i,ges 
rapidly  with  variation  of  the  lap  (Xs)  -  for  instance,  at  a  height  of 
Zs  =  l%,  moving  the  slat  forward  from  Xs  =  0%  to  .Xs  =  -5'^  reduce.s  the  peak 
suction  from  Cp  =  -29  to  Cp  =  -19. 

The  variation  of  the  slat  peak  suction  on  its  own  is  important 

because  the  levels  are  very  high,  and  hence  compressibility  effects  on 
maximum  lift  can  be  experienced  down  to  Mach  numbers  as  low  as  0.15  .  The 
difference  between  the  peak  suction  and  the  trailing-edge  pres.sure 
represents  the  pressure  rise  experienced  by  the  boundary  layer  over  the 
upper  surface  of  the  slat,  and  hence  determines  t.he  thickness  of  the  slat 
wake,  or  even  separation  of  the  flow  on  the  slat.  The  variation  of  this 
pressure  rise  determined  from  Figs  16a  and  16b  is  .shown  in  Fig  17,  and  Fig 
18  shows  the  corresponding  pressure  rise  over  the  wing.  Together  these 
show  that,  as  the  slat  is  moved: 

(i)  vertically  (ie  varying  Zs,  constant  Xs) : 

(a)  the  pressure  rise  over  the  wing  exhibits  a  minimum  value; 
clearly  this  is  the  best  position  for  the  slat  in  order  to 
delay  separation  of  the  bouncary  layer  on  the  wing, 

(b)  the  pressure  rise  over  the  slat  exhibits  a  maximum  value 
at  about  Zs  =  -1%,  and  decreases  as  Zs  increases  -  primarily 
due  to  the  negative  change  in  the  trailing-edge  pressure 

(ii)  horizontally  forwards  (ie  decreasing  Xs,  constant  Zs) : 

(a)  the  level  of  the  wing  pressure  rise  increases  markedly, 

(b)  the  level  of  the  slat  pressure  rise  decreases  markedly. 

From  these  results,  we  can  extract  contours  of  constant  slat  and  wing 
pressure  rise,  and  constant  slat  peak  suction,  and  plot  these  in  the  Xs,Z3 
plane.  Suppose  we  assume  that,  to  avoid  boundary  layer  separation, 

(a)  the  slat  pressure  rise  lACp^l  must  be  <22 

(b)  the  wing  pressure  rise  |ACp„l  must  be  <11 

(c)  the  slat  peak  suction  ICp^l  must  be  <26 


then,  with  these  assumptions,  it  can  be  seen  that  the  optimum  location  of 
the  slat  must  lie  within  the  boundaries  indicated  on  Fig  19a.  Similar 
boundaries,  for  a  slat  angle  of  20  deg,  are  drawn  in  Fig  19b.  The  experi¬ 
mentally  determined  maximum  lift  contours  are  shown  in  Fig  20'’’.  One  of 
these  contours  is  also  shown  on  both  parts  of  Fig  19,  and  it  can  be  seen 
that,  despite  the  simplicity  of  the  model,  it  correctly  indicates, 

(a)  the  size  and  direction  of  the  migration  of  the  optimum  point, 

as  the  slat  angle  is  changed, 

(b)  the  reduction  in  the  area  of  the  contour,  as  the  angle  is 

reduced  from  25  deg  to  20  deg,  suggesting  that  the  at  the 

optimum  location  is  less  at  20  deg  than  at  25  deg. 

This  confirms  that  the  primary  effect  of  the  slot  is  to  manipulate  the 
inviscid  pressure  distribut.on . 

However,  it  will  also  be  apparent  that  the  simple  model  used  above, 
does  not  give  a  very  good  representation  of  the  shape  of  the  experimental 
maximum  lift  contours  -  in  particular  it  gives  no  indication  of  the  closure 
of  the  contours  at  the  t'^p.  This,  of  course,  is  not  surprising  in  view  of 
the  simplistic  separation  criteria  used  which  clearly  ignore  the  shape  of 
the  pressure  distribution,  but  these  criteria  also  fail  to  take  in  to 
account  that  the  viscous  layers  on  the  wing  and  flap  cannot  be  considered 
in  isolation,  but  that  each  is  affected  by  the  overlying  wake  from  the 
upstream  element.  Figs  21  and  22  show  the  development  of  the  viscous 
layers  over  the  wing+slat  when  fitted  with  a  single-slotted  flap  (Fig  21) 
and  with  a  double-slotted  flap  (Fig  22)  .  In  both  cases,  it  can  be  seen 
that  the  slat  wake  merges  with  the  wing  boundary  layer  causing  significant 
increases  in  the  momentum  deficit. 

It  is  relatively  easy,  using  modern  CFD  methods  and  coupling 
techniques'^,  to  couple  a  boundary-layer  code  to  an  inviscid  code  for 
calculating  the  viscous  flow  around  multiple  aerofoils,  but  this  will  not 
yield  good  estimates  of  the  variation  of  maximum  lift  with  slat  (or  flap) 
position  unless  the  boundary-layer  method  is  capable  of  dealing  with  the 
merging  of  the  boundary  layer  and  wake. 

3  .  3  Optimisation  of  Trailing-edge  Flaps 

The  physical  processes  involved  in  the  determination  of  the  optimum 
location  of  trailing-edge  flaps  are  exactly  the  same  as  those  for  leading- 
edge  slats  -  but  they  appear  different  because  the  balance  between  the 
viscous  and  inviscid  effects  is  very  different.  For  trailing-edge  flaps, 
the  viscous  effects  are  much  larger,  and  the  inviscid  effects  are  much 
smaller  than  for  slats. 

If  we  replace  the  lifting  effect  of  each  element  by  a  single  vortex, 
then  these  will  be  situated  in  the  vicinity  of  the  1/4-chord  of  the 
respective  elements,  and  it  will  be  clear  that  the  vortices  of  the  slat  and 
wing  are  relatively  close  together  and  there  will  be  a  significant 
interaction  between  them  leading  to  a  considerable  variation  of  downwash 
from  the  slat  across  the  chord  of  the  wing;  on  the  other  hand  those  of  the 
wing  and  flap  are  relatively  far  apart,  and  the  downwash  from  the  wing  will 
vary  little  across  the  chord  of  the  flap.  Therefore  to  get  any  worthwhile 
reduction  in  pressure  rise  over  the  flap,  requires  the  leading-edge  of  the 
flap  to  be  very  close  to  the  trailing-edge  of  the  wing.  Clearly  the  limit 
to  their  proximity  comes  from  the  merging  of  the  flap  boundary  layer  with 
the  wing  wake. 
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Fig  23  shows  the  maximum  lift  contours  from  the  optimisation  of  the 
T2  flap  at  20  deg^^;  the  optimum  position  is  clearly  around  zero  lap  and 
the  lift  falls  away  as  the  flap  is  moved  forwards  or  rearwards  from  this 
position.  Fig  24  shows  that  the  optimum  location  depends  on  the  leading- 
edge  device  fitted,  because,  of  course,  the  slat  wake  adds  to  the  thickness 
of  the  wing  wake  over  the  flap.  At  higher  flap  angles,  eg  Fig  25  for  T2  at 
40  deg^®,  the  loss  in  lift  as  the  flap  is  moved  rearwards  is  more 
pronounced,  and  large  scale  separation  of  the  flap  flow  sets  in  for  quite 
small  rearward  movements.  However,  this  flow  also  exhibits  an  even  more 
interesting  phenomena;  it  appears  that  the  wing  wake,  flowing  over  the 
flap,  also  has  the  effect  of  reducing  the  peak  suction  of  the  flap  - 
presumably  through  its  displacement  effect.  Thus,  for  some  flap  positions 
(identified  on  Fig  25)  the  flow  over  the  flap  is  separated  at  low  incidence 
when  the  wing  wake  is  t’’ in,  but,  at  higher  incidence  as  the  wing  wake 
thickens,  the  flap  flow  suddenly  re-attaches  producing  a  characteristic 
non-linear  increase  in  lift  and  negative  pitching  moment,  and  a  reduction 
in  drag.  The  incidence  at  which  the  re-attachment  occurs  gets  higher  as 
the  flap  moves  away  from  the  wing,  until  ultimately  the  flow  fails  to  re¬ 
attach  at  all,  and  a  large  decrement  in  maximum  lift  results.  This  type  of 
behaviour  has  also  been  observed  during  the  optimisation  of  double-slotted 
flaps^^  and  triple-slotted  flaps’®. 

It  will  be  obvious  that  increases  in  Reynolds  number  will  thin  the 
wing  wake  and  exacerbate  this  behaviour;  indeed  this  has  been  found  to  be 
one  of  the  prime  sources  of  adverse  Scale  effect  on  higli-lift  systems^®' . 
Fig  25  shows  that  the  potential  losses  in  maximum  lift  are  very  large  and 
derranstrates  why  it  is  s  .  ...mportant  to  conduct  high-lift  development  at  the 
highest-possible  Reynolds  number. 

3 . 4  Comparison  of  Various  Leading-  and  Trailing-edge 
Devices 

Fig  26  shows  a  set  of  leading-edge  slats  and  Krugers,  whose  maximum 
lift  performance  as  the  deployment  angle  is  varied,  is  shown  in  Fig  27. 
This  demonstrates  that  the  maximum  lift  performance  is  not  very  sensitive 
to  the  angle  of  the  leading-edge  device  -  so  long  as  it  is  at  its  optimum 
setting  for  that  angle.  The  increments  in  maximum  lift  and  profile  drag 
arising  from  these  devices,  are  shown  in  Fig  28 

Figs  29  and  30  show  the  lift  curves  for  a  double-  and  a  triple- 
slotted  flap  each  set  at  three  angles.  It  is  noteworthy  that  the  maximum 
lift  for  both  flaps  varies  very  little  with  angle,  but  the  incidence  at 
which  a  given  proportion  of  the  maximum  is  achieved,  varies  quite 
considerably.  This  feature  can  be  of  great  value  on  military  aircraft 
where  pilot  vision,  undercarriage  length  and  position,  and  weapon  carriage, 
can  all  combine  to  impose  significant  restrictions  on  the  maximum  incidence 
usable  in  the  approach. 

3 . 5  Project  Level  Analysis  of  Results 

The  wealth  of  two-dimensional  and  swept  wing  data  available  from  this 
Programme  raised  the  possibility  of  a  major  enhancement  to  the  prediction 
of  maximum  lift  within  the  RAE  Multivariate  Optimisation  Programme^®.  A 
major  strength  of  the  dataset  was  that  it  was  possible  to  carry  out 
internal  consistency  checks,  since  maximum  lift  increments  could  be  derived 
in  several  different  ways;  for  instance  the  increment  in  maximum  lift  due 
to  fitting  a  leading-edge  slat  (LI)  could  be  derived  from 
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(a)  Ll/TO  -  LO/TO 
or  (b)  L1/T2  -  L0/T2 

similarly,  the  increment  due  to  the  deployment  of  a  trailing-edge  flap  (T2) 
could  be  derived  from 

(a)  L0/T2  -  LO/TO 

or  (b)  L1/T2  -  Ll/TO. 

It  was  soon  clear  that  the  increments  so  derived  differed  consider¬ 
ably  one  from  the  other,  and  this  was  because: 

(a)  a  straightforward  subtraction  fails  to  take  into  account 
properly  the  differing  area  extensions; 

(b)  there  is,  in  some  cases,  an  interaction  between  the  leading- 
and  trailing-edge  devices,  which  leads  to  considerable  uncertainty  in 
the  evaluation  of  the  increments. 

To  examine  the  first  of  these  factors,  let  us  consider  the  idealised 
situation  sketched  in  Fig  31,  where: 

(a)  the  Cl  is  based,  in  the  usual  way,  on  the  reference  area  of  the 
wing  He  with  the  high-lift  devices  undeployed);  the  deployment  of 
the  high-lift  devices  then  leads  to  an  increase  in  lift-curve  slope, 

(b)  it  is  assumed  that  deployment  of  the  flap  leads  to  a  constant 
change  in  zero  lift  angle, 

(c)  it  is  assumed  that  the  deployment  of  the  slat  leads  to  a 

constant  increment  in  stalling  angle  -  whether  the  flap  is  deployed 
or  not. 

From  the  relations  set  out  on  the  lower  part  of  Fig  31,  it  is  clear  that 
each  of  the  values  K^,  K2,  K3,  has  to  be  based  on  the  actual  area  involved, 

and  then  the  addition  of  all  the  increments  is  brought  back  to  the 

reference  area  at  the  end.  This  approach  is  confirmed  in  Fig  32a  where, 
after  the  change  in  zero-lift  angle  has  been  taken  out  by  subtracting  the 
value  of  Cl  at  5  deg  incidence,  the  lift  curves  for  the  various  combina¬ 
tions  of  high-lift  devices  collapse  very  well. 

To  look  at  the  second  factor,  it  can  be  seen  from  Fig  32a  that,  in 
common  with  most  other  sets  of  data,  there  is  a  significant  decrement  in 
stalling  angle  when  the  flap  is  deployed  alone  -  and  this  violates  the 
assumptions  of  Fig  31.  This  situation  is  examined  more  closely  in 
Fig  32b.  Here  the  two  curves  involving  the  slat  represent  the  optimum 
angle  in  each  case  -  and  these  demonstrate  very  similar  stalling  angles;  if 
the  curve  for  the  flap  deployed  alone  is  extrapolated  to  the  same  stalling 

angle  as  the  "wing  alone",  it  can  then  be  seen  that  there  is  complete 

consistency  in  the  maximum  lift  increments,  no  matter  which  way  they  are 
evaluated.  In  this  way,  it  can  be  seen  that  the  ACl  =  0.25  "slat/flap 
interaction"  correctly  belongs  in  the  flap  increment. 

To  produce  a  full  project-level  maximum  lift  prediction  method, 
clearly  requires  a  way  of  moving  from  the  prediction  of  increments  in  two- 
dimensional,  to  the  prediction  of  increments  on  a  swept  wing  of  finite 
Aspect  Ratio.  This  was  accomplished  by  assuming  that 

(a)  the  two-dimensional  increments  varied  as  cos" (sweep)  -  where 
'n'  was  allowed  to  have  different  values  for 
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(i)  leading-edge  devices 

(ii)  the  main  wing 

(iii)  trailing-edge  devices 


and  "sweep"  was  taken  as  the  1/4-chord  sweep  of  the  element  when 
deployed  le  taking  note  of  the  dependence  of  the  pressure  distri¬ 
bution  on  "local  sweep"  identified  in  section  3.1; 

(b)  the  ratio  between  the  "two-dimensional  value  modified  by  sweep" 
defined  above  and  the  "overall  max. lift"  was  purely  a  planform  effect 
ie  initial  stall  occurred  at  the  highest  local  Cl  point  across  the 
span 

The  values  of  'n'  which  resulted  from  this  analysis  showed  a  fair 
degree  of  scatter,  but  nevertheless  consistently^^' showed  the  type  of 
wide  variation  across  the  chord  indicated  by  the  values  given  below  in 
Table  4.  It  is  difficult  to  devise  an  acceptable  explanation  for  this 
behaviour,  but  the  pressure  distributions  genuinely  indicate  that  near 
maximum  lift  with  increasing  sweep,  that  the  proportion  of  the  total  load 
carried  by  the  slat  increases,  and  that  carried  by  the  flap  decreases. 

Tabl*  4 


Values  of  Sweep  Factoz 

High- 

'n'  for  Various  Parts  of  the 
lift  System 

DEVICE 

'n' 

(a)  Leading-edge  devices 

1.10  +/-  0.50 

(b)  Main  Wing 

2.10  with  flap  deployed 

1.20  with  flap  retracted 

<c)  Trailing-edge  devices 

3.60  for  flap  angles  up  to  20  deg 

Finally,  the  effect  of  part-span  flaps  was  derived  empirically  by 
analysis  of  the  changes  in  zero-lift  angle  and  maximum  lift  found  on 
Model  477  as  the  part-span  extent  was  varied. 

The  final  expression  for  maximum  lift  on  a  finite  swept  wing  was 
written 


Cijnax 


1 

Cl/Cl 


■¥ 


FLAP 


] 


where 

[A] 

Sn 

Sn=l 

^^“SLAT 

^®’‘*^FLAP 

Cl/Cl 
f  (t/c) 


(CLmax)„iNG  COs"“<l  f  (t/c)  +  A(CLmax)sLAT  COs"®^> 


+  A(CLn.ax)FLAP  COS^^^ 
total  area  of  wing  +  part-span  flap 
total  area  of  wing  +  (notional)  full-^>an  fla^ 
chord  extension  of  the  slat 
chord  extension  of  the  flap 
highest  value  of  local  Cl  across  the  span 
en5)irical  function  of  thickness: chord  ratio. 


The  results  from  this  expression  are  compared  with  the  achieved  maximum 
lift  values  on  Model  477  over  a  full  range  of  sweeps  and  various  leading- 
edge  devices  in  Fig  33. 

4  RESULTS  FROM  THE  STRUCTURAL/MECHANICAL  DESIGN  PROGRAMME 

The  structural/mechanical  designs  were  done  in  great  detail  and 
produced  a  wealth  of  detailed  weight  and  cost  data  for  each  device.  For  a 
Variable  Geometry  fighter,  the  weight  of  each  leading-edge  device^'*  is 
compared  with  that  of  the  12.5%  chord  leading-edge  slat  (LI)  in  Fig  34,  and 
corresponding  comparisons  are  made  for  trailing-edge  devices^^  based  on  the 
33%  chord  single-slotted  flap  (T2),  in  Fig  35.  Similar  comparisons^®”^^ 
for  a  civil  aircraft  are  given  in  Figs  36  and  37.  All  the  weights  of  the 
high-lift  devices  lie  between  ±20%  of  the  weight  of  the  datum  devices  - 
with  the  exception  of  the  Flexible  Kruger  which  is  almost  80%  heavier  than 
LI.  The  costs  vary  much  more,  and  complicated  triple-slotted  flaps  may 
cost  nearly  2.5  times  the  cost  of  a  simple  single-slotted  flap. 

Despite  this  wealth  of  data,  it  is  difficult  to  use  it  to  draw 
guidelines  for  the  selection  and  design  of  high-lift  systems  for  complete 
aircraft  because  the  weights  have  to  be  interpreted  in  relation  to  the 
aerodynamic  capability,  and  both  have  to  be  related  to  exchange  rates  for 
the  design  of  the  whole  aircraft.  The  next  section  describes  one  possible 
approach  to  this  problem  for  civil  aircraft,  and  reviews  the  results  from 
several  applications  of  the  method. 

5  ANALYSIS  OF  RESEARCH  RESULTS  IN  THE  CONTEXT  OF  A  COMPLETE 

AIRCRAFT 

5 . 1  Aerodynamic  Model 

For  a  civil  aircraft,  the  take-off  is  usually  the  most  demanding 
design  case  for  the  selection  of  the  high-lift  system  -  especially  for  a 
twin-engined  aircraft  -  because  the  high-lift  system  has  to  supply  not  only 
high-lift  (to  allow  a  short  take-off  run)  but  also  low  drag  so  as  to  allow 
the  aircraft  to  comply  with  the  statutory  minimum  climb  gradient  after 
take-off . 

Perry^°  has  shown  that  the  take-off  wing  loading  can  be  expressed  in 
a  form  which,  after  some  m -nipulation,  can  be  written  as: 


where  W  =  Aircraft  Take-off  weight 

T  =  Take-off  Thrust 

S  =  Aircraft  wing  area 

W/oSd  =  Parametric  Take-off  wing  loading 

T/CTSd  =  Parametric  Take-off  thrust  loading 
d  -  take-off  distance 

a  =  density  ratio 

Kd  “  Empirical  relation  incorporating  the  effects  of  variation  of 
thrust  during  the  take-off  run,  and  the  airborne  transition 
distance,  etc. 
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The  climb  gradient  (7)  after  take-off  may  be  written 

1 


(Y) 


(n  -  1)  T  _ 

n  W  iCjCa) 


>  (Y) 


req 


(2) 


where 


(Y) 

<Y)req 

n 

Ct/Cd 


=  Climb  Gradient 

=  minimum  atatutory  climb  gradient  after  take-off  =  f  (n) 
=  number  of  engines 

=  Aircraft  lift;drag  ratio  during  climb-out  at  Vp 


In  physical  terms,  the  lift-dependent  drag,  Cl/C^j  normally  decreases 
with  increasing  Cl  in  the  range  of  interest  for  take-off,  and  hence  for  any 
given  value  of  T/W  there  is  an  upper  limit  to  the  Cl  at  which  aircraft  can 
maintain  an  adequate  climb  gradient  after  take-off. 


However,  if  we  confine  ourselves  to  conditions  where  the  climb 
gradient  requirement  is  just  met,  then  (y)  becomes  a  constant  in 
equation  (2)  and  equations  (1)  and  (2)  may  be  treated  sin.^ltaneously  to 
yield  solutions 


w 

(Yrea 

+  Cb/Cl) 

£k 

OSd 
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-  1)  /n 

Kd  ' 
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( Yrea 

+  Cd/C,,>2 
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Kd 

These  two  equations  define  the  required  aerodynamic  conditions  for  a 
given  aircraft  such  that  the  limitations  set  by  the  available  take-off 
distance  and  by  the  minimum  climb  gradient  are  both  satisfied. 

Alternatively,  equation  (3)  may  be  re-written  in  terms  of  T/oSd 
from  equation  (4) ,  to  yield. 


w  ^  r_T_  c^i 
OSd  L  aSd  Kd  J 


(5) 


For  safety  reasons,  the  take-off  speed  is  required  to  be  at  least  20% 
greater  than  the  stall  speed  -  thus  the  take-off  C^  is  O.lCLnax-  Thus  from 
wind  tunnel  data  the  values  of 

(a)  0-YCLmax  ®  O-lC^niax 
can  be  inserted  into  equations  (3)  and  {4)Ior  (5)]  to  yield  values  of 

"W/oSd"  as  a  function  of  "T/OSd'  . 

If  the  wind  tunnel  data  is  converted  to  trimmed  conditions,  this,  in 
principle,  enables  the  aerodynamic  data  to  be  incorporated  with  the  weight 
data  from  the  Structural/Mechanical  Design  programme,  to  yield  conclusions 
on  the  relative  merits  of  different  high-lift  devices  in  a  complete 
aircraft  context. 
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Two  methods  have  been  used  to  convert  the  simple  lift  and  drag  values 
from  wind  tunnel  tests  to  trimmed  conditions.  The  first  of  these  simply 
calculates  a  lift  reduction  corresponding  to  the  down  load  on  the  tail  to 
trim  the  aircraft  with  the  CG  assumed  to  lie  at  the  1/4-chord  point  of  the 
Mean  Aerodynamic  chord.  Thus,  if  we  make  the  simple  assumption  that  the 
effective  tail  arm  is  3.5  mean  aerodynamic  chords  in  length,  then 


3.5 


(ii) 


■'Dt  rim 


Cn  @  0.7C. 


This  method  gives  trim  corrections  that  are,  in  general,  too  large;  this  is 
because  of  the  neglect  of  the  downwash  at  the  tail  arising  from  the 
trailing  vorticity  of  the  wing  and  flap  system.  However  this  method  was 
used  for  the  investigations  described  in  sections  5.2  and  5.3;  for  the 
exercise  reported  in  section  5.4  a  more  rigorous  method  was  used  which 
properly  took  into  account  the  downwash  at  the  tail. 

5 . 2  Aerodynamic  Optimiaation  of  Part-span  Flap  Extent 

Five  sets  of  aerodynamic  data  were  obtained  from  Model  477,  as  set 
out  in  Table  4  below.  To  examine  the  optimum  part-span  extent,  the 

analysis  method  above  was  used  to  compare  sets  1  and  2  (to  demonstrate  the 
effect  of  change  of  sweep)  and  sets  2  and  3  (to  demonstrate  the  effect  of 
changing  the  leading-edge  device) .  Because  the  Parametric  Wing  Loading 
(W/OSd)  varies  very  rapidly  with  the  Parametric  Thrust  Loading  (T/oSd) ,  the 
data  resulting  from  feeding  wind  tunnel  values  of  and 

into  equations  (3)  and  (4),  has  been  ratioed  with  corresponding  data 
calculated  for  a  hypothetical  aircraft  having  an  analytical  variation  of 
Cl/Cq  with  Cl: 

Hypothetical  aircraft  CLtrim/Cotrim  =  14  -  ■ 

The  resulting  "Wing  Loading  Ratio"  (W/cSd)  477/ (W/aSD)  is  designated  by 

the  variable  'X' • 


Table  5 

Seta  of  Part-apan  Data  from  Model  477 


Set 

Sweep  and 
aspect  ratio 

Leading- 

edge 

Flap  Gaps 

Shroud 

position 

li3 

20  deg/8.1 

PIAIN 

3  at  each  angle 

90% 

231 

30  deg/7.0 

PLAIN 

3  at  each  angle 

90% 

332 

30  deg/7.0 

SLATTED 

3  at  each  angle 

90% 

4 

30  deg/7.0 

PLAIN 

3  at  20,  14,  8  deg 

84% 

5 

30  deg/7,0 

PLAIN 

3  at  20,  14,  8  deg 

96% 

Flap  Spans  '=  56%,  75%,  100% 

Flap  angles  *=  20,  17,  14,  11,  8,  5  degrees 
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Carpet  plots  of  the  variation  of  and  for  data 
set  2  are  given  in  Figs  38  and  39.  When  these  values  are  inserted  into 
equations  (3)  and  (4),  the  typical  variation  of  'X'  with  variation  of  the 
Parametric  Thrust  loading  (T/OSd)  shown  in  Fig  40  is  obtained.  From 
Fig  40,  it  can  be  seen  that  the  highest  value  of  'x'  at  a  constant  value  of 
T/oSd  ,  will  occur  for  a  flap  span  that  is  less  than  100%.  By  a  process  of 
further  interpolation,  the  results  shown  in  Fig  41  are  obtained  which  show 
an  optimum  flap  span  of  about  80%,  but  performance  is  within  0.1%  for  all 
flap  spans  between  70%  and  90%. 

The  figures  for  data  sets  1  and  3,  corresponding  to  Fig  41,  are  shown 
in  Figs  42  and  43.  Comparing  these  three  figures,  it  can  be  seen  that: 

(i)  With  a  Plain  Leading-edge  at  20  deg  sweep,  and  Aspect  Ratio  8, 
the  optimum  flap  span  is  100%  for  all  thrust  levels  above  that 
necessary  to  achieve  "matched"  take-off  conditions  at  7-8  deg  flap. 
For  all  thrust  levels  below  this,  it  is  better  to  reduce  the  span  of 
the  flap  than  to  reduce  the  angle  of  the  flap  still  further.  Data 
from  the  Endplate  Model  at  low  flap  angles,  shows  that  the  profile 
drag  is  a  minimum  at  around  8  deg  of  flap  -  consequently  this  result 
might  be  expected. 

(ii)  Increasing  the  sweep  of  this  high-lift  configuration  to  30  deg 
(and  consequently  reducing  the  Aspect  Ratio  to  7)  produces  an  optimum 
span  of  flap  which  is  about  80%,  and  the  take-off  Cl  can  be  matched 
to  the  thrust  in  an  optimum  way  by  changing  flap  angle  between  20  deg 
and  5  deg.  It  seems  probable  that  this  change  in  behaviour  is  a 
result  of  the  differing  relative  rates  of  change  of  drag  as  either 
the  flap  span  or  flap  angle  is  reduced.  At  20  deg  sweep,  with  its 
higher  Aspect  Ratio,  the  increase  in  induced  drag  as  the  flap  span  is 
reduced  is  less  than  the  increase  in  profile  drag  as  the  flap  angle 
is  reduced  below  7-9  deg.  At  30  deg  sweep,  with  its  lower  Aspect 
Ratio,  the  opposite  happens  -  the  increase  in  induced  drag  as  the 
flap  span  is  reduced  is  now  greater  than  the  increase  in  the  profile 
drag  associated  with  reducing  flap  angle. 

(iii)  Putting  a  leading-edge  slat  on  to  the  wing  at  30  deg  sweep, 
increases  somewhat  the  variation  of  optimum  flap  angle  with  flap 
span,  and  reduces  the  span  by  about  6%.  This  behaviour  is  to  be 
expected  because,  in  the  slatted  case,  the  proportion  of  the  total 
span  loading  arising  from  incidence  (and  hence  spread  across  the 
whole  span  irrespective  of  the  flap  span)  is  much  greater.  It  is 
worth  pointing  out  that  the  maximum  lift  for  the  slatted  case  is  over 
ACl  =  1  higher  than  for  the  plain  leading-edge. 

S  .  3  Aerodynamic/Structur&l  Investigation  of  Leading-edge 
Devices 

The  above  method  was  used  on  wind  tunnel  data  from  Model  477  to 
compare  the  performance  of  several  leading-edge  devices^^,  using  weight 
data  obtained  from  the  relevant  structural  design  studies.  The  most 
interesting  of  the  results  obtained  is  the  comparison  between 

(a)  the  12.5%  chord  leading-edge  slat  LI  and 

(b)  the  17%  chord  flexible  Kruger  L7 

The  Kruger  had  a  slightly  higher  maximum  lift  and  lower  drag,  giving  an 
advantage  of  abv..ut  1.5%  in  take-off  wing  loading;  however  the  greater 


M 


weight  of  the  Kruger  reduces  this  to  about  0.75%  in  terms  of  greater 
fuel/payload.  Further  optimisation  of  the  slat  setting  across  the  span, 
succeeded  in  reducing  the  drag  to  the  point  where  there  was  no  difference 
in  the  payload  performance  of  the  two  devices^'* . 

5.4  Aerodynamic/ Structural  Investigation  o£  Optimum 
Shroud  Length 

From  the  previous  parts  of  the  National  High-Lift  Programme  (and  from 
standard  aerodynamic  theory)  it  was  )cnown  that  moving  the  position  of  the 
flap  shroud  rearwards 

(i)  increased  the  maximum  lift  and  the  sectional  value  of  C./C.; 

(ii)  increased  the  weight  of  the  high-lift  system,  mainly  because  of 
the  increase  in  length  of  the  cantilever  trac)cs  that  carry  the  flap 
at  full  extension; 

(iii)  increased  the  tail  load  to  trim  because  of  the  further  aft 
centre  of  lift; 

(iv)  increased  the  induced  drag  of  part-span  configurations  because 
of  the  larger  discontinuity  in  chord  distribution. 

With  one  advantage  and  three  disadvantages,  it  was  unclear  where  the 
optimum  shroud  length  would  lie;  in  addition  the  evidence  from  different 
aircraft  manufacturers  was  conflicting. 

The  aerodynamic  data  for  this  exercise  came  from  sets  2,  4,  and  5  - 
but,  in  this  case,  in  addition  to  the  analysis  performed  above,  it  was 
necessary  to: 

(a)  deduce  a  landing  flap  design  to  go  with  each  combination  of 
flap  angle  and  shroud  length  -  so  that  the  weight  of  the  trailing- 
edge  high-lift  system  could  be  estimated. 

(b)  conduct  a  tail-sizing  exercise  -  so  that  a  proper  estimate  could 
be  made  of  the  trim  drag  taking  into  account  the  downwash  at  the  tail 
from  the  wing  trailing  vorticity 

To  do  the  first  of  these,  landing  and  ta)ce-off  speeds  and  weights  for 
a  large  range  of  transport  aircraft  were  reviewed  and  revealed  that  the 
ratio 


Ci,  (on  approach) 
Cl  (at  ta)ce-off) 


It  was  further  assumed  that 

Cl  (at  ta)ce-off)  = 
Cl  (on  approach)  =• 


so  that 


Cl  (for  landing) 
Cl  (for  ta)ce-off) 


O-’^^Lmax  ta)ce-off) 

O.SCLmax  (fo'^  landing) 

1.31  . 


(6) 


From  Endplate  Model  data,  the  following  values  of  the  ratio  of  maximum 
lifts  with  different  flaps  were  obtained. 
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Table  6 

Valuea  ot  the  Ratio  of  Maximum  Lift  with  Various  Landing 
Flaps  to  that  of  a  Flap  at  Take-off  Setting 


FLAP  TYPE 

SINGLE 

SLOTTED 

DOUBLE 

SLOTTED 

TRIPLE 

SLOTTED 

Ci.max  at  landing  flap  (40  deg) 
CLmax  at  landing  flap 

1.19 

1 . 30 

1  .  46 

Thus  from  the  results  at  20  deg  flap  in  each  of  set;  4,  and  5,  the 
max  lift  for  each  type  of  landing  flap  could  be  estimated,  and  compared 
with  the  demanded  max  lift  from  equation  i6)  in  order  to  select  the 
landing  flap  required.  With  the  landing  flap  decided,  the  resulting 
Pitching  Moment  could  be  derived  from  Endplate  Model  data. 

To  work  out  the  size  of  the  tail,  it  was  assumed  that  it  was 
necessary  to  provide  a  usable  CG  range  of  35%  Standard  Mean  Chord,  and  the 
tail  volume  coefficient  was  plotted  against  CG  position  for  the  two 
conditions 

(a)  to  trim  the  landing  flap 

(b)  to  provide  an  adequate  stick-fixed  static  margin  for  the  cruise 
configuration 

leading  to  a  typical  graph  shown  in  Fig  44.  The  resulting  tail  size, 
expressed  as  a  ratio  with  the  wing  area,  for  a  tail  arm  of  3.5  chords,  is 
shown  in  Fig  45.  Having  decided  the  tail  size,  the  Trim  Drag  can  be 
evaluated,  and  this  is  shown  in  Fig  46;  it  will  be  noted  that,  as  explained 
above,  these  trim  drag  increments  are  negative  due  to  the  downwash  at  the 
tail.  The  aerodynamic  take-off  performance  can  now  be  calculated,  as 
before,  by  inserting 

(i)  Cl  =  0.7Cl„3,  +  ^  , 

(ii)  Cq  =  Cq  0  O.TCjjnax  ' 

into  equations  (3)  and  (4),  and  evaluating  (W/aSd)  and  (T/aSd) . 

The  weight  of  the  high-lift  system  can  then  be  estimated  using  the 
method  due  to  Brookes®.  Unfortunately  for  the  generality  of  this  research 
exercise,  Brookes'  method  produces  weights/unit  area  that  depend  on 
aircraft  size.  For  relevance  at  the  time  the  work  was  done,  an  aircraft 
approximating  to  a  BAC  1-11,  with  a  range  of  3500  km,  and  a  Maximum  Take¬ 
off  Weight  (TOW)  of  45350  kg,  was  chosen  to  continue  the  exercise.  A 
typical  weight  breakdown  of  the  high-lift  system  for  90%  shroud  position 
and  75%  span  flaps,  is  shown  in  Fig  47. 


To  complete  the  exercise,  the  Maximum  Take-off  Weight  (TOW)  of  the 
aircraft  was  written: 

TOW  =  Wgtructure  +  '^payload  **high-lift  systerr  • 

Kuchemann--  shows  that  for  this  range 


W 


structure 


w 

engines 


+  W 


u/c+services 


u  +  w 

”wing+controls  fuselage 


0.52 6. TOW 


and  therefore 


'’^fuel  '^payload  0.475TOW  -  Wjj ^ jj.  systerrs  ■ 

The  resulting  values  of  "fuel  +  payload"  as  the  ta)te-off  flap  angle 
and  shroud  length  are  varied,  are  given  for  75%  and  100%  span  flaps  in 
Figs  48  and  49.  For  each  shroud  length,  the  "Fuel  +  Payload"  weight  rises 
as  the  thrust  is  increased  and  the  take-off  flap  angle  is  increased  to 
maintain  matched  take-off  conditions;  the  variation  is  smooth  until  the 
single-slotted  flap  is  no  longer  capable  of  supplying  an  adequate  landing. 
^Lmax  ■  this  point  the  landing  flap  has  to  become  double-slotted. 

Because  this  is  heavier,  the  "Fuel  +  Payload"  drops  discontinuously  -  and 
the  same  happens  at  higher  thrusts  and  take-off  flap  angles  where  the  land¬ 
ing  flap  becomes  triple-slotted.  The  interesting  part  is  that  the  graphs 
show  a  clear  advantage  to  increasing  the  shroud  length  in  compc risen  to 
retaining  the  same  shroud  length  and  increasing  the  complexity  of  the  flap. 
However,  the  differences  are  quite  small  (of  the  order  of  3%  of  "Fuel  + 
Payload")  and  this  presumably  explains  why  different  manufacturers  have 
selected  different  designs  of  flap  and  all  have  been  convinced  that  they 
have  selected  the  optimum  design  -  because  other  factors  (such  as  cruise 
drag)  could  have  effects  which  ate  larger  than  the  differences  shown  here. 

6  HIGH  LIFT  WORK  IN  THE  UK  SINCE  NATIONAL  HIGH  LIFT  PROGRAMME 

Since  the  end  of  the  National  High  Lift  Programme,  high  lift  research 
within  RAE  (now  DRA)  has  centred  around  the  exploration  of  Scale  and  Mach 
number  effects  on  maximum  lift  using  the  capability  of  the  DRA  5  metre  wind 
tunnel.  This  has  resulted  in  a  number  of  papers  describing  the  nature,  and 
occurrence,  of  various  identified  types  of  Scale  Ef fect^^' ^ . 

7  CONCLUSIONS 

A  major  research  programme  mounted  in  the  UK  in  the  1970s,  and  known 
as  the  National  High-Lift  Programme  has  been  described.  In  particular, 

(a)  the  philosophy 

(b)  the  experimental  techniques 

(c)  the  results  obtained 

(d)  the  implications  for  aircraft  design, 

have  all  been  addressed.  The  programme  was  mounted  in  response  to  a 
perceived  shortfall  in  capability  in  comparison  with  other  countries  -  the 
USA  in  particular  -  and  has  played  a  major  part  in  restoring  the  balance. 
It  was  one  of  four  major  research  programmes  mounted  by  the  RAE  in 
collaboration  with  BAe  which  contributed  to  the  design  of  the  A320 
aircraft,  and  for  which  RAE  and  BAe  were  jointly  awarded  a  Queen's  Award 
for  Technology  in  1988. 
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Table  1 

Designationa  for  Trailing-edge  Devices 


TO 

Plain  trailing-edge 

Ti*i 

33%  chord  single-slotted  flap,  84%c  shroud  TE 

T2*’ 

33%  chord  single-slotted  flap,  90%c  shroud  TE 

T2S*' 

As  12,  but  slot  sealed  and  flap  faired  into  wing 

T3 

33%  chord  single-slotted  flap,  96%c  shroud  TE 

T4 

33%  chord  double-slotted  flap,  84%c  shroud  TE 

T5*f 

33%  chord  double-slotted  flap,  90%c  -hroud  TE 

T6' 

33%  chord  double-slotted  flap,  96%c  shroud  TE 

T7*t 

33%  chord  double-slotted  flap,  90%c  shroud  TE,  8.5%c  extending  vane 

T8*^ 

33%  chord  triple-slotted  flap,  90%c  shroud  TE,  8.5%c  extending 

vane,  11.5%c  extending  tab 

T8T 

As  T8,  but  vane  retracted  into  fairing 

r9' 

33%  chord  double-slotted  flap,  90%c  shroud  TE,  11.5%c  extending  tab 

TIO’ 

As  T5,  but  deployed  on  an  external  hinge 

Til* 

As  T7,  but  deployed  on  an  external  hinge 

Denotes  devices  on  which  structural  and  mechanical  studies  have  been  made 
in  the  context  of  civil  transport  applications.  These  configurations 
differed  in  some  respects  from  their  representations  tested 
aerodynamically . 

^  Denotes  devices  on  which  structural  and  mechanical  studies  have  been  made 
in  the  context  of  military  applications. 


Table  2 

Designations  for  Leading-edge  Devices 


LO*^ 

Plain  leading-edge 

LI*' 

12.5%  chord  slat 

L2*' 

18%  chord  slat 

L3' 

Plain  droop,  from  15%c  station 

L4*' 

Extending  droop,  from  12.5%c  station,  circular  arc  extension 

L5* 

Extending  droop,  from  18%c  station,  circular  arc  extension 

L6*' 

18%  chord  RAEVAM,  flexible  upper  skin  5%c  to  18%c 

L7 

Kruger  devices,  having  an  upper-surface  profile  giving  an  optimum 
pressure  distribution  when  functioning  as  a  flap  with  sealed  flap/ 
wing  gap 

Flexible  flaps: 

L7A  Operating  in  slat  mode,  optimised  configuration 

L7B*  Operating  in  flap  mode,  optimised  configuration 

L7C  Unsealed  gap,  non-optimum  configuration,  similar  to 

Boeing  747 

* 

CD 

Flexible  Kruger  slat,  optimised  for  angle,  lap  and  gap. 

Upper-surface  profile  designed  to  give  optimum  pressure 
distribution  when  functioning  as  a  slat  with  optimised  slot 

Denotes  devices  on  which  structural  and  mechanical  studies  have  been  made 
in  the  context  of  civil  transport  applications.  These  configurations 
differed  in  some  respects  from  their  representations  tested 
aerodynamically . 

’  Denotes  devices  on  which  structural  and  mechanical  studies  have  been  made 
in  the  context  of  military  applications. 
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Fig  2  Basic  NHLP  high-lift  devices  (schematic) 
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Fig3&4  BAe  (Weybridge)  2-D  and 
E/P  (“quasi  2-D”)  models 


Section  B-B 


Fig  4  Endplate  model  planform 
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Fig  6a  Tapered  swept-wing  model  (RAE  M477) 


Fig  6b  Model  477  in  the  DRA  Bedford  I3ft  x  9ft  ] 
wind  tunnel 
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Fig  7  Positional  coordinate  systems  -  basic  devices 


Fig  13c  Comparison  of  swept  panel  model  results  at  various  sweeps  for  slat  LI 
at  25°  and  flap  T2  at  20° 
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Fig  15a  Comparison  of  normalised  sheared  wing  pressure  distributions  based 
on  local  sweep  angles 


— o  —  SO'’  sweep 
— « —  20°  sweep  (Cp 

Wing  normal  force  Cn^=  2.86  .2  q 


0.02  004  006  0X)8(xA:)n  0.1  0.2  0.3  04  05  0.6  0.7  0B(x/c)n  068  0.76  0.84  0.92(x/c)n 

Fig  15b  Comparison  of  normalised  sheared  wing  pressure  distributions  based 
on  iocai  sweep  angies 
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Fig  19a  Prediction  of  optimum  slat  location 
Slat  angle  =  25° 


Fig  19b  Prediction  of  optimum  slat  location 
Slat  angle  =  20° 


Fig  21  Boundary  layer  shapes  on  single  slotted  flap  (T2)  at  various  chordwise 
positions  on  a  2-D  model 
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Fig  22b  Boundary  layer  shapes  on 
double  slotted  flap  (TT)  at 
various  chordwise  positions 
on  a  2-D  model 
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Fig  24  Effect  of  leading^dge  device  on  the  flap  siot  setting 
required  for  optimum  C  l„..  performance 
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Fig  25a  NHLP  90  in  x  30  in  EyP  model  with 
single  slotted  flap  (T2)  Flap  angle 
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Fig  2Sb  NHLP  90  in  x  30  in  E/P  model 
with  single  slotted  flap  (T2) 

Flap  angle  dF  =  40°  Variation  of 
flap  flow  separation  with  incidence 


Fig  26  Configurations  of  LE  slats  LI,  L2,  L8  and  K13, 
tested  on  the  end  plate  model 
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Fig  27  Summary  of  measured  C|_  performance  of  6  LE  slats/Krugers  on  the 
90  in  X  30  in  end-plate  model 
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Fig  30  Lift-incidence  curves  for  a  triple  Fig  31  Method  of  determination  of  C|.  increments 
slotted  flap  at  3  angles 
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Fig  32  a  Demonstration  that  lift  curve  slope  Is  closely  proportional  to 
deployed  chord 


Fig  34a  Weights  of  a  range  of  leading-edge  Fig  34b  Costs  of  a  range  of  leading-edge 

devices  on  a  variable-geometry  fighter  devices  on  a  variable-geometry  fighter 


Fig  35a  Weights  of  a  range  of  tralling-edge 

devices  on  a  variable-geometry  fighter 


Fig  35b  Costs  of  a  range  of  trailing-edge  devices 
on  a  variable-geometry  fighter 
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Fig  36a  Weights  of  a  range  of  leading^ge  Fig  36b  Costs  of  a  range  of  leading-edge 
devices  on  a  civil  transport  aircraft  devices  on  a  civil  transport  aircraft 


Fig  37a  Weights  of  a  range  of  traillng-edge 
devices  on  a  civil  transport  aircraft 


Fig  37b  Costs  of  a  range  of  trailing-edge 

devices  on  a  civil  transport  aircraft 
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Fig  38  Variation  of  trimmed  lift  coefficient,  at  0.7  C  max,  with  flap  gap, 
deflection  and  span;  plain  leading  edge;  sweep  =  30° 


Fig  39  Variation  of  trimmed  lift-to-drag  ratio,  at  0.7  C  max,  with  flap  gap, 
deflection  and  span;  plain  leading-edge;  sweep  =  30° 


Fig  40  Derivation  of  optimum  take-off  performance  at  optimum  flap  gap; 
plain  leading-edge;  sweep  s  30° 
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Variation  of  optimum  flap  deflection  for 
take-off  with  flap  span;  plain  leading  edge 
sweep  s  30° 
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Fig  43  Variation  of  optimum  flap  deflection  for 
take-off  with  flap  span;  sweep  =  30° 
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Fig  44  Graphical  determination  of  tail  volume  coefficient 
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1  Summary 

This  paper  presents  the  results  of  experimental  in¬ 
vestigations  performed  around  a  multielement  air¬ 
foil  and  gives  detailed  information  about  the  flow 
in  and  around  the  flap-well  and  slat  cavity  regions. 
Measurements  are  made  using  pitot  probes,  hot¬ 
wire  anemometer  and  laser  Doppler  velocimeter  at  a 
Reynolds  number  of  0.5  and  0.8x10*.  The  results 
obtained  show  the  complex  nature  of  the  shear  flows 
investigated  and  put  into  evidence  the  necessity  of  ac¬ 
curate  modelling  of  these  flows  by  numerical  method® 


2  Introduction 

The  present  set  of  experiments  is  an  extension  of  the 
experiments  carried  out  by  Nakayama  et  al.  [1],  (2) 
at  the  Langley  Research  Center  low  turbulence  pres¬ 
surized  wind  tunnel  (LTPT).  The  model  used  in  the 
present  experiments  is  a  scaled  down  version  of  the 
model  used  in  the  LTPT  tests.  Although  the  mea¬ 
surements  of  Nakayama  were  performed  at  realistic 
Reynolds  and  Mach  numbers  and  were  complete  in 
terms  of  the  overall  external  flowfield  description,  they 
lacked  detailed  information  about  the  flowfield  inside 
the  flap  and  slat  cavity  regions.  Hence,  a  senes  of 
experimental  investigations  were  undertaken  at  Cali¬ 
fornia  State  University,  Long  Beach  to  complete  the 
definition  of  the  total  flowfield  around  this  multiele¬ 
ment  airfoil  [3],  [4], 

The  measurements  inside  the  flap  and  slat  cavity  re¬ 
gions  are  of  crucial  importance  for  the  computational 
aierodynamicist  since  the  calculation  of  the  separated 
flow  in  these  regions  are  still  not  accurate  enough  and 
needs  to  be  validated  against  reliable  experimental 
data.  While  powerfull  computational  tools  are  avail- 
Tble  to  calculate  flows  around  single  element  airfoils 
with  separation  and  al  high  angles  of  attack  [5],  ac¬ 
curate  and  reliable  methods  that  compute  the  flow 
around  high-lift  systems  of  multielement  airfoils  do 


not  exist  and  are  still  in  development.  The  complex 
nature  of  the  multielement  geometry  and  the  flow  field 
makes  the  problem  more  difficult  if  the  real  physics  of 
the  shear  flow  is  to  be  modelled.  The  effort  under¬ 
taken  by  Cebeci  et  al.  [6],  tries  to  compute  the  flow- 
field  around  multielement  airfoils  and  uses  the  present 
data  and  those  of  Nakayama  [2],  for  code  validation 

Among  the  available  data  on  multielement  airfoils  few 
were  involved  with  the  flap  well  and  slat  cavity  flows. 
In  particular,  references  [7]  and  [8]  were  concerneu 
with  wing-flap  configurations.  The  work  of  Adair 
and  Horne  [9],  deals  with  a  wing-flap  configuration 
and  contains  turbulence  measurements  in  addition  to 
mean  flow  quantities.  The  work  reported  in  reference.s 
[10]  and  [11]  involves  three  element  airfoil  with  a  lead¬ 
ing  edge  slat,  but  is  limited  only  to  pressure  and  mean 
velocity  measurements  inside  the  boundary  layers. 

The  recent  work  of  Savory  et  al.  [12],  is  of  particu¬ 
lar  importance  since  it  deals  with  slat  and  flap  cavity 
measurements  and  in  particular  gives  emphasis  to  tur¬ 
bulence  as  well  as  to  mean  quantity  measurements.  In 
these  respects  it  is  very  much  similar  to  the  present 
experiments. 


3  Experimental  Set-Up 

3.1  Wind  Tunnel 

The  experiments  are  conducted  at  the  low  speed  wind 
tunnel  of  the  Aerospace  Engineering  Department  of 
California  State  University  at  Long  Beach.  The  tun¬ 
nel  has  a  test  section  of  22  in.  x  28  in.  and  a  stream- 
wise  length  of  44  in.  with  a  free  stream  turbulence 
level  of  less  than  0.5%.  The  tunnel  has  no  facilities 
for  side  wall  boundary  layer  control  nor  any  provisions 
for  high-lift  tests.  However  it  can  be  considered  to  be 
sufficient  for  measurements  at  relatively  low  angles  of 
attack  where  flow  separation  is  small  and  is  limited  to 
the  flap-well  and  slat  cavity  regions. 
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3.2  Model 

The  multielement  airfoil  model  used  in  the  present 
work  is  the  two  dimensional  LB-572  high  lift  model 
as  shown  in  figure  1.  It  is  a  three  element  airfoil  with 
a  leading  edge  slat  and  a  single-segmented  flap.  The 
size  of  the  model  is  such  that  the  chord  of  the  config¬ 
uration  with  the  elements  stowed  is  12  in 

The  slat  and  the  flap  are  attached  to  the  main  wing 
by  means  of  a  set  of  brackets  at  two  spanwise  loca¬ 
tions.  The  brackets  are  designed  in  such  a  way  as  to 
allow  optical  access  to  the  flap-well  and  slat  cavity 
regions  by  laser  velocimeter.  The  brackets  are  placed 
sufficiently  away  from  the  centerline  so  that  the  two- 
dimensionality  of  the  flow  is  not  altered  at  the  mea¬ 
surement  location.  These  brackets  can  be  moved  both 
along  the  chord  in  order  to  adjust  the  overhang,  OH . 
and  normal  to  the  chord  to  adjust  the  gap,  G 

The  model  is  equipped  with  a  total  of  125  sur¬ 
face  pressure  tabs  on  all  three  elements.  For  two- 
dimensionality  checks,  there  are  two  spanwise  arrays 
of  pressure  tabs,  one  along  the  spoiler  trailing  edge 
(mam  element)  and  the  other  along  the  trailing  edge 
of  the  flap.  Seven  pressure  orifices  are  placed  along 
the  flap  well  ceiling  surface  and  three  orifices  on  the 
rearward  facing  step. 

'I'odel  is  installed  inside  the  tunnel  horizontally 
between  circular  end  plates  on  the  side  walls.  These 
end  plates  can  be  rotated  to  change  the  angle  of  at¬ 
tack.  An  optical  quality  glass  is  inserted  in  part  of  the 
end  plate  so  that  the  optical  paths  of  the  laser  beams 
and  the  scattered  light  are  left  clean 

3.3  Instrumentation 

3.3.1  Pressure  Measurements 

••Ml  pressure  data  including  the  tunnel  static  and  to¬ 
tal  pre.s.sures  are  measured  by  electronic  manometers 
connected  to  two  Scanivalve  pneumatic  scanners.  The 
analog  output  is  digitized  with  a  computer  controlled 
12  bit  A/D  coi.verter  Sufficient  care  was  given  to 
check  and  validate  the  response  time  of  the  pressure 
measurement  system. 

3.3.2  Flow  Visualization 

Flow  is  visualized  by  means  of  smoke  wire  tech¬ 
nique.  The  technique  uses  a  thin  (0.1  mm  diameter) 
nichrome  wire  stretched  across  the  flow  and  connected 
to  a  voltage  regulated  AC  power  supply  with  a  timing 
and  delay  control  circuit.  Smoke  is  generated  by  coat¬ 
ing  toy  train  smoke  oil  on  the  wire  and  then  burning 
it  by  resistive  heating. 


3.3.3  Hot  wire  Aueiuometer 

Two  channels  of  TSl  1050  Constant  Temperature 
Anemometers  (CTA)  are  used  with  standard  TSl- 
1243  x-wire  boundary  layer  type  probes  to  measure 
the  mean  velocity  and  the  turbulence  quantities  The 
microcomputer  bast-.i  data  acquisition  and  reduction 
system  is  fully  verified  and  well  documented  in  report 

[131. 

3.3.4  Laser  Doppler  Anemometer 

The  laser  velocimeter  system  used  in  the  present  ex¬ 
periments  is  described  fully  in  a  previous  report  (11] 
It  consists  of  a  3W  Argon  ion  laser  source  and  a 
two  color,  dual  beam  back  scatter  optics  using  the 
488  nm  and  1514.5  nm  lines  and  a  two  component 
counter  processor.  In  later  experiments,  the  counters 
are  replaced  by  a  Burst  Spectrum  Analyser  (BS.4! 
which  provided  significant  improvements  in  LDA  sig¬ 
nal  analysis.  The  optical  components  are  all  mounted 
on  a  large  optical  bench  which  in  turn  is  inoniited  on 
a  milling  machine  bed  and  is  traversed  along  three 
axis.  The  data  acquisition  and  reduction  were  ac¬ 
complished  by  means  of  a  Fl)P-ll/44  minicomputer 
which  was  replaced  with  a  persona)  computer  when 
BSA  was  introduced 


4  Flap  and  Slat  Cavity  Flows 

The  geometry  and  the  definitions  of  the  coordinates 
used  in  a  typical  flap- well  flow  are  indicated  in  fig¬ 
ure  2.  In  general  a  flap-well  flow  has  the  characteris¬ 
tic  features  cf  both  internal  and  external  flows  and  is 
composed  of  partly  irrotational,  partly  turbulent  and 
reversed  flows.  The  two  important  streamlines  shown 
in  figure  2  are  1)  The  dividing  streamline  which  leaves 
the  main  airfoil  lower  surface  at  the  step  of  the  flap- 
well  and  divides  the  flow  circulation  in  the  separation 
bubble  from  the  flow  that  ptisses  through  the  gap  be¬ 
tween  the  main  airfoil  trailing  edge  and  the  flap  upper 
surface.  2)  The  flap  stagnation  streamline  that  ter¬ 
minates  at  the  forward  stagnation  point  of  the  flap. 
If  this  stagnation  streamline  is  known,  then  the  flow 
above  this  streamline  can  be  thought  of  as  an  internal 
channel  flow  with  sudden  expansion  on  one  side  and 
a  curved  wall  on  the  other.  However,  if  one  consid¬ 
ers  the  pressure  distribution,  it  is  governed  b2isically 
by  the  external  flow  and  is  mainly  influenced  by  the 
entire  geometry. 

As  far  as  the  variables  are  concerned,  the  reattach¬ 
ment  point,  zfl,  of  the  dividing  streamline  is  the  most 
important  aerodynamic  parameter  since  it  determines 
a  number  of  important  quantities.  This  point  strongly 


depends  to  the  shape  of  the  separation  bubble  and  to 
the  pressure  distribution  on  the  ceiling  surface  of  the 
flap-well,  and  in  particular  to  the  location,  A'pp  ,  where 
the  pressure  peaks.  In  general  we  use  geometric  pa^ 
rameters  such  as  the  gap,  G,  and  the  overhang,  OH , 
both  expressed  as  percentages  of  the  mean  chord,  the 
flap  deflection  angle,  Sp,  and  the  overall  angle  of  at¬ 
tack,  Q,  as  the  parameters  influencing  these  flow  quan¬ 
tities.  Detailed  measurements  of  the  flap-well  flow 
were  made  during  these  experiments  and  the  effects 
of  the  flap  location  on  the  quantities  indicated  in  fig¬ 
ure  2  were  determined  at  various  flow  conditions.  The 
mechanism  of  the  separation  and  the  reattachment  of 
the  shear  layer  wsis  investigated.  The  coordinates  x 
and  y  designate  the  distances  along  the  chord  (which 
IS  parallel  to  the  flap-well  ceiling  surface)  and  nor¬ 
mal  to  the  chord  (ceiling)  and  downwards  respectively 
One  can  now  define  the  displacement  thickness.  S', 
using  its  conventional  definition 


where  U,  is  the  external  velocity  measured  at  the  edge 
of  the  boundary  layer,  y  =  6.  ai  separation.  The 
displacement  thickness,  y  =  S' ,  will  be  a  smooth  curve 
extending  from  the  step  edge  down  through  the  gap. 
Due  to  a  large  normal  to  surface  pressure  gradient, 
the  shear  layer  edge,  6,  and  the  edge  velocity,  (■'«,  can 
not  be  defined  in  the  usual  way  and  hence  the  edge  is 
taken  as  the  position  where  the  turbulence  intensity 
is  twice  the  free  stream  value. 

As  far  as  the  slat  cavity  flow  is  concerned,  figure  3 
shows  the  geometry  and  the  probe  traverse  positions. 
Similar  to  flap- well  flow  some  very  interesting  features 
of  the  flcwfield  such  as  the  large  curvature  of  the  di¬ 
viding  streamline,  the  stagnation  streamline  and  the 
position  of  the  stagnation  point  on  the  lower  surface 
of  the  main  airfoil,  the  extend  of  the  circulation  re¬ 
gion  in  the  slat, cavity  and  the  total  mass  flow  rate 
through  the  gap  between  the  slat  and  the  main  ele¬ 
ment  are  investigated.  In  addition,  the  effects  of  slat 
angle,  6,,  slat  overhang.  Son  and  slat  gap.  Sg,  on 
the  above  mentioned  flow  features  are  studied. 

5  Test  Conditions 

The  experiments  are  conducted  to  obtain  detailed  in¬ 
formation  of  the  flow  in  the  flap-well  and  slat  cavity 
regions  with  emphasis  on  the  effects  of  parameters 
such  as;  slat  gap,  slat  overhang,  slat  deflection  an¬ 
gle,  flap  gap,  flap  overhang,  flap  deflection  angles  as 
well  as  the  overall  angle  of  attack  on  the  separated 
and  reattaching  flows  in  the  slat  and  flap  cavity  re¬ 
gions.  Since  flight  Mach  number  and  Reynolds  num¬ 
ber  simulation  was  not  possible,  Reynolds  numbers 


of  0.8  X  10®  and  0.5  x  10®  with  corresponding  Mach 
numbers  of  0.13  and  0  08  are  used  during  these  ex¬ 
periments.  Reynolds  number  is  bcised  on  the  clean 
wing  chord  length  of  12  in  One  of  the  major  in¬ 
conveniences  of  the  small  test  section  is  definitely  the 
blockage  effect.  However,  it  does  not  invalidate  the 
trends  of  the  flow  characteristics  with  respect  to  the 
parameters  changed. 

The  test  conditions  are  summarized  in  tables  (1)  and 
(2)  for  flap-well  and  slat  cavity  flow  measurements  re¬ 
spectively.  Due  to  space  limitations,  for  hot  wire  mea¬ 
surements  only  3,  in  some  cases  up  to  4,  stream  wise 
stations  can  be  traversed,  whereas  for  LDV  measure¬ 
ments  more  stations  could  be  probed  giving  a  better 
resolution  of  the  separation  bubble  and  the  recircu¬ 
lating  regions. 

The  two  dimensionality  of  the  flow  is  demonstrated 
in  figures  4a  and  4b  which  shows  the  spanwise  vari¬ 
ation  of  the  pressure  along  the  Hap  trailing  edge  at 
two  different  flap  deflection  angles  It  is  observed  on 
these  figures  that  the  flow  uniformity  is  maintained 
over  a  spanwise  extent  of  about  a  chord  length  near 
the  centerline  for  angles  of  attack  up  to  12°  At  higher 
angles  of  attack,  this  distribution  becomes  worse  near 
the  tunnel  side  walls  due  to  the  thickened  and  proba¬ 
bly  separated  side  wall  boundary  layers 

To  give  qualitative  pictures  of  the  flowfield,  figures  5,6 
and  7  show  the  tesults  of  smoke  wire  flow  visualiza¬ 
tions.  Figure  5a  to  d  show  the  flow  visualization  in 
and  around  the  slat  cavity  region  at  various  slat  set¬ 
tings  and  Reynolds  numbers.  Figure  7. a  is  the  flow 
visualization  at  an  angle  of  attack  of  4°  and  at  a  flap 
deflection  anglqof  10°  It  is  observed  that  the  bound¬ 
ary  layers  are  thin  and  attached  up  to  the  flap  trailing 
edge.  Figure  7.b  shows  the  same  picture  with  a  flap 
deflection  angle  of  25°.  Figure  7.c  shows  the  result 
when  the  angle  of  attack  is  increased  to  10°  with  a 
flap  deflection  angle  of  25°. 

6  Results 

6.1  Surface  Pressure  Distribution 

Since  it  is  impossible  to  show  here  all  the  surface  pres¬ 
sure  data,  only  those  representative  cases  will  be  pre¬ 
sented.  Data  presented  in  figures  8. a  to  8.c  are  all 
taken  at  Re  =  0.5  x  10®,  and  can  be  reproduced  at  a 
higher  Reynolds  number  of  Re  =  0.8  x  10®.  Figures 
8. a  and  8.b  show  the  effects  of  flap  overhang  and  gap 
ratios  on  the  pressure  distribution  at  a  fixed  flap  angle 
of  10°.  The  effect  of  angle  of  attack  on  the  pressure 
distribution  for  a  fixed  geometry  setting  of  2  %  gap 
and  4  %  overhang  with  a  flap  deflection  angle  of  10° 
is  shown  in  figure  8.c.  It  is  observed  in  all  of  the  cases 
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that  the  pressure  distribution  near  the  step  edge  and 
in  the  forw^Ird  portion  of  the  well  is  fairly  constant, 
which  IS  followed  by  a  small  pressure  peak  and  a  sharp 
negative  pressure  gradient  to  join  the  much  lower  up¬ 
per  surface  pressure  at  the  trailing  edge  of  the  main 
element.  Simitar  figures  can  be  presented  for  a  flap 
deflection  angle  of  25° . 


6.2  Hotwire  Data 


The  mean  velocity  vectors  obtained  by  the  x-wire 
probe  are  shown  in  figures  9. a  through  9.f  for  a  flap 
deflection  angle  of  10°  and  in  figures  10, a  through  10. f 
for  a  flap  deflection  angle  of  25°.  Also  shown  on  the 
same  figures  are  the  mean  velocity  vector  distribution 
in  the  gap  region  between  the  main  element  trailing 
edge  and  the  flap  upper  surface.  These  measurements 
are  realized  by  means  of  a  pitot  tube  and  is  used  to 
determine  the  total  flow  rate  through  this  gap.  If  this 
flow  rate  is  known,  it  can  be  used  in  the  determina¬ 
tion  of  the  flap  stagnation  otrcaniline.  The  dividing 
streamline,  the  flap  stagnation  streamline,  the  edge  of 
the  separated  shear  layer  and  the  displacement  thick¬ 
ness  distributions  are  also  shown  in  these  figures  The 
symbols  and  definitions  used  are  the  same  as  in  figure 
2.  In  order  to  obtain  the  dividing  streamline  smooth 
curves  are  drawn  that  are  tangent  to  the  step  lower 
surface  edge,  and  to  the  local  velocity  vectors.  The 
position  of  the  flap  stagnation  streamline,  y, ,  is  ob¬ 
tained  by  using  the  continuity  equation  and  equating 
it  to  the  total  flow  rate  Q  calculated  through  the  gap 
between  the  main  airfoil  and  the  flap. 

r  i^dy  =  Q  (2) 

Jyt 

Since  the  directional  ambiguity  of  the  flow  can  not 
be  resolved  bv  hot  wire  measurements,  the  near  wall 
measurements  where  the  flow  is  known  to  reverse  are 
inaccurate.  However,  an  estimate  of  this  backflow  ve¬ 
locity  can  be  given  by  using  the  continuity  equation 
and  the  position  of  the  dividing  streamline,  yj 


where  U  is  the  velocity  component  parallel  to  the  sur¬ 
face.  These  crude  estimates  of  the  back  flow  velocities 
are  also  shown  in  these  figures.  Calculation  of  6*  is 
performed  using  equation  (1)  which  can  also  be  writ¬ 
ten  £is; 
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where  the  first  integral  reduces  to  y^  with  the  use  of 
equation  (3),  The  quanlilies  yd.  8  and  b'  are  very 
important  since  they  can  be  used  in  the  process  of 
fairing  (smoothing)  the  original  geometry  of  the  bod 
les  and  to  include  the  effects  of  displacement  thickness 
in  interactive  viscous/inviscid  calculation  procedures 

The  mean  velocity  vectors  in  and  around  the  slat  cav¬ 
ity  region  are  presented  in  figures  11. a  through  11  h 
These  plots  show  clearly  the  orientation  of  the  veloc¬ 
ity  vectors  and  indicate  clearly  the  strong  curvature  of 
the  streamlines.  By  using  the  same  procedure  as  for 
flap-well  flows,  one  can  easily  determine  the  locations 
of  the  dividing  and  the  stagnation  streamlines  as  well 
as  the  stagnation  point  on  the  main  airfoil 

The  results  of  LDV  runs  for  flap-well  flow  measure¬ 
ments  are  presented  in  figures  12. a,  b  and  c  for  the 
three  different  test  conditions  specified  in  table  1  Fig¬ 
ures  12. a  and  b  show  the  effect  of  different  overhang 
ratios  with  other  |>arameters  kept  constant  Figures 
12. b  and  c  compare  the  effect  of  two  different  Hap  an- 
fle  settings  In  all  of  these  cases  it  is  observed  that 
the  measurements  are  in  good  agreement  with  the  hot 
wire  data  with  the  exception  of  the  back  flow  velocity 
which  can  not  he  determined  w  itli  hot  wire 


6.2.1  Turbulence  Data 

The  turbulent  shear  stress  -u't',  and  the  total  nor¬ 
mal  stress  u'^  •+  i'^,  where  u'  and  v'  are  the  fluctuat¬ 
ing  velocity  components  along  and  normal  to  the  flap 
well  ceiling  surface  respectively,  are  shown  plotted  in 
figures  13  and  14  These  quantities  give  ideas  about 
the  level  of  turbulence  intensities  and  the  degree  of 
their  correlation.  Both  of  these  turbulent  stresses  are 
significant  in  the  momentum  equations  for  separated 
and  reattaching  flows.  I'he  positions  of  the  dividing 
streamline,  yj,  and  the  shear  layer  edge,  6.  as  obtained 
from  the  mean  velocity  data  are  also  shown  in  these 
plots.  It  IS  observed  that  the  position  of  the  sepa¬ 
rated  shear  layer,  as  indicated  by  the  region  of  non¬ 
zero  shear  stress,  —h'v\  is  not  perfectly  aligned  with 
the  location  of  the  dividing  streamline.  This  inaccor¬ 
dance  which  may  seem  contradictory  to  our  intuitive 
guesses  may  be  explained  in  terms  of  the  influence 
of  the  stability  condition  of  the  curving  flow  and  the 
position  appears  to  shift  lateraly  much  more  than  is 
implied  by  the  mean  streamline. 


7  Discussion 

The  discussion  of  the  results  for  flap- well  and  slat  cav¬ 
ity  measurements  will  be  concentrated  on  the  effects 
of  two  major  parameters,  namely  the  overhang  ratio, 
OH,  and  the  gap  ratio,  G,  on  the  separated  flow. 


7.1  Effects  of  Overhang 

A  close  observation  of  the  pressure  distribution  curve, 
figure  8. a  indicates  that  with  increasing  overhang  ra¬ 
tio  from  4%  to  5%  there  is  an  abrupt  change  in  the 
pressure  distribution  on  the  upper  surface  of  the  main 
element.  A  possible  explanation  of  this  sudden  change 
can  be  attributed  to  a  shift  of  the  transition  location 
on  the  upper  surface  of  the  main  element. 

.More  detailed  flow  analysis  is  presented  in  figure  15 
for  flap  deflection  angles  of  6/-  =  10°.  This  figure 
shows,  the  position  of  the  dividing  streamline,  the 
pressure  distribution  along  the  flap- well  ceiling  sur¬ 
face,  the  position  of  the  flap-stagnation  streamline  cal¬ 
culated  from  gap  flow  rates,  the  static  pressure  along 
the  edge  of  the  separated  shear  layer  calculated  from 
external  velocity  and  the  trailing  edge  pressures  of  the 
main  element  airfoil,  for  different  overhang  ratios  at 
fixed  flap  deflection  angle  and  gap  ratios.  Figure  15 
indicates  that  A'p^  and  the  dividing  streamline  move 
in  the  same  direction,  resulting  in  shorter  separation 
bubbles  for  larger  overhangs  and  vice  versa  The  LDV 
data  of  figures  12. a,  b  and  c  for  three  test  cases  also 
confirm  that  the  position  A'pp  of  the  peak  pressure  on 
the  flap-well  ceiling  surface  is  very  closely  related  to 
the  reattachment  point  Xu 

Figure  16  indicates  more  clearly  the  influence  of  over¬ 
hang  on  the  .Ypp  and  C-p,  the  peak  pressure  coeffi¬ 
cient,  for  three  different  gaps  .Vpp  is  inversely  pro¬ 
portional  and  varies  linearly  with  OH .  indicating  that 
■Vpp  moves  almost  the  same  distance  as  the  displace¬ 
ment  of  the  flap  leading  edge  The  peak  pressure 
coefficient,  Cpp,  however,  remains  uneffected  and  is 
practically  constant  with  changing  OH . 

It  is  also  important  that  the  main  airfoil’s  trailing 
edge  pressure  decreases  considerably  as  the  overhang 
is  increeised  but  in  such  a  way  that  the  streamwise 
pressure  gradient  between  the  peak  pressure  point  and 
the  gap  exit  is  maintained  nearly  constant 

The  surface  pressure  within  the  separated  region  is 
fairly  constant  whereas  the  pre.ssure  at  the  edge  of 
the  shear  layer,  y  =  6,  is  seen  to  be  consistently  higher 
than  the  surface  value.  The  difference  between  these 
pressures  is  related  to  the  streamline  curvature  of  the 
separated  flow.  The  difference  between  the  surface 
and  the  shear  layer  pressures  is  larger  for  larger  over¬ 
hangs  for  which  the  separation  bubble  is  shorter  and 
hence  the  streamline  curves  up  more  sharply. 

The  effect  of  slat  overhang  is  observed  when  cases  Ci , 
Co  and  A  are  compared  in  figure  11.  It  is  found  that 
the  slat  overhang  effect  is  more  important  than  the 
slat  gap  effect.  One  can  conclude  that  more  fluid  is 
injected  through  the  slat  gap  for  smadler  overhangs 
due  to  smaller  recirculation  bubbles  formed  at  small 


overhangs.  This  behavior  can  also  be  observed  in  the 
Cp  distributions  on  the  slat  and  on  the  main  element 
while  the  Cp  distribution  on  the  flap  remains  unef- 
fected  by  the  slat  overhangs  The  suction  peak  on 
the  main  element  which  has  a  value  of  -3  8  at  4%  slat 
overhang  reaches  a  value  of  -5.5  when  the  slat  over¬ 
hang  IS  reduced  to  3%.  With  further  reduction  in  slat 
overhang  to  2%,  the  suction  peak  on  the  main  element 
attains  a  value  of  -fi.O  The  behavior  of  the  slat  pres¬ 
sure  distribution  is  also  as  expected.  With  decreasing 
slat  overhang  the  difference  in  pressure  between  the 
lower  (inner)  and  upper  (outer)  surfaces  of  the  slat 
gets  smaller  and  in  fact  with  1%  slat  overhang  the 
lower  surface  Cp  becomes  equal  to  that  of  the  upper 
surface,  figure  17.  As  a  consequence,  the  lift  of  the 
slat  shows  a  continuous  increase  with  increasing  slat 
overhang 

7.2  Gap  Effects 

Figure  18  summarizes  the  effects  of  gap  on  the  sep¬ 
arated  flap- well  flow  I'he  most  noticeable  effect  is 
the  opposite  changes  in  the  directions  in  which  the 
dividing  streamline  and  the  flap  move  As  the  flap 
IS  lowered,  (increasing  gap),  the  dividing  streamline 
moves  up.  This  is  due  to  tin  act  that  av  'He  gap  is 
increased  more  fluid  from  below  the  main  airfoil  moves 
into  the  flap- well  and  passes  through  the  gap,  thereby 
the  dividing  streamline  is  pushed  farther  away  from 
the  flap  leading  edge  to  allow  for  tins  increased  mass 
flow  rate.  It  is  observed  on  these  figures  that  the  di¬ 
viding  streamline  and  the  flap  slagnalion  streamlines 
remain  nearly  parallel  with  changing  G  If  the  flap 
closes  m,  (approaching  the  main  airfoil),  the  divid¬ 
ing  streamline  will  be  lowered  more  and  will  even  be 
lower  than  the  flap  and  instead  of  going  through  the 
gap  will  hit  the  flap  surface  .Moving  the  flap  further 
apart  from  the  main  element .  causes  the  gap  to  widen, 
moves  the  dividing  streamline  ..pwards  and  shortens 
the  separation  bubble  even  more  These  conditions 
are  verified  with  further  experiments  where  the  flap 
is  moved  farther  away  from  the  main  airfoil  with  new 
brackets  If  the  flap  is  removed  altogether,  however 
the  separation  bubble  becomes  longer  than  any  other 
case  with  the  flap. 

The  flap  stagnation  streamline  moves  with  the  flap. 
With  decreasing  gap,  (flap  moving  up),  the  shear  layer 
edge  will  move  against  the  flap  which  will  reduce  the 
potential  core  going  through  the  gap. 

From  the  foregoing  discussions  of  the  isolated  effects 
of  gap  and  overhang,  their  combined  effect  for  a  trans¬ 
lational  motion  of  the  flap  such  that  the  gap  is  in¬ 
creased  and  the  overhang  is  reduced  at  the  same  time, 
may  lead  to  a  separation  bubble  and  a  reattachment 
length  Xh  practically  unaltered. 
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For  the  smallest  gap,  'he  dividing  streamline  is  the 
lowest  and  the  flap  stagnation  point  is  the  highest. 
This  leads  to  a  very  little  poten  1  flow  through  the 
gap.  For  6f  =  ’25“  case,  there  is  no  potential  "ort  left 
and  the  totaly  turbulent  shear  flow  impinges  on  the 
flap. 

The  elTecl  of  slat  gap  is  observed  when  cases  /);, 
and  A  are  compared  in  figure  11  With  increasing 
gap  distance  more  fluid  is  pushed  into  the  slat  cavity 
and  through  the  slat/main  element  gap.  This  results 
in  a  reduced  size  circulation  bubble  in  the  slat  cavity 
which  in  turn  causes  the  the  main  element  stagnation 
point  to  move  closer  to  its  leading  edge.  With  increas¬ 
ing  slat  gap,  the  pressure  on  the  inner  surface  of  the 
slat  decreases  further  due  to  increcised  and  accelerated 
flow  passing  through  the  gap,  figure  19. 

7.3  Flap  Deflection  Angle  Effect 

.\lthough  only  two  flap  deflection  angles,  10°  and  25°, 
ere  tested  and  there  is  not  .sufficient  amount  of  data 
available  to  give  quantitative  information  about  the 
effect  of  flap  deflection  angle  on  the  flow,  the  results 
presented  here  give  some  information  about  the  gen¬ 
eral  trend  of  the  effects.  With  increasing  flap  deflec¬ 
tion  angle,  the  angle  of  attack  of  the  flap  with  t  -sped 
to  the  local  flow  IS  increased  w'-och  will  lea<l  to  lower 
'U'  ti.iii  pressures  near  the  flap  leading  edge  and  hence 
an  increa-'e  in  the  flow  rate  through  the  gap.  An  in- 
rrea.se  in  flow  rate,  on  the  other  hand,  tneacs  shorter 
,--eparation  bubbles  in  the  flap  well. 

file  effect  of  flap  angle  on  the  slat  cavity  flow  is  ob¬ 
served  when  cases  .-I  and  CJ  ?  “  compared.  Larger 
flap  angles  cause  the  flow  to  change  direction  much 
earlier.  Increasing  flap  angle  modifies  the  Cp  diotri- 
biitions  on  the  slat  and  on  the  main  element.  The  Cp 
values  on  the  upper  surface  of  the  main  element  are 
moved  towards  more  negative  values  resulting  in  an 
increased  lift  coefficient  for  the  main  element  Same 
observations  are  also  true  for  the  siat 

The  effect  of  slat  angle  is  ob.served  when  cases  h  and 
,■1  of  figure  11  with  respective  slat  angles  of  20°  and 
;tU°  ;  e  l  ompared.  I'he  velocity  vectors  become  more 
horizontal  with  smaller  slat  atigle.s.  While  the  Cp  dis¬ 
tribution  for  the  main  element  does  not  change  with 
mcrea.sing  slat  angle,  that  on  the  slat  shows  a  drastic 
chang''  The  suction  peak  on  liie  slat  is  reduced  with 
increasing  slat  angle  see  figure  20. 

7.4  Characteristics  of  the  Separated 
Shear  Flow 

the  separated  and  reattaching  flap-well  flow  is  ex- 
tr ‘iriely  complex  wnh  large  pressure  gradients  and 


large  turbulence  intensities  Nevertheless  it  exhibiis 
similar  characteristics  to  bacKward  faung  step  flow 
or  to  .sudden  expansion  clianiiel  flow  In  all  of  tliese 
flows  the  reattachment  length  AV  seems  lo  be  the 
major  parameter  For  an  internal  flow  the  basic  pa 
rameter  that  determines  the  reafachment  length  is 
the  expansion  ratio.  In  the  case  of  a  flap-well  flow  tile 
equivalence  of  the  expansion  ratio  is  sim'/ly  the  ratio 
of  the  widths  of  the  flow  that  goes  through  the  gap 
at  the  nailing  edge  and  at  the  upstream  edge  of  the 
flap-well.  The  incompressible  commuity  equation  im¬ 
plies  that  this  ratio  of  widths  is  inversely  proportional 
to  the  ratio  of  the  velocities  cas  'S  in  which  tliere 
is  a  potential  core,  the  velocity  ratio  is  related  to  the 
pressure  ratio.  Hence  the  ratio  of  the  pre.ssures  up 
stream  the  flap-well  and  at  the  trailing  edge  seems  lo 
be  the  key  parameter.  This  pre.ssure  ratio  can  further 
be  related  to  the  pressure  drop  from  the  lower  surface 
lo  the  trailing  edge  of  the  main  airfoil 

Therefore,  the  characteristics  of  the  flow  is  tried  to 
be  explained  in  terms  of  the  gap  exit  velocity.  It  is 
ob.served  already  that  the  most  important  parame¬ 
ter  that  effects  the  gap  velocity  is  the  gap  r.aiio,  (>'. 
md  the  overhang,  OH .  lia.s  practically  .  ery  little  or 
no  significant  effert  With  increasing  gap  increa-singly 
higher  velocity  flow  is  added  near  the  flap  upper  sur¬ 
face.  Ihis  iiicre..se  in  total  flow  rate  is  larger  than 
the  proportional  increase  of  ;he  gap  itself.  This  is  an 
amplifie<)  change  in  the  totai  flow  rate  lue  to  a  small 
change  in  the  gap  wi'ith  Increasing  iJie  flap  deflec¬ 
tion  aneie.  Sy.  has  a  similar  elfect  as  increasing  the 
gap  width 

In  order  lo  analyse  the  relationship  between  the  gap 
flow  rale  Q  and  the  separation  bubble,  the  parameter 
A.V,,p  =  XfLE  -  (where  Xf  iE  is  the  chordwise 
distance  of  the  flap  leading  edge  from  the  leading  edge 
of  the  clean  airfoil),  or  the  Cpp  is  plotted  against  the 
gap  flow  rale.  I'lie  plot  of  the  nondimeiisional  AXpp/r 
against  Q  normalized  with  respect  to  the  edge  velocity 
at  the  flap-well  step,  .  is  shown  in  figure  21.  In 
this  way  the  correlation  between  the  location  of  the 
pre.ssiire  peak  distance  relative  to  the  flap  leading  edge 
and  the  gap  flow  rate  is  put  forward 

.Another  important  feature  of  the  flap-well  flow  is  con¬ 
cerned  with  the  turbulent  stress  and  its  modelling 
Oooray  et  al.  [15]  and  Autre'  el  al.  [16]  have  tried 
to  model  the  turbulence  structure  in  a  backward  fac¬ 
ing  step  using  the  s-  -  (  turbulence  model  and  found 
that  the  model  required  .some  modifications  due  to 
the  large  local  streamline  curvature  effects.  The  mean 
velocity  was  over  and  underpredicted  before  and  af¬ 
ter  the  reattachment  point  respectively,  across  which 
the  sense  of  streamline  curvature  reverses  This  local 
streamline  curvatures  are  much  more  pronounced  in 
flap- well  flows  as  compared  to  the  unobstructed  back- 


ward  facing  step  flows.  As  a  result  the  lengths  of  the 
separation  bubbles  are  much  smaller  than  the  corre¬ 
sponding  back  step  flows  due  to  the  blockage  effects 
of  the  flap.  As  far  as  the  turbulence  structure  is  con¬ 
cerned,  it  is  observed  that  upstream  of  reattachment 
the  sense  of  the  streamline  curvature  tends  to  supress 
the  turbulence  and  consequently  the  turbulent  shear 
stress  and  the  intensities  are  much  lower  when  the 
separrtion  bubble  is  shorter  or  when  the  curvature  of 
the  dividing  streamline  is  larger. 

In  order  to  show  this  more  explicitly,  in  figure  22,  tur¬ 
bulent  shear  stress  distributions  are  superimposed  for 
various  flow  conditions.  This  figure  not  only  shows 
the  trend  of  the  shear  stress  levels,  but  also  reveals 
that  the  position  of  the  separated  shear  layer  .shifts 
significantly.  It  is  .seen  that  as  the  dividing  stream¬ 
line's  curvature  increases,  the  position  of  the  shear 
layer  moves  up  more  as  indicated  by  the  regnan  of 
significant  shear  stress.  A  close  examination  of  these 
profiles  will  yield  the  fact  that  this  shift  of  the  shear 
layer  location  is  due  to  the  increased  damping  of  the 
shear  layer  at  the  low’er  edge  of  the  shear  layer  as  the 
streamline  curvature  is  increased.  This  implies  that 
an  intuitively  plausible  assumption  that  the  separated 
.shear  layer  follows  the  dividing  streamline  is  a  poor 
one 

8  Conclusion 

Detailed  mea.surements  of  the  llowlield  in  and  around 
the  slat  cavity  and  the  flap-well  regions  of  a  three  com¬ 
ponent  multielement  airfoil  are  performed  using  pres¬ 
sure  prolies,  hot-wire  anemometer  and  laser  Doppler 
velocimeter  The  effects  of  flap  angle,  flap  overhang 
and  gap.  slat  angle,  slat  overhang  and  gap  as  well  as 
the  angle  of  attack  and  the  Reynolds  number  on  the 
mean  flow  and  on  the  turbulence  quantities  are  inves¬ 
tigated.  The  data  serves  as  lest  I’ases  for  computa¬ 
tional  methods.  .An  immediate  use  of  the  experimen¬ 
tal  results  in  computational  work  will  be  the  fairing 
of  the  separation  bubbles  in  the  slat  and  flap  cav¬ 
ity  regions  by  smooth  curves  corresponding  to  the  di¬ 
viding  streamlines  Furthermore,  detailed  mean-flow 
and  turbulence  measurements  provide  information  for 
better  understanding  of  the  flap-well  and  slat  cavity 
flows  'Idle  rale  of  fluid  flow  through  the  slat  and  flap 
gap.-,  is  the  key  parameter  in  the  determination  of  the 
slat  cavilv  and  flap-well  flows  and  is  very  closely  re¬ 
lated  to  the  lift  coefficient  of  the  mam  airfoil. 
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Figure  3  Slat  cavity  flow 


figure  4:  Spanwise  pressure  distribution  along  the 


Figure  2:  Flap-well  flow  geometry 


Figure  5.a;  So„  -  4%,  S,,.  -  2%,  Re  -  0.2  X  10*.  a  -  10’  Figure  5.b:  S„„  -  4%,  -  2%,  Re  -  0.2  X  10®, 
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Figure  5:  Smoke-wire  flow  visualization  within  the  slat  cavity. 
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Figure  7  a:  Smoke  wire  flow  visualisation, 
overall  flow  field,  Sp  =  10“,  a  =  4*. 


Figure  7  b:  Smoke  wire  flow  visualisation, 
overall  flow  field,  6p  =  25“ ,  a  =  4“ . 
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Figure  7  c:  Smoke  wire  flow  visualisation, 
overall  flow  field,  Sp  =  25“,  a  =  10*. 


:  Me&n  velocity  vectors  obtained 
hot-wire  measurements  in  slat 


Figure  12:  Mean  velocity  vector#  obtained 
by  LDV  measurementa 


Figure  13:  Turbulent  shear  stress  and  to¬ 
tal  normal  stress  distributions,  Sf  = 


(C)  Om/c  * 


(e;  QH/c  •  r.,  li/c  = 


Figure  15:  Effects  of  overhang  on  the  di¬ 
viding  streamline  and  pressure  inside 
the  flap-well,  Sp  —  10',  G/c  =  2%. 


Figure  16:  The  positions  and  the  values  of 
the  peak  pressure  on  the  flap-well 
ceiling  surface  as  functions  of  OH, 
Sp  =  10'. 


Figure  14:  Turbulent  shear  stress  and  to¬ 
tal  normal  stress  distributions,  Sp  = 


Figure  21:  and  C„  as  function  of 

flap  gap  jw  rate  Q. 


Figure  22;  Effect  of  streamline  curvature 
on  turbulent  stress  in  the  flap- well. 
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ABSTRACT 

In  the  design  of  slotted  flapi  it  is 
attempted  to  avoid  a  reacceleration  between 
the  trailing  edge  of  an  upstream  element  of 
the  system  and  the  peak  velocity  of  the 
downstraem  element,  to  reach  the  maximum 
lift. 

It  is  proved  that  it  is  possible  by  means 
of  a  nemerical  procedure  based  on  a  vortex 
di stribution. 

The  resulting  shapes  are  then  discussed 
with  reference  to  the  application  to  real 
design. 


INTRODUCTION 

The  design  of  slotted  flaps  might 
either  be  done  in  an  optimizarion  way  or  it 
is  in  any  case  an  attempt  to  have  a  good 
compromise  between  cruise  and 

take-off / landing  performances. 

The  most  naif  way  to  try  this  compromise  is 
to  choose  the  airfoil  shape  for  cruise 
conditions  and  the  wing  loading  for 
take-off,  as  done  in  many  aircraft  designs 
in  a  far  past. 

In  any  attempt  to  have  a  compromise  between 
two  conflicting  conditions,  it  is  useful  to 
know  which  are  the  opposite  extremes:  in 
this  case  they  are  the  plain  airfoil  and 
the  unconstrained  best  lift  flap.  The 
former  is  well  known  since  a  long  tine, 
while  the  latter  is  the  subject  of  the 
present  research.  Aim  of  the  present  work 
is  to  answer  to  some  fundamental  questions 
which  arise  on  the  design  of  maximum  lift 
slotted  airfoils.  It  is  not  therefore  a 
method  of  designing  usful  airfoils  but  a 
method  for  knowing  the  other  extreme  in  a 
design  process,  to  establish  correctly  the 
penalties  imposed  by  the  compromise. 

The  overall  scheme  is  similar  to  the 
procedure  of  Liebeck  and  Omsbee  (1),  with 
the  main  considerations  of  A.M.O.  Smith  ;2j 
about  flaps,  and  is  conducted  on  a  single 
slotted  flap  as  an  example,  this  will  not 
prohibit  to  extend  the  procedure  to  more 
element  airfoils. 

In  this  way  niaximum  deceleration  is  sought 
on  the  suction  side  of  the  airfoi!  and  the 
nignec*"  dumping  velocity  at  the  trailing 
edge  of  the  main  airfoil  is  attempted. 
Observ’ng  usual  flaps,  it  could  be  noted 
that,  after  the  trailing  edge  of  the  main 
airfoil,  the  flc’..  is  more  or  less 

reaccelerating  on  the  flap.  Then  the 
following  question  naturally  arises; 

Is  it  possible  to  reach  at  the 
trailing  edge  of  the  main  element  the  same 
velocity  as  the  maximum  cn  the  flap.  in 
order  to  get  the  maxii..um  dumping  v-  lricity.' 


If  it  could  be  done,  large  lift  increment 
could  be  reached,  as  shown  in  the  figure. 
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Fig.  1  Lift  increment 

The  first  approach  to  the  problem  was  to 
see  the  amount  of  lift  increment  for  a 
given  flap  chord  that  could  be  reached 
increasing  the  dumping  velocity.  In  the 
same  way  it  was  explored  the  possibility  of 
reducing  the  flap  chord  for  a  given  lift 
coefficient.  All  this  was  done  without  any 
consideration  about  the  feasibility  of  the 
airfoil . 

Some  very  rough  study  has  shown  that  the 
use  of  1  flap  as  mean  of  increasing  the 
dumping  velocity  could  lead  to  very  short 
flap  chord  for  a  given  lift  increment.  For 
a  double  Liebeck  pressure  distribution  some 
possible  result  is  shown  in  the  following 
figure,  from  ref.  (  3  ) 


Fig.  2  preliminary  lift  evaluat  ion 

But  if  the  answer  to  this  main  question 
could  be  cffirmatiie,  a  second  arises 
immediately  and  it  is  about  the  shape  of 
such  an  airfoil  syrtep,  mainly  with  respect 
to  possibility  of  obtaining  some  cruise 
condition  b>  re)oinir.g  the  elements  in  a 
reasonable  contour. 
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Of  course,  although  the  first  question  has 
larger  theoretical  importance,  the  latter 
is  quite  practical  in  engineering  sciences. 
In  order  to  answer  to  both  questions  it  was 
thaught  that  the  numerical  choice  coud  be 
the  only  feasible  one,  due  to  the 
complexity  of  the  problem  for  a  pure 
analytical  approach. 

THE  NUMERICAL  PROCEDURE 

The  numerical  procedure  is  based  on  a  panel 
method,  being  the  conformal  mapping 
unsuitable  for  multiple  airfoil  shapes.  In 
fact,  Timman  method  (4)  allows  to  treat 
double  aiorfoils,  but  it  seems  too 
difficult  to  extend  it  to  a  larger  number 
of  contours. 

On  the  basis  of  many  experiences,  it  seems 
that  a  method  which  does  not  allow  any 
contour  modification  in  the  ctiordvise 
direction  is  rather  difficult  to  use, 
therefore  a  method  that  has  no  restriction 
on  the  airfoil  modification  was  chosen. 


But  while  the  source  strength  leads  to  a 
linear  system  of  algebric  equations,  their 
locations  lead  to  a  non  linear  problem:  it 
is  therefore  common  practice  to  prescribe 
the  source  locations  in  some  reasonable 
way.  It  means  that  we  have  some  degree  of 
freedom  in  locating  the  singularities. 

Putting  N  sources  on  the  chord  line,  each 
ol  intensity  qi ,  the  closure  is  reiarea  ru 
the  total  outcoming  flow,  which  should  be 
zero.  This  leads  to  the  relation: 

Iq>  =0 

i  i  1  .  N 

To  satisfy  this  condition,  only  N-1 
velocities  are  assigned,  i.e.  the 
velocities  between  the  points  where  sources 
are  placed,  being  the  last  (zero 
outflow)  the  Nth  condition. 

The  non  crossing  condition  is  similar,  and 
says  that,  at  any  station  along  the  chord, 
the  total  flow  produced  upstream  by  the 
sources  should  not  be  negative,  resulting 
in  the  N-2  conditions: 


The  basis  is  than  an  iterative  vortex  panel 
technique,  starting  from  a  first 
approximation  shape. 

THE  FIRST  APPROACH  AIRFOIL. 


I  q,>0  1=2, N-1 

1  -1 .  I 

being  the  first  source  always  positive  in 
our  procedure  and  the  total  intensity  equal 
to  zero  as  said. 


A  first  approximation  is  obtained  by 
linearized  small  perturbation  theory, 
superimposing  mean  line  and  thickness 
distribution. 

The  mean  line  is  obtained  by  a  simple 
standard  design,  while  for  multi  component 
airfoils  it  is  simply  broken  and  shifted  in 
the  normal  direction  by  a  prescribed  slot 
width.  This  shift  is  a  still  open  problem. 
Thickness  distribution  is  first  obtained  by 
a  discrete  point  source  distribution 
prescribing  tangential  velocity  along  the 
chord . 

At  this  point  it  is  possible  to  iterate  the 
computation  of  the  thickness,  placing  the 
condition  of  given  tangential  velocity 
distribution  along  the  airfoil  contour 
instead  of  the  chord  line;  this  might  be  a 
good  improvement  in  case  of  rather  thick 
airfoi is . 

In  this  procedure  particular  care  is  taken 
to  modify  the  velocity  distribution  in 
order  to  obtain  a  closed  and  non  crossing 
airfoil. 

These  are  properties  of  the  thickness 
distribution  and  not  of  the  camber  line. 
The  relevant  conditions  ought  to  be 
investigated  before  going  to  the  detailed 
design,  in  order  to  avoid  convergence 
problems  during  further  calculations. 

The  problem  of  closure  is  very  well  posed 
for  conformal  mapping  and  also  the  non 
crossing  of  the  contour  requires  only  an 
univocal  mapping  of  the  airfoil  into  the 
cercle . 

Also  in  the  singularity  method  the  question 
is  rather  well  defined  for  the  small 
perturbation  problem. 

In  principle,  the  representation  of  a 
thickness  distribution  by  means  of  a 
discrete  number  N  of  point  sources  is  a  2  N 
unkno'^n  problem,  i.e.  the  strength  and 
location  of  each  source. 


It  is  possible  to  see  that  the  conditions 
are  redundant  if  one  does  allow  to 
prescribe  velocities  in  the  points  where  a 
naif  idea  could  suggest. 

Furthermore  there  is  a  set  of  inequalities 
to  be  satisfied  for  the  non  crossing 
conditions. 

In  our  procedure  the  inequalities  are 
simply  verified  at  each  iteration  and  the 
computation  is  stopped  whenever  the 
inequalities  are  not  satisfied.  In 
practice,  it  has  been  noted  that,  beyond  a 
certain  number  of  sources,  the  scheme  does 
not  converge. 

In  order  to  spend  the  freedom  of  ctioosing 
the  chordwise  location  of  the 
singularities,  the  first  source  is  placed 
at  the  point  along  the  chord,  where  it 
produces  a  Rank ' ne  ogee  with  the  same 
velocity  derivative  at  the  stagnation  point 
as  the  desired  airfoil  velocity 
d istr ibut ion , thus  avoiding  an  extra 
stagnation  point  condition,  but  adding  a 
constraint. 

in  this  way  the  places  where  sources  could 
be  located  is  limited  and  it  this  avoids 
problems  near  the  nose  .  In  fact,  any 
attempt  to  place  a  source  upstream  to  this 
first  one,  produces  a  sink  and  meaningless 
contours . 


THE  INVERSE  PANEL  METHOD. 


The  inverse  panel  mathod  is  the  inversion 
of  a  classical  Martensen  procedure  , in  an 
iteration  process.  The  Maretesen  method  ( 
5)  represents  the  airfoil  by  a  vortex 
distributiion  according  to  the  Chaucy 
formula : 


wfz  1 


which  is  transformed  in  a  second  kind 
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Fredholm  integral  equation  by  putting  the 
boundary  condition  of  no  internal 
tangential  velocity. 

The  airfoil  contour  from  the  former 
iteration  (  the  first  approximation  airfoil 
for  the  starting  step)  is  divided  into 
panels  and  at  the  midpoint  of  them  the 
velocity  is  prescribed. This  velocity  gives 
the  vortex  strength,  which  is  kept  constant 
on  each  panel  and,  if  the  shape  would  be 
correct,  the  inside  tangential  velocity 
should  be  zero,  according  to  the  Martensen 
condition  and  is  therefore  computed.  Being, 
in  general,  non  zero,  a  modification 
procedure  is  then  started. 

The  first  attempt  was  to  compute  the 
derivative  of  the  tangential  velocity  in 
the  direction  normal  to  the  panel  and  try 
to  use  this  as  guide  to  correct  the 
airfoil.  But  it  resulted  almost  impossible 
to  state  a  feasible  modification  criterion 
on  this  basis. 

Therefore  a  more  complex  procedure  was 
attempted.  It  consists  in  the  computation 
of  the  efffect  of  perturbing  the  airfoil 
shape  displacing  each  panel  in  the  normal 
direction  by  a  certain  small  amount,  (a 
given  fraction  of  its  length  )  and 
computing  the  perturbed  inside  velocity. 
Only  the  two  neighbour  panels  at  each  side 
are  displaced  in  order  to  save  aorfoil 
closure,  as  shown  in  the  following  figure. 


then  computed  as: 


GEOMETRICAL  PROBLEMS 

Having  displaced  the  panels,  a  new  set  of 
segments  represents  the  aitf^..!!.  Of  course 
it  is  not  closed  and  has  not  exactly  the 
prescribed  chordlength,  which  is  unity  in 
dimensionless  form.  This  is  due  to  the  fact 
that  the  panels  near  the  leading  edge  might 
move  in  the  chordwise  direction,  as 
formerly  stated. 

It  is  therefore  necessary  to  reshape  again 
the  geometry  to  obtain  a  closed  airfoil  and 
then  scale  all  the  lengths  by  a  constant 
related  to  the  increment  in  airfoil  length. 
The  reshaping  is  done  reconnecting  panels 
joining  them  at  midpoint  of  the 
discontinuity  each  side  point,  as  shown  in 
the  figure: 


Fig  3  Panel  displacement 

The  procedure  is  then  repeated  for  each 
panel . 

At  this  stage,  a  complete  matrix  [A)  of 
influence  of  contour  modification  is 
obtained,  in  the  sense  that  we  have  the 
effect  of  displacing  each  panel  on  the 
overall  velocity  distribution. 

In  this  way  it  is  possible  to  shift  the 
contour  in  the  normal  direction  according 
to  the  influence  matrix  and  the  difference 
between  the  computed  and  the  target 
velocites  by  a  simple  relaxation  scheme. 
Being  j  the  known  vortex  strength, and  an 
the  shift  in  normal  direction  used  in  the 
matrix  calculation,  the  new  velocity  is  v 
and  the  old  v. 

The  new  velocity  v  is  computed  as: 

V  =  (A  1  j  V<» 

The  shift  a  required  is  therefore: 


for  relaxing  the  scheme  the  real  value  is 


Pig.  4  Panel  reconnection 

We  have  therefore  a  two  step  contour 
modification:  the  first  is  the  shifting  and 
the  second  a  rotation  and  a  chrnge  in 
length  and, of  course,  this  last  changes  the 
slope  of  each  panel  and  thus  the  normal  and 
tangential  velocity  components.  For  this 

reason  it  is  rather  difficult  to  asses 
theoretical ly  the  convergence  of  the 

scheme . 

But  ,  more  important,  this  closes  anytime 
the  contour,  without  modifying  the  velocity 
distribution.  The  question  will  be 

discussed  later  on. 

For  rescaling  the  lengths  the  most  upstream 
point  is  then  found  giving  the  new  chord 
length  and  all  the  geometry  is  normalized 
with  respect  to  this  latter. 

The  new  center  of  panels  are  found  and,  by 
interpolation,  at  each  center  point  a  new 
velocity  is  given,  changing  accordingly  the 
vortex  strength . This  is  a  third  step  in  the 
airfoil  correction 

Incidentally,  testing  the  program  on 
cylinders  approximated  by  regular  polygons 
in  the  first  stages  of  the  research,  it  was 
observed  that,  without  rescaling,  all  the 
geometrical  quantities  are  reduced  at  each 
iteratioin,  tending  to  a  zero  chord  shape. 
All  this  procedure  is  programmed  on  a 
personal  computer 

FIRST  TESTS. 

The  first  tests  were  made  on  known  shapes 
and  on  analytical  velocity  distributions, 
first  of  all  the  circular  cylinder  and 
ellypses  of  changing  aspect  ratio. 
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Having  in  mind  that  the  contour  was 
enforced  to  be  closed,  only  velocity 
distributions  for  closed  contours  were 
attempted  at  this  stage. 

Test  of  giving  the  pressure  distribution  of 
one  airfoil  and  the  first  approximation 
shape  of  another  gave  significant  results 
even  in  exteme  case  as  shown  in  the 
following  figure. 


AIRFOIL  DESIGN. 

Having  acquired  a  certain  confiance  in  the 
use  of  the  method,  the  design  of  flapped 
airfoil  was  attempted,  with  the  aim  of  the 
least  reaccelereting  flow  beyond  the 
velocity  of  the  trailing  edge  of  the  main 
airfoil . 

The  pressure  distribution  was  prescribed  on 
the  basis  of  "equilibrium"  turbulent 
boundary  layers  and  similar  solutions  for 
laminar  ones. 

The  velocity  distributions  along  the  chord 
are  therefore: 

V  =  A  x"  for  the  laminar  part  and 

V  =  B  (X-Xi)” 

for  the  turbulent  part  and  the  exponent  m 
has  the  minimum  value  of  0.25  assumed  as 
limit  for  attached  flows. 

No  closure  condition  was  formally  imposed 
on  the  velocity  distribution.  This  is 
different  from  Liebeck  approach  and  gives 
slightly  different  shapes  but  is  thaught  to 
be  more  conservative  and  easier  to  use.  The 
velocity  distribution  is  given  in  the 
following  figure: 


/  k 


Fig.  5  Examples  of  iterative  procedure 

It  has  been  observed  that  the  obtained 
contour  is  different  from  the  target  one, 
as  might  be  seen  from  the  figures. 

In  general,  the  angle  of  attack  is  larger 
and  the  mean  line  camber  is  smaller. 
Suspecting  that  this  could  be  significant, 
direct  computation  of  pressure  distribution 
for  both  target  and  obtained  airfoil  were 
performed . 

To  avoid  to  use  computational  schemes  with 
similar  kind  of  approximations  in  direct 
and  inverse  calculations,  a  Hess-Smith 
direct  method  was  used  instead  of  using  a 
Hartensen  code. 

The  pressure  distributions  were 

surprisingly  similar  for  target  and 
obtained  airfoils  suggesting  that  the 
design  problem  could  have,  at  least  from 
the  pratical  point,  a  nearly  non  unique 
solution,  in  the  approximate  sense  that 
small  changes  in  the  pressure  distribution, 
mainly  near  the  stagnation  point,  may 
produce  large  geometrical  changes.  Similar 
effects  were  observed  by  Volpe  in  trensonic 
design  (6) 

Further  tests  were  made  on  twice  connected 
contours  of  known  flapped  airfoils. 


Fig.  6  Velocity  distribution 

\ 


Fig.  7  Target  - and  obtained. .  .  . 

pressure  distributions  and  airfoil  shape 
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Again,  as  in  the  first  test  stages,  the 
velocity  distribution  on  the  final  shape 
was  computed  by  a  different  code  to  be 
compared  to  the  target  one. 

The  results  are  interesting  although  some 
problem  is  still  open. 

first  of  all  it  is  possible  to  prevent 
reacceleration  without  any  unfeasible 
conditionong  of  the  shape,  as  shown  in  the 
former  figure. 

A  comparison  to  an  airfoil  of  Ormsbee  and 
Chen  (7)  gives  an  idea  of  the  strong 
reacceleration  on  other  kind  of  designs. 

The  first  attempts  gave  almost  independant 
airfoil  shapes,  without  any  indication 
about  the  possible  slot  shape.  The  results 
are  similar  to  the  one  of  Omsbee  and  Chen 


Fig.  3  Ormsbee  and  Chen  airfoil 


of  the  previous  figure.  Further  designs, 
reducing  the  spacing  between  components, 
gave  first  ideas  about  a  possible  slot. 
This  was  obtained  also  reducing  the 
acceleration  on  the  pressure  side  upstream 
the  slot,  as  shown  in  the  figure: 

But  it  is  interesting  to  notice  that  the 
slot  should  be  a  non  converging  channel  in 
contrast  to  the  usual  practice. 

Furthermore,  the  flap  curvature  immediately 
downstream  the  slot  is  rather  small, 
incidentally  explaining  the  success  of  some 
Fowler  flap. 

In  this  last  case  the  pressure  on  the  lower 
side  was  kept  as  high  as  possible,  giving  a 
very  high  camber  and  a  design  lift 
coefficient  of  4.43. 

Out  of  the  design  condition  the  velocity 
distribution  is  rather  regular  and  possibly 
at  13"  angle  of  attack  there  is  no  nose 
deceleration,  suggesting  an  increase  in 
lift  coefficent  up  to  4.75  as  a  limit  for  a 
rooftop  pressure  distribution,  but  no 
boundary  layer  calculation  was  attempted  up 
to  now,  because  of  some  wiggle  in  the 
pressure  distribution. 

CLOSURE  PROBLEMS 

As  said  no  formal  closure  condition  was 
posed  in  the  design,  but  is  well  known  that 
a  small  modification  of  the  stagnation 
point  location  could  change  very  much  the 
airfoil  thickness. 

In  fact,  the  computed  velocities  show  a 
typical  peak  near  the  leading  edge  and  it 
is  suspected  that  it  is  due  to  the  lack  of 
closure  condition. 

In  an  attempt  to  improve  the  ’"ethnd,  it  was 
decided  to  allow  simply  a  shift  in  the 
prescribed  stagnation  point  location.  When 


Fig.  9  A  better  airfoil 
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the  airfoil  is  modified,  the  leading  edge 
changes  chordwise  location  with  respect  to 
the  prescribed  stagnation  point.  This  new 
distance  is  then  taken  as  new  stagnation 
point  location  in  the  rescaling  of  the 
airfoil,  giving  a  velocity  that  is 
prescribed  in  all  points  in  the  same  way  as 
in  the  previous  iteration,  except  near  the 
leading  edge,  where  the  stagnation  point 
location  is  revised  according  to  the  new 
iteration  of  the  airfoil  shape. 

This  procedure  allows  a  better  agreement  of 
the  computed  velocity  distribution  to  the 
target  one,  everywhere  except  near  the 
stagnation  point. 

This  is  a  third  step  in  the  modification. 
OPEN  PROBLEMS 

The  first  open  problem  is  related  to  the 
wiggles  in  the  contour  near  the  leading  and 
trailing  edges.  Probably  something  is 
related  too  the  small  number  of  panel  used, 
but  there  is  the  suspect  of  the  need  of 
some  smoothing  of  the  contour  at  each 
iteration .  Lacking  of  any  convergence 
criterion,  it  is  difficult  to  state  that 
there  is  no  dendence  of  some  local 
divergence  even  in  an  overall  convergence 
and  critical  points  are  always  leading  and 
trailing  edges  in  panel  methods. 

A  second  problem  is  related  to  the  width  of 
the  slot,  which  is  now  almost  prescribed 
because  the  method  does  not  modify  it 
significantly.  It  was  stated  that  the  slot 
Width  could  be  related  to  the  airfoil  drag 
(  8  )  . 

Probably  the  approximation  of  the  velocity 
distribution  used  in  these  first  examples 
is  too  crude  for  a  reasonable  insight  into 
the  slot  problems  and  should  be  modified 
accordingly. 


CONCLUSIONS 

"^he  first  conclusion  is  that  the  aim  of 
designing  slotted  flaps  with  a  dumping 
velocity  very  close  to  the  maximum  velocity 
on  the  flap  is  almost  obtained,  showing,  in 
principle,  the  feasibility  of  such  a 
design. 

Second  is  the  result  that  the  shapes  are 
not  so  unusual  for  a  complete  design 
procedure . 

Then  it  might  be  observed  that  a  flap  could 
be  designed  having  in  mind  that  it  might  be 
mainly  a  system  of  increasing  the  dumping 
velocity ,  instead  of  a  system  of  producing 
direct  lift.  In  this  sense  a  rough  approach 
suggests  that  a  good  design  could  reduce 
the  flap  chord  for  the  same  lift  increment, 
saving  simplicity  and  room  for  structure, 
fuel  and  equipements. 

All  this  should,  of  course,  verified  in  the 
overall  deesign  procedure. 

A  lot  of  problems  are  still  open,  both  from 
the  theoretical  and  from  the  practical 
point  of  view.  Among  them,  the  smoothing  of 
the  shape  and  a  better  insight  in  the 
riosurfi  coTidition,  but  in  any  case  the  way 
seema  to  b«  promising  for  further 
investigation. 

Also  the  problem  of  a  correct  slot  design 
requires  first  an  investigation  about  e 


good  velocity  distribution  around  the  slot 
from  the  basic  point  of  view  of  boundary 
layer  and  interference,  before  going  on  in 
airfoil  design. 
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Introduction 

'Phe  flow  field  around  multi-element  aerofoil  sections  possesses  a  high  degree  of  complexity.  Due  to  the  strong 
interactions  between  wakes  from  the  upstream  elements  and  and  the  upper  surface  boundary  layers  developing 
on  the  downstream  elements,  there  are  thick  viscous  layers  present  over  the  upper  surface  of  the  trailing  edge- 
flap.  Large  regions  of  separated  flow  can  be  present,  even  for  conditions  well  below  maximum  lift  1  inally 
the  flow  around  the  leading  edge  slat  can  become  locally  supersotiic,  even  for  low  frccstream  Mach  numbers, 
due  to  the  large  suction  levels  induced  in  this  repon. 

Ilie  viscous-inviscid  interaction  methods,  which  arc  most  widely  in  use  for  the  prediction  of  multi  element 
aerofoil  flows,  are  computationally  very  efficient,  but  unable  to  describe  many  of  the  complex  flow  features 
present. 

A  more  complete  dc.scription  of  the  phy.sical  phenomena  can  be  achieved  only  by  methods  based  on  a  solution 
of  the  Reynolds-averaged  Navier-Stokes  equations,  in  conjunction  with  a  suitable  turbulence  model  I  hc 
generation  of  a  .suitable  computational  grid  then  becomes  a  major  problem.  Within  the  present  work,  a  me¬ 
thod  to  generate  suitable  block  structured  grids  around  multi-clement  aerofoils  has  been  developed  I  hc 
Domicr  2-D  block  structured  Navier-Stokes  solver  has  been  extended  for  grids  with  arbitrary^  blivck  structure 
After  very  encourapng  results  for  a  two-clement  high  lift  system  at  low  angles  of  attack  [  ^  ],  in  this  work  the 
method  was  applied  for  realistic  two-  and  three-clement  high  lift  systems  at  high  angles  of  attack. 

Grid  Generation 

As  the  configuration  can  become  very  complex,  a  generation  of  structured  grids  without  any  singular  points 
is  completely  impossible.  On  the  other  side,  discontinuities  in  the  computational  grid  can  produce  large  nu¬ 
merical  errors  in  the  .solution.  In  order  to  minimize  those  effects,  a  grid  generation  technique,  which  avoids 
singular  points  and/or  discontinuities  in  the  grid  spacing  at  least  along  the  surfaces,  has  been  developed.  Sui¬ 
table  C-mesh  type  grids  around  each  component  arc  patched  up  to  an  inner  grid.  1  his  inner  grid  is  embedded 
into  an  outer  C-type  mesh  (I'igure  1).  To  guarantee  a  smooth  point  distribution,  the  elementary  grids  arc 
normally  generated  numerically  using  elliptical  partial  differential  equations  for  the  point  ilistribution: 

+  13X^^  +  CX^^  3-  QIX^  f  QJX,,  =  0  (1) 

where  X  =  {x,y)  being  the  physical  and  f/)  the  computational  coordinates.  Hie  cocflicicnts  A,  B  and  ('  arc 
fixed  by  the  transformation  relations  between  the  physical  and  the  computational  space,  only  the  control 
functions  QI  and  QJ  can  be  u.scd  for  grid  control  and/or  adaptation  of  the  grid  lines  [  .t  ].  The  discretization 
of  the  limiting  boundaries  is  performed  according  to  the  condition 

lT(,-)A,r,-  =  const.  (2) 

with  s  being  the  arc  length  of  the  boundary  line.  W  is  any  weighting  function  such  as  geometric  or  arithmetric 
stretching,  'f'his  elliptical  grid  generation  technique  has  normally  the  best  smoothing  qualities,  but  it  fails  for 
large  concave  slopes  and  sharp  comers  which  arc  usually  present  at  multi-element  aerofoils.  Vherfore  a  hy¬ 
perbolic  grid  generation  technique  is  u.sed  in  .such  regions: 

The  equations  (3)  soecifiy  the  orthogonality  condition  for  the  grid  lines,  and  the  "volume"  of  each  cell.  As 
Steger  and  Chausse  have  shown  in  [  1  ],  equation  (2)  can  be  integrated  by  a  time  like  marching  procedure  in 
either  .space  direction.  I'hcy  chose  an  F.uler  implicit  marching  algorithm  normal  to  the  surface,  central  space 
differences  in  the  other  space  direction  an  added  explicit  fourth  order  dissipation  to  provide  some  grid 
.smoothing  mechanism  in  that  direction.  This  algorithm  proved  satisfactory  for  some  simple  shapes  but  sho¬ 
wed  difficulty  in  generating  grids  about  surfaces  with  concave  curvature  or  slope  discontinuities.  I  hcrefore  a 
more  general  marching  algorithm  suggested  by  Pulliam  in  [  2  ]  has  been  applied  in  the  present  work.  I  he 
origin^  algorithm  of  Steger  and  Chaussce  is  reformulated  such  that  numerical  dissipation  can  be  added  and 
controled  in  all  space  directions,  thereby  enhancing  grid  smoothcncss.  By  adding  second  and  fourth  order 
dissipation,  the  constraint  equations  (2)  are  only  approximately  satisfied,  it  is  only  a  matter  of  how  much 
dissipation  can  be  added  without  overly  compromising  the  equations.  Details  of  the  solution  algorithm  can 
be  found  in  [  2  ]. 
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Governing  Equations 

Navier-Stokes  Equations 

The  Reynolds  averaged  Navier-Stokes  equations  describing  two-dimensional,  unsteady  and  compressible 
flows  in  conservation  form  are  given  by 
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with  density  p  and  mean  total  energy  per  unit  volume  B: 

E—pe  +  0.5p(u^  -f-  v^)  (7) 

The  coefficient  p  is  the  laminar  viscosity  and  p,  is  the  eddy  viscosity  which  takes  into  account  the  effects  of 
turbulence,  lliis  eddy  viscosity  has  to  be  estimated  by  the  turbulence  inodcll.  I  hc  thermal  conductivity  k  is 
given  by 

k  _ 

Cp  Pr  Pr, 

The  perfect  gas  equation  of  state  is  used  to  define  the  mean  static  pressure  p  via  the  internal  energy  e: 

(^) 

Ilie  bulk  viscosity  A  is  defined  as  A  =  -2/3  p,  the  turbulent  Prandtl  number  is  fixed  at  0.90  and  the  ratio  of 
specific  heat,  y  ,  is  maintained  constant  at  1.4. 


Turbulence  Model. 

The  Reynolds-averaging  of  the  Navier  Stokes  eqautions  introduces  a  further  set  »  f  unknowns,  the  so  called 
Reynolds  stresses.  Those  Reynolds  stress  components  are  normally  related  to  th'.'  mean  flow  quantities 
through  a  set  of  additional  equations  that  represent  the  turbulence  model.  In  the  present  method  either  an 
algebraic  turbulenee  model,  based  on  the  well  known  Raldwin-Iximax  turbulence  model  with  some  extensions 
for  free  turbulence,  or  the  l,am-Bremhorst  two  equation  low  Reynolds  Number  k-r,  turbulence  model  can 
be  used. 

ITie  algebraic  turbulence  model  computes  the  eddy  viscosity  by  algebraic  relations  from  the  mean  velocity  field 
taking  no  account  of  the  transport  of  turbulence.  This  model  is  only  used  during  the  calculations  in  the  coarse 
meshes  within  the  multi-level  grid  technique.  In  the  Lam-Bremhorst  k-r.  model,  the  eddy  viscosity  is  com¬ 
puted  using  two  transport  variables,  which  ate  the  turbulent  kinetic  energy  k  and  the  turbulent  dissipation  rate 


with  the  production  term 
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By  introducing  the  additional  damping  functions/;  ./;  and  f„,  the  1  am-Brcmhorst  k-r  model  maintains  the 
High  Reynolds- Number  formulation  and  lakes  into  account  for  the  influence  of  molecular  viscosity  that  is 
not  negligible  in  wall  regions,  the  normal  velocity  fluctuation  damping  exhered  by  a  solid  boundary  and  the 
presence  of  a  nonisotropic  contribution  to  the  di.ssipation  rate  of  turbulence  that  becomes  dominant  in  the 
viscous  layer.  As  both  turbulence  models  don't  use  any  wall  functions,  both  require  a  very'  fine  grid  resolution 
of  all  viscous  layers. 

I'iniie  Volume  Method. 


Ihe  finite  volume  approach  in  combination  with  a  Runge-Kutta  type  multi-stage  lime-stepping  scheme  de¬ 
veloped  by  Jameson  et  al.  [4]  is  used  for  the  numerical  .solution  of  the  above  equations.  Applying  the  integral 
form  of  equation  (4) 


to  each  cell  of  the  computational  domain  separately  where  all  physical  prop»crties  arc  defined  to  be  constant, 
the  resulting  system  of  ordinary  differential  equations  in  time  are  solved  by  the  following  multi-stage  Runge- 
Kutta  type  time-stepping  method: 
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with  the  coefficients 

*I  ~  ®2  “  “3  ~  ^ 

for  the  three  stage  scheme  and 

1  13  1  ,  n 

“l=^>  “5='*' 

for  the  five  stage  scheme,  n  denotes  the  previous  time-level  and  P  represents  a  spatial  (central  and  therefore 
second  order)  difference  operator.  The  viscous  terms  are  treated  using  central  differences  throughout  the  do¬ 
main  and  one-sided  formulas  in  the  wall  normal  direction  at  solid  surfaces 

Filtering  Technique. 

To  prevent  an  odd-even  decoupling,  blended  second  and  fourth  order  artificial  dissipation  [6]  is  used  If  the 
filtering  technique  is  applied  only  once,  stability  analysis  indicates  the  best  damping  property  as  well  as  the 
largest  extension  of  the  stability  region  to  the  left  of  the  real  axis  giving  latitude  in  the  introduction  of  dissi¬ 
pative  terms.  In  practice,  the  fourth  order  filter  is  active  throughout  the  computational  domain  except  in  areas 
with  larger  pressure  gradients  where  the  second  order  filter  takes  over,  filter  fluxes  through  walls  and/or 
symmetry  lines  are  avoided.  In  order  to  minimize  the  numerical  dissipation  especially  near  walls,  the  dissipa¬ 
tive  fluxes  in  those  regions  are  normalized  by  the  ratio  of  the  local  Mach  number  to  local  isentropic  Mach 
number. 

Convergence  Acceleration 

Introducing  the  residual  averaging  approach  [6]  i.e.  collecting  the  information  from  residuals  implicitly,  pc-r- 
mits  stable  calculations  beyond  the  ordinary  Courant  number  limit  of  the  explicit  scheme,  l  urthennore,  as 
long  as  the  steady  state  is  of  interest,  a  variable  timestep  approach  has  been  used  accelerating  convergence. 

The  most  effective  way  of  accelerating  the  convergence  rate  is  furnished  by  the  multigrid  technique  ([.S]  and 
[6]).  The  general  idea  behind  any  multigrid  time  stepping  scheme  is  to  transfere  part  of  the  task  of  tracking 
the  evolution  of  the  original  system  onto  coarser  grids  by  introducing  a  sequence  of  grid  levels.  During  a 
multigrid  cycle  first  the  flow  properties  of  the  finer  grids  (index  h)  are  collected  onti>  the  coarser  grids  (index 
2h); 


4 


1 


Then  a  forcing  function 

4 

Plh-  ~ 

1 

is  defined  for  each  coarser  grid  level  and  this  forcing  function  is  included  into  the  lime  stepping  scheme  for  the 
coarser  grids. 

= 


“2A^'^  -  ~  +  P 2h) 

The  corrections  of  the  coarser  subgrids  arc  then  interpolated  back  to  the  finer  grids  by  bilinear  intcrp<3lation. 
Besides  of  the  faster  convergence  rate  of  the  coarser  subgrids  the  computational  effort  per  time  step  is  drama¬ 
tically  reduced  on  the  coarser  grids.  During  the  multigrid  cycle,  the  coarser  meshes  arc  generated  by  elimina¬ 
tion  of  alternate  points  in  each  direction.  Therefore  each  cell  on  a  given  grid  corresponds  to  a  group  of  four 
cells  on  the  next  finer  grid. 

Additional  reduction  of  computing  time  can  be  achhieved  by  a  multilevel  grid  technique  1  he  solution  process 
begins  in  a  coarse  mesh.  This  solution  then  is  interpolated  to  the  next  finer  mesh  up  to  the  finest  grid.  In  each 
of  the  different  grids  the  multigrid  strategy  can  be  applied.  At  each  switch  to  the  next  finer  grid  this  grid  can 
be  adapted  by  the  results  of  the  previous  coarser  grid. 


Block  Structure 


I'he  computational  space  is  devided  into  multiple  blocks.  During  the  solution  process  the  flou  field  is  stored 
on  an  external  storage  device  and  will  be  updated  block  wise.  l  or  each  block  a  complete  time  step  including 
the  complete  multigrid  cycle  is  pierformed,  then  the  updated  data  are  stored  back.  .'\t  the  block  inlcrl'aces  the 
blocks  are  overlapping  by  two  cell  rows  so  that  the  physical  fluxes  and  the  fourth  order  dissipative  terms  can 
be  constructed  correctly  across  the  block  boundaries.  Across  the  block  boundancs  switclies  beticeen  coarse 
and  fine  grid  resolutions  and  between  the  liuler  and  the  Navier  Stokes  equations  are  possible.  1  ach  block 
always  gets  the  actual  boundary  values  of  the  neighbouring  blocks. 

Boundary  Conditions. 

I’he  following  boundary  conditions  are  valid  for  all  calculations 

At  the  solid  wall  boundary  no-slip  conditions  are  implemented  and  the  flow  is  assumed  to  be  adiabatic 

At  the  boundaries  of  the  computational  domain  fixed  and  extrapolated  Ricinann  iinariants  are  introduced  as 
farfield  conditions.  At  an  outflow  situation  the  tangential  vclocit\  component  and  the  entropy  are  extrapo¬ 
lated  from  the  interior,  while  at  an  inflow  boundary'  they  are  chosen  to  free  stream  \  alues 


Results 

I'he  first  test  case  was  a  laminar  aiifoil  with  a  .10'  deflected  thick  trailing  edge  llap  1  igurc  1  shmis  the  com¬ 
putational  grid.  More  details  of  the  grid  generation  technique  can  be  seen  in  figure  2  It  can  be  seen,  that  the 
singular  point  is  placed  in  a  region,  where  the  tlow  ran  be  expected  invi.scid,  so  that  total  pressure  losse^,  which 
might  be  produced  by  the  di.scontinuitics  in  the  curvature  i)f  the  grid  lines  across  this  point,  will  not  influence 
the  viscous  regon  along  the  flap.  I'igure  .1  shows  the  predicted  flow  field  for  A/u  --  0  15,  'ir  ^  1  7  y  10'  at  ,in 
angle  of  attack  of  12  'Ibis  an^c  of  attack  has  been  found  in  the  exfX’riment  to  be  shortly  before  the  lift  break 
down.  As  the  airfoil  is  a  laminar  type  airfoil,  it  tends  to  a  leading  edge  separation  In  the  seloctiy  field  there 
seems  to  be  a  small  separati  'u  bubble  at  the  airfoil  leading  edge.  The  gradients  of  the  pressure  contours  in 
I'igure  4  also  indicate  a  small  separation  bubble  at  the  leading  edge  of  the  main  airfoil  1  he  development  of 
the  boundary  layer  is  demonstrated  by  the  total  pres.sure  loss  contours  in  f  igure  5.  .\s  it  follows  from  this 
picture,  the  flow  along  the  main  airfoil  seems  to  be  .shortly  before  separation,  whereas  the  flow  along  the  ui’per 
side  of  the  flap  is  fully  attached.  Above  a  thin  core  flow  along  the  upper  side  of  the  flap,  there  is  a  very  large 
viscous  region  produced  by  the  wake  of  the  main  airfoil,  f  igure  b  shows  a  comparison  of  flow  (ieid  and 
pressure  distribution  for  two  different  angles  of  attack.  The  angle  of  attack  x  =  14"  was  observed  in  the  expe¬ 
riment  to  be  completely  separated.  The  same  can  be  seen  in  the  calculation;  the  How  along  the  upper  side  of 
the  airfoil  .separates  at  the  leading  edge  and  by  this  there  is  a  complete  lift  breakdown.  .Xt  ■>  -  12  the  agree¬ 
ment  between  calculation  and  experiment  is  very  good.  Altough  the  pressure  distribution  for  t  ^  14’  Ir'oks 
very  smooth,  it  is  not  a  stable  solution  fhe  convergence  behaviour,  which  is  illustrated  in  f  igure  7  for  those 
two  cases,  shows  that  for  the  separated  flow  field  the  lift  and  the  drag  are  oscillating,  whereas  for  attached 
flows,  they  converge  toweuds  a  constant  value,  fhe  breakdown  of  the  lift  also  can  K'  seen  in  in  the  convergence 
history  plot. 

As  the  experimental  results  of  the  above  test  case  arc  not  very  reliable,  it  is  not  a  v  ery  suitable  test  case  for  a 
validation  of  the  separation  prediction  of  the  method.  I'hereforc  the  N1  R  7.t()l  generic  airfoil  with  flap,  of 
which  the  experimental  results  arc  documented  in  [  7  ].  was  used  as  next  test  ca.se.  f  igure  8  shows  the  com¬ 
putational  grid.  Compared  with  the  first  test  ease,  the  geometry  is  very  smooth,  fhe  rather  thin  flap  is  de¬ 
flected  20  °.  Figure  9  gives  a  comparison  of  calculated  and  measured  surface  pre.ssure  distribution  for  two 
different  angles  of  attack.  In  both  cases  the  agreement  is  very  good.  In  Figure  10  the  mean  velocity  profiles 
at  4  different  positions  are  depicted.  The  first  one  is  exactly  at  the  trailing  edge  position  of  the  mean  airfoil  and 
shows  the  velocity  profile  of  a  strongly  retarded  flow.  The  other  three  plots  show  the  mean  velocity  profiles 
along  the  flap  surface  at  about  33%,  66%  and  100%  of  the  local  flap  chord.  Due  to  the  increase  of  pressure 
in  that  region,  the  wake  of  the  main  airfoil  is  further  retarded  and  spreads  up.  f  igure  1 1  finally  .shows  the 
comparison  of  a  computed  and  a  measured  c,  versus  a  curve  for  this  configuration.  The  position  of  the  lift 
breakdown  as  well  as  the  maximum  lift  are  predicted  quite  good.  Of  coarse  there  is  a  large  disagreement  bet¬ 
ween  computed  and  measured  lift  in  the  separated  region,  as  the  computed  lift  coefficients  are  mean  values 
of  fluctuating  values. 

Figure  12  shows  the  computational  grid  around  a  realistic  3-elemcnt  high  lift  system.  Very'  fine  Otype  meshes 
are  imbedded  into  coarser  outer  grids.  Due  to  the  hyperbolic  grid  generation  technique  in  the  inner  repons, 
the  grid  lines  are  orthogonal  along  the  surfaces,  even  in  the  concave  regions  of  the  slat  and  the  main  airfoil. 
The  results  of  the  flow  eomputation  for  the  Reynolds  number  Re  =  I.90xl(b  and  12.2°  angle  of  attack  are 
presented  in  the  Figures  13,  14  and  15.  The  pressure  contours  in  Figure  13  indicate  constant  pressure  at  the 
trailing  edge  cove  of  the  main  airfoil,  but  considerable  pressure  variations  in  the  slat  cove.  I'he  total  pressure 
loss  contours  in  FUgure  1 1  gjve  an  impression  of  the  viscously  dominated  flow  regions.  Separation  occurs  in 
the  coves  of  the  slat  and  the  main  airfoil.  Along  the  upper  surface  of  the  main  airfoil  there  is  a  confluence  of 
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the  wake  of  the  slat  and  the  boundary  layer  developing  along  the  upper  side  of  the  airfoil  Above  the  flap,  the 
flow  field  consists  of  the  very  thin  boundary  layer  of  the  flap,  followed  by  a  region  of  an  inviscid  core  flow, 
which  is  limited  by  the  viscous  region  produced  by  the  common  wakes  of  the  two  pretecding  components 
At  this  configuration,  it  was  found  out,  that  an  accurate  discretization  of  the  slat  region  is  of  great  importance 
in  order  to  obtain  a  proper  solution.  Total  pressure  losses  which  are  produced  by  numerical  effects  (such  as 
improper  grid  spacing)  in  that  region,  influence  the  further  development  of  the  slat  vsake  and  by  this  also  the 
flow  field  along  the  upper  side  of  the  main  airfoil  and  that  of  the  flap,  f  inally  f  igure  15  presents  the  surtace 
pressure  distributions  compared  with  the  experimental  data  of  ref  [  S  ]  .  fhe  agreement  is  very  good,  only 
at  the  slat  and  the  main  airfoil,  the  suction  levels  are  not  matched  exactly  by  the  calculation 

Conclusions 

ITie  presented  grid  generation  teclinique  renders  the  generation  of  block  structured  grids  around  multi-element 
aerofoils.  The  technique  of  embedded  C-type  meshes  can  be  applied  to  high  lift  systems  consisting  of  any 
number  of  elements,  for  a  certain  configuration,  the  method  can  be  highly  automated  and  the  regeneration 
of  a  grid  for  modified  flap  or  slat  settings  can  be  done  very  quickly,  fhe  results  of  the  presented  work  arc  quite 
encouraging.  They  show,  that  even  for  realistic  high  lift  configurations  without  any  simplifications  on  the 
geometry,  the  prediction  of  the  lift  up  to  the  maximum  lift  is  possible.  The  correct  prediction  of  the  drag  is 
much  more  difficult  than  that  of  the  lift.  As  the  drag  is  estimated  by  an  integration  of  the  surface  skin  friction 
and  the  surface  pressure  distribution,  it  is  very  sensitive  to  pressure  fluctuations  in  regions  with  large  drag 
areas".  55uch  regions  are  the  slat  and  the  main  airfoil  coves. 
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1  SUMMARY 

This  paper  presents  Navier-Stokes  calculations  of  the  tur¬ 
bulent  flow  around  two  different  high-lift  configurations, 
for  which  experimental  data  exist.  In  the  calculations, 
the  flow  field  is  considered  as  of  steady-state  and  two- 
dimensional.  Because  of  the  low  Mach  numbers,  the 
fluid  is  treated  as  incompressible.  The  solution  proce¬ 
dure  uses  a  finite  volume  method  in  order  to  solve  the 
Reynolds-averaged  Navier-Stokes  equations.  The  effects 
of  turbulence  on  the  mean  flow  field  are  described  by  the 
k-c  turbulence  model.  The  computational  mesh  is  sys¬ 
tematically  refined  in  order  to  assess  numerical  solution 
errors. 

The  results  presented  in  this  paper  include  surface  pres¬ 
sure  distributions  as  well  as  mean  velocities  and  turbu¬ 
lence  quantities.  If  possible,  the  calculations  are  com¬ 
pared  to  experimental  data. 


2  INTRODUCTION 

At  present,  the  development  of  efficient  high-lift  config¬ 
urations  is  mainly  based  on  wind  tunnel  testing.  How¬ 
ever,  as  more  and  more  powerful  computers  have  become 
available,  the  ‘numerical  experiment’  evolves  as  an  in¬ 
creasingly  helpful  design  tool. 

The  flow  field  around  high-lift  configurations  has  a  very 
complex  nature,  e.g.  flow  separation  may  occur  and  vis¬ 
cous  effects  have  to  be  taken  into  account.  Hence,  to 
resolve  the  steep  variations  of  the  dependent  variables 
in  a  numerical  calculation,  many  grid  nodes  are  neces¬ 
sary,  making  the  flow  simulation  rather  expensive.  In 
addition,  due  to  the  often  complex  geometry,  numeri¬ 
cal  grid  generation  may  also  pose  a  problem.  Because 
of  these  requirements,  calculations  of  the  complete  three- 
dimensional  flow  field  are  beyond  the  scope  of  the  present 
work.  Hcr:~,  the  two-dimensional  Reynolds-averaged 
Navier-Stokes  equations  are  solved  in  order  to  calculate 
the  turbulent  flow  around  niulti-element  aufoils.  The 
standard  k-e  turbulence  model  ( 1]  is  used  to  describe  tur¬ 
bulence  effects  on  the  mean  flow  field.  The  aim  of  this 


work  is  to  investigate  the  capabilities  and  restrictions  of 
this  approach  when  predicting  the  flow  field  around  high- 
lift  configurations. 

The  following  sections  outline  the  mathematical  model 
as  well  as  the  numerical  solution  procedure  used  in  the 
present  calculations.  The  investigated  high-lift  configu¬ 
rations  are  introduced  then,  while  results  are  presented  in 
the  next  section.  The  paper  is  concluded  with  an  outlook 
on  to  future  work. 


3  MATHEMATICAL  MODEL 


3.1  Mean  Flow  Equations 

The  mean  flow  field  is  considered  as  of  steady-state,  two- 
dimensional  and  incompressible.  The  time-averaged  con¬ 
tinuity  and  momentum  equation  read  then 

=  0  (1) 


djpUj) 

dxj 


djpU.Uj) 

dxj 


where  Uj  denotes  the  mean  velocities  and  Uj  the  corre¬ 
sponding  fluctuating  velocities  in  the  -directions.  P 
stands  for  mean  static  pressure  and  n  and  p  for  viscosity 
and  density  of  the  fl  uid,  respectively.  An  overbar  indicates 
time  averaging. 


3,2  llirbulence  Model 

The  standard  k-e  model  [1]  is  used  in  order  to  relate 
the  Reynolds  stresses  -puiu]  in  Eq.  (2)  to  mean  flow 
quantities: 


_  fdUi  dUj\  2  ,  ^  ,,, 

+  (3) 

The  cdu>  visvosity  jt,  is  given  by: 


k^ 

Pt  =pc^  — 


(4) 
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The  local  distributions  of  the  turbulent  kinetic  energy  k 
and  the  dissipation  rate  e  are  derived  from  semi-empirical 
transport  equations: 


j  dxj  [ffkdxjj  * 

dxj  ~  dxj  U.  j 


d  (pUjc) 


(6) 


with  Pic  being  the  production  rate  of  k: 

.dUi 


Pic  -  -pUiUj 


dxj 


(7) 


The  model  constants  appearing  in  Eq.  (4-6)  have  their 
standard  values  as  proposed  by  Launder  and  Spalding  [1]: 


{Cp  )  Ct,  ,  C,J  , 


<rk,<r.}  =  {0.09, 1.44, 1.92, 1.0, 1-3} 


TCI 

TC2 

chord  length  |m] 

slat  Ci- 

0.12 

— 

wing  c 

0.60 

0.90 

flap  CF 

0.21 

0.36 

angle  ot  attack  a 

0°-16'’ 

8.2“ 

flap  deflection 

f's 

21® 

— 

tiF 

15“ 

21.8“ 

Reynolds  number  Re 

1.6  X  10* 

1.8  X  10* 

Table  1:  Characteristicsoftheconfiguralions 


33  Boundary  Conditions 

Because  of  the  elliptic  character  of  the  transport  equations, 
boundary  conditions  are  necessary  along  all  boundaries 
of  the  flow  domain. 


Inlet  At  the  inlet  plane,  the  values  for  the  mean  stream- 
wise  velocity  U  and  the  turbulent  kinetic  energy  k  are 
prescribed  using  experimental  data.  In  cases  where  k  is 
not  available  from  experiments,  the  following  relation  is 
used; 

k  =  (8) 

with  Tu  being  the  turbulence  level.  The  mean  cross¬ 
stream  velocity  V  is  set  to  zero.  The  dissipation  rate  c 
along  the  inlet  plane  is  derived  from: 


where  L  represents  a  typical  turbulence  length  scale  of 
the  energy-containing  eddies. 

Outlet  The  streamwise  gradients  of  all  dependent  vari¬ 
ables  are  set  to  zero  along  the  exit  plane. 

Walls  Instead  of  resolving  the  steep  gradients  in  the 
vicinity  of  a  wall,  a  wall  function  approach  [1]  is  used 
to  describe  the  fluxes  through  the  wall-adjacent  control 
volumes.  In  the  present  calculations,  the  logarithmic  law 
is  employed. 

4  NUMERICAL  SOLUTION  PROCEDURE 

The  numerical  solution  procedure  is  based  on  a  conserva¬ 
tive  finite  volume  method.  In  this  approach,  it  is  not  the 
transport  equation  itself  wliicl.  is  approximated  but  a  flux 
balance  derived  from  a  formal  integration  of  the  transport 


equations  over  a  control  volume.  The  present  procedure 
employs  a  general  non-orthogonal  grid  and  Cartesian  ve¬ 
locity  components.  All  dependent  variables  are  stored 
in  the  centre  of  the  control  volumes  (‘colocated  arrange¬ 
ment’).  Central  differences  are  used  to  discretize  the 
diffusive  fluxes,  whereas  the  convective  flu.xes  are  ap¬ 
proximated  by  a  combination  of  upwind  and  central  dif¬ 
ferences.  The  coefficients  are  arranged  in  the  ‘deferred 
correction’  scheme  as  proposed  by  Khosla  and  Rubin 
{2J.  The  resulting  system  of  linear  equations  is  solved 
by  means  of  the  suxtngly  implicit  method  of  Stone  [3], 
based  on  an  incomplete  LU  factorisation.  When  calcu¬ 
lating  incompressible  fluids,  there  is  no  explicit  equation 
for  pressure.  Instead,  pressure  and  velocities  are  linked 
via  the  SIMPLE  algorithm  of  Patankar  and  Spalding  [4]. 
Due  to  the  colocated  variable  arrangement,  unphysical 
oscillatory  pressure  fields  have  to  be  suppressed  by  using 
a  special  interpolation  practice  for  the  cell  face  velocities, 
see  {5]. 

Underrelaxation  has  to  be  employed  for  achieving  con¬ 
vergence  of  the  iterative  solution  procedure.  Typically, 
the  relaxation  factors  are  set  to  0.7  for  velocities  and 
0.1 . .  .0.3  for  pressure  depending  on  the  grid  size.  Relax¬ 
ation  factors  for  k  and  c  are  set  to  0. 1  and  0.7,  respectively. 
Convergence  is  declared  when  the  maximum  normalized 
residual  drops  below  a  given  limit,  which  is  set  to  0.(X)1 
in  the  present  calculations. 


5  TEST  CONnCURATIONS 

The  high-lift  configurations  investigated  in  this  work  are 
shown  in  Fig.  I.  Throughout  this  paper,  they  will  be 
referred  to  as  TCI  and  TC2,  respectively.  TCI  comprises 
a  leading  edge  fltq)  (‘slat’),  the  main  airfoil  and  a  trailing 
edge  flap  (‘fowler’).  TC2  consists  of  a  NACA  4412  main 
airfoil  and  a  NACA  44 1 5  flap  airfoil.  Some  characteristics 
of  the  configurations  (such  as  chord  length,  fl^  angles 
etc.)  are  summarized  in  Table  1.  For  both  configurations, 
experimental  data  arc  available  [6, 7].  However,  TCI,  as 


used  in  the  present  calculations,  dilTers  slightly  from  the 
wind  tunnel  model.  In  the  available  geometry  data,  slat 
and  main  airfoil  are  ‘smoothed  out'  in  order  to  allow  a 
parabolic  flow  solver  to  be  applied  to  this  configuration. 
The  Reynolds  number  based  on  chord  length  and  inlet 
velocity  is  Re  =  1.6  x  10*  in  the  case  of  TCI.  The  angle 
of  attack  is  varied  from  a  =  0”  to  16“  in  increments 
of  2° .  Both,  free  stream  and  wind  tunnel  conditions  are 
simulated  numerically.  In  case  of  TC2,  the  Reynolds 
number  is  Re  =  1.8  x  10^.  The  flap  deflection  angle  is 
set  to  Sf'  =  21 .8”,  as  in  the  experiments. 


6  Grid  Generation 

In  order  to  obtain  satisfactory  numerical  grids,  the  flow 
field  is  divided  into  several  subdomains,  as  shown  in  Fig.  2 
for  TCI.  Fbr  each  subdomain,  an  H-type  grid  is  created 
and  then  all  subgrids  are  connected.  Because  of  this 
approach,  it  is  not  possible  to  assure  smooth  transition 
from  one  subgrid  to  an  other  with  respect  to  mesh  size 
and  aspect  ratio  in  all  cases.  Fig.  3  shows  the  resulting 
numerical  grids  for  both  configurations. 


7  RESULTS 
7.1  Results  for  TCI 

Fig.  4  shows  streamlines  of  the  turbulent  flow  around  the 
configuration  at  different  angles  of  attack  (a  =  4",  8*. 
12®  and  16®).  The  separation  bubble  behind  the  slat  be¬ 
comes  smaller  with  increasing  angle  and  finally  vanishes 
completely.  No  separation  is  found  on  the  upper  side  of 
the  fowler  flap.  The  flow  field  on  the  rear  of  the  slat  and 
through  the  gap  between  slat  and  main  airfoil  is  shown 
in  Fig.  5.  It  depicts  velocity  vectors  (Fig.  5a)  as  well  as 
profiles  of  the  streamwise  velocity  W  (Fig.  5b).  The  angle 
of  attack  is  a  =  16®  for  this  case.  The  reverse  flow  near 
the  leading  edge  of  the  main  airfoil  indicates  the  location 
of  the  stagnation  point  on  the  lower  side  of  the  wing. 

Both,  free  stream  and  wind  tunnel  conditions  were  in¬ 
vestigated  when  calculating  the  flow  around  this  con¬ 
figuration.  The  influence  of  the  walls  can  be  seen  in 
Fig.  6,  which  shows  pressure  coefficient  distributions 
Cp  =  (P  -  Pao)/(0.5pUlo)  in  comparison  with  exper¬ 
iments  for  both  test  cases.  In  Fig.  6a,  free  stream  con¬ 
ditions  are  used  as  boundary  condition,  while  Fig.  6b 
shows  the  distribution  derived  from  simulating  wind  tun¬ 
nel  conditions.  In  general,  a  better  agreement  between 
calculation  and  experiment  is  found  in  the  latter  case. 
The  Cp-distributions  around  the  main  airfoil  as  well  as  the 
fowler  flap  compare  quite  favourably  with  experimental 
data.  The  deviations  at  the  upper  side  of  the  slat  and  near 
the  leading  edge  of  the  main  airfoil  are  mainly  due  to 
an  insufficient  grid  resolution  in  these  regions.  Neverthe¬ 
less,  measurements  and  computations  compare  quite  well. 
However,  it  must  be  noted  that  the  shape  of  the  lower  side 
of  the  slat,  as  used  in  the  calculations,  differs  from  the 
original  geometry  as  already  mentioned  in  Section  5. 


72  Results  for  TC2 

Despite  the  apparently  simpler  geometry,  the  second  con¬ 
figuration  turned  out  to  be  a  computationally  more  dif¬ 
ficult  test  case.  According  to  experiments  [7],  the  flow 
remains  attached  on  the  main  airfoil,  whereas  a  small 
separated  region  exists  near  the  trailing  edge  of  the 
flap.  The  flow  over  the  flap  is  characterized  by  strong 
wiflceA>oundary-layer  interactions. 

Fig.  7  shows  pressure  coefficient  distributions  for  this 
configuration.  Results  obtained  with  an  upwind  (UDS, 
dashed  line)  and  a  central  differencing  scheme  (CDS, 
solid  line)  are  compared  to  experimental  data.  The  very 
strong  suction  peak  at  the  leading  edge  of  the  wing  is 
not  captured  by  the  calculations.  As  a  consequence,  the 
pressure  remains  too  high  throughout  the  suction  side  up 
to  the  trailing  edge  of  the  main  airfoil.  The  numerical 
result  compares  quite  favourably  to  experiments  on  the 
pressure  side.  More  severe  deviations  are  found  on  the 
flap  airfoil.  Again,  the  suction  peak  is  computed  too 
small.  No  separation  is  predicted  at  the  trailing  edge, 
which  is  in  contradiction  to  experimental  data.  As  for  the 
main  airfoil,  better  agreement  between  calculation  and 
experimental  data  is  found  on  the  lower  side  of  the  flap. 
Furtheron,  the  influence  of  the  approximation  scheme  on 
the  numerical  results  is  evident  from  this  figure.  Only 
a  small  improvement  of  the  computed  -distribution  is 
found  on  the  main  airfoil.  However,  on  the  flap  the  CDS 
results  agree  much  better  with  experiments  than  the  UDS 
results,  except  near  the  flap  trailing  edge.  An  overall  view 
of  the  flow  domain  is  presented  in  Fig.  8.  It  shows  cal¬ 
culated  profiles  of  the  (/  velocity.  The  influence  of  the 
configuration  on  the  upstream  flow  field  can  be  deduced 
from  this  figure.  In  addition,  the  jet  emanating  from  the 
gap  between  main  airfoil  and  flap  as  well  as  the  develop¬ 
ment  of  the  wake  can  bee  seen.  A  more  detailed  view  of 
the  flow  field  shortly  behind  the  flap  is  given  in  Fig.  9.  It 
shows  distributions  of  (/  at  two  locations  (x/c  =  1 .322 
and  1 .558)  downstream  of  the  flap  in  comparison  with 
experiments.  Again,  results  obtained  with  UDS  and  CDS 
are  plotted.  As  is  to  be  expected,  the  gradients  become 
steeper  when  using  the  central  differencing  scheme  be¬ 
cause  it  does  not  introduce  ‘numerical  diffusion’  as  is  the 
case  with  the  upwind  differencing  scheme.  As  a  conse¬ 
quence,  the  computed  spreading  rate  of  the  wake  becomes 
smaller,  which  leads  to  a  much  better  agreement  of  the 
disuibutions  with  measurements,  see  Fig.  9a.  Neverthe¬ 
less.  the  ‘gap-jet’  is  still  predicted  too  weak  and  the  upper 
mixing  layer  profile  which  stems  horn  the  main  airfoil 
boundary  layer  is  not  captured  correctly,  see  Fig.  9a  Cal¬ 
culated  as  well  as  measured  distributions  of  the  Reynolds 
shear  stress  —Uv  are  given  in  Fig.  10.  In  general  the 
computed  profiles  agree  reasonably  well  with  the  exper¬ 
imental  data  The  minima  and  maxima  locations  of  the 
calculated  distributions  correspond  with  the  positions  of 
the  points  of  inflection  in  the  mean  velocity  profiles,  see 
Fig.  9,  as  to  be  expected  because  of  the  p^uction  rate 
term  of  the  turbulent  kinetic  energy  in  the  k-e  turbulence 
model. 


73  Error  estimation 

In  order  to  assess  the  numerical  solution  error,  all  calcula¬ 
tions  are  performed  on  different  grids,  which  are  refined 
in  a  consistent  manner.  Each  coarse  grid  control  volume  is 
divided  into  four  fine  grid  control  volumes,  thus  doubting 
the  number  of  elements  in  each  direction.  The  applied 
error  estimation  method  is  based  on  Richardson  extrapo¬ 
lation,  see  Caruso  et  at.  [8].  Assuming  that  the  numerical 
error  can  be  expressed  as  a  Taylor  series,  the  error  on 
a  mesh  with  size  h  becomes  for  a  discretisation  scheme 
with  first  order  truncation  error 

fh  =  <!>/.  -  «!>  =  A/i^ -t- (10) 

where  <I>  denotes  the  exact  solution  and  <I>a  the  numerical 
solution.  On  the  coarser  grid  (with  mesh  size  2h),  the 
error  reads; 

(2K=<t>2h-<t>  =  2Ah^  +  0{h'^)  (11) 

Subtraction  of  Eq.  (11)  from  Eq.  (10)  gives  an  approxi¬ 
mation  of  the  numerical  eaor  on  the  hne  grid; 

<t>2h-<bs  «tk  +  0(/i^)  (12) 

Fig.  1 1  shows  as  an  example  the  solution  error  derived 
from  Eq.  (12)  for  the  streamwise  velocity  U  and  static 
pressure  P.  In  the  case  of  the  streamwise  velocity 
(Fig.  1  la),  the  error  is  welt  below  5%  except  for  a  small 
region  near  the  slat.  In  the  case  of  the  static  pressure 
(Fig.  lib)  the  error  amounts  to  about  10%  near  the  slat 
with  a  maximum  of  up  to  25%  in  a  very  small  region. 
Therefore,  with  an  even  finer  grid,  better  resolution  of  the 
strong  suction  peaks  in  these  regions  can  be  expected. 
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8  CONCLUSION  AND  OUTLOOK 
The  results  presented  in  this  paper  clearly  show  the  capa¬ 
bilities  as  well  as  some  restrictions  of  Navier-Stokes  com¬ 
putations  using  t-e  turbulence  modelling  to  predict  flow 
around  high-lift  configurations.  In  general,  good  agree¬ 
ment  with  experimental  data  is  found  for  the  two  different 
2D-configurations  investigated  in  this  work.  However, 
when  considering  the  details  of  the  flow  field,  some  devi¬ 
ations  between  calculations  and  measurements  are  found. 
When  discussing  results  such  as  these,  numerical  solution 
errors  have  to  be  separated  carefully  from  deficiencies  of 
the  applied  turbulence  model. 

In  order  to  improve  the  reliability  of  Navier-Stokes  codes 
for  calculating  the  flow  around  high-lift  configurations, 
first  of  all,  more  detailed  experimental  data  must  be  avail¬ 
able.  This  includes  mean  flow  as  well  as  turbulence 
quantities,  such  as  fluctuating  velocities  and  pressure  and 
distributions  of  turbulent  kinetic  energy  and  Reynolds 
stresses.  Based  on  these  data,  further  numerical  inves¬ 
tigations  have  to  be  performed  in  order  to  facilitate  the 
selection  of  an  appropriate  turbulence  model  for  numeri¬ 
cal  simulations  of  high-lift  flows. 
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b)  Profiles  of  the  streamwise  velocity  U 
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Figure  10:  Reynolds  shear  stress  profiles  at  two  locations  downstream  of  the  flap  (TC2) 
O  Experiments  (7], - present  calculations 
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1.  SUMMARY 

The  incompressible,  viscous,  turbulent  flow  over  single 
and  multi-element  airfoils  is  numerically  simulated  in  an 
efficient  manner  by  solving  the  incompressible  Navier- 
Stokes  equations.  The  solution  algorithm  employs  the 
method  of  pseudocompressibility  and  utilizes  an  upwind- 
differencing  scheme  for  the  convective  fluxes,  and  an  im¬ 
plicit  line-relaxation  scheme.  The  motivation  for  this 
work  includes  interest  in  studying  high-lift  take-off  and 
landing  configurations  of  various  aircraft.  In  particular, 
accurate  computation  of  lift  and  drag  at  various  angles 
of  attack  up  to  stall  is  desired.  Two  different  turbu¬ 
lence  models  are  tested  in  computing  the  flow  over  an 
NACA  4412  airfoil;  an  accurate  prediction  of  stall  is  ob¬ 
tained.  The  approach  used  for  multi-element  airfoils  in¬ 
volves  the  use  of  multiple  zones  of  structured  grids  fitted 
to  each  element.  Two  different  approaches  are  compared; 
a  patched  system  of  grids,  and  an  overlaid  Chimera  sys¬ 
tem  of  grids.  Computational  results  are  presented  for 
two-element,  three-element,  and  four-element  airfoil  con¬ 
figurations.  Excellent  agreement  with  experimental  sur¬ 
face  pressure  coefficients  is  seen.  The  code  converges  in 
less  than  200  iterations,  requiring  on  the  order  of  one 
minute  of  CPU  time  on  a  CRAY  YMP  per  element  in 
the  airfoil  configuration. 


2.  INTRODUCTION 

An  increased  understanding  of  high-lift  systems  will 
play  an  important  role  in  designing  the  next  generation 
of  transport  aircraft.  Current  designs  for  such  aircraft 
typically  involve  multiple  elements,  such  as  leading  edge 
slats  and  multiple-slotted  flaps.  The  current  trend  is  to¬ 
ward  a  more  efficient,  yet  simpler  design  which  will  lead 
to  reduced  manufacturing  and  maintenance  costs.  At  the 
same  time,  increases  in  lift  coefficients  for  a  given  angle  of 
attack  and  increases  in  maximum  lift  coefficient  will  lead 
to  a  larger  payload  capability.  Improved  designs  will  also 
allow  for  reduced  noise  in  areas  surrounding  airports. 
Understanding  of  high-lift  flow  physics  harbors  the  po¬ 
tential  to  improve  airport  capacity  through  a  reduction 
of  an  airplane’s  wake  vortices,  allowing  closer  spacing 
between  subsequent  airplanes  taking  off  and  landing. 

Increased  knowledge  of  the  flow  physics  involved  with 
high-lift  systems  is  therefore  of  greater  interest  than  ever 
before  as  the  need  to  improve  over  current  designs  be¬ 
comes  acute.  Study  of  these  configurations  will  require 
both  computational  and  experimental  efforts.  Computa¬ 
tional  fluid  dynamics  (CFD)  is  playing  a  large  role  in  this 
work.  Multi-element  configurations  present  a  number 


of  challenging  problems  to  the  numerical  investigators. 
These  include  problems  involving  turbulent  boundary 
layer  separation,  confluent  boundary  layers  and  wakes, 
Reynolds  number  effects,  three-dimensional  effects,  com¬ 
pressibility  effects,  transition,  and  complex  geometries. 
Although  the  problems  are  inherently  three-dimensional, 
there  is  still  much  to  be  learned  about  the  flow  physics 
by  studying  two-dimensional  models. 

The  computational  tools  available  range  from  the  more 
efficient  and  simpler  inviscid/viscous  coupled  methods, 
to  a  Reynolds-averaged  Navier-Stokes  (RANS)  analysis. 
An  example  of  the  former  method  is  given  by  Kusunose 
et  al.‘  They  use  a  full  potential  method  coupled  with  an 
integral  boundary-layer  method.  These  methods  have 
been  found  to  be  successful  in  accurately  computing  the 
pressure  distribution  for  multi-element  airfoils,  including 
cases  up  to  maximum  lift,  some  of  which  involve  separa¬ 
tion.  The  coupled  method  has  been  proven  to  be  useful 
as  an  effective  engineering  design  tool.  This  method  is 
limited  by  its  inability  to  compute  beyond  maximum  lift 
conditions,  and  may  have  problems  with  certain  features 
of  some  airfoil  systems  such  as  flap  wells,  thick  trailing 
edges,  or  unsteady  effect*. 

Navier-Stokes  calculations  for  high-lift  systems  have 
been  investigated  by  a  number  of  authors. Schuster 
and  Birckelbaw^  computed  the  flow  over  a  two-element 
airfoil  using  a  structured,  compressible,  RANS  solver. 
The  grid  system  used  was  a  pointwise  patched  system 
with  three  zones,  with  C-grids  around  both  the  main 
element  and  flap,  and  another  outer  C-grid  surround¬ 
ing  those.  Good  results  were  obtained  for  low  Reynolds 
number  turbulent  flow.  The  next  two  authors,  Barth,^ 
and  Mavriplis*  both  used  an  unstructured  grid  approach 
to  handle  the  difficulty  of  discretizing  multi-element  ge¬ 
ometries.  They  were  each  able  to  produce  accurate  pres¬ 
sure  coefficient  information  on  the  airfoil  surfaces.  The 
accuracy  of  the  unstructured  grid  approach,  however,  is 
limited  because  of  the  very  large  aspect  ratio  of  the  tri¬ 
angular  cells  required  to  resolve  high  Reynolds  number 
boundary  layer  flows.  Also,  this  approach  is  not  well  de¬ 
veloped  for  three-dimensional  problems.  Large  compu¬ 
tational  resources  are  required,  especially  CPU  memory, 
to  make  these  methods  work  for  viscous  flows.  Unstruc¬ 
tured  methods  are  currently  generating  a  lot  of  interest 
in  the  research  community;  improvements  to  these  limi¬ 
tations  are  to  be  expected  in  the  near  future.  Until  such 
a  time,  the  current  authors  believe  that  a  structured  grid 
approach  is  the  most  suitable  for  solving  viscous  multi¬ 
element  problems  in  two  and  three  dimensions. 
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The  current  work  usee  an  incompressible  RANS  flow 
solver  to  compute  the  flow  over  multi-element  airfoils. 
Two  different  grid  approaches  are  used;  the  first  ap¬ 
proach  employs  the  patched  grids  utilized  in  Ref.  2, 
and  the  second  uses  an  overlaid  grid  approach  known  as 
the  Chimera  scheme.*  The  current  work  examines  sev¬ 
eral  airfoil  flow  problems  in  two  dimensions  in  an  effort 
to  characterize  current  capability  to  numerically  study 
such  problems.  Grid  topology,  computational  efficiency, 
and  resulting  accuracy  ate  issues  to  be  examined  in  the 
current  work.  An  incompressible  flow  solver  is  being  uti¬ 
lized  because  the  flow  conditions  for  take-off  and  landing 
will  generally  be  less  than  a  Mach  number  of  0.2.  In  the 
actual  flow,  compressibility  effects  will  generally  be  con¬ 
fined  to  a  smtdl  localized  region,  such  as  near  the  area 
of  a  leading-edge  slat.  Since  the  incompressible  Naviet- 
Stokes  system  has  one  less  equation  than  its  compressible 
counterpart,  less  computing  resources  are  required. 


3.  ALGORITHM 

The  current  computations  are  performed  using  the 
INS2D  computer  code  which  solving  the  incompressible 
Navier-Stokes  equations  for  steady-state  flows*  and  un¬ 
steady  computations.^  This  algorithm  has  also  been  ap¬ 
plied  to  problems  in  three  dimensions  using  tb"  INS3D- 
UP  code.®  The  code  is  based  on  the  method  of  artifi¬ 
cial  compressibility  as  developed  by  Chorin®  in  which  a 
pseudo- time  derivative  of  pressure  is  added  to  the  con¬ 
tinuity  equation.  Thus  the  convective  part  of  the  equa¬ 
tions  form  a  hyperbolic  system,  which  can  be  iterated  in 
pseudo-time  until  a  steady-state  solution  is  found.  For 
unsteady  problems,  subiterations  in  pseudo-time  are  per¬ 
formed  for  each  physical  time  step.  Since  the  convective 
terms  of  the  resulting  equations  are  hyperbolic,  upwind 
differencing  can  be  applied  to  these  terms.  The  cur¬ 
rent  code  uses  flux-differencing  splitting  modeled  after 
the  scheme  of  Roe.**  The  upwind  differencing  leads  to 
a  more  diagonally  dominant  system  than  does  central 
differencing  and  does  not  require  the  additional  use  of 
artificial  dissipation.  The  system  of  equations  is  solved 
using  a  Gauss-Seidel  type  line-relaxation  scheme.  The 
line-relaxation  scheme  is  very  useful  for  computing  multi- 
zonal  grids  because  it  makes  it  possible  to  iteratively  pass 
AQ  (which  is  the  change  in  the  dependent  variables  for 
one  time  step)  information  between  the  zonal  boundaries 
as  the  line-relaxation  sweeping  takes  place.  The  result  is 
a  semi-implicit  passing  of  boundary  conditions  between 
zones,  which  further  enhances  the  code  stability.**  The 
resulting  code  is  very  robust  and  stable.  It  is  capable  of 
producing  steady-state  solutions  to  fine-mesh  problems 
in  100  to  200  iterations.  More  detail  about  the  computer 
code  can  be  found  in  Refs.  6-8. 

Most  of  the  present  calculations  used  the  turbulence 
model  developed  by  Baldwin  and  Barth,*^’*®  where  the 
specific  formulation  found  in  Ref.  12  was  used.  This  is  a 
one-equation  turbulence  model  that  avoids  the  need  for 
an  algebraic  length  scale  and  is  derived  from  a  simpli¬ 
fied  form  of  the  standard  k  —  €  model  equations.  In  the 
current  application,  the  equation  is  solved  using  a  line- 
relaxation  procedure  similar  to  that  used  for  the  mean- 
flow  equations.  This  model  has  been  found  to  be  very 
robust  and  easy  to  implement  for  multiple-body  configu¬ 
rations.  The  next  section  includes  computations  of  flow 


over  a  single  airfoil.  One  of  the  studies  for  this  problem 
includes  a  comparison  of  the  Baldwin-Barth  turbulence 
model  with  the  Baldwin-Lomax*^  algebraic  turbulence 
model. 


4.  COMPUTED  RESULTS 

This  section  describes  results  of  the  current  computa¬ 
tions  for  various  different  airfoil  configurations  with  one. 
two,  three,  and  four  elements. 

4.1.  NACA  4412  Airfoil 

Calculations  were  performed  for  the  flow  over  an  NAf'A 
4412  airfoil  at  a  Reynolds  number  of  1.52  million.  A 
C-grid  with  dimensions  of  241x63  was  used,  with  wall 
spacings  on  the  order  of  10,“*  which  corresponds  to 
values  on  the  order  of  one.  The  grid  was  computed  using 
a  hyperbolic  grid  generator.'*  A  close  view  of  this  grid 
is  shown  in  fig.  1.1.  In  order  to  compute  flow  quanti¬ 
ties  for  the  points  on  the  computational  boundary  in  the 
“wake  cut”  line  of  the  c-mesh,  two  lines  of  dummy  points 
are  added  such  that  these  dummy  points  coincide  with 
points  on  the  other  side  of  the  wake  line.  The  first  line  of 
these  dummy  points  is  updated  by  injecting  values  from 
the  coincident  interior  points  on  which  they  lie.  Using 
this  overlap  produces  smooth  solutions  to  the  equations 
across  this  computational  boundary.  This  procedure  also 
adds  dummy  points  inside  the  airfoil.  These  points  are 
merely  blanked  out  and  never  used  in  the  solution  pro¬ 
cedure.  All  of  the  C-grids  in  this  work  use  this  overlap. 


Fig.  1.1.  241x63  grid  used  for  flow  over  an  NACA  4412 
airfoil. 

This  flow  was  computed  using  two  different  turbulence 
models,  the  Baldwin-Barth  model**  and  the  Baldwin- 
Lomax  model.**  Figure  1.2  shows  a  comparison  between 
these  computations  and  the  experimental  results  of  Coles 
and  Wadcock*®  at  an  angle  of  attack  of  13.87  degrees, 
which  is  very  nearly  maximum  lift  conditions.  In  the  ex¬ 
periment  the  flow  separated  at  approximately  85  percent 
of  chord.  Trip-stripe  were  employed  in  the  experiment 
on  the  suction  and  pressure  surfaces  at  chord  locations 
of  r/c  of  0.023  and  0.1,  respectively.  The  computa¬ 
tions  thus  specify  these  as  the  transition  points.  For  the 
Baldwin-Barth  model  this  is  implemented  by  setting  the 
the  production  terms  to  zero  upstream  of  these  locations; 
for  the  Baldwin-Lomax  model  the  eddy  viscosity  is  set  to 
zero  upstream  of  the  transition  location.  The  agreement 
is  fairly  good,  with  the  biggest  discrepancy  occurring  at 
the  trailing  edge  where  the  predicted  pressure  is  too  high. 
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However,  the  Baldwin- Buth  model  does  give  a  flattening 
of  the  pressure  over  the  aft  15  percent  of  chord,  indicat¬ 
ing  flow  separation,  where  the  Baldwin- Loiuax  solution 
does  not  show  this  tendency.  This  figure  also  shows  that 
the  computations  with  the  transition  predict  a  leading- 
edge  lamir.at  separation  babble.  The  experiment  reports 
that  there  was  no  laminar  separation  bubble  at  this  an¬ 
gle  of  attack,  so  an  additional  computation  was  run  us¬ 
ing  the  Baldwin-Barth  model  with  the  production  terms 
turned  on  everywhere,  thus  the  boundary  layer  was  fully 
turbulent.  The  pressure  coefficient  for  this  is  also  shown 
in  fig.  1.2.  There  is  a  slight  improvement  in  the  trailing 
edge  area  for  this  solution.  The  Baldwin-Lomax  model 
showed  no  difference  in  the  pressure  or  velocity  solution 
when  it  was  run  without  specifying  transition,  except 
that  it  removed  the  laminar  separation  bubble. 


Fig.  1.2.  Pressure  coefficient  on  surface  of  an  NACA 
4412  airfoil  at  Reynolds  number  of  1.52  million  com¬ 
paring  calculations  with  Baldwin-Barth  and  Baldwin- 
Lomax  turbulence  models  and  experimental  data. 
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Fig.  1.3.  Velocity  profiles  on  upper  surface  of  an  NACA 
4412  airfoil  at  streamwise  stations  of  x/c  =  0.62,  0.675, 
0.731,  0.786,  0.842,  0.897,  and  0.953. 

Velocity  profiles  from  the  suction  surface  boundary  layer 
are  plotted  in  fig.  1.3  at  streamwise  stations  of  x/c  = 
0.62,  0.675,  0.731,  0.786,  0.842,  0.897,  and  0.953.  The 
profiles  are  shown  using  the  streamwise  component  of 
velocity  in  boundary-layer  coordinates,  that  is,  the  ve¬ 
locity  component  tangential  to  the  local  airfe^  surface. 
This  figure  shows  in  greater  detail  the  problems  of  the 
Baldwin-Lomax  solutions  in  this  region;  the  boundary 
layer  profile  is  too  full  and  the  solution  shows  only  a 
tiny  region  of  separation.  The  Baldwin-Barth  solution 
is  in  closer  agreement  with  the  experimental  results,  but 


also  suffei.  'tom  too  small  of  a  separation  region.  The 
case  without  transition  shows  the  best  agreement  with 
the  experimental  profiles. 


Fig.  1.4.  Lift  coefficient  versus  angle  of  attack  for  flow 
over  an  NACA  4412  airfoil. 


X/C 

Fig.  1.5.  Pressure  coefficient  on  the  surface  of  the  NACA 
airfoil  at  16  degrees  angle  of  attack  for  seven  different 
times  during  the  unsteady  periodic  motion. 

Computations  were  run  for  a  range  of  angles  of  attack 
from  zero  lift  to  maximum  lift.  The  lift  coefficient  versus 
angle  of  attack  is  plotted  in  Fig.  1.4.  This  shows  that 
the  Baldwin-Barth  solution  with  transition  gives  very 
good  agreement  in  the  lift,  including  the  prediction  of 
stall.  For  all  cases,  as  the  angle  of  maximum  lift  was 
approached  the  flow  tended  toward  unsteadyness.  That 
is,  the  steady-state  computations  did  not  converge  com¬ 
pletely,  which,  for  the  artificial  compressibility  formula¬ 
tion  means  that  the  results  do  not  satisfy  the  continuity 
equation.  In  these  cases  the  code  was  then  run  in  a  time- 
accurab  ,  unsteady  mode.  For  the  Baldwin-Barth  model 
with  transition,  at  an  angle  of  attack  of  14  degrees,  the 
unsteadiness  dies  out  when  the  computations  are  run  in 
a  time-accurate  mode.  At  16  degrees,  an  unsteady  peri¬ 
odic  behavior  ensues;  as  shown  in  the  figure,  the  mean 
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*ift  drope  shuj^y  below  the  values  from  smaller  angles  of 
attack.  Examination  of  the  flow  shows  that  the  leading- 
edge  laminar  separation  bubble  is  periodically  shedding 
and  traveling  through  the  boundary  layer  on  the  top  sur¬ 
face  of  the  airfoil,  and  past  the  trailing  edge.  Figure  1.5 
shows  the  pressure  coefficient  on  the  surface  of  the  airfoil 
at  seven  different  times  through  the  period  of  this  flow. 
The  forming  of  the  leading-edge  vortex  is  evident,  and 
it  can  be  seen  that  it  travels  downstream  and  past  the 
trailing  edge. 

For  the  Baldwin-Barth  model  without  transition  at  an 
angle  of  attack  of  16  degrees,  all  oscillations  damp  out 
and  it  converges  to  a  steady-state  solution.  At  18  de¬ 
grees,  the  lift  continues  to  oscillate  periodically,  yet  there 
is  only  a  slight  drop  in  the  lift,  and  there  is  a  complete  ab¬ 
sence  of  a  leading-edge  separation  bubble.  The  Balwin- 
Lomax  computations  do  not  have  any  type  of  periodic 
unsteady  behavior  with  or  without  transition.  The  re¬ 
sults  from  this  model  show  that  a  drop  in  lift  does  not 
occur  until  an  angle  of  attack  of  20  degrees. 

In  short,  the  Baldwin-Barth  model  shows  promise  for 
use  in  predicting  high-lift  flows,  and  although  some  defi¬ 
ciencies  are  shown  here,  it  is  significantly  better  than  the 
Baldwin-Lomax  model.  In  addition,  the  Baldwin-Barth 
model  is  much  easier  to  use  than  the  Baldwin-Lomax 
model,  in  that  is  does  not  require  a  length  scale;  it  is 
straightforward  to  implement  for  a  multi-element  airfoil 
computation.  All  of  the  results  in  the  later  sections  of 
this  paper  use  the  Baldwin-Barth  model. 


Fig.  1.6.  Convergence  history  showing  Maximum  resid¬ 
ual  versus  iteration  number  for  flow  over  an  NACA  4412 
airfoil  at  13.87  degrees  angle  of  attack. 

The  convergence  history  is  shown  in  Fig.  1.6  for  the  an¬ 
gle  of  attack  of  13.87  degrees  for  both  turbulence  mod¬ 
els  with  and  without  transition.  In  general,  fast  con¬ 
vergence  is  seen,  with  converged  solutions  obtained  in 
100  to  200  iterations.  Specifying  the  transition  tends 
to  produce  an  unsteady  component  into  the  flow  field 
which  somewhat  delays  the  convergence.  It  can  also 
be  seen  that  the  Baldwin-Lomax  computations  converge 


much  faster  than  the  Baldwin-Barth  model.  The  com¬ 
puting  time  on  a  Cray  YMP  required  for  this  241  x  63 
mesh  is  100  seconds  for  200  iterations  when  using  the 
Baldwin-Barth  model,  90  seconds  for  200  iterations  with 
the  Baldwin-Lomax  model.  When  running  the  unsteady 
cases,  the  algorithm  requires  subiterations  at  each  phys¬ 
ical  time  step  to  drive  the  divergence  of  velocity  toward 
sero.  When  running  the  unsteady  16  degree  angle  of  at¬ 
tack  case  with  a  non-dimensional  time  step  of  0.05,  40 
physical  time  steps  resulted  in  one  period  of  the  flow. 
This  took  about  10  minutes  of  computing  time.  Due  to 
the  difficult  nature  of  solving  the  unsteady  incompress¬ 
ible  Nsvier-Stokes  equations,  it  proably  would  not  be 
computationally  cheaper  to  use  an  incompressible  formu¬ 
lation  over  a  compressible  Navier-Stokes  code  to  study 
post-stall,  unsteady  airfoil  flows. 

4.2.  Two-Element  Airfoil 

The  geometry  is  made  up  of  an  NACA  4412  airfoil  with 
an  NACA  4415  flap  deployed  at  21.8  degrees,  with  the 
entire  configuration  at  8.2  degrees  angle  of  attack.  This 
geometry  was  the  subject  of  a  wind  tunnel  experiment 
by  Adair  and  Horne. The  chord  Reynolds  number  was 
1.8  miUion,  and  the  Mach  number  in  the  experiment  was 
0.09.  The  blockage  in  the  wind-tunnel  was  severe  enough 
that  the  wind-tunnel  walls  needed  to  be  included  in  the 
calculations  in  order  to  get  good  agreement  wi'h  the  ex¬ 
perimental  pressure  coefficients. 


Fig.  2.1.  Three-zone  patched  grid  used  to  compute  flow 
over  an  NACA  4412  airfoil  with  an  NACA  4415  flap. 

The  airfoils  were  discretized  using  two  different  grid  ap¬ 
proaches.  The  first  follows  the  work  of  Schuster  and 
Bin  Velbaw^  and  uses  3  zones  which  are  patched  together 
using  coincident  points.  This  grid  is  shown  in  Fig.  2.1. 
Each  of  the  elements  is  surrounded  by  a  C-grid,  and 
these  two  grids  are  surrounded  by  another  C-grid  which 
extends  out  to  the  wind-tunnel  walls.  The  dimension  of 
these  grids  are  374x44,  241x33,  and  352x32,  respectively, 
for  a  total  of  35,000  points. 

The  second  type  of  grid  uses  a  Chimer^'"  approach,  in 
which  C-grids  were  generated  about  each  of  the  elements. 
To  include  the  effects  of  the  wind-tunnel  walls  these  grids 
:.,-r  -  -set  into  a  third  zone  composed  of  an  h-grid.  A 
partial  view  of  these  three  grids  is  shown  at  the  top  of 
Fig.  2.2,  with  a  close-up  of  the  main-element  grid  in 
the  vicinity  of  the  flap  shown  in  the  bottom  half  of  this 
figure.  These  grids  had  dimensions  of  261x49,  203x35, 
and  121x61,  for  a  total  of  27,500  points.  To  imple¬ 
ment  the  Chimera  approach,  these  grids  are  given  to  the 
PEGSUS*  code.  This  code  first  punches  holes  into  grids 
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where  they  overlap  a  body  (as  thown  in  the  bottom  of 
Fig.  2.2).  It  then  computes  the  interpolation  stencils 
used  to  update  the  flow  quantities  at  the  fringe  points 
of  these  holes,  and  to  update  the  flow  quantities  at  the 
outer  boundaries  of  grids  which  lie  inside  another  grid 
(hke  the  outer  boundaries  of  the  c-grids  seen  in  the  top 
of  Fig.  2.2).  For  both  the  Chimera  and  the  patched  grid 
approaches,  the  spacing  next  to  the  surfaces  was  set  to 
2  X  10~®,  which  correspond  to  y'*’  values  at  the  waU  on 
the  order  of  one. 


Fig.  2.2.  Overlaid  Chimera  grid  used  to  compute  flow 
over  an  NACA  4412  airfoil  with  an  NACA  4415  flap. 


Fig.  2.3.  Pressure  coeflicient  on  surface  of  two-element 
airfoil  comparing  both  patched  grid  and  overlaid  grid 
schemes  to  experimental  results. 

The  computationa]  results  compare  smil  with  the  exper¬ 
imental  resulta  of  Adair  and  Horne.'^  A  plot  of  the  pres- 
anre  coeflSdent  on  the  surface  of  the  elements  is  shown 
in  Fig.  2.3.  ResnlU  from  both  of  the  grid  approaches  is 
shown.  The  biggest  diffemnce  between  the  computation 
and  experiment  is  seen  in  the  suction  peak  at  the  leading 
edge  of  the  flap.  The  difference  might  be  explained  by 
a  difference  in  the  geometry  between  the  computations 


and  the  experiment.  There  was  an  ambiguity  in  the  way 
in  which  the  flap  position  is  defined. 


Fig.  2.4.  Convergence  history  for  flow  over  two-element 
airfoil  for  patched  grid  and  overlaid  grid  schemes. 


Figure  2.4  shows  the  convergence  history  for  these  com¬ 
putations.  They  both  converge  very  well,  resulting  in  a 
steady-state  solution  in  about  100  iterations.  Each  of 
these  grid  cases  takes  about  100  seconds  of  CPU  time  on 
a  Cray  YMP  for  100  iterations.  The  code  runs  at  about 
a  rate  of  80  MFLOPS,  and  requires  36  x  10~®  CPU  sec¬ 
onds  per  grid  point  per  iteration.  Since  the  Chimera  ap¬ 
proach  uses  about  20%  fewer  grid  points,  it  takes  a  little 
less  computing  time.  The  major  difference  between  these 
approaches  is  the  amount  of  time  and  effort  it  takes  to 
generate  the  grids.  The  patched  grid  case  takes  on  the 
order  of  several  hours  of  work;  it  involves  generating  in¬ 
ner  boundaries  which  define  the  surface  with  the  proper 
point  distribution  to  ensure  that  the  grids  can  be  patched 
together.  Then  hyperbolic  grids  are  marched  halfway 
across  the  gap  from  each  of  the  elements.  The  result¬ 
ing  outer  boundaries  of  these  are  merged  into  a  common 
interface  where  they  match.  The  inner  grids  are  recalcu¬ 
lated  to  match  this  interface.  Finally,  the  outer  C-grid 
is  marched  outward  using  a  hyperbolic  grid  generator. 
The  process  is  tedious  and  is  not  easily  repeatable  for 
a  different  case  (new  flap  placement,  or  flap  angle),  or 
for  a  different  geometry.  On  the  other  hand,  the  over¬ 
laid  grids  can  generated  in  only  a  matter  of  minutes; 
one  need  only  generate  two  independent  hyperbolic  grids 
about  each  of  the  elements,  and  then  feed  these  into  the 
PEGSUS  code®  as  described  above.  Once  this  has  been 
set  up  for  one  case  it  is  very  easy  to  reproduce  it  for 
another  case  or  another  geometry.  It  is  for  these  reasons 
that  the  overlaid  grid  approach  was  adopted  for  the  rest 
of  the  cases  and  geometries  in  this  work. 
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Fig.  2.5.  Velocity  profiles  from  overlaid  grid  calculations 
compared  to  experimental  data. 


Fig.  2.6.  Coefficient  of  lift  versus  angle  of  attack  as  com¬ 
puted  by  the  overlaid  grid  approach  for  the  two-element 
airfoil. 

Figure  2.5  shows  velocity  profiles  from  the  Chimera  cal¬ 
culations  at  three  locations  on  the  top  surface  of  the  main 
element  and  flap.  These  are  plotted  with  experimen¬ 
tal  measurements  of  the  profiles  by  Adair  and  Horne. 
These  plots  show  fairly  good  agreement  with  the  experi¬ 
mental  results.  The  biggest  discrepancy  is  the  difference 
in  the  gap  velocity  off  the  surface  of  the  flap’s  leading 
edge.  This  is  related  to  the  difference  seen  in  the  pres¬ 
sure  coefficient  plot  in  Fig.  2.3.  The  velocity  profile  from 
the  trailing  edge  of  the  flap  shows  that  there  is  a  sepa¬ 
ration  occurring  over  the  top  surface  of  the  flap.  This 
profile  shows  that  the  computational  separation  bubble 
is  not  as  thick  as  that  seen  in  the  experiment,  but  that 
the  computations  do  an  excellent  job  of  capturing  the 
wake  from  the  main  element  in  this  region. 

Further  calculations  were  carried  out  using  free-stream 
outer  boundaries  (neglecting  wind-tunnel  walls).  These 
calculations  use  the  overlaid  grids  with  two  zones,  where 
the  main  element  grid  extends  beyond  ten  chord  lengths 
from  the  airfoil.  These  were  run  at  various  angles  of 
attack  to  show  the  capability  to  compute  maximum  lift 
conditions  as  well  as  post-stall  conditions.  The  curve 
of  lift  coefficient  versus  angle  of  attack  is  shown  in  Fig. 
2.6.  The  lift  drops  off  sharply  at  alpha  =  15  degrees,  and 


the  calculations  indicate  that  the  flow  becomes  unsteady 
beyond  that  angle  of  attack.  I'he  skin  friction  along  the 
surfaces  of  the  airfoil  elements  is  shown  in  Fig.  2.7.  It 
can  be  seen  that  the  flow  separates  at  the  trailing  edge 
of  the  flap  even  at  zero  angle  of  attack,  and  that  this 
separation  reduces  in  size  with  increasing  angle  of  attack. 
The  main  element  has  trailing  edge  separation  occurring 
at  angles  of  attack  of  12  degrees  and  greater.  It  becomes 
massively  separated  at  an  angle  of  attack  of  16  degrees. 
At  this  angle  of  attack  the  flap  shows  evidence  of  a  vortex 
passing  over  the  top  because  of  the  large  dip  in  the  skin 
friction  on  the  surface  of  the  flap. 


Fig.  2.7.  Skin  friction  on  the  surface  of  the  main  element 
and  flap  for  various  angles  of  attack. 


4.3.  Three-Element  Airfoil 

The  three  element  computational  configuration  was 
taken  from  an  experimental  geometry  of  a  supercritical 
airfoil  which  has  been  tested  by  Vaiarezo  et  al.*^  This 
airfoil  consisted  of  a  leading  edge  slat  deployed  at  -30 
degrees,  a  main  element,  and  a  trailing  edge  flap  de¬ 
ployed  at  30  degrees.  The  experimental  Mach  number 
was  0.2  and  the  chord  Reynolds  number  was  9  million. 
The  Chimera  approach  was  used  to  discretize  the  ge¬ 
ometry  and  produce  a  computational  grid.  A  C-grid 
was  placed  around  each  element,  with  the  main-element 
grid  extending  out  to  the  far  field.  The  grids  for  the 
slat-,  main-,  and  flap-element  had  dimensions  of  221x41, 
401x75,  and  221x47,  respectively,  for  a  total  just  under 
51,000  points.  The  top  of  Fig.  3.1  shows  every  other 
grid  point  in  the  first  and  third  element  grids,  with  the 
resulting  holes  caused  by  the  main  element.  The  second 


half  of  this  figure  shows  the  main  element  grid.  The  wake 
cut  boundary  of  this  grid  has  been  aligned  just  above  the 
top  surface  of  the  flap  element  in  an  attempt  to  put  as 
many  points  as  possible  in  the  wake  and  boundary-layer 
region  found  there. 


Fig.  3.1.  Grid  and  geometry  for  the  three-element  airfoil, 
showing  every  other  grid  point  around  the  slat  and  flap. 


Fig.  3.2.  Velocity  magnitude  contours  at  2U.4  degrees 
angle  of  attack. 


Figure  3.2  shows  velocity  magnitude  contours  for  the 
three  element  configuration  run  at  '20.4  degrees  angle  of 
attack.  The  wake  of  the  slat  b  clearly  seen  across  the 
top  of  the  succeeding  elements.  The  experimental  results 
of  Valarezo  et  al.  and  the  computational  results  of  this 
study  are  compared  in  Fig.  3.3.  These  figures  show  pres¬ 
sure  coefficients  on  the  surfaces  of  each  element  at  three 
different  angles  of  attack,  8.1,  20.4,  and  23.4  degrees. 
Very  good  agreement  is  seen  except  on  the  suction  side 
of  the  slat.  Also,  there  is  a  discrepancy  on  the  upper 
surface  of  the  flap  trailing  edge.  The  experimental  re¬ 
sults  show  a  strong  adverse  pressure  gradient  followed 
by  a  flattening  in  the  pressure  coefficient  curve,  which 
is  generally  evidence  of  flow  separation.  The  computa¬ 
tional  results  do  not  show  this.  This  is  probably  due  to 
the  general  trend  of  the  turbulence  model  to  underpre¬ 
dict  the  amount  of  separation.  The  experiment  allowed 
free  transition  on  the  elements,  and  the  computations  as¬ 
sumed  a  turbulent  boundary  layer  everywhere.  Further 
work  in  this  area  could  include  use  of  a  transition  model 
for  this  calculation. 

Convergence  histories  of  these  computations  are  shown 
in  Figure  3.4.  These  computations  converge  well,  with 
steady  state  solutions  being  obtained  after  200  iterations, 
which  corresponds  to  about  4  minutes  of  CPU  time  on 
a  Cray  YMP. 
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Fig.  3.3.  Pressure  coefficient  comparing  computation 
and  experiment  for  angles  of  attack  of  8.1,  20.4,  and 
23.4  degrees. 


Fig.  3.4.  Convergence  for  the  three-element  airfoil. 


4.4.  Four-Element  Airfoil 

The  geometry  is  made  up  of  a  NASA  9,3  percent  blunt- 
based,  supercritical  airfoil  with  a  leading  edge  slat  de¬ 
ployed  at  -47.2  degrees  and  two  trailing  edge  flaps  at 
30  degree  and  49.7  degrees  respectively.  This  configu¬ 
ration  matches  the  geometry  used  in  the  experimental 
work  done  by  Omar  et  al.^®  The  Mach  number  in  the 
experiment  was  0.201  and  the  chord  Reynolds  number 
was  2.83  million. 


Fig.  4.1.  Velocity  magnitude  contours  at  14.25  degrees 
angle  of  attack. 
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Fig.  4.2.  Pressure  coefficient  comparing  computation 
and  experiment  for  angles  of  attack  of  0.0,  8.13,  and 
14.25  degrees. 


The  geometry  was  discretized  using  the  Chimera  ap¬ 
proach.  C-grids  were  generated  around  each  of  the  el¬ 
ements,  with  the  main  element  grid  being  marched  out 
to  the  outer  boundary.  These  grids  were  overlaid  and 
the  PEGSUS®  code  was  used  to  create  an  overlaid  grid 
Approximately  55,000  points  were  used  in  the  resulting 
composite  grid  in  order  to  resolve  the  flow  physics  ade¬ 
quately  in  the  boundary  layers  and  wakes.  The  grid  spar  ¬ 
ing  next  to  the  surfaces  of  the  airfoils  was  10“®  which 
ensures  y'*’  values  of  one  near  the  wall. 


The  computational  results  of  this  study  were  compared 
with  the  the  experimental  results  of  Omar  et  al.'*.  Fig¬ 
ure  4.1  shows  velocity  magnitude  contours  around  the 
four  element  configuration  at  14.25  degrees  angle  of  at¬ 
tack.  in  this  figure  the  wake  from  the  leading  edge  slat 
is  apparent  over  the  main  element.  Subsequent  wakes 
from  the  main  element  and  flaps  ran  also  be  observed 
Plots  of  the  pressure  coefficient  on  the  surfaces  of  the  el¬ 
ements  at  angles  of  attack  of  0  0.  8.13,  and  14.25  degrees 
are  shown  in  Fig.  4.2.  Again,  excellent  agreement  is 
seen  except  there  is  once  more  evidence  that  the  compu¬ 
tation  of  the  flow  over  the  flap  underpredirts  the  amount 
of  separation  at  the  lower  angles  of  attack. 


Fig.  4.3.  Convergence  for  the  four-element  airfoil. 


The  convergence  histories  for  the  four  element  configura¬ 
tion  at  three  different  angles  of  attack  are  shown  in  Fig. 
4.3.  The  computations  converge  well  and  a  steady  state 
solution  is  produced  after  about  200  iterations,  which 
corresponds  to  approximately  four  minutes  of  CPU  time 
on  the  Cray  YMP. 


5.  CONCLUSIONS 

An  incompressible  flow  solver  has  been  used  to  compute 
flow  over  several  airfoil  geometries  for  the  purpose  of 
developing  a  tool  to  study  takeoff  and  landing  config¬ 
urations.  The  code  is  robust  and  produces  numerical 
simulations  in  a  matter  of  minutes.  The  flow  over  an 


NAOA  4412  airfoil  was  investigated,  and  the  Baldwin- 
Baith  and  Baldwin- Lomax  turbulence  models  were  com¬ 
pared.  The  Baldwin-Barth  model  gave  significantly  bet¬ 
ter  results,  and  was  much  easier  to  use.  particularly  for 
multi-element  flows.  The  use  of  the  Chimera  overlaid 
grid  approach  was  found  to  be  much  easier  than  using  a 
patched  grid  scheme  for  solving  multiple  element  airfoil 
flows.  Both  approaches  are  capable  of  producing  accu¬ 
rate  solutions.  Accurate  pressure  prediction  was  shown 
for  geometries  with  two,  three,  and  four  airfoil  elements. 
The  common  discrepancy  between  these  calculations  and 
experimental  results  involves  separated  flow  The  results 
for  the  NACA  4412  airfoil  indicate  that  deficiencies  with 
the  turbulence  model  are  the  most  likely  cause  of  these 
inaccuracies.  Work  in  progress  with  different  turbulence 
models  shows  promise  in  remedying  this.  Investigation 
of  other  turbulence  models  and  their  implementation  for 
a  multi-element  airfoil  calculation  will  be  the  focus  of 
future  work.  In  addition,  future  work  will  include  the 
extension  of  the  current  work  to  three  dimensions. 
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ABSTRACT 

A  study  of  Navier-Stokes  calculations  of  flows  about  multi¬ 
element  airfoils  using  a  chimera  grid  approach  is  prescntea. 
The  chimera  approach  utilizes  structured,  overlapped  gnds 
which  allow  great  flexibility  of  grid  arrangement  and 
simplifies  grid  generation.  Calculations  are  made  for  two  . 
three-,  and  four-element  airfoils,  and  modeling  of  the  effect 
of  gap  distance  between  elements  is  demonstrated  for  a  two- 
element  case.  Solutions  are  obtained  using  the  thin-layer 
form  of  the  Reynolds  averaged  Navier-Stokes  equations 
with  turbulence  closure  provided  by  the  Baluwin-Lomax 
algebraic  model  or  the  Baldwin-Barth  one  equation  muJel. 
The  Baldwin-Baith  turbulence  model  is  shown  to  provide 
better  agreement  with  expenmenlal  data  and  to  dramatically 
improve  convergence  rales  for  some  cases.  Recently 
developed,  improved  farfield  boundary  conditions  are 
incorporated  into  the  solver  for  greater  efficiency. 
Computed  results  show  good  comparison  with 
experimental  data  which  include  aerodyn.imic  forces, 
surface  pressures,  and  boundary  layer  velocity  profiles. 

Symbols 

C]  Section  Lift  Coefficient,  l/q,„c 

1  Section  Lift 

q  Dynamic  Pressure,  l/2pu- 

u,U  Velocity 

Cj  Section  Drag  Coefficient,  d/q.„c 

d  Section  Drag 

Cf  Skin  Friction  Coefricient, 

c  Airfoil  Chord 

X  Shear  Stress 

M  Mach  Number,  u/a 

a  Speed  of  Sound 

Cp  Pressure  Coetficient,  (p-p„)/q„ 

p  Static  Piessure 

y*  Non-dimensional  Distance  from  Wall, 

yVTw/(pw(iw) 

Re  Reynolds  Number,  p„U«,c/n„ 

p  Viscosity 

Subscripts: 

oo  Freestream  Quantity 

e  Quantity  at  Edge  of  Boundary  Layer 

w  Quantity  at  Wall 

INTRODUCTION 

Efficient  high-lift  systems  are  critical  in  achieving 
optimum  aerodynamic  performance  of  future  generation 
military  and  commercial  aircraft.  Well  designed  high-lift 


systems  lead  directly  to  greater  operilioiial  iexihilit) 
through  increased  payloads,  extended  ranges,  and  decreased 
tike-off  and  landing  distances  Traditn.ral  high  lift  design 
has  relied  on  extensive  wind  tunnel  and  flight  testing 
which  is  expensive  und  difiieult  due  to  the  extiemel\ 
complex  flow  uileraclioiis  eiKountered.  TTic  complexilv  ot 
the  flow  interactions  requires  sn^h  exlrenu  .idelilv  ill 
geometric  representation  and  matching  of  test  i”  actual 
operating  conditions  that  the  applicability  of  standard 
scale  model  aeriidynamic  testing  is  linnled  In  older  to 
achieve  -"'imuni  designs,  new  lools  for  nqnd  and  efficient 
analysis  of  high-lifl  configuialions  are  required. 
Computational  Ruid  Dynamies  (CRfi  offers  great  promise 
as  a  tool  whieh  provides  valuable  insight  into  the  flow 
phenomena  associated  with  h'gh-lift  system  perlomiance. 
however  to  provide  early  design  guidance  rapid  and 
elficicnl  CFD  techinqucs  must  be  developed  and  vahdalcd 

Traditionally  (and  for  the  foreseeable  fulurci  high-hli 
systems  incorporate  multi-element  geometries  in  which  a 
number  of  highly  loaded  aerodynamic  elcmenis  inicrad  in 
close  proramity  to  each  other.  Figure  1  show  s  an  example 
cross  section  of  a  typical  configuration  incorporalmg  foui 
elements:  a  leading  edge  slat,  the  mam  airloil  eleinent,  a 
flap  sane,  and  a  trading  edge  flap  Such  configurations 
generate  very  complex  flowfields  containing  regions  of 
separ!""d  flow,  voilical  flow,  and  confluent  boundary 
layers.  Laminar,  turbulent,  transitional,  and  re- 
l.iininarizing  boundary  layers  may  exist.  Although  high 
lift  systems  are  lyj’ically  deployed  at  low  freestream  Mach 
numbers,  they  may  still  exhibit  compressibility  effects  due 
to  the  huge  pressure  gradients  generated.  Such  complex 
flows  are  extremely  difficult  to  analyze  computationally 
and  require  solution  of  the  Navier-Stokes  equations  to 
resolve  all  flowfield  details.  It  should  be  noted  that  many 
of  the  flowfield  phenomena  (e  g.  separation,  transition, 
turbulence,  etc.)  are  areas  of  intense  rese-arch  in  the 
computational  community  and  are  not  yet  fully  amenable  i, 
computational  analysis. 

Confluent 

Boundary 


Rgure  1.  Typical  HIgh-Llft  Configuration 
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One  of  the  difficulties  enccunicred  in  computational 
analysis  of  high-lift  systems  using  the  Navier-Stokes 
equations  is  the  generation  of  suitable  high  ifuality  grids 
about  each  element  to  capture  all  relevant  flow  phenomena. 
Tliree  basic  approaches  to  generating  grids  and  solutions 
about  complex  configurations  have  been  widely  repotted  in 
the  literature:  zonal  patched  (or  blocked)  grids, 

unstruciured  grids,  and  overlapped  (chimera)  grids  (Figure 
2).  The  zonal  approach  (e.g.  Reference  1)  has  been  widely 
demonstrated  on  a  number  of  geometries,  and  has  shown 
excellent  accuracy  in  the  calculation  of  many  complex 
viscous  flows.  Such  an  approach  utilizes  structured  grids 
generated  in  separate  zones  or  blocks  which  transfer 
information  across  common  boundaries.  Its  major 
drawback  in  application  to  analysis  of  high-lifl  systems  is 
the  necessity  of  matching  boundares  at  zonal  interfaces 
For  typical  high-lift  geometries  the  boundary  matching 
places  a  large  demand  on  gnd  generation  capabilities  and 
can  lead  to  degradation  in  grid  quality  (and  consequently 
solution  accuracy)  at  b< — fanes  in  close  proximity  to  the 
iigh-lift  system  components.  The  unstruciured  grid 
approach  (e.g..  Reference  2)  readily  generates  gnds  about 
high-lifl  configurations,  but  can  suffer  in  accuracy  from 
highly  stretched  triangular  cells  generated  in  the  boundary 
layer  region.  Unstructured  gnd  solvers  are  the  most  recent 
approach  to  the  analysis  of  complex  geometnes  and  show 
great  promise,  but  they  have  not  yet  demonstrated  the  same- 
wide  applicability  to  complex  viscous  flows  as  structured 
flow  solvers.  The  chimera  grid  scheme  (e.g..  Reference  .i) 
utilizes  overlapping,  structured  gnds  which  are  not  required 
to  match  at  boundaries.  Stmetured  grids  about  each  element 
can  be  generated  independently  with  no  compromise  m  grid 
quality,  and  the  experience  gained  in  the  application  of 
structured  grids  to  complex  viscous  flows  can  be  utilized. 

The  intent  of  the  present  study  is  to  develop  and  evaluate  a 
technique  for  the  rapid  and  efficient  analysis  of  multi¬ 
element  high-lift  systems.  The  chimera  approach  was 
chosen  because  it  allows  for  simplified  generation  of  high 
quality  grids  and  the  u.se  of  proven  structured  gnd  solvers. 
Using  the  chimera  approach,  regions  where  more  grid 
resolution  is  required  may  be  assigned  additional 
overlapping  grids  without  modification  of  existing  grids. 
Changes  in  high-lift  configuration  can  be  rapidly  analyzed 
since  independently  gridded  elements  can  be  added  or 
subtracted  at  will,  and  movable  surfaces  can  be  easily 
modelled  by  translation  or  rotation  of  existing  grid-  (e.g. 
Reference  4).  The  CFL.ID  Euler/Navier-Stokes  solv'r 
(Reference  5)  modified  to  treat  overlapping  grids  v.; 
selected  due  to  its  wide  application  to  complex  viscous 
flows  ard  the  generally  excellent  results  obtained  with  its 
use.  Initially  a  Baldwin-Lomox  algebraic  turbulence  model 
was  used  for  its  simplicity  and  ease  of  application. 
However  a  Baldwin-Barth  one-equation  model  (Reference  6) 
was  incorporated  to  address  deficiencies  noted  with  the 
simpler  Baldwiji-Lomax  model.  Transition  was  not  treated 
(i.e.  flows  were  considered  fully  turbulent  at  all  points). 
The  chosen  approach  is  capable  of  treating  three- 
dimensional  geometries  without  modification. 

METHOD 

The  chimera  scheme  is  a  domain  decomposition  scheme 
first  proposed  by  Benek  and  Steger  (Reference  3).  Its 
application  can  be  illustrated  by  considering  a  general 


Rgure  2.  Unstructured,  Blocked,  and 
Overlapped  Grids  About  Two-Element  Airfoil 


airfoil/flap  joiifiguralion  as  depii-ted  in  Figure  3. 
Independent  gnds  are  generated  abrxit  the  airt'oil  and  flap 
elements,  "nie  flap  grid  is  embedded  within  the  airfoil  grid 
and  i>s  outer  boundary  is  updated  by  interpolation  from  the 
airfoil  gnd.  To  keep  the  airfoil  grid  from  ealculating  a 
solution  inside  the  solid  surface  of  the  flap  airfoil  gnd 
pomts  wliich  fall  within  the  flap  suiface  are  designated  hole 
points  and  removed  from  the  solution.  An  artificial 
boundary  is  established  in  the  airfoil  gnd  suTouiiding  the 
hole  potnts  and  is  updated  by  tnterpolati  an  from  the 
overlapped  region  of  the  flap  grid.  In  this  way  a  two-way 
communication  is  eslabli.shed  between  tiie  a.rfoil  and  flap 
g'lds,  and  the  complete  flow-field  excluding  -egions  within 
solid  surfaces  can  be  calculated.  The  interpolation  process 
is  outlined  in  Figure  4  which  details  a  po.tion  of  the 
overlap  region  between  the  airfoil  and  flap  gnds.  At  each 
boundary  two  points  are  interpolated.  Since  the  flow 
solver  difference  stencil  at  any  point  uses  information  from 
at  most  two  neighboring  points  in  any  direction,  the 
solution  is  completely  isolated  from  points  within  the 
hole. 

The  chimera  solution  taices  part  in  two  steps.  In  the  first 
step  a  pre  processor  code  is  executed  which  detemiines  the 
location  of  hole  points,  detemiines  outer  boundary  and 
hole  boundary  points  which  must  be  interpolated,  and 
calculates  the  interpolation  factors  needed  to  update 
boundary  points.  The  pre  processor  code  for  CFL3D  is 
called  MAGGIE  (Reference  7).  Boundary  points  are  updated 
using  a  bilinear  interpolation  scheme  which  utilizes  the 
four  surrounding  points  of  the  tnterpolating  grid.  It  siiould 
be  noted  that  this  interpolation  scheme  is  not 
conservative,  and  that  interpolation  eirors  are  proportional 
to  the  ratio  of  the  area  of  the  cell  being  interpolated  to  the 
area  of  the  cell  providing  the  interpolation  data  (Reference 
8). 

The  second  step  in  the  chimera  solution  is  the  flow  solver. 
C'FL3D.  In  this  study  CFL3D  is  used  to  solve  the  thin  layer 
approximation  of  the  three-dimensional,  lime  dependent, 
conservation  law  form  of  the  Reynolds  averaged, 
compressible  Navier-.Stokes  equations.  The  code  solves 
the  discretized  flow  equations  implicitly  using  an  upwind- 
biased  spatial  differencing  scheme  with  either  flux 
difference  splitting  or  flux  vector  splitting  for  the 
convective  and  pressure  terms,  and  central  differencing  for 
the  shear  stress  and  heat  transfer  terms.  The  Roe-averaged 
flux  difference  splitting  scheme  was  employed  in  this 
study.  Tlie  Baldwin-Lomax  algebraic  model  or  the  Baldwin- 
Barth  one  equation  model  was  used  to  calculate  turbulent 
viscosity.  In  application  to  multi  element  flows,  the 
Baldwin-Lomax  model  was  applied  independently  on  each 
element  grid  with  no  attempt  to  match  turbulent  viscosity 
across  -himera  boundaries.  It  was  found  necessary  to  limit 
the  search  for  the  location  of  maximum  vorticity  which 
defines  the  length  scale  of  the  Baldwin-Lomax  turbulence 
model  to  the  first  peak  in  vorticity  and  not  the  absolute 
maximum  rrf  vorticity.  Turbulent  viscosity  for  the  Baldwin- 
Barth  model  was  interpolated  at  chimera  boundaries  in  the 
same  manner  as  the  flowfield  variables. 

Many  improvements  to  the  MAGGIE  grid  pre-proc  :ssor 
code  were  required  to  increase  the  speed  of  generating 
suitable  chimera  boundaries  about  complex  configurations. 
Biedron  (Reference  9)  improved  the  search  routine  for 
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Figure  4.  Detaii  of  Airfoil/Rap  Grid  Overlap 
Region  Illustrating  Two-Point  Over'ap 
Interpolation 


selection  of  the  points  used  for  interpolation.  New 
algorithms  were  implemented  for  determining  which  grids 
would  be  searched  for  interpolation  factors  ir  complex 
overlapping  grid  regions,  A  new  algorithm  for 
determining  hole  points  was  incorporated.  This  new  hole 
search  algorithm  greatly  improves  the  hole  determination 
procedure  (especially  in  three  dimensions)  and  will  be 
described  in  detail. 

The  original  hole  search  algorithm  implemented  in 
MAGGIE  is  based  on  defining  boundaries  which  create  a 
surface  enclosing  the  hole  points.  The  outward  normal 
direction  for  each  boundary  is  prescribed  to  define  an 
‘outside’  of  the  boundary.  Initially  all  candidate  points  are 
assumed  to  be  hole  points,  and  each  point  is  tested  against 
me  boundary  to  determine  if  it  lies  on  the  ‘outside’  of  the 
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boundary  and  is  theretore  outside  of  the  hole  creation 
surface.  A  point  is  detemuned  to  be  outside  the  boundary  if 
the  dot  product  of  the  vector  from  the  closest  point  on  the 
boundary  to  the  candidate  point  with  the  outward  surface 
normal  vector  at  the  hole  boundary  point  is  positive 
(Figure  5).  'Riis  algorithm  requires  some  user  experience  ui 
defining  hole  creation  surfaces  and  the  division  of  the 
surfaces  into  boundaries  te  g.  Reference  10).  T\\c  new 
algorithm  also  requires  the  definition  of  a  hole  creation 
surface  enclosing  the  hole  points,  however  there  is  no  need 
to  specify  outward  normals  or  to  divide  the  surface  into 
boundaries.  To  determine  if  a  point  is  within  the  hole 
creation  surface,  the  number  of  times  a  ray  from  the  point 
to  infinity  intersects  the  hole  creation  xurl’ace  is  delerrnined 
(Figure  6).  An  odd  number  of  intersections  indicates  the 
point  is  within  the  hole  creation  surface,  and  an  even 
number  of  intersections  indicates  the  point  is  outside  of  the 
hole.  In  prictice  the  new  hole  point  algorithm  has  proven 
to  be  much  more  robust  than  the  original. 


O^ole  creation  boundary  point 

r  •  n  >  0  point  outside  boundary  (non-hole  point) 
r**  n'<  0  point  inside  boundary  (hole  point) 

GP24  051®  S  V  tpk 

Figure  5.  Original  Hole  Determination  Algorithm 


Odd  Number  of  Intersections  of  Hole  Creation  Surface 
and  Ray  From  Candidate  Point  Indicates  Point  Is 
Inside  Boundary  GPj^osie  e  vit* 


Figure  6.  New  Hole  Determination  Algorithm 

In  order  to  increase  computational  efficiency,  improved 
farfield  boundary  conditions  based  on  the  mcltiod  of 
asymptotic  expansions  (Reference  11)  have  been 
incorp<jrated  into  the  flow  solver.  These  boundary 
conditions  are  derived  from  the  Euler  equations  about  a 
constant  pressure  rectilinear  flow.  They  have  been 
demonstrated  to  produce  more  accurate  results  when 
compared  to  those  obtained  using  standard  farfieid 
boundary  conditions  on  a  given  grid.  Conversely,  similar 
accuracy  can  be  obtained  on  a  smaller  grid,  reducing  the 
number  of  points  in  the  farfield  grid  and  thereby  reducing 
computation  time.  To  apply  the  improved  boundary 
condition,  the  farfield  boundary  must  be  defined  by  analytic 
curves,  and  is  currently  limited  to  parabolic  curves  for 
inflow  boundaries  and  linear  curves  for  outflow  boundaries. 


RESIMS 

Tlie  CFL3D  chimera  code  was  applied  lo  three  multi 
element  airfoils  for  which  icsi  data  is  available  Each  test 
was  conducted  to  investigate  physical  phenomena 
associated  with  multi  element  airfoils  or  the  detailed 

performance  of  a  specific  multi-element  airloi! 
configuration.  Due  lo  the  nature  cd  such  testing,  special 
attention  to  test  technique  and  long  established  guidelines 
for  two-dimensional  airfoil  testing  were  oh.serx'ed  Since 
the  testing  is  aimed  at  acquiring  airtoil  data,  there  is  no 
error  associated  with  Reynolds  number  scaling  oi 
geometric  fidelity  which  wxniid  be  pivscni  in  -scale  mcidc} 
testing  of  a  development  flight  vehicle 

Two-Element  Airfoil: 

The  first  test  case  analyzed  was  a  modified  NLK  7^01 
supercritical  airfoil  with  a  slotted  trailing  edge  flap.  The 
airfoil  was  modified  such  that  no  flow  separation  was 
observed  at  low  speed  (Reference  12).  Test  data  is  available 
at  a  Mach  number  of  0.185  and  Reynolds  number  of  2.51 
million  based  on  airfoil  chord.  No  boundary  layer 
transition  device  was  u.sed.  Data  were  collected  at  several 
angles  of  attack  for  two  flap  gap  distances  ( and  2.6'><: 
of  airfoil  chord)  with  a  20'  flap  deflection.  A  small  laminar 
separation  bubble  near  the  leading  edge  of  the  airfoil  was 
observed  experimentally.  Transifu>n  from  laminar  to 
turbulent  boundary  layer  was  generally  seen  to  occur  just  alt 
of  the  separation  bubble  on  the  airfoil  upper  surface  at 
about  2.5%  airfoil  chord,  at  about  chord  on  the  airtoil 

lower  surface,  and  50%  flap  chord  on  the  flap  upper  surface. 
The  flap  lower  surface  exhibited  laminar  flow  at  all  limes. 
The  main  element  and  flap  boundary  layers  were  found  to  be 
confluenl  for  the  1..^%  flap  gap.  The  experiment  also 
showed  the  flow  in  the  flap  cove  region  of  the  airfoil  lower 
surface  to  be  near  separation  at  the  entrance  and  to  be 
experiencing  re-laminarizntion  of  the  boundary  layer  near 
the  flap  leading  edge. 

Representative  computational  grids  used  for  this  case  are 
shown  in  Figure  7.  Main  element  and  flap  gnds  are  of  C 
topology,  with  the  main  eiement  grid  extending  to  the 
farfield.  Two  grid  densities  were  evaluated,  The  coarse  gnd 
had  dimensions  of  205x45  on  the  airfoil  and  179x5?  on 
the  flap,  while  the  corresponding  fine  grid  dimensions  were 
424x91  and  199x41.  Initial  point  spacing  off  the  solid 
surfaces  was  adjusted  lo  yield  a  y*  of  approximately  one  for 
both  the  fine  and  coarse  grids.  Coarse  grid  solutions  were 
made  using  only  the  Baldwin-Lomax  turbulence  model. 
Convergence  of  the  solution  showed  a  large  dependence  on 
the  luibulence  model  employed  (Figure  8).  The  Baldwm- 
Barlh  model  required  approximately  2(XH)  itcralion.s  lo 
achieve  force  convergence,  while  the  Baldwm-Lomax 
model  required  in  exce.ss  of  8000  iterations.  It  required 
approximately  40  minutes  of  Cray  YMP  CPU  lime  lo  run 
2000  iterations  on  the  fine  grid  using  the  Baldwin-Barth 
turbulence  model,  while  the  Baldwin-Lomax  model  required 
approximately  20%  less  epu  time  per  iteration. 

Experimental  pressure  distributions  are  available  at  6.0  , 
lO.r.  and  13. r  angles  of  attack,  and  comparison  of  the 
predicted  and  experimental  pressure  distributions  are  in 
excellent  agreement  for  both  the  coarse  and  fine  grids  at 
both  flap  gap  distances  (Figures  9  and  10).  The  fine  grid 
solutions  did  show  a  slight  improvement  in  tlic  prediction 
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flRl .  case  resulted  in  31  blocks.  A  total  of  90,000 


Residual 


Airfoil  and  Flap  Grids 


Rgure  7.  Computational  Grids  for  NLR  7301 
Airfoil  With  20°  Flap 


Rgure  8.  Convergence  History  for  NLR  7301 
Airfoil,  2.6%  Gap 

Moo  =  0.185,  0=6°,  Re  =  2.51  x  106,  Rne  Grid 


of  the  suction  peak  pressure  for  the  1,3%  flap  gap 
geometry.  Comparison  of  experimental  and  calculated  lift 
coefficients  also  show  good  agreement  (Figure  1 1 ).  Coarse 
grid  results  tend  to  overpredict  the  lift  for  both  flap  gap 
distances,  while  the  fine  grid  greatly  improves  the 
agreement  for  the  2.6%  flap  gap  and  gives  a  somewhat 
smaller  improvement  for  the  1.3%  gap.  The  1.3%  flap  gap 
exhibited  confluent  boundary  layers  on  the  flap  upper 
surface  as  shown  by  the  flap  boundary  layer  not  recovering 
to  the  potential  velocity  before  merging  with  the  airfoil 
wake  (Figure  12).  The  relatively  worse  agreement  of 
predicted  and  experimental  lift  for  the  1.3%  gap  may  be 
attributed  to  a  greater  sensitivity  of  this  case  to  the 
boundary  layer  development,  which  was  not  modelled 
correctly  due  to  the  laminar  flow  on  the  flap  upper  surface 
and  re-laminarization  of  the  boundary  layer  in  the  flap  cove 
region.  Coarse  grid  solutions  would  not  converge  at  angles 
of  attack  beyond  13.1".  Fine  grid  results  were  obtained  at 
IS.r  angle  of  attack  with  the  2.6%  gap  case  exhibiting  an 
oscillatory  convergence.  At  17.1'  angle  of  attack  the  1.3% 
gap  case  also  exhibited  oscillatory  convergence. 
Computations  fail  to  predict  the  abrupt  stall  observed 
experimentally  at  15.1’  angle  of  attack.  The  oscillatory 
convergence  and  failure  to  predict  the  abrupt  stall  is 
attributed  to  the  inadequacy  of  the  Baldwin-Lomax 
turbulence  model  in  calculating  the  onset  of  separation  and 
the  effects  of  massive  separation. 


To  investigate  the  effect  of  turbulence  model  on  the 
solution,  find  grid  calculations  were  made  for  the  2.6%  flap 
gap  case  utilizing  the  Baldwin- Barth  turbulence  model 
Pressure  distributions  (not  shown)  are  virtually  identical 
with  those  obtained  using  the  Baldwin-Lomax  model. 
Improved  behavior  near  stall  is  obtained  using  the  Baldwm- 
Banh  model,  with  the  maximum  lift  occurring  at  14. 1° 
angle  of  attack,  but  with  a  mure  gradual  onset  of  stall  than 
indicated  in  the  expenment  (Figure  13).  No  oscillalory 
behavior  was  noted  in  convergence  using  the  Baldwin- 
Barth  model.  The  Baldwin-Barth  model  also  shows  a 
significant  improvement  in  prediction  of  turbulenl 
boundary  layer  velocity  profiles  on  the  airfoil  and  flap 
upper  surfaces  (Figure  14).  wiih  a  much  improved 
prediction  of  boundary  layer  thickness. 

Comparison  of  predicted  and  experimental  skin  friction 
distributions  show  reasonable  agreement  for  both  the 
Baldwin-Lomax  and  Baldwin-Barth  models  on  the  airfoil 
upper  surface  (Figure  15).  Experimental  skin  friction 
coefficients  are  available  only  for  turbulenl  flow  regions, 
and  therefore  are  not  available  for  the  major  portion  of  the 
lower  surface.  Comparison  of  experimental  and  predicted 
drag  coefficients,  however,  are  not  in  good  agreement  for 
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Rgure  9.  Computed  and  Expermental  Pressure 
Distributions  for  the  NLR  7301  Airfoii 

2.6%  Gap,  M„  =  0.15,  Re  =  0  62  xIO® 
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Rgure  10.  Computed  and  Expermental  Pressure 
Distributions  for  the  NLR  7301  Airfoil 

1.3%  Gap,  =  0.185,  Re  =  2.51  xIO® 

either  the  Baldwin-Loniax  or  BalJwin-Barth  models,  with 
the  computational  results  two  to  three  times  higher  than 
the  experimental  values.  The  higher  predicted  drag  may  be' 
due  in  part  to  the  extensive  laminar  flow  which  exist.s  in 
the  experiment  but  not  modelled  in  the  computations. 

The  improved  analytic  boundary  conditions  were  also 
applied  to  the  NLR  airfoil.  A  grid  with  a  parabolic  outer 
boundary  which  extended  only  one  chord  length  upstream 
of  the  airfoil  leading  edge  and  1.7  chord  lengths 
downstream  of  the  airfoil  trailing  edge  was  generated  about 
the  main  element.  A  larger  reference  grid  was  also 
generated  which  incorporated  the  smaller  grid  as  a  subset, 
but  extended  the  outer  boundary  to  7  chord  lengths 
upstream  of  the  leading  edge  and  10  chord  lengths 
downstream  of  the  trailing  edge.  Pressure  di.stributions  and 
force  coefficients  generated  on  the  smaller  grid  using  the 
improved  boundary  conditions  are  in  good  agreement  with 
those  generated  on  the  larger  grid  using  the  standard 
boundary  condition,  while  the  standard  boundary  condition 
used  on  the  smaller  grid  shows  considerable  degradation  in 
the  solution  (Figure  16).  The  smaller  grid  reduced  the 
number  of  points  in  the  main  element  grid  by 
approximately  20%.  with  a  corresponding  reduction  in 
CPU  time. 


Figure  11.  Lift  Curve  for  NLR  7301  Airfoil 
With  20^  Slotted  Flap 

=  0.185,  Re  =  2.51  X  10® 


Three-Element  Airfoil; 

The  second  lest  case  was  aGAW(l)  airfoil  with  a  slotted 
flap  and  add-on  leading  edge  slat  (Reference  11).  The 
airfoil  was  tested  with  and  without  the  slat  present  for  a 
variety  of  flap  and  slat  deflections.  The  test  was  conducted 
at  low  speed  for  a  Reynolds  number  of  0.62  million. 
Transition  was  observed  to  occur  at  5%  airfoil  chord  on  the 
main  element  upper  surface,  and  between  50%  and  65% 
chord  on  the  lower  surface.  Transition  was  fixed  at  10% 
slat  chord  for  runs  in  which  the  slat  was  employed. 

Computations  were  made  with  the  flap  deflected  40"  with 
and  without  the  slat.  When  employed,  the  slat  was 
deflected  42”.  Grids  were  again  of  C  topology  about  each 
element  with  the  main  element  outer  boundary  extending  to 
the  faifield  and  the  slat  and  flap  grids  embedded  (Figure  17). 
Addition  of  the  slat  to  the  basic  airfoil  and  flap 
configuration  required  no  modification  or  additional  grid 
generation  effort  to  the  main  element  or  flap  grids.  The 
grid  sizes  were  .103x63  on  the  main  element,  217x2*)  on 
the  flap,  and  193x29  on  the  slat.  Additional  cases  with  a 
refined  slat  grid  with  dimensions  of  193x57  were  also 
performed.  Results  were  generated  using  the  Baldwin- 
Lomax  turbulence  model  as  the  Baidwin-Barth  model  failed 
to  converge  for  the  slatted  ca.ses. 

Without  the  slat  computed  and  experimental  pressures  are 
in  good  agreement  (Figure  18).  although  the  main  element 
pressure  peak  is  generally  overpredicted.  Some 
discrepancies  also  occur  at  the  minimum  pressure  location 
of  the  trailing  edge  flap.  In  addition,  a  spike  in  pres.sure  is 
generated  in  the  computations  by  the  sharp  corners 
introduced  by  the  way  in  which  the  blunt  trailing  edge  of 
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Figure  12.  Upper  Surface  Boundary  Layer 
Velocity  Profiles  at  69%  Flap  Chord 

NLR  7301  Airfoil,  =  0.185, 

Alpha  =  6”,  Re  =  2.51  x  10®-  Fine  Grid 


the  true  flap  geometry  was  modelled  (Figure  19). 
Computations  for  the  cases  in  which  the  leading  edge  slat 
was  present  are  not  in  as  good  agreement  (Figure  20).  In 
general  the  computations  tend  to  overpredict  the  pressure 
peak  and  overall  loading  of  the  slat  and  underpredict  the 
loading  of  the  main  airfoil  and  flap.  This  behavior  is 
clearly  evident  from  the  pressure  distributions  at  5.3'  and 
9.5”  angle  of  attack,  while  at  14.07”  the  computational 
result  appears  to  be  more  highly  loaded  on  the  main 
element  than  the  experiment.  This  can  be  attributed  to  a 
separation  on  the  main  element  which  occurred  in  the 
experiment  but  not  in  the  computations. 


Several  attempts  were  made  to  improve  the  calculated 
results  for  the  slatted  cases.  The  grid  about  the  slat  was 
refined  and  different  hole  cutting  schemes  were  attempted  to 
ensure  that  the  separation  which  occurs  under  the  slat 
surface  was  contained  entirely  within  the  slat  grid  and  not 
near  the  hole  boundary  of  the  main  element  grid.  In 
addition,  the  slat  geometry  was  modified  such  that  the 
separation  underneath  the  slat  was  completely  eliminated. 
Neither  of  these  had  any  significant  effect  on  the  computed 
results. 


Four-Element  Airfoil: 

To  further  validate  the  solver,  the  four-element  airfoil  of 
Reference  14  was  analyzed.  This  airfoil  consists  of  a 
leading  edge  slat,  a  main  airfoil  element,  a  flap  vane,  and  a 
trailing  edge  flap.  The  airfoil  was  tested  at  a  Mach  number 
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Figure  13.  NLR  7301  Airfoil  2.6%  Rap 
Gap  =  0.185,  Fine  Grid 

Lift  Coefficient  vs  Angle-of-Attack 


U/UPW 
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Figure  14.  Computed  Boundary  Layer  Velocity 
Profiles  Using  Baldwin-Barth  and  Baldwln*Lomax 
Turbulence  Models  on  NLR  7301  Airfoil, 

2.6%  Gap,  M„  =  0.185,  a  =  6°,  Re  =  2.51  xIO^ 

hole  strategy  considerably  improved  the  agreement 
between  the  experimental  and  computed  pressure 
distributions  (Figure  23).  The  reason  for  the  difference 
appears  to  be  the  different  levels  of  turbulent  vi.scosity 
which  the  flap  grid  perceives  in  the  two  different  hole 
schemes.  This  is  confirmed  by  the  fact  that  the  Baldwin- 
Barth  turbulence  model,  which  interpolates  turbulent 
viscosity  at  chimera  boundaries,  did  not  show  the  same 
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Figure  15.  Upper  Surface  Skin  Friction 
Coetficient  Distribution 

NLR  7301  Airfoil,  2.6%  Flap  Gap, 

M„  =  0.18j,  Re  =  2.51x106 
of  0.2  and  Reynolds  number  of  2.85  million. 
Computational  results  for  this  airfoil  have  also  been 
reported  by  Rogers  et  al  (Reference  15)  using  a  chimera 
approach  with  an  incompressible  Navier-Stokes  solver 
employing  a  Baldwin-Banh  turbulence  model. 

For  the  present  analysis  C  type  grids  were  generated  about 
each  element  with  the  main  airfoil  grid  extending  to  the 
farfield  (Figure  21).  In  the  vane/flap  region,  the  grids  of 
the  main  airfoil,  vane,  and  flap  all  overlapped.  The  grid 
interactions  in  this  region  are  complex,  and  the  solution 
exhibited  a  dependency  on  the  way  the  holes  were  defined 
about  the  various  elements  when  using  the  Baldwin-Lomax 
turbulence  model.  Two  diffetent  holes  were  cut  in  the  vane 
and  flap  grids  near  the  trailing  edge  of  the  main  airfoil 
(Figure  22)  and  solutions  were  obtained  at  8.13*  angle  of 
attack.  The  first  hole  was  cut  around  the  airfoil  trailing 
edge  such  that  the  vane  and  flap  grids  extended  above  the 
main  airfoil  wake,  while  the  second  hole  removed  all  vane 
and  flap  points  above  the  aurfoil  wake  line.  The  second 


level  of  differences.  Due  to  us  better  agreement  with 
experimental  data,  the  second  hole  strategy  was  used  for  all 
subsequent  calculations. 

Comparisons  of  experimental  and  computed  pressure 
distributions  are  generally  good  (Figure  24).  At  8.13 
angle  of  attack  there  is  a  large  discrepancy  between 
experimental  and  predicted  pressures  on  the  vane  element, 
apparently  due  to  a  separation  on  the  vane  upper  surface 
which  was  not  predicted  computationally.  At  0.0“  angle  of 
attack  this  separation  has  apparently  not  yet  developed, 
and  at  14.25'  angle  of  attack  the  separation  region  has 
been  reduced  significantly  and  the  computations  are  again 
in  good  agreement  with  experiment.  The  likely  culprit  for 
missing  the  separation  on  the  vane  is  the  turbulence  model. 
Results  at  8.13’  angle  of  attack  using  the  Baldwin-Barth 
mrbulence  model  show  virtually  no  ditference  with  inosc 
presented  for  the  Baldwin-Lomax  model.  The  pressure 
results  presented  here  (using  the  Baldwin-Lomax  turbulence 
model)  are  consistent  with  those  of  Rogers,  et  al  (Reference 
15).  who  employed  a  Baldwm-Barth  model. 

CONCLUSIONS 

A  technique  for  the  rapid  analysis  of  multi  element  high- 
lift  systems  uiili^ing  the  chimera  approach  has  been 
evaluated.  Navier-Stokes  solutions  have  been  obtained  for 
two-,  three-,  and  four-element  airtdils  using  the  technique, 
and  varying  agreement  with  experimental  data  has  been 
demonstrated  as  a  function  of  airfoil  geometry.  Accuracy  of 
nulti-element  airfoil  analyses  depends  to  a  large  extent  on 
(he  complexity  of  the  flow  to  be  modelled.  For  the  two- 
element  case  without  confluent  boundary  layer  flow, 
excellent  prediction  of  lift  is  obtained  up  to  stall,  with 
maximum  lift  observed,  at  the  same  angle  of  attack  as  the 
experiment  and  the  predicted  value  of  maximum  lift  within 
2%  of  the  experimental  value.  Good  prediction  of  turbulent 
boundary  layer  velocity  profiles  and  skin  friction  is  also 
obtained,  although  drag  is  not  well  predicted.  Less  accurate 
results  are  obtained  for  the  case  exhibiting  confluent 


Figure  16.  Application  of  Improved  Boundary  Conditions 

NLR  7301  Airfoil,  1.3%  Flap  Gap.  =  0.185,  Alpha  =  6.0 
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Figure  17.  Grids  About  Three-Element  Alrloil 
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Rgure  18.  Computed  and  Experimental 
Pressure  Distributions  for  the 
GAW  Airfoii  With  Siotted  Rap 

M„  =  0.15.  Re  =  0.62  X  106 

boundary  layer  flow,  and  consequently  modelling  of  flap 
gap  effect  is  not  accurate.  Calculation  of  gap  effects  may 
require  modelling  of  transitional  and  re-laminarizing 
boundary  layers.  Pressure  comparisons  for  the  three- 
element  airfoil  are  not  good,  probably  because  of  the 
separation  which  occurs  on  the  undersurface  of  the  leading 
edge  slat.  Experimental  and  predicted  pressure 
distributions  are  in  better  agreement  for  the  four-element 
airfoil  which  exhibits  no  separation  on  the  slat.  Better 
prediction  of  separation,  stall,  and  post-stall  results 
depends  on  better  modelling  of  turbulence. 


GP?44»ie.19-V.tpk 


Rgure  19.  Trailing  Edge  Closure  of  GAW 
Airfoil  Flap 


Baldwin-Barth  model  better  predicts  the  detailed  boundary 
layer  parameters  and  gives  a  more  positive  indication  of 
stall,  with  none  of  the  oscillatory  convergence  exhibited 
by  the  Baldwin-Lomax  model.  The  Baldwin-Barth  model 
has  also  demonstrated  a  positive  effect  on  convergence  rate 
which  can  be  significant  for  certain  cases. 

The  chimera  approach  has  shown  itself  to  be  a  versatile 
tool  which  can  greatly  simplify  the  grid  generation  effort 
and  improve  the  grid  quality  for  the  Navier-Stokes  analysis 
of  multi-element  airfoils.  Accurate  and  efficient  solutions 
can  be  obtained  about  complex  configurations,  limited  by 
the  applicability  of  the  flow  models  employed. 
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Four-Element  Airfoil  Pressure  Distribution 
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Figure  24.  Measured  and  Predicted  Pressures 
for  Four  Element  Airfoil 

M«  =  0.2,  Re  =  2.85x106 
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Summary 

A  numerical  method  is  presented  for  the  so¬ 
lution  of  the  compressible  Reynolds-averaged, 
thin-layer  Navier-Stokes  equations  on  structured 
composite  grids  as  applied  to  high-lift  configu¬ 
rations.  The  method  is  an  adaptation  of  an 
implicit  approximate  factorization  algorithm  for 
block  structured  composite  grids.  Interfaces  be¬ 
tween  blocks  are  treated  by  overlapping  the  grids 
and  taking  one  layer  of  points  from  neighboring 
blocks.  Turbulence  is  treated  using  the  Baldwin- 
Barth  one-equation  turbulence  model. 

High-lift  applications  presented  for  comparison 
with  wind  tunnel  data  include:  a  NACA  4412  air¬ 
foil  with  NACA  4415  flap,  a  GA(W)-1  airfoil  with 
a  29%  chord  flap  at  30  degree  flap  angle  and  two 
gap  settings,  and  a  GA(W)-1  airfoil  with  15% 
chord  slat  and  29%  chord  flap.  Good  agreement 
with  experimental  data  is  obtained  for  cases  with 
fully  attached  flow  or  small  regions  of  separated 
flow.  For  cases  with  extensive  regions  of  flow  sep¬ 
aration,  the  thickness  and  extent  of  the  separated 
regions  are  underpredicted. 


Nomenclature 


A,B,M 

c 

Co 

Cl 

Cm 

C, 

E,F,S 

G 

h 

J 

M 

O 


speed  of  sound 
flux  Jacobians 
chord  length 
drag  coefficient 
lift  coefficient 

pitching  moment  coefficient 
pressure  coefficient 
flux  vectors 

gap 

time  step 
Jacobian 
Mach  number 
overlap 


Pr 

P 

Q 

T 

u,  V 

i\V 


Prandtl  number 
pressure 
solution  vector 
Reynolds  number 
eigenvector  matrix 
Cartesian  vehxilies 
contravariant  velocities 
Cartesian  coordinates 


a 

7 

6 

A 

P 


angle  of  attack 
relaxation  constant 
ratio  of  specific  heats 
deflection  angle 

spatial  central  difference  operators 
eigenvalue  matrix 
curvilinear  coordinates 
density 

nondimensional  time 


Subscripts 

/ 

m 


s 


flap 

main  airfoil 
slat 


Superscript 

n  time  step 


1  Introduction 

The  flow  around  two-dimensional  high-lift  con¬ 
figurations  is  complex,  often  containing  multi¬ 
ple  separated  regions,  confluent  boundary  layers 
and  compressibility  effects,  even  at  low  onset  flow 
speeds.  The  performance  of  high-lift  devices,  es¬ 
pecially  close  to  stall,  can  be  difficult  to  predict 
and  requires  the  solution  of  at  letist  the  Reynolds- 
averaged  Navier-Stokes  equations  with  a  turbu¬ 
lence  model.  This  is  an  expensive  computational 
task  which  is  made  even  more  time  consuming  by 
the  necessity  of  generating  a  field  grid. 


Considerable  progress  has  been  made  in  solv¬ 
ing  the  Navier-Stokes  equations  for  high-lift  con¬ 
figurations,  Recent  papers  on  the  topic  include 
methods  for  the  incompressible  Navier-Stokes 
equations  [1]  and  for  the  compressible  Navier- 
Stokes  equations  [2],  [3], [4], [5],  Investigators  have 
employed  structured,  patched  grids  [Ij,  (2), (3], 
overlapping  Chimera  grids  [1],  [5]  and  unstruc¬ 
tured  grids  [4],  Turbulence  models  used  include 
the  Baldwin-Lomax  model  {!],  [2],  [3],  [4], [5]  and 
the  Baldwin-Barth  model  [1],  [5]. 

However,  many  difficulties  still  remain.  Turbu¬ 
lence  models  which  are  simple  enough  for  prac¬ 
tical  computations  can  be  inaccurate  for  com¬ 
plex  flows.  Unsteady  flow  may  occur  on  high-lift 
configurations  especially  near  stall  or  post-stall. 
Such  cases  require  time  accurate  computations. 
This  paper  applies  a  well-established  numeri¬ 
cal  meth  d  for  the  Navier-Stokes  equations  to 
several  high-lift  configurations.  Extensive  com¬ 
parisons  with  experimental  data  are  made  in¬ 
cluding  turbulence  data,  thereby  contributing  to 
the  evaluation  of  the  Baldwin-Barth  turbulence 
model  [6]. 

2  Grid  Generation 

A  computational  grid  is  needed  in  the  flow  field 
surrounding  the  high-lift  system  of  airfoils  in  or¬ 
der  to  solve  the  Navier-Stokes  equations.  Gen¬ 
erating  an  appropriate  grid  around  a  practi¬ 
cal  multi-element  geometry  can  be  a  difficult 
task.  Problems  encountered  include  blunt  trail¬ 
ing  edges,  various  gaps  and  overlaps  between  el¬ 
ements,  detachable  slats,  and  cove  regions  with 
sharp  corners. 

A  single  structured  body-conforming  grid  can¬ 
not  usually  be  generated  around  practical  con¬ 
figurations  so  either  unstructured  grids  or  struc¬ 
tured  composite  grids  are  required.  By  first  di¬ 
viding  the  domain  into  topologically  rectangular 
blocks,  a  structured  grid  may  be  generated  within 
each  block.  This  approach  is  taken  here  and  is 
known  as  multi-block.  It  has  been  used  by  a  num¬ 
ber  of  researchers  for  practical  problems  in  two 
and  three  dimensions  [7]. 

An  automated  procedure  h2is  been  used  to  di¬ 
vide  the  domain  into  topologically  rectangular 
blocks  and  generate  grids  [8].  The  grid  gener¬ 
ation  is  accomplished  in  three  steps.  First  the 
domain  is  divided  into  blocks  by  tracing  stream¬ 
lines  and  equipotential  lines  determined  from  the 
solution  of  the  potential  flow  problem,  computed 
using  a  panel  method.  Curves  specifying  block 
boundaries,  block  connections  and  boundary  con¬ 


ditions  required  by  the  grid  generator  and  solver 
are  all  determined  automatically  The  result  is 
an  H-type  topology'  about  the  configuration.  An 
example  of  the  block  decomposition  and  the  con¬ 
nections  that  result  is  shown  in  Figure  1  for  the 
case  of  an  airfoil  and  flap.  Fewer  blocks  could  be 
specified  by  allowing  multiple  connect  ions  or  mul¬ 
tiple  boundary  conditions  on  block  sides.  How¬ 
ever,  to  maintain  simplicity  for  the  flow  solver, 
blocks  with  only  one  connection  or  boundary  con¬ 
dition  on  each  side  have  been  permitted 

Grids  of  types  other  than  H  may  be  generated 
by  specifying  the  block  boundaries  iiiamially .  For 
example,  a  stacked  C-type  grid  could  be  gener¬ 
ated  by  interactively  defining  the  bl  '  !  bound¬ 
aries  with  a  CAD  program.  The  ..  I.  -ige  of 
the  automated  approach  is  the  ease  .ih  which 
new  geometries  may  be  gridded.  For  in.siance,  a 
matrix  of  gaps  and  overlaps  for  a  flap  optimiza¬ 
tion  study  may  be  quickly  gridded  with  approxi¬ 
mately  the  same  number  of  points  and  resolution. 
In  contrast,  specifying  the  block  boundaries  in¬ 
teractively  is  a  lengthy  process  for  each  geometry 
and  would  be  onerous  for  optitnization  studies. 
The  disadvantage  of  the  automated  procedure  is 
that  the  H-type  topology  requires  tnore  points  to 
resolve  the  flow  than  C  or  O  type  grids.  This 
increases  memory  requirements  and  computing 
time  for  the  solver. 

The  second  step  in  the  grid  generation  proce¬ 
dure  is  to  distribute  points  on  block  sides  and 
produce  an  inferior  grid.  Points  may  be  dis¬ 
tributed  by  a  variety  of  methods,  but  usually 
hyperbolic  tangent  distributions  are  used  so  the 
spacing  at  each  end  of  a  block  side  may  be  spec¬ 
ified.  Also,  if  desired,  points  may  be  clustered 
part  way  along  a  block  side.  Within  each  block, 
a  starting  grid  is  generated  using  a  simple  alge¬ 
braic  technique,  Iransfinite  interpolation. 

Finally,  the  composite  grid  is  smoothed  using 
an  elliptic  grid  generation  method  [9].  Block 
boundaries  are  usually  held  fixed,  with  fixed 
points  on  each  side.  However,  they  may  also  be 
allowed  to  move  freely  as  part  of  the  solution  of 
the  elliptic  system.  Or,  alternatively,  the  bound¬ 
ary  points  may  be  allowed  to  move  constrained 
to  the  original  boundary  curves. 

The  final  grid  is  smooth,  with  point  and  slope 
continuity  of  grid  lines  at  block  boundaries.  Also, 
grid  lines  are  usually  orthogonal  at  block  edges. 
The  exception  is  at  special  points,  where  slope 
continuity  cannot  be  maintained.  An  example  of 
a  complete  grid  for  the  GA(W)-1  airfoil  and  flap 
in  a  wind  tunnel  is  shown  in  Figure  2. 
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3  Numerical  Technique  for 
Solving  the  Navier-Stokes 
Equations 

3.1  Solution  Method 

The  solution  method  used  here  for  the  thin- 
layer  Navier-Stokes  equations  is  an  adaptation 
of  the  diagonal  form  of  the  Beam  and  Warming 


The  matrices  .4,  B  and  Af  are  the  tlux  Jacobians, 
defined  by 

-  dE  ~  dP  --  dS 

A=  B  =  -4,  A/  =  (9) 

dQ  dQ  dQ 

and  AQ"  =  -  Q’'. 

The  diagonal  form  of  the  algorithm  is 

[/-I- W4Ae)v[/-(- w.A.jT-'Ag"  == 


implicit  approximate  factorization  algorithm  in 
generalized  coordinates,  ats  used  in  the  program 

where 

(10) 

ARC2D  [10].  The  method  is  summarized  here  to 

A(=T^->.4r, 

(11) 

enable  discussion  of  interface  conditions. 

The  thin-layer  Navier-Stokes  equations  in  gen¬ 

\,^T-'Br, 

(12) 

eralized  curvilinear  coordinates  are 

and 

N  =  rr'T, 

(13) 
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(4) 
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With  implicit  Euler  time  marching,  approximate 
factorization  and  centered  spatial  differences,  the 
delta  form  of  the  algorithm  is 

(7) 

where  the  right-hand  side  is 


The  matrices  A^  and  A,  are  diagonal  matrices 
whose  elements  are  the  eigenvalues  of  the  flux  Ja¬ 
cobians.  The  viscous  flux  Jacobian  A/  cannot  be 
diagonalized  with  the  flux  Jacobian  B  so  it  has 
been  dropped  from  the  left  hand  side  of  equa^ 
tion  (10).  However,  a  term  approximating  the 
viscous  eigenvalues  is  aulded  to  the  diagonal,  ais 
described  by  Pulliam  [10].  With  combined  sec¬ 
ond  and  fourth  order  implicit  nonlinear  dissipa¬ 
tion,  the  diagonal  algorithm  requires  the  solu¬ 
tion  of  scalar  pentadiagonal  systems  of  equations 
rather  than  block  pentadiagonal  systems,  which 
are  required  for  equation  (7). 

3.2  Application  of  Boundary  Con¬ 
ditions 

For  implicit  centered  dilference  codes  with  ex¬ 
plicit  boundary  conditions  all  vauriables  must  be 
specified  at  each  boundary.  As  a  result,  the  num¬ 
ber  of  numerical  boundary  conditions  required 
may  exceed  the  number  of  physical  boundary 
conditions.  In  a  multi-block  scheme,  if  each  block 
is  to  be  solved  independently  then  additional  con¬ 
ditions  must  also  be  specified  at  grid  interfaces. 

The  boundary  conditions  used  here  closely  fol¬ 
low  the  work  of  Pulliam  [10].  The  exception 
is  a  viscous  outflow  boundary  for  internal  flows, 
specifically  the  case  of  an  airfoil  in  a  wind  tunnel; 
then  the  static  pressure  is  specified.  If  both  the 
upstream  and  downstream  pressures  are  known 
from  the  experiment  then  they  may  be  speci¬ 
fied  directly.  Otherwise  the  downstream  pres¬ 
sure  is  adjusted  such  that  the  inflow  pressure  is 
Poo  •  Thus  for  internal  flow  at  a  subsonic  viscous 
outflow  boundary  p,  pu,  and  pv  are  extrapolated 
from  the  interior  and 


^  =-/»[«( 


(8) 


Poutflow  “  Poutflow 


(14) 
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where  is  a  relaxation  constant  and 
—  PoQ  Pinrtow 

and  Pinflow  is  defined  to  be  the  average  of  the 
upper  and  lower  wall  pressures  just  downstream 
of  the  inlet. 

3.3  Interface  Conditions  at  Block 
Boundaries 

In  a  structured  data  be*e,  the  solution  is  stored 
in  a  series  of  n  x  m  x  4  arrays  with  the  bound¬ 
ary  between  neighboring  blocks  stored  in  both 
blocks.  The  solution  technique,  however,  re¬ 
quires  additional  information  from  the  neiglibor- 
ing  blocks  if  a  solution  is  to  be  obtained  for  the 
interface  points.  This  introduces  the  concept  of 
halo  points.  If  a  block  is  surrounded  by  an  ex¬ 
tra  layer  of  points,  then  prior  to  the  next  solution 
step,  the  halo  points  may  be  filled  with  data  from 
the  adjacent  block.  These  data  may  then  be  used 
as  required. 

Halo  points  can  be  used  in  several  ways.  The 
usual  approach  is  to  determine  how  far  away  the 
algorithm  needs  data  and  then  to  copy  the  ap¬ 
propriate  number  of  rows  or  columns  of  points. 
Normally,  artificiaJ  dissipation  is  the  constrain¬ 
ing  quantity  and  for  the  form  of  dissipation  used 
here,  three  extra  rows  would  be  required.  Alter¬ 
natively,  just  one  row  of  halo  points  can  be  used. 
Rather  than  computing  the  dissipation  in  one 
step,  intermediate  quantities  can  be  computed 
and  stored  in  workspace  arrays  and  data  passed 
to  halo  points  of  the  workspace  arrays.  The  ad¬ 
vantage  of  the  first  approach  is  that  only  one  copy 
between  blocks  is  required  at  the  beginning  of 
each  step.  In  the  second  approach,  which  is  used 
here,  less  memory  is  needed  for  halo  point  data 
but  additional  copies  are  required.  Care  must 
be  taken  when  copying  data  between  blocks  be¬ 
cause  the  storage  location  and  sign  of  the  data 
may  change  depending  on  the  orientation  of  the 
blocks  and  the  data  type. 

Once  the  dissipation  terms  and  the  right  hand 
side  have  been  determined  for  each  block,  an  im¬ 
plicit  time  step  may  be  taken  and  equation  (10) 
may  be  solved  in  two  steps.  If  the  product  matrix 
N  is  split  into  its  factors  then  equation 

(10)  may  be  rewritten  as  shown 

Tf  [/-b  =  R”  (16) 

T,[/-b/.6,A,]T-'AQ"=AQ:  (17) 

After  the  ^  sweep  is  completed,  two  values  of  Q" 


are  obtained  for  the  block  boundaries  An  inter¬ 
mediate  update  is  then  applied  so  that 

Ag:,  =  i  (aq:,  +  Ag:‘.,)  (18) 

the  new  values  of  SQ”/  are  then  loaded  into  both 
adjacent  blocks  for  use  in  the  next  sweep.  Af¬ 
ter  the  t]  sweep  is  completed,  the  values  on  the 
boundaries  are  averaged  again. 

Ag? -- i  (Ag?  +  Ag^)  (i9) 

and  this  average  value  is  used  to  update  the  solu¬ 
tion  on  both  blocks.  Although  this  simple  inter¬ 
face  condition  is  not  nonreflecting,  the  resulting 
multi-block  procedure  is  as  robust  as  the  origi¬ 
nal  algorithm  and,  most  importantly,  converges 
to  exactly  the  same  solution  obtained  on  a  sin¬ 
gle  block  grid.  At  the  interface,  disturbances  are 
partially  reflected  but  these  are  most  noticeable 
at  start-up  when  the  boundary  conditions  are 
ramped  in.  Over  several  hundred  iterations  they 
appear  to  be  no  worse  than  the  reflections  due  to 
the  exnlicit  boundary  conditions  and  the  rate  of 
convergence  is  not  adversely  effect I'd. 

It  is  very  important  that  the  metrics  and  dis¬ 
sipation  be  treated  in  the  same  manner  across  a 
block  interface.  Otherwise,  the  program  may  fail 
to  converge  completely  or  may  diverge.  Also,  if 
the  intermediate  update  is  not  applied  then  the 
stability  of  the  scheme  is  severely  degraded, 

3.4  Turbulence  Model 

The  choice  of  turbulence  model  can  have  a  sig¬ 
nificant  impact  on  computing  times  and  accu¬ 
racy.  Usually,  simple  algebraic  models  such  as 
the  Baldwin- Lomax  model  have  been  employed 
[II].  These  models  have  been  used  successfully 
for  single  element  airfoil  computations  includ¬ 
ing  shock/boundary-layer  interactions,  small  sep¬ 
arations  [12]  and  computations  near  maximum 
lift  [13]. 

For  high-lift  computations  with  multiple  ele¬ 
ments,  simple  algebraic  eddy  viscosity  models 
are  inadequate.  Confluent  boundary  layers,  large 
separated  regions  and  separated  wakes  cannot 
be  treated  properly.  One  would  expect  that 
improved  results  could  be  obtained  with  one- 
equation  or  two-equation  eddy  viscosity  models. 
There  are  indications,  however,  that  even  these 
models  may  be  unable  to  predict  the  interaction 
of  a  wake  and  a  boundary  layer  [14]  or  large  sep¬ 
arations  [15]  and  that  algebraic  Reynolds  stress 
models  or  even  more  elaborate  turbulence  mod¬ 
els  are  required.  In  particular.  Squire  found  that 


the  strong  interaction  of  the  near  wake  of  a  slat 
with  a  main  airfoil  boundary  layer  may  result  in 
negative  eddy  viscosity’  [14].  This  phenomenon 
cannot  be  modelled  by  an  eddy  viscosity  model 
Such  effects  are  quite  local,  and  should  not  dom¬ 
inate  the  flow.  As  a  result,  one-equation  or  two- 
equation  models  may  be  adequate  in  many  situ¬ 
ations. 

The  turbulence  model  used  in  this  paper  is 
that  of  Baldwin  and  Barth  [6].  It  is  a  one- 
equa'ion  model  that  is  fairly  easy  to  implement 
and  has  recently  been  applied  to  high-lift  prob¬ 
lems  by  Rogers  et  al.  [1]  for  the  incompressible 
Navier-Stokes  equations  and  by  Rentze  et  al.  [5] 
for  the  compressible  Navier-Stckes  equations  on 
Chimera  overset  grids. 

Prior  to  implementing  the  model  in  the  multi¬ 
block  code,  it  was  tested  for  a  single  element  air¬ 
foil  at  high  lift  and  compared  to  the  Baldwin- 
Lomax  turbulence  model.  The  test  case  se¬ 
lected,  which  was  previously  examined  by  An¬ 
derson  et  al.  using  the  Baldwin-Lomax  tur¬ 
bulence  model  [13],  is  a  NACA  0012  ziirfoil  at 
3?  =  3.0  X  10®  and  M  =  0.3.  The  computed  and 
experimental  lift  coefficients  are  shown  in  Fig¬ 
ure  3.  As  may  be  seen  from  the  plot,  the  pre¬ 
diction  of  is  lower  for  the  Baidwin-Barth 

model  than  for  the  Baldwin-Lomax  model,  which 
is  very  close  to  the  experimental  results.  At  an¬ 
gles  of  attack  higher  than  16  degrees  the  solution 
became  unsteady  for  both  turbulence  models  and 
steady  post-stall  solutions  could  not  be  obtained. 

4  Results 

4.1  NACA  4412  Airfoil  with 
NACA  4415  Flap 

The  first  multi-element  case  considered  is  the 
airfoil  and  flap  experiment  of  Adair  and  Horne 
[16].  The  experiment  consisted  of  surface  pres¬ 
sure  measurements  and  flow  field  mereurements 
of  velocity  and  turbulence  quantities  using  both 
hot-wire  and  laser  anemometry.  The  airfoil  sec¬ 
tion  was  a  NACA  4412  with  a  NACA  4415  flap. 
The  model  was  positioned  at  q  =  8.2®,  6j  = 
21.8®,  Gj  =  3.5%c,  O)  ~  2.8%c  and  tested  at 
3?  =  1.8  X  10®,  M  =  0.09.  Transition  was  fixed 
at  zjc  —  0.025  and  i/c  =  0.010  downstream 
from  the  pressure  minimum  on  the  main  airfoil 
upper  and  lower  surfaces  respectively.  On  the 
upper  surface  of  the  flap,  transition  was  fixed  at 
x/c  =  0.008  downstream  of  the  minimum  pres¬ 
sure;  on  the  lower  surface  transition  was  free. 
The  data  presented  were  not  corrected  for  wind 


tunnel  wall  effects,  so  the  wind  tunnel  was  in¬ 
cluded  in  the  computations  Inviscid  boundary 
conditions  were  applied  at  the  wind  tunnel  walls 
to  avoid  computing  *he  wind  tunnel  wall  bound¬ 
ary  layer.  The  wind  tunnel  test  section  exlendeil 
two  chorils  upstream  of  the  leading  edge  and 
three  chords  downstream,  so  the  computational 
boundaries  were  placed  at  the  same  locations 
Approximately  70,000  points  were  used  for  the 
grid  and  the  off- wall  spai  ng  '.vas  s«'t  to  2  x  10“ ®r 
to  ensure  that  t/"*"  <  1  for  the  frst  point  off  the 
surface. 

In  initial  computations,  transition  was  fixed  at 
the  locations  specified  in  the  experiment  A  lam¬ 
inar  separation  bubble  was  predicted  on  the  mam 
airfoil.  Unfortunately,  the  bubble  was  not  stable 
and  was  occasionally  shed  downstream,  resulting 
in  an  unsteady  solution  In  order  to  obtain  steady 
results,  the  transition  point  was  moved  forward 
to  the  leading  edge. 

The  computation  was  performed  for  the  NA(''A 
4412  and  NACA  4415  airfoils  with  both  sharp 
and  blunt  trailing  edges  For  sharp  trailing  edge 
airfoils,  the  computation  converged  very  well. 
With  blunt  trailing  edges,  some  unsteadiness  oc¬ 
curred  in  the  wake  regiot'  which  prevented  com¬ 
plete  convergence.  A  comparison  of  the  conver¬ 
gence  history  for  the  two  cases  is  shown  in  Fig¬ 
ure  4.  Differences  between  the  two  solutions  were 
small  and  the  results  presented  below  are  for  the 
blunt  base  airfoils. 

A  comparison  of  the  pressure  distribution  with 
experiment  is  shown  in  Figure  5.  The  pressure 
distribution  on  the  flap  agrees  quite  well  with 
experiment  and  the  flow  separates  at  87%  flap 
chord,  close  to  the  experimentally  observed  value 
of  93%.  The  computed  suction  peak  on  the  main 
airfoil  is  higher  than  in  the  experiment  and  re¬ 
sults  in  additional  lift.  Wind  tunnel  wall  pres¬ 
sures  are  shown  in  the  same  figure  and  the  agree¬ 
ment  is  fairly  good  except  near  the  upstreat.i  and 
the  downstream  boundaries.  The  discrepancy 
near  the  boundaries  indicates  that  the  location 
of  the  boundaries  may  have  affected  the  compu¬ 
tational  results. 

Comparisons  of  velocity  profiles  at  five  stations 
are  shown  in  Figure  6.  As  may  be  seen  in  the  fig¬ 
ure,  the  boundary  layer  is  predicted  quite  well 
on  the  main  airfoil  at  stations  1  and  2.  The 
flow  velocity  through  the  slot,  station  4,  is  un¬ 
derpredicted  but  the  wake  of  the  main  airfoil  is 
predicted  fairly  well.  At  the  flap  trailing  edge, 
station  12,  the  computed  flow  has  a  separated 
boundary  layer  profile  but  the  region  of  reversed 
flow  is  thinner  than  seen  in  the  experiment.  Sim- 
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ilar  results  for  profiles  and  pressure  distribution 
were  obtained  by  Rogers  et  al.  [1]  using  an  in¬ 
compressible  Navier-Stokes  solution  method  with 
the  Baldwin-Barth  turbulence  model. 

4.2  GA(W)-1  Airfoil  with  29% 

chord  Fowler  Flap 

The  next  case  considered  is  a  GA(W)-1  airfoil 
with  a  29%  chord  Fowler  flap.  The  experimen¬ 
tal  data  are  from  Braden,  Whipkey,  Jones  and 
Lilley,  who  investigated  the  flow  field  for  25  com¬ 
binations  of  flap  settings,  slat  settings  and  angles 
of  attack  [17].  Included  in  the  experiment  were 
laser  velocimeter  measurements  of  velocity  pro¬ 
files,  turbulence  intensities  and  Reynold.*  shear 
stresses.  Also  included  were  surface  pressure 
measurements,  and  skin  friction  and  boundary- 
layer  parameters  derived  from  the  profiles.  All 
the  data  from  the  wind  tunnel  report  were  .incor- 
rected,  so  wind  tunnel  walls  were  again  included 
in  the  computations.  The  tunnel  height  was 
3.33  chords,  the  upstre->ru  boundary  was  placed 
at  4  chords  ahead  of  the  leading  edge  and  the 
downstream  boundary  was  placed  5  chords  down¬ 
stream  of  the  leading  edge.  The  off-wall  spacing 
for  the  grids  was  again  set  to  2  x  10”*r  to  ensure 
that  y'*'  <  1  for  the  first  point  off  the  surface. 
Approximately  60,000  points  were  used  for  each 
grid  and  typically  20  to  30  points  were  included 
across  boundary  layer  regions. 

Experimental  test  conditions  were  3?  =  0.62  x 
10®  and  20  psf  which  correspond  to  Vf  =  0.116. 
Transition  was  free  but  was  noted  to  occur  natu¬ 
rally  at  less  than  5%  chord  on  th  upper  surface 
of  the  main  airfoil  and  between  50  and  6-5%  chord 
on  the  lower  surface  of  the  mam  airfoil.  For  the 
compulations,  the  upper  surfaces  of  the  main  air¬ 
foil  and  flap  were  assumed  to  be  fully  turbulent 
and  transition  was  set  on  the  lower  surfaces  at 
55%  chord  on  the  main  airfoil  and  just  ahead  of 
the  trailing  edge  on  the  flap. 

Computations  were  performed  on  four  airfoil 
and  flap  configurations  The  cases  selected  were 
all  6;  =  30®  with  overlap  '  -  0.0%c.  A.igles  of 

attack  of  a  =  4°  and  o  —  >  were  computed  with 
two  gaps,  Gf  =  2.5%c  and  Gj  =  4.0%c.  The 
designations  are  shown  in  Table  1 .  The  case  with 
Gj  ■=  2.5%c  and  a  =  8®,  designated  B4.5,  was 
not  included  in  the  experiment  tut  was  computed 
here  to  examine  the  effect  of  the  flap  gap.  For  the 
narrow  gap,  cases  B4  and  B4.5,  the  flow  over  the 
flap  is  fully  attached,  however,  with  the  wide 
gap,  cases  B1  and  B2,  there  is  a  large  separated 
flow  region  on  the  flap. 


Table  1;  Summary  oi  (:.\(VV)  1  airfoil  and  flap 
configurations. 


Case 

—  \ 
a 

Gt 

G; 

B1 

3.98 

30 

4.0 

0.0 

B2 

7  94 

30 

4,0 

0.0 

B4 

4.13 

30 

2  5 

0.0 

B4.5 

8.00 

30 

J,5 

0  0  1 

The  computed  pressure  distribution  for  case 
B4  agrees  well  with  experiment,  as  may  be  s«'en 
in  Figure  I.  Boundary  layer  and  Reynolds  shear 
stress  profiles  for  the  upper  surface  of  the  main 
airfoil  are  shown  in  Figure  8.  The  ve*  icily  profiles 
show  good  agreement,  although  the  Reynolds 
stress  is  overpredicted  in  the  outer  boundary 
layer. 

On  the  flap,  similar  resi  lts  are  obtained  for 
the  confluent  boundary  layer  vet  icity  profiles,  as 
shown  in  Figure  9  The  wake  of  the  main  airfoil 
is  captured  well  as  is  the  development  of  tbe  flap 
bo'indary  layer.  Near  the  trailing  edge  a  very 
small  separated  region  is  predicted  at  station  70 
but  the  experimental  profile  appears  to  be  at¬ 
tached.  Agreement  for  the  Reynolds  stress  pro¬ 
files  is  only  fair.  In  the  wake  of  the  main  airfoil 
the  magnitude  of  the  Reynolds  stress  is  initifdly 
'cdicted  but  further  downstream  is  signifi¬ 
cantly  underpredicted.  This  agrees  with  results 
presented  by  Rentze  et  al.,  who  showed  that  the 
Baldwin-Barth  turbulenct  model  underpredicted 
the  eddy  viscosity  in  tlie  wake  of  a  slat  as  it  de¬ 
veloped  across  the  upper  surface  of  the  main  air- 
loil  [5],  This  result  will  be  discussed  further  in 
the  next  section. 

In  all  four  airfoil  and  flap  computations  the 
separation  in  tlie  cov"  revion  of  the  main  airfoil 
is  significantly  underpredicted.  An  example  L 
shown  in  Figure  10  for  case  B2  which  is  typical 
of  all  four  cases.  At  r/c  =  0.66,  which  corre¬ 
sponds  to  the  entrance  of  the  cove,  the  computed 
boundary  layer  profile  is  attached  wbcretis  the 
experimental  profile  is  separated.  Further  down 
stream  at  x/c  =  0.71  and  x/c  =  0.76  the  com¬ 
puted  value  of  the  maximum  reversed  flow  ve¬ 
locity  is  correct  but  the  bubble  is  only  one-third 
as  thiek  as  in  the  experiment.  After  the  flow 
reattaches,  the  profiles  are  predicted  well  seen 
at  x/c  —  0.92.  This  station  corresponds  to  the 
entrance  of  the  slot  and  demonstrates  that  un¬ 
derpredicting  the  sc  paration  in  the  cove  does  not 
dramatically  affect  the  slot  flow  and  hence  the 
flap  loading.  This  agrees  witi  experiments  which 
have  demonstrated  that  high-lift  per'"  rmance  is 


fairly  insensitive  to  cove  shape  [18], 

For  the  wide  gap  cases,  there  is'  a  large  s«‘pa- 
ration  on  the  flap.  For  case  Bl,  a  =  4”,  the  flap 
separation  is  underpredicted,  as  shown  in  Fig¬ 
ure  11.  Because  the  flap  separation  is  underpre¬ 
dicted,  the  flap  carries  more  load  than  it  should 
which  in  turn  increases  the  loading  of  the  main 
airfoil.  Profiles  of  the  velocity  in  the  confluent 
boundary  layer  over  the  flap  are  shown  in  Fig¬ 
ure  12.  The  main  airfoil  wake  is  initially  cap¬ 
tured  well  but  becomes  progressively  worse.  The 
flap  separation  may  be  seen  clearly  at  station 
(ilc)j  =  0.27.  Although  the  computed  profile 
is  separated,  the  extent  of  reversed  flow  is  much 
too  small.  This  result  is  similar  to  that  seen  for 
the  cove  separation  on  the  main  airfoil.  However, 
high-lift  performance  is  sensitive  to  flap  separa¬ 
tion  whereas  the  cove  separation  is  not  as  signif¬ 
icant. 

A  comparison  of  the  lift  coefficients  for  the 
computed  cases  with  the  experimental  data  from 
Braden  et  al.  is  shown  in  Figure  13  The  effect 
of  gap  is  underpredicted  because  the  flap  separa¬ 
tion  is  underpredicted.  Also  included  in  the  plot 
are  corrected  experimental  lift  coefficients  from 
Wentz  and  Seetharam,  which  were  obtained  at 
3?  =  2.2  X  10®  [19].  The  computed  lift  coeffi¬ 
cients  are  close  to  the  lift  curve  from  Wentz  and 
Seetharam  because  in  the  higher  Reynolds  num¬ 
ber  experiment  there  is  less  extensive  separated 
flow. 

4.3  GA(W)-1  Airfoil  with  Slat  and 

Flap 

The  three-element  configuration  considered  here 
is  a  GA(W)-1  main  airfoil  with  a  15%c  slat  at 
6,  =  42°,  G,  =  1.5%c,  O,  =  2.5%c,  and  a  29%c 
Fowler  flap  at  iy  =  40°,  Gf  =  1.5%c,  O/  = 
l.5%c.  The  entire  configuration  is  at  o  =  5.3° 
and  corresponds  to  case  F-1  of  Braden  el  al.  [17]. 

The  flow  field  about  a  three  element  config¬ 
uration  is  considerably  more  complicated  than 
for  a  flap  alone.  The  leading  edge  slat  depresses 
the  suction  peak  on  the  main  airfoil  which  tends 
to  delay  stall.  However,  the  slat  wake  interacts 
with  the  boundary  layer  on  the  upper  surface  of 
the  main  airfoil  which  promotes  early  boundary 
layer  separation.  The  merging  wakes  then  inter¬ 
act  with  the  slot  flow  over  the  flap.  The  flow  is 
further  complicated  by  the  separation  in  the  cove 
region  of  the  main  airfoil  and  on  the  underside  of 
the  slat.  A  diagram  of  the  three  element  case  is 
shown  in  Figure  14. 

The  block  decomposition  for  the  three  element 


ca.se  resulted  in  31  blocks  A  total  of  90,000 
points  were  used  for  the  grid  and  the  off-wall 
sparing  grids  was  .set  to  2  x  10”®c. 

A  comparison  of  the  computed  pressure  distri 
bution  and  experiment  is  shown  in  Figure  15.  As 
■nay  be  seen  in  the  figure,  the  pressure  distribu¬ 
tion  agrees  very  well  for  the  main  airfoil  and  the 
flap.  For  the  slat,  however,  the  suction  on  the 
upper  surface  is  overpredicted.  This  result  is  ob¬ 
tained  because  the  computed  separation  on  the 
lower  surface  of  the  slat  is  too  small.  As  may 
be  seen  from  the  experimental  pressure  distribu¬ 
tion,  stagnation  pressure  was  recorded  at  13.5%c. 
In  the  computations,  however,  the  reattachment 
point  is  further  forward,  at  109fc.  Therefore,  ef¬ 
fectively,  the  slat  has  more  camber  which  results 
in  higher  loading  than  seen  in  the  experiment. 
The  details  of  the  computed  flow  may  be  seen  in 
Figure  16  which  clearly  shows  the  large  separa¬ 
tion  on  the  lower  surface  of  the  .slat  and  the  point 
of  realtachment.  The  flow  is  attached  at  the  up¬ 
per  surface  trailing  edge  of  both  the  main  airfoil 
and  flap,  so  the  resulting  pressure  distributions 
for  these  elements  agree  fairly  well  with  experi¬ 
ment.  The  separation  in  the  cove  region  of  the 
main  airfoil  is  underpredicted  as  before. 

Comparisons  of  velocity  and  Reynolds  stress 
profiles  for  the  upper  surface  of  the  main  air¬ 
foil  ate  shown  in  Figure  17.  The  effect  of  the 
merging  slat  wake  on  the  boundary  layer  pro¬ 
file  is  clearly  seen  in  the  computations  but  is  not 
well  resolved  in  the  experiment.  However,  it  ap¬ 
pears  that  the  wake  develops  and  merges  more 
quickly  in  the  computations  than  is  seen  in  the 
experiment.  This  is  consistent  with  the  results  of 
Rentzeet  al.  [5]  for  a  three-element  configuration 
with  the  same  turbulence  model. 

5  Conclusions 

A  method  for  solving  the  compressible  thin-layer 
Navier-Stokes  equations  around  high-lift  config¬ 
urations  on  structured  composite  grids  has  been 
presented.  The  method  is  based  on  the  approxi¬ 
mate  factorization  technique  used  in  the  program 
ARC2D.  Interfaces  between  blocks  are  treated 
using  a  simple  overlapping  procedure  with  an  in¬ 
termediate  update.  Turbulence  is  modelled  us¬ 
ing  the  Baldwin-Barth  one-equaticn  turbulence 
model.  Grids  were  generated  with  the  aid  of  an 
automated  procedure  which  divides  the  domain 
into  blocks. 

Good  agreement  with  experiment  is  obtained 
when  the  flow  about  the  configuration  is  attached 
or  regions  of  separated  flow  are  small.  Compu- 
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tational  difficulties  encountered  include  laminar 
separation  bubbles,  multiple  regions  of  separated 
flow  and  slightly  unsteady  flow  in  wake  regions. 
Results  tend  to  be  poor  for  cases  with  large  re¬ 
gions  of  separated  flow  in  critical  areas  such  as 
the  flap  upper  surface  or  on  the  slat.  Generally, 
the  extent  and  thickness  of  reversed  flow  regions 
are  underpredicted.  The  Baldwin- Barth  turbu¬ 
lence  model  works  well  in  most  instances  but 
tends  to  underpredict  eddy  viscosity  in  wake  re¬ 
gions  and  overpredict  eddy  viscosity  in  the  outer 
portion  of  boundary  layers. 
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Figure  1:  Automated  block  decoinpasition  and  the  resulting  block  connections  for  the  GA(VV)-1 
airfoil  and  flap  in  a  wind  tunnel. 


Figure  2:  Near  field  grid  for  the  GA(\\')-1  airfoil  and  29%  chord  Fowler  flap  in  a  wind  tunnel, 
(plotted  with  every  second  grid  line  in  each  direction). 


Figure  3:  Computation  of  for  NACA  0012  airfoil  using  the  Baldwin-Barth  and  Baldwin-Lomax 
turbulence  models. 
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F'igure  7:  Comparison  of  experimental  and  computed  pressure  distributions  for  GA(\\')-1  airfoil  29% 
chord  Fowler  flap  case  B4. 
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Figure  8:  Boundary  layer  atid  Reynolds  stress  profiles  on  the  upper  surface  of  the  main  airfoil  for 
the  GA(W)-1  airfoil  and  flap  case  B4. 
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Figure  9:  Boundary  layer  and  Reynolds  stress  profiles  on  the  upper  surface  of  the  flap  for  the 
GA(W)-1  airfoil  and  flap  case  B4. 
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Figure  17:  Velocity  and  Reynolds  stress  profiles  on  the  main  airfoil  for  GA(W)-1  airfoil  with  slat 
and  flap. 
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SUMMARY 

An  experimental  program  has  been  conducteil  to  assess 
1 1C  performance  of  a  transport  multielement  airfoil  at 
I  light  Reynolds  numbers.  The  studies  were  performed  at 
chord  Reynolds  numbers  as  high  as  16  million  in  the 
NASA  Langley  Low  Turbulence  Pressure  l  unnel. 
Sidewall  boundary-layer  control  to  enforce  flow  two- 
dimensionality  was  provided  via  an  cndplatc  suction 
system.  The  basic  airfoil  was  an  1  l..‘i.‘>%  thick  supercrit¬ 
ical  airfoil  representative  of  the  stall  critical  station  of  a 
new-generation  transport  aircraft  wing.  The  multiele¬ 
ment  airfoil  was  configured  as  a  three-element  airfoil  with 
slat  and  flap  chord  ratios  of  14.4S“/o  and  .W'i>  respec¬ 
tively.  Testing  focused  on  the  development  of  landing 
configurations  with  high  maximum  lift  captibility  and  the 
assessment  of  Reynolds  and  Mach  number  effects.  Also 
assessed  were  high-lift  performance  effects  due  to  devices 
such  as  drooped  spoilers  and  trailing-cdge  wedges.  The 
present  experimental  studies  revealed  significant  effects 
on  high-lift  airfoil  performance  due  to  Reynolds  and 
Mach  number  variations  and  favorable  lift  increments  at 
approach  angles  of  attack  due  to  the  use  of  drooped 
spoilers  or  trailing-cdge  wedges.  However,  no  substantial 
improvements  in  maximum  lift  capability  were  identified. 
A  recently  developed  high  performance  single-segment 
flap  was  also  tested  and  results  indicated  considerable 
improvements  in  lift  and  drag  performance  over  existing 
airfoils.  Additionally,  it  was  found  that  this  new  flap 
shape  at  its  optimum  rigging  was  less  sensitive  to 
Reynolds  number  variations  than  previous  designs. 

NOMENCLATURE 

c  airfoil  chord  (slat  and  flan  stowed) 

C(f  lift  coefficient 

maximum  lift  coefficient 
Cp  pressure  coefficient 

M  Mach  number 

OH  overhang 

RN  Reynolds  number 

a  angle  of  attack  (degrees) 

a.irx/.t  stall  angle  (degrees) 

Sf  flap  deflection  (dcgrec.s) 

5s  slat  deflection  (degrees) 

i5sp  spoiler  deflection  (degrees) 


1.0  INTRODUCTION 

Increased  performance  rcijuirements  for  high-lifl  sisiems 
in  the  commercial  transport  sector  base  caused  lenewcil 
emphasis  in  multielement  airfoil  aerodynamics.  I  he 
focus  of  the  more  recent  reseaich  has  been  on  under¬ 
standing  Reynolds  and  Mach  number  effects  on  high-ltli 
optimization'  '  with  the  ultimate  aim  of  impioving  mav- 
imum  lift  capability  as  well  as  lift-to-drag  ratios. 

The  majority  of  the  reported  inscsiigations  hat  e  dis¬ 
cussed  performance  effects  due  to  Reynolds  and  Mach 
number  variations  on  generic  high-lift  configurations 
Additionally,  these  studies  have  concentrated  on 
reporting  the  results  of  rigging  optimizations 
(gap/overhang)  and  their  effect  on  airfoil  performance. 
These  investigations  have  greatly  added  to  the  existing 
high-lift  database  with  relevant  results  at  fiight  and  near 
flight  conditions. 

This  document  reports  on  experiments  conducted  at  high 
Reynolds  numbers  to  develop  performance  concepts  for 
high-lift  transpoit  aircraft  applications.  The  concepts 
(rented  in  this  invcsiig.ation  arc  modifications  to  the 
ir.ailing  edge  I'f  the  multielement  airfi'il  and  include 
ileflectcd  spoilers,  trailing  edge  wedges,  and  a  new  single- 
segmen(  fiap  design. 

The  work  documented  in  this  paper  is  the  result  of  a 
cooperatitc  experimental  program  conducted  by  the 
Douglas  Aircraft  Company  and  the  NAS.A  Langley 
Research  Center.  The  experiments  were  conducted  in  the 
NASA  Langley  Low  Turbulence  Pressure  T  unnel  (L  I  PT ) 
in  Hampton.  Virginia.  The  aim  is  to  augment  the  existing 
database  of  Reynolds  and  Mach  number  effects  on  high- 
lift  performance  and  new  concepts. 

2.0  MODEL  GEOMETRIES 

The  model  tested  utilized  an  I  l..‘'.‘x'’'o  thick  supcici uical 
airfoil  representative  of  the  estimated  stall-critical 
location  on  an  advanced  design  subsonic  transport,  flie 
model  spanned  the  width  of  the  test  section  and  had  a 
clean  (stowed)  airfoil  chord  of  22  inches.  The  single- 
clement  and  the  multielement  airfoils  tested  arc  shown  in 
Figure  I.  The  slat  chord  ratio  was  l4.48‘’'o  and  the 
single-segment  flap  chord  ratio  w-as  30%  of  the  stowed 
airfoil  chord.  Pressure  orifices  were  located  along  the 
centerline  of  the  miKicl  (146  taps  for  the  three-element 
configuration)  and  along  or  near  the  trailing  edge  of  each 
component.  Surface  pressures  were  measured  via  nine 
Electronic  Sensing  Pressure  (ESP)  modules  calibrated  to 
15,  .30,  45,  and  100  psig  as  required  by  model  aero¬ 
dynamic  loading.  Accuracy  for  the  ESP's  was  -f  0.1% 
of  full  scale  value.  Integration  of  pressure  measurements 
yielded  the  forces  presented  in  this  publication.  Four 
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rows  of  streamlined  support  brackets  for  the  high-lift 
devices  (Figure  2)  were  required  due  to  the  very  high 
loads  (approximately  l.'S.OOO  pounds)  developed  at  some 
of  the  maximum  lift  conditions.  The  nomenclature 
defining  the  key  geometric  parameters  of  high-lift  systems 
is  shown  in  Figure  3. 


Figure  1.  Airfoil  Geometries  Tested  in  the  LTPT 


Figure  2.  View  of  (ligh-l.ift  Mmlel  Support  Brackets 


Figure  3.  Nomenclature  for  Multiclcmcnls 

The  model  could  also  be  configured  with  positively 
deflected  spoiler  surfaces  with  angles  of  y  and  10"  as 
shown  in  Figure  I.  The  spoiler  geometry  was  removable 
and  each  spoiler  deflection  consisted  of  a  steel  model  part 
at  the  appropriate  deflection. 

In  addition  to  the  above-mentioned  configurations, 
trailing  edge  wedges  which  were  3%  of  chord  in  length 
were  also  tested  on  both  the  single-  and  three-element 
airfoils.  A  wedge  angle  of  30"  was  tested  on  the  single¬ 


element  and  angles  of  I  .s’,  .K)  ,  4.S  .  and  ueic  teNied 
on  the  three-clement  configuration.  The  uedges  weie 
glued  to  the  airfoil  lower  surface  at  the  nailing  edge  All 
wedges  were  sealed  with  Room  lernpeiatuie  Vulcain/ei 
(RTV)  to  prevent  flow  through  the  wedge  aiifoil  juiuiuie 
A  sketch  of  a  30’’  trailing  edge  wedge  applied  to  the 
single-  and  three-element  aiiloils  is  ^hown  m  I  iguie  4. 


Figure  4.  30'  Wedge  on  Single-  and  I  luce- Tlemeni 


Airfoils 

3.0  LTPT  TEST  FACIL  TI  Y 

The  Langley  Low  Turbulence  Pressure  Tunnel  is  a  single 
return,  closed-throat  wind  tunnel  (Figure  .S|  that  can  be 
operated  up  to  10  atmospheres  thus  allowing  very  high 
Reynolds  number  capability".  The  test  section  is  t  feet 
wide  by  7.. 3  feet  high  by  7..S  feet  long. 


Hcatlng/Coollng 


Figure  .3.  Schematic  of  Low  Turbulence  Pressure  Tunnel 


To  promote  two-dimensional  flow  over  the  model  iii  view 
of  its  low  aspect  ratio  and  strong  wall  interference,  a  new 
side-wall  boundary-layer  control  (BLC)  system  W'as 
installed  in  the  LTPT’.  The  BLC  system  employed  the 
differential  pressure  between  the  test  section  and  the 
atmosphere  to  provide  suction  of  the  sidewall  boundary- 
layer  through  porous  cndplates  (Figures  6  and  7).  The 
system  yielded  good  quality  two-dimensional  flow  over 
the  model  for  the  Reynolds  numbers  tested  as  indicated 
by  the  flap  trailing  edge  spanwise  pressures  shown  in 
Figure  8.  The  criterion  used  to  define  "two- 
dimensionality"  was  the  observation  (at  run  time)  of  suf¬ 
ficiently  flat  trailing  edge  pressures  in  the  spanwise 
direction  (+0.3%  of  leading  edge  peak).  Examination  of 
Figure  8  reveals  that  there  are  two  peaks  in  the  spanwise 
pressures  at  13%  and  83%  span  for  the  case  with 
sidewall  suction.  These  spikes  were  attributed  to  the 
presence  of  the  outboard  brackets  (10.7%  and  89.3% 
span)  and  were  found  to  be  relatively  insensitive  to 
sidewall  suction  rate.  Hence,  these  peaks  were  not  con¬ 
sidered  when  assessing  the  two-dimensionality  of  the 
flow.  Representative  trailing  edge  pressures  with  these 
two  spanwise  stations  removed  arc  shown  in  Figure  8. 
While  this  procedure  may  appear  somewhat  arbitrary,  it 
was  found  that  removing  the  two  pressure  spikes  caused 
by  the  brackets  did  not  improve  spanwise  pressure  dis¬ 
tributions  that  were  otherwise  not  flat  (see  also  Figure  X.). 


Figure  6.  Boundary  l  ayer  Venting  System 


Figure  7.  Porous  Endplatcs  of  Boundarv-I  aver  Control 
System 
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program  was  to  measure  the  porloimanee  etTeets  due  to 
denceteil  spoiler  (>  ,  10  )  ap|i!icjtioiis  on  a  ihiee-eiemeni 
landing  eonliguraiion  I  he  Hap  gap  atul  tuerhang  vuae 
held  constant  to  isolate  the  eHects  due  to  spoiler 
denection. 

It  was  found  that  for  this  airfoil  application,  dtooping  the 
spoiler  or  It)')  actually  decreased  the  mavimuni  lift 
capability  and  stall  angle  (Figuies  4  and  10).  llovcecei, 
over  most  of  the  lift  curve,  the  lift  coefficient  at  a  gocn 
angle-of-attack  was  considerably  incrcaseil  In  the 
diturpcd  spoiler  (Figure  1  I )  Ttie  extra  lift  teas  geneiatcrl 
largely  by  the  main  element,  as  shown  In  l  iguie  1 1.  aitti 
is  a  consequence  of  its  increased  aft  camhei  Resides 
generating  more  lift,  drooping  tlic  spoiler  changed  the 
character  of  the  stall,  leading  to  a  sharper  stall 
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Figure  4.  Effect  ol  .Spoiler  Deflection  on  Maxinuini  I  ifl 
itf  a  Thrce-Flement  Aiifoil, 

-  .to  a,  -  .V) 


0  5  10  15 
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Figure  10.  Effect  of  Spoiler  Deflection  on  Stall  .Angle 
of  a  I  hrcc-Flcment  .Airfoil, 

.5.1  -  MV  (5,  -  ?()■ 


Nondimensional  Modal  Span  (%) 

Figure  S.  Comparison  of  Trailing  Edge  Spanwisc 

Pressures  With  and  Without  Sidewall  Suction, 
a  =  IfC 


4.0  RESULTS  AND  DISCUSSION 

The  following  discussion  reviews  results  obtained  for 
drooped  spoiler  effects,  trailing  edge  wedge  applications, 
and  the  performance  of  a  new  generation  single-segment 
flap  design.  The  te.st  results  were  obtainerl  transition  free 
at  0.20  Mach  number  and  a  chord  Reynolds  number  of 
9  X  10*,  unless  otherwise  specified.  This  condition  is  rep¬ 
resentative  of  full-.scale  at  the  estimated  critical  wing  sta¬ 
tion  for  low-speed  stall  on  an  advanced  medium  range 
transport  aircraft. 

4.1  DROOPED  SPOILER  EFFECTS 


a  (DEGREES) 


Positively  deflected  spoiler  surfaces  (trailing  edge  down)  Figure  II.  Effect  of  Spoiler  Deficction  on  Lift  of  a 
have  been  used  successfully  on  military  aircraft  to  Three-Element  Airfoil,  .5,,  =  .50’  Sr  =  30’ 

enhance  lift  generation.  An  objective  of  the  present 
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Two  key  observations  can  be  made  from  these  results 
First,  the  increased  loading  on  the  main  element  leads  to 
reduced  loading  on  the  tlap  (downwash)  and  increased 
loading  on  the  slat  (upwash).  Second,  increased  loading 
on  the  slat  leads  to  the  slat  stalling  soon  after  the  main 
clement  stalls.  This  effect  is  not  present  for  the  unde- 
flectcd  spoiler  case,  where  the  slat  does  not  stall  at  all. 

To  further  illustrate  these  observations  surface  pressures 
at  8°  angle  of  attack  (approach)  are  shown  in  Figures  12, 
13,  and  14.  Figure  13  clearly  indicates  increased  circu¬ 
lation  on  the  slat  with  increasing  spoiler  dellcction.  The 
authors  attribute  upwash  from  the  main  clement  as  the 
cause  for  this  effect.  Conversely,  the  flap  surface  pres¬ 
sures  of  Figure  14  indicate  reduced  flap  circulation  with 
spoiler  deflection.  Again,  the  mechanism  for  this  effect 
is  believed  to  be  downw'ash  from  the  main  element.  In 
general,  application  of  drooped  spoilers  to  the  prcse..l 
transport  airfoil  indicated  maximum  lift  decrements  but 
substantial  increases  in  lift  at  a  given  angle-of-attack. 
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Figure  12.  Effect  of  Spoiler  Deflection  on  Surface 

Pressure  Distributions  of  a  Three-Element 
Airfoil.  (5,  -  .30'  (i,  -  .30'’ 
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Figure  13.  Effect  of  Spoiler  Deflection  on  Leading-Edge 
Surface  Pressure  Distributions  of  a  Three- 
Element  Airfoil,  i5,5  =  ,30"  <5,  -  ,30" 
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Figure  14  Fd'fect  of  Spoilei  Deflection  on  I  lailing-l  dee 
Surface  Pievsuie  Disiiibulioii'-  of  a  1  hiee- 
Flemenl  Airfoil.  3,  30  .1  3o 

Summary  results  of  Reynolds  numbei  effects  at  tn.is- 
imum  lift  for  the  three  coni'igiit atiotis  with  spotlet 
deflections  of  O',  .S  .  ami  10’  ate  show  n  in  Figure  I  s,  I  he 
overall  trend  with  increasing  Reynolds  nutnbet  ts  siniilar 
(ir.cre.ased  maximum  lift)  to  that  obtained  with  the 
baseline  cimriguratii'n. 
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Figure  1‘i.  Effect  of  Reynolds  Number  on  Maximum 
Lift.  rTc  -  3(V  fi,  -  .30" 


4.2  TRAILING  EDGE  WEDGE  EFFECTS 

To  simulate  the  effects  of  a  small  (3"n  chord)  split  flap 
on  low  speed  performance,  wedges  were  attached  to  both 
the  single-  and  three-clement  airfoil.  A  wedge  with  an 
angle  of  30"  was  tested  on  the  single-element  airfoil  and 
I  5  \  .30  ,  d.*!  and  60'  wedges  were  applied  to  the  flap  of 
the  three-clement  ait  foil  as  described  in  Section  2 

The  intent  of  this  study  was  to  identify  the  fraction  of  the 
maximum  lift  increment  realized  on  the  single-clement 
airfoil  (Figure  16)  that  is  retained  when  the  high-lift 
components  arc  eleployed.  It  can  be  seen  from  Figure  17 
that  the  wedge  provides  a  lift  increment  throughout  the 
lift  curve  that  diminishes  with  angle  of  attack.  The  max¬ 
imum  lift  coefficient  for  this  thrcc-elcmcnl  landing  con¬ 
figuration  is  only  marginally  increased  (  +  0.02)  by  the  use 
of  the  wedge.  It  is  worth  noting  that  most  of  the  increase 
in  lift  is  generated  by  the  main  clement  and  not  the  flap 
as  might  be  expected.  The  mechanism  for  the  increase 
in  lift  is  the  augmented  loading  on  the  much  larger  main 
element  caused  by  upwash  from  the  flap. 
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Kijiurc  Ui.  Effect  of  a  .M)'  Wedge  on  the  I  ifi  of  a  Single- 
Element  Airfoil 
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F  igure  17.  Effect  of  a  .to  Wedge  on  the  Lift  of  a  Ftiiee- 
Flcmcnt  Airfoil,  a,  -  .fO  -  _t()' 

Recults  olrfained  with  l.f .70  .  4.s',  and  60  wedges  on 
the  threc-clemcnt  airfoil  for  a  range  of  Reynolds  nuinheis 
arc  shown  in  Figure  IS.  Increases  in  maximum  lift 
capability  (from  the  baseline)  arc  more  apparent  for  the 
46'  wedge  application.  Additionally,  the  maximum  lift 
levels  out  at  wedge  angles  of  4.6"  and  greater  (for  a 
Reynolds  number  of  9  x  10").  The  results  obtained  at  6 
X  lO"  indicated  a  significant  increase  in  maximum  lift 
between  the  baseline  (no  wedge)  and  the  60'  wedge 
application.  Howcscr,  at  the  higher  Rcynohls  number  I-* 
X  io")  this  increment  all  but  ilisappears.  Thus,  testing  at 
a  Rcynohls  number  of  6  million  produces  trends  which 
do  not  occur  at  the  higher  Reynolds  numbers 


faguro  I.S.  Effect  Reynolds  Numbei  on  Maximum  I  ifl. 
6,  -  .W"'  6,  --  .70 


A  lift  curse  coinpai  (son  ofthc  bascl.nc  atui  chc  4s  uedge 
results  IS  shown  in  Figure  19  for  a  Resnoids  n.inihet  of  9 
x  10".  Asobseised  with  the  70  uedge  n.  the 

majotiis  of  the  lift  incienieni  is  due  to  the  main  elenicrii 
of  the  airfoil,  ssnh  in  inciemeni  m  m.i\;n':im  hit  of 
I  0.07. 
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Tigure  19.  Effect  of  a  46  Wedge  on  liie  1  ift  of  .a  I  hfce- 
Element  Airfoil,  6.  to  ,i,  to 


4.7  advanced  SlNGl  E-SECiMEM  FLAP 

.An  adsanced  flap  con  I'pt  dcseloped  at  Douglas  Airsi.ift 
was  also  tesicrl  and  is  show  n  in  1  igtiie  2(1.  1  he  new 
shape  IS  significanils  di'^l'erent  than  the  baseline  Hap.  1  he 
adsanced  Ifap  was  designed  to  reduce  tlosc  separation  ton 
the  flap  suifacc)  for  landing  Hap  ilencctions.  A  eompai- 
ison  of  n.ap  suiface  pressures  measuied  at  an  approach 
condition  (4,  ■  .70  .  a  -  h  )  is  shown  in  t  igtire  21  and 
demonstrates  the  irnprinement  oser  the  baseline  flap.  It 
can  also  be  ss'cn  that  the  adsanced  H.ip  was  able  to  sus¬ 
tain  an  increased  suction  peak  schile  maintaining 
attached  flow.  !  his  incieased  suction  peak  was  piescnt 
up  to  and  incluiling  the  maximum  lift  condition  (Figure 
22).  where  both  flaps  display  attached  flow.  I  his 
increased  suction  peak  increases  the  loasling  on  the  Hap, 
especially  at  the  losvcr  angles  of  attack.  1  he  peiTormanse 
improvement  due  to  the  adsanced  tfap  is  shown  in  I  igure 
2.7.  The  total  lift  ofthc  three-element  airfoil  increases 
with  the  advanced  Ifap.  This  incluslcs  a  maximum  lift 
increase  of  (  0.07.  Notably,  drag  lesols  are  rciluccd. 
especially  around  the  approach  condition  K/  =  .7  I). 

I  his  decrease  in  drag  at  approach  is  shosvn  in  F  igtire  24 
to  be  29"ii  oser  the  baseline  flap. 


Eignrc  20.  Adsancs'd  F  lap  Shape 
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F’iiluro  31.  F  l.'ip  SLnr'ii.c  Pressures  ;it  .in  .Appio.ah 
('onditinn.  ~  '()  0|  “  '•' 
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Fijnirc  22.  Flap  Surface  Pressures  ai  Maximum  Fift. 
-  ,^()  ,i,  -  20' 


RN  •  9  X  XJ*  M  »  0  20 


a  (OeCHEES)  C. 


Figure  22  Lomparison  of  the  l  ift  and  Dr.ag  for  the 
Baseline  and  Arivanced  Flaps. 
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I  iguie  24.  lotal  Nirlml  l)i  'C  Reduclion  Due  ' 
Ailianced  Map  St,  ipe.  i.,  ,20 

li  is  inteicst'ng  to  note  the  ReynokK  number  irends  iii 
fagure  2.“'  since  they  iiulicaie  deeieased  sensiiiiity  for  ilie 
arhanced  Pap.  It  is  experied  that  these  results  are  a 
consequence  of  rhe  absence  of  nme  separation  on  the 
advtinced  flap  surr'ace. 


M  =  0.20 
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Figure  2“'.  Fffect  of  Rcvnolds  Number  on  Mtiximum 
l  ift.rFs  -  .20'  -5,  -  ,20 


I  he  new  flap  shape  exhibits  differ  ent  optimization  trends 
than  that  of  the  baseline  flapF  Because  o''  large-scale 
separation  on  the  baseline  flap,  the  best  ivications  lor 
maximum  lift  occurred  with  positixe  overhangs  (overlap¬ 
ping)  and  large  gaps  ( 1 .3  to  2.0".,).  I  he  optimization  for 
the  arlvanccd  flap  are  shown  in  Figures  26  through  20 
Unlike  the  baseline  flap,  the  advanced  flap  optimizes  at 
negative  (or  zero)  oxerhangs  with  gaps  between  I  anil 
l  ..3"<).  The  dashed  lines  in  F’gurcs  26  through  20  are 
estimated  lines  of  constant  For  the  four 

deflections  tested,  the  maximum  lift  decreases  as  tne 
flap/spoiler  oxerlap  increases  (more  positixe  overhang) 
The  now  about  the  advanced  flap  is  better  behaved  than 
that  for  the  baseline  flap,  thus  allowing  Ihe  flap  to  take 
advantage  of  ailditional  Fowler  motion. 


nN  =  9ilO'  M  =  0.2  !>t  =  30deg  =  30  dog 


Fij.’urc  2^.  Maximum  (  if't  C'cctTificnt  Ointourx  /'lu  an 
Ailvaiiced  Flap  Shape,  P/  ,'() 
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Fiiiiirc  27,  Maximum  Lift  ('oeiTieient  Conttuiis  I'ot  .an 
Advanced  Fl.ap  Shape,  d,. 

RN  =  9  «  10*  M  =  0.2  Sa  =  30  deg  «r=  37.5  deg 


I'ijiure  2X.  Maximum  Fift  Cneri'icieni  ('lanlinir'-  Fm  an 
Adv.aneed  F-I.ap  Shape,  a, 

RN  =  9  «  10  •  M  =  0.2  5,  =  3*1  deg  b,  =  40  deg 


Figure  2‘>  Maximum  I, if;  Coefficienl  fontnurs  fur  an 
Advanecvl  Flap  Shape,  d,  -  40' 
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An  exp'  'mental  ptngiam  tn  .issevs  the  pei Icim.ini c  "I  a 
transpoi  multielement  airliul  at  llighi  Rev  unKis  numl  v  i  ^ 
hax  been  conducted  b\  Douglax  .Aiiciafi  t  onipanv  and 
the  NASA  Langley  Rexeaicli  Center.  I  he  goals  of  iho 
effort  were  to  e.stablixh  new  high-lift  technologies  as  vsv-ll 
as  to  augment  the  high-Reynolds  number  d.itabase  on 
multielement  airfoil  configuialions.  Seveial  conclusions 
are  drawn  from  this  stinlv: 

1,  The  drooped  spoiler  (.S'  and  10  )  decreased  the  max¬ 
imum  lift  capability  of  the  thtee-element  an  foil 
landing  conFiguration.  Adriitionaily  ihe  drooped 
spinier  decreased  the  stall  angle  from  that  of  the 
baseline  (undeflected  spoilei ). 

2.  Drooping  the  spoiler  <li<l  inciease  ihe  lift  of  the  aiiloil 
at  pre-stall  angles  of  attack.  I'his  additional  lifi  was 
generated  by  the  main  element  and  is  .i  conseqiieiKc 
of  its  increased  aft  camber 

t.  I  he  Reynohls  number  effect  on  the  diooped  spoilci 
configuration  were  simtlar  to  those  obtaineil  with  liie 
undehccted  spoiler.  Maximum  lift  increased  w  ith 
increasing  Reynolds  number. 

4.  Trailing  edge  wedge  applications  provideil  a  signil- 
icani  increase  in  ('/  ami  (  y  on  the  single-element 
airfoil. 

.S.  For  the  .Ki '  wedge  application,  the  maximum  lift 
increment  measured  for  the  single-element  aiifoil 
(0.17)  was  not  retainerl  for  the  three-element  aiifoil 
conFiguralion  (0,02).  Lhe  maximum  lift  increment  I'ot 
the  4.S'' wedge  case  was  K).07.  Most  of  the  lift 
increment  v.as  rlue  to  the  main  element,  ;ind  not  ihe 
flap. 

6.  P.eynolds  number  effects  on  the  three-element  Hailing 
edge  wedge  application  were  signiUcani.  Ihe  lower 

s  10")  Reynolds  number  riata  indicated  incie.ising 
maximum  lift  with  increasing  wedge  angle  (up  to 
60’).  Howevei.  the  d  .x  10"  Reynohls  number  tlala 
exhibited  a  much  smaller  increase  than  the  ^  <  10' 
data.  Additionally,  the  trends  with  wedge  angle  were 
not  reproduced  between  the  two  Reynohls  numbers, 

7.  A  new  advanced  single-segment  ITap  shape  was 
tested.  The  new  shape  led  to  significantly  reilueerl 
flow  separation  for  the  single-segment  landing  (lap 
case.  1  oral  airfoil  profile  drag  at  approach  was 
reduced  by  2d'’o  over  the  baseline  ilc'sign. 

X.  The  advanced  flap  was  not  as  Reynohls  number  sen¬ 
sitive  as  the  baseline  flap  :it  the  higher  Reynohls 
numbers  tested. 

d.  Ihe  optimum  rigging  of  the  advtinccrl  flap  shape  was 
substantially  different  than  that  of  the  baseline 
design.  The  adv.inced  flap  optimized  at  smaller  gaps 
and  more  negative  overhangs  for  increascti  Fovv  Icr 
motion. 
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UNE  METHODE  D’INTERACTION  VISQUEUX  NON-VISQUEUX 
POUR  ECOULEMENTS  INCOMPRESSIBLES  HYPERSUSTENTES 
SUR  PROFILS  MULTI-CORPS 
EN  REGIME  DE  DECOLLEMENT  PROFOND 


(  A  VISCOUS-INVISCID  SOLVER 
FOR  HIGH-LIFT  INCOMPRESSIBLE  FLOWS 
OVER  MULTI-ELEMENT  AIRFOILS 
AT  DEEP  SEPARATION  CONDITIONS  ) 


J.C.  Le  Balleur  el  M.  N^ron 


ONERA,  BP  72.  92322  Chaullon  Cedex  (France) 


Abstract. 


A  viscous  -  inviscid  interaction  numerical  method  for  in¬ 
compressible  flows  over  multi-elements  airfoils,  which  is  an  ex¬ 
tension  of  the  numerical  method  previously  suggested  for 
compressible  attached  or  separated  or  even  stalled  flows  over 
airfoils,  is  presented.  The  robust  algorithms  of  the  method  are 
capable  now  to  converge  as  well  for  attached  flows  or  mas¬ 
sively  separated  flows,  such  as  induced  by  slope  discontinuities 
of  airfoils  or  slats,  or  such  as  induced  by  stall.  The  viscous  - 
inviscid  approach  introduces  a  self-adaptative  viscous  grid  in 
both  normal  and  streamwi.se  directions  along  the  displacement 
surfaces,  with  everywhere  a  streamwise  grid-resolution  of  the 
.same  order  as  the  separating  boundary  layer  thichnesses,  even 
at  slat  apexes,  which  is  believed  to  eliminate  any  aleatory 
effect  of  numerical  visct>sity. 

The  method  is  validated  with  respect  to  ONERA  experiments, 
on  the  three-element  RA16SCI  high-lift  device,  with  the  severe 
AMD  slat-geometry.  A  realistic  non-uniqueness  of  the  separat¬ 
ed  flow  solutions  has  been  exhibited  by  the  calculation  method. 
A  satisfactory  agreement  between  theory  and  experiment  is  ob¬ 
tained.  with  the  suggested  2  equation  turbulence  model. 


R^sum^. 


Line  methode  numerique  d' interaction  visqueux  -  non 
visqueux  pour  les  ecoulements  incompressibles  sur  les  profils 
multi-corps,  qui  est  un  prolongement  de  la  methode  numerique 
suggeree  precedemment  pour  les  ecoulements  compressibles 
attaches  ou  decodes  voire  decroches  sur  les  profils  d'ailes,  est 
presentee.  Les  algorithmes  robustes  de  la  methode  sont  main- 
tenant  capahles  de  convergence  tant  pour  les  ecoulements 
attaches  que  massivement  decodes,  tels  que  ceux  induits  par 
les  discontinuites  de  pente  des  profils  ou  des  bees,  ou  que  ceux 
induits  par  le  decrochage.  L’approche  d'  interaction  visqueux  - 
non  visqueux  introduit  un  maillage  visqueux  auto-adaptatif  d  la 
fois  en  direction  normale,  et  dans  la  direction  de  Tecoulement 
le  long  des  surfaces  de  deplacement,  avec  partout  une 
resolution  de  maillage  dans  la  direction  de  Tecoulement  du 
meme  ordre  que  Tipaisseur  des  couches  dmites  sur  le  point  de 
!  decoder,  mime  aux  apex  des  bees  anguleux,  ce  qui  ilimine 

!  tout  effet  aleatoire  de  viscosite  numerique. 


La  metht>de  est  validee  par  rapport  a  une  experimentation 
ONERA.  sur  T hypersustentateur  triple-corps  RAlbSCl ,  avec  la 
geometrie  de  bee  severe  AMD.  Une  non-unicite  realiste  des 
solutions  d' ecoulements  decodes  a  ete  mi.se  en  lumi'ere  par  la 
methode  de  calcul.  Un  accord  calcuTexperience  satisfuisant  est 
obtenu,  avec  le  modele  de  turbulence  d  2  equations  propose. 


1.  INTRODUCTION. 

l.a  methode  numerique  d ’interaction  visqueux-non 
visqueux  pour  les  ecoulements  incompressibles  d’hyper- 
sustentateurs  presentee  ici,  dont  I’origine  remonte  a  la  ref.  [2) 
des  memes  auteurs,  a  ete  depuis  lors  developpee  en  prolonge¬ 
ment  direct  de  la  methode  numerique  proposee  par  ailleurs 
pour  les  ecoulements  compressibles  attaches  ou  decodes  de 
profils  d’ailes,  Le  Balleur  |.^||1||7||91,  dont  les  progres  r&ents 
|3|11|19|  ont  peimis  de  donner  acces  au  calcul  des 
decollements  massifs  et  du  decrochage  profond. 

Dans  le  cas  de  I’hypersustentation,  en  plus  du  progres 
necessaire  vers  le  calcul  des  ecoulements  massivement 
decodes,  qui  ^tait  deja  rencontre  sur  les  profils  d'ailes  au 
decrochage,  le  calcul  doit  aborder  la  plus  grande  complexite 
des  Ecoulements  vistiueux,  ainsi  que  la  plus  grande  complexite 
des  geometries,  qui  incorporent  souvent  des  singularites,  par 
exemple  sur  les  bees. 

La  presente  methode  numerique  montre  que  la  simulation 
numerique  par  interaction  visqueux  -  non  visqueux  peut  etre 
rendue  opErationnelle,  pourvu  que  les  progrEs  recemment  ob- 
lenus  13][1|,  &  la  fois  sur  les  algorithmes  de  couplage  et  sur 
I’extension  des  modeles  de  couche-mince,  soient  introduits. 

La  simulation  par  interaction  visqueux  -  non  visqueux  met 
de  plus  I’accent  sur  les  contraintes  de  finesse  de  discretisation 
nEcessaires,  qui  exigent  que  les  pas  d’espace  en  direction  de 
I’Ecoulement  dans  le  voisinage  des  dEcodements  soient 
toujours  maintenus  du  meme  ordre  que  I'Epaisseur  de  la 
couchc  incidente  qui  va  dEcoder,  du  moins  si  un  calcul  rEaliste 
de  ces  processus  de  dEcollement  est  souhaitE.  Cette  contrainte 
d’Echelle  de  discrEtisation,  d’origine  physique,  introduit  des 
Echelles  extremement  petites  sur  les  bees  anguleux.  Elle  est 
Evidemment  toujours  prEsente  dans  les  calculs,  dans  les 
mEthodes  d’interaction  visqueux  -  non  visqueux,  comme  dans 
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les  methodes  de  resolution  "directe"  d’^uations  de  Navier- 
Stokes.  Le  defaut  d’une  telle  resolution  dicr^tis^e  a  echelle 
fine  reviendrait  a  faire  reposer  le  processus  de  decollement  cal- 
cule  sur  un  eft'et  alealoire  de  viscosite  numdrique,  i  moins 
d  introduire  une  modelisation  locale  du  type  "  volume  de  con- 
trole 

S’il  ne  peut  etre  fiable  de  faire  reposer  le  calcul  dcs  zones 
voisines  du  decollement  sur  la  dissipation  numenque, 
I’introduction  eventuelle  d’une  modelisation  additionnelle  dans 
les  echelles  fines  ne  doit  pas  etre  rejetee.  Cependant.  la 
methodologie  d’interaction  visqueux  -  non  visqueux  semble 
maintenant  offrir  la  possibilite  d’introduire  a  la  fbis  I’acces  a 
I’echelle  de  resolution  fine  correcte  au  decollement,  et  I'acces 
au  calcul  du  decollement  massif,  tout  en  conservant  ces  avan- 
tages  habiluels  de  tres  faible  diffusion  numerique.  Dans  cette 
optique,  les  raffinements  locaux  necessaires  du  maillage  sont 
d'un  abord  plus  aise  si  Ton  maintient  un  calcul  non-visqueux 
quasi-incompressible,  discretis^  par  methode  de  singularites. 


2.  EQUATIONS  ET  MODELES. 


La  presente  methode  de  calcul,  a  I’exception  du  calcul 
non-visqueux  incompressible,  est  identique  i  la  methode 
numerique  proposee  pour  les  ecoulements  compressibles 
attaches  ou  decolles  de  profils  d’ailes,  incluant  le  calcul  du 
decrochage  profond,  Le  Balleur  (31(71111.  On  pourra  se  report¬ 
er  a  ( 1 1  pour  une  presentation  detaillee. 


2.1.  Th^orie  de  "Formulation-D^ficitaire". 


2J.  Forme  inttgrale  en  "R^ferentitl  de  D^placemenl" . 


Une  simple  integration  en  »*  de  (l)(2j  enire  la  paroi 
(>')  et  I’infini  fournit  les  equations  mtcgrales,  pleine 
ment  equivalentes.  Les  equations  integrales  peuvent  s’eenre, 
soit  le  long  d’une  coordonnee  curviligne  (xS  sur  la  surface  de 
deplacement,  soit  le  long  d’une  coordonnee  curviligne  (s  l  sur 
la  paroi.  Les  viiesses  (visqueuse  et  non-visqueuse)  nomiales  a 
la  surface  de  deplacement,  notees  u*  ei  u',  doivent  etre 
distinguees  des  vitesses  (visqueuse  et  non-visqueuse)  nomiales 
a  la  paroi,  nottes  vv,  et  w, .  Designant  par  i/  le  module  de  la 
Vitesse  non-visqueuse,  et  ±  les  cotes  supeneur/infeneur  en  cas 
de  nappe  de  sillage  ; 


3s 


I  35' 


'  ’  C/'  I  1 

=  'P3 cos  V  +  pU  W,  -  Pit  tt,  :  t.ll 


cos 


.  > 


pu‘.xh  =  F(x'.  .i^>  +  (  p  -PK^  + 


ds 


cos  V 


sin  y  =  — 
Q 


avec  : 

I  35'  I  _"  !  pu'HJu'  I' 
[(/-e”  +  )  j  [pu'u'-pu'u'l 


Les  equations  de  Navier-Stokes  sont  dissociees  en  2 
systemes  couples  equivalents  en  utilisant  la  theorie  de 
"Formulation-Deficitaire"  de  Le  Balleur  14|(71(9i(3J(ll.  La 
theorie  est  utilis^e  ici  en  introduisant  une  troncature  de 
couche-mince  dans  les  Equations.  Cette  troncature  n’introduit 
pas  de  restriction  majeure  une  fois  ecrite  en  "R<5ferentiel  de 
Deplacement",  voir  (3|  ou  (1). 


2.2.  Equations  locales  en  "couche-mince  ”. 


Rappelons  que  la  theorie  de  "Formulation-Deficitaire", 
proposee  vers  1980  et  completee  par  I’introduction  du 
"Referentiel  de  Deplacement"  (31,  permet  de  generaliser 
I’emploi  d’equations  de  couche-mince  au  decollement  massif. 
Dans  ce  referentiel,  la  direction  devient  sensiblement  nor- 
male  a  la  surface  de  deplacement  (inconnue  avant  calcul). 

=  0  est  alors  la  surface  de  d^placement  et  non-plus  a  la 
paroi,  qui  devieni  x^  =  Z„(x').  Les  equations  visqueuses,  en 
theorie  de  'Formulation-Deficitaire"  (31(11,  lorsque  Ton  choisit 
de  les  tronquer  par  des  approximations  de  couche-mince, 
s’ecrivent,  si  d^signe  la  contrainte  de  cisaillement  et  si  7, 
Tj*  designent  respeciivement  le  jacobien  et  les  symboles  de 
Christoffel  des  coordonnees  curvilignes  ; 


pu’  -  pu‘ 

/•  -1 
0 

1  a  i 

0 

pu'a'  ~pu'u\ 

+  r,',.y. 

pu'u'  -  ps'u' 

II 

-71 

;  =  1.2  (1) 

-P)s-  :n[pu'u'-p«‘u'j  =0+ .  (1ft) 

Fluidc  Reel:  B‘ ,  p,  p 

Pseudo -fluide -par fait  ;u',p,p  (,y-l,2 


£ 


Bx* 


3x^ 


fi) 


En  plus  des  equations  de  masse  et  de  mouvemeni,  le 
systeme  (3),  choisi  ici  de  rang-3,  inclut  I’equation 
d’entrainement.  qui  est  une  collocation  le  long  de  la  surface 
x^  =  avee  I’equation  locale  de  mouvement  du  systeme  (1) 
selon  x'.  Conuairement  a  de  nombreuses  affirmations,  les 
equations  integrales  sont  moins  restrictives  que  celles  de 
Prandtl.  parce  que  p.p.p,  u‘  sont  ici  supposes  etre  evolutifs 
selon  x’  au  sein  de  la  couche  visqueuse,  Le  Balleur  141181(12), 
cette  extension  ne  resultant  que  du  choix  optimal  de  definition 
des  epaisseurs  integrales  ( "Formulation-Deficitaire"  par  rappon 
aux  flux). 


2.4.  Module  de  prolils  de  vitesse  turbulents  param^triques. 


On  utilise  la  description  analytique  originale  des  profils  de 
vitesse  moyenne  turbulents  suggerte  prec6demment,  Le  Balleur 
171191(81(31,  modelisation  construite  tant  pour  les  dcoulements 
attaches  que  massivement  dfeollds,  votr  (91.  Elle  est  ici 
appliqu8e  sous  sa  forme  la  plus  complete  (31,  avec  sous-couche 
laminaire  et  lerme  D  d’amortissement  ; 
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f  1  -  ol .  - 

L  J  * 

2 

L  J 

Log 


hi  de 
sillage 


loi  turbulente 
de  paroi 

(4a) 

loi  laminaire 
de  paroi 
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r  _  •  1  '\2 

avec  :  Fi.2)  =  F'  - - ^  ,  F’  (z)  =  1  -  7 '  *J  ,  i  =  0.4 


7  =  max  0 , 2.406 


a'-  0.5844 
.  J. 


-  >  u  I  vr 


=  |f  (7)  </7 


LogRl,^\  +5.25i-i-  <46) 


Cette  modelisation  des  profils  de  vitesse  foumit  aussi  une 
modelisation  gcnerale  de  I’entrainement  turbulent  d'equilibre 
[31[7|[11,  compte  tenu  de  la  definition  de  E  dans  (3)  ; 


£„  =  C4  .  1 1  -  ii. 


1; 


\y^  y 

'I  /'4w//l  I* 

r/M  w  ¥M/n\\ 


.y  «/« 


1  0 


C4-  0.062,  Go- 6.5,  ^5  -  ^5  ( C4  ) 

oil  ad,  C/o  correspondent  aux  valeurs  de  a'.  C/  calculees  pour 
la  plaque  plane  en  incompressible,  au  meme  Rg  et  avec  un 
paramfetre  de  Clauser  Gq. 

2,5.  Module  de  turbulence  k-tau. 

Les  effets  de  turbulence  hors-equilibre  sont  calcules  en 
ajoutant  le  modele  4  2  equations  de  transport  de  Le  Balleur 
l71l3l,  qui  peut  etre  utilise  aussi  bien  dans  les  mdthodes-Iocales 
(calcui  dc  I  - ),  et  dans  les  methodes-integrales  (entrainement  et 
dissipation).  Ce  modele  suggdr^  en  1981  a  pour  originality, 
d'une  part  de  "forcer"  le  modele  de  Launder-Rodi  par  la 
modelisation  des  profils  de  vitesse,  ce  qui  le  rend  mieux  adapts 
aux  ecoulements  decodes,  et  d’autre  part  d’effectuer  un  calcui 
en  termes  d'yean  aux  valeurs  donnyes  par  le  modfele 
d’equilibre  (contraintes  et  entrainement  £„).  L’ycart  & 
I'equilibre  est  suppose  etre  invariant  en  direction  x^,  et  etre  cal- 
cule  selon  x’  par  2  equations  (integrales)  de  transport.  Celles-ci 
caltulent  des  effets  d’histoire  pour  I'energie  cinetique  tur- 
bulente  moyennee  en  x'  notde  k(x')  ,  et  pour  la  contraintc  de 
cisaillement  de  Reynolds  moyennee  en  x^  notee  t(x’)  ; 


Contrainte  locale 


,12=  t  U'l 


t.,  =  X.X7X3P'  1^1  WrPv,  ^ 


Entrainement  global  ;  E  = - 


*1 


8  -  B,1  =  1.5  ^  [-T^l  ^  t,,  - 1  (4d) 

J  avi  t,  I  a  ’ 


3.  METHODES  NUMERlQLEa, 

Les  methodes  numeriques  ulili.sees  pour  la  couche 
visqueuse  et  pour  Talgorithme  de  couplage  sont  identiques  a 
celles  developpees  en  fluide  compressible  pour  les  profils 
d’ailes.  Le  Balleur  [31(11171. 


,4.1.  Myihode  numyrique  visqueuse. 


Rappelons  que  la  meihode  numerique  de  couche  visqueuse 
est  de  nature  hybride  entre  methodes-integrales  et  mythodes- 
locales. 

A  chaque  station  (x').  les  profils  de  vitesse  paramytriques 
turbulents  des  relations  (4)  sont  discreti.sys  selon  x‘  entre 
x^  =  Z,4  et  x'=5,  avec  un  maillage  en  x‘/6  qui  est  auto- 
adaptatif  a  5  et  a  la  forme  du  profil  de  vitesse.  La  discretisation 
auto-adaptative  utilise  ici  37  noeuds  optimises,  dependants  de 
a',  avec  des  schemas  implicites  de  trapezes  pour  lier  les  gran¬ 
deurs  locales  et  integrales. 

De  station  en  station  (x'),  le  systeme  d’equations  integrees 
en  X*  est  discrytise  sur  le  maillage  curviligne  (x')  de  surface  de 
deplacement,  projection  sur  cette  surface  du  maillage  curviligne 
de  paroi  (s).  Notons  que  I’integration  en  x^  (normale  X  la 
couche  visqueuse)  n’est  plus  ici  normale  a  la  paroi,  Le  Balleur 
13|(9|  ; 


1  =  1,5,  y  =  l,5,  (5a) 


ptv. 


*2=  ~  ‘:0s  V 


8=  (I -7*)  8,  8,  =8,  [1 -0.45  (1 

Les  coefficients  et  grandeurs  d’yqullibre  qui  apparaissent  dans 
le  modyie  sont  prycisds  dans  Le  Balleur  (1J(3](7). 


sin  V  =  !  q 
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La  presenie  methode  rcprend  la  discretisation  robuste  en  (s,  x‘) 
developpee  depuis  de  nombreuses  anndes,  Le  Balleur 
171181131[11,  s-marching  et  non-lineairement  implicite  en  s.x^. 
Elle  commute  differents  schemas  numeriques  en  direction  s ,  de 
second-ordre,  ou  de  premier  ordre  si  le  maillage  devient  gros- 
sier,  voir  ( 1  ]. 

Les  inconnues  "non-visqueuses"  du  probleme  visqueux 
(5a),  notdes  avec  un  signe  chapeau,  (4  ,  ),  doivent  etre 

couplies  aux  quantit^s  correspondantcs  du  probleme  non- 
visqueux,  qui  sent  notdes  (<? ,  Ig ).  Pour  eviter  les  problemes 
de  singularity  de  dycoUement,  le  probiyme  visqueux  est  resolu, 
avant  couplage,  soit  en  mode  direct ,  soit  en  mode  inverse .  A 
chaque  noeud  (i,  1)  et  ityration  de  couplage  N,  le  systime 
discretisd  (5a)  est  fermy  par  la  relation  (5b),  elle-meme 
discrytisde  par  des  scMmas  centrds  pour  (dg/ds)  et 
yventuellement  decentrys-aval  pour  (dqlds)  : 

f  e  =  0  ;  Direct 

1  e  =  I  ;  Inverse 


(l-£) 


ds  is 


N 

I.  1 


=  0 


(5b) 


La  commutation  d’un  mode  direct  (£  =  0)  vers  un  mode 
inverse  (£  =  I)  est  asservie  au  paramytre  de  forme  du  profil  de 
Vitesse  (a'  >  0.28  par  exemple),  Le  Balleur  [7)[3|, 


Le  Balleur  |3J1 1)1 101.  en  variables  complexes 


=  u).‘  +  /  u)“  = 

tor’""’'  =  tor  +  /  ot,,,.,  to.'  = 
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Dans  ces  expressions,  le  terme  q  correspond  a  I’amplilication 
complexe  de  Talgorithme  de  point  hxe  "direct"  (p  ’  etant  de  ce 
fait  I'amplitication  complexe  de  Talgonthme  de  point  fixe  in 
verse").  On  noiera  que  la  relaxation  to',  to'  ci-dessus 
correspond  a  la  fomie  originelle  de  l  algorithme  Semi 
inverse",  Le  Balleur  161,  e'est  a  dire  a  line  relaxation  optiiiiale 
to^'  =  l-p'‘,  mais  que  I'ecriture  ici  en  variable  complexe  de  to 
inclut  egalement  I’analyse  de  Wigton,  Holt  |111,  voir  |121.  On 
remarquera  enhn  que  Talgorithme  "Semi-inverse  Massive- 
separation"  conduit,  men  e  en  subsonique,  a  ce  que  les  2 
temies  to-  et  to’  soient  actifs  et  non-nuls,  Le  Balleur  1311101. 


3_l.  Couplage  :  Algorithme  '  Semi-inverse  Massive-separation". 

A  chaque  ityration  de  couplage,  la  vitesse  normalc  a  la 
paroi  non-visqueuse  (ou  bien  la  discontinuity  de  vitesse 
norroale  non-visqueuse  sur  les  sillagcs  qui  traduit  I’effet 

de  dyplacement  gyneralisd,  est  modifiye  en  chaque  noeud  de 
couplage  (i,  1)  de  manifere  explicite  giice  D  I’algorithme 
"Semi-inverse"  de  Le  Balleur  16113)110111)  : 


2^1 

=  0) .  ! 

0)/ 

.v' 
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<?  J 
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9  , 

’  j2^  j2  .V 

ds  ds 

..i  9 
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•  .1 

0  <  io<  2, 


La  presente  mythode  utilise  I’extension  recente  "Semi¬ 
inverse  Massive-separation"  de  ralgorithme.  Ce  nouvel  algor¬ 
ithme  gynyralise  Talgorithme  originel  dans  le  cas  oil  w,,'q 
cesse  d’etre  petit,  mais  peut  devenir  de  I'ordre  de  I’unite,  Le 
Balleur  I3|[ll. 


Rappelons  de  plus  que,  dans  la  theorie  numerique  du 
couplage  associye  it  Talgorithme  "Semi-inverse",  voir  (M,  la 
technique  nutnyrique  s-marching  du  problbrne  visqueux  permet 
k  chaque  station  n  1)  une  yiimination  des  variables  internes 
"purement  visqc  cs",  Le  Balleur  151[61171131,  ce  qui  donne 
P‘  en  chaque  noeud  ; 


(7) 


Les  coefficients  toj,  (o?,  to?  ci-dessus  sent,  dans 
ralgorithme  "Semi-inverse"  de  Le  Balleur,  calcuiys  en  chaque 
noeud  (/  )  de  couplage.  Ce  calcul  est  tel  que  corresponde 
it  la  solution  (linyarisye)  de  couplage  exact  sur  le  nombre 
d’onde  maximal  16117113)  a„,„  du  maillage.  Une  surrelaxation 
de  2  est  alors  la  limite  de  stability  16117).  Pour  ralgorithme 
"Semi-inverse  Massive-separation",  les  coefficients  s’yerivent. 


Calcul  des  sillages. 


Le  calcul  visqueux  direct/inverse  et  le  couplage  en  effet 
de  dyplacement  sont  effeciues  sur  les  sillages  de  la  meme  fa- 
con  que  sur  les  couches  limiies.  et  les  decollements  eventuels 
induits  par  les  gradients  de  vitesse  peuveni  y  etre  calcules.  Ce 
calcul  des  sillages  est  conduit  ici  dans  rhypothe.se  du  traite- 
ment  simplifie  issu  de  la  seule  panie  symytrique  des  equations, 
voir  Le  Balleur  17).  L'effet  de  courbure  est  pris  en  compte 
dans  la  mythode.  comme  dans  17),  mais  tous  les  calculs  ont  ici 
ety  conduits  sans  cet  effet. 

En  plus  de  ralgorithme  de  couplage,  on  utilis.*  pour 
chaque  sillage  I’algorithme  de  mise  en  yquilibre  proposy  pour 
les  profils  mono-corps,  Le  Balleur  |7],  repris  en  dytail  dans 
1 1 113). 


3.4.  Mythode  numyrique  non-visqueuse. 


Le  calcul  incompressible  non-visqueux  est  effectue  par  la 
methode  de  singularites  proposee  par  le  second  auteur,  deja 
presentee  en  |2|. 

Dans  cette  methode,  le  conditionnement  numerique  est 
ameliore  en  distribuant  sur  les  parois  des  profils,  dans  les  zones 
de  faible  epaisseur  pres  des  bords  de  fuite,  une  double 
repartition  de  singularitys  sources  et  tourbillons. 
L’augmentation  correspondante  du  rang  du  systeme  est  utilisee 
pour  imposer  localement  des  conditions  de  regularity  aux 
ycoulements  fictifs  que  la  distribution  de  singularitys  induit  a 
I’intyricur  des  profils.  L’emploi  d’une  telle  mythode  de 
singularitys  mixte  dans  ces  zones  de  faible  ypaisseur,  associye 
&  des  contraintes  suppiymentaires  appropriyes  permet  en  effet 
d'utiliser  les  singularitys  de  fapon  optimale,  en  limitant  I’erreur 
de  discretisation. 

Un  traitement  numerique  satisfaisant  dans  les  zones  de 
faible  ypaisseur  est  tout  particuliferement  nycessaire  ici  dans  le 
cas  de  profils  multi-corps,  dont  les  corps  principaux  et  les  bees 
prysentent  pres  de  leurs  bords  de  fuite  des  ypaisseurs 
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gen^ralcmem  faibles. 

Numeriquemem,  ;  our  les  iterations  de  couplage.  la 
matrice  inverse  du  systfcme  non-visqueux  discr6tise  (sillages 
exclus)  est  invariante,  et  stockee,  aussi  longtemps  que  le  mail- 
lage  (adaptatif)  n’est  pas  reactualise. 


4.  RESULT  ATS. 

Les  resultats  de  calcul  ci-dessous  ont  il6  obtenus  sur  un 
profil  d’hypersustemateur  construit  k  panir  du  profil  supercri¬ 
tique  RA16SC1  de  I’Aerospatiale,  experimente  avec  un  volet  et 
differents  types  de  bees  113|.  Dans  le  but  d'evaluer  les  perfor¬ 
mances  et  les  progr^s  recents  du  code  de  calcul  (code  VISISb), 
la  configuration  de  bee  la  plus  severe,  dotee  du  bee  A.M.D.  ,  et 
source  de  d^collements  profonds,  a  ^t^  selectionnee  comme  cas 
test.  Les  configurations  calcul^es  correspondent  aux  valeurs  de 
-20°  et  -40°  de  Tangle  de  braquage  du  volet  . 

4.1.  De.scription  de  Thypersustentateur  triple-mrps. 

Contrairement  a  la  configuration  double-corps,  traitee 
anterieurement  |2|  avec  une  version  beaucoup  moins  avanc^e 
de  la  niethode  de  calcul.  et  d’une  complexite  aerodynamique 
bien  moindre,  la  configuration  triple-corps  (fig.  1)  introduit  une 
difficulte  majeure  par  la  geometrie  du  bee.  Celui-ci  presente 
en  effet  a  Tinuados  une  singuiariie,  a  Taval  de  laquellc  sc  situe 
une  cavite.  La  difficult^  de  calcul  reside  moins  dans  la  singu- 
larite,  et  dans  le  decollement  qu’elle  declenche  dans  la  cavite. 
que  dans  sa  geometrie  particuli^re,  les  parois  amont  et  aval  y 
preseniam  en  effet  un  angle  aigu. 

4.2.  Conditions  de  calcul. 


La  methode  de  calcul  des  couches  visqueuses  doit  trailer  ^ 
partir  de  cette  singularite  un  decollement  profond  de  cavite, 
une  couche  de  melange  apparaissant  k  la  singularite,  avant  de 
recoller  vers  Taval.  Dans  un  tel  cas,  une  technique  de  calcul 
simplificatrice  souvent  adoptee  consiste  par  exemple  k 
modifier  artificiellement  la  geometrie  de  la  cavite.  de  fapon  k 
adoucir  le  processus  de  decollemenL 

Le  recours  k  ce  type  de  calcul  simplificateur  n'esi  ici  pas 
necessaire.  La  demarche  tetenue,  permise  par  la  methode,  grace 
k  sa  theorie  de  "Formulation  Deficitairc",  voir  (1|,  et  au 
"Referentiel  tangent  k  la  surface  de  deplacement",  a  consiste  k 
conserver  la  forme  exacte  de  la  cavite,  et  k  ne  modifier  la 
geometrie  qu’en  emoussant  Tapex  de  la  singularite. 
L’emoussement  est  ici  obtenu  en  introduisant  un  arc  de  cercle 
de  trks  faible  rayon  (1,36  10“’),  mailie  ici  par  60  noeuds  sur 
environ  150°  (fig.  3,2,4).  Sur  cet  emoussement,  le  processus 
physique  de  decollement  (compression)  peut  etre  effectivement 
discretise.  Cette  discretisation  k  echelle  fine,  dictee  par 
Techelle  de  la  couche  limite  juste  en  amont,  assure  que  le  pro¬ 
cessus  de  decollement  et  de  naissance  d’une  couche  de 
melange  soit  ici  effectivement  calcuie  et  ne  soit  plus  determine 
par  les  seuls  effets  de  viscosite  numdrique. 

Les  calculs  ont  ete  obtenus  en  laissant  la  transition  sc 
developper  de  fapon  naturelle,  et  sans  recaler  les  epaisseurs  des 
couches  limites.  Ils  sont  systematiquement  effectues,  sauf  indi¬ 
cation  contraire,  avec  le  modkle  de  turbulence  k  deux  equations 
de  transport. 


4J.  Conditions  des  comparaisons  calcul-experience. 


Les  calculs  sont  compares  aux  resuliais  d’essais  (131 
obtenus  a  TONERA  dans  les  souffieries  SI  Ca  en  1980  et 
FI  en  1984.  Ces  essais  ont  ete  effectues  entre  panneaux  (b  = 
1,01  m).  sur  une  maquetie  de  0,5  m  de  corde  de  reference,  a 
une  vitesse  de  40  m/s,  et  a  des  nombres  de  Reynolds  de  1,2 
Kf’  et  1,9  10°.  Les  essais  ont  ete  effectues  en  transition 
naturelle,  les  efforts  etani  obtenus  par  integration  des  pressions 
sur  les  profils. 

La  comparaison  aux  resultals  experimeniaux  doit  etre 
effectuee  en  tenant  compte  des  difficultes  experimentales.  F.n 
effet,  sur  une  telle  configuration  multi-corps,  pour  preserver  a 
Tecoulemem  un  caractere  bidimensionnel,  il  est  necessaire  de 
disposer  des  caissons  d'aspiration  sur  les  parois  laterales.  Les 
essais  ont  montre  que  ilc.-s  cenai''e'  configurations,  par  aspira¬ 
tion  laterale  a  Textrados  du  volet,  il  etait  possible  de  passer 
d’une  solution  decollee  sur  le  volet  a  une  solution  iion-decollee 
par  simple  variation  de  la  pression  d'aspiration. 

Par  ailleurs,  lors  de  certains  essais.  des  deformations  de 
geometrie  ont  ete  constatees.  influant  notamment  sur  la  largeur 
de  fente  corps-volet,  (cas  8„,„=-20°).  ou  sur  Tangle  de  bra¬ 
quage  du  bee.  dont  la  valeur  mesuree  apres  essais  etait  de  32" 
k  Templanture  au  lieu  de  .30".  la  valeur  en  cours  d’essai  a  mi- 
envergure.  vraisemblablement  plus  elevee  n’6tant  pas  connuc 
avec  certitude.  Enfin,  les  efforts  globaux  obtenus  par 
integration  des  pressions  induisent  une  incertitude  au  niveau  du 
bee. 


4.4.  Courbe  de  portance.  Volet  braqu^  k  20° . 

Dans  cette  premiere  configuration,  les  angles  de  braquage 
du  bee  et  du  volet  ont  respectivement  pour  valeurs  30°  et  -20°. 
Sur  la  courbe  de  portance,  les  resultals  de  calcul,  figures  par 
des  croix.  ont  6te  obtenus  jusqu’a  Tincidence  de  20.2°,  fig.  5. 
Les  resultals  experimeniaux  (Fl  1984)  sont  represent6s  par  des 
cercles.  A  16°,  les  deux  autres  croix  representent  les  resultals 
obtenus  avec  des  valeurs  de  Tangle  de  braquage  du  bee  5/^^  de 
32°  et  de  33°.  L’Etoile  repr6senle  le  ibsultat  obtenu  dans  la 
configuration  de  reference  avec  le  modele  de  turbulence  a  1 
equation  de  transport. 

Notons  qu’au  voisinage  du  decrochage,  dans  cette 
configuration  comme  dans  les  suivantes,  le  calcul  est  effectue 
par  conlinuite,  en  initiant  les  calculs  a  partir  de  resultals  ob¬ 
tenus  a  une  incidence  voisine. 


4.S.  Incidence  16".  Volet  braqu6  k  20". 

Sur  la  Fig.  6.  les  coefficients  de  pression  Cp(x/c)  calculds 
sont  compaibs  k  Texp6rience.  Les  positions  des  points  de 
decollement  et  de  recollement  dans  les  couches  visqueuses  ont 
6le  indiquees  sur  la  representation  du  profil,  ainsi  que  sur  les 
sillages  figures  dans  leur  position  d’equilibre  k  convergence. 

L’accord  est  excellent  sur  le  volet  et  la  quasi-totalite  du 
corps  principal.  Sur  le  bee,  ainsi  que  sur  le  corps  principal  k 
Tendroit  de  la  pointe  de  Cp.  la  comparaison  est  ntoins  bonne. 
Toutefois,  confirmant  les  remarques  des  experimentateurs,  les 
calculs  ont  montre  Tinfluence  du  parametre  de  Tangle  de  bra¬ 
quage  du  bee,  les  resultals  etant  trfes  differents  lorsque  cet  an¬ 
gle  prend,  au  lieu  de  la  valeur  nominale  de  30°,  la  valeur  de 
32°,  Fig.8,  ou  de  33°,  Fig.  7,  compatible  avec  les  defoimations 
de  maquette. 
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Pour  ces  deux  valeurs  corrigees  du  braquage  de  bcc,  tant 
le  niveau  de  Cp  dans  les  poinies  de  surviiesse,  sur  le  bee  et  le 
volet,  que  le  niveau  de  pression  dans  la  zone  de  decollenient  a 
I'intrados  du  bee,  sont  beaucoup  plus  proehes  de  Texperience, 
la  meilleure  comparaison  semblant  etre  obtenue  pour  la  valeur 
33°,  Fig.7.  Remarquons  qu’outre  I’orieniation  du  bee,  des 
parametres  tels  que  les  largeurs  des  femes,  non  eonsideres  iei, 
peuvem  avoir  une  influence  importante.  En  ee  qui  coneeme  la 
mdthode  de  calcul,  I’absence  actuelle  de  prise  en  compte  des 
couches  limites  confluentes  peut  eire  egalement  responsable 
d’une  panic  de  I’ecan  observe. 

Sur  les  figures  suivantes,  la  distribution  de  pression 
Cp(x/c)  sur  le  bee  a  ete  representee  ^  differemes  dchelles,  tout 
d’abord  dans  la  meme  orientation  que  sur  I’hypersustentateur, 
Fig.  9,  puis  afin  de  mieux  visualiser  la  solution  calculie  au 
voisinage  de  la  singularite  (emoussee),  apris  une  rotation  de 
I’image  placant  venicalement  la  bissectrice  de  I’angic  formd 
par  les  deux  parois,  de  pan  et  d’autre  de  cette  singularite.  Fig. 
10,  II,  et  12.  La  position  des  points  de  decollement  et  de 
tccollement  a  6te  indiquiee.  Un  second  ddcollement,  ots  lim- 
ite,  survient  dans  le  sillage,  a  panir  du  bord  de  fuite,  Fig.9  et 
10.  La  Fig.  12  montre  le  detail  de  recoulement  autour  de  la 
singularite  emoussee.  Le  decollement  survient  sur  Tarrondi, 
apres  le  pic  de  survitesse,  au  maximum  relatif  de  Cp.  On  ob¬ 
serve  ensuite  un  petit  plateau  de  pression,  toujours  sur 
rarrondi,  qui  semble  se  raccorder  seulement  plus  en  aval  au 
plateau  de  pression  associe  a  la  cavite,  Fig.l2  et  11. 

La  figute  13  permet  enfin  de  comparer  les  resultats  de  cal¬ 
cul  obtenus  sur  le  meme  cas  de  reference  avec  le  modele  de 
turbulence  i  1  equation  de  transport.  Sur  ce  cas,  les  rdsultats 
sont  extremement  proehes.  Cette  conclusion  ne  saurait  cepen- 
dant  etre  generale.  Avec  le  modeie  H  1  equation,  le  niveau  de 
Cp  est  ties  legerement  inferieur  sur  la  panic  arriere  de 
I'extrados  des  trois  corps,  en  particulier  sur  le  bee. 

Sur  les  figures  suivantes  sont  presentees  des  vues  de 
recoulement  autour  du  bee.  Les  profils  de  vitesse.  Fig.  14,  font 
apparaitre  la  difficulte  du  calcul,  inaccessible  aux  methodes  de 
couche  limite  classique,  Torientation  du  vecteur  vitesse  par 
rapport  J  la  paroi,  dans  la  couche  de  melange  pris  de  la  singu¬ 
larite,  etant  voisine  de  90°.  Les  quatre  figures  suivantes 
presentent  a  convergence  les  lignes  de  courant,  respectivement 
non-visqueuses  et  visqueuses,  Fig.15  et  16,  ainsi  que  les  iso- 
mach  Fig.  17  et  18.  Elies  font  apparaitre  en  particulier  la  zone 
de  recirculation  epaisse  et  la  position  du  point  de  recollement. 
L’examen  de  recoulement  autour  de  la  singularite  emoussee 
pert.,^;  de  visualiser  la  pciitessv  oes  cvi  cllr-i  physique^  '*'• 
decollement,  qu’il  est  necessaire  de  discretiser,  sous  peine  de 
remplacer  le  processus  physique  par  un  processus  de  dissipa¬ 
tion  numerique.  Fig.  19. 

4.6.  Non-unicite  des  solutions.  Volet  braque  A  40°. 

Dans  la  seconde  configuration  etudiee  de 
I’hypersustentateur,  I’angle  de  braquage  du  volet  est  de 
=-40°,  pour  un  meme  angle  de  braquage  du  bee  5(„,.=30°.  Dans 
ce  cas  i  fort  decollement,  I'analyse  par  le  calcul  a  mis  en 
Evidence  et  interpret^  un  phdnomine  de  non-unicit6  '**  solu¬ 
tion. 

Le  premier  cas  de  calcul  abordd,  effectud  i  une  incidence 
0=16°,  dans  les  memes  conditions  que  pr6c6demment  avail  en 
effet  mis  en  dvidence  une  solution  comportant,  i  I’extrados  du 
volet,  un  ddcollement  trds  limitd  prfes  du  bord  de  fuite  Fig.20, 
22,  contrairement  it  la  solution  attendue,  et  comportant  par  con- 
tre  un  ddcollement  intense,  A  facteur  de  forme  maximal 
H=40.8,  dans  le  sillage  du  corps  principal.  11  a  done  dtd  tem€ 


de  rechercher  une  modification  des  conditions  d' initialisation 
du  calcul,  en  agissani  sur  les  conditions  initiales  ou  sur  le  pro¬ 
cessus  de  convergence,  mais  sans  modification  aucune  de 
I’ensemble  du  traitement  numerique,  afin  d’explorer  I’existence 
d’une  dventuelle  autre  solution.  Cette  seconde  solution,  par- 
faitement  convergde,  a  ete  trouvee  effectivement,  par  simple 
diminution  de  la  frequence  a  laquelle  la  geometrie  des  sillages 
est  remise  en  cause  en  vue  de  leur  equilibrage  (r^actualisation 
toutes  les  300  iterations,  au  lieu  de  20).  Cette  modification  a 
pour  effet  de  tiger  la  geometrie  des  sillages  pendant  les  300 
premieres  iterations,  pendant  lesquelles  s’effectue  la  plus 
grande  panic  de  la  convergence.  La  seconde  solution  A  obte¬ 
nue  ainsi  pr6sente  alors  un  decollement  generalise  a  I’extrados 
du  volet  Fig.21,  23,  mais  sans  aucune  trace  du  decollement 
pr6c6demment  observd  dans  le  sillage  du  corps  principal  (Solu¬ 
tion  B  :  Fig.20,  22). 

11  a  ainsi  ete  mis  en  evidence  I’existence  de  2  solutions 
differentes  dans  une  meme  configuration,  stables  toutes  deux 
par  rapport  a  I’algorithme  de  calcul,  I'obtention  de  Tune  ou  de 
I’autre  ne  dependant  que  de  I’initialisation. 

4.7.  Courbe  de  portance  a  2  branches.  Volet  ^  40° . 

Cette  meme  observation  d’un  dedoublement  de  solution  a 
6t6  effectuee  a  d’autres  incidences,  puis  en  conduisant  les  cal- 
culs  par  continuiie  au  sein  de  chacune  des  deux  families  de 
solutions,  chaque  calcul  6iani  initialise  a  panir  d’un  calcul  a 
une  incidence  voisine. 

Dbs  lors  que  la  bifurcation  vers  I’un  ou  I'autre  type  de 
solution  s’est  trouvee  effectuee,  une  modification  dventuelle  de 
la  frequence  de  r^actualisation  des  sillages  n’a  plus  aucune  in¬ 
cidence  sur  le  type  de  solution,  chaque  calcul  restant  du  meme 
type  que  celui  ayani  servi  ^  I’iniiialiser,  Les  deux  branches,  A 
et  B,  sont  totalement  disjointes  sur  la  large  plage  d’angle 
d’incidence  decrite  ici,  Fig.24. 

L’interpretation  physique  du  dddoublement  de  solution 
calculi  parait  simple.  Le  braquage  61cv6  du  volet 
impose  a  la  partie  de  I’ecoulement  comprise  entre  le  bee  et  le 
volet  une  forte  deviation,  inaccessible  en  fluide  visqueux  sans 
decollement  de  Tune  ou  I’autre  couche  visqueuse  qui  le  borde. 
Le  decollement  se  produit  done,  soit  dans  le  sillage  du  corps 
principal,  soit  sur  la  couche  limite  extrados  du  volet, 
recoulement  ayant  la  double  possibility  de  suivre  soit  la  direc¬ 
tion  du  sillage,  soil  celle  de  I’extrados  du  volet.  Le  contrSle  de 
la  bifurcation  entre  ces  deux  families  de  solutions  doit  pouvoir 
s  elfeciuer  par  modification  diff6rennelle  de  la  pression  au  sein 
des  deux  couches  visqueuses,  e’est-^-dire  par  aspiration  el/ou 
soufflage,  ceci  dans  le  calcul  comme  dans  I’expyrience. 

L’examen  des  documents  d’essais,  qui  mentionnent  la  pos¬ 
sibility  observee  d’obtenir  sur  I’extrados  du  volet  une  solution 
decollee  ou  non  par  simple  modification  de  la  pression 
d'aspiration  sur  les  parois  latyrales,  4  I’extrados  du  volet, sem¬ 
ble  confirmer  cette  hypothise.  La  determination  du  domaine 
d’incidence  et  d’angle  de  braquage  du  volet  dans  lequel  cette 
double  solution  survient  reste  ici  empirique. 

Sur  I’une  des  branches,  correspondant  au  cas  du 
dycollemeni  dans  le  sillage  du  corps  principal,  il  a  yty  possible 
de  poursuivre  les  calculs  au  del4  de  1 ’incidence  de  dycrochage 
du  profil  triple-corps.  Fig.  24.  Suf  I’autre  branche,  et  pour 
8w,(«=  -20°,  cela  n’a  pas  encore  yty  possible,  plusieurs 
difficultys  se  conjuguani  lorsque  Ton  se  rapproche  de 
I’incidence  de  dycrochage,  celui-ci  semblant  s’effectuer  de  fa- 
con  plus  brutale  que  sur  la  branche  pryeddente. 
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4Jt.  Incidence  16°.  Volet  braqut  ^  40°. 

En  s^lecdonnant  le  cas  de  reference  experimental,  c’esi-a- 
dire  la  soludon  presentani  un  d^ollemeni  giniralise  sur  le 
volet,  la  comparaison  avec  les  rdsultats  expdrimentaux  est  ex- 
cellente,  en  particulier  en  ce  qui  conceme  la  zone  ddcollee  i 
I’extrados  du  volet  (fig.23).  Comme  dans  le  cas  ^  S^,=-20°.  la 
comparaison  est  moins  bonne  sur  le  bee  et  sur  le  corps  princi¬ 
pal,  a  I’endroit  de  la  pointe  de  Cp.  Le  niveau  de  Cp  a 
I’extrados  du  volet,  en  amont  du  decollement,  est  egalement 
plus  faible  que  dans  I’expdrience. 

Toutefois,  et  plus  encore  que  dans  le  cas  precedent, 
I’accord  calcul-expdrience  s’ameliore  lorsque  Tangle  de  bra- 
quage  du  bee  prend,  au  lieu  de  la  valeur  nominale,  la  valeur 
6vot«=32°,  Fig.26.  La  repartition  de  Cp(x/c)  sur  le  bee.  Fig.  25 
et  27,  presente  le  meme  comportement  que  dans  le  cas 
precedent  (5v„i„=-20°  :  Fig  10  et  12).  La  comparaison  des 
lignes  de  courant  et  des  iso-mach  pour  chacune  des  deux  solu¬ 
tions  obtenues  a  Tincidence  a=16°,  pour  =-40°,  Fig.  28, 
30  et  29,  3l,  (solutions  deji  illustiees  par  les  figures  20,  22,  et 
21,  23),  montre  les  deux  types  d’ecoulement  possibles,  avec  un 
decoHement  soit  dans  le  sillage  du  corps  principal,  soit  a 
Textrados  du  volet. 


4.9.  Acc^s  au  calcul  du  dterochage. 

La  methode  a  montre  $a  capacity  it  traiter  des  cas  de 
decollements  generalises  sur  une  telle  configuration,  malgre  la 
difference  considerable  d’echelle  entre  les  epaisseurs 
visqueuses  sur  la  singularite  emoussec  et  dans  le  decollement 
principal.  Fig.  32,  33,  et  34d,  34g.  Ces  figures  presentent 
respectivement  le  maillage  de  calcul  du  fluide  visqueux,  le 
champ  de  vecteurs  et  (es  iso-mach,  i  (’incidence  de  19°. 

La  comparaison  des  iso-mach  i  diverses  incidences,  au 
fours  du  decrochage,  fait  apparaitre  deux  etapes  dans  la  perte 
de  portance,  ddja  visibles  sur  la  Fig.  24,  la  premiere  correspon- 
dant  a  la  remontee  vers  Textrados  du  profil  du  decollement  si- 
tue  dans  le  .sillage  du  corps  principal,  la  seconde  correspondant 
a  sa  generalisation  a  tout  Textrados,  Fig.  34. 


5.  CONCLUSION. 

La  methode  numerique  d'interaction  visqueux-non 
visqueux  presentde  ici  (code  VIS  18),  integre  les  progris 
realises  sur  les  profils  mono-corps  dans  le  cas  de  decollements 
massifs. 

Elle  a  pu  etre  mise  en  oeuvre  avec  succes  sur  un  hyper- 
sustentateur  triple-corps,  dans  le  cas  d'un  bee  presentant  une 
singularite  fortement  prononcee,  Tintrados  du  bee  formant  une 
cavite.  Les  calculs  ont  pu  etre  conduits  sur  la  geometrie  reelle. 
s)mplement  emoussee  au  niveau  du  point  singulier  par  un  ar- 
rondi  de  trfes  faible  rayon.  Malgre  la  difficulte  de  discretisation 
a  tres  petite  echelle  imposee  par  cette  singularite,  la  methode  a 
permis  le  calcul  de  deux  configurations  multi-corps  dans  une 
large  gamme  d’incidences. 

Elle  s’est  averee  capable  de  traiter  des  cas  d’ecoulements 
profondement  decolies  autour  d’un  profil  multi-corps,  au-del(i 
de  Tincidence  de  decrochage. 

Elle  a  permis  de  mettre  en  evidence,  sur  le  cas  du  profil 
RA16SC1  avec  braquage  du  volet  a  -40°,  une  non-unicite 
realiste  de  la  solution,  les  2  solutions  obtenues  etant  parfaite- 
ment  convergdes.  Cette  double  solution,  persistante  sur  toute  la 


gamme  d’tncidence,  correspond  a  une  bifurcation  entre  2  types 
de  decollements  massifs,  situes  tantot  dans  le  sillage  du  corps 
principal,  tantot  sur  le  volet. 
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SUMMARY 

A  2D  High-Lift  configuration 
analysis  method  is  described.  The 
flow  model  used  is  based  on  the 
Euler  equations,  discretized  on 
unstructured  meshes.  The  generation 
of  the  unstructured  meshes  is  based 
on  the  principle  of  successive  grid 
adaptation  with  respect  to  the 
geometry.  This  approach  makes  later 
extension  towards  fully  integrated 
grid  adaptation  with  respect  to  the 
solution  straightforward.  The  main 
characteristics  of  the  Euler  solver 
are  upwind  flux-difference  splitting 
of  the  convective  part  of  the  Euler 
equations  (second-order  accurate 
discretisation  in  space)  and  four 
stage  Runge  Kutta  local  time 
stepping.  Results  obtained  with  this 
analysis  method  are  shown  for  the 
NACA0012  airfoil  and  three  element 
airfoils.  Conclusions  are  drawn. 


1 .  INTRODUCTION 

The  complexity  of  High-Lift  system 
flow  phenomena  requires  appropriate 
analysis  methods,  able  to  simulate  a 
number  of  relevant  flow  mechanisms. 
The  c  .rrent  High-Lift  flow 
simulation  models  vary  from  models 
based  on  panel  methods  to  models 
based  on  the  Reynolds  averaged 
Navier  Stokes  equations.  A 
consequence  of  the  complexity  of  the 
geometries  under  interest  is  a 
strong  pressure  on  the  turn-around- 
time  of  the  High-Lift  system 
analysis  part  in  High-Lift  system 
design  methods.  This  turn-around¬ 
time  requirement  partly  explains  the 
success  of  panel  methods  in  CFD .  For 
field  methods,  a  computational  grid 
covering  a  2D  or  3D  domain  is  always 
required.  In  order  to  attain 
sufficient  accuracy  while  limiting 
the  number  of  grid  points,  the  grid 
should  contain  most  of  the  grid 
points  near  to  the  boundaries  of 
interest.  Given  the  geometrical 
complexity  of  High-Lift  devices, 
grid  generation  is  often  a  hard 
task,  resulting  in  a  large  amount  of 


calendar  time  needed  for  grid 
ge.ieration.  One  valid  approach  of 
generating  grids  is  the  structured 
approach,  as  long  as  it  is 
sufficiently  automated.  Examples  of 
High-Lift  results  obtained  with 
block  structured  meshes  can  be  found 
in  Refs.  [1]  and  [2].  Another 
approach  consists  of  the  use  of 
unstructured  meshes  (see  for 
instance  Ref.  (3)).  It  is  clear 
that  CFD  methods  on  unstructured 
meshes  use  more  computer  resources 
than  their  structured  counterparts 
(interconnections  between  the  grid 
nodes  need  to  be  stored  for 
instance) .  The  continuously 
increasing  computer  power  is  one  of 
the  reasons  why  the  use  of 
unstructured  meshes  in  CFD  is 
booming  now.  It  is  also  clear  that 
full  automation  is  more  readily 
achieved  with  unstructured  meshes 
(Ref.  (4))  since  the  grid  generation 
is  based  on  autonomous  algorithms 
and  not  on  partial  differential 
equations  that  include  interactively 
tuned  source  terms. 

The  current  paper  shows  flow 
solutions  based  on  the  Euler 
equations  and  obtained  on 
automatically  generated  unstructured 
meshes.  It  is  shown  that  the  grid 
generation  is  not  dependent  on  the 
geometrical  complexity  of  the  High- 
Lift  system. 

Following  cases  are  treated: 
cas3l 

NACAC''12  single  airfoil,  Mach 
number  at  infinity  equal  to 
0.85  and  angle  of  attack  equal 
to  1  degree, 

case2 

NLR422  three  element  airfoil, 
Mach  number  at  infinity  equal 
to  0.20  and  angle  of  attack 
equal  to  10  degrees. 

cased 

Ml  three  element  airfoil, 
similar  to  case2  but 
extensively  measured  in  the 
NLR  HST  tunnel.  Mach  number  at 
infinity  equal  to  0.22  and 
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angle  of  attack  ranging  from  - 
2.5  to  25  degrees. 


2.  GRID  GENERATION 
2 . 1  Context 

Various  algorithms  for  unstructured 
grid  generation  exist.  The  two  most 
frequently  used  algorithms  are 


a)  the  Delaunay  triangulation 
algorithm:  basically  this  algorithm 
tells  how  to  connect  a  given  set  of 
points  into  a  valid  triangul  r  grid 


b)  the  advancing  front  algorithm: 
given  the  initial  front  (the  surface 
grid  on  the  geometry  under  interest 
for  instance)  the  algorithm 
prescribes  a  method  to  advance  the 
initial  front  towards  the  outer 
boundaries  such  that  an  unstructured 
grid  results. 

Both  algorithms  have  been 
successfully  used  in  the  past  and 
are  the  subject  of  constant  further 
development  and  improvement.  There 
are  however  some  drawbacks  of  both 
algorithms . 

Both  algorithms  a)  and  b)  do  not 
form  a  natural  basis  for  grid 
adaptation  with  respect  to  the  flow 
solution  while  a  fully  integrated 
approach  of  grid  generation  and  grid 
adaptation  is  believed  to  be 
advantageous . 

Algorithm  a)  needs  an  interactively 
made  so  called  back  ground  grid  to 
ensure  certain  properties  of  the 
grid  like  coarsening  of  the  grid 
towards  outer  boundaries.  This 
introduces  user  interaction, 
diminishing  the  automation  level  of 
grid  generation  based  on  the 
Delaunay  triangulation  algorithm. 

Algorithm  b)  needs  a  suitable 
initial  front.  In  case  the  surface 
grid  is  chosen  as  initial  front,  the 
construction  of  the  surface  grid 
becomes  critical  for  the  resulting 
grid  quality  in  the  neighbourhood  of 
the  surface.  A  mere  triangulation  of 
the  CAD/CAM  surface  description  is 
often  not  suitable  enough  for 
aerodynamic  purposes.  So  the 
generation  of  the  initial  front  can 
limit  the  automation  level  of  grid 
generation  based  on  the  advancing 
front  algorithm. 


A  third  algorithm,  hereafter  called 
successive  grid  refinement,  does  not 
have  the  previously  cited  drawbacks. 
It  will  be  shown  that  grid 
generation  is  considered  as 
adaptation  of  an  unstructured  grid 
with  respect  to  measurable 
properties  of  the  geometries  under 
interest.  Hence  adaption  with 
respect  to  measurable  properties  of 
the  solution  is  straightforward. 
Further  the  successive  refinement 
algorithm  automatically  produces 
coarsening  of  the  grid  towards  the 
outer  boundaries  of  the  grid  and  a 
surface  grid  suitable  for 
aerodynamic  purposes. 

2.2  Grid  generation  by 
successive  refinement. 

The  following  assumptions  are  made: 

Al:  Let  M  be  a  given  geometry 

around  which  the  flow  is  to  be 
calculated. 

A2 :  Let  the  geometry  M  consist  of 

K, ,  .  . . , Kj,  .  .  . , K„,  a  set  of  n 
non-intersecting  contours. 

A3:  Let  each  contour  K|  consist  of 

m,  segments  S,,  .  .  .  ,Sj,  .  . .  ,S^. 
(This  allows  to  treat  C„  type 
contours,  see  Fig.  1). 

A4:  Let  SSj  be  the  analytical 

representation  of  a  segment  Sj. 
The  analytical  representation 
Sa^  of  the  segment  Sj  can  be 
used  to  generate  pj  points 
Pi ,  .  . .  ,  Pi,,  .  . . ,  Ppj  on  segment  Sj. 

A5:  Let  SSj  be  the  spline 

representation  of  a  segment  Sj 
based  on  tiie  points 

Pi ,  .  .  •  ,  Pk»  .  •  •  ,  Ppj. 

A6:  Let  Sp,  either  be  the  polygonal 

representation  of  a  segment  Sj 
based  on  the  points 
P, ,  .  .  . ,  Pk,  .  . . ,  P^  or  the  convex 
hull  of  the  spline 
representation  SSj  of  a  segment 

Sj- 

A7:  Let  all  polygonal 

representations  Spj  further  be 
chosen  such  that  the  contours 
K|,  .  .  .  ,Ki,  .  .  .  ,K„  are  closed. 
(Remark  that  the  task  of 
closing  all  contours  is  not 
trivial.  All  current  flow 
simulation  systems  based  on 
field  methods,  structured  or 


unstructured,  need  contours 
which  are  closed. ) 
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convergence  rate  of  the  Euler 
solver. 


A8: 


A9: 


Let  G  be  an  unstructured  grid 
covering  the  geometry  M.  Two 
equivalent  representations  of 
grid  G  are  used: 


The  requirements  for  the  polygonal 
representation  Sgj  of  the  segments  Sj 
based  on  the  points  of  grid  G  can 
also  oe  identified  a  prioii. 
Important  examples  are: 


G.: 

node  table 
node  connection 

table 

Rsl : 

per  node 

Rs2: 

G^: 

node  table 
node  connection 
per  triangle 

table 

Rs3: 

The  grid  G  is  considered  as 
given.  It  can  either  be  a 
default  grid  consisting  of  7 
nodes  (start  from  scratch)  or 
a  previously  generated  grid 
( restart ) . 


Each  Sgj  should  not  be  empty. 

Each  Sg,  should  at  least 
consist  of  three  points. 

The  grid  spacing  along  the 
geometry  M  should  be 
sufficiently  small  in  order  to 
have  enough  resolution  on  the 
geometry  M.  If  A  is  the  total 
arc  length  of  the  geometry  M 
and  AA  is  the  arc  length 
between  two  points  of  any  Sgj 
then: 


AlO:  Let  Sgj  be  the  momentary 

polygonal  representation  of  a 
segment  Sj  based  on  the  points 
of  the  grid  G  that  would  lie 
on  the  polygonal 
representation  Spj  of  segment 
Sj,  in  case  the  grid  generation 
would  be  stopped  at  that 
moment . 

All:  Let  F  be  a  given  flow  solution 

on  grid  G.  In  the  case  at  hand 
F  is  the  solution  of  the  Euler 
equations . 

In  order  to  ensure  with  a  given  flow 
solver  a  successful  and  reliable 
simulation  of  the  flow  aruund  the 
given  geometry  M,  some  requirements 
of  the  grid  can  be  identified  a 
priori : 


AA 

A 


^  prcscnbcd 


(1) 


should  hold. 

Rs4:  The  grid  curvature  along  the 

geometry  M  should  be 
sufficiently  small  in  order  to 
accurately  represent  gradients 
of  the  flow  in  the  solver.  If 
a,  b  and  c  are  three 
subsequent  points  of  any  Sgj 
and  alpha  is  the  angle  between 
the  vectors  ab  and  be  then 


Rgl:  The  far  field  boundary  of  the 

grid  G  should  lie  sufficiently 
far  from  the  geometry  M. 
(usually  30  -  100  chords  away 
from  the  geometry  M) .  This 
distanc.,  is  an  input  of  the 
grid  generator. 


ab 

i® 


>  cos  ) 

(2) 


should  be  valid. 


Rg2:  The  grid  G  should  have  most 

resolution  in  the 
neighbourhood  of  the  geometry 
M.  Coarsening  of  the  grid  G 
towards  the  outer  boundary  is 
still  inevitable,  even  with 
nowadays  powerful  computers. 


RsS:  All  the  segments  Sgj  together 

should  form  closed  and  non¬ 
intersecting  contours  with  the 
same  topology  as  the  segments 

Spj 

The  basics  of  the  current  grid 
generator  can  now  be  summarized: 


Rg3:  Each  node  of  the  grid  G  should 

lie  in  the  centre  of  the 
finite  volume  surrounding  it. 
This  grid  smoothness 
requirement,  if  met,  will 
favour  the  accuracy  and 


So  called  "grid  generation"  is 
adaptation  of  the  given  grid  G 
with  respect  to  the  properties  of 
the  polygonal  representations  Sgj 
of  the  segments  Sj  of  geometry  M. 
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The  polygonal  represen- 
tions  Sgj  of  the  segments  of 
geometry  M  are  used  to 
determine  the  refinement 
flags  of  the  grid  nodes. 

So  called  "grid  adaptation" 
is  adaptation  of  the  given 
grid  G  with  respect  to  the 
properties  of  the  given  flow 
solution  F. 

The  flow  solution  F  is  used 
to  determine  the  refinement 
flags  of  the  grid  nodes. 

Hence  grid  generation  is  the  result 
of  the  recursion  of  following 
algorithms : 

algol:  assignment  of  an  "in-contour" 
flag  (Ref.  [6]). 

Given  a  node  i  of  the  grid  G, 
detect  whether  node  i  lies  inside 
or  outside  the  closed  contours 
K,,  .  .  .  ,Ki,  .  .  .  ,K„.  This  algorithm  is 
known  as  the  Shimrat's  Algorithm 
Ref.  [7].  It  requires  0(K*Q) 
operations,  K  being  the  total 
number  of  line  segments  of  the 
polygonal  representations  Spj 
forming  together  the  contours 
K, , . . .  ,Ki, . , .  ,K„  and  Q  being  the 
number  of  nodes  for  which  the  "in¬ 
contour"  test  is  used.  It  can  be 
shown  that  the  required  order  of 
operations  0(K*L)  can  be  reduced 
to  0((K+L)  log(K+L))  (see  algo2). 

algo2:  construction  of  Sgj. 

Assume  that  a  connection  of 
representation  G,  of  the  grid  G 
intersects  the  polygonal 
representation  Spj  of  a  segment  Sj 
of  one  of  the  contours  of 
geometry  M. 

If  the  grid  generation  would  be 
stopped  at  this  point,  the 
intersection  point  would  be  one 
data  point  of  Sg,  the  polygonal 
representation  ot  the  segment  Sj 
based  on  the  grid  points.  So  by 
collecting  in  an  array  all 
intersection  points,  Sgj  can  be 
constructed  (only  grid  points  that 
have  a  negative  "in-contour"  flag 
can  become  member  of  Sgj) . 

In  essence  algorithms  algol  and 
algo2  are  equivalent  to  the  so 
called  geometric  intersection 
problem  which  has  extensively  been 
studied  for  linear  programming, 
hidden  line  elimination 
algorithms,  wire  layout  etc.  It 
has  been  proven  that  the  problem 


of  finding  the  intersecting  pairs 
of  N  line  segments  does  not 
require  0(N*N)  but  0(N  log(N)) 
operations  Ref.  [51.  In  the 
particular  case  at  hand,  all  the 
intersecting  pairs  consisting  of  a 
connection  of  representation  G.  of 
the  grid  G  and  a  line  piece  of  the 
polygonal  representation  Spj  of 
any  segment  Sj  of  the  geometry  M, 
should  be  found.  If  the  grid  G 
consists  of  K  connections  between 
nodes  and  the  polygonal 
representations  Spj  of  the 
segments  Sj  of  the  geometry  M 
consist  together  of  L  line  pieces 
then  N  =  K  +  L.  As  a  consequence 
the  construction  of  Sgj  can  be 
implemented  in  a  efficient  way. 

algo3:  control  of  the  grid  generator 
based  on  Sg^. 

Test  if  all  Sg^  meet  requirement 
Rsl. 

If  the  answer  is  negative,  then 
all  nodes  of  the  grid  are 
flagged . 

If  the  answer  is  positive,  then 


Test  if  all  Sgj  meet  requirement 
Rs2  . 

If  the  answer  is  negative  for  a 
particular  Sgj,  then  all  nodes 
having  intersecting 
interconnections  with  the 
corresponding  Spj  are  flagged. 

If  the  answer  is  positive,  then 


Test  if  all  Sgj  meet  requirement 
Rs3. 

If  the  answer  is  negative  for  a 
particular  Sgj,  then  flag  all 
nodes  that  have  intersecting 
interconnections  with  the 
corresponding  Spj  causing  the 
problem. 

If  the  answer  is  positive,  then 


Test  if  all  Sgj  meet  requirement 
Rs4. 

If  the  answer  is  negative  for  a 
particular  Sgj,  then  flag  all 
nodes  that  have  intersecting 
interconnections  with  the 
corresponding  Spj  causing  the 
problem. 

If  the  answer  is  positive,  then 

Test  if  all  Sgj  together  meet 
requirement  Rs5. 

If  the  answer  is  negative,  then 
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flag  the  nodes  that  cause  the 
problem. 

If  the  answer  is  positive,  then 


Stop  the  refinement  of  flagged 
nodes  and  jump  to  algorithm  aigo6. 


This  algorithm  consists  of  a 
logical  if-then  structure  and 
requires  only  testing  of 
properties  of  Sgj.  The  number 
operations  required  is  negligible. 

algo4:  a  refinement  algorithm  for 
flagged  nodes  of  grid  G. 

If  i  and  j  are  two  flagged  nodes 
of  grid  G  a  new  node  is  inserted 
between  i  and  j .  Further  the 
interconnection  table  of 
representation  Ga  of  grid  G  is 
updated.  This  algorithm  has  only 
local  influence  and  requires  0(M) 
operations,  if  M  is  the  number  of 
flagged  nodes. 

algoB:  a  smoother. 

Move  all  internal  nodes  i  towards 
the  centre  of  gravity  formed  by 
node  i  and  its  neighbours. 
Algorithm  algoS  helps  to  meet 
requirement  Rg3. 

Recursion  of  algorithms  algol, 
algo2,  algo3,  algo4  and  algoS  until 
a  jump  is  made  to  algo  6  results  in 
a  grid  which  is  automatically 
refined  towards  the  contours, 
without  any  user  defined  tuning. 
Hence  requirement  Rg2  finally  will 
also  be  met.  The  final  grid  is 
obtained  by  applying  algorithms 
algo6  and  algo7  the  grid: 

algo6:  a  boundary  reconstruction 
algorithm. 

Move  grid  nodes  linked  to  the 
polygonal  representation  Sg^  on  to 
the  spline  representation  Ssj  of 
the  segment  Sj  and  give  them  the 
corresponding  solver  boundary 
code.  So  the  user  has  to  determine 
in  the  geometry  description  file 
for  each  segment  Sj  whether  it 
concerns  a  part  of  a  solid  wall,  a 
symmetry  wall,  etc.  This  algorithm 
algo6  requires  0(S)  operations,  S 
being  the  number  of  nodes  on  the 
boundaries. 

algo7:  a  node  killing  algorithm. 


"in-contour"  indicator  algol.  This 
algorithm  only  has  local 
influence.  It  requires  0{R) 
operations,  R  being  the  number  of 
flagged  nodes. 

It  is  obvious  that  the  grid 
generation  as  described  is  not 
sensitive  to  the  complexity  of  the 
geometry  M  to  be  treated.  Generation 
of  a  grid  around  a  complex  High-Lift 
device  is  as  easy  as  generating  a 
grid  around  a  single  airfoil. 

For  what  concerns  the  extension 
towards  3D  applications,  two 
algorithms  need  special  attention 
namely  the  "in-surface"  indicator, 
algol,  and  the  construction  of  Sgj, 
algo2 . 

For  the  "in-surface"  indicator, 
algol,  the  intersection  of  K 
elementary  triangular  planes  of  the 
3D  poly  surface  representation  Spj 
with  L  connections  of  representation 
G,  of  the  grid  G  should  be  found. 

This  can  be  done  within  the  same 
order  of  operations  as  for  the  2D 
analogy  of  algol. 

For  the  construction  of  Sg^,  algo2, 
the  same  holds  true. 

2.3  Grid  generator  D2GRID. 

Characteristic  memory  requirements 
of  the  current  two  dimensional  grid 
generator  D2GRID  are: 

reals  per  node:  5 
integers  per  node:  18+2*KB 

KB  being  the  maximum  number  of 
neighbours  of  a  node  i  occurring  in 
grid  G.  Typically  KB  equals  10. 

Some  run  time  characteristics  of  the 
current  two  dimensional  grid 
generator  D2GRID  are: 

-  The  lowest  grid  level  of  the  multi 
grid  V  cycle  is  generated  in  one 
grid  generator  run. 

-  Uniform  refinement  is  used  to 
obtain  the  subsequent  finer  grids 
of  the  multi  grid  V  cycle.  As  a 
consequence  the  subsequent  grids 
of  the  multi  grid  V  cycle  are 
nested,  such  that  no  additional 
interpolation  data  is  needed. 

-  For  the  NLR422  grid  of  Fig.  5  the 
grid  generation  took  about  2000 
CPU  seconds  on  the  NLR  Cyber  962. 


Remove  all  nodes  flagged  by  the 
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Conclusions : 

-  The  memory  requirements  do  not 
form  the  bottle  neck  for  the 
current  grid  generator. 

-  For  three  dimensional  applications 
an  efficient  implementation  of  the 
geometric  intersection  problem  is 
important . 

-  The  vectorisation  level  of  the 
algorithm  is  low  due  to  the  very 
deep  IF-THEN  structures. 


3.  EULER  SOLVER 


un  +  vn  =  0  (4) 

*  7 


and  the  far  field  boundary  condition 

,  P*  ,  p,  (5) 

In  equation  (4)  nx  and  ny  are  the 
cartesian  components  of  the  unit 
normal  to  the  solid  wall  boundary. 
Equations  (3),  (4)  and  (5)  should  be 
solved  for  the  vector  of  primitive 
variables  In  a  shorter  notation 
equation  (3)  reads  as: 


3.1  Solver  algorithm. 

The  current  flow  simulation  system 
is  based  on  the  unsteady  Euler 
equations  <3); 
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In  the  grid  generation  phase  the 
flow  domain  is  divided  into  finite 
volumes,  on  an  average  having  an 
hexagonal  shape.  An  example  is  given 
in  Fig.  2.  In  each  grid  point  i  the 
vector  of  primitive  variables  ^  is 
unknown.  In  Fig.  3  the  grid  around 
the  slat  of  Fig.  1  is  shown.  The 
grid  points  are  (approximately) 
lying  in  the  centres  of  their 
surrounding  control  volumes,  hence 
the  present  method  can  be 
characterised  as  a  vertex  centred 
finite  volume  method.  Expressing 
that  equation  (6)  should  hold  within 
each  finite  volume  0  of  the  grid 
yields : 


a 

■5y 


pv 

pvu 
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bv 
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dfl 


(7) 


(3) 

In  equation  (3)  p  is  the  density,  p 
is  the  static  pressure,  u  and  v  are 
the  cartesian  x  and  y  components  of 
the  velocity  vector  in  the  two 
dimensional  space  and  7  is  the 
specific  heats  ratio.  Density, 
cartesian  velocity  vector  components 
and  static  pressure  form  the  vector 
of  primitive  variables  i,  a  vector 
in  the  four  dimensional  solution 
space.  Equation  (3)  is  to  be 
supplemented  with  the  perfect  slip 
boundary  condition  on  solid  walls 


To  obtain  the  left  hand  side  of 
equation  (7)  two  assumptions  are 
made: 

-  the  shape  of  the  finite  volumes 
does  not  change  in  time. 

-  the  unknowns  are  constant  within 
the  finite  volume. 

The  latter  assumption  is  due  to  our 
interest  in  the  steady  solution. 
Generally,  a  second  order  accurate 
discretisation  of  the  right  hand 
side  of  equation  (7)  is  obtained  by 
assuming  a  linear  spatial  variation 
of  the  primitive  variables  vector  ^ 
within  the  finite  volume.  This  is 
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practically  achieved  by  representing 
each  component  of  the  vector  of 
primitive  variables  by  a  plane  in 
the  x,y,^^space.  This  plane  is 
completely  determined  by  the 
component  of  the  vector  of 
primitive  variables  ^  in  the  centre 
of  the  finite  volume  and  the  k  th 
component  of  the  unique  spatial 
gradient  vector  of  the  primitive 
variables  vector  ^  in  the  finite 
volume.  So  the  primitive  variables 
vector  is  defined  within  the  finite 
volume  by  equation  (8): 


^  (x,y)  =  I  (x.,y,)  + 


(x-x,)  + 


35 


(y-y.) 


(8) 


The  spatial  gradient  vector  of  the 
primitive  variables  vector  ^  is 
unique  since  the  limiting  in  the 
present  scheme  is  applied  during  the 
approximation  of  the  spatial 
gradient  vector  of  the  primitive 
variables  vector  An  example  for 
one  component  of  the  spatial 
gradient  vector  is  given  in  equation 
(9)  : 


35 


_1 

n. 


1 


>  lim  extr. 


n,  ds 


(9) 


Equation  (9)  is  the  result  of  the 
Gauss  theorem  applied  to  the  finite 
volume  around  node  i.  S,  is  the 
surface  of  the  volume  nx  and  ny 
are  the  cartesian  components  of  the 
unity  outward  normal  on  the  surface 
S  and  is  the  limited 

extrapolation  of  the  primitive 
variables  vector  ^  towards  the 
surface  S,.  If  the  neighbours  of  node 
i  are  called  j,  equation  (9)  can  be 
made  discrete; 


35 


LIM  (5j-5i»5 

-5j) 

n,  .IS 

E( 

(X.-X; 

1 

) 

1 

1  n,  AS 

(10) 


The  underlying  idea  of  this  approach 
is  that  discontinuities  (such  as 
shocks  for  instance)  are  located  on 
the  interfaces  between  the  finite 
volumes  of  the  grid,  and  are  not 
allowed  to  cross  the  finite  volumes 
(the  Gauss  theorem  is  not  applicable 
in  case  discontinuities  cross  the 
finite  volume) . 

Applying  the  Gauss  theorem  to  the 
right  hand  side  of  equation  (7)  it 
transforms  to 


I,  =  -  1  (Fn,  +  Gn^)  dS 

S, 

(11) 

equation  is  shortened  as 


I.  n.  =  -  1  N  dS  (12) 

S, 

N  the  normal  flux  at  the 
interface  S  of  the  finite  volume. 
Equation  (12)  can  be  integrate'^  in 
time  by  a  standard  four  stage  Runge 
Kutta  local  time  stepping  method 
(see  for  instance  Ref.  (9)). 
Convergence  acceleration  can  be  done 
by  a  Full  Multi  Grid  acceleration 
technique  based  on  defect 
correction.  We  will  further 
concentrate  on  the  approximation  of 
the  integral  in  the  right  hand  side 
cf  equation  (12).  For  each  part  of 
the  cell  surface  S  the  normal  flux  N 
should  be  calculated.  Consider  the 
cell  interface  S^j  between  nodes  i 
and  j.  Let  Ni  be  the  normal  flux 
based  on  the  primitive  variables 
vector  the  primitive  variables 

vector  ^  extrapolated  from  i  towards 
the  cell  interface  with  equation 
(8)  : 


dt 


This 


11 

dt 


with 


N.  =  N(e.„^)  (13) 

A  similar  definition  holds  for  Nj. 
Within  an  upwind  flux  difference 
scheme  the  normal  flux  Ny  at  the 
cell  interface  S|j  is  defined  as: 


LIM  in  equation  (10)  stands  for  a 
limiter,  in  the  present  work  the  Van 
Albada  limiter  was  used  (Ref.  [8)). 
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N+N-  1 

N,  =  -y-!  -  i  R  |A|  L 

(  cxtr.  ^  i  exu.  ) 


(14) 


In  equation  (14)  |a|  is  the 
eigenvalue  matrix  of  the  discrete 
Jacobian  of  the  normal  flux  with 
respect  to  the  primitive  variables 
vector  R  and  L  are  the  right  and 
left  eigenvector  matrices  of  the 
same  Jacobian.  The  discrete  Jacobian 
of  the  current  solver  is  based  on 
the  polynomial  character  of  the 
components  of  the  normal  flux  with 
respect  to  the  primitive  variables 
Ref.  [10]. 

Equation  (13)  clearly  shows  that  the 
present  scheme  goes  back  to  Van  Leer 
's  MUSCL  scheme  (11]  such  that  this 
scheme  can  be  expected  as  being 
monotone  and  second  order  accurate 
in  space. 

3.2  Solver  D2EUL 

Some  memory  requirements  of  the 
current  two  dimensional  multi  grid 
Euler  solver  are 

reals  per  node:  47  +  4»KB 

integers  per  node:  3  +  3*KB 


Euler  solver  are 

More  than  4  orders  of 
magnitude  reduction  in 
maximum  residual  after  1000 
multi  grid  V  cycles  for  a 
three  level  45512  nodes  grid 
around  a  three  element 
airfoil . 

74  /i-sec  per  multi  grid  V 
cycle  and  per  node  of  the 
top  level  grid  of  the  multi 
grid  cycle. 

Vector  operation  ratio  on 
the  NLR  NEC  SX3-12  99.5% 

Vector  length  127.6 

573  MFLOPS  (FLoating  point 
operations  per  Second) 

Conclusions  can  be  drawn  from  these 
figures: 

The  use  of  2D  unstructured 
grids  requires  47  percent 
more  storage  of  reals  and 
1000  percent  more  storage  of 
integers.  The  use  of  3D 
unstructured  grids  requires 
143  percent  more  storage  of 
reals  and  3333  percent  more 
storage  of  integers. 


KB  being  the  maximum  number  of 
neighbours  of  a  node  i  occurring  in 
grid  G.  Typically  KB  is  equal  to  10. 
For  the  case  of  a  structured  grid  2D 
Euler  solver  with  the  same 
characteristics  (same  scheme,  same 
vector  computer,  same  compromises 
between  speed  and  memory): 

reals  per  node;  47  +  3*KB 
integers  per  node:  3 

In  this  case  KB  is  equal  to  4. 

For  a  3D  multi  grid  Euler  solver  the 
following  would  be  found: 

reals  per  node;  64  +  6*KB 
integers  per  node:  3  +  4 ‘KB 

Typically  KB  is  now  equal  to  25.  For 
the  case  of  a  structured  3D  Euler 
solver  with  the  same 
characteristics : 

reals  per  node;  64  +  4*KB 
integers  per  node;  3 


KB  should  be  as  low  as 
possible.  The  grid  generator 
can  be  extended  with  a  post 
processing  algorithm  that 
reduces  KB  towards  the 
natural  average  of  6  in  two 
dimensions  and  12  in  three 
dimensions.  The  percentages 
would  respectively  be  20, 
600,  54  and  1600  percent. 

The  lowest  possible  KB 
occurs  in  case  the  control 
volumes  are  chosen 
triangular . 

The  largest  increase  of 
memory  use  is  due  to  the 
storage  of  interconnections 
since  the  interconnections 
are  no  longer  known  a 
priori.  This  increase  should 
be  payed  off  by  the 
advantages  of  using 
unstructured  grids,  mainly 
by  the  automation  of  the 
grid  generation. 


In  the  latter  case  KB  is  equal  to  6. 

4.  APPLICATIONS 

Some  run  time  characteristics  of  the 

current  two  dimensional  multi  grid  4.1  Casel. 
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The  computational  grid  has  10433 
nodes.  The  Mach  number  is  0.85  and 
the  angle  of  attack  is  1  degree.  The 
Mach  number  distribution  on  the 
surface  is  shown  in  Fig.  4.  It  can 
be  seen  that  the  scheme  is  monotone 
in  the  neighbourhood  of  the  shocks 
and  that  it  captures  the  shocks  with 
one  interior  node.  The  present 
solution  is  compared  with  Ref.  [13]. 
The  Mach  number  distribution  is  very 
sensitive  to  the  total  pressure 
losses  due  to  the  dissipative 
character  of  the  scheme.  Once 
generated  (at  the  nose  of  the 
profile)  the  total  pressure  losses 
are  convected  downstream,  causing  a 
uniform  difference  between  the  two 
Mach  number  distributions. 

4.2  Case2 . 

Two  grids  around  this  airfoil  are 
used.  A  coarse  grid  with  11673  nodes 
and  one  global  refinement  of  this 
coarse  grid  with  45512  nodes.  The 
Mach  number  at  infinity  is  0.20  and 
the  angle  of  attack  is  10  degrees.  A 
global  view  of  the  fine  grid  is 
shown  in  Fig.  5.  A  detail  of  the 
coarse  grid  around  the  slat  has  been 
shown  in  Fig.  3.  A  summary  of  the 
convergence  history  is  given  in 
Figs.  6  and  7.  Figure  6  shows  the 
maximum  residual  of  the  mass 
equation  occurring  in  the  whole  flow 
field.  It  can  be  seen  that  the  slope 
of  the  curve  deteriorates  going  from 
the  coarse  to  the  fine  grid,  for 
both  the  single  grid  and  the  multi 
grid  method.  Far  more  iterations  are 
needed  to  converge  in  the  single 
grid  method  case.  Figure  7  shows  the 
lift  coefficient  history.  The  lift 
coefficient  is  slightly  higher  for 
the  fine  grid,  indicating  that  in 
principle  another  refinement  of  the 
grid  is  needed.  For  the  fine  grid 
the  Mach  number  distribution  around 
the  whole  configuration  is  shown  in 
Fig.  8.  Several  dips  in  the  iso  Mach 
number  lines  near  to  the  surface  can 
be  seen.  These  are  due  to  the  total 
pressure  losses  to  which  the  Mach 
number  is  sensitive.  The  total 
pressure  losses  are  caused  by  the 
dissipative  character  of  the  scheme 
used  (mainly  the  limiting  of  the 
scheme,  reducing  the  scheme  locally 
to  a  first  order  accurate  scheme). 
The  pressure  coefficient 
distributions  around  the  slat,  wing 
and  flap  are  shown  in  Figs.  9,  10 
and  11.  In  these  figures  a 
comparison  is  made  between  the 
current  solutions  on  the  coarse  and 
fine  grid  and  the  solution  of  a 


potential  method,  in  which  the  slat 
and  wing  cove  shape  are  changed  (by 
an  iterative  method)  such  that  the 
pressure  coefficient  at  the  bubble 
edges  is  constant  Ref.  [12].  It  is 
observed  that  the  solution  on  the 
fine  grid  matches  better  the 
potential  solution  than  the  solution 
on  the  coarse  mesh.  The  streamline 
following  the  bubble  edge  of  the 
slat  cove  in  the  potential 
calculation  is  plotted  in  Fig.  12, 
together  with  the  iso  total  pressure 
loss  lines,  found  on  the  coarse 
grid.  Fig.  13  shows  the  wing  cove. 

It  can  be  seen  that  for  the  slat 
cove  the  bubble  edge  found  with  the 
potential  method  does  not  coincide 
with  the  edge  of  the  bubble  found 
with  the  Euler  method.  For  the  wing 
cove  the  agreement  is  much  better. 
Fig.  14  and  IS  are  the  corresponding 
figures  in  case  of  the  fine  grid.  It 
can  be  observed  that  the  level  of 
the  total  pressure  losses  diminishes 
on  the  finer  grid,  except  in  the 
coves  where  the  peak  value  increases 
and  the  shape  of  the  isolines 
changes . 

4.3  Case3 . 

The  grid  used  is  very  similar  to  the 
coarse  grid  around  NLR422  and 
contains  15351  nodes.  The  Mach 
number  at  infinity  is  0.22  and  the 
angle  of  attack  ranges  from  -2.5  to 
25  degrees.  Pig.  16  shows  the  cl  - 
alpha  curve  for  M  =  0.22,  Fig.  17 
the  cd  -  alpha  curve  and  Fig.  18  the 
cm  -  alpha  curve.  Due  to  the  effect 
of  the  dissipative  character  of  the 
scheme  the  calculated  curves  fit 
relatively  well  to  the  measured 
curves.  Figs.  19  and  20  give  the 
numerical  and  experimental  values  of 
the  pressure  defect  at  the  slat  and 
flap  cove  rakes  for  9  degrees 
incidence.  Due  to  the  perfect  slip 
boundary  condition  of  the  Euler 
equations  the  pressure  defect 
decreases  toward  the  solid  wall.  The 
peak  level  of  the  pressure  defect 
however  corresponds  reasonable  with 
the  experiments. 


CONCLUSIONS 

It  is  shown  that  the  described  flow 
simulation  system  is  capable  to 
successfully  handle  complex  20 
geometries  such  as  encountered  in 
High-Lift  systems.  The  main 
characteristic  of  the  unstructured 
grid  flow  simulation  system  is  the 
automation  of  the  grid  generation 
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procedure.  This  paper  illustrates 
the  application  of  unstructured  grid 
generation  to  solve  the  Euler 
equations  for  complex  geometries  in 
two  dimensions.  For  a  typical  three 
element  test  case  with  16000  nodes 
the  total  grid  generation  plus 
solver  turn-around-time  of  the 
current  flow  simulation  system  is 
approximately  2  hours.  The 
computational  results  are  compared 
with  experimental  results  and  show 
qualitative  agreement,  due  to  the 
dissipative  behaviour  of  the 
solution  of  the  discrete  Euler 
equations.  A  future  critical  issue 
is  to  account  for  the  dissipative 
effects  in  a  proper  way.  It  requires 
an  extension  of  the  mathematical 
model  to  Reynolds  averaged  Navier 
Stokes  equations. 
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Fig.  2  Finite  volumes  around  the  slat  of  the  NLR422 
three  element  airfoil  (case  2) 
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Fig.  7  Lift  coefficient  history  (case  2) 


Fig.  8  Mach  number  distribution  around  the  NLR422 
three  element  airfoil  (case  2) 
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Fig.  9  Pressure  coefiicier}t  distribution  on  the  slat  of  the  NLR422 
tnree  element  airfoil  (case  2) 


Fig.  10  Pressure  coefficient  distribution  on  the  wing  of  the  NLR422 
three  element  airfoil  (case  2) 
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j  Fig.  13  Iso  total  pressure  loss  lines  around  the  wing  cove  of  the  NLR422 

*  three  element  airfoil:  coarse  grid  (case  2) 


Fig.  14  Iso  total  pressure  loss  lines  around  the  slat  cove  of  the  NLR422 
three  element  airfoil:  fine  grid  (case  2) 


Fig.  15  Iso  total  pressure  loss  lines  around  the  wing  cove  of  the  NLR422 
I  three  element  airfoil:  fine  grid  (case  2) 

I 


Fig.  16  cl  -  a  diagram  for  the  Ml  three  element  airfoil  (case  3) 
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Fig.  17  cd'  a  diagram  for  the  Ml  three  element  eurfoH  (case  3) 
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Fig.  19  Pressure  defect  at  the  slat  cove  rake  holes  of  the  Ml  three  element  airfoil 
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Fig.  20  Pressure  defect  at  the  flap  cove  rake  holes  of  the  Ml  three  element  airfoil 
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SUMMARY 


A  derailed  deacriplian  is  presented  ct  a  eompuiational  method 
to  predkt  the  aetodynamic  perfotmanoe  of  mechancai  high-li& 
systems.  Ihe  Reynaldt-avoaged  Navier-Stokes  equations 
appitcaUe  to  eomprcaabie,  two-dimensianal  mean  flow  are 
sotved  osing  a  eell-eenlied,  finite-volume  apetia]  iacictisation 
atal  ait  expliett  multi-slage  scheme  to  dme  match  to 
steadystate  aolulians.  The  governing  mean-flow  equations  ate 
solved  in  ccayiaiclian  with  a  two-equation,  Mgh-Reynolds 
number  k-s  tmtaileoce  model,  this  level  of  tutfaulmce  model 
sophtstkatkai  being  ocnadeied  as  the  tniniinum  icquiied  to 
enable  an  adeqnate  tesolulicn  of  the  complex  flow  physics. 
The  geometiic  complexily  associaled  with  pnictical 
Liuhi-elanent  acnfail  cnnfigiiiatians  is  addressed  1^  adopting 
instnictund  cnmpigational  grids.  Resuhs  for  the  RAE  2822 
ttansoiBc  single-aerofoil  sectian  ate  picaemed.  comparing  two 
ismr-wall  ttatUneeSs  for  the  turiiulcnoe-lianspott  equations. 
Thereafter,  a  detailed  evahistion  is  prmented  of  the  predictive 
capability  of  the  method,  in  its  cuirent  fotm,  by  comparison 
with  experimental  data  for  the  low-speed,  high-lift  NLR  7301 
aerofoiVtiBiling-edge  flap  configuratioa  Results  are  also 
pRsenled  for  the  SKF  1.1  aerofaiVmanoeuvie  flap  oonfiguntion 
over  a  lange  of  tianaanic  flow  conditians,  from  fully-subcritical 
flow  to  supercritKal  flow  with  shock-induced  sepatatiaa  The 
level  of  agreement  between  predkticnB  md  experiment  is 
encoumging  for  the  cases  considered  However,  it  is  concluded 
that  imptoved  WMvWJling  of  the  complex  flow  physics  is 
required,  with  the  lack  of  response  of  the  current  k-c 
turiaikaoe  model  to  streamline  curvature  being  a  agnificart 
Hmitation  on  qumditative  accuracy  around  maximum  lift 
comfitienB.  Similiuty,  procedures  to  automatically  adapt  the 
computatkaial  grid  to  the  flow  aohdian  would  improve 
pieihctianB  over  the  extended  range  of  conditians  associated 
with  the  pmcdcal  operatkai  of  a  mechanical  high-lift  system. 


INTRODUCnON 


High-Lift  AM«vlviwinig« 

As  by  Lowteyl,  a  transport  aircraft  wing  must 

provide  die  lift  force  necemary  for  safe,  efficient  cnase  flight 
wHh  die  required  pavioad  over  a  specified  lange.  Since  the 
cruiae  is  u^ly  die  lon^iest  segeniod  of  a  typical  fligid, 
involving  the  latgcst  amoiad  of  fuel  bund,  this  coitdition  tends 
to  domkiale  the  wing  design  process.  The  main  objective  of 
dm  wily  design  at  the  cnase  condition  is  to  achieve  the 
required  lift  caeffidenl  whilst  minimiang  the  diag.  This  can  be 
aclseved  by  avoiding  sepanded  flow  and  using  modem 
supercritical  aetofcil  sections,  which  delay  the  onset  of 
tianaonic  dreg  rise. 
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However,  the  cniise  wiiy  design  must  be  adapted  in  order  to 
meet  the  lifting  requiremiads  at  low  speed  associated  with  take 
off  and  landing.  In  particular,  high  lift  is  required  at  take  off 
to  reduce  the  take-off  speed  and  shorten  the  take-off  mn.  But 
this  hi^  lift  must  be  genented  with  a  minimum  penBliy  in 
dag,  so  that  a  safe  climb  rate  can  be  maintained  in  the  event 
of  an  engine  failure.  During  landing,  increased  dreg  can  be 
tolerated  since  this  results  in  thr  availability  of  a  laigc 
variation  of  glide  slope  with  engine  power  setting.  For  this 
reason,  lift  coefficients  at  landing  conditians  tend  to  be  much 
higher  than  those  at  take  off.  These  low-speed,  high-lift 
requiremenls  are  geneally  met  thmugh  the  use  of  mechanical 
hi^lift  systems,  coanpaising  slotted  leading-edge  slats  and 
miling-edge  flaps. 

The  additianal  lift  asanriated  with  mechanical  high-Uft  systems 
is  ofatained  due  to  the  increased  effective  camber  and 
choadwiae  extent  of  the  multi-element  wing.  Also,  a  wing  with 
deployed  high-lift  devices  will,  in  gencaal,  be  able  to  operate 
at  higher  incidtsioc  angles  since  the  required  upper  surface 
pressure  rise  to  the  trailing  edge  is  split  over  a  number  of 
wing  elements.  ^  fresh  bouidaiy  layer  develops  on  each 
etemeak,  which  is  better  able  to  negotiate  the  pressure  rise,  so 
that  treiling-edge  flow  separetion  is  less  likely  to  occur. 
Similariy,  as  shown  by  Smith^,  the  circulation  around  the 
tqstream  wing  element  runs  counter  to  that  of  the  downstream 
elemert  in  the  gap  regian,  reducing  drastically  the  leading-edge 
suction  peak  on  the  dowi,ARam  element  and  so  alleviating  the 
tendeaicy  for  leading-edge  separetion  at  high  incidence  angles. 

Even  for  two-dimensianal  flows,  deptoyment  of  hi^-lift  devices 
results  in  a  multi-eleiiiert  aerofoil  configuration  aiound  which 
the  flow  developanerS  is  significantly  more  conmlex  than  that 
of  a  angle  aerofoil;  see  the  discussion  of  Butter^,  for  example. 
The  flow  is  dominated  by  viscous  effects,  in  which  the  wakes 
from  upstream  aerofoil  demoSs  can  interact  with  the  upper 
surface  boundaiy  layeis  of  downstream  dements.  This 
wakdboiaidaiy  layer  mixing  leads  to  thick  viscous  layers  which 
can  be  bighly-ciaved  due  to  the  large  effective  camber  of  the 
aerofoil  systm  For  this  reason,  there  can  exist  significant 
pressure  grsdicnls  across  the  viscaus  tayeis,  in  addition  to  the 
more  UBi^  streamwise  pressure  gradients.  These  Idter  pressure 
gredicnls  may  be  severe  enough  to  result  in  off-the-stoface 
reverse  flow  in  wake  regions  and,  as  dbeussed  by  lohnston 
and  Horton^,  may  be  the  mechaniam  precipitating  the  final 
stall  of  the  configuration. 

Closed  redrculation  zones  devdcq>  in  slat  and  flap  cove 
regions,  due  to  the  geometric  dis^tiraiities  that  result  from 
the  ne^  to  be  able  tu  retract  the  high-lift  devices  to  form  a 
clean  aerofoil  sectian  for  cruise.  The  preaoice  of  gaps  between 
aerofoil  dements  results  in  a  flow  that  is  Hghly-scnativc  to 
Reyrulds  number,  so  that  configuiatian  optimisatian  at 
Reynolds  numben  bdow  flight  conditians,  as  is  sometimes  the 
case  in  wind-tunnd  testing,  can  result  in  misleading  trends. 
Hially,  the  tnteractian  of  tiie  drculations  around  the  various 
aerofoil  elements  results  in  a  large  suction  peak  on  the  most 
forward  detnenL  This  can  lead  to  compresabiUty  effects  even 
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though  the  frccstreain  Mach  number  is  around  0.2,  with 
laminar  shock  wave/bcamdaty  layer  intetacdcn  on  a 
leading-edge  slat  at  high  incidoice  angles.  Thus,  shock-induced 
flow  sepanlicn  may  be  a  further  stall  mechanism. 

In  Older  to  manoeuvre  eftKtively  at  tnnsonic  speeds,  the  wing 
of  a  combat  aircraft  must  be  able  to  generate  high  lift  without 
incming  an  excessive  drag  penalty  or  the  onset  of  buffet.  The 
use  of  a  supercritical  wing  section  enables  such  a  perfonnance 
spedfkatian  to  be  met  However,  the  rcsultiftg  wiiig  section 
may  not  be  weH-opdmiaed  at  other  dem^  conditions,  with  the 
ctuiae  petfonnanoe,  in  particular,  bcu^  degraded  due  to  lai^ 
than  acceptable  dng  levels.  Mechanit^  high-lift  systems,  such 
as  ttailing-edge  flaps  andfor  lending-edge  slats,  can  be  used  to 
enhance  manoeuviing  c^tafaili^  with^  compromising  cruise 
petfonnmice.  Flight  tests  involving  F-4  and  F-14  aiicmft 
equipped  with  leading-edge  slats,  for  example,  have 
dcmonstiBlcd  significantly-iinproved  climbing  and  turning 
peifofinanc',  even  without  complete  optimisation  of  the  slat 
geometiy. 

M..ni«io.l  Analysis  of  High-Lift  Systems 

The  high-lift  performance  of  multi-element  aerofoil  sections 
tends  to  be  dominated  by  visoaus  effects,  this  being 
paiticulaily  ttue  for  the  inaxiinum  attainable  lift  The 
agnificant  influence  of  visoaus  effects  is  aggravated  if  the 
clean  aerofoil  section  is  of  supercritical  deagn.  Consequently, 
prediclion  methods  based  on  the  solution  of  inviscid  flow 
equations  are  of  bale  use  for  the  optimisation  of  high-lift 
systems.  The  visoaus  flow  development  is  govcitied  by  the 
Rcynolds-aveiaged  Navier-Stokes  equations,  which  mua  be 
solved  in  coiijunctian  with  a  suita^  tuifauletwe  model  since 
the  set  of  mean-flow  equBOana  is  not  closed.  This  represents  a 
oomputatiaiiBtly-inlcnaive  task,  and  so  the  eaiiy  numerical 
methods  employed  separate  inviscid  flow  snd  boundary-layer 
flow  solvers  coupled  in  an  iteative  fashion.  Surface-singuiaiity 
methods  were  generally  adopted  to  compute  the  inviscid 
flowfield  for  low-speed  high-lift  systems,  th^  being  able  to 
deal  with  multi-element  configurations  in  a  straighlfoiwanl 
maimer.  Integral  boundary-layer  methods  were  the  most  popular 
approach  for  computing  the  development  of  the  viscous  layers. 
Rgrtrsmlative  methods  in  this  cira  are  those  of  Stevens  et 
al^^,  Soefaohm  aixl  Newman^,  OBkam^>^,  Butter  and 
Williama^^.  Note,  however,  that  ml  all  of  these  methods 
incctpacate  techniques  to  ticat  the  mixing  of  wakes  and 
boundiiy  layeis,  and  recuculatkin  bubbles  in  cove  regkms  are 
dealt  with  in  a  rather  ad-hoc  manner.  Progress  in  the  USA 
beyond  these  eaily  modiodB,  up  to  the  late  198Qb,  is  reviewed 
by  Biune  and  McMastera^l,  with  King  and  WiUiams*^ 
presenting  a  conesponding  review  of  UK  work. 

The  development  of  mimefical  analysis  methods  to  aid  the 
design  of  efficient  tnnsonic  manoeuvre  devices  attracted  the 
attention  of  the  research  community  in  the  mid  1970s.  This 
work  began  with  inviscid  flow  mrthods,  starting  with  use  of 
the  small-distuibanoe  approach  by  Caughey^^.  Subsequently, 
Orossman  and  Melnikl^  and  Arbnger^'  developed  methods 
which  solved  the  full  potential  equatian,  uang  conformal 
mapping  techniques  to  transfonn  the  flow  domain  external  to 
an  aerofoil^lat  configuration  into  the  antailar  region  between 
two  concentric  ciicles  However,  such  conformal  mapping 
methods  are  not  easily  extended  to  oonfigurations  consisting 
of  more  than  two  aerofoil  dements  Roach  and  Klevenhusen^” 
overcame  this  limitalicn  by  fiist  computing  the  incompressible 
flowfidd  using  a  surface  singularity  method.  The  stneambnes 
and  eqiipoteotial  tines  of  this  flow  were  then  used  as  an 
orthogonal  grid  on  which  the  full  potential  equatian  was 
solved,  results  being  presented  for  aerofoil/slat  and 
aerofoil/slat/flap  configurations 

The  computational  grids  obtained  by  the  oonfotmal  mapping 
approach,  or  that  of  Roach  and  Klevcnhusen,  arc  not 
necessarily  optimal  from  the  point  of  view  of  the  flow  solver. 
Abo,  the  vdidily  of  the  full  potential  equatian  is  essentially 
icatiicted  to  flows  with  weak  shock  waves  Mote  lecetgly, 
Mavriplis^^  and  Stoids  and  Johnaton*^  have  developed  inviscid 
flow  "wrbnHa  based  on  solution  of  the  Euler  equations  In 
both  ernes,  uamcOired  coaqstiaticnal  grids  were  used  to 
overcome  iIk  ptofalema  aaaodated  with  grid  generation  for 


cloedy-coupled,  mulli-clemetit  acrofdl  configucatiocie. 

Initial  altcmpla  to  produce  viscous  uansonic  flow  methods 
involved  the  coupling  of  boindaiy-layer  methods  to  the  inviscid 
flow  solver;  aee  Orossman  and  Vulpc^^,  Ldchet^,  Roach  and 
Klevcnhusen^^.  As  is  «l«n  the  case  for  low-speed,  high-lift 
methods,  the  viscou^inviscid  coupled  approach  lends  to  nn 
into  solution  convergence  problems  when  anything  other  than 
limited  regians  of  flow  separation  are  preacnL  Also,  as 
diwawsed  by  Johnston  and  Horton^,  the  com^x  viscous  layers 
devdopsng  over  muhi-clcmeta  aerofoil  sections  arc  not  Rally 
amenable  to  analysis  by  ample  boundary-layer  methods. 

There  are  a  rather  restricted  number  of  experimental  data-sets 
available  with  which  to  validate  computational  methods  for 
high-lift  systems.  Biune  and  Sikavi^^  and  Nakayama  ct  al^^ 
presets  results  for  realistic  high-lift  canfigutatians  which 
include  measurements  of  both  mean-flow  arxl  turbulence 
quantities.  However,  both  of  these  data-sets  arc  for  Reynolds 
nun-ben  well  below  ftiU-scalc  conditions,  leading  to 
uncertainties  regarding  extrapolation  of  conclusians  to  flight 
Remolds  numben.  This  problem  is  being  addressed  by  Yip  ct 
tl^  who  report  in-flight  measurcmcrils  for  the  traiting-edge 
flap  system  of  a  Boeing  737-100  aircraft. 

Modem  Viegf«ie.Flr.w  Methods 

hfachanical  high-lift  systems  present  two  distinct  problems 
which  can  hinder  the  development  of  efficient  and  accurate 
numerical  analysis  methods.  Firstly,  the  geometric  complexily 
sssocialnd  with  closely-oouplcd  muili-clcmcra  aerofoils, 
including  sharp  cut-oiXs  in  cove  rcgiaiK,  makes  it  difficult  to 
generate  the  computational  grids  required  by  flowfidd  metinds. 
Secondly,  as  has  already  been  described  above,  the  flowfidd 
itsdf  is  highly  complex,  involving  interacting  viscous  layeis, 
closed  redrculation  regions,  sepatation  fiom  smooth  surfaces 
etc.  It  is  this  very  flow  complexity,  particulariy  at  the  high 
incidence  angles  associated  with  maximum  lift  conditions,  that 
causes  numerical  proUems  with  the  invisdft/visccus  coupled 
method  approach.  It  is  now  generally  a- l-nowledged  that  such 
flowfidds  arc  only  tikdy  to  be  adequatdy  predicted  by  solving 
the  Rcyndds-avetaged  Navier-Stokes  cquationa,  and  accepting 
the  high  computaticnal  expense  involved  with  this  approach. 

The  motivation  for  tlic  present  work  is  the  deare  to  be  able 
to  compute  the  viscots  flow  development  around 
complddy-repreaentalivc  nuilti-dcmctrt  aerofoil  geometries.  In 
addition,  the  resulting  computational  method  dnuld  be  capable 
of  application  at  both  low  speed  high-lift  and  tnnsonic 
manoeuvic  conditions.  The  complex  physics  associated  >  '’h 
rauJii-dement  actofotl  flows  leads  naturally  to  the  use  of  the 
Reynolds-averaged  Navier-Stokes  equations.  These  are  solved  in 
terms  of  mas-wdghted  avenge  variables  for  compressible  flow 
applications.  An  explicit  turiadcnce  modd  is  reqiired  to  close 
the  set  of  governing  mean-flow  equations,  and  a  two-cquation 
modd  is  adopted,  as  bdng  the  hwest-order  modd  consistera 
with  an  ability  to  compute  intetacting  viscous  layers.  It  can  be 
noted  here  that  Shima^,  Mavriplis^  and  Chow  and  Chu^ 
have  used  the  algebraic  tuibulctKe  modd  of  Baldwin  and 
Lomax^^  to  compute  midti-dement  flowfidds,  but  this  modd 
requires  rather  a^hoc  modificatians  to  deal  with  interactiiig 
wakes  mi  boualBiy  layers. 

.;e  geometric  complexity  of  multi-detnetX  aerofoil 
oonfiginticna  is  dealt  with  in  the  present  method  through  the 
use  of  imstiuctured  oomputationd  grids,  the  method  being 
based  on  the  original  invisdd  flow  solver  of  Stoids  and 
Jataiston^>^^.  The  use  of  unstnictiiicd  computational  grids  and 
a  two-equation  turiwlenoe  modd  is  also  the  approach  taken  by 
MavripUa  and  Mattindli^.  Although  such  a  tuibulenoe  modd 
is  deemed  to  be  the  lowest-order  modd  consistent  with  the 
complex  flow  physics  (the  recent  orte-equation  modd  of 
Baldwin  and  Butb^l  may  be  an  alternative,  however),  this 
docs  not  guarantee  that  the  modd  is  adopiale  in  a  quantitative 
senae,  a  point  that  will  be  returned  to  bdow. 

The  present  paper  starts  by  presenting  the  governing  mean-flow 
equations,  and  the  tiabulenDe-tiansport  equations  nwodaled  with 
the  high-Reynolds  raunber  version  of  the  k-c  two-cquation 
tuibulcnce  modd.  Two  allctnativc  moddiing  approaches  to 
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bodging  the  viscoaty-domitirted  nou-wall  icgian  aic  then 
diiniBifd  Details  of  the  maneiicai  disctBlisalian  scheme  sod 
aohsicn  piDoedue  are  given  next  Resulti  fot  the  RAE  2822 
tnnaanc  angte-aetofail  section  sic  pcscnlcd,  compating  the 
two  neat-wall  tteatmcnts  for  (he  moiled  (mhulenoe-tnoaport 
equatioos.  A  detailed  evaluation  of  the  method  is  pccacnted  fot 
the  low-speed,  uijh-lift  NLR  7301  aemfoil/liaili^-edge  flap 
configundw  T,te  appHcability  of  the  method  to  ttaoaooic 
flows  is  illustiatcd  fot  the  SKF  1.1  aemfoil/tnanoeuvtc  flap 
oonfigutatian  ovet  a  rsage  of  conditions,  from  ftiUy-subctitical 
flow  to  supetcntiGal  flow  with  shock-induced  sepamdon.  The 
paper  closes  with  a  discuBaion  of  the  adequacy  of  (tofaulenoe 
modelling  at  (he  two-equatian  level  for  (he  complex  viscous 
flowflelds  of  multi-ctemeta  aeiofoil,  tdgh-lifl  systems. 


Y  being  the  mtio  of  specific  heate,  taken  as  1.4  for  air.  E'' 
and  Q''  SR  the  viscous  diffusive  flux  vectois 


"XX  "  ’"xy 
Pkx 
Psx 


The  computational  method  is  baaed  on  a  solutian  of  die 
Reynoids-avemged  Navier-Stoloes  equations  for  the  mean-flow 
development,  written  in  terms  of  mas-weighled  average 
variables  for  appheation  to  compressible  turbulent  flows.  The 
dme-avetaging  ptocedute  used  to  obtain  the  set  of  mean-flow 
etfiadons  inttoduces  new  uiknowns,  the  Reynolds  stresses,  and 
tlKse  are  modelled  using  a  scalar  eddy-viscosity  coefficient. 
Local  values  of  this  coefficicnl  are  deterWied  by  the  solution 
of  two  additional  modelled  (ranspott  equadons,  for  the  turbulent 
Idnetic  energy  and  its  isotropic  rate  of  dissipatiott  All 
equadons  in  this  and  subsequent  secdons  ate  written  in  terms 
of  non-diinensional  variables,  using  the  scalings  given  in 
cquadon  (16). 

The  govemittg  flow  equadons  are  written  in  integral  form,  to 
facilitate  the  finite-volume  spatial  dberedsadon  adopted  in  the 
calculation  method.  Further,  the  dme-dependent  equatioiK  are  to 
be  solved,  by  marching  in  time  to  a  steady-state  soludoa  The 
resulting  equations  can  be  written  as  follows 


—  f  W  dfl  +  f  H.n  dO,  +  f  S" 

at  Jfl-  Jo;  -  jfl- 


Q  is  miy  two-dimcnaonsl  flow  domain,  Q,  is  the  boundary  to 
the  domain  and  a  is  the  unit  outward  iKitmal  to  this  boundary, 
is  the  vector  of  dependent  variables 


y  yy 

—  *^®xy  *  '^®yy  *  ‘ly 

Pky 
Pey 

'’xx>  ‘’yy  °xy  components  of  the  stress  tensor,  whilst 
q^  aiaf  qy  are  components  of  the  heat-flux  vector, 

Ptx  and  repeesott  viscous  diffusian  in  the  (ranspoit 

equadons  for  k  mti  t,  the  fenn  adopted  for  these  terms  is 
given  in  the  Turbulence  Modelling  secdon  below.  Hnally, 
vector  S"  oontains  the  source  terms  in  the  k  and  e  equmione 


where,  agun,  the  particular  forms  of  and  S, 
in  the  next  aeedert 


discusaed 


Reynolds  stremes  md  turbulent  heat  fluxes  in  the  mean-flow 
equadons  are  modelied  by  introddeing  an  isotropic 
eddy-visGOsity  cocflicieni  and  a  tutbulcitt  Piandll  number 
PTf.  Thus,  the  viscois  stress  terms  in  equation  (7)  become 


(F  ♦  Ft)  Sxx  ♦  -  pk 
3 


•  (F  ♦  Ft)  Sy 


I  P*  J  <r,y  -  -  (P  ♦  P,)  S,y 

p,  E,  k  and  s  are  the  density,  total  energy  per  imit  mass,  where  the  componenis  of  the  mean-strain  tensor  are 

turbulent  Idnetic  energy  per  unit  masa  and  diaipadan  rate  of  k 

tespeedvdy,  U  and  V  are  the  carteaan  mean-velocity  dU  2  r  dU  i 

components.  H  is  a  matrix  oontmning  the  flux  vectors,  which  ■  2  —  -  -  I  —  *  —  I, 

can  be  written  as  dX  3  I  dX  dV  j 

H  -  (Fi  V  F")i  V  (Gi  V  GV)X  (3)  2  r  dU  dV  , 

*yy  " 

where  i  and  j  are  unit  vectors  in  the  X-.  mi  Y-direcdons  of  dY  3  I  dX  dY  J 

the  cartesian  'coordinalc  system.  P  and  C  sre  (he  convective 

flux  vectors  ,  , 


pU 

pV 

pU*  ♦  P 

pUV 

pUV 

G*  * 

pv«  ♦  p 

pUH 

pVH 

pUk 

pVk 

pUs 

pV. 

P  is  the  Slade  pneasure  and  H  the  total  enthalpy  per  unit 
masa.  The  various  quantities  are  related  to  each  other  by  the 
deflmdons  of  total  energy  per  unit  volume  ml  total  enthalpy 
pCT  unit  voiianc  for  a  perfect  gas 

pE  -  P/(Y  -  I)  ♦  ip(U«  ♦  V*)  ♦  pk  (5) 


(4)  Similarly,  the  components  of  the  heat-flux  vector  in  equation 
(7)  became 


F 

Ft 
+  ■ 

dT 

Pr 

Pr,  J 

dX 

F 

Ft  ’ 

1  ^ 

Pr 

Pr, 

1  dY 
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Pr  and  Pt^,  the  laminar  and  tucbulcM  Piandtl  numbcis,  arc 
■anmiH  to  »»t°^  oonstant  values  of  0.72  and  0.9  respectively. 
TIk  static  terapeatuiB  T  in  equation  (11)  can  be  evalual^ 
using  the  perfect  gas  irialian.  wiillcn  in  the  form 

P  -  (T  -  1)  p  T  (12) 

the  pecasme  P.  bcii^  detcfmmed  Aom  the  dependent  vaiiables 
in  K.  uaiiy  the  definidan  of  the  total  energy,  equation  (5). 
Sutherland's  law 

Y‘ /«  M  r  T«*  ♦110.4  1 

p - [(T-1)T1*/»  - - -  (13) 

R  1(7  -  UT  T.  ♦  110. 4j 

is  wed  to  evahiale  the  laminar  viacaaty  p,  where  M  and  R 
arc  the  freesticam  Mach  number  and  Reyitolds  number 
respectively.  Too*  is  the  Aecstieam  static  temperature,  in  keivin. 

Tim  sisface  boimdaiy  conditians  applied  to  the  mean-floiw 
equadons  ate  the  no-shp  condidans 

U,  -  V,  -  0  (14) 

together  with  the  assumption  of  an  adiahatic  wall,  which  leads 
to 


dT 

dP 

w 

mean-flow  devetopmeot  wbiefa  have  a  form  essentially  idetSical 
to  the  Naviet-Stohes  equations  for  laminar  flow.  TV 
two-equadon  k-<  tutfauicnoe  model  of  Laiaider  and  Spalding^ 
is  used  to  determine  the  local  values  of  the  tuibuleni  viscomty 
coeffident  p^.  This  level  of  sophistication  of  Uabuience  modd 
is  consideted  to  be  the  lowest-level  appropriate  to  an  adequate 
■nodoiliwg  of  the  complex  flow  phyacs  of  high-lift  systems. 
The  turbulent  viscosity  coefficient  is  otsained  from  the 
following  tdadon 


(17) 


where  c^  is  a  model  constant,  whose  value  is  given  in 
equadon  (21).  The  two  modelled  transport  equations,  for  the 
turbulent  Idnedc  energy  k  aia]  the  dj^padon  rate  c ,  have 
been  given  in  outline  in  the  Governing  Flow  Equadons  secdon 
above.  The  turbulent  diffusive  transport  terms  in  E*  and  Q'', 
equadon  (7),  arc  model  led  by  assuming  a  ample  scalar 
gradient  diffiiaon  process 


Pkx 


Pex 


Pt 

dk 

Pt  1 

1 

■  “ 

P  ♦  — 

—  .  Pky  ■  - 

P  ♦  — 

1 

Ok 

dX  ^ 

Ok  J 

av 

Pi 

dc  1 

Pi 

de 

■  - 

p  ♦  _ 

—  •  Pry  *  ■  1 

P  ♦  — 

— 

0, 

dX  ^ 

0, 

av 

(18) 


Subscript  w  irahcates  condidans  at  the  wall  artd  y„  is  the 

surface  normal  diaance. 

Non-ieflecdng  farfield  boundary  condidons  ate  applied  a  the 
outer  boualuy  to  the  compuladonel  domain.  These  arc 

constructed  uary  the  Riematin  invariants  for  a  cne-diniensiotal 
flow  notital  to  the  oiSer  boundary;  sec  Jameson  aial  Baker^^ 
for  details.  The  downstieam  outflow  boundsry  in  the  wake 
region  is  treated  in  exactly  the  same  way.  For  subsonic 
outflow,  this  amouiUs  to  an  extrapoladon  from  the  interior  of 
the  etStopy  atal  the  mean-velocity  component  tartgendal  to  the 
dowixstrcam  bouxiaty.  The  normal  mean-velocity  component 
and  the  speed  of  sound  ate  given  by  the  Ricmam  invariants, 
aal  the  pressure  is  determined  using  the  deflnidan  of  the 

speed  of  souaL  These  nuter-bouralary  conditions  arc  modified 
to  take  Jdo  aoootmt  the  effect  of  the  circuladon  aroutal  the 

bfling  aerofoil  system,  following  the  approach  of  Thomas  staJ 
Sala?^. 


Oj^  and  Of  arc  two  furtlrcr  model  constants.  The  modelled 
source  terms  atal  in  equation  (8)  involve  titc  production 
P|^  atal  the  dtssipaden  ntc  c  of  tire  turbulent  Idnedc  energy 

Sk  *  •  Pk  *  P  ‘  . 

1 

c  c 

s,  -  -  c.,  Pk  -  *  «€.  P  —  09) 

k  k 

C(,  atal  (^,  arc  atanher  two  model  coirstants  The  term  ^ 
representing  produebon  of  turbulent  Idnedc  energy  is  modcIM 
using  the  lutMcnl  viscosily  coefficient  Pt 

2  au 

Pk  ■  (Mt  Sxx  -  -  p  k)  — 

3  ax 


The  following  have  been  adopted  to  put  the  govcmii^ 

flow  equadons,  atal  all  subsequent  equations,  into  a 
tam-diiiaensotiBl  form 


2  av 

♦  (P,  Syy  -  -  P  k)  -  ♦  P,  S^y  S,y  (20) 

3  av 


X*  -  X  c*  .  Y*  -  Y  c*  .  p*  -  p  p.*  ,  P*  •  P  P-*  , 

U*  -  U  AP-*/P-*)  ,  V*  -  V  y(P.*/p.*)  , 

E*  -  E  P.*/p.*  ,  H*  -  H  P.*/p-*  ,  k*  -  k  P.*/p.*  , 

T*  -  T  P.*/(p,*Cy*)  ,  t*  -  t  c*/AP-*/P-*)  , 

p*  ■  p  c*/(P«*p»*)  ,  Pt*  -  Pt  c*v'(P«*p,*)  , 

e*  -  €  (P.*/p.*)>/>  /  c*  (16) 

Supeisciipt  *  indicales  a  dunenaotud  quandty  atal  subscript  °° 
denotes  fteestream  cemdidans.  Cy*  is  the  specific  heat  at 
consint  volume,  atal  the  lefctctax  length  scale  c  is  usually 
taken  as  the  chord  of  the  clean  aerofoil  section. 

TURBULENrP.  MOnPl  UNO 

Modelliiig  of  the  Reytarkk  stresses  uong  a  scalar  turbulent 
viscosity  coeffideta  results  in  a  set  of  equations  for  the 


s^,  Syy  aral  s^  ate  the  comporaxits  of  the  mean-strain  tensor, 
atal  ate  defined  in  equation  (10).  This  baac  high-Rcynolds 
taimber  version  of  the  k-e  turbulence  tiaxlel  contains  five 
constants,  which  take  the  following  values 

Cj^  “  0 . 09  ,  Ok  •  1 . 0  ,  Oj  •  1 . 3  , 

c,.  -  1.44  ,  e,.  -  1.92  (21) 

The  k-(  turbulctare  rtaxiel  as  presented  above  is  applicable 
only  to  the  fuUy-turfaulenl  and  outer  legkms  of  the  viscow 
layers.  Both  the  k  atal  c  equations  lequiic  addidotial  near-wall 
damping  tenns  if  the  rtaxiel  is  to  be  used  right  down  to  the 
wall.  A  number  of  so-called  low-Reytailds  tarmber  tnodek  have 
been  devised  to  eiwhie  use  of  the  k  atal  c  equadons  across 
this  region;  sec  the  review  of  Patel  et  al^^.  The  ccsidnuing 
ptolifetaden  of  such  low-Reynoids  number  k-c  models 
itaScsIes  the  lack  of  a  general  consensus  as  to  die  narst 
appropriate  form  of  the  near-wall  damping  terms.  These  models 
alw  turn  out  to  require  vety  refined  comptSadonal  grids  near 
the  wall,  which  can  have  serious  consequeraies  for  the 
tattnerical  aoludon  algorithm.  The  modelled  birbulcnce-ttansport 
equadons  become  vety  sdff  in  this  near-wall  regian,  leading  to 
a  degtadadon  of  the  cottvergeiaie  and  stability  properties  of  the 
aoludon  algorithm;  aee  Mavriplis  and  Maitinelli^  for  a 
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discuasian  of  diese  poinis. 

Two  allenialivc  apjxoacfaBs  are  gcncially  taken  to  allcvi^ 
these  peoblons  in  the  viscosily-datninaled  near-wall  region.  The 
first  is  to  ’patch’  the  higb-Reynclda  number  k-e  model  to 
near-wall  boindaty  conditiens,  but  in  the  fuHy-tuibulent  region 
of  the  flow  i^ier  than  at  the  wall  itself.  No  attempt  is  mwle 
to  solve  the  hafaulcnoe-tianBpott  equations  very  close  to  the 
wall  when  using  this  so-called  wall  fimetion  apptosch.  The 
second,  and  peihaps,  more  satisfactory  approach  is  to  use  a 
amplified  tua^ence  model  to  bridge  the  regian  between  the 
fully-tuibukait  part  of  the  flow,  modelled  using  the 
high-Reynolds  mimber  k-r  model,  and  the  wall.  Both 
approaches  have  been  investigated  in  the  present  work. 

Wall  Function  Antimach 

Expetitnenis  indicate  that  for  turbulent  boimdaiy  laycn  the 
tncan-vciacity  component  paiallel  to  a  wall  U-p  olreys  the 
semi-logaritiunic  law-cf-lhe-wall 


reason,  it  is  prdcnifale  to  take  an  alternative  approach  which 
allows  resolution  of  the  viscous  laycis  tight  down  to  the  wall. 
In  the  presett  work,  a  one-equation  turbulence  model  is  used 
in  this  visoostty-daminaled,  near-wall  region.  The  particular 
model  xtnprrvt  is  the  near-wall  pM  of  that  used  by 
Vfilchetlice  et  al^  and  Johnston^,  which  is  itself  a 
coeapresabtc  flow  vcision  of  the  original  model  of 
Wolfsfatein38 

The  high-Reynolds  number  farms  of  tlw  k  and  c  equations  are 
salved  as  usual  in  the  fully-turbulent  and  outer  parts  of  the 
wall-butmdcd  viscous  layers.  In  addition,  the  k  cquadon  is  also 
solved  in  the  near-wall  regian  for  which  y^  <  SO,  with  the 
correct  wall  boundary  condition 

k,  -  0  (27) 

The  wall  shear  sties  T^,  needed  to  evaluate  usiitg 

equahen  (24),  is  obtained  from  the  limiting  form  of  the 
momentum  equation  at  the  wall 


Uj  1 

—  ■  -  loge(y*E) 

Ut  k 


(22) 


(28) 


in  the  fully-turfauleitt,  near-wall  regicn.  The  actual  laleial  extent 
of  this  regian  is  s  functkai  of  both  Reynolds  nuntber  sitd  the 
pressure  distiibutian  along  the  wall.  In  equation  (22),  y'*’  is 
defined  s 

y*  *  P*  I  I  yn  /  Mw  (23) 


For  <  50,  the  turbulent  viscosty  relaiicn,  equation  (17).  is 
repUced  by 

P(  •  Cjj  p  k'  Lj,  (29) 

and  the  rate  of  dtsstpaOcn  of  k  is  modelled  using  a  divapalion 
length  scale 


where  y^  is  the  surface  normal  distance,  and  subscript  w 
denotes  conditiaiK  at  the  wall.  U,  is  the  wail  fnetion  velocity 
and  is  defirted  in  terms  of  the  wall  shear  sties 

Tw  *  Pw  Ut'  (24) 

The  law-of-the-wall  involva  two  constaiSs 

K  -  0.41  ,  E  -  9  (25) 


p  e  -  p  k  L,  (30) 

The  two  length  scales  Lp  and  L,  are  given  by  algcfaraic 
relations,  varying  lineally  with  distance  from  the  wall,  but 
modiricd  by  damping  functions  in  the  molecular-viscosity 
dominated  region  immediately  adjacent  to  the  wall 

Lp  ■  c,  yn  I  >  -  «*P(-  Rk/V^  *  ■ 


K  is  the  von  Kattnan  constaig,  and  the  above  value  of  E  is 
that  appropriate  to  smooth  walls. 

In  the  wall  functkin  approach  the  tuihulenoc-tiaiispart  equations 
SR  salved  only  in  the  fiiUy-tinfaulent  and  outer  regions  of 
wall-botnded  viscous  layers.  This  is  achieved  by  artangiiig  that 
the  ceitea  of  the  fiiat  near-wall  computational  cells  are  in  the 
range  30  <  y-r  <  300.  The  k  and  <  equations  are  not  solved 
in  these  near-wall  cells,  but  have  their  values  prescribed  on 
the  ba^  of  local  equilibtium  of  the  tuibulcnoe.  A  balance 
between  production  and  disapation  is  assumed  in  the  turbulcM 
kinetic  energy  transpoit  equaticiL  The  diear  stress  and 
mean-velocity  gradient  in  the  production  term  are  then  given 
by  the  wall  shear  atreas  and  the  law-of-thc-wall  respectively. 
Hnally,  by  modelling  the  disapatian  rate  c  by  an  algdiiaic 
length  scale  propottioiial  to  y„,  the  nciu-wall  values  of  k  and 
r  become 


•-*  *  c,  yn  I  1  -  exp(-  Rii/2c,  )  1  (31) 

where  R^  is  a  Reynolih  number  chancteristic  of  the  tuibulcrax 

Rk  ■  P  R' yn  /  M  (32) 

The  one-equaden  model.  near-waJI  fonnulation  is  completed  by 
specificaden  of  the  two  addidonal  constants 

-  76  ,  c.  -  K  /  c^*^‘  (33) 

Note  that  the  use  of  R^  rather  than  y-*-  in  the  near-wall 

dampiiig  fimetions,  equation  (31),  leads  to  a  well-behaved 
model  in  sepaiatcd-flow  regions,  since  the  turbulent  kinetic 

energy  always  renuuns  poative. 


Ut'  U^* 

k  -  -  ,  e  -  -  (26) 

Ap  ttyn 

The  mean-flow  equations  are  salved  in  the  near-wall 

computational  cells,  with  no-slip  conditionB  applied  at  the  wall, 
equations  (14)  and  (IS).  However,  the  wall  drear  stress  is 
obtained  from  the  friction  velocity  U.  uang  equation  (24), 
where  the  law-of-the-wall,  equation  (22),  provides  an  implicit 
relation  for  U.  itself. 

OnfrBartim  Nar-Wall  Mndd 

The  wall  ftaictian  rqipioach  to  the  near-wall  brtuidaiy 
oemfitiens  for  the  k  ^  x  erjuations  is  dmightforwaid  to 
implement  in  a  numetical  aoiutian  ptooedure.  However,  there 
ire  unoeftainties  assnrislrtl  with  tMs  approach  in  separatfd 

flow  regicaa,  mamly  omcetning  the  urivcnality  td  the 
law-of-tfae-waU.  equatim  (22),  tnder  such  ooiditianB.  For  this 


SPATIAL  DISCRETISATIQN 


The  present  numetical  scheme  employs  an  unstructured 
Gomputatictal  grid  approach,  in  order  to  deal  with  the 
geometric  oomplexity  aasixriated  with  multi-element  aerofoil 
aections.  The  oompulatianal  domain  Q  is  divided  into  a  finite 
number  of  non-overiappiiig  cells,  the  resulting  grid  being 
imatruEtund  but  bounduy-oanfonniiig.  The  dependent  variables, 
etjuaticn  (2),  witian  a  cell  are  represented  by  their  avenge 
values  at  the  idl  centre,  such  quroriities  be^  rlenoled  by 
nifiU  k  for  cell  k.  The  governing  flow  equations  are  now 
applied  to  each  computational  oeil  in  turn,  and  equation  (1)  for 
a  typical  cell  k  beoomes 

^  I  . 

-  . - l(F'  ♦  F»)dY  -  (G>  ♦  0'')dXJ  - 

dt  h||  3^”  ”  ” 


(34) 
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wtMB  Qg  Nfas  to  •  ocotour  integmikn  aiouid  the  boukcbty 
at  dK  odl,  tidDcn  in  die  ■tdetockwiae  sense.  The  odl  has  sn 
area  of  h|(  wfakfa  is  fixed  in  dme. 

The  dma-dependert  integial  fona  of  equatkn  (34)  aiggctfs  the 
oe  of  a  finita-vohime  fotmuladoa  foe  the  spatial  dbcntisation, 
ml  dMi  maiddng  the  i«auldi«  aeoi-duetcie  c>«iMiaas  in  diM 
to  teach  the  steady-state  aotadon.  Perfaftninj  the  spatial 
of  (34)  befote  the  tune  ductedsalkn 

leadi  to  a  laife  set  of  oifiMiy  dUfocndal  equadons  with 
icapect  to  tiine 

dWk 

—  -  -  (2k  ♦  Xk) 

dt 

Ql  sol  Yk  aic  ductcle  approximations  of  the  oonvo^ye  and 
viwous  flux  inteftais  lespecdvchr,  the  latter  also  oontaimiig 
aoiace  letna  S^k-  contour  iMegcatian  of  the  conveedve 
fiux  vcctois,  equation  (4).  is  approximated  by 

j  kedges 

2k  ‘  A’fn  -  S‘n  (36) 

••k  n  -  I 

where  the  suminadan  is  over  the  edges  forming  cell  k.  Fig  1 
shows  the  natation  adopted  for  a  typical  edge  i.  foimed  by  the 
two  vetdoes  a  and  b,  which  is  coiniDon  to  computational  cells 
k  and  p.  The  cattesian  lengths  of  edge  i  are  given  by 

AXj  -  Xb  -  X,  .  AVj  -  Yb  -  Y,  (37) 

The  convective  flux  vectois  on  edge  i  can  be  evaluated  using 
citlKr  the  flux  vectois  or  the  dependent  variables  at  the  two 
appropriate  cell  centres.  The  latter  approach  is  taken  in  the 
prescnl  method,  thus 

Fiji*)  -  F'(Wi)  ,  0‘i(W)  -  C‘(ti)  (38) 

The  simplest  approach  to  evaluating  the  dependent  variables  on 
the  cell  edge  is  to  avenge  the  two  cell-cctiUe  values,  for 
example 

tj  -  (^  +  Wp)  f  2  (39) 

p^iarim.  (3g)  and  (39)  amoixit  to  a  second-order,  centre 
(fifferenoe  formulation  on  a  regular  caitcaan  grid.  This 

approach  is  found  to  be  aatisfactofy  for  the  four  mean-flow 
eqwtions.  For  numerical  stability  of  the  soliSian  algorithm,  an 
altetnative  fiiat-order  upwind  scheme  is  used  for  the  k  and  c 
equations 

Wj  •  (  naxfO,  Aj  5t)  ■•"((*•  *1  I!p)  1  (^®) 

where 

Aj  -  Uj  AYj  -  Vj  AXj  (41) 

A  siinilT  procedure  is  used  to  approximate  the  contour 
ititegiaticn  of  the  viscous  flux  vectois,  equation  (7), 


kedges 


Xk  ■  - 

hk 

9 

i  t - 1 

9 

9 

-  O'^n  “r  )  ♦  l\ 

(42) 

However,  in 

Ihb  case 

both  the  mean-flow 

And 

tuibulenoe-tianapoit  equations  ate  treated  using  the  second-ordet, 
centred  fotmulatian  of  equaticn  (39). 

The  viacous  diffinivc  flux  vectois,  equation  (7),  in  £''  and 
requite  evaluation  of  fiisl  derivatives  of  flow  varices  on  the 
cell  edges.  The  moat  obvious  approach  is  to  evaluate  these 
derivatives  at  die  two  cell  centres  k  and  p,  then  average  to 
give  a  value  for  edge  i,  see  Fig  1.  This  approach  may  result 
in  a  de-ooupling  of  the  soludcn  at  adjacent  cdls,  and  docs  not 
octdribute  to  tlw  dampii^  of  enois.  In  the  present  method,  the 


first  derivatives  on  et%e  i  are  detetmined  diiectiy,  by  canying 
out  a  contour  ietegtetian  aiotaid  an  auxiliary  ceil  formed  by 
the  two  vertices  (ad>)  and  the  two  cell  centres  (k.p)i  sec  Rg 
2.  DependerS  variables  at  the  two  vettkes  are  evaluated  by  a 
wmple  mterpolation  of  the  autiounthng  o^-centre  values.  Thus, 
for  example,  the  first  derivatives  of  U  on  cd^  i  are  given  by 


—  f  1)  dX  (43) 
hi  JOi 


wheic  hi  mid  Qj  are  the  area  aisl  contour  of  the  auxiliary  cell 
le^wctively.  Fkially,  the  aoiace  terms  and  in  the  k  and 
a  equations  involve  fint  derivatives  of  flow  vaiiables  at  the 
cell  centres.  Theae  are  evaluated  uang  integration  formulae 
similar  to  equation.  (43),  but  based  on  the  main  oompulational 
ceils,  Hg  I. 


NUMERICAL  DISSIPATION 


The  centred  formulation,  equations  (38)  attd  (39),  lor  the 
convective  flux  terms  in  the  mesn-flow  equations  is 
non-disspative.  This  meais  that  any  errors,  such  as 
(kscrctisation  or  round-ofT  crrois,  arc  not  damped  and 
oscillatiom  may  be  present  in  the  steady-state  solution.  In 
order  to  eiimirtatc  them  osciUatians,  artificial  dissipative  terms 
are  added  to  the  right-hand  tide  of  equation  (35)  which,  for 
the  mean-flow  equations  only,  becomes 


dW^ 

-  -  -  (2k  *  ^  -  2k)  («<) 

dt 

The  approach  of  lameaon  et  a|39  is  adopted  to  construct  the 
ebsipatian  function  0^-  Pot  structured  computalional  grids,  (his 
consists  of  a  blend  of  second  and  fourth  difTcrcnccs  of  the 
flow  variables  Fourth  diffcKnccs  arc  added  throughout  the 
flow  domain  where  the  solution  is  smooui,  but  arc 
'switched-ofT  in  the  region  of  shock  waves.  A  term  involving 
second  dilTcttnccs  is  then  'swiiched-on'  to  damp  oscillations 
near  aitock  waves.  This  switching  is  achieved  by  means  of  a 
duck-wave  sensot,  based  on  the  local  second  difTcreticcs  of 
ptessure. 

(Construction  of  the  aitificial  dissipative  terms  for  unstructured 
gridk  baskally  follows  the  above  procedure.  However,  the 
resulting  fotm  of  the  adaptive  coefficients  is  somewhat 
different;  see  Jameson  et  al^.  Within  the  finite-volume 
approach,  the  diaapation  function  for  unstructured  grids  is 
calculated  by  a  summation  of  the  fluxes  across  the  edges 

kedges  kedges 

Dk  *  [  4’^  ♦  [  («) 

i  -  1  i  -  I 

Abo,  for  imtructuted  grids  the  second  and  fourth  differences 
of  conserved  variables  are  replaced  by 

4’^  -  «i  4'^  (»p  -  ik)i  . 

-  -  Oj  e(‘^  (VSp  -  V«Ib)i  «6) 

where  i  denotes  the  edge  delimiting  cclb  k  and  p,  Fig  1.  V‘ 
b  defitwd  aa 


kedges 

VIk  ■  [  (*i  -  Ifc)  (47) 

i  -  1 

Note  that  in  equation  (47),  SCj'  and  Kk  cell-edge  and 
cell-ccntre  values  respectively. 

The  most  straightforward  way  to  construct  the  aduptivc 
coefficienb  t(*)  and  t  (*)in  equation  (46)  b  by  a  summation 


of  fint  difTeiOKcs  of  prcsBiiie,  this  being  the  unsUuctuicd-giid 
analogue  of  the  aecond  dUTeicncc  of  neanue  used  in 
stnicturcd-grid  schemes.  As  HimnaMirf  by  Stolcts  and 
iohnalcn^^  this  leads  to  a  fannuUdcai  that  is  too  dtsapadve. 
Thcrefoee,  the  shock-wave  sensor  vj  in  is  constiuct^  on 
a  kxal  edge  basis,  using  only  flw  vatiables  from  the  two 
adjacent  cells  k  and  p 


._^L_!ili 

Pp  *  Pk  Ij 


The  adaptive  coefficients  then  become 


,(>)  .  k(')vj  .  -  naxiO  ,  k^*’-  rpM  (49, 

The  scaling  factor  a(  in  the  disstpation  fisictian,  equation  (46), 
is  based  on  the  maximum  eigenvalues  of  the  convective 
Jacobian  matrices  dEJdyjL  and  dGJS)li  along  the  appropriate 
cell  edge 

Oj  -  I  UiAYj  -  VjAXj  I  ♦  Cj/(6Xi»  ♦  AY;*)  (50) 

a  is  the  local  speed  of  soutd;  sec  equation  (59).  k(*)  and 
are  two  empirically-chosen  constants,  which  typically  have 
values  in  the  range  1/256  <  k^*)  <  1/32  and  1/2  <  k(*)  <  1. 

The  above  fonnulation  for  the  numerical  dissipative  terms  has 
been  developed  for  the  Euler  equations  goveining  inviscid 
compresabie  flow.  If  used  in  this  form  with  the 
Rcynolds-avcaged  Navier-Stokes  equations,  this  numerical 
disapadon  may  sv/amp  the  real  physical  disapation  in  the 
viscous  laycfs.  The  result  can  be  modification  of  the 
bexmdaty-layer  development,  the  delay  or  suppression  of  flow 
sepandon  and  the  weakening  of  shock  waves.  In  many  cases, 
the  physical  disapadon  present  in  the  difliiave  flux  terms  £y 
and  C''  may  be  sufficient  to  prevent  the  build-up  of 
oscillations,  but  experience  indicates  that  some  numerical 
dissipauon  is  required.  Stolcis  and  Johnston^^  proposed  the 
following  ample  scaling  of  Ok  for  the  computadon  of 
turbulent  flowfields 

Djj’  •  0^  1  1  -  exp(-  o  m/Mi)  I  (51) 


*(•)  .  *n  _ 

!(■)  .  if*)  t  a,AtR(»')  for  B-l  to  4  , 

»"*•  ■  !!<‘^  (54) 

n  is  the  cutrcnl  dme  level,  n+l  is  the  new  time  level  and 
folloadng  cocfikMnts  are  used 

a,  -  1/4  ,  o,  -  1/3  .  o,  •  1/2  ,  o.  •  I  (55) 

In  order  to  minimise  the  computadon  dme,  dw  residual  in 

equaden  (53)  is  refotmulaled  as 


where  the  expensive  evaluadon  cf  the  dissipadun  funeden  Q  is 
canied  out  criy  a  the  fiia  intermediate  stage  (■),  and  then 
froren  for  the  subsequent  stages.  This  is  known  to  mralify  the 
stability  region  cf  the  scheme,  but  the  steady-state  accuracy 
and  ccnvcfgence  characteristics  appear  to  be  preserved 
Similarly,  the  viscous  flux  and  source  terms  comprising  y  are 
also  only  evaluated  a  stage  (•)  and  then  fn>/cn  for  suhsequciu 
sUges. 

The  local  dme  step  for  a  given  compuLadunal  cell  is 
determined  as  a  combinadon  of  convccUvc  and  difTusivc  dme 
steps 


At  k  • 


0  At g  At g 
Alh  *  Atg 


o  being  an  adjustable  corexanl,  taking  a  value  in  the  range 
0.15  to  0.25.  The  inviscid  time  step  involves  the  maximum 
eigenvalues  of  the  convccuve  Jaadiian  matrices,  equation  (50), 
for  the  edges  forming  the  cell 


kedges 

[  I  lJ,AYj  -  VjAXj  I  ♦  Cj/(AX,>  V  AYj‘) 
i  -  1 


where  a  is  an  adjustable  cofEtant  which  generally  is  set  to  a 
value  of  50.  Such  a  scaling,  based  on  the  magnitude  of  the 
turbulent  viscosity  coefficient  has  the  advantage  of  also 
operating  in  wake  regions  remote  from  the  aerofoil  surfaces. 


where  Cj  is  the  local  speed  of  sound  on  edge  i 

Ci’  •  Y  Pi  /  Pi  (5 

The  coreesponding  viscous  time  step  is  constructed  as  follows 


The  spatial  dtscretisatian  described  above  reduces  the  governing 
mean-flow  and  turbulence-transport  equations  to  a  large  system 
of  semi-discrctc  ordinaiy  diffeieMial  equaUons,  which  may  be 
written  as 

d^ 

-  -  Rk  (52) 


The  right-hand  side  of  this  system  represents  the  residual  enor 
(deviation  from  the  steady-state)  in  each  cell  k 


The  integration  in  time  of  equation  (52),  to  a  steady-state 
solution,  is  performed  using  an  explicit  multi-stage  scheme. 
Since  dme  accuracy  is  not  important  for  a  steady-state 
solution,  such  schemes  are  selected  only  for  their  properties  of 
stability  region  and  damping.  The  following  4-stagc  scheme  is 
adopted  for  the  present  work  (neglecting,  for  clarity,  the 
sufa^pt  k  denoting  a  particular  cell) 


kedges 

^  f  P  Pt 

Y  (T/Pi)  (AXj>  ♦  AYj>)  —  ♦  - 

i  .  ,  I  Pr  Pr, 


The  time  step  given  by  equation  (57)  is  then  multiplied  by  the 
CFL  number  for  use  with  the  multi-stage  scheme 

Atk  -  CFL  At*k  (61) 

Hie  major  ifisadvantagc  of  explicit  schemes  such  as  the  present 
one  is  that  the  magnitude  of  the  maximum  allowable  time  step 
is  restricted  because  of  the  limited  stability  region.  This 
restriction  can  be  alleviated,  to  some  extent,  by  marching  the 
solution  in  each  computational  cell  at  the  maximum  allowable 
local  time  step.  The  tiansietit  solution  is  then  not 
time-accuiale,  but  this  is  cf  no  concern  since  only  the  final 
steady-state  solution  is  of  intcresL 


C3anvergcnoe  to  the  steady-state  solution  can  be  further 
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■ocdeated  using  the  residual  smoothing  technique,  in  whkfa 
the  Rskhial  equation  (S2),  is  icfilaGcd  by  an  avenge  of 
the  readuats  of  the  neaghbouiing  cells 


(62) 


where  a  is  a  anoolhing  coeffidenl  and  V  *  is  defined  in 
equation  (47).  Note  that  the  smoolhmg  is  earned  out  implicitly, 
to  gain  the  mavimim  benefit  in  aecelented  oonvefgenee.  Since 
the  resulting  matnx  of  residunia  is  dUgonally-dominant,  for  the 
values  of  a  of  intenst,  this  implicil  system  can  be  solved  by 
petfotming  seveial  Xaoahi  itentians 


where  (•)  refen  to  the  unsmoothed  readual,  and  the  number 
of  ilentions  reqiiicd  to  establish  the  smoothed  rcsiduBl  is 
small  (a  common  value  is  2).  This  smoothing  technique  allows 
the  (TL  number  to  be  increased  to  2  or  3  times  the 
unsmoothed  value. 


Unstructured  computatianal  grids  cantiot  be  represented  in  the 
same  way  as  structured  grids  virithin  a  solution  algorithm,  since 
there  is  not  a  grid-point  matrix  in  which  the  neighbouring 
elcmeias  are  «l«n  neighbours  in  physical  space.  A  connoctivity 
matrix  is  required  for  isistructured  grids,  containing  all  the 
necessary  relationehips  between  cells,  celt-edges  and  vertices. 
Ttus  infonnatiao  is  accessed  in  an  indirect  way  by  the  flow 
solver,  so  the  choioe  of  an  optimal  data-stoiage  scheme  is 
important 

In  the  present  cell-centred,  finite-volume  fotmulation,  this 
connectivity  matrix  is  written  in  terms  of  cell  edges  rather 
than  the  cells  themselves.  This  allows  a  very  smple 
onc-dimenaonal  form  to  be  adapted  for  t)K  solution  algoritlun. 
The  various  algorithmic  operatians,  such  as  the  computation  of 
fluxes,  laimerii^  diaapadon,  time  step  etc,  can  be  written  in 
terms  of  a  angle  evaluation  for  each  edge  of  the  grid.  These 
quantities  are  then  accumulated,  with  the  appropriate  sign,  for 
tire  two  cells  associated  with  each  edge.  A  flow  solver 
structured  in  this  way  also  becomes  independent  of  the  actual 
shapes  of  the  cells,  enabling  the  mixing  of  triangular  and 
cpiadtilaletal  cells,  for  example.  It  was  initially  supposed  that 
there  may  have  been  an  advantage  to  using  quadrilateral  cells 
in  boundaiy-layer  regions,  particularly  when  uang  ample 
algcfanic  turfauhnee  models;  see  Weatherill  et  al^^.  This  has 

not  been  the  case  with  the  present  work,  involving  the  k-c 
turbulence  model,  and  the  results  presented  below  were  all 
generated  using  only  triangular  cells. 

The  unstructured  computational  grith  for  multi-element  aerofoil 
sections  are  generated  by  a  three-suge  procedure.  Histly, 
structured  quadrilateral  grids  are  generated  around  each  aerofoil 
component  in  isolation,  using  ample  algebraic  techniques.  The 
vertices  of  these  various  isolated  grids  arc  then  overlaid  and 
recormected  uang  a  suitable  algorithm,  to  produce  a  angle  grid 
consisting  of  triangular  cells.  In  the  present  work,  the 
Delaunay  algorithm  of  Wcatherill^^  is  us^  to  produce  the 

requited  connectivtty  information,  since  this  results  in  an 

optimal  triangular  g^  in  terms  of  cell-shape  regularity.  It  is 
ate  foimd  beneficial  to  apply  a  simple  Laplacian  smoothing  to 
the  grid  after  the  Delaunay  algorithm.  Tltis  approach  to  grid 
geneiation  ensures  high  quality  grids  in  the  vidraty  of  the 
aerofoil  surfaces,  which  is  necessary  for  the  adequate  resolution 
of  the  viscous  layers.  Grid  resolution  and  quality  can  be 
fimher  enhurced  by  refinement  of  t)«e  initial  grid,  whereby 
^lecified  cells  are  sub-divided  into  three  smaller  triangular 
cells.  In  general,  this  technique  is  required  to  improve 

resolution  of  wake  regions,  which  are  usually  not  well-aligned 
with  the  original  sttuctiued  grids. 


RE.st;iTS 


All  the  results  pcesented  in  this  section  were  computed  using  a 
fixed  set  of  flow  algorithm  parameters.  The  two  raimmical 
diaopadon  cocfficicnis  k(')  and  k(*),  equation  (49),  were  set 
to  0.6S  and  0.0043  respectively.  The  time-matching  scheme 
employed  local  time  steps  and  implicit  residual  smoothing,  with 
a  (3’L  taimfaer  of  4.0.  The  solution  was  conadered  to  be 
converged  when  the  average  denaty  residual  was  reduced  by 
fcair  onlers  of  msgrunair.  A  comprehenave  validation  and 
evaluosicn  of  the  taimetical  method  is  given  by  Stolcis^^. 
Typical  results  for  single-  snd  ouilti-elemenl  aerofoils,  st  both 
low-^)ecd  snd  ttsnsonic  flow  oondilians,  lie  presented  below. 


The  RAE  2122  aerofoil  haa  a  maxiiraun  thickncs^chord  ratio 
of  12.1%  aid  a  sharp  Hailing  edge.  Cock  et  ol^  presenl  an 
extenave  expctimenlal  study  of  this  sercfoil  in  the  8ft  x  6ft 
tramne  wind  tumei  at  RAE  Famhotou^  The  daa-aet 
inchideB  surface  pteosuic,  sitin  friction  and  imegial  thickneas 
ifiaiibulioas  is  well  as  mesn-vdocity  profiles,  a  a  laigc  of 
flow  conditions.  As  such,  it  is  one  of  the  mote  neatly 
complete  aetofcil  data-sets  and  has  been  ised  extensively  to 
validate  numerical  merhods  The  aerofoil  model  has  an  aspect 
ratio  of  3,  and  so  the  wind  tiamd  sidewalls  droukl  have  little 
influence  on  the  flow  developmcnL  Similarly,  the  tunnel 
heighl/aerafoil  chord  ratio  of  4  is  large  enough  for  lineaiiaed 
theory  to  be  uaed  to  determine  wind  nmel  oometians  far  the 
upper  and  lower  walls.  Experience  indicalcs  lha  computatians 
should  use  the  msmtfactured  rather  than  the  deagn  geometry, 
in  order  to  capture  correctly  features  of  the  surface  pressure 
distribution  in  the  leading-edge  region. 

Fig  3  shows  results  for  Case  9,  which  is  a  fully-attached 
transonic  flow  cenditien,  at  a  Mach  number  of  0.73,  a 
Reynolds  number  of  6.5  x  10^  and  a  corrected  incidence  angle 
of  2.79°.  Tiaisition  is  fixed  a  3%  chord  on  the  upper  and 
lower  surfaces,  in  accordance  with  experimenL  Two 
computatkais  are  shown  in  Fig  3,  for  the  high-Rcynolds 
number  k-e  turbulence  model  with  wall  fmetians  and  with  a 
ore-equation  near-wall  formulation.  Computatianal  grids  for  the 
two  cases  were  generated  by  direct  tiisngulation  of  C-type 
structured  grids,  the  two  grids  being  essentially  identical  away 
from  the  immediate  vicinity  of  the  aerofoil  aitface.  The  grid 
for  the  wall  function  compulation  consisted  of  23497  cells, 
ISS22  edges  and  8()00  vertices,  with  160  cells  adjacent  to  the 
surface.  The  cnc-cquation  near-woll  computation  employed  a 
more  refined  grid  consisting  of  25074  cells,  37849  edges  and 
12800  vertices,  again  with  160  cells  adjaccts  to  the  surface. 

Despite  the  different  ccmpulational  grids  and  tuibulcncc  models 
in  the  near-wall  region,  Hg  3  indicates  good  agreement 
between  Die  two  results  and  expetitnertt.  The  minor 
diseteponaes  around  tire  upper-surface  shock-wave  can  probably 
be  attributed  to  inadequate  grid  denaty  in  this  region. 
(Computed  lift  and  drag  coefficients  ore  0.827  and  00220  for 
the  wall  function  approach,  0.848  arsd  0.0225  for  the 
one-equation  near-wall  model,  compared  with  0.803  and  0.0168 
for  the  experiment.  Port  of  tire  over-picdictian  of  drag 
coefficient  is  slmoa  certainly  due  to  die  surface  pressure 
integration  with  an  insufficiently  fine  grid.  Stolcis  and 
lohnston^^  present  results  for  Case  10,  involving  shock-induced 
separation,  which  diow  a  sitnilar  level  of  agreement  for  the 
two  ncar-wall  fotmulations.  For  this  reason,  all  subsequent 
computations  preserded  are  based  on  the  wall  fiai^an 
approach. 


Fig  4  shows  the  geometry  for  the  low  speed  higbUft  NLR 
7301  acrofoil/tiailing-cdge  flap  configuration  of  van  den 
Berg^.  The  flap  angle  is  20°  md  computations  are  preserded 
for  the  larger  flap  gap  of  2.6%  of  the  referenoc  chord.  The 
experimeids  were  carried  out  in  the  NLR  3m  x  2m  low-speed 
wind  tunnel,  at  a  freestream  Mach  laimbcr  of  0.183  aral 
Reynolds  number  of  2.51  x  10^.  The  expOfiment  was 
transition-free,  but  transtion  was  fixed  for  the  computatians 
based  on  flow  visualisation  observations.  The  grid  shown  in 
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Rg  4  wm  gcnealed  by  Rat  ptodudiig  O-type  grids  around 
the  itJateid  •erofoil  oomponenls,  using  the  Ddaunay  algorithm 
to  re-Gomect  the  vcriioes  and  then  enriching  the  grid  in  the 
wake  region  of  die  main  aerofoil.  The  resulting  grid  oonsuted 
of  12299  cells,  18567  edges  and  6267  veatices,  with  120  and 
100  surface  cells  cn  the  main  .aenrfotl  and  flap  respectively. 

Computed  surface  pressute  distributians  for  incidence  angles  of 
O.ff’  and  n.!”  are  shown  in  Hg  5,  and  are  in  excellesS 
agreement  with  experiment  Upper  surface  mean-veladty 
profiles  on  the  main  aerofoil  and  flap  are  well-predicted  for 
the  6°  itMadenoe  angle  case,  Hg  6.  At  the  higher  incidence 
angle  of  13.1°,  the  displacemait  of  the  main  aerofoil  wake 
away  fiom  die  flap  surface  is  laalet-predicted  in  the  flap 
tniUng-edge  region.  This  can  be  pattially  attributed  to 
inadequate  grid  resolution  in  the  outer  wake  region.  However, 
it  is  likely  that  some  of  this  discrepancy  is  due  to  a  lack  of 
respcrae  of  the  k-e  tmfaulence  model  to  the  significant  flow 
curvature  present  at  tins  high-lift  condition. 

The  computed  bit,  drag  and  pitching  moment  coeffidents  are 
compared  with  experiment  in  Hg  7.  The  drag  is  condstcntly 
over-predicted  by  about  100%,  despite  the  apparendy  good 
surface  pressure  distributian  predictions  of  Hg  5.  The  liidted 
number  of  surface  cells  in  the  computational  grid  will  result  in 
a  rather  inaccuiate  integiation  for  the  diag,  however.  Hg  7(a) 
and  (c)  show  good  agreement  between  predetions  and 
experimeM  for  the  lift  and  pitching  moment  coeffident,  up  to 
the  experimentally-observed  stall.  The  computations  fail 
completely  to  preset  the  stall,  so  that  the  lift  continues  to 
increase  with  inddence  angle.  Davidson^^  has  observed  a 
amilar  reluctance  of  computations  to  predict  the  stall  of  a 
high-lift,  single-aerofoil  section  when  using  the  k-e  turbulence 
model.  This  inability  of  the  k-e  model  to  predict 
smooth-surface  flow  separation  is,  again,  associated  with  a  lack 
of  response  to  flow  curvature.  Recent  computations  by 
Stolds^,  employing  an  algdmic  Reynolds-sttcss  formulation 
with  the  k-e  model  (a  model  that  does  respond  to  flow 
curvature),  do  prcrfict  the  correct  stalling  behaviour  for  the 
NLR  7301  aerofoil/flap  configuration. 

SKF  1.1  WinglManeouvre  Flap 

The  SKF  1.1  aeiofdl/mameuvre  flap  configuration  of 
Stanewsky  and  Thibcit^^  was  chosen  to  evaluate  the  present 
computational  method  for  transonic  flow  corxlitions.  The 
data-set  consists  of  surface  pressure  distributions  and  integrated 
loads  only,  but  covers  a  wide  range  of  transonic  conditions  in 
a  systematic  manner,  from  fully-subcritical  flow  to  supercritical 
flow  with  shock-induced  separation.  Hg  8  shows  the  aerofdl 
with  a  25%  chord  manoeuvre  flap  d^oyed  at  a  deflection 
angle  of  10°,  this  being  referred  to  as  Cotifiguratian  5  in  the 
data  tepoit^^.  The  aerofoil/flap  combinatian  was  tested  in  the 
DFVLR  1x1  Meter  Transonic  TuhikI,  the  model  having 
tunnel  heighVchoid  and  widtiVchoid  ratios  of  5.  Such  a 
width/chord  tatio  should  have  minimised  the  influence  of  the 
wind  tuniKl  adewalls  on  the  aerofoil/flap  surface  pressure 
(fistributioiK. 

The  geometric  angle  of  incidence  a  has  been  corrected  for 
top-and-bottom  wall  interference  effects  following  the  procedure 
recommended  in  the  data  report  For  the  large  Uft  coefficients 
acineved  in  the  experiment  (in  excess  of  1.0),  this  amounts  to 
a  subsUndal  conection,  of  the  order  of  -3°.  The  integtated  lift 
coefficient  attd  pitching  moment  coeffiderx  about  the 
quarter-cfaoid  pond  Cj^t/4)  have  siinilariy  been  corrected  for 
wall-induced  streamline  curvature  effects.  The  drag  coefficient 
Cq  wm  measured  by  the  wake-traverse  techniquB  anl  so 
requiies  no  cotiection.  All  the  experiinents  were  cutied  oid  at 
a  ftcestream  Reynolik  manber  of  about  2.2  x  10^,  with  flee 
tiaimtion  on  both  aerofoil  demetss. 

Hg  8  rfiows  the  serofcil/manoeuvre  flap  geometry,  together 
w^  the  inrer  region  of  the  grid  used  in  the  compulationB. 
The  geometry  is  fully-represented,  with  the  main  setofoil 
eleaicsd  haviry  a  cut-out  in  the  cove  regian  into  which  the 
flap  can  retract  to  form  the  clean  SKF  serofml  sectioa  Both 
ser^cil  elements  also  have  blunt  liafling  edges.  Tcansitian  was 
fixed  on  both  aerofoil  elements  for  the  compulations,  at  3% 
mi  25%  chord  icsnectively  on  the  upper  and  lower  smfaces 


of  the  main  danem,  aial  at  the  leading  edge  on  the  flap. 
Although  the  experiments  involved  free  transiuotc  disturbances 
from  surface  pressure  tappings  were  likely  to  have  promoted 
transition  in  the  leading-edge  rcgiaiB,  at  least  un  the  upper 
surfaces. 

The  computational  grids  were  constructed  by  first  getteraung  a 
structured  grid  of  C-type  topology  around  the  basic  SKF 
section,  vrilh  outer  and  downstream  botxidarics  at  15  and  11 
chtMds  rcspectivdy  away  from  the  aerofoil  surface.  A  second 
C-type  grid  was  then  generated  arouvd  the  flap  clement,  but 
with  only  the  inner  regian  being  retained.  A  local  grid  was 
ocnatructed  in  the  flap  cove  region  of  the  main  aerofoil 
dement.  Finally,  the  vertices  of  these  three  sub-grids  were 
recomecied  to  form  triangular  computadonai  cells,  using  the 
Delaunay  algorithm.  The  resulting  grid  consisijd  of  9712  cells, 
14742  edges  and  5031  vertices,  with  140  and  100  cells  on  the 
main  aerofoil  aisd  flap  surfaces  respectively. 

Stolds  and  Johnston^  carried  out  a  wide-ranging  evaluation  of 
the  present  computational  method  for  this  particular  data-srt. 
Results  are  presented  here  for  a  range  of  increasingly  severe 
flow  conditions,  at  various  ftcestream  Mach  numbers  but  with 
a  fixed  incidence  angle.  Hg  9  compares  measured  surface 
pressure  disttibutians  with  predictions,  two  sets  of  computations 
being  rixAvn.  The  first  set  arc  for  the  nominal  experimental 
freest  tram  Mach  numbers,  and  agree  reasonably  well  with 
measurements.  The  second  set  of  compulations  include  a 
constant  increment  AM  -  -0.02  on  the  nominal  freesticam 
Mach  numbers.  Such  an  increment  is  consistent  with  solid  ani 
wake  blockage  effects  in  the  experiment  at  these  high-lift 
conditions.  Incluaon  of  the  Mach  number  increment  leads  to 
an  overall  improvement  in  the  predicted  surface  pressure 
distributions,  although  the  magnitude  of  the  presumed  AM 
appears  to  be  too  large  in  some  cases. 

Predicted  variations  of  Uft,  drag  and  pitching  moment 
coefficients  with  Mach  number  are  compared  with  experiment 
in  Hg  10.  The  dreg  levels  below  transonic  dreg  rise  conditiocB 
are  significantly  over-piedicicd,  and  this  is  attributed  mainly  to 
an  over-prediction  of  the  pressure  dreg  contribution  uf  tire  flap. 
Suction  levels  in  the  leading-edge  regian  of  the  flap  are 
critically  dependent  upon  the  shape  and  size  of  the 
recirculation  zone  in  the  flap  cove,  it  is  well  Imown  that  the 
k-(  turbulence  model  tcirds  to  predict  premature  re-attachment 
for  such  zones,  and  this  is  consistent  with  the  present 
imder-ptcdicticn  of  suction  levels  aroimd  the  flap  leading  edge. 
Inadequate  grid  resolutian  in  this  region  may  also  b  a 
contributory  factor,  however. 

An  overview  of  the  predicted  flowfield  for  a  typical  transonic 
flow  conihlion  is  given  1^  the  iso-Mach  num^  contours  in 
Hg  11(a),  which  are  smooth  despite  the  unstructured  nature  of 
the  computational  grid  Mean-vcl^y  vectors  in  the  flap  cove 
region,  Hg  11(b),  show  clearly  the  closed  recirculation  zone 
fanned  due  to  separation  from  the  sharp  edge  on  the  lower 
surface  of  the  cut-oU.  Note  that  the  flow  le-attadies  on  the 
inner  surface  of  the  flap  cove  upstream  of  the  upper  surface 
trailing  edge. 


CONCLUSIONS 


A  cornpntalional  method  to  predict  the  couipresable  viscous 
flow  development  around  multi-element,  high-lift  aenrfoils  has 
been  des^bed.  Solution  of  the  Reytxrlds-aveiii^ 
NavierStokes  equations  in  conjunction  with  the  two-etpration 
k-«  luibulence  model  gives  a  basic  capability  for  dcalii^  with 
the  complex  flow  phyacs  of  such  hi^-Uft  systems.  Similariy, 
the  use  of  unstructured  computational  grids  allows  the  method 
to  be  used  in  an  essentially  routine  fashion  for 
fiilly-repiBsentative,  closely-coupled  configurations.  The  method 
hss  bem  evaluated  for  low-speed,  hi^-Uft  configurations  and 
for  angle-  and  mutti-element  aerofoils  at  uarBonic  flow 
conditianB.  The  results  achieved  to  date  are  encouraging,  but 
indiGate  hmitations  in  quantitative  accuracy  due  to 
tuibuienGe-modellit%  deficiencies  a  the  k-r  level.  In  particular, 
the  lack  of  response  of  the  model  to  flow  curvature  is  a 
serious  problem  for  picthctions  near  maximum-lift  conditions 
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and  the  subscquenC  stall.  Worit  is  underway  to  implement  a 
dilTeRnlial  stress  mcxlel  into  the  method,  solving  modelled 
teanspoct  equations  for  the  Reynolds-stnas  components 
thonselvcs,  to  overcome  these  limitatians.  Also,  the  grid 
genention  procedure  needs  to  be  more  automatic,  and 
preferably  adaptive  to  the  flow  within  the  time-stepping 
scheme. 
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SUMMARY 

Al  the  DLR  Institute  for  Design  Aerodyna- 
mi's  current  research  in  the  aiea  of  high 
lift  aerodyna.T.ics  is  directed  towards  the 
development  of  a  computational  analysis 
capabiiity  for  high  lift  systems.  The 
Navier-StoRes  equations  are  solved  with  a 
multigrid  method  based  on  central  spatial 
differencing  and  Runge-Kutta  time  stepping. 
Two  particular  problems  are  addressed  in 
this  paper.  The  first  concerns  the  calcula¬ 
tion  of  maximum  lift  for  a  single  airfcil 
and  a  clean  wing  configuration.  The  accura¬ 
cy  of  the  basic  structured  flow  solver  is 
investigated  by  comparing  the  results  with 
experimental  data  for  two  test  prcblem.s  and 
several  flow  conditions.  Emphasis  is  placed 
on  the  sensitivity  of  the  computed  solution 
associated  with  turbulence  modelling.  The 
second  aspect  dealt  with  in  the  present 
paper  concerns  the  extension  of  the  numeri¬ 
cal  method  to  multi-element  airfoils.  Both, 
the  block-structured  and  the  unstrucutred 
grid  approach  are  investigated  in  order  to 
explore  their  specific  merits  and  iimita 
Cions.  Detailed  comparisons  of  the  struc¬ 
tured  and  unstructured  approach  are  pre¬ 
sented  for  low  Reynolds'  nurrbier  laminar 
viscous  flows  around  a  single  airfoil,  and 
for  the  inviscid  flow  around  a  multi¬ 
element  airfoil. 

LIST  OF  SYMBOLS 

normal  force  coefficient 

lift  coefficient 

c^.Cq  drag  coefficient 

c  surface  pressure  distribution 

P 

E  specific  total  energy 

F  censor  of  flux  density 

n  unit  vector  of  outward  normial 

M  Mach  number 

u,v,w  Cartesian  velocity  components 
Re  Reynolds  number 

V  control  volume 

3V  boundary  of  control  volume  V 

a  angle  of  attack 

n  spanwise  section 

p  density 


1 .  INTRODUCTION 

In  the  development  of  new  aircraft  the 
design  of  high  lift  systems  for  low  speed 
take-off  and  landing  capabilities  is  per¬ 
haps  one  of  the  most  complicated  aerodyna¬ 
mic  problems.  The  flow  around  high  lift 
configurations  is  characterized  by  many 


different  inviucid  and  v.;,.:.  r.  .v 
I  see  e  .  g  .  -ill.  [  2 1  l  .  in  p  a :  1 1 c  -  .  j :  , 
existence  of  significant  regtcr.s  ;  .joi  -.:  a 
ted  flow  and  of  strong  waxe  r  r..i :  ,  .n/o: 

interference  distinguishes  t.ne  h.j:. 
airfoil  problem  from  the  aer  ody.'.a: 
being  faced  at  .,-r  uise  cor'.d:  t .  r.s 
cess  f  ui  des  *gri  c  t  f  u t  J  r  e  e  I  f  .  ‘ 
lift  devices  wil  ■  largely  la-ly  ■  .i  :  '  '  'f-r 
understanding  of  the  has:,- 
achieve  this.  toth  :rpr-.'.ei  ex  . 

.lad  theoretica.  predicticr.  ■  e.:.:.:  .:e 
required . 

At  the  DLR  Institute  for  les.gr.  A-,  . -.a 
nics  a  n-m.erical  procedure  lur  an  t  , 
high  lift  conf  igurat  ior;s  is  curre:.-., 
u.hder  development.  The  cethu-i  -s  .-  i.-,-- -. 
the  solution  of  the  mass  aver  j.ie  i  c.' .  t  ; 
Stokes  equations  using  a  cer.rrul  .  r  -.c  .  3. 
discretization  and  kunge -Kut  t  i  .'ig 

ping  schem.e.  Rapid  convergen.re  :  c  .1 
by  the  use  cf  various  acce  .e  •  .u  :  i.r. 
niques.  in  particular  3  m^i'..gr;u'.  ,1.;... 

rithm.  The  tasic  solver  .t.as  bee;:  api;i..ej  • 
a  variety  of  flow  problez.s  .nc.  .d;;.  i  ;::..ie 
span  wings  ar:.;  wing  body  0 or.:, .  1,  : v  .  ..  n 
i3-5]  . 

In  the  present  p.;iper  two  par  t.  .:l  .ir  lo'pe  ;', 
of  Cf.e  code  deve lop.m.ent  for  nigh.  .o.:. 

figurations  .ire  addressed.  Firstly,  •  .ne 
capabillty  of  the  Nav;  er  -  Sto.xes  si'lver  ro 
predict  the  .maximium  lift  cf  a  s;.".gio-  a ;  ; 
toil  and  a  wing  is  invest  .gated ,  Fur  tins 
analysis  a  structured  grid  approa..-;-;  In.is 
been  used.  Comparisons  of  theoretica:  re 
suits  obtained  with  different  turl’u  ler.ce 
models  and  experimental  data  are  p  r  eser.'.ed  . 
ileccndly.  the  extension  of  the  oa.sic  I  i  ow 
solver  to  treat  m.ul  t  i-element  airlc..:;  is 
discussed.  Although  substantial  p.'ogre.ss 
has  been  made  in  tne  development  ,:f  effec 
tive  algorithm.s  foi  solving  the  Mav.er- 
Stokes  equations,  very  often  tr:e  .Se  of 
these  methods  for  practical  applications  is 
limited  due  to  deficiencies  in  grid  genera 
•ion.  Today  the  generation  of  an  appro 
priate  grid  around  complex  aerodynamic 
geometries  such  as  high  lift  cenf i gur at  ions 
continues  to  be  a  major  obstacle.  For  the 
treatment  of  multi-element  airfoils  msainly 
two  approaches  have  been  used  in  the  lit¬ 
erature,  namely  the  block  structured  grid 
concept  (see  e.g.  [61)  and  the  unstructured 
mesh  approach  (see  e.g.  (71).  At  DLR  cur¬ 
rently  both  approaches  are  being  investiga¬ 
ted  in  order  to  explore  and  assess  their 
merits  and  limits.  First  results  of  these 
investigations  are  shown  here.  The  studies 
presented  in  this  paper  appear  to  be  neces¬ 
sary  steps  towards  .he  developoment  of  an 
accurate  and  efficient  computational  proce¬ 
dure  for  high  lift  configurations. 


2.  DESCRIPTION  OF  NUMERICAL  METHODS 
The  governing  equations  are  the  mass- 


: tr.e  ve.::..:;;  jor.servoJ  var  i. 

quant  1  Lies  a,  u,  v,  w  and  F.  denote  tne 
density,  the  Cartesian  velocity  components 
and  the  spec i tic  total  energy.  V  represents 
an  arbitrary  control  volurr.e  wi'h  r'Oir.  rary 
jV  and  outer  roirmal  n.  The  Jetini’ion  ot 
the  t  1  ux  density  tensor  F  is  jiven  in  [3!  . 
Che  equation  of  state  for  pierfe-.o  gas  is 
used  to  calculate  pressure  and  temper  at ure . 
Che  :a.T.i.nar  viscosity  is  assumed  to  ted  Ic.^ 
an  e.mpirical  power  law.  In  ti'.e  case  of 
tt-rbulent  flows  the  laminar  vise  city, 

IS  replaced  by  and  the  heat  c-:;d^,'t*- 

V  1  t  v  p F  r  IS  replaced  by  U'Pr  •  u,/?r,. 
wneie  tf:e  eddy  viscosity  u^  -  an.d  tr.^r  turt.vi” 
lent  Pran.its  numier,  Pr.,  are  prov.ded  by  a 
turfculehce  ,mo,jel  .  I.n  the  present  worx  'he 
turbulence  models  of  Baldwin- Lo.tax  !S;  an.d 
Jchnson-King  19:  are  used.  The  Baldwin- 
Lomax  model  is  an  algebraic  model  wnich 
relates  the  eddy  viscosity  to  the  local 
m.aximum.  of  vorticlty.  This  equilibrium 
model  IS  widely  used  for  computing  attached 
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2 . 1  Structured  Method 


The  ba=^ic  flow  solver  (DLR-code  CEVCATS) 
'3,10,111  is  a  finite  volume  method  based 
on  structured  grids.  The  numerical  approxi¬ 
mation  of  Eq  (1)  follows  the  .tethed  of 
lines,  which  decouples  the  discretization 
in  space  and  time.  The  physical  domain 
around  the  aerodynam.ic  body  is  divided  into 
hexahedral  cells  by  the  generation  of  a 
body-fitted  grid,  The  discrete  values  ot 
the  flow  quantities  are  located  at  the 
vertices  of  the  computational  mesh  cells. 
The  cells  si' r rounding  a  vertex  form  a  super 
cell.  The  rate  of  change  of  mass,  momentum 
and  energy  associated  with  a  cell  vertex  is 
obtained  by  summing  up  the  fluxes  through 
the  outer  boundary  of  the  super  cell.  The 
flux  through  a  boundary  segment  is  obtained 
by  averaging  the  quantities  at  its  corner 
points.  It  can  be  shown  fl2I  that  this  cell 
vertex  discretization  scheme  is  first-order 
accurate  if  the  distribution  of  the  seg¬ 
ment-normal  vector  is  smooth  over  the  seg¬ 
ment,  and  if  the  cell  faces  do  not  degene¬ 
rate  to  triangles.  On  smoothly  varying 
meshes  the  discretization  is  second-order 
accurate.  The  viscous  fluxes  contain  first 
derivatives  of  the  flow  variables.  They  are 
computed  using  a  local  transformation  from 
Cartesian  coordinates  to  the  curvilinear 
coordinates.  Details  are  given  in  (31.  In 
the  present  code  the  thin  layer  approxima¬ 
tion  is  employed  in  which  the  viscous 
fluxes  take  into  account  gradients  in  the 
direction  normal  to  the  body  and  in  span- 
wise  direction  only. 

Since  the  spatial  discretization  is  based 
on  central  differencing,  dissipative  terms 


ot  tr.e  lUiUib .  ;iu  : 

c  Vi  ,rd  dilate  syut,';?.  .nil  .i  ■  v.  .  r  :  v  v  .  .  : 
..:ell  aspect  r.uMc. 

The  spatial  discret  i  z  a'  ; . : -'.-u  I  •  ; 

syste.m  of  ordinary  d  1 1  te :  er: i .  ei.c  i 
in  time  which  is  advanced  i:.  •  ;  y  j.v 

explicit  multi-stage  scheme.  r  t:,. 
ticnai  efficiency,  the*  ;,nyei  u.  vn  ■ 
terms  are  ccmpi.te.i  on  tne  iiisi  ije  .v.*y 
and  they  are  trozeri  t  vi  tne  ;  t-m  .  r.  .  ;  ; 
stages.  Since  current  i  .n "  e :  e  s  r.  .s  ; 
on  steady  flow  fields,  various  '.t-.-n:.. 
are  used  to  accelerate  '.he  erge;.,;-..  ■. 

steady  st,ite.  With  :ccal  ;  i.-e  .n.'i  ’’i 

maxim, urn  allowable  time  .I'.ep  ;  '  ;r 

each  cell  to  advance  tiie  scl..r;  c:  . 
Implicit  smoothiing  of  .ne  i  ei:  i 'i.i  .i .  s  .  .v 
employed  to  extend  the  stability  roqi  .  ; 
tne  basic  explicit  mult. stage  sc;. ere,  ..h  i.-; 
variable  s.m.oothing  coefficients  is  i  f  .n- 
tion  cf  the  ceil  aspect  ratio  an:;  ;  ■  .re 

step  can  considerably  improve  tr.e  .ia.m;.. ;  ng 
properties  of  the  schem.e  for  .nign  i::pr-:- 
ratio  cells  13;  .  Finally,  a  1 1  .  :  r  ;  d 
method  according  to  !15]  i ;;  im.pleme.’.' i .  A 
sequence  of  successively  coarcser  .-.cinhe.s  ; 
used  to  efficiently  damp  ,.;ut  errors 
throughout  the  frequency  spectrum  simulta¬ 
neously.  Duo  to  the  less  rest  r  ;  cf  i  ve  time 
step  limitations  and  L.he  .smaiiot  nu.t.ber  of 
points  on  the  coarse  meshes,  the  I i  :.r: 
can  be  advanced  much  more  rapidly  '  m 

The  code  CEVCATS  allows  multibiock  deco.mpo- 
sition  ot  the  computational  dorr;air.  illl 
which  is  important  to  treat  corr.plex  air¬ 
craft  geometries  such  as  high  lift  icyct:  emu' . 
Considerable  effort  has  been  m.ade  to  :,'eve- 
lop  efficient  multigri-d  strateg.es  f-nr 
multiblock  computations  1161. 

2 . 2  Unstructured  Method 

In  order  to  explore  the  capabilities  and 
limits  of  the  unstructured  grid  approach, 
the  basic  solution  method  described  above 
has  been  extended  to  allow  computations  on 
unstructured  meshes.  Following  the  -work  of 
Mavripilis  [17.18]  a  two-dimensional  Euler/ 
Navier-Stokes  code  has  been  developed 
[19.201  which  uses  control  volumes  formed 
by  triangular  elements  (see  Fig  lb)  .  The 
numerical  scheme  for  the  solution  of  the 
full  mass-averaged  Navier-Stokes  equations 
uses  a  spatial  discretization  employing  a 
lalerkin  finite  element  formulation.  De¬ 
tails  are  given  in  [20! .  The  process  is 
equivalent  to  a  finite  volume  approximation 
for  regular  triangular  meshes.  As  in  the 
structured  algorithm  artificially  construc¬ 
ted  dissipative  terms  have  to  be  added  to 
provide  background  dissipation  and  to  allow 
shock  resolution.  In  the  case  of  unstruc¬ 
tured  meshes  the  artificial  dissipative 
operator  is  constructed  as  a  blend  of  an 


undivided  Laplacian  and  a  binarmonic  opera¬ 
tor  [IT].  For  Navier-Stolces  calculations 
the  dissipation  model  is  modified  according 
to  Mavripilis  1181  in  order  to  take  into 
account  the  high  aspect-ratio  cells  resent 
in  the  boundary  layer  and  wake  regions.  For 
advancing  the  solution  with  respect  to 
time,  an  explicit  five  stage  Runge-Kutta 
scheme  is  used.  As  in  the  structured  scheme 
convergence  acceleration  is  achieved 
through  local  time  stepping,  implicit  resi¬ 
dual  smooching,  and  a  multigrid  .method.  In 
order  to  improve  the  accuracy  and  efficien¬ 
cy  of  the  numerical  procedure,  a  local  grid 
adaptation  procedure  has  been  implemented. 
Important  flow  features  are  well  defined 
and  the  overall  efficiency  of  the  unstruc¬ 
tured  scheme  is  not  adversely  effected  by 
the  adaptation  procedure.  The  adaptation 
technique  has  been  originally  developed  for 
application  to  Euler  solutions  [19]  and  has 
to  be  extended  to  be  applied  efficiently  to 
viscous  flows.  A  detailed  description  of 
the  current  i.mplementation  of  the  2-D  un- 
st''uccured  Navier-Stokes  solver  is  given  in 

[2o; . 


3  .  COMPL’i.ATIOM  OF  MAXIMUM  LIFT 

The  structured  Navier-Stokes  solver  des¬ 
cribed  here  lias  been  applied  to  a  wide 
variety  of  two-  and  three-dimensional 
fiOws.  This  paper  addresses  the  capability 
of  the  Navier-Stokes  solver  to  predict 
maximum  lift.  Since  so  far  no  turbulence 
model  has  been  implemented  in  the  unstruc¬ 
tured  solver,  this  investigation  is  re¬ 
stricted  to  the  structured  algorithm. 

3 . 1  NACA  0012  Airfoil 

As  a  first  test  case  the  two-dimensional 
flow  around  the  NACA  0012  airfoil  has  been 
calcinated  for  two  Reynolds  numbers  Re  = 
3-10°  and  Re  =  9  •10°  and  for  Mach  numbers 
bf  tween  =  0.3,  and  M^  =  0.7  (211.  For 
t  lese  flow  conditions  experimental  results 
Of  Harris  [22)  exist.  For  the  computation  a 
c  wype  grid  with  385x65  grid  points  has 
been  used.  Fig  2  shows  the  grid  structure 
in  the  vicinity  of  the  airfoil.  Two  slight¬ 
ly  different  grids  have  been  generated  for 
the  two  Reynolds  numbers.  While  the  distri¬ 
bution  of  the  grid  points  along  the  surface 
remains  constant  both  casej^  the  first 
spacing  is  1.5-10''°-c  and  l-10~°-c  for  Re  = 
3-10°  and  Re  =  9- 10°,  respectively,  where  c 
denotes  the  chord  length  of  the  airfoil.  As 
in  the  experiment  the  transition  from  lami¬ 
nar  to  turbulent  has  been  fixed  to  5%  of 
chord  length  in  all  calculations.  For  tur¬ 
bulent  flow  computations  the  Johnson-King 
turbulence  model  has  been  used. 

Fig  3  shows  the  computed  drag  polars  for 
M„=  0.3  and  M„=  0.55  at  Re  =  3-10^  (see  Fig 
3a)  as  well  as  for  M„=  0.55  and  M„=  0.7  at 
Re  =  9'10°  (see  Fig  3b).  The  experimental 
results  of  Harris  are  also  displayed,  it 
has  to  be  mentioned  that  in  order  to  allow 
a  comparison  -.'ith  experimental  data  the 
normal  force  coefficient  has  been  plotted 
instead  of  the  more  usual  lift  coefficient. 
The  normal  force  coefficient  c^^  is  defined 
as 

^n  ~  ‘-1  '^d 

where  a,  Cj^.c^  denote  the  angle  of  attack, 
the  lift  coefn.cient,  and  the  drag  coeffi¬ 
cient,  respectively.  At  lower  angles  of 
attack  good  agreement  of  computations  and 


measurements  is  obtained  for  ail  Reynolds 
number  and  Mach  number  com!  inacions .  Ir.  Che 
vicinity  of  the  normal  force  maximum  the 
theoretical  results  obtained  with  the 
Johnson-King  m.odel  show  discrepancies  to¬ 
wards  higher  drag  coefficients  as  compared 
to  the  experimental  data.  It  can  be  said 
that  considerable  differences  between  com¬ 
putations  and  measurements  become  apparent 
when  substantial  flow  separation  occurs. 
The  best  agreem.ent  between  theory  and  ex¬ 
periment  is  ODtained  for  M„  =  0.3  for  the 
low  Reynolds  number.  This  may  be  due  to  the 
fact  that  for  these  conditions  only  s.mali 
domains  of  flow  separation  exist,  Ttie  sa.me 
trend  cat.  ha  seen  in  Fig  4  where  the  normal 
force  coefficient  is  plotted  versus  tne 
angle  of  attack.  In  this  figure  also  ex¬ 
perimental  data  with  wind  tunnel  correc¬ 
tions  [221  are  displayed.  Fig  5  shows  the 
convergence  history  for  some  selected  cal¬ 
culations.  For  low  angle  of  attack  around 
80  mulcigrid  cycles  are  required  to  achieve 
a  residual  reduction  of  4-5  orders  of  mag¬ 
nitude.  Note  that  with  respect  to  the  lift 
coefficient  sufficiently  converged  solu¬ 
tions  are  obtained  within  40  multigrid 
cycles.  In  the  vicinity  of  maximum  lift  the 
efficiency  of  the  Navier-Stokes  solver 
somewhat  decreases. 

3 . 2  Wing-Body  Combination 

The  second  test  case  used  in  this  analysis 
is  the  DLR-F4  wing-body  combination  con¬ 
sisting  of  a  transonic  wing  of  high  aspect 
ratio  and  a  fuselage  of  Airbus  type.  The 
DLR-F4  wing-body  configuration  was  used 
within  GARTEUR  for  experimental  studies  of 
3-D  transonic  flow  fields.  An  extensive 
data  base  of  surface  pressure  distributions 
and  total  forces  is  available  for  a  range 
of  transonic  Mach  numbers  and  angles  of 
attack.  Fig  6  shows  the  geometry  of  the 
configuration  [231.  The  computational  grid 
generated  by  transfinite  interpolation  is 
of  C-H  topology,  that  is  C-type  in  stream- 
wise  direction  and  H-type  in  spanwise  di¬ 
rection.  The  grid  contains  a  total  of  259 
points  in  the  streamwise  direction,  59 
points  in  the  direction  normal  to  the  wing 
surface  and  59  points  in  spanwise  direc¬ 
tion.  The  clustering  of  the  grid  lines  in 
direction  normal  to  the  surface  is  suffi¬ 
cient  to  produce  the  non-dimensional  wall 
coordinate  y'*'  to  be  less  than  unity  in  the 
cells  adjacent  to  the  solid  surface. 

This  configuration  has  been  analyzed  exten¬ 
sively  using  the  3-j  structured  Navier- 
Stokes  solver,  and  detailed  results  are 
given  in  [51.  Comparisons  of  computed  and 
measured  total  lift  coefficients  versus 
angles  of  attack  for  three  Mach  numbers, 
M„=  0.6,  M„=  0.75,  and  M,„  -  8  are  presented 
in  Fig  7 .  The  Reynolds  ^umber  based  on  the 
mean  chord  is  Re  =  3- 10°.  Calculations  have 
been  performed  with  three  different  turbu¬ 
lence  models,  the  original  Baldwin-Lomax 
model,  a  modified  Baldwin-Lomax  model  ac¬ 
cording  to  Kays  [24] ,  and  the  Johnson-King 
model.  In  the  computation  transition  was 
fixed  on  the  upper  wing  surface  at  15%  of 
the  local  chord  and  on  the  lower  surtace  at 
25%  chord.  On  the  upper  surface  of  the  wing 
at  the  wing  tip  and  the  wing  body  junction 
as  well  as  for  the  whole  fuselage  the  flow 
was  considered  fully  turbulent. 

The  agreement  is  quite  satisfactory  even 
beyond  the  onset  of  buffet.  Up  to  buffet 
onset  no  difference  can  be  found  between 
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ferences  between  the  predicted  results  for 
this  case  and  those  for  T1  are  larger  than 
those  between  T1  and  T2.  The  pressure  coef¬ 
ficient  distributions  shown  in  Fig  13  exhi¬ 
bit  only  small  differences  when  compared  to 
the  structured  grid  results.  This  is  true 
fcr  each  of  the  meshes  used  by  the  unstruc¬ 
tured  technique.  Case  T2  exhibits  a  jumb  in 
the  pressure  distribution  at  the  trailing 
edge  of  the  airfoil.  The  reason  for  this  is 
again  the  unbalanced  dissipation  stencil  on 
the  line  of  symmetry  for  this  mesh.  This 
analysis  shows  that  generally  the  accuracy 
of  the  unstructured  algorithm  is  comparable 
with  that  obtained  using  the  structured 
grid  approach,  provided  an  unstructured 
grid  without  distorted  cells  is  used. 

4 . 2  Inviscid  Flow  around  Two-Element 
Airfoil 

As  a  second  test  case  in  order  to  investi¬ 
gate  the  capabilities  of  both  structured 
and  unstrucutred  methods  for  the  applica¬ 
tion  to  high  lift  configurations,  the  in¬ 
viscid  flow  around  a  Karman-Tref f tz  airfoil 
associated  with  a  flap  has  been  chosen.  The 
main  airfoil  is  at  zero  incidence,  and  the 
flap  is  deflected  by  30”.  The  Mach  number 
is  0.15.  Fig  14  shows  a  global  view  of  the 
computational  meshes  used  for  the  struc¬ 
tured  and  unstructured  scheme,  respective¬ 
ly.  The  mesh  used  for  the  structured  method 
consists  of  3  computational  blocks,  a  c- 
type  block  around  each  component,  and  a 
global  C-block  containing  the  component 
blocks,  as  can  be  seen  in  Fig  14.  On  the 
surface  of  the  main  airfoil  144  cells  are 
located,  and  112  cells  on  the  flap.  In  the 
unstructured  mesh,  the  main  airfoil  surface 
is  represented  by  128  points  and  the  flap 
by  100  points.  Fig  15  gives  a  view  of  the 
computed  lines  of  constant  Mach  number  for 
the  structured  and  unstructured  scheme, 
respectively.  Both  solutions  are  qualita¬ 
tively  as  well  as  quantitatively  in  good 
agreement.  Note  that  in  the  display  of  the 
structured  results  the  block  boundaries  are 
also  indicated  by  bold  lines.  The  lines  of 
constant  Mach  number  pass  smoothly  over  the 
boundaries.  In  Fig  16  a  close-up  view  of 
the  passage  between  main  airfoil  and  flap 
is  given.  Note  that  on  the  structured  mesh 
a  grid  discontinuity  is  located  on  the 
lower  surface  of  the  main  airfoil  in  the 
trailing  edge  region.  Fig  17  shows  the 
corresponding  flow  field  computed  with  both 
schemes.  The  solutions  agree  quite  well  in 
this  region,  too.  In  Fig  18  the  computed 
pressure  distributions  of  both  approaches 
are  compared.  On  the  main  airfoil  the  re¬ 
sults  of  structured  and  unstructured  method 
almost  coincide.  Only  on  the  lower  surface 
close  to  the  trailing  edge,  the  structured 
solution  shows  a  discontinuity  in  the  slope 
of  the  pressure  distribution  due  to  the 
mesh  singularity  located  there.  This  dis¬ 
turbance  has  however  no  effect  on  Che  glo¬ 
bal  solution.  On  the  upper  surface  of  the 
flap  the  unstructured  scheme  yields  lower 
pressures  than  the  structured  approach. 
This  is  in  better  agreement  with  the  analy¬ 
tical  solution,  as  shown  in  [19] .  The  rea¬ 
son  for  this  slight  deficiency  of  the 
structured  solution  may  be  found  in  the 
high  aspect  ratio  cells  in  this  region, 
which  are  known  to  degrade  the  accuracy  of 
the  method  for  inviscid  flows.  This  is  also 
indicated  by  the  slope  of  the  iso-Mach 
lines  in  Fig  17,  since  the  Mach  lines  of 
the  structured  solution  do  not  intersect 
the  upper  surface  of  the  flap  as  perpendi¬ 
cularly  as  in  the  unstructured  solution. 
The  convergence  behavior  of  both  schemes  is 


given  in  Figs  19a  and  b.  For  both  sche.T>es 
computations  have  been  carried  out  with  and 
without  multigrid  acceleration.  In  case  of 
the  structured  method  Full  Multigrid  was 
used  to  establish  a  reasonable  starting 
solution  on  the  finest  mesh,  and  a  4-levei 
W-cycle  has  been  used  on  the  finest  mesh. 
In  the  unstructured  computations,  a  4-level 
V-cycle  was  used.  In  the  unstructured  ap¬ 
proach  the  point  distribution  on  the  coaser 
meshes  is  independent  from  the  distribution 
on  the  finer  meshes,  whereas  in  the  struc¬ 
tured  scheme  each  point  on  a  coarser  mesh 
is  represented  on  the  finer  mesh.  This  may 
limit  the  possible  number  of  grid  levels, 
but  careful  grid  generation  can  circumvent 
these  limitations.  The  convergence  proper¬ 
ties  of  both  schemes  are  very  si.milar.  For 
single  mesh  computation,  about  1500  time- 
steps  were  necessary  to  decrease  the  resi¬ 
duals  to  10'^.  With  multigrid,  for  the 
structured  method  100  cycles  on  the  coarse 
mesh  and  150  cycles  on  the  finest  mesh  were 
needed,  whereas  in  the  unstructured  scheme 
about  250  cycles  on  the  finest  m.esh  were 
used,  starting  directly  on  the  finest 
mesh . 


5 .  CONCLUSION 

Two  particular  aspects  of  the  development 
of  a  computational  procedure  for  high  lift 
aerodynamics  have  been  presented.  Navier- 
Stokes  calculations  on  structured  meshes 
have  been  carried  out  to  predict  maximu.m 
lift  in  the  case  of  a  single  airfoil  and  a 
wing  without  high  lift  devices.  Using  the 
Johnson-King  turbulence  model  good  agree¬ 
ment  between  theoretical  results  and  ex¬ 
perimental  data  has  been  achieved  for  very 
high  angles  of  attack.  Rapid  convergence  to 
steady  state  has  been  obtained  due  to  the 
multigrid  method,  making  this  solution 
method  attractive  for  engineering  applica¬ 
tions  . 

The  scope  of  the  applications  underlined 
the  flexibility  of  the  method,  and  compari¬ 
son  with  experimental  data  demonstrated  the 
capability  of  the  basic  CEVCATS  code  for 
maximum  lift  flows.  The  second  aspect  of 
the  investigations  was  a  direct  comparison 
of  a  structured  and  an  unstructured  algo¬ 
rithm.  Calculations  of  the  laminar  flow 
around  the  NACA  0012  airfoil  showed  very 
good  agreement  of  the  results  obtained  from 
both  strategies.  However,  computations  on 
different  triangular  meshes  where  always 
the  same  structured  mesh  was  used  as  basis 
for  the  triangulation,  showed  a  dependency 
of  the  solution  on  the  mesh  quality.  For 
structured  meshes  the  influence  of  the  mesh 
quality  on  the  solution  is  a  well  known 
fact.  In  case  of  unstructured  schemes  cri¬ 
teria  for  the  necessary  mesh  quality  are 
not  that  well  established,  and  the  computa¬ 
tions  carried  out  in  this  study  indicate 
that  mesh  quality  is  a  critical  issue  also 
for  unstructured  schemes.  As  a  more  complex 
test  case  the  Inviscid  flow  around  a 
Karman-Tref ftz  airfoil  with  deflected  flap 
was  chosen.  Again  the  solutions  of  both 
schemes  agreed  well  with  each  other.  For 
the  structured  scheme,  a  slight  deficiency 
occurred  at  the  mesh  singularity  located  on 
the  airfoil  surface,  the  effect  was  however 
only  local.  More  sophisticated  mesh  genera¬ 
tion  techniques  will  remedy  this  problem. 
Convergence  properties  of  both  schemes  were 
also  comparable,  and  the  time-lag  between 
different  blocks  in  the  structured  approach 
caused  no  disadvantages  with  respect  to  the 
unstructured  method. 
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The  results  from  the  investigations  carried 
out  in  this  study  indicate  that  for  both, 
structured  and  unstructured  schemes,  mesh 
quality  is  the  key  issue  for  accurate  solu¬ 
tions.  Assuming  a  sufficiently  sophisti¬ 
cated  mesh  generation  system,  the  block- 
structured  approach  appears  as  feasible  as 
the  unstructured  approach  for  the  applica¬ 
tion  to  complex  configurations.  With  this 
argument  and  taking  into  account  the  uncer¬ 
tainties  of  unstructured  methods  with  re¬ 
gard  to  three-dimensional  viscous  flows,  at 
the  present  time  high  lift  activities  at 
DLR  are  geared  towards  more  effective  and 
more  flexible  grid  generation  methods  for 
block  structured  flow  codes. 
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Fig.  12  Comparison  of  isobar  contours  for  NACA  002  airfoil 
Re  =  500,  =  0.8,  a  =  10". 
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Fig.  16  Enlarged  view  of  structured  and  unstructured  grid 
around  Karr'an-Tref f tz  airfoil  at  flap  region. 
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Fig.  17  Iso-Mach  lines  for  Karman-Tref f tz  airfoil  at  flap 
region,  M„=  0.15,  a  =  0°,  AM  =  0.02. 
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Fig.  19  Convergence  histories  for  Karman-Treff tz  airfoil  with 
and  without  multigrid  acceleration. 
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SUMMARY 

Solution  of  the  Reynolds  averaged  Navier  Stolces  equations 
is  obtained  to  simulate  the  flow  field  around  a  13% 
thickness  super-critical  airfoil  slat/blown  fiap  high-lift 
system.  A  stacked-C  mesh  topology  is  used  m  conjunction 
with  the  slat  and  the  flap  trailing  edge  streamlines  and 
adapted  to  accurately  locale  the  strong  viscous  flow 
regions.  A  previously  modified  PARC2D  implicit  ADI 
solver  is  employed  whereby  the  multiply  connected 
boundary  value  problem  can  be  treated  with  a  single 
computation  zone.  A  modelled  injection  boundary 
condition  was  demonstrated  to  connect  transient  flap  wake 
vortices  downstream  of  the  computational  domain.  The 
converged  surface  pressures  and  the  values  of  the  lift 
coefficient  are  compared  with  the  wind  ninncl  data  at  Moo  = 
0.17,  Re  =  3.4  M  for  momentum  injection  coefficients  of 
=0.01  and  =  0.04.  respectively. 

1.  INTRODUCTION 

The  development  of  analytic  and  numerical  techniques  is 
important  for  the  design  and  analysis  of  a  high-lift  system. 
An  accurate  and  dependable  method  to  compute  Uie  lift  can 
complement  the  laborious  and  expensive  experimental  test 
process  tc  achieve  a  desirable  configuration.  Interactive 
methods  employing  an  inviscid  solution,  coupled  with  a 
confluent  boundary  layer  analysis,  have  been  used  for  some 
time  to  compute  the  high-lift  flow  field.  A  long  list  of 
references  using  this  approach  can  be  found,  for  example, 
in  the  recent  review  article  of  Brune  and  McMasters  (Ref  1). 
These  methods,  with  often  elaborate  modelling  of  the 
boundary  layer  interactipns,  are  based  on  the  assumption 
that  the  upstream  influence  of  the  flow  field  is  transmitted 
through  the  inviscid  process.  When  viscous  effects  are 
small  and  when  flow  separation  is  limited  to  confined 
regions  (i.e.,  shallow  separation  bubbles),  these 
calculations  show  reasonable  results  that  are  primarily 
conections  of  boundary  layer  and  wake  effects  applied  to  an 
inviscid  pressure  field.  These  codes  are  fast  and  easy  to  run. 
and,  when  used  conservatively  and  judiciously,  they  can 
function  reasonably  well  in  the  traditional  "evolutional" 
high-lift  design  procedure  to  complement  an  experimental 
intensive  process  In  most  of  these  cases,  the  data  of  the 
base  line  design  are  well  m  hac.d  and  the  new  designs  never 
deviate  far  from  the  original  optimal  ones,  where,  as  had 
been  pointed  out  by  Dillner  el  al.  (Ref  2),  strong  boundary 
layer  confluency  conditions  rarely  exist.  A  two- 
dimensional,  inviscid-boundary-layer,  interactive  multi¬ 
element  airfoil  method  has  also  been  used  in  the  high-lift 
wing  modification  study  for  an  existing  aircraft  (Ref  3), 
More  recently,  interactive  codes  were  used  successfully  to 
validate  the  high-lift  flight  test  data  of  a  civilian  transport 
aircraft  (Ref  4).  In  the  absence  of  large  flow  separation,  the 
study  demonstrated  that  at  near-design  conditions,  the 
interactive  codes  can  be  fine-tuned  to  study  laminar  to 
turbulent  transition,  incipient  flow  separation,  and  other 
boundary  layer  related  effects  at  the  flight  Reynolds 
number.  This  knowledge  is  valuable  for  correlation  and 
interpretation  of  the  high-lift  wind  tunnel  data  used  in  the 
design. 


When  the  best  possible  high-Ufl  configuration  for  a  new 
wing  is  sought,  wind  tunnel  matrix  tests  for  the  gap 
overlap  optimization  between  the  high-lift  elements  arc 
often  pursued.  While  this  approach  is  reliable  in  obtaining 
information  on  the  best  gain,  without  understanding 

the  flow  physics  and  their  implications  to  the  data,  the 
process  is  not  cost  effective  in  that  an  isolated  set  of  test 
results  for  a  particular  wing  can  not  readily  be  made  useful 
for  another  design.  In  general,  the  flow  fields  under  these 
test  conditions  are  very  complicated.  In  most  cases,  they 
are  dominated  by  viscous  effects  resulting  from  boundary 
layer  confluency  that  can  not  be  modelled  accurately  by  the 
inviscid-boundary-layer  interaction  method,  flow 
separation  is  a  common  feature  and  can  even  occur  In  the 
linear  range  of  a  lift  curve. 

The  conditions  under  which  a  .Navier  Stokes  solution 
method  is  needed  can  be  demonstrated  in  the  lollowing 
example  of  a  pair  of  wind  tunnel  tests  of  a  three  clement 
airfoil  high-lift  system  (Ref  5),  The  configuration  shown 
in  Fig.  la  consists  of  a  13%  thickness  supercritical  airfoil 
with  a  20%  chord  slat  having  -25  deg  of  extension,  and  a 
30%  chord  single-slotted  flap  with  main  element, /flap  gap 
and  overlap  sizes,  both  at  2%  chord.  Shown  in  Fig  la  arc 
curves  of  Cl  vs  a  and  in  Fig.  lb  and  Fig  Ic  are  pressure 
data  collected  a!  flap  angles  of  5f  =  20  deg  and  6f  =  40  deg, 
respectively,  at  a  nomm.il  test  Mach  number  of  0.17  and  a 
chord  Reynolds  numN  r  of  3.4  million.  Turbulent  flow 
conditions  were  established  over  the  entire  high-lifl 
system.  In  the  linear  range.  Cl  for  the  5f  =  40  deg  case  is 
seen  to  be  higher  than  for  5f  =  20  deg.  The  sudden  changes 
of  slope  of  the  lift  curve  al  5f  =  40  deg  also  suggest  that 
different  flow  interactions  are  involved  as  the  angle  of 
attack  increases.  In  each  ca.se  (Fig.  lb  and  Ic),  the  smooth 
portions  of  the  curves  on  the  main  foil  indicate  the  range 
where  pressure  is  determined  primarily  by  inviscid 
processes.  The  apparent  change  of  slopes  and  the 
inflection  points  at  the  rear  portion  of  the  wing  box  show 
the  extent  of  the  upstream  influence  due  to  the  presence  of 
the  flap.  For  5f  =  20  deg  (Fig.  lb),  the  flow  remains 
attached  until  the  point  just  before  the  stall  where  flap 
separation  occurs.  The  slope  of  the  separation  pressure 
curve  al  a  =  18.36  deg  also  suggests  that  the  separated 
region  is  represented  by  a  thick  viscous  layer  with  sizable 
flow  entrainment.  The  pressure  patterns  in  this  case  arc  not 
unlike  those  on  the  elements  of  a  typical  multi-flap  high- 
lift  system  of  a  civilian  transport  aircraft  where  the  flap 
angles  between  the  elements  remain  in  the  15-25  deg 
range.  The  inviscid-boundary  layer  interactive  methods 
such  as  the  MCARF  code  (Ref  6,  7)  or  the  Moses  code  (Ref 
8,  9)  can  treat  these  cases  adequately,  with  perhaps  some 
inaccuracies  near  the 

In  an  effort  to  reduce  the  complexity  of  the  system,  the 
single  slotted  flap  configuration  is  preferred  in  the  modem 
design  approach.  The  flap  angle  is  increased  in  an  attempt 
to  gain  lift,  which  usually  leads  to  a  more  complex  flow 


Senior  Staff  Scientist 


•*  Staff  Scientist 


*1 


15-: 


o 


V25“ 


n  S,  -  40  0” 

A  6,  •  20  0° 


-1  '\  V 


Q.  '  «X  ' 

9'  ' 


0  h::  0  ^ 


1  SYMBOL 

ALPHA 

1  ‘ 

4  01 

V 

8  13 

• 

12  32 

■ 

ta  36 

;^i  »  ‘  ‘  *  — 


FLAP 

'  SfPARATtON 
AT  AlPHA 
"  .  »0  16 


Q. 

0  *  ^4 


4  0  4  8  12  16  20 

ANGLC  OF  ATTACK,  a 

(a)  LIFT  COEFFICIENT 


00  02 

X/C 


♦  \ 

|V  ' 


a  r*-  »  Q. 

O  >  V  ^  O 

V 

0  »  .—  •  0 


02  04  06  08  107  091 

X/C  X/C 

(b)  8,  «  20“ 


•*<> 

4V  1 

•  - - 

*  Mlhi^acn  iLBARA' as 

■>Talo.«*  .  '8  36 


*>••  • 


SVMBOL  ALPHA 

I  4  oe 

V  B  19 

•  12  25 

m  IB  961 


Q. 

O 


(  \  •», 


I  I  I  '*  ^ 


00  0  2  0 

X/C 


02  04  06  08  107091 

X/C  X/C 

(c)  6,  =  40' 


Fig.  1  Wind  Tunnel  Lift  Coefficient  Data  &  Suriace  Preaaure  Data  for  Hlgh-Llft  System  at  Flap 
Extensions  S,=20°  A  5,340°.  M=0.17,  ite=3.4M 


field.  Fig.  Ic,  at  a  flap  angle  of  5f  =  40  deg,  shows  the 
pressure  distribution  from  one  such  attempt.  The  flow  field 
is  dominated  by  massive  flap  separation  even  at  very  low 
angles  of  attack.  The  relatively  small  surface  pressure 
gradient  in  the  flap  separated  region  suggests  a  general 
flow  structure  consisting  of  a  mostly  inviscid  separated 
core  region  sandwiched  between  the  flap  boundary  layer  and 
a  complex  wake  structure  formed  by  the  flow  emanating 
from  the  main-foil  cove  region  and  the  top  surface  main- 
foil  boundary  layer.  As  the  angle  of  attack  approaches 
Cl|^.  this  inviscid  separated  core  structure  begins  to 
break  up,  forming  a  thick  viscous  separated  region  as 
indicated  by  the  flap  pressure  slope  change.  The  upstream 
influence  of  the  wake  flow  field  becomes  so  strong  that  the 
flow  begins  to  separate  on  the  main  foil  just  before  the 
stall  point  (see  Fig.  Ic).  The  variation  of  the  lift 
coefficient  in  a  range  beyond  the  first  Cl  peak  as  seen  in 
Fig.  la  suggests  uansitions  of  flow  structures  are 
occurring.  The  challenge  of  an  analysis  method  is  to 
accurately  predict  a  priori  these  complicated  flow  fields  so 
that  meaningful  trend  studies  can  be  made  in  the  gap- 
overlap  optimization  investigations. 

In  Ref  9,  we  computed  a  solution  in  the  linear  range  of  the 
5f  =  40  deg  case,  where  massive  flap  separation  was  a 
dominating-  feature.  A  novel  ”stacked-C"  mesh  system  was 
used  to  map  the  multi-element  geometry  into  a  single 
computation  domain.  The  PARC2D  code  (Ref  10),  modified 
exclusively  for  this  application,  was  used  as  the  flow 


solver.  The  trailing  edges'  streamlines  and  the  flap 
separation  line  were  adapted  during  iterations.  This 
effectively  reduced  the  mesh  dependence  of  the  solution. 

Shown  in  Table  1  are  the  results  of  computations  of  Cl  and 
Cq  compared  with  experiment  (Ref  5)  for  2%  and  5%  chord 
flap  gaps.  It  is  seen  that  very  good  agreement  was  obtained 
at  these  angles  of  attack.  More  recently,  converged 
solutions  at  higher  angles  of  attack,  approaching  the 
Cl  ,  were  obtained.  The  results  indicated,  however,  that 

t-MAX 

a  turbulence  model  more  realistic  than  the  algebraic  one 
used  in  the  PARC2D  method  is  required  in  this  high-angle- 
of -attack  range  to  compute  Cl  accurately  and  the  vortex 
breakup  of  the  separated  region. 

In  this  paper,  our  methodology  is  employed  to  investigate 
solution  of  the  Navier-Stokes  equations  for  the  flow  field 
around  a  blown-flap  high-lift  system.  It  has  been  known 
(Ref  1 1 )  that  lift  augmentation  can  be  achieved  by  properly 
placing  a  concentrated  momentum  jet  in  front  of  the 
trailing  edge  flap.  The  chordwise  blowing  utilizes  the 
Coanda  effect  to  attach  a  thin,  high  momentum  sheet  of 
fluid  to  the  curved  flap  surface.  The  injected  jet  energizes 
the  boundary  layer  and  keeps  the  flow  attached  through 
large  flap  deflection  angles;  it  increases  wing  circulation 
and  entraiits  more  of  the  freeslream  air,  resulting  in  a 
significant  increase  in  lift  generated  by  the  wing.  The 
blown-flap  experiment  and  the  input  data  used  in  the 
present  computational  simulation  are  described  briefly  in 
the  next  section. 


Tabl«  1  Lift  Coefficient  &  Drag  Coefficient 
Comparison  for  Three-Eiement 
High  Lift  System,  M„  =  0.17,  Re  =  3.4M 
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2.  TWO-DIMENSIONAL  BLOWN  FLAP 
CONFIGLRATION  &  SURFACE  PRESSLRE 
DATA 

For  the  present  Navier-Slokes  numerical  simulation,  we 
have  chosen  a  2-D,  three-element,  blown-flap  high-lift 
airfoil  system  as  shown  in  Fig.  2.  The  wind  tunnel  test 
model  used  for  surface  pressure  and  force  balance 
measurement  is  a  two-dimensional  wing  panel  with  a  two- 
foot  chord,  three-fool  span,  whose  clean  section  is  a  13% 
thickness  supercritical  airfoil.  The  high-lift  experiment 


was  part  of  a  research  program  designed  to  explore  the 
STOL  capability  of  a  carrier  based  military  aircraft  (Ret  5) 
Extensive  surface  pressure  and  force  measurements  were 
made  for  various  combinations  of  slal/conveniional  flap 
and  slat/blown  flap  settings.  For  the  present  powered  lift 
study,  we  utilize  the  configuration  having  a  20%  chord  slat 
with  a  -25  deg  extension  and  a  23%  chord  blown  flap  with 
43-deg  extension.  The  wing  box  contains  a  plenum  from 
which  high  pressure  air  was  allowed  to  expand  through  a 
full  span  adjustable  slot  formed  by  the  wing  box  upper  skin 
and  the  flap  upper  surface.  The  blowing  slot  height  can  be 
variect  by  adjusting  the  flap  position.  The  case  we  analyzed 
had  a  slot  height  gap  of  0.006  in.  Assuming  an  isentropic 
expansion  to  the  freestream  pressure  p...  the  momentum 
coefficient.  C^j,  is  given  by: 


Cm 


rhVj 

qc 


(1) 


where  ih,  the  mass  flow  per  unit  span  at  the  momentum 
slot,  is  given  by 


m  =  pjVjh. 


»n<lPj=Po[P-/Pol'''^Vj  = 


-,-til 

r2rRTj 

i_p^ 

L  r-i 

Po  J 

1/2 


Po.  Pq.  Tq  are  the  plenum  density,  pressure,  and 
temperature,  respectively;  q  is  the  freestream  dynamic 
pressure;  and  h  and  c  are  the  momentum  slot  height  and  the 
chord  length,  respectively.  The  plenum  conditions  were 
calibrated  with  a  given  momentum  slot  height  and 
maintained  within  certain  tolerance  during  the 
measurement.  The  Cjj  provided  by  the  experiment  was  used 
to  model  the  boundary  condition  for  the  present  blown-flap 


Fig.  2  Three-Element  Blown  Flap  High-LHt  System 
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computation.  The  wind  tunnel  conditions  were  the  same  as 
those  used  in  Ref  9  to  obtain  the  results  of  T  able  1  with 
Mach  number  Moo  =  0.17  and  Reynolds  number  Re  = 
1.7M/ft.  Turbulent  flow  was  assumed.  Details  of  the  wind 
tunnel  test  setup  can  be  found  in  Ref  S.  Shown  in  Fig.  3  are 
examples  of  the  surface  pressures  from  the  blown-flap 
experiment  at  an  angle  of  attack  a  =  10.3  deg  and 
momentum  coefficient  values  of  =  0  and  Cji  =  0.012. 
respectively. 

3.  COMPUTATION  METHOD 

Here,  the  solution  procedure  used  in  Ref.  9  for  solving  the 
Navier-Stokes  equations  for  a  standard  2-D  multi-element 
airfoil  system  is  extended  to  compute  the  flow  over  a 
blown-flap  configuration  as  described  above.  In  this 
computation  scheme,  a  structured,  stacked  C-mesh  is  used 
whereby  the  physical  trailing  edge  streamlines  from  the 
respective  high-lift  elements  are  employed  to  control 
automatically  the  mesh  condensation  for  the  solution 
accuracy  required.  In  case  flap  separation  occurs,  the  flap 
separation  streamline  can  also  be  used  to  specially  treat  the 
separation  zone  (Ref  9).  This  step  w  as  not  necessary  in  the 
present  application.  Shown  in  Figs.  4a  and  4b  are  the 
stacked  C-mesh  system  in  ihe  physical  plane,  with  the 
boundary  mesh  distributions,  and  in  the  computation 
plane,  respectively.  The  lines  bjdi  and  b2d2  in  Fig.  4a  are 
the  adjacent  coordinate  lines  corresponding  to  the  slot 
trailing  edge  streamline.  Similarly,  the  lines  €303  and  f3d3 
are  the  wake  cuts  corresponding  to  the  flap  trailing  edge 
streamline.  Since  the  flap  and  the  wing  box  are  snugly 
fitted  except  for  the  momentum  slot  gap  (see  Fig.  2),  they 
are  treated  as  a  single  element.  The  point  b3  corresponds  to 
the  momentum  slot  injection  location  of  the  experiment. 

The  numerical  solution  for  the  Navier-Stokes  equations  is 
obtained  using  a  single  computation  zone  as  shown  in  Fig. 
4b.  The  flow  solver  is  our  modification  of  the  implicit 
finite  difference  code  PARC2D  (Ref  9)  The  use  of  this  code 
allows  the  boundary  condition  on  the  slat  AiB]B2A2  to  be 
prescribed  directly.  This  unique  feature  allows  multi¬ 
element  high-lift  airfoil  systems  to  be  treated  conveniently 
with  a  single  zone,  thus  avoiding  the  residual  error  control 
problems  one  usually  has  to  monitor  carefully  in  a  multi¬ 
zone  algorithm.  This  issue  is  particularly  important  in 


Fig.  3  Experlmantal  Pressure  Distribution  for  13% 
Supercriticsi  Airfoii  Biown  Fiap  System, 
M,.  =  0.17,  a  s  10.3  deg,  Re  =  3.4M 
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Fig.  4  2-D  Biown  Fiap  System 


getting  an  accurate  lift  solution  for  the  multi-element 
system.  Our  version  of  the  PARC2D  code  for  application 
to  the  high-life  airfoil  has  the  general  efficiency  of  the 
NASA/Ames  ARC2D  code  (Ref  12)  as  applied  tc  a  single¬ 
element  airfoil  calculation.  However,  due  to  the 
complexity  of  the  flow  field  in  a  high-lift  system, 
considerably  more  CPU  time  is  required  for  a  converged 
solution  for  Cl  .  The  code  uses  an  algebraic  turbulence 
model  loosely  based  on  the  Thomas  formulation  (Ref  13)  of 
the  Baldwin  and  Lomax  model  (Ref  14).  Turbulent  flow 
over  the  entire  high-lift  system  was  assumed  in  all  the 
calculations  made  in  the  present  work. 

The  experimental  values  of  C^  for  the  angle-of-attack 
survey  chosen  for  our  simulation  had  fluctuations  of  up  to  ± 
20%  from  an  average  value  of  C^  =  0.0107.  However,  the 
experimental  values  of  lift  were  not  overly  sensitive  to 

these  variations.  We  chose  a  nominal  value  of  C^  =  0.01 

for  the  numerical  computations  (barred  quantity  denotes  the 
values  used  in  the  computations).  The  actual  experimental 
condition  near  the  momentum  slot  exit  could  not  be 
simulated  easily  without  a  controlled  study  of  the  internal 
flow  through  the  gap  and  its  interaction  with  the  flow 
beyond  the  exit.  We  anticipated  a  fair  amount  of  friction 
loss  through  the  gap.  Furthermore,  the  velocity 
distribution  was  exjjected  to  be  different  from  that  given  by 
a  constant  value  of  Vj  (Eq  (1))  across  the  momentum  slot 

gap.  Without  any  additional  knowledge,  we  chose  the  C^ 
value  as  the  controlling  magnitude  to  model  the  boundary 
condition  in  the  flap.  The  dynamic  injection  pressure 

PjVj^  can  be  computed  from  Eq  (1)  with  a  given  .  A 

distribution  function  f(s)  =  p,(s)|Vj(s)j^ /PjVj^  <1  (Fig.  5) 
was  used  for  establishing  the  boundary  condition  along  the 
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P(g.  5  Numerical  Uomentum  ln)ectlon  Distribution, 
f{s)=p^(s)IVj(s)]2/iyj;/^2 

top  flap  surface,  where  s  is  the  dimensionless  running 
surface  length  measured  from  the  experimental  injection 
point  .>  the  flap  trailing  edge.  The  injection  velocity  Vj(s) 
was  assumed  to  be  tangential  to  the  flap  surface,  from 
which  the  surface  velocity  boundary  conditions  were 
determined.  One  could  think  of  this  procedure  as  modelling 
the  complex  local  interaction  by  a  thin  shear  layer  across 
which  the  static  pressure  changes  are  assumed  to  be 
negligible.  The  function  f(s)  was  d..  ,ined  through 
numerical  experiment  such  that  the  local  value  was  the 
minimum  required  to  convect  the  flap  vortices  downstream. 
The  effectiveness  of  the  blowing  is  determined  here  by  its 
elimination  of  the  separation  region  on  the  flap.  The 
method  minimizes  the  details  of  the  blowing  simulation  as 
well  as  provides  a  mechanism  for  convecting  transient 
vortices  downstream  of  the  high-lift  system.  The  validity 
of  this  approach  is  determined  by  the  agreement  of  the 
calculated  pressure  distribution  with  the  experimental 
measurements. 

4.  STACKED  C-MESH  GENERATION 
The  "stacked-C”  computational  mesh  is  generated 
interactively  on  a  Silicon  Graphics  Iris-4D  workstation 
using  GRIEKjEN  (Ref  15).  a  three-dimensional,  elliptic  grid 
generation  code  developed  by  the  U.S.  Air  Force.  The 
process  of  developing  the  mesh  begins  with  extracting 
from  the  database  describing  the  slat-foil-flap  geometry  the 
input  into  GRIDGEN-2D,  a  member  of  the  GRIDGEN  family 
of  codes  used  to  develop  two-dimensional  surface  grids. 
The  grid  strategy  used  for  the  high -lift  multi -element  airfoil 
is  shown  in  Fig.  6.  where  the  stacked  Cs  are  designated  as 
the  irmer  and  the  outer  C-meshes.  These  divisions  are 
usually  referred  to  as  blocks  or  zones  for  diree-dimensional 
grids  or  as  subfaces  in  GRIDGEN  terminology.  The 
combined  C-mesh  topology  has  a  total  of  48,321  grid 
points,  with  the  normal  grid  index  K  ranging  from  1  to  121 
and  the  longitudinal  index  J  varying  firom  1  to  401.  One  of 
the  major  challenges  in  developing  the  grid  for  this 
problem  is  specifying  the  point  distributions  along  the 
subface  boundaries  such  that  grid  orthogonality  is  met  at 
the  boundaries  and  grid  skewness  is  globally  minimized. 

The  inner  subface  is  composed  of  20,050  grid  points  with 
K=l,30  and  J=l,401.  The  boundary  for  this  subface  with 
Ksl  starts  in  the  far  field  at  J=1  and  follows  the  anticipated 
flap  trailing  edge  streamline  forward,  where  at  J=27  it 
attaches  to  the  underside  trailing  edge  of  the  flap.  The 
boundary  continues  along  the  flap  and  around  the  subface 


geometry,  specifying  the  airfoil  and  the  upper  surface  of 
the  flap,  and  exits  at  the  upper  trailing  edge  witfi  J=375. 
The  boundary  then  proceeds  along  the  same  anticipated 
streamline  paths  as  for  the  initial  segment  (1=1.27)  to  the 
far  field  but  is  displaced  from  the  initial  segment  by  the 
local  grid  stepsize.  The  outer  boundary  (K=50)  for  the 
inner  subface  proceeds  from  the  far  field  along  a  path 
mimicking  the  shape  of  the  lower  wing-flap  edge  and 
provides  a  normal  approach  to  the  slat's  lower  leading  edge 
at  point  82  shown  in  Fig.  7.  The  bounoary  then  continues 
from  J=1 17  along  the  bottom  surface  of  th'-  rlat  and  exits  at 
the  trailing  edge  of  the  slat  at  point  b2  with  J=241.  The 
remainder  of  the  boundary  follows  the  anticipated  slat 
trailing  edge  streamlii.e  passing  over  the  top  of  Uie  main 
foil  and  flap  and  out  to  the  far  field. 

The  outer  subface  shown  in  Fig.  6  is  defined  for  K=51.121 
and  1=1,401,  resulting  in  28.471  grid  points.  The  inner 
boundary  (K=S1)  of  this  subface  follows  the  same  path 
shape  as  for  K=S0.  but  is  displaced  outward  by  the  local 
grid  stepsize,  until  it  attaches  to  the  slat  at  point  a)_  where 
it  then  proceeds  around  the  slat's  upper  leading  edge.  The 
boundary  exits  the  upper  slat  trailing  edge  at  J=24I  and 
once  again  follows  the  slat  trailing  edge  streamline  path  to 
the  far  field  but  is  displaced  by  the  local  grid  stepsize  from 
K=50.  The  far  field  boundary  for  K=121  represents  the  C 
topology,  extending  four  cord  lengths  forward  and  nine 
lengths  behind  the  multielement  airfoil. 

The  distribution  of  grid  points  along  the  individual 
boundary  curves  is  critical  for  insuring  grid  quality  based 
on  orthogonality  and  skewness  measures.  GR1DGEN-2D 
provides  features  for  easily  controlling  point  clustering  as 
illustrated  in  Fig,  7,  where  the  point  distributions  in  the  J- 
direction  along  the  lower  section  of  the  slat  are  set 
essentially  uniform,  due  to  the  small  flow  gradients  in  the 
cove  region  as  compared  to  nonlinear  distributions  along 
the  leading  edge.  Here  there  is  significant  clustering  near 
the  anticipated  stagnation  point  required  to  capture  the 
pressure  suction  peak,  followed  by  a  thinning  of  points 
along  the  upper  edge  due  to  the  fact  that  the  same  number  of 
points  must  span  the  upper  and  lower  edges  of  the  slat.  The 
distributions  cluster  again  towards  the  trailing  edge  of  the 
slat  in  order  to  blend  with  distributions  selected  in  the  slot 
region.  Another  area  which  required  considerable 
clustering  in  the  J-direction  is  shown  in  Fig.  6  in  the 
region  of  the  momentum  injection  slot  (1=321,332). 

The  height  of  the  inner  subfacc  over  the  top  of  the  airfoil  or 
the  position  of  K=50  above  the  wing  is  0.013  cord  lengths 
while  the  first  step  size  in  the  Navier-Stokes  boundary 
layer  is  0.0<XX)063  cord  lengths.  This  step  size  was 
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maintained  along  the  upper  edges  and  was  increased  to 
0.00002  on  average  along  the  lower  edges.  With  the  edge 
clustering  specified  for  both  the  inner  and  outer  subfaces, 
the  two-dimensional  grids  were  generated  first  using  the 
algebraic  or  trans-finite  interpolation  algorithm.  Next  a 
Laplace  solver  was  used  to  eliminate  grid  cr  issings  caused 
by  the  complex  geometries,  but  it  resulted  in  a  grid  where 
the  K  curves  are  pulled  away  from  the  surface  geometry, 
resulting  in  poor  orthogonality  conditions.  Grid  quality 
was  restored  with  the  use  of  an  elliptic  solver  using 
Thomas-Middlecoff  control  functions,  with  the  resulting 
grid  meshes  for  the  iimer  and  outer  subfaces  shown  in  Fig. 
8.  Details  of  the  grid  for  exploded  regions  around  the  slat 
and  flap  regions  are  given  in  Fig.  9  and  Fig.  10, 
respectively. 


Fig.  9  Navler-Stokes  Grid  in  Slat  &  Cove  Region 


Fig.  10  Navier*Stokes  Grid  in  Flap  Region 


Fig.  8  Navler-Stoka*  Grid  Around  Multi-Element  Airfoil 
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S.  RESULTS  &  DISCUSSION 
The  experimental  pressure  distributions  in  Fig.  3  show 
that,  without  boundary  layer  control,  the  fluid  cannot 
negotiate  the  large  camber  change  at  the  flap  and  has 
separated.  Thus  the  flap  has  lost  its  effectiveness  in 
contributing  to  the  lift.  Data  also  indicated  that  the 
separation  had  also  occurred  at  much  lower  angles  of  attack 
(not  shown).  It  is  seen  that  very  liule  energy  (Cj,  =  0.012) 
is  required  to  achieve  a  dramatic  change  in  the  whole 
pressure  field  by  shedding  the  vortices  in  the  separated 
wake  through  using  momentum  injection.  The  local 
expansion  has  created  a  negative  pressure  peak  and  allows 
the  flow  to  recompress  gradually  towards  the  trailing  edge 
with  a  back-end  surface  pressure  distribution  similar  to  that 
of  a  typical  tear-loaded  airfoil.  The  injection  also  lowers 
the  overall  pressure  levels  on  the  top  surfaces,  including 
that  of  the  slat,  making  the  lift  gain  particularly  effective. 

For  our  calculation,  we  used  a  mesh  with  401  cells  in  the 
streamwise  direction  and  121  cells  in  the  normal  direction. 
The  Mach  number,  M<a>,  was  equal  to  0.17  and  the  Reynolds 
number.  Re,  was  31.4x10^.  Turbulent  flow  condition  was 
assumed  over  the  entire  high-lift  system.  The  momentum 
coeftfcient,  C^,  unless  otherwise  mentioned  was  0.01.  The 
computation  started  with  the  standard  procedure  using  a 
freestream  initial  condition  with  the  surface  boundary 
condition  blended  in  gradually  at  the  early  cycles  of  the 
iteration.  After  about  5000  cycles,  the  flow  established 
was  largely  separated  even  with  the  injection  boundary 
condition  already  imposed.  The  time-sequenced  results  of 
the  streamlines  and  the  surface  pressure  solutions  at  an 
angle  of  attack,  a,  of  6.153  deg  are  shown  in  Fig.  11.  We 
observe  that,  in  Fig.  11  a,  the  flow  was  largely  separated  at 
the  mainfoil-flap  juncture  with  the  streamlines  showing  a 
slight  hint  of  the  effect  of  the  injection.  The  shedding 
process  continued  as  shown  in  Fig.  lib  and  11c,  and, 
Anally  in  Fig.  lid,  the  vortical  flow  of  the  wake 
completely  disappeared  from  the  the  flap  surface.  The 
surface  pressure  solution  at  this  stage  agreed  very  well  with 
the  experimental  data  except  for  a  confined  local  overshoot 
of  the  result,  reflecting  the  effect  of  the  model  of  the 
injection  boundary  condition.  The  size  of  the  separated 
cove  region  decreased  as  the  flap  separation  was  reduced.  In 
Fig.  11a,  we  observe  that  the  back-end  separation  had  a 
blocking  effect  on  the  flow  in  the  slat  channel.  This  is  a 
good  example  of  the  dominating  nature  of  the  back  pressure 
for  a  separated  high-lift  flow  condition.  For  completeness, 
the  pressure  isobars  of  the  converged  solution  for  this  case 
are  shown  in  Fig.  12,  and  the  velocity  vector  field  for  the 
boundary  layers  on  the  top  surfaces  is  shown  in  Fig.  13. 
Using  the  same  procedure,  four  additional  cases  with  angle 
of  attack  a  =  2.051  deg,  10.300  deg,  14.370  deg,  and 

16.390  deg  were  computed.  The  computed  lift  coefficient, 
together  with  the  force  balance  data  and  the  value  Ci, 
obtained  from  integrating  the  experimental  surface 
pressures,  are  shown  in  Fig.  14.  As  we  mentioned,  there 
were  value  fluctuations  during  the  angle  of  attack 
survey,  resulting  in  some  scatterings  of  the  integrated 

values  of  C{,.  whereas  computations  were  made  with  a  ^ 
value  of  0.01.  The  discrepancies  between  the  force  balance 
Cl's  and  those  of  the  integrated  pressure  data  values  are 
somewhat  puzzling  and  unresolved  in  Ref  5.  One 
conjecture  as  to  the  cause  of  the  differences  might  be  an 
incorrect  tunnel  wall  interference  correction  on  the  values 
of  Cl  from  the  force  balance  for  the  blown-flap 
experiments.  The  values  of  Cl  from  the  numerical  results 
compare  well  with  the  integrated  pressure  data  in  the  linear 
range  of  the  lift  curve.  There  is  some  deterioration  in  the 
agreement  at  higher  angles  of  attack  near  the  Cl^. 


An  additional  calculation  was  made  for  a  higher  momentum 

coefficient  C^  =  0.04.  The  angle  of  attack,  a,  was  equal  to 
6.195  deg.  Again,  the  surface  pressure  results  compare  well 
with  the  data,  as  shown  in  Fig.  IS.  The  isobars  for  this 
case  are  shown  in  Fig.  16.  The  streamlines  are  shown  in 
Fig.  17.  The  converged  numerical  solution  for  Cl  value 
was  4.22  as  compared  with  the  value  from  the  integrated 
pressure  data  of  4.17. 

6.  CONCLUDING  REMARKS 

In  the  present  paper,  we  have  shown  successful  examples  of 
a  computation  of  a  2-D  blown  flap  using  the  Navier-Stokes 
equations  compared  to  experiment.  This  method  can  be 
employed  to  estimate  the  lift  gain  of  the  present  type  of  a 
powered  high-lift  device.  Since  the  boundary  layers 
remain  through  a  vortex  shedding  process,  the  simple 
algebraic  shear-layer  turbulence  model  used  in  the  present 
calculations  appears  to  be  adequate  for  predicting  the 
surface  pressures.  The  present  flow  solver  is  very  slow.  It 
is  highly  desirable  to  develop  a  fast  multi-grid  algorithm 
for  this  type  of  application  so  that  the  methodology  can  be 
used  as  an  effective  engineering  tool.  Furl’  rnsitivity 
studies  are  required  of  the  model  of  the  injec.  ju  txnmdary 
condition  using  a  more  carefully  controlled  experiment 
near  the  injection  slot,  which  was  not  sufficiently  provided 
by  the  present  collected  data. 
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SUMMARY 

An  extensive  European  wind  tunnel  research  pro- 
graame  on  high  lift  systems  has  been  carried  out  in 
the  past  few  years  within  the  framework  of  a 
GARTEUR  Action  Group.  To  provide  a  relevant  and 
realistic  case,  permission  was  given  by  British 
Aerospace  to  use  a  section  from  the  A310  wing  from 
which  a  2D  airfoil  could  be  derived.  A  Deutsche 
Airbus  JD  half  model  of  the  A310  aircraft  has  been 
used  for  the  3D  test  and  an  airfoil  representative 
of  the  59  \  spaa  section  has  been  used  for  the  2D 
test.  The  wind  tunnel  test  programme  carried  out  in 
the  major  European  low  speed  wind  tunnels  (ONERA  FI 
in  France,  NLR  HST  and  LST  in  Netherlands,  RAE  5  m 
in  UK)  was  complemented  by  a  full  scale  flight  test 
supported  by  Airbus  Industrie.  A  wide  range  of 
Reynolds  numbers  and  Mach  numbers  has  been  covered 
by  the  test  and  a  very  comprehensive,  well 
integrated  and  accurate  body  of  data  has  been 
generated  by  this  research  programme.  After  pre¬ 
senting  GARTEUR  the  paper  deals  with  the  Reynolds 
number  and  the  Mach  number  effects  as  well  as  the 
correlations  between  2D  and  3D  data  and  between 
wind  tunnel  and  flight  test  results. 


LIST  OF  SYMBOLS 


AL  angle  of  attack 

C  chord  of  retracted  high  lift  system 

Cj  total  drag  coefficient 

C,,  wake  drag  coefficient 

C,  skin  friction  coefficient 

CFLTW  skin  friction  coefficient  (Ludwing- 

Tillman) 

total  lift  coefficient, 

C,  integrated  normal  force  coefficient  in 

wing-axis-system 

C,,,  total  moment  coefficient,  reference  point 
0.25 

C,  static  presume  coefficient 

CV  chord  of  main  wing 

DIV  displacement  thickness  of  B.L.  and  wake, 
based  on  wall  pressure  coefficient 

KPI  pressure  coefficient 

M,Ma  frees  ream  Mach  number 


M^ 

local  Mach  number 

Re.R 

Reynolds  number 

Re„ 

Reynolds  number,  based  on  retracted 
chord  of  the  59  %  wing  station 

Reynolds  number,  based  on  aerodynamic 
mean  chord  of  half  model.  Reynolds 
number,  based  on  retracted  chord  of  2D 
model 

T 

attachment  line  Reynolds  number 

U,  V 

velocity  components  of  3D-B.L  profile  in 
streamline  coordinate  (U  =  streamwise 
component,  V  =  crossflow  component) 

V 

local  total  velocity  of  3D-B.L.  and  wake 
profile 

V, 

total  freestream  velocity 

x,z 

coordinate  of  the  airfoil 

z 

height  of  wake  or  B.L.  probe 

a 

angle  of  attack 

a 

angle  between  x-axis  and  local  total 
velocity  of  3D-BL  profile  ;  sideslip 

8, 

displacement  thickness 

>» 

wing  station 

# 

sweep  angle 

SUBSCRIPTS 

C 

based  on  retracted  chord 

c,.,. 

at  maximum  normal  force  coefficient 

at  maximum  lift  coefficient 

L£ 

leading  edge 

max 

maximum 

min 

minimum 

2D 

2D  flow 

3D 

3D  flow 

59 

59  %  wing  station 
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1  INTRODUCTION 

1.1.  Garteur  presentation 

GARTEUR  (Group  for  Aeronautical  Research  and  Tech¬ 
nology  in  EDRope)  was  formed  in  1973  by  represen¬ 
tatives  of  the  Governmental  departments  responsable 
for  aeronautical  research  in  France,  Germany  and 
the  United  Kingdom.  The  Netherlands  joined  in  1977 
and  Sweden  in  1991. 

The  GARTEUR  community  at  the  present  time  comprises 
more  than  250  individuals  from  various  research 
establishments,  industrial  companies  and  government 
authorities  who  actively  participate  in  the  orga¬ 
nization. 

According  to  its  HoU,  the  mission  of  GARTEUR  is  to 
mobilize,  for  the  mutual  benefit  of  the  GARTEUR 
member  countries,  their  scientific  and  technical 
skills,  human  resources  and  facilities  in  the  field 
of  aeronautical  research  and  technology  for  the 
following  purposes  ; 

m  Strengthening  collaboration  between  European 
countries  with  major  research  capabilities  and 
government  funded  programmes. 

m  Continuously  stimulating  advances  in  the  aero 
nautical  sciences  and  pursuing  topics  of  applica¬ 
tion-oriented  research  in  order  to  maintain  and 
strengthen  the  competitiveness  of  the  European 
aerospace  industry. 

m  Concentrating  existing  resources  in  an  efficient 
manner  and  seeking  to  avoid  duplication  of  work. 

m  Performing  joint  research  work  in  fields  suitable 
for  collaboration  and  within  research  groups  spe¬ 
cifically  established  for  this  purpose. 

m  Identifying  technology  gaps  and  facility  needs 
and  recommending  effective  ways  for  the  member 
countries  to  jointly  overcome  such  shortcomings. 

■  Exchanging  scientific  and  technical  information. 

GARTEUR  is  organized  around  three  main  elements 
(see  fig.  1)  : 

■  The  GARTEUR  Council,  the  governing  body,  assisted 
by  the  Executive  Committee  and  the  GARTEUR  Secre¬ 
tary. 

■  The  Groups  of  Responsables,  the  scientific  mana 
gement  body  and  think-tank  of  GARTEUR. 

m  The  Action  Groups  which  constitute  the  technical 
expert  body  for  programme  formulation  and  the  ex¬ 
ecution  of  the  GARTEUR  research  work. 

GARTEUR  is  an  independent  organization  ;  it  has, 
however,  no  staff  of  its  own  or  a  common  fund  at 
its  disposal.  The  necessary  resources  (staff, 
facilities,  costs  in  kind)  for  the  joint  research 
activites  are  made  available  by  the  Governments  of 
the  member  countries  out  of  their  national  pro¬ 
grammes,  or  by  the  participating  organizations  on 


the  basis  of  balanced  contributions. 

Parallel  to  the  formation  of  GARTEUR,  on  the  in¬ 
dustry  side  various  collaboration  arrangements 
between  companies  have  been  developed.  When  GARTEUR 
was  formally  established  under  the  MoU  in  1981,  the 
airframe  industries  of  the  four  GARTEUR  countries 
replaced  an  earlier  body  with  the  Industry  Group 
for  Collaboration  on  Aeronautical  Research  and 
Technology  in  Europe  (CARTE) . 

Representatives  from  Swedish  industry  joined  CARTE 
in  1991. 

CARTE  is  the  formal  communication  link  with  GARTEUR 
and  interfaces  with  the  Executive  Commitee  (XC)  on 
both  policy  and  research  matters.  Relations  with 
CARTE  have  also  been  established  at  other  GARTEUR 
levels.  Initially  Points  of  Contact  from  industry 
were  assigned  to  all  Groups  of  Responsables,  and  in 
due  course  some  of  the  industrial  senior 
specialists  themselves  became  Responsables.  At 
Action  Group  level  all  CARTE  companies  are  actively 
participating,  and  in  seme  areas  are  supplemented 
by  participants  from  the  materials  supply  industry 
and  other  aerospace  related  companies. 

GARTEUR  has  operated  about  46  Action  Groups  since 
1981,  25  of  which  have  successfully  finished  their 
activities. 

1.3.  The  High  Lift  Action  Group  programme 

High  levels  of  performance  for  transport  aircraft 
high  lift  systems  are  mandatory  since  they  play  a 
crucial  role  for  the  payload/range  of  the  aircraft 
and  its  noise  characteristics.  This  has  been  reco¬ 
gnized  for  a  long  time  and  the  development  of 
mechanical  high  lift  systems  during  the  past  has 
provided  practical  systems  which  give  good  C  and 
L/D  for  today’s  aircraft.  However  the  potential  for 
further  improving  the  performance  of  mechanical 
high  lift  devices  is  substantial  but  intensive 
efforts  are  required  both  in  theoretical  and  expe¬ 
rimental  aerodynamics.  Concerning  the  experimental 
aspect,  the  lack  of  high  quality  experimental  data 
for  2D  and  3D  high  lift  configurations  is  one  of 
the  reasons  that  preclude  the  development  of  re¬ 
liable  and  efficient  theoretical  methods  for  the 
design  and  the  analysis  of  such  complex  configura¬ 
tions. 

This  is  why  GARTEUR  decided  in  1984  to  set  up  an 
Action  Group  with  the  task  of  proposing  and  coor¬ 
dinating  a  major  multinational  research  programme. 
Each  of  the  four  member  countries  FRANCE,  GERMANY, 
THE  NETHERLANDS  and  the  UNITED  KINGDOM,  provided 
representatives  both  from  their  national  research 
organizations  as  well  as  from  their  aircraft  in¬ 
dustries  to  contribute  to  this  group.  The  Action 
Group  therefore  proposed  a  test  programme  with  the 
following  objectives  ; 

-  To  study  in  2D  flow  the  Reynolds  number  and  the 
Mach  number  effects  on  a  selected  high  lift 
configuration. 

-  To  study  the  sane  configuration  in  3D  flow. 


-  To  study  the  effect  of  wing  sweep  on  the 
transition  location  as  a  function  of  the  Reynolds 
number. 

-  To  correlate  wind  tunnel  and  flight  test  measu 
resents. 

To  provide  a  relevant  and  realistic  case,  permis¬ 
sion  was  given  by  British  Aerospace  to  use  a  sec¬ 
tion  from  the  A310  wing  from  which  a  2D  airfoil 
could  be  derived.  In  the  period  between  1985-1989, 
the  Action  Group  carried  out  an  extensive  wind 
tunnel  measurement  programme  on  a  3D  half  model  of 
the  A310  aircraft  and  on  the  local  sweep  normalized 
59  %  span  section  in  2D  flow.  This  wind  tunnel 
programme  was  complemented  by  a  full  scale  flight 
test  programme  supported  by  Airbus-Industrie 
(fig. 2).  This  action  Group  AD  (AG08J  consists  of 
members  from  ONERA,  NLR,  DRA,  DLR,  Aerospatiale, 
Fokker,  BAe,  Deutsche  Airbus  and  Airbus-Industrie 
(fig. 2). 


2.  MODELS  AND  TEST  PROGRAHME 
2.1.  Models  and  instrumentation 

The  series  of  models  used  for  high  lift  investiga¬ 
tions  of  the  GARTEUR  AD  (AG08)  are  : 

2D  model  Ml 
2D  model  H3 
half  model  M139 

as  shown  in  fig.  3.  The  A310  flight  tests  completed 
these  tests. 

The  half  model  H139  consists  of  the  left  part  of 
the  complete  MBB  model  M139,  a  1  ;  9.5  scale  A310. 
The  high  lift  system  of  the  half  model  (Fig.  44) 
consists  of  : 

-  a  Kruger  flap  in  the  wing  root  fairing 

-  a  slat  (divided  in  three  parts)  at  the  leading 
edge 

-  a  double  slotted  flap  (vane-flap)  at  the  trailing 
edge  of  the  inner  wing  and, 

-  a  single  slotted  flap  (Fowler  flap)  at  the 
trailing  edge  of  the  outer  wing. 

The  model  is  also  equipped  with  an  all  speed  aile¬ 
ron  (ASA)  in  the  engine  region  and  a  low  speed 
aileron  (LSA)  on  the  outer  wing.  The  5o  %  wing 
station  is  located  on  slat  2  between  slat  tracks  6 
and  7  and  nearly  in  the  middle  of  the  Fowler  flap. 

The  2D  model  coordinates  and  settings  are  obtained 
from  the  A310  wing  coordinates  of  the  59  %  station 
using  local  sweep  normalization  process.  The 
ordinates  of  the  undeployed  2D  section  are  given 
then  by 

(Z/C)„=(Z/C)„/cos#^(x/c)  ,  6„  =  5,,/cos#^ 

where  is  the  sweep  of  the  undeployed  constant 
x/c  lines. 


The  programme  proposed  to  investigate  the  following 
high  lift  configuration  : 

conf.l  Take-off  configuration 
conf.2  Landing  configuration 

The  main  emphasis  of  the  research  programme  in  the 
2D  and  3D  tests  is  directed  to  the  take-off  confi¬ 
guration  which  has  a  well  ordered  flow  and  the 
landing  configuration  which  has  a  separated  flow  on 
the  flap.  For  the  comparison  with  the  corresponding 
2D  flow  data  3D  tests  were  performed  with  the  half 
model  without  nacelle. 

However  to  provide  correspondence  with  flight  tests 
which  became  a  firm  part  later  in  the  research 
programme,  tests  with  a  through-flow  nacelle  .moun¬ 
ted  under  the  wing  ■  -he  half  model  were  added  for 
the  take-off  and  1  ir.  :.g  configurations  in  the  RAE- 
5M  and  ONERA  FI  w^  tunnels. 

2.1.1.  2D  Models  Ml  and  M3 


The  model  Ml  was  constructed  and  manufactured  by 
DLR-Braunschweig  and  the  instrumentation  was  partly 
carried  out  by  DLR  and  completed  by  ONERA.  The 
model  M3  was  manufactured  and  instrumented  by  NLR. 
The  main  dimensions  of  the  model  are  : 


Model  Ml 

Model  M3 

HST  LST 

span  (mm) 

2000 

2000 

2250 

chord  (retracted)  (mm) 

900 

400 

400 

aspect  ratio 

2.22 

5 

5.25 

The  chordwise  instrumen  ation  of  models  Ml  and  M3 
is  listed  in  fig. 3  and  briefly  discussed  below  : 

-  pressure  taps 

Both  models  have  the  following  number  of  pressure 
taps  :  slat  35  taps,  wing  60  taps,  flap  35  taps. 
The  diameter  of  the  pressure  holes  was  0.3  mm. 

-  Unsteady  pressure  transducers  (KulicesJ 

Unsteady  pressure  was  measured  at  12  locations  on 
the  model  Ml  :  8  on  the  slat  upper  surface,  two 
on  the  upper  side  of  the  wing  nose  and  one  on  the 
wing  shroud,  one  on  the  flap  upper  surface. 

-  Skin  friction  device 

Model  Ml  was  equipped  with  4  hot  film  gauges  of 
6  mm  diameter  and  depth  to  measure  skin  fric¬ 
tion  :  one  at  the  slat  t.e.,  one  at  the  wing  t.e. 
and  two  at  the  flap  upper  surface.  Preston  tubes 
with  an  outer  diameter  of  0.5  mm  were  mounted  on 
the  model  surface  to  measure  skin  friction  on 
model  M3. 

-  Boundary  layer  cove  rakes 

In  the  slat  and  wing  cove  small  rakes  were  ins¬ 
talled  on  the  models  Ml  and  M3  to  measure  total 
pressure  in  the  separated  flow  region. 
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Internal  boundary  layer  traversing  mechanism 

An  internal  traversing  mechanism  could  be  instal¬ 
led  on  the  model  M3  to  measure  the  viscous  floe 
at  the  slat  (utati.r.  1)  and  at  the  wing 
leading  edge  (station  2  x/c  =  0.131). 


in  order  to  obtain  a  total  survey  height  of 
22  mm. 

2.2  Hind  tunnel  test  programs 

2.2.1.  2D  Test  Programs 


-  Transition  observation 

Model  Ml  was  equipped  with  a  plastic  strip  of 
polyurethane  resin  on  the  upper  surface  of  slat, 
wing  and  flap,  to  measure  the  laminar  /  turbulent 
transition  location  by  infrared  image  technique. 

2.1.2.  Half  Model  M139 


The  half  model  M139  consists  of  the  left  wing  of 
the  existing  MBB  A310  -  complete  model  M139  and  of 
a  new  half  fuselage  manufactured  by  Deutsche  Air- 
bus/DLR.  The  main  dimensions  of  the  half  model  ate 


semi-wing  reference  area 
semi  span 
aspect  ratio 
leading  edge  sweep 
sweep  of  25\-chord 
trailing  edge  sweep 
aerodynamic  mean  chord  c 
chord  of  59  %  wing  station  Cj, 
fuselage  diameter  /  length 


1.2135  m> 

2310  mm 
8.8 
30.20 
28.0“ 

20.5“ 

614  ms 
427  mm 

594  /  4830  mm 


The  instrumentation  of  model  is  listed  in  fig.  3 
and  briefly  discussed  below  ; 


-  pressure  taps 

In  the  high  lift  conf iguration  602  pressure  holes 
with  a  diameter  of  0.5  mm  are  fitted  in  13  wing 
sections.  40  holes  ate  located  on  the  fuselage. 
The  relevant  59  \  wing  station  contains  the 
following  number  of  pressure  taps  :  slat  16  taps, 
wing  30  taps,  flap  15  taps. 

-  hot  film  gauges 

Three  hot  film  gauges  were  glued  at  the  slat 
hooX  :  one  at  the  59  %  wing  station,  one  inboard 
and  one  outboard  of  the  59  %  wing  station. 

-  razor  blades 


One  razor-blade  of  0.64  mm  thickness  on  the  flap 
at  x/c  =  0.895  and  one  of  0.44  mm  thickness  on 
the  wing  shroud  at  x/c  =  0.7  were  installed  on 
the  model  at  59  \  wing  station  to  measure  some 
skin  friction  values  in  the  RAE-5M  wind  tunnel 
tests. 


-  internal  boundary  layer  traverse  device 

To  measure  the  wing  boundary  layer  at  x/c  =  0.5 
of  the  59  %  wing  station  an  internal  boundary 
layer  traverse  device  could  be  installed  by 
mounting  a  special  shroud  on  the  main  wing,  the 
viscous  shroud  in  Fig.  5.  The  internal  boundary 
layer  device,  designed  and  built  by  OKERA  was 
motorized  allowing  a  survey  height  of  11  mm  for 
the  two  three-hole  probes  that  were  11  mm  apart 


nut  LST  and  HST  Kind  Tunnels 

Extensive  2D  tests  with  model  M3  were  first  per¬ 
formed  in  the  NLR  LST  and  HST  wind  tunnels. 

The  model  was  installed  vertically  in  the  2D  test 
section  of  NLR  LST  wind  tunnel  between  the  two 
turntables  in  the  ceiling  and  the  floor,  fig.  6.  In 
order  to  determine  wake  drag  of  the  wing  section, 
a  quadruple  wake-rake  was  mounted  horizontally  in 
the  tunnel  with  its  tubes  approximately  one  chord 
distance  downstream  of  the  trailing  edge.  An  ex¬ 
ternal  boundary  layer  survey  device  was  separately 
mounted  on  the  tunnel  floor. 

In  the  NLR-HST  wind  tunnel  the  model  M3  was  mounted 
in  the  test  section  with  the  special  2D  set-up, 
fig.  7.  The  wake  was  measured  with  a  rake  at  a 
distance  of  0.76  retracted  chord  downstream  of  the 
trailing  edge.  An  external  boundary  layer  traverse 
device,  constructed  on  a  special  wind  tunnel  strut, 
was  installed  to  measure  with  a  dual  probe  the 
total  and  static  pressure  at  the  boundary  layer 
stations . 

The  measurements  in  the  NLR  LST  and  HST  wind  tun¬ 
nels  consisted  of  pressure  measurements,  boundary 
layer  and  wake  surveys  and  flow  visualization 
within  a  Reynolds  and  Mach  number  range  of  Re  =  1.9 

-  7.10*  and  M  =  0.13  -  0.30.  In  addition  to  the 
airfoil  pressure  distribution  for  a  complete  a- 
sweep  up  to  stall,  detailed  flow  investigations 
were  carried  out.  These  included  : 

-  unsteady  pressure  measurements  with  Kulites  at 
the  slat  nose  and  the  main  wing  nose,  and  at  the 
trailing  edges  of  all  three  components, 

-  measurements  of  the  extent  of  the  separation 
bubbles  in  the  slat  and  main  wing  coves  with 
fixed  rakes, 

-  skin  friction  measurements  at  the  trailing  edges 
of  slat  and  main  wing  coves  with  Preston  tubes, 

-  total  wake  surveys  behind  the  airfoil  for  drag 
determination. 


Flov  visualization  was  carried  out  for  the  take-off 
and  landing  configurations  to  obtain  information 
about  flow  separation  and  boundary  layer 
transition,  using  oil  flow  and  sublimation  tech¬ 
niques.  Boundary  layer  and  wake  surveys  were  car¬ 
ried  out  at  8  stations  for  the  take-off  configura¬ 
tion  at  a  =  12“  and  20“ ,  and  at  9  stations  for  the 
landing  configuration  at  a  =  12“  and  21“,  at 
M  =  0.22  and  Re  =  1.9.10*  (LST),  M  =  0.22  and 
Re  =  4.0.10*  (HST).  In  the  HST,  some  extra  surveys 
were  performed  at  Re  =  1.9.10*  and  6.0.10*  for 


comparison  with  measureiaents  in  the  LST  and  ONERA 
FI  wind  tunnels  respectively. 

OHERA  FI  «ind  Tunnel 

20  tests  with  the  large  2D  model  HI  were  carried 
out  in  the  ONERA  FI  wind  tunnel.  The  model  was 
mounted  in  the  2D  test  section,  fig.  8.  The  exter¬ 
nal  survey  device  was  installed  to  measure  the 
boundary  layer  profiles  at  the  same  station  as  on 
model  H3  and  the  near  wake  (station  8)  at 
x/c  =  1.06  perpendicular  to  the  flap  chord.  The  far 
wake  was  measured  with  the  same  external  survey 
device  at  a  distance  of  1.0  retracted  chord 
perpendicular  to  the  flap  chord.  The  far  wake  was 
measured  with  the  same  external  survey  device  at  a 
distance  of  1.0  retracted  chord  perpendicular  to 
the  wing  reference  chord,  downstream  of  the  trai¬ 
ling  edge. 

The  measurements  in  the  ONERA  FI  wind  tunnel  in¬ 
cluded  : 

■  pressure  measurements  as  follows  ; 

0  static  pressure  measurements  on  the  element 
surfaces 

0  unsteady  pressure  measurements  with  Kulites  at 
the  slat  nose  and  the  wing  nose  and  at  the  trai¬ 
ling  edge  of  all  three  elements 
0  total  pressure  measurements  in  the  slat  and  wing 
cove, 

■  boundary  layer  and  wake  surveys, 

■  skin  friction  measurements,  and 

■  transition  detection  by  thermography 

for  the  take-off  and  landing  configurations  within 
a  Reynolds  and  Hach  number  range  of  Re  =  6  - 

16.4.10'  and  M  =  0.13  -  0.30.  The  boundary  layer 
measurements  were  carried  out  at  the  corresponding 
stations  for  two  angles  of  attack  of  a,  =  12®  and 
a,  =  21®,  at  H  =  0,22  and  three  Reynolds  numbers 
Re  =  6,  9  and  13.10'. 

2.2.2.  3D  Test  Programs 


Extensive  3D  tests  were  performed  on  the  half  model 
Ml 39  i"  the  RAE-5H  wind  tunnel  and  in  the  ONERA  FI 
wind  tunnel. 

The  half  model  was  mounted  above  a  peniche  of  81  mm 
height  (to  separate  if  from  the  tunnel  boundary 
layer)  on  a  six  component  underfloor  balance  in 
both  wind  tunnels,  fig.  9.  To  measure  the  wake  drag 
at  the  59  k  wing  station  an  external  motorized  wake 
survey  device  was  installed  in  the  ONERA  FI  wind 
tunnel,  fig.  10. 

RAE-5H  Tind  Tunnel 

The  measurements  in  the  RAE-5H  wind  tunnel  included 
balance  measurements,  pressure  measurements  over 
the  entire  wing  and  fuselage,  within  a  Reynolds  and 
Mach  number  range  of  Re^  =  3.40  -  9.2.10'  and  M  = 


0.18  -  0.34  for  the  take-off  and  landing 

configuration  with  and  without  nacelle, 
investigations  of  the  flow  over  the  wing  upper 
surface  with  particular  emphasis  on  the  59  %  semi¬ 
span  region  were  carried  out  using  oil  flow 
visualization  technigues  to  obtain  information 
about  flow  separation  ,  especially  separation 
bubbles  in  nose  regions,  and  china-clay 
visualization  for  transition  detection.  Results 
were  obtained  for  the  take-off  and  landing 

configurations  without  nacelle  at  M  =  0.25  and  two 
Reynolds  numbers  (Re^  =  3.35  and  7.33,10'),  for  two 
angles  of  attack  :  a,  corresponds  to  0.7  C  ,,,  and 
to  near  C„,.  Some  skin  friction  measurements  using 
the  razor-blade-technigue  were  also  made  for  the 
same  model  and  test  conditions.  Hot  film 
measurements  were  performed  to  detect  the 
attachment  line  transition  on  the  take-off 
configuration  with  and  without  nacelle. 

ONERA  PI  Hind  Tunnel 

The  3D  tests  in  the  ONERA  FI  wind  tunnel,  which 
were  complementary  to  the  RAE  tests,  were  carried 
out  over  a  Reynolds  number  range  of  Re  =  3.5  - 
11.10'  at  a  Mach  number  of  M  =  0.25  for  the  take¬ 
off  and  landing  configuration  with  and  without 
nacelle.  Balance  measurements,  pressure 
measurements  on  the  entire  wing  and  fuselage,  and 
boundary  layer  and  wake  survey  at  the  59  %  wing 
station  were  performed.  For  the  attachment  line 
investigation  hot  film  measurements  were  carried 
out  on  slat  and  wing  in  the  take-off  and  landing 
configurations  as  an  aid  to  the  interpretation  of 
the  flight  tests. 

In  both  wind  tunnels  an  additional  test  was  carried 
out  at  M  =  0.2  and  Re,  =  2.58.10*  at  atmospheric 
pressure  to  provide  a  direct  comparison  with 
measurements  made  in  the  DNV  wind  tunnel  on  the 
complete  model  M139. 

2.3.  A310  Flight  Test 

To  provide  a  greater  understanding  of  the 
differences  between  winB  tunnel  and  flight,  tests 
with  the  A310-300  prototype  MSN  378  were  carried 
out  with  the  support  of  Airbus  Industrie. 

2.3.1.  Flight  Test  Instrumentation 


The  installation  and  operation  of  the 
instrumentation  of  the  starboard  wing  of  the 
aircraft  was  under  the  responsability  of  a  flight 
test  group.  The  general  arrangements  is  given  in 
fig.  11.  At  the  59  k  wing  station  the  entire  wing 
section  is  instrumented  and  at  the  64,5  k  station 
only  the  slat  : 


-  pressure  boles 

Three  pressure  belts  were  fixed  around  the  wing 
box  including  airbrake,  the  flap  and  the  slat  2, 
containing  25  holes  on  the  slat,  30  holes  on  the 
wing  and  15  holes  on  the  flap.  The  location  of 
the  pressure  holes  was  the  same  as  on  the  half 


nodel  H139  but  with  additional  holes  in  the  nose 
region  of  the  slat. 

-  hot  fila  gauges 

Adjacent  to  the  59  4  and  at  the  64,5  4  station 
two  rows  of  7  hot  fila  gauges  were  glued  on  the 
slat  belt  for  the  attachment  line  transition 
investigation. 

-  unsteady  pressure  transducers  (Sndevco) 

For. the  seasuresent  of  the  unsteady  pressure  5 
Endevco  pressure  transducers  were  flush-mounted 
with  the  slat  belt  surface  :  4  in  the  slat  nose 
region  and  one  near  the  slat  t.e..  Also  one 
Endevco  transducer  was  installed  at  the  wing  t.e. 

-  boundary  layer  rakes 

To  measure  the  total  pressure  in  the  boundary  layer 
one  rake  was  installed  at  the  slat  t.e.  and  one  at 
mid-chord  of  59  4  station  on  the  wing.  The  slat 
rake  with  a  height  of  30  mm  comprised  14  tubes,  the 
wing  rake  with  a  height  of  160  mmn  21  tubes. 

The  scanivalves  and  the  electronic  equipment  needed 
for  the  slat  instrumentation  were  installed  on  a 
special  bracket  which  was  attached  to  the  slat 
structure  in  the  shroud  area  underneath  the  slat. 
In  order  to  avoid  causing  early  transition  on  the 
slat  attachment  line  the  belt  on  slat  2  was 
extended  to  cover  its  full  length,  as  shown  in  the 
photographs  of  fig.  12.  ONERA  had  built  a  mockup  of 
the  slat,  wing  and  flap  nose  in  order  to  achieve 
best  fit  of  the  belt  segments.  The  belt  surfaces 
were  very  smooth  and  the  edges  were  faired  by  means 
of  a  filler. 

2.3.2.  Flight  Test  Program 


Three  test  flights  were  successfully  performed  in 
the  following  sequence  : 

Flight  n"  289  Landing  configuration 
Flight  n”  290  Landing  configuration 
Flight  n®  291  Take-off  configuration 

From  the  flight  measurements  data  points  with 
sufficiently  stabilized  flight  parameters  were 
selected  for  further  evaluation  : 

37  data  points  for  the  take-off  configuration 
36  data  points  for  the  landing  configuration 

The  Mach  number  and  the  Reynolds  number  envelopes 
which  have  been  covered  by  the  different  test  are 
shown  in  fig.  13.  The  Mach  numbers  and  Reynolds 
numbers  of  2D  and  3D  tests  are  correlated  by  simple 
sweep  theory  in  order  to  compare  2D  and  3D  data 
under  equivalent  freestream  conditions .  As  shown  on 
the  figure  2D  test  were  performed  at  Reynolds 
numbers  as  high  as  those  in  flight  and  Reynolds 
numbers  of  between  1/3  and  1/2  of  those  in  flight 
were  achieved  in  the  3D  test. 


3.  DATA  AWALYSIS 

The  programme  has  generated  a  very  comprehensive, 
well  integrated  and  accurate  body  of  data  which  are 
still  under  analysis.  In  this  section  some  results 
will  be  presented  with  emphasis  on  Reynolds  number 
and  Mach  number  effects  on  C  2D'3D  correlations, 
wind  tunnel/f light  test  comparisons  and  Attachment 
Line  Transition  rfsults. 

3.1.  teynolds  number  effect  in  2D  flow 

The  evolution  of  the  maximum  lift  coefficient  C 
over  the  measured  Reynolds  number  range  from 
1.9.10'up  to  16.7.10*  and  a  constant  Mach  number  of 
M  =  0.22  is  shown  in  fig.  14  for  the  take-off  and 
the  landing  configurations.  Favourable  Reynolds 
effect  occurs  up  to  6.7.10’  for  both  configura¬ 
tions.  Further  increasing  Reynolds  number  has  no 
effect  on  C  for  the  landing  configuration  while 
it  causes  a  small  decrease  of  the  for  the  take¬ 
off  configuration.  In  that  case  the  forward  displa¬ 
cement  of  the  transition  'ocation  mainly  on  the 
flap  but  also  on  the  slat  leads  to  an  increase  in 
the  viscous  effets  which  is  not  compensated  by  the 
effect  of  Reynolds  number.  Thus  the  overall  circu¬ 
lation  decreases  for  Reynolds  numbers  above  6.10' 
as  shown  in  fig.  15  where  the  Maximum  Mach  number 
on  the  slat  is  plotted  versus  the  Reynolds  number. 

For  the  landing  conf iguration  transition  on  the 
flap  IS  less  sensitive  to  ReynolJs  number  since  a 
velocity  peak  occurs  at  the  leading  edge  and  the 
overall  circulation  is  almost  constant  for  Reynolds 
numbers  above  6.10*. 

For  low  Reynolds  numbers  laminar  separation  bubbles 
are  present  on  the  three  elements  which  increase 
the  viscous  layers  and  decrease  the  overall  circu¬ 
lation. 

A  good  correlation  is  observed  between  the  C, 
values  obtained  in  the  HST  and  FI  wind  tunnels  at 
6.10*  which  is  confirmed  by  the  pressure  distribu¬ 
tion  plotted  in  fig.  16. 

Detailed  boundary  layer  surveys  have  been  performed 
:t  8  stations  on  the  different  elements  as  well  as 
in  the  near  wake,  as  shown  in  fig.  17  for  the  take¬ 
off  configuration.  Reynolds  number  effect  on  the 
wing  boundary  layer  are  presented  in  fig.  18  for 
the  take-off  and  the  landing  configurations  near 
Cjjj.  As  shown  on  the  figure  a  Reynolds  number 
effect  occurs  for  Reynolds  numbers  lower  than 
6.10*.  For  this  angle  of  attack  merging  between  the 
slat  wake  and  the  wing  boundary  layer  occurs 
downstream  of  station  3  Ix/c  =  0.5). 

No  significant  Reynolds  number  effects  have  been 
found  on  the  dimensions  of  the  separated  flow  areas 
in  the  slat  and  wing  coves  as  well  as  on  the  extent 
of  the  separation  on  the  flap  for  the  landing 
configuration.  For  both  configurations  the  stall  is 
dominated  by  a  wing  trailing  edge  separation. 


3.2.  Hack  Duaber  effect  in  2D  flo* 

The  Hach  number  effects  were  investigated  at  a 
Reynolds  number  of  4.10'  in  the  NLR  HST  wind  tunnel 
and  at  a  Reynolds  number  of  9.10*  in  the  FI  wind 
tunnel ■ 

The  Mach  number  dependence  of  the  maximum  lift 
coefficient  C  ,,,  over  the  measured  range 
0.13  <  M  <  0.3  is  shown  in  fig. 19  for  Re  =  9.10*.  A 
large  decrease  of  the  occurs  for  Mach  numbers 
above  0.22  for  both  the  take-off  and  landing 
configurations.  Pressure  measurements  show  that  the 
strongest  effect  of  Mach  number  occurs  on  the  main 
element  on  which  a  trailing  edge  separation  appears 
at  an  angle  of  attack  several  degrees  lower  than 


The  maximum  local  Mach  number  at  the  slat  leading 
edge  is  plotted  in  fig.  20  for  both  configurations 
and  the  two  Reynolds  numbers.  It  increases  up  to 
values  around  M  =  1.3  -  1.4  which  indicates  that 
shock  boundary  layer  interactions  are  likely  to 
occur  on  the  slat  which  influence  the  slat  boundary 
layer  and  its  wake.  Thus,  the  stall  of  the  wing  is 
certainly  influenced  by  transonic  flow  phenomena 
which  occur  on  the  slat  at  high  angle  of  attack. 

These  have  been  clearly  observed  through  the  signal 
analysis  of  the  Kulites  which  were  located  in  the 
slat  leading  edge  region. 

3.3.  Reynolds  number  effect  in  3D  flow 

Reynolds  number  effect  has  been  investigated  for 
M  =  0.25  on  the  A310  half  model  139  within  a  large 
Reynolds  number  range  (3.4.10'  <  Re,  <  9.2.10')  in 
the  RAE  Sm  wind  tunnel  and  up  to  Re.  =  10.8.10'  in 
the  ONERA  FI  wind  tunnel. 

Correlation  between  the  results  from  the  two  wind 
tunnels  have  been  found  to  be  very  good.  However 
small  differences  have  been  observed  near  C,,,.  The 
data  obtained  on  the  half  model  139  are  also  in 
good  agreement  with  those  obtained  in  the  DNV  wind 
tunnel  on  the  complete  model  as  shown  in  fig.  21. 

The  evolution  of  C with  Reynolds  number  for  the 
take-off  and  landing  configurations  in  both  wind 
tunnels  is  summarized  in  fig.  22.  For  the  take-off 
configuration  with  and  without  the  nacelle  as  well 
as  for  the  landing  configuration  with  the  nacelle 
the  increase  of  C  is  about  IC  =  0.04  over  the 
whole  Reynolds  number  range.  For  the  landing 
configuration  without  the  nacelle  the  effect  is 
smaller  with  a  tendency  for  the  C  values  to 
decrease  for  Reynolds  numbers  above  7.10*.  The 
effect  of  the  nacelle  on  the  C  is  only  signifi¬ 
cant  for  the  landing  configuration. 


Considering  the  59  %  span  section  which  corresponds 
to  the  airfoil  tested  in  2D  the  evolution  of  the 
normal  force  CN  versus  Reynolds  number  near  C,,^,  is 
presented  in  fig.  23.  These  evolutions  correlate 
with  those  obtained  in  2D,  with  an  increase  of  the 
CN  up  to  Re,  =  7.10’  (equivalent  RCj,  -  6.10')  and  no 
significant  effect  for  higher  Reynolds  numbers.  For 


that  span  section  the  nacelle  generates  large  3D 
effects  as  shown  on  the  boundary  layer  profiles, 
measured  at  mid  chord  (fig.  24).  Wake  surveys  have 
been  carried  out  with  a  five-hole  probe  at  x/c  - 
1.05  in  the  ONERA  FI  wind  tunnel.  An  example  of  the 
effect  of  the  Reynolds  number  on  the  wake  profiles 
IS  shown  in  fig.  25.  Increasing  Reynolds  number 
induces  a  decrease  of  the  wake  size  at  high  angle 
of  attack  and  less  mixing  between  the  flap  and  the 
wing  wakes. 

3.4.  Mach  number  effect  in  3D  flow 

Mach  number  effect  has  been  investigated  in  the  RAE 
5m  tunnel  for  a  Reynolds  number  of  7. 4; 10’  (equiva¬ 
lent  2D  Re  4.10').  As  in  2D,  increasing  the  Mach 
number  induces  a  decrease  of  C  (fig.26i  for  the 
complete  model  as  well  as  a  decrease  of  the  maximum 
normal  force  coefficient  of  the  59  %  span  section 
(fig. 27).  The  compressibility  effects  are  greater 
for  the  take-off  configuration.  The  maximum  Mach 
number  on  the  slat  at  the  59  %  span  section  is 
lower  in  3D  than  in  2D. 

3.5.  Comparison  between  wing  section  data  and  2D 
flow  data 

Simple  sweep  theory  has  been  applied  to  the  3D  test 
data  in  order  to  compare  the  dzla  with  the  2D 
values.  Fig.  28  shows  that  this  simple  correlation 
works  quite  well  for  the  maximum  normal  force. 
However  Reynolds  number  effects  for  the  landing 
configuration  are  different  due  to  a  different  flow 
behaviour  on  the  flap  in  2D  with  separation  and  in 
3D  without  reparation. 

For  the  pressure  distribution  the  same  technique 
using  local  sweep  angle  provides  a  good  correlation 
as  shown  in  fig.  29.  Some  differences  appear  on  the 
main  wmg  near  x/c  =  20  %  due  to  different  shapes 
for  the  2D  and  the  3D  models  in  the  slat  trailing 
edge  junction  region  and  on  the  flap.  A  good  2D-3D 
correlation  is  also  obtained  for  the  section  wake 
drag  up  to  CNmax  (fig. 30). 

3.6.  Comparison  between  Flight  and  wind  tunnel  data 

The  total  lift  in  flight  is  plotted  versus  angle  of 
attack  for  both  configurations,  and  compared  with 
wind  tunnel  data  in  fig.  31.  The  lift  coefficients 
at  fligh'  "eynolds  numbers  are  in  good  agreement 
with  the  wind  tunnel  data  for  a  large  range  of 
angle  of  attack.  Near  maximum  lift  the  lift  coeffi¬ 
cient  of  the  aircraft  is  a  little  bit  lower  than 
that  of  the  3D  .model . 


For  the  59  \  span  section  good  agreement  is  also 
observed  (fig.  32)  in  spite  of  the  difference  in 
Reynolds  number  which  confirms  the  small  influence 
of  this  parameter  for  this  configuration.  The 
differences  near  maximum  lift  which  occur  for  the 
landing  configuration  is  due  to  the  flap  which 
carries  more  lift  in  the  wind  tunnel  than  in 
flight,  probably  due  to  small  differences  in  the 
slot  geometry. 


lt)-K 


3.7.  Attaclweiit  line  boundary  layer  investigations 

The  state  of  the  boundary  layer  along  the  slat 
attachnent  line  was  investigated  in  wind  tunnel  and 
in  flight  near  the  S9  %  span  section.  This  has  been 
achieved  in  wind  tunnel  using  one  hot  film  glued  in 
the  slat  near  the  hook  for  three  spanwise  stations 
(54  X,  59  X  and  66  X)  while  for  the  flight  test  the 
whole  slate  was  equipped  with  two  raws  of  7  hot 
films  located  at  q  =  59  X  and  n  =  65  X. 

Some  typical  hot  film  signals  are  shown  in  fig. 33 
for  the  take-off  configuration  with  increasing 
Reynolds  number  at  an  angle  of  attack  near  maximum 
lift.  These  measurements  in  the  RAE  5m  tunnel 
indicate  that  the  Attachment  line  on  the  slat  seems 
to  be  fully  turbulent  at  Re^  =  7.3.10'  which  leads 
to  a  F  value  in  good  agreement  with  the  usual  value 
of  -  300.  A  laminar  separation  bubble  was  observed 
for  the  same  conditions  which  implies  relaminariza- 
tion  of  the  boundary  layer  on  the  upper  surface. 

In  flight  a  laminar  boundary  layer  on  the  slat 
attachment  line  at  the  59  X  station  was  observed 
for  higher  Reynolds  numbers  indicating  that  less 
disturbances  cross  the  59  X  station  in  flight  that 
in  wind  tunnel.  These  differences  can  be  explained 
by  the  fact  that  the  belt  on  the  aircraft  slat 
gives  a  very  smooth  surface  while  the  roughness  is 
higher  for  the  wind  tunnel  model.  Furthermore,  the 
relative  size  of  the  brackets  is  greater  in  the 
wind  tunnel.  Sweep  effect  on  attachment  line  tran¬ 
sition  has  also  been  demonstrated  in  flight  as 
shown  in  fig.  34  where  the  reduction  of  the  air¬ 
craft  sideslip  angle  by  11°. 4  leads  to  a  laminar 
attachment  line  and  a  decrease  of  the  boundary 
layer  thickness  at  the  slat  trailing  edge. 

4.  CONCLUSION 

The  success  of  this  GARTEUR  high  lift  research 
programme  was  made  possible  by  the  excellent 
cooperation  between  the  partners  from  industry  and 
research  establisments .  Form  the  extensive  wind 
tunnel  tests  performed  on  2D  and  3D  A310  high  lift 
models  in  the  NLR,  DRA  and  ONERA  wind  tunnels  as 
well  as  from  the  flight  test  conducted  by  Airbus 
Industrie  the  following  main  conclusions  can  be 
drawn  ; 

2D  test 

-  moderate  Reynolds  number  effect  from  Re,  =  4.10’ 
up  to  16.10', 

-  much  more  important  Mach  number  effect, 

-  the  C,,,,  is  due  to  the  stall  of  the  main  element 
which  is  induced  by  the  slat  wake-wing  boundary 
layer  interaction, 

-  at  high  angles  of  attack,  a  shock-laminar  boun 
dary  layer  interaction  is  observed  on  the  slat 
and  induces  the  thickening  of  the  slat  wake, 

-  the  take-off  configuration  presents  an  unfavou 
rable  Reynolds  number  effect  on  the  C  from 
Re,  =  7.10'. 

3D  test 


-  important  Mach  number  effect, 

-  important  effect  of  the  nacelle  on  the  C  and  on 
the  boundary  layer  profiles  at  the  q  =  0.59 
station  (X/C  =  0.5) , 

-  the  local  sweep  normalization  process  used  tc." 
2D-3D  correlations  leads  to  a  broad  agreement 
between  the  pressure  distributions  at  any  speci¬ 
fied  C, ,  for  the  take-off  coni Igurat ion . 

-  at  moderate  angles  of  attack,  the  take-off  confi¬ 
guration  presents  satisfactory  agreement  between 
2D  and  3D  wake  drag  estimates, 

-  attachment  line  transition  occurs  on  the  slat 
from  Re,  =  7.10'. 

Plight  test 

C  ,  a  correlations  good  between  F.T.  and  W.T. 
data  : 

-  for  the  complete  aircraft  at  moderate  C 

-  for  the  q  =  59  X  section 

Pressure  distribution  correlation  between  half 
model  and  flight  : 

-  quite  good  for  take-off  configuration 

-  some  differences  on  wing  upper  surface  and  flap 
upper  surface  for  landing  conf igur.it i on . 

Hot  Film  signal  analysis  on  slat  ; 

-  both  laminar  and  turbulent  attachment  line  he'’e 
been  observed  at  moderate  angles  of  attack, 

-  b.l.  relaminarizat ion  has  been  observed 

-  at  high  angles  of  attack  a  laminar  attachment 
line  is  detected  in  flight  at  higher  values  of  R 
than  in  the  wind  tunnel  tests. 

All  of  this  substantial  set  of  measuiements  has 
provided  what  is  certainly  the  most  comprehensive, 
well  integrated,  and  accurate  body  of  data  dealing 
with  muti-element  aerofoils  and  wings  operating  at 
high  lift  that  is  available  anywhere  in  the  world. 
The  programme  of  data  acquisition  has  in  itself 
already  provided  valuable  detailed  comparisons 
between  three  major  European  wind  tunnels  ;  these 
have  in  turn  led  to  i.mprovements  in  thenderstanding 
and  the  application  of  test  and  correction  techni¬ 
ques.  Furthermore  the  all-too-ra'e  availability  of 
corresponding  measurements  made  in  flight  are 
immensely  valuable  even  when  assessed  purely  on  tfe 
balance  sheet  of  advances  in  measurement  accuracy. 
However,  more  importantly,  GARTEUR  .member  nations 
now  have  a  better  understanding  of  the  flow  about 
high-lift  systems,  which  will  facilitate  the  deve¬ 
lopment  of  improved  designs,  together  with  a 
comprehensive  data  base  available  for  the  develop¬ 
ment  and  validation  of  new  computational  techni¬ 
ques.  It  has  consequently  been  possible  to  set  up 
a  successor  to  the  Action  Group  tasked  with  taking 
the  first  steps  along  the  road  to  real  improvements 
in  the  aerodynamic  design  of  high-lift  systems. 


-  moderate  Reynolds  number  effect, 
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Fig. 3  Models,  instrumentation  and  wind  tunnels 
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Fig, 4  High  lift  system  of  half  model  139 


Fig. 5 


Viscous  shroud  for  the  half  model  139 
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Model  Ml  in  ONERA  FI  wind  tunnel  with  external  Boundary 
Layer  device  survey  system 
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Half  model  M139  arrangement  in  the  RAE  5m  tunnel 
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Fig. 10  Half  model  M139  in  the  ONERA  FI  wind  tunnel  with  the  wake 
survey  device 


Fig. 11  General  arrangement  of  flight  test  instrumentation 


Belts  on  A310  wing  for  flight  test 


'3  -8  JO  !2  25  28  5C 


**  30 

Test  envelope 


Fig. 13 


iitl9ur  atla 


STATWN3\  station  4!  STATIONS',  st^^ION  7  J 


i  ^ 


STATION  2  I 


R«  z1.«  10* 


STATION  el 


STATION 


Fig. 17  Example  of  boundary  layer  surveys  -  NLR  data 
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Fig.  18  Reynolds  number  effect  on  boundary  layer  data  near 
in  2D  flow 
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Fig.  19  Mach  number  effect  on  in  2D  flow 
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SUMMARY 

Tests  have  been  carried  out,  on  a  combat  aircraft  model 
with  high-lift  devices,  in  the  DRA  Farnborough  5  metre 
pressurised  low-speed  wind  tunnel.  The  deflection 
angle  and  position  of  a  leading-edge  slat  were  varied 
and  optimum  settings  established.  The  separate 
effects  of  Reynolds  number  and  Mach  number  on  overall 
lift  coefficient  and  on  the  optimum  slat  setting  ware 
investigated.  The  results  show  that  optimum 
performance  is  achieved  at  a  very  high  slat  deflection 
angle  and  the  performance  is  st-^ongly  influenced  by 
compressibility  effects 

LIST  OF  SYMBOLS 

c  chord 

Cl  lift  coefficient 

Cunax  maximum  lift  coefficient 

Cp  pressure  coefficient 

Cp  pressure  coefficient  corresponding  to  local 

Mach  unity 

Mo  tree-stream  Mach  number 

A 

M|p^  peak  local  Mach  number 

Re  Reynolds  number 

V  free-stream  velocity 

Xs  siat  overlap 

Zj  slat  gap 

0s  slat  deflection  angle 

a  angle  of  incidence 

A  wing  leading-edge  sweep 

1  INTRODUCTION 

The  flow  around  multi-element  high-lift  aerofoil  sections 
IS  now  relatively  well  understood.  Extensive 
experimental  studies,  such  as  those  in  Refs  1  and  2, 
together  with  theoretical  work  involving  CFD  modelling 
as  in  Ref  3,  have  identified  the  important  features  of 
such  flows,  at  least  in  two-dimensions.  The  conclusions 
have  been  applied  with  some  success^,  in  conjunction 
with  concepts  related  to  infinite  swept-wing  flows,  to 
describe  the  flow  over  wings  of  high  aspect  ratio  and 
moderate  sweep,  such  as  civil  transport  aircraft 
configurations,  whore  root  and  tip  affects  are 
comparatively  small  in  the  context  of  the  overall  flow. 

Extensive  research  has  also  bean  carried  out  into  the 
mechanisms  which  govern  the  optimum  relative 
positions  of  the  components  of  a  high-lift  wing  (eg  slat, 
wing,  flap),  but  rather  less  or.  the  effects  of  Mach 
number  and  Reynolds  number  on  this  optimum.  The 
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location  of  such  an  opt.,  rum  is  obviously  important,  and 
is  the  result  of  two  competing  effects  arising  from  the 
relative  movement  of  the  wing  elements.  Firstly,  as  the 
two  elements  are  moved  together,  load  is  increasingly 
shared  between  the  two  surfaces,  and  the  pressure 
distribution  on  both  elements  is  modified.  This 
increases  the  load  on  the  upstream  element  and 
decreases  the  load  on  the  downstream  element, 
reducing  the  likelihood  of  flow  separation  on  the  'after. 

In  addition  to  the  possibility  of  flow  separation  from  the 
upstream  element  due  to  increasing  load,  the  wake  from 
this  element  can  merge  with  the  boundary-layer  on  the 
downstream  element,  thickening  it  and  increasing  the 
likelihood  of  flow  separation. 

It  IS  apparent,  therefore,  that  the  high-lift  device  may  be 
positioned  in  order  to  achieve  a  balance  between  the 
adverse  and  beneficial  effects,  leading  to  the  concept 
of  an  optimum  setting. 

In  addition  to  their  application  to  civil  transport  aircraft, 
high-lift  devices  are  also  used  on  some  combat  aircraft, 
not  only  for  improved  take-off  and  landing  performance, 
but  also  for  enhanced  manoeuvrability.  However, 
combat  aircraft  wings  are  usually  of  higher  sweep  than 
'civil'  wings  and  have  lower  aspect  ratio  as  well  as 
thinner  aerofoil  sections,  this  latter  characteristic 
leading  to  potential  practical  problems  or 
accommodating  mounting  brackets  for  high-lift  devices. 
These  features  of  the  wing  geometry  result  in  highly 
three-dimensional  flows  which  are  a  severe  test  of  the 
two-dimensional  concepts  used  to  describe  the  flow 
over  civil  wings. 

In  general,  increased  sweep  shifts  the  spanwise  loading 
outboard,  and  also  tends  to  shift  the  chordwise  loading 
forward.  The  pressure  gradients  are  made  more 
adverse  near  the  tip  as  a  result.  Together,  these 
effects  would  tend  to  encourage  the  stall  to  occur  first 
near  the  tip,  with  a  leading-edge  type  stall,  which  is  also 
more  likely  with  the  thinner  aerofoil  sections  used  on 
combat  aircraft. 

It  would  appear  then  that  this  markedly  three- 
dimensional  flow  around  combat-aircraft  wings  means 
that  earlier  work  on  low-sweep,  high-aspect-ratio  wings 
may  not  give  a  good  guide  to  the  optimum  positioning  of 
high-lift  devices,  and  probably  of  leading-edge  slats  in 
paiTcular. 

Thus  a  need  was  perceived  for  fundamental  research 
info  the  general  area  of  high-lift  devices  for  combat 
aircraft  v.-mgs,  and  wrth  this  in  mind  a  model  with  a  low 
aspect-ratio,  high  sweep  and  high  taper-ratio  wing  was 
manufactured  at  DRA  Farnborough,  U.K.  In  the  present 
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tests,  the  deflection  angle  of  the  slat  and  its  position 
relative  to  the  wing  were  varied  in  order  to  establish  the 
deflection  and  location,  necessary  to  optimise  Ci^max  ■ 
The  freestream  Mach  number  and  Reynolds  number 
were  also  varied  independently  in  order  to  examine  how 
these  parameters  affected  the  overall  C(.max 
optimum  slat  position  and  deflection. 

2  DESCRIPTION  OF  MODEL 

The  model,  designated  DRA  Model  495^,  is 
representative  of  a  low-level  strike-fighter.  It  was 
designed  for  general  research  into  high-lift  devices  on 
low  aspect-ratio  swept  wings.  The  general  layout  of  the 
model  is  shown  in  Fig  1,  in  which  the  principal 
dimensions  are  indicated;  these  are  also  given  in 
Tablet.  The  high  mounted  wing  has  an  8%  thick 
supercritical  section,  and  has  provision  for  an  18% 
chord  leading-edge  slat  and  a  33%  chord  trailing-edge 
flap,  or  a  plain  undeflected  trailing-edge.  As  originally 
designed,  the  slat  deflection  angle  could  be  set  at  25*’ 
and  35°,  but  for  reasons  discussed  later,  it  was 
subsequently  found  necessary  to  make  modifications  to 
increase  the  available  deflection  to  45°.  The  slat 
position  relative  to  the  wing  can  be  adjusted  also,  over 
the  range  shown  in  Rg  2.  This  range  was  also  increased 
during  the  present  tests.  The  slat  brackets  were  of  a 
special  profiled  design  (illustrated  in  Fig  3)  which  is  used 
to  minimise  the  wake  shed  from  the  brackets.  Such 
wakes  are  known  to  be  entrained  through  the  slat  gap  at 
moderate  to  high  a’s  and  can  induce  premature  fbw 
separation  on  the  wing. 

The  flap  also  is  adjustable  in  overlap  and  gap,  as  well  as 
having  a  number  of  deflection  angles  available. 

The  model  has  a  fixed  fin  and  an  adjustable  tailplane, 
but  the  latter  was  not  fitted  for  the  present  tests. 

The  port  wing,  slat  and  flap  have  provision  for 
measurement  of  surface  pressures  by  means  of 
spanwise  tubes  which  have  tappings  drilled  in  them  at 
several  spanwise  stations,  the  unwanted  holes  being 
blanked  off  with  adhesive  tape,  so  that  pressures  may 
be  measured  at  one  discrete  station.  The  starboard 
wing  has  tubes  and  tappings  at  one  station  only,  near 
the  tip.  The  pressures  are  scanned  by  on-board 
Scanivalves,  and  converted  to  electrical  signals  by 
pressure  transducers. 

For  the  present  tests,  the  model  was  mounted  on  an 
underfloor  six-component  mechanical  balance  by  way  of 
a  single  main  strut  plus  a  jacking  strut  at  the  tail  to 
provide  pitch  variation,  as  shown  in  Fig  4.  The  mounting 
allowed  a  range  of  angle  of  incidence  of  -8°  to  -t-40°.  the 
angle  being  measured  by  on-board  accelerometers. 

3  TEST  CONFIGURATION  AND 
CONDITIONS 

The  model  was  tested  with  both  the  plain  wing  trailing- 
edge  and  with  the  single-slotted  flap  set  at  20° 
deflection,  this  being  the  highest  angle  at  which 
attached  flow  could  be  expected.  The  overlap  and  gap 
were  set  at  0%  and  3%  respectively,  relative  to  the 
shroud  trailing-edge.  The  model  was  tested  with  the  slat 
set  at  25°,  35°  and  45°  with  the  plain  trailing-edge,  and 
35°  and  45°  only  with  the  slotted  flap. 

The  tests  were  conducted  in  the  DRA  Farnborough 
5  metre  pressurised  low-speed  wind-tunnel^  and 


encompassed  the  range  of  Reynolds  number  and  Mach 
number  listed  in  Table  2;  this  was  close  to  the  widest 
range  allowed  by  the  operating  envelope  of  the  tunnel, 
as  shown  in  Fig  5,  and  by  the  design  stress  limit  of  the 
model.  Force  measurements  were  made  at  small 
increments  of  angle  of  incidence  to  beyond  the  stall, 
while  surface  pressures  were  monitored  at  57.8%  span 
on  the  port  wing  and  82.6%  span  on  the  starboard  wing, 
as  shown  in  Fig  1 .  These  pressures  were  recorded  at 
a  -  16°.  20°  and  24°  and  at  3.2°,  1 .2°  and  0.2°  below  the 
stall. 

For  the  slat  optimisation  process,  the  slat  was  set  at 
each  of  a  number  of  positions  in  turn,  and 
measurements  of  forces  and  pressures  were  made  over 
the  range  of  a  and  Mq  and  Re . 

4  RESULTS  AND  DISCUSSION 

Figs  6a  and  6b  show  an  example  of  the  variation  of  lift 
coefficient  C|.  with  angle  of  incidence  over  the  range  of 
Reynolds  number  and  for  the  range  of  Mach  number 
covered  in  the  tests,  respectively. 

The  Figures  show  that  a  fairly  high  C^max  is  achieved, 
albeit  at  a  high  angle  of  incidence,  as  would  be  expected 
for  this  tow  aspect-ratio  configuration. 

Fig  6a  shows  that  C^max  is  Reynolds  number  dependent 
and  Fig  6b  shows  that  it  is  very  strongly  Mach  number 
dependent. 

The  foregoing  suggests  headings  under  which  the 
results  may  be  discussed,  to; 

(i)  Geometry  effects 

(ii)  Reynolds  number  effects 

(iii)  Mach  number  effects 

and  these  three  aspects  will  be  considered  in  turn. 

4.1  Geometry  Effects 

As  mentioned  in  the  Introduction,  the  tow  aspect-ratio 
and  high  sweep  of  the  present  configuration  should 
typically  result  in  a  high  loading  towards  the  tip.  Fig  7a 
shows  the  pressure  distributions  at  the  two  tapping 
stations,  just  below  C(.max  •  and  these  do  show  much 
higher  suction  peaks  at  the  outboard  station. 
Comparison  with  results  from  a  typical  civil  transport 
model  in  Fig  7b,  at  similar  spanwise  locations,  also  just 
below  C|.n^ax  >  shows  that  the  latter  has  a  much  smaller 
variation  on  the  slat  between  the  tip  region  and  the 
station  near  mid  semi-span.  In  both  Figures  the 
pressure  coefficient  corresponding  to  local  sonic 
velocity  is  indicated.  In  the  case  of  the  fighter 
configuration  the  slat  suction  peak  exceeds  this  value 
in  the  tip  region,  and  the  implications  of  this  local 
supersonic  flow  will  be  discussed  in  a  later  section. 

4.1.1  Effect  of  Slat  Deflection  and  Position 

The  original  design  of  the  model  assumed  that  the 
optimum  slat  deflection  angle  and  position  would  be 
similar  to  that  established  r.n  high  aspect  ratio,  lower 
sweep  'civil'  wings.  This  r .  suited  in  the  initial  deflection 
angle  of  25°,  although  just  prior  to  the  first  tests, 
modifications  were  made  to  enable  the  slat  to  be  set  at 
an  alternative  deflection  of  35°.  The  first  tests 
commenced  with  the  lower  deflection  angle  (in 
conjunction  with  the  plain  trailing-edge),  but,  as 
suggested  by  Fig  8a  which  shows  the  variation  of  C^max 
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with  slat  position,  it  was  quickly  discovered  that  the 
W3S  Still  increasing  when  the  limit  of  the  available 
slat  adjustment  range  was  reached.  The  rapid  increase 
'n  Ctniax  >  seen  in  the  Figure,  as  the  slat  was  moved 
away  from  the  wing  thus  reducing  the  load  carried  by  the 
slat,  indicated  that  It  was  very  heavily  loaded,  and  this 
probably  resulted  in  an  early  flow  separation,  originating 
on  the  slat.  This  result  prompted  the  abandonment  of 
the  25°  slat  in  favour  of  the  35°  deflection  which 
hopefully  would  be  sufficiently  less  highly  loaded  and 
would  enable  a  peak  to  be  achieved  much  closer 

to  the  wing. 

An  example  of  the  variation  of  C|,max  slat  position 
for  the  35°  slat  is  also  shown  in  Fig  8a.  It  may  be  seen 
that  Ctmax  was  now  nearly  0.2  higher  than  for  the  lower 
slat  deflection,  but  the  position  corresponding  to  peak 
Cl.  lax  was  still  obviously  further  ahead  of  the  wing.  At 
this  stage,  further  modifications  were  made  to  the 
model,  to  increase  the  range  of  adjustment  of  the  slat, 
enabling  it  to  be  moved  further  forward  of  the  wing  and 
also,  since  it  was  obvious  that  the  slat  was  still  very 
highly  loaded  at  35°  provision  was  made  for  an  additional 
increase  in  slat  deflection  to  45°. 

Due  to  insufficient  tunnel  time,  a  full  range  of  slat 
positions  using  the  extended  range  for  the  35°  slat,  in 
conjunction  with  the  plain  trailing-edge,  was  not 
completed,  but  tests  on  the  45°  slat  covered  a  sufficient 
range  of  positions  to  enable  the  position  giving  the 
highest  value  of  Ctmax  fo  located  as  shown  in  Fig  8b. 
It  may  be  seen  however  that  this  maximum  value  is  now 
lower  than  that  for  the  35°  slat,  suggesting  that  the 
optimum  deflection  is  lower  than  45°,  although  the 
corresponding  optimum  slat  position  is  at  a  fair'y  small 
underlap  relative  to  the  wing  leading-edge  at  the  higher 
deflection. 

A  feature  of  the  45°  slat  deflection  is  the  large  drop  in 
^Lmax  (about  0.4  relative  to  the  optimum  value)  as  3% 
underlap  and  1.5%  gap  is  approached.  This 
corresponds  to  a  reduction  in  stall  incidence  of  about  6° 
for  this  case  and  is  presumably  associated  with  a  more 
rapid  change  to  the  pressure  distributkin,  and  hence  the 
proportion  of  the  overall  load  carried  by  the  wing  as  the 
slat  is  moved  away  from  it  than  was  the  case  for  the  35° 
deflection.  The  configuration  with  a  slotted  flap  shows  a 
much  smaller  loss  in  Ctmax  fbis  setting  as  will  be 
seen  in  the  next  section. 

4.1.2  Effect  of  Slat  Position 

In  order  to  explore  fully  the  optimisation  of  the  35°  and 
45°  slats  in  conjunction  with  the  single-slotted  flap, 
additional  modifications  wore  made  to  the  model  to 
increase  the  range  of  slat  adjustment  in  both  x,  and 
Zg ,  as  the  earlier  measurements  showed  that  optimum 
CLmax  tended  to  occur  at  more  negati  'e  values  of  Xg 
and  lower  values  of  Zg  than  could  be  achieved  on  the 
model  originally. 

Fig  9  shows  typical  examples  of  the  variation  of  CLma* 
with  slat  position  at  the  two  slat  deflection  angles  for  the 
staffed  flap  configuration.  As  with  the  plain  trailing-edge 
configuration  the  35°  slat  achieves  the  higher  CLma«  • 
but  at  the  exjsense  of  an  underlap  greater  than  4%  -  this 
amount  of  underlap  may  not  be  possible  on  a  real 
aircraft  for  structural  reasons.  Similarly,  it  may  not  bo 
possible  to  incorporate  practical  slat  brackets  to 
provide  a  45°  deflection  in  a  thin  fighter  wing.  Even  the 


35°  slat  may  pose  problems  in  this  respect. 
Furthermore,  it  is  also  noticeable  in  Fig  9  that  the  slat  at 
45°  deflection  is  rather  more  sensitive  to  position  than  it 
is  at  35°  and  the  tower  slat  deflection  could  be  used  at 
an  off-optimum  position  without  incurring  much  penalty 
in  CLmax  • 

In  order  to  determine  the  precise  positions  of  the  slat 
which  correspond  to  optimum  CLmax  >  values  of  overlap 
and  gap  for  a  range  of  values  of  CLmax  were  read  off  the 
earlier  plots  of  CLmax  against  slat  position  and  plotted  in 
the  form  of  constant  CLmax  ‘contours',  as  illustrated  in 
Fig  10,  which  is  derived  from  Fig  9.  Plots  of  this  type 
enabled  the  optimum  slat  location  to  be  determined 
within  about  ±0.2%  of  overlap  and  gap.  These  data 
enabled  the  variation  of  the  optimum  positions  over  the 
range  of  Mq  and  Re  to  be  examined  -  this  aspect  is 
discussed  in  the  following  sections. 

4.2  Reynolds  Number  Effects 

4.2.1  Overall  Effects 

The  overall  effect  of  Re  on  the  CLmax  a  fixed  slat 
position  is  illustrated  in  Fig  1 1 ,  which  also  shows  results 
for  a  typical  civil  transport  model  at  a  similar  Mg .  It  may 
be  seen  that  the  two  configurations  show  a  similar 
degree  of  sensitivity  to  Reynolds  number. 

4.2.2  Effect  on  Slat  Optimum 

As  suggested  earlier,  the  optimum  position  of  the  slat 
may  vary  with  flow  conditions.  In  Fig  12,  the  variation  of 
Xg  and  Zg  is  plotted  against  Re  for  the  two  slat 
deflection  angies  at  Mg  ■  0.22  .  The  Figure  shows  some 
apparent  movement  of  the  optima  with  Reynolds 
number,  although  the  actual  changes  in  x,  and  z,  are 
of  the  same  order  as  the  accuracy  with  which  the 
optimum  positions  were  determined.  It  is  reasonable  to 
suppose  that  the  effect  of  increasing  Reynolds  number 
would  be  to  generate  thinner  boundary-layers,  which  in 
turn  would  affect  the  degree  of  wake/boundary-layer 
interaction.  This  would  suggest  that  the  optimum  slat 
position  should  move  closer  to  the  wing  as  Reynolds 
number  was  increased.  However,  the  results  do  not 
give  clear  support  for  this  hypothesis. 

Although  the  35°  slat  appears  to  show  the  larger 
movement  of  optimum  position  with  Re  ,  the  sensitivity 
of  CLmax  1°  position  has  been  shown  to  be  rather 
less  than  that  for  the  45°  deflection,  so  the  actual 
variation  of  optimum  CLmax  with  Re  has  to  be 
considered  in  order  to  assess  the  relative  loss  of  CLmax 
associated  with  f'xing  the  slat  position  for  the  full  range 
of  Re  .  and  this  is  shown  in  Fig  13.  The  Figure  shows 
the  increment  in  CLmax  (of  fbe  slat  fixed  in  its  optimum 
position  for  the  lowest  Reynolds  number,  compared  with 
the  corresponding  increment  when  the  siat  is  moved  to 
the  position  giving  the  highest  attainable  CLmax  ss  Re 
is  increased.  The  increment  in  CLmax  •of  ®s  “  35° 
relative  to  63  -  45°  is  also  included. 

It  may  be  seen  that  the  potential  loss  in  CLmax  (or  a 
'fixed'  35°  slat  is  about  0.03,  compared  with  a 
're-optimised'  slat.  Also,  the  'fixed'  slat  has  a  lower 
CLmax  fban  the  45°  slat  at  the  higher  Rey  nolds  numbers. 
The  45°  shows  very  tittle  loss  in  CLmax  fixed  at  the 
same  position  through  the  Re  range,  although  its  CLmax 
is  lower  than  that  for  the  're-optimised'  35°  slat  through 
the  whole  range. 
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4.3  Mach  Kumbar  Effacta 

4.3.1  Ovarall  Effacta 

The  overall  effect  of  the  variation  of  Mo  on  Ct.maj( 
shown  in  Fig  14  which  also  shows  resuKs  for  the  civil 
transport  model;  these  latter  are  at  a  rather  lower  Re. 
The  plot  for  the  combat  aircraft  configuration  is 
characterised  by  a  large  reduction  in  Ctmu  between 
Mo»  0.22  and  0.28,  while  the  transport  aircraft 
configuration  appears  to  exhibit  a  more  gradual  drop  off 
^max  ■  compressibility  effect  is  presumably 
associated  with  high  tocal  subsonic  and  supersonic 
flows,  as  suggested  by  Fig  7a.  This  is  further  illustrated 
in  Figs  15a  and  ISb  which  show  the  variation  with  Mo  of 
peak  local  Cp  just  below  C|^max  ^nd  wing 

leading-edges  for  the  fighter  and  transport 
configurations,  at  similar  stations  near  the  tip  and  near 
mid  semi-span.  It  is  seen  that  for  Mq  •  0.16  (0.15  for 
the  transport  aircraft)  the  flow  is  wholly  subsonic  for 
both  configurations.  At  Mq  -  0.22  the  flow  attains 
supersonic  velocity  on  the  slat  near  the  wing  tip  for  the 
combat  aircraft,  while  the  wing  leading-edge  is  just 
sonic,  and  the  inboard  station  is  entirely  subsonic,  as 
are  both  stations  for  the  transport  airaaft  (Mq  «  0.21)  on 
slat  and  wing.  At  Mq  «  0.28  there  is  supersonic  flow  on 
the  slat  and  wing  leading-edge  at  both  the  tip  and 
inboard  station  of  the  combat  aircraft;  in  contrast  the 
transport  aircraft  (Mo  >  0.27)  just  achieves  supersonic 
flow  at  both  stations,  and  that  for  the  slat  only. 

It  is  interesting  to  note  that  although  the  35°  slat,  being 
more  highly  loaded  had  a  much  higher  peak  suction  than 
the  45°  slat  at  the  lower  Mach  numbers,  at  Mo  «  0.28  the 
peak  suctions  for  the  two  deflections  have  very  similar 
values,  at  least  on  the  outboard  wing.  This  suggests 
that  there  is  an  effective  limit  imposed  on  Cp^in  . 
presumably  by  compressibility  effects.  This  feature  is 
illustrated  in  Fig  16  which  shows  the  overall  Cpn,in 
plotted  against  Mp  for  both  slat  deflection  angles  at  two 
slat  positions  for  each.  Also  shown  on  this  plot  is  the 
variation  of  a  maximum  Cp  as  derived  by  Mayer^. 
Mayer’s  empirical  criterion  states  that 

-CpM2  <  1 

compared  to  the  theoretical  limit  of  1 .4. 

The  Mayer  expression  gives  Cp- -12.75  at  Mb -0.28 
which  is  very  close  to  the  apparent  limiting  value  at  this 
Mo  from  the  present  tests,  as  seen  in  Fig  16,  although 
Mayer’s  result  was  obtained  from  tests  on  a  simple 
aerofoil  at  rather  higher  Mach  numbers.  This  effective 
limit  on  Cp^in  has  implications  for  other  aspects  of  the 
results,  as  will  be  seen  later. 

It  has  been  shown  that  supersonic  local  velocities  exist 
on  the  slat  and  wing  leading-edges  at  the  higher 
freestream  Mach  numbers.  Using  the  expression  given 
in  the  Annex,  the  combat  aircraft  configuration  can  be 
seen  to  generate  tocal  Mach  numbers  of  up  to  about  1 .5. 

Comparison  with  the  results  for  the  lower  sweep,  high 
aspect-ratio  case  also  shown  in  Fig  16  shows  that  for 
this  tatter  the  peak  local  suctions  are  appreciably  lower, 
with  correspondingly  lower  Miod  ,  and  that  in  this  case 
the  Cpinin  's  not  high  enough  to  assess  whether  it  too 
conforms  to  the  Mayer  criterion.  On  the  other  hand,  the 
large  loss  of  C|.max  experienced  by  the  fighter 


configuration  at  the  highest  Mp  appears  to  coincide 
with  Cp^  reaching  the  limiting  value  suggested  by  this 
criterion.  It  is  postulated  that  the  Mayer  criterion  may 
describe  a  ‘primary’  inviscid  effect  in  which  local 
velocity  is  limited  by  compressibility,  while  the  more 
general  case  of  loss  of  C^i^ax  with  increasing  Mp  is  a 
‘secondary’  effect  in  which  the  boundary-layer  is 
thickened  by  compressibility  and  results  in  earlier  flow 
separation. 

It  would  appear  then  that  the  sudden  loss  of  C^max 
between  the  two  highest  freestream  Mach  numbers  lor 
the  combat  aircraft  is  associated  both  with  the  spread  of 
local  supersonic  flow  inboard  on  the  slat  and  wing  which 
could  give  rise  to  compressibility-induced  boundary- 
layer  thickening  resulting  in  an  earlier  stall,  and  also  with 
a  direct  limit  imposed  on  the  maximum  value  of  Cp^^n  ■ 
as  suggested  by  the  Mayer  criterion. 

4.3.2  Effect  on  Optimum  Slat  Deflection 

Fig  1 7  shows  the  variation  of  C^max  with  slat  deflection 
angle  over  the  range  of  Mp  ,  for  the  plain  trailing-edge 
configuration. 

The  Ci.max  (or  the  25°  and  35°  are  the  highest 
achieved  values,  while  those  for  the  45°  slat  are  the 
optimum  values.  Compared  with  the  35°  slat  is 

lower  at  45°  deflection  for  Mp  -  0.1 6  an  3.22,  even  with 
the  35°  slat  in  a  non-optimum  position.  ' .  Mp  -  0.28  the 
45°  develops  the  slightly  higher  Ci^^ax  '  fhis  is  possibly 
because  the  35°  slat,  being  more  highly  loaded,  suffers 
more  from  compressibility  limitation  at  this  higher  Mp  . 

4.3.3  Effect  on  Slat  Optimum 

In  Fig  1 8,  the  optimum  values  of  Xj  and  z*  are  plotted 
against  Mp  for  the  35°  and  45°  slat  deflections,  at  one 
value  of  Re  .  As  with  the  variation  with  Reynolds 
number,  the  movements  are  fairly  small  compared  with 
the  accuracy  of  the  optimum  position  data. 

It  is  to  be  expected  that  any  effects  due  to 
compressibility  depend  on  the  relative  loading  of  the  slat 
and  the  wing.  Hence  the  movement  of  the  35°  slat 
optimum  away  from  the  wing  initially  and  then  back 
towards  it  as  Mp  is  increased  may  be  due  to  the 
e4>pearance  of  supersonic  flow  first  on  the  slat  and  then 
on  the  wing.  The  45°  slat  may  behave  differently  as 
supersonic  flow  appears  on  the  slat  and  wing  roughly 
simultaneously.  This  will  be  discussed  in  more  depth  in 
the  following  section. 

Fig  19  shows  the  overall  effect  of  fixing  the  slat  position 
for  the  full  range  of  Mp ,  compared  with  re-optimising  the 
slat  at  each  Mp  .  The  relative  effects  for  the  two  slat 
deflections  are  shown.  It  is  seen  that  the  potential  loss 
in  C^max  35°  is  about  0.05  at  the  highest  Mp  , 

while  the  45°  shows  an  appreciably  smaller  loss  of  about 
0.01,  and  even  the  ‘re-optimised’  35°  slat  has  a  lower 
Cimax  1(^3"  '(’3  re-optimised  45°  slat. 

4.3.4  Variation  of  Local  Mach  Number 

In  section  4.3.1  it  was  shown  that  the  high  levels  of 
peak  suction  on  the  slat  and  wing  leading-edges  were 
associated  with  local  supersonic  velocities,  and  in  the 
discussion  on  slat  optimisation  in  section  4.3.3  it  was 
suggested  that  the  optimum  slat  position  could  be 


influenced  by  the  variation  of  Mi^cai  O't  these 
components. 

Figs  20a  to  20f  shows  the  variatbn  of  the  peak 
the  wing  and  slat  for  both  slat  deflections  at 
Mq- 0.16,  0.22  and  0.28,  at  the  outboard  pressure 
plotting  station.  Also  shown  on  the  plots  are  the 
optimum  slat  locations  as  discussed  in  section  4.1.2.  ft 
will  be  seen  that  several  of  these  plots  have  a  rather 
‘confused’  appearance,  while  others  show  a  well  ordered 
variation  of  peak  Miocai  with  slat  position.  The  most 
likely  explanation  for  this  feature  is  that  due  to  the 
sharpness  of  the  suction  peaks  near  Ci^max  •  *f  is  quKe 
possible  that  there  would  not  have  been  a  pressure 
tapping  coincident  with  the  maximum  suction,  and  the 
apparent  value  of  Cp^in  may  well  be  in  error  by  a 
significant  amount.  For  example,  if  at  Mq  •  0.22  the 
true  Cp^in  is  -15,  but  the  maximum  recorded  value  is 
-14,  the  resulting  error  in  peak  Miocai  's  about  0.05.  It 
will  be  seen  that  adjustment  of  some  of  the  points  in  the 
peak  Miocai  Piofs  by  increments  of  this  order  could 
result  in  a  much  more  ordered  appearance. 

Bearing  this  point  in  mind,  the  plots  in  Fig  20  do  show 
some  interesting  features  which  reflect  the  overall 
variation  of  Ci_n,ax  ■  Firstly,  it  is  soon  that  peak  Miocai 
increases  as  expected  with  Mg  ,  from  totally  subsonic 
values  at  Mg  -  0.16,  to  a  mix  of  subsonic  and 
supersonic  at  Mq  •  0.22,  to  almost  totally  supersonic 
values  at  Mo  <•  0.28,  as  seen  in  section  4.3.1.  At  the 
highest  Mq  {Figs  20o&f)  the  maximum  peak  Miocai 
approaches  1 .5  which  corresponds  to  a  value  of  Cpmin 
which  comes  close  to  satisfying  Mayer’s  criterion  as 
discussed  in  section  4.3.1.  As  Mq  is  increased  it  is 
also  obvious  that  the  total  variation  of  peak  Miocai  over 
the  range  of  slat  movement  also  increases.  This  is 
consistent  with  the  expression  for  Miocai  given  in  the 
Annex  which  shows  that  the  calculated  value  becomes 
more  sensitive  to  Cp  as  Mo  is  increased.  This  effect  is 
probably  partially  responsible  for  the  less  well-ordered 
examples  of  the  variation  of  peak  Miocai  wi'h  slat 
position.  It  is  possible  that  it  also  has  some  influence 
on  the  location  of  the  optimum  slat  position,  at  the 
highest  Mq  at  least,  as  will  be  discussed  shortly. 

It  may  also  be  seen  that  the  variation  of  peak  Miocai 
the  two  slat  deflections  differs  significantly,  at 
Mo-0.28  in  particular.  At  this  Mq  the  35°  slat 
(Fig  20e)  shows  quite  a  small  range  of  peak  Miocai 
fairly  large  on  the  wing,  while  the  45°  slat  has  a  very 
large  range  of  peak  Miocai  ^nd  the  wing  has  a  very  small 
range.  It  will  be  noted  that  in  both  cases  the  maximum 
value  of  peak  local  Mach  number  is  generally  close  to 
1.5,  which,  as  has  been  seen,  approximately  satisfies 
Mayer’s  criterion,  and  this  appears  to  impose  a  limit  on 
the  amount  of  load  the  slat  or  wing  can  carry.  The  35° 
slat,  being  already  highly  loaded,  quickly  reaches  the 
'Mayer  mit’  as  it  is  moved  towards  the  wing,  while  the 
less  highly  loaded  45°  slat  is  able  to  increase  its  peak 
Mjocai  a  large  amount  before  the  this  limit  is  reached.  In 
the  latter  case  the  wing  has  a  peak  Miocai  1  °ver 
the  whole  slat  adjustment  range,  and  so  is  near  the  limit 
suggested  by  Mayer,  whatever  the  slat  position.  The 
effect  is  further  demonstrated  as  Mq  is  reduced 
(Fig  20d),  where  we  see  a  much  more  ’balanced’ 
variation  of  peak  Miocai  ott  f^a  slat  and  wing,  and  at 
these  bwer  freestream  Mach  numbers  the  'Mayer  limit' 
is  no  longer  being  reached  on  either  component. 


This  concept  of  a  limiting  value  of  Cp^m  ,  and  hence 
Miocai  adds  a  further  parameter  to  the  variation  of  the 
optimum  slat  position  with  Mq  .  As  the  highest 
freestream  Mach  number  is  approached  the  peak  Miocai 
on  the  slat  and  wing  tend  to  have  very  similar  values  at 
the  optimum  slat  setting,  and  this  value  is  close  to  the 
limit  suggested  by  Mayer.  This  effect  is  most  noticeable 
for  the  35°  slat  which  has  large  differences  in  peak 
Miocai  between  slat  and  wing  at  the  lower  Mq's  .  At 
Mq  -  0.28  the  load  on  this  slat  therefore  appears  to  be 
limited  to  a  greater  degree  than  for  the  45°  deflection. 
This  is  consistent  with  the  earlier  results  for  the 
variation  of  C|_o^  with  slat  deflection  and  Mg  . 

Referring  to  the  discussion  of  the  movement  of  the  slat 
optimum  with  Mq  in  section  4.3.3,  the  increase  of  Mq 
from  0.22  to  0.28  results  in  a  much  larger  shift  of  the 
optimum  position  towards  the  wing  than  for  the  increase 
from  0.16  to  0.22.  This,  as  shown  in  Fig  20f  is  where  the 
peak  values  of  Mio^ai  on  the  wing  start  to  reach  the 
‘Mayer  limit’,  and  the  optimum  is  deter'^ined  solely  by 
the  maximum  load  on  the  slat,  which  itself  Is  imposed  by 
a  balance  of  the  limiting  value  of  Cpni,n  and  the  slat 
wake/wing  boundary-layer  interaction. 

It  will  be  noted  that  the  foregoing  only  considers  data 
from  the  pressure  plotting  station  near  the  wing  tip.  The 
results  from  the  mid  semi-span  station  have  not  been 
fully  analysed,  but  due  to  the  higher  peak  suctions  in 
the  tip  region,  the  limiting  values  suggested  by  Mayer 
are  not  reach^  further  inboard. 

5  SYNOPSIS 

Fig  21  shows  the  overall  variation  of  Ctmax  with  Mq 
and  Re  for  one  slat  deflection  and  position  for  the 
fighter  configuration,  with  the  corresponding  plot  for  the 
transport  aircraft.  This  summarises  the  relative  effects 
of  Reynolds  number  and  Mach  number  as  well  as  the 
fundamental  differences  between  the  two 
configurations.  It  must  be  borne  in  mind  that  any 
differences  in  absolute  values  of  Ct^ax  between  the 
two  configurations  can  be  attributed  at  least  in  part  to 
differences  in  flap  size,  type  and  deflection.  The  rate  of 
change  of  CLmax  v/ith  Reynolds  number  is  remarkably 
similar  for  the  two  configurations,  and  the  only 
significant  difference  would  seem  to  be  the  sensitivity  to 
Mo. 

The  increments  in  C^max  associated  with  slat  re¬ 
optimisation  (/e  up  to  0.05),  discussed  in  sections  4.2.2 
and  4.3.3,  are  soon  to  bo  significant  in  terms  of  total 
^Unax  • 

6  CONCLUSIONS 

Tests  have  been  carried  out  in  the  DRA  Farnborough  UK 
5  metre  wind  tunnel  on  a  model  which  represents  a 
fighter  configuration  with  a  low  aspect-ratio,  high 
mounted  swept  wing  with  a  supercritical  section  profile. 
The  model  had  two  basic  configurations,  one  with  a 
plain,  undeflected  wing  trailing-edge,  and  the  other  with 
a  single-slotted  flap.  Both  configurations  had  a  leading- 
•edge  slat  with  three  available  deflection  angles,  25°,35° 
and  45°,  although  only  the  two  higher  deflections  were 
tested  with  the  slotted  flap. 
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The  purpose  of  the  tests  was: 

(a)  to  examine  the  overall  characteristics  of  the 
configuration  and  how  these  were  influenced  by 
scale  and  compressibility  effects. 

(b)  to  determine  the  optimum  deflection  angle  and 
locatbn  of  the  slat,  and 

(c)  to  investigate  how  these  optima  varied  with  Mach 
number  and  Reynolds  number. 

To  achieve  these  aims,  overall  forces  and  moments 
were  measured,  and  surface  pressures  were  recorded 
at  two  spanwise  locations. 

The  main  conclusions  obtained  from  the  results  are: 

(1)  The  configuration  develops  a  high  C|,,nax  but  the 
lift-curve  slope  is  low  as  would  be  expected  for  the  low 
aspect-ratio,  resulting  in  a  very  high  angle  of  incidence 
3'  Q.max  • 

(2)  The  slat  deflection  angle  for  optimum  Ci_max  's 
between  1 0°  and  20“  higher  than  the  typical  value  for  a 
transport  aircraft. 

f3)  The  25°  and  35°  slat  deflections  result  in  optimum 
positions  which  are  at  large  values  of  underlap.  The 
optimum  for  the  35°  slat  in  particular  is  about  2%  wing 
chord  further  forward  than  that  for  the  45°  deflection. 
For  an  actual  aircraft  design,  the  slat  brackets 
necessary  to  achieve  either  this  large  underlap  or  the 
large  deflection  angles  involved  might  be  difficult  to 
incorporate  in  a  relativsiy  thin  fighter  wing.  However, 
since  the  35°  slat  achieves  similar  values  of  to 

the  45°  deflection  even  when  at  a  non-optimum  position, 
it  could  be  used  at  a  similar  value  of  underlap  to  that  at 
the  45°  optimum  with  only  a  small  penalty  in  CLmax  • 

(4)  C^max  shows  a  similar  sensitivity  to  Reynolds 
number  as  for  a  typical  transport  aircraft.  Mach  number 
effects  were  quite  large,  particularly  for  values  of  Mq 
above  0.22.  This  appeared  to  be  associated  with  the 
appearance  of  local  supersonic  flow  over  the  leading- 


edge,  as  established  from  the  measurement  of  surface 
pressures.  The  values  of  peak  Cpmm  measured  at  the 
highest  Mq  were  close  to  those  predicted  by  the 
empirical  relationship  of  Mayer. 

(5)  The  positions  of  the  slat  optima  show  small 
movements  with  Mach  number  and  Reynolds  number. 
The  increase  in  C^max  for  the  35°  slat  if  if  is  re¬ 
optimised  as  Mq  and  Re  are  varied  is  fairly  large,  with 
much  smaller  corresponding  gains  for  the  45°  slat. 

(6)  Consideration  of  the  variation  of  the  peak  local 
Mach  number  on  the  slat  and  wing  leading-edges  near 
the  tip  shows  that  at  freestream  Mach  numbers 
approaching  0.28,  the  optimum  slat  position  coincides 
with  an  apparent  limiting  value  of  peak  Miocai  -  This  limit 
appears  to  be  close  to  the  value  predicted  by  Mayer’s 
empirical  relationship. 


Table  1 
Model  Data 


Quantity 

Symbol 

Value 

Span 

2s 

2.700  m 

Area 

S 

2.1465  m2 

Aspect  ratb 

AR 

3.4 

Centre-line  chord 

^0 

1 .200  m 

Tip  chord 

Ct 

0.390  m 

Mean  chord 

C 

0.795  m 

SB 

c 

0.864  m 

Taper  ratio 

X 

0.325 

Leading-edge  sweep 

A 

40° 

Slat  chord 

Cj/C 

18% 

Flap  chord 

c,/c 

33% 

Thickness/chord  ratio 

t/c 

8% 

Table  2 

Test  Conditions  and  Slat  Positions 


Os  -  35° 


M 

Rx  10^ 

Xs% 

z»% 

0.11 

5.87 

-2 

1.5 

0.16 

5.87 

-3 

-1 

0.16 

8.81 

-3 

0 

0.22 

5.87 

-3 

0.75 

0.22 

8.81 

-3 

1.5 

0.22 

11.23 

-4 

-1 

0.28 

5.87 

■4 

-0.5 

0.28 

8.81 

-4 

0 

0.28 

11.23 

-4 

0.75 

-4 

1.5 

-5 

-1 

R  is  based  on  c«  0.664  m 

-5 

0 

-5 

0.75 

-5 

1.5 

Os  -  45° 


X5% 

Zs% 

-1 

-1 

-1 

0 

-1 

0.75 

-1 

1.5 

-2 

-1 

-2 

-0.5 

-2 

0 

-2 

0.75 

-2 

1.5 

-3 

-1 

-3 

-0.5 

-3 

0 

-3 

0.75 

-3 

1.5 
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Annex 


EFFECT  CF  Y/ING  SWEEP  ON  CRITICAL  PRESSURE 


COEFFICIENT 


A  useful  indicator  of  likely  compressibility  effects  is  the 
local  Mach  number  based  upon  the  component  of 
velocity  normal  to  a  given  sweep  line.  To  obtain  a  value 
for  the  local  Mach  number,  it  is  necessary  to  make  the 
assumption  that  the  flow  at  the  spanwise  station  where 
the  pressure  is  measured  locally  approximates  to  that 
on  an  infinite  sheared  wing,  re  the  spanwise  component 
of  velocity  is  constant  and  equal  to  V  sin  A  .  WKh  this 
assumption  the  local  Mach  number  normal  to  the  sweep 
line  is  given  by 


2 

T-1 


1  +  ((Y- 1)/2)m^  COS^A 

(i.c,(y2)M^or"' 


-1 


(A-1) 


Putting  M|oci  -  1  we  obtain 


(A-2) 


Taking  y-  1.4  ,  this  gives; 


+  0.5283  cos^A  +  o(k^  cos* A.) 

m; 


(A-4) 


Thus,  for  low  values  of  Mq  (a  maximum  of  0.28  here)  it 
is  the  first  term  that  is  dominant  and  rapidly  varying  and 
Cp  is  only  made  more  negative  by  a  relatively  small 
amount  by  increasing  sweep  as  indicated  by  the  typical 
values  for  the  two  major  terms  in  (A-4). 


Mo 

0.6739/Mo 

A" 

0.5283  cos^A 

0.11 

55.694 

10 

0.5224 

0.16 

26.324 

20 

0.4665 

0.22 

13.924 

30 

0.3962 

0.28 

8.596 

40 

0.3100 

50 

0.2183 

Expanding  this  for  small  Mg  ; 


Hence  the  maximum  error  due  to  ignoring  the  term  in  A 
is  about  6%. 


cos^A  +  o{m^  COS  *a)  .  (A-3) 


Fig  5  Tunnel  envelope  and  M495  test 
conditions 


Fig  6a  Variation  of  lift  coefficient  with  angle  of 
incidence  and  Reynolds  number 


Fig  6b  Variation  of  lift  coefficient  with  angle  of 
incidence  and  Mach  number 


Fig  8a  Variation  of  with  slat  position,  for 
slat  angles  25°  and  35°  M^=0.22, 
Re=5.87  X  10^,  plain  trailing  edge 
configuration 
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Fig  8b  Variation  of  with  slat  position,  for 

slat  angles  25°  and  35°,  M,-0.22. 

Re«5.87  X  10^  plain  trailing  edge 
configuration 

Fig  9  Variation  of  with  slat  position, 

45°slat,  M„=0.22,  Re=5.87  x  10®,  slotted 
flap  configuration 

Fig  1 2  Variation  of  optimum  slat  position 
with  Reynolds  number 


Fig  20"'  Variation  of  peak  local  Mach 

number  with  slal  position,  6^=35°, 

M  =0.16,ne=11.23  x  10® 
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Fig  20c  Variation  of  peak  local  Mach 

number  with  slat  position,  0,=35°, 
M  =0.22,Re=11.23x106 


Fig  20b  Variation  of  peak  local  Mach 

number  with  slat  position,  e^-45 
M  =0.16,ne=11.23  X  10® 
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Fig  20cl  Variation  of  peak  local  Mach 

number  with  slat  position,  0,=45°, 
M=0.22,  Re=11.23x10® 


Fig  20e  Variation  of  peak  local  Mach  Fig  20f  Variation  of  peak  local  Mach 

number  with  at  position,  0^=35°,  number  with  slat  position,  6^=45®, 

M  =0.28,  Re=1 1.23  x  10^  M  =0.28, Re=t  1.23  x  10® 

0  » 


Fig  21  Comparison  of  variation  of  CLn,a, 
with  M,  &  Re  for  combat  and 
transport  aircraft  configurations 
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SUMMARY 

An  experimental  investigation  into  scale  effect  at  low 
speed  and  high  lift  has  been  carried  out  in  the  DRA  S  m, 
pressurised  wind  tunnel  on  a  subsonic  strike-righter  model 
equipped  with  slotted  high-lift  devices.  The  attachment¬ 
line  boundary  layer  on  the  leading-edge  slat  was  found  to  be 
turbulent  on  the  outboard  part  of  the  wing  near  maximum 
lift  for  a  range  of  unit  Reynolds  number.  An  adverse 
Reynolds  number  effect  on  maximum  lift  was  measured 
which  correlated  quite  well  with  the  onset  of  attachment¬ 
line  transition.  The  cortditions  for  onset  of  transition  were 
not  consistent  with  the  assumption  of  gross  contamination 
by  the  fuselage  bourtdary  layer,  the  attachment-line 
boundary  layer  remaining  laminar  on  the  inboard  slat  to 
more  than  double  the  expected  ffee-stream  Reynolds 
number.  It  is  suggested  that  this  result  is  due  to  spanwise 
variation  in  atuchment-line  position,  which  results  in 
suppression  of  the  disturbatKes  emanating  from  the  root 
region  of  the  high-lift  wing.  It  is  concluded  that  attach¬ 
ment-line  transition  is  a  potentially  significant  factor  in 
wind-turmel  testing  of  high-lift  wings  equipped  with 
leading-edge  slats. 

SYMBOLS 

c  wing  chord  given  by  cos  0 

Cyif  streamwise  wing  chord 

(^Lmu  maximum  lift  coefficient 

d  trip  wire  diameter 

K  acceleration  parameter 

Q_  free-stream  velocity 

q  hot-ftlm  power  dissipation 

R  unit  Reynolds  number 

R  attachment-line  Reynolds  number 

s  surface  distance  -  Fig  1 

Um  velocity  normal  to  leading  edge  -  Fig  1 

u  velocity  normal  to  atuchment  line 

U|  attachment-line  velocity  gradient 

V_  spanwise  component  of  velocity  -  Fig  1 

X  distance  normal  to  leading  edge 

model  incidence 

e  additional  spanwise  velocity 

Ti  non-dimensional  spanwise  distance 

V  kinematic  viscosity 

0  sweep  angle 

y  attachment-line  boundary-layer  length  scale 


C'Vyrigta  6,  Controller  HMSO,  London  1992 


1  INTRODUCTION 

The  introduction  into  service  of  facilities  such  as  the  DRA 
Famborough  S  m  Low -Speed,  Pressurised  Wind  Tunnel  has 
allowed  the  effects  of  Reynolds  number  and  Mach  number 
on  aerodynamic  performance  to  be  evaluated  separately.  At 
the  3  m  turmel,  particular  attention  has  been  paid  to  inves¬ 
tigating  the  effects  of  Reynolds  number  on  the  performance 
of  high-lift  wings.  The  impetus  for  this  research  comes 
from  the  fact  that,  despite  the  ability  to  achieve  high 
Reynolds  number  through  pressurisation,  models  of  large 
transport  aircraft  can  still  only  be  tested  to  about  'A  full- 
scale.  There  is  therefore  a  need  to  understand  the 
mechanisms  that  cause  both  the  Reynolds  number  effects 
that  occur  within  the  tunnel  operating  range,  and  those 
which  might  cause  similar  effects  at  higher  values  of 
Reynolds  number  -  up  to  full-scale.  This  paper  presents  the 
results  of  an  investigation  into  one  of  these  mechanisms, 
and  its  effects,  conduaed  in  the  S  m  wind  tunnel  on  a  swept- 
wing  strike-fighter  model.  Model  495  ' .  The  model  was 
equipped  with  a  leading-edge  slat  and  single-slotted 
trailing-edge  flap,  and  the  objective  of  the  tests  was  to 
investigate  the  effects  of  Reynolds  number  on  the  slat 
attachment-line  boundary  layer,  and  to  evaluate  the 
corresponding  overall  effects  on  the  high-lift  performance. 

The  position  of  transition  on  an  aircraft  wing  can  have  a 
significant  effect  on  performance,  the  laminar-flow  wing 
being  an  extreme  example.  The  type  and  location  of 
transition  is  scale  dependent  and  consequently  the  correct 
simulation  of  full-scale  aerodynamics  in  a  wind  tunnel 
requires  that  these  dependeiKies  are  understood  and 
accounted  for.  Broadly  speaking  there  are  three  distinct 
types  of  transition  that  may  be  significant  in  relation  to 
swept  wings  at  high  lift:- 

(1)  Transition  following  the  development  of 
instabilities  of  the  Tollmien-Schlichting  type,  either  in  an 
attached  or  separated  shear  layer  (eg  a  laminar  bubble). 

(2)  Transition  following  instability  of  the  cross-flow 
velocity  profile. 

(3)  Transition  following  the  development  of 
instabilities  in  a  swept,  attachment-line  boundary  layer. 

It  is  the  third  of  these,  attachment-line  transition,  that  is 
the  focus  of  the  present  investigation.  In  low-speed,  high- 
lift  testing  it  is  usually  assumed  that  the  predominant  scale 
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effect  will  be  •  fevounble  one.  relaied  to  a  general  thinning 
of  the  viioout  shear  layers  as  the  Reynolds  number  is 
increased.  This  assumption  in^riies  that  the  variation  of 
transition  position  is  small  over  the  Reynolds  number 
range  of  interest.  This  is  generally  borne  out  by  two- 
dimensional  calculations  and  experiments  on  high-lift 
configurations,  where  the  characteristically  sharp  suction 
peak  close  to  the  leading  edge  of  each  component  lends  to 
'anchor'  transition  of  the  Tollinien-Schlichting  type  close 
to  the  start  of  the  pressure  rise.  However,  this  is  not 
necessarily  the  case  for  three-dimensional  wings,  and  some 
time  ago  Woodward^  carried  out  boundary-layer  calculations 
for  swept,  high-lift  wings  which  indicated  that  attachment¬ 
line  transition  could  supplant  Tollmien-Schlichting 
instability  as  the  primary  transition  mechanism  as 
Reynolds  number  was  increased.  The  movement  of  tran¬ 
sition  from  close  to  the  suction  peak  to  the  attachment  lute 
with  increase  in  Reynolds  number  was  predicted  to  result  in 
a  significant  adverse  scale  effect  on  maximum  lift  due  to  the 
increased  bowKlary-layer  thickness  implied  by  the  forward 
movement  of  transition. 

These  results  had  important  implications  for  wind-tunnel 
testing  because  the  transition  Reynolds  numbers  involved 
were  found  to  he  much  lower  than  those  relevant  to  high¬ 
speed  flow,  actually  falling  within  the  range  covered  by 
modem  pressurised  wind  tunnels.  As  a  consequence  of  these 
predictions,  a  detailed  experimental  investigation  was 
carried  out  in  the  DRA  S  m  tunnel  using  an  existing  model. 
Model  495.  In  summary,  this  investigation  showed  that 
attachment-line  transition  occuned  on  the  slat  and  that 
there  was  an  adverse  scale  effect  on  maximum  lift 
Transition  on  the  outer  wing  developed  broadly  as  predicted 
by  the  existing  criterion  and  correlated  with  the  adverse 
scale  effect.  On  the  inner  wing,  however,  transition  was 
delayed  to  much  higher  Reynolds  numbers,  suggesting  that 
contamination  of  the  attachment  line  by  the  fuselage-side 
boundary  layer  did  not  occur  as  expected  Grom  previous 
high-speed  experiments.  The  hot-film  instrumentation 
indicated  sudden  switching  between  laminar  and  turbulent 
states  with  change  in  model  incidence,  which  was  difficult 
to  explain,  but  development  of  transition  with  increase  in 
Reynolds  number  at  fixed  incidence  was  found  to  be 
monotonic,  as  expected,  and  engenders  confidence  that  the 
unexpected  variations  with  incidence  were  not  spurious. 

2  AITACHMENT-LINE  TRANSITION 

The  flow  in  the  vicinity  of  the  attachment  line  on  a  swept 
wing  is  illustrated  in  Fig  1,  which  is  taken  fiom  Ref  3.  The 
component  of  the  free-stream  velocity  along  the  attach¬ 
ment  line  gives  rise  to  the  attachment-line  boundary  layer. 
On  an  infinite  swept  wing,  the  properties  of  this  layer  are 
invariant  with  distance  along  the  attachment  line.  How¬ 
ever,  disturbances  can  propagate  spanwise  and.  depending 
on  the  conditions,  instability  and  transition  can  occur. 
Furthermore,  because  the  boundary  layers  over  the  wing 
originate  at  the  attachment-line,  transition  to  turbulence 
there  can  result  in  turbulent  flow  over  the  whole  wing. 


The  attachment-line  boundary  layer  a  characterised  by  a 
Reynolds  number,  R  ,  which  is  a  function  of  the  spanwise 
velocity  at  the  edge  of  the  layer,  V  ,  the  corresponding 
kinematic  viscosity,  u  ,  and  a  characteristic  length  scale, 

\)i ,  so  that  R  =  ViyA)  ■  A  convenient  form  for  y  , 
representative  of  the  boundary-layer  thickness,  is  given  by 

y  =  lW(du/ds)^  l  (1) 

where  (duAls),^)  is  the  velocity  gradient  normal  u>  the 
attachment  line  at  the  edge  of  the  boundary  layer.  For  an 
infinite  swept  wing  the  velocity  at  the  edge  of  the  attach¬ 
ment-line  boundary  layer  is  given  by  V  =  V_  =  Q_  sin  ^  , 
(where  Q_  is  the  free-stream  velocity  and  y  is  the  sweep 
angle)  and  the  Reynolds  number,  R  ,  can  be  written 

R  =Vy/u  =  (RswAi)  siny  .  (2) 

Here,  Rsw  is  the  free-stream  Reynolds  number  based  on  a 
streamwise  length,  c,„ .  and  U|  is  the  non-dimensional 
attachment-line  velocity  gradient  given  by 

U,  =  (d(uAJ.yd(s/c))^  ,  (3) 

where  U,.  =  Q,.  cos  y  and  c  =  c,,,  cos  y  .  Equation  (2)  is  a 
convenient  form  for  R  and,  although  derived  on  the 
assumption  of  infinite  swept-wing  flow,  it  seems  reason¬ 
able  to  use  it  for  three-dimensional  wings  of  moderate 
aspect  ratio,  except  probably  in  the  root  and  tip  regions. 

Transition  becomes  more  likely  as  R  is  increased  and 
Equation  (2)  shows  that  this  can  occur  through  an  increase 
in  the  fiee-stream  Reynolds  number  or  wing  sweep  angle  or 
through  a  reduction  in  the  velocity  gradient,  Uj  .  The  latter 
implies  a  reduction  in  the  rate  at  which  fluid  is  carried  away 
from  the  attachment  line  and  hence  a  thickening  of  the 
boundary  layer  there.  The  value  of  U)  depends  on  the 
chordwise  velocity  distribution  near  the  attachment  line 
which  is  largely  determined  by  the  local  surface  shape. 

Fig  2  shows  schematically  the  importance  of  this  fact  in 
distinguishing  between  the  high-speed  or  cruise  condition 
and  the  low-speed,  high-lift  condition.  For  the  high-speed 
case  the  figure  shows  the  attachment  line  near  the  aerofoil 
nose  where  the  high  curvature  results  in  Uj  values  of 
around  100,  whereas  for  the  low-speed  case  the  attachment 
line  is  shown  lying  further  aft  on  the  lower  surface  where 
the  curvature  is  much  lower  and  Ui  values  of  aroutKl  S  (for 
the  main  wing)  to  20  (for  the  slat)  are  more  typical.  The 
significance  of  these  values  is  that,  according  to  the 
existing  criterion  for  infinite  swept  wings,  they  imply 
transition  at  the  attachment  line  for  some  typical  high-lift 
models  in  wind  tunnels  such  as  the  DRA  3  m. 

3  OTHER  INVESTIGATIONS 

The  mechanism  of  attachment-line  transition  was  first 
recognised  as  such  during  attempts  by  aircraft  manufacturers 
(notably  Northrop  and  Handley-Page)  to  construct  laminar- 
flow  swept  wings  in  the  early  part  of  the  1960s.  Much  less 


is-1 


lamiiijr  flow  thm  expected  wu  found  in  flight  aitd  tunnel 
tests  end  it  was  discovered  that  distuibances  generated  in 
the  wing-body  junction  triggered  attachment-line 
transition  and  hence  ensured  that  whole  wing  was  covered 
in  a  turbulent  boundary  layer.  Subsequently,  more  detailed 
investigations^'*  were  made  in  an  attempt  to  clarify  the 
conditions  necessary  for  the  onset  of  attachment-line 
transition.  This  work  ended  in  the  early  1970s  and  little 
further  was  done  until  Poll^'*  published  the  results  of  an 
extensive  series  of  experiments  on  attachment-lme 
transition  and  cross -flow  instability  in  1978. 

These  experiments  were  carried  out  using  a  $wept<ylinder 
model  which  was  mounted  so  as  to  eliminate  the  large 
disturbances  to  the  boundary  layer  whkh  normally  arise 
firom  the  root  or  wing-body  junction.  Poll  was  thus  able  to 
investigate  the  effects  of  artificially  tripping  the  boundary 
layer.  Whilst  largely  confirming  the  earlier  results  of 
Cumpsty  and  Head^  and  Caster*,  which  suggested  that 
attachment-line  transition  following  gross  contamiiution 
could  be  characterised  by  a  single  value  of  R  for  all  sweep 
angles  and  tuiuiel  speeds.  Poll  was  able  to  discover  detailed 
results  for  the  variation  of  the  critical  R  to  produce 
turbulence  at  a  particular  position  on  the  attachment  line 
with  varying  trip  size  and  location.  This  work  was 
extended  by  Paisley  and  Poll*  using  a  tapered,  swept 
cylinder  so  that  the  three-dimensional  effects  of  spanwise 
taper  were  iiKluded  in  the  experiment  This  showed  that  the 
earlier  'infinite  swept  wing'  results  could  be  applied  to  the 
the  tapered  cylinder,  although  there  was  some  change  in  the 
critical  trip  sizes. 

More  recently,  an  experimental  investigation'*^  into 
attachment- line  transition  on  a  model  representative  of  a 
transport  aircraft  has  been  carried  out  in  the  DRA  5  m 
tunnel.  The  development  of  attachment-line  transition  on 
the  unslatted  leading  edge  of  this  model  was  clearly  seen 
and  significant  differences  from  previous,  infinite-swept 
results  were  found,  but  no  adverse  scale  effect  on  maximum 
lift  was  observed.  Relaminarisation  in  the  favourable 
pressure  gradient  between  the  attachment  line  and  the  peak 
suction  location  was  suggested  as  the  probable  cause  of  the 
latter  result  This  suggestion  was  based  on  evaluation  of 
the  acceleration  parameter,  K  ,  which,  in  terms  of  velocity 
and  distance  along  a  streamline,  is  given  by  ufdu/dslAi^ . 
Strong  favourable  pressure  gradients  combined  with  low 
velocities  lead  to  high  value  of  K  and  a  tendency  to 
relaminarise.  According  to  the  existing  criteria*-" the 
values  of  K  found  in  Ref  10  indicated  that  relaminarisation 
was  likely.  It  was  conjectured  that  the  expected  adverse 
effects  would  be  postponed  by  relaminarisation  to  higher, 
but  less  than  full-scale  Reynolds  numbers,  and  it  was 
pointed  out  that  this  could  make  extrapolation  to  full  scale 
uncertain  in  some  cases.  Garner'^  discusses  the  results  of 
similar  tests  also  carried  out  in  the  S  m  tunnel,  but  on  larger 
models,  which  showed  very  large  adverse  scale  effects  on 
maximum  lift  On  a  simple  wing  a  7%  loss  was  observed 
and  evidence  was  found  that  relaminarisation  occurred  over 
the  whole  span  at  lower  Reynolds  numbers  but  only 
outboard  at  higher  values.  Using  a  specially  designed 


leading  edge,  relaminarisaticm  was  eliminated  and  a  15% 
adverse  scale  effect  on  maximian  lift  was  found.  Gamer 
observed  that  such  large  ejects  represent  undesirable  risks 
in  scaling  wind-tunnel  data  to  flight  Reynolds  number. 

4  MODEL  AND  INSIRUMENTATION 

Although  it  was  anticipated  that  investigaticm  of  the  slat 
attachment-line  flow  would  present  some  problems  because 
of  the  proximity  of  the  sharp  slat  heel  (  Fig;  2  and  7  ),  it 
was  considered  that  the  predomirtance  of  slats  on  modem 
aircraft  made  this  a  configuration  of  considerable  interest. 
The  choice  of  model  was  dictated  by  the  requirement  that 
attachment-line  transition  should  occur  within  the 
operating  envelope  of  the  S  m  turmel.  Two-dimensional 
calculations  coupled  with  simple  sweep  theory  indicated 
that,  on  the  basis  of  the  existing  criterion.  Model  495 
would  satisfy  this  requirement.  A  full  description  of  this 
model  has  been  given  by  Moir' .  It  is  a  large,  complete 
model  representative  of  a  subsoitic  strike-fighter  aircraft, 
built  to  approximately  one  third  scale.  The  wing  planform 
is  shown  in  Fig  3.  A  useful  feature  of  the  model  for  the 
{vesent  tests  was  the  special  slat-bracket  design  which,  by 
aligning  the  bracket  camber  surface  with  the  local  flow 
direction  at  high  lift,  greatly  reduced  the  flow  disturbances 
which  usually  arise  from  the  separated  flows  found  on 
conventional  slat  brackets.  For  the  tests  reported  here,  the 
high-lift  devices  were  deployed  in  a  typical  take-off 
condition  with  the  single-slotted  flap  at  20  degrees 
deflection,  and  the  18%  chord  slat  at  35  degrees  deflection, 
measured  normal  to  the  slat  quarter-chord  line.  The  slat  was 
positiont4  close  to  the  optimum  location  relative  to  the 
wing  for  maximum  lift  at  this  angle. 

The  wings  were  equipped  for  pressure  measurement  at  the 
three  spanwise  locations  shown  in  Fig  3.  The  distribution 
of  the  pressure  taps  around  the  slat  proltle  is  also  shown  in 
this  figure.  The  pressures  were  measured  using  rotary 
scaiming  switches  in  conjunction  with  Druck  pressure 
transducers,  and  overall  forces  were  measured  by  the  under¬ 
floor,  six  component  mechanical  balance.  The  primary 
instrumentation  consisted  of  three  hot- film  gauges  located 
as  indicated  in  Fig  3.  These  gauges  (Dantec  55R47  glue-on 
probes)  were  positioned  as  close  as  possible  to  the  heel  of 
the  slat  and  so  indicated  the  state  of  the  lower  surface 
boundary  layer.  This  had  the  dual  advantage  of  elimiiuting 
any  disturbance  to  the  upper  surface  boundary  layer  and 
ensuring  that  the  gauge  signals  reflected  the  state  of  the 
attachment-line  boundary  layer,  at  least  at  high  lift.  The 
latter  follows  horn  the  low  pressure  gradients  between  the 
attachment  line  and  the  gauge  location.  The  gauges  were 
glued  into  shallow  recesses  to  minimise  interference 
effects,  but  were  in  any  case  very  thin  (0.05  mm).  Because 
only  a  qualitative  indicatitm  of  the  boundary  layer  state  was 
sought,  the  hot-film  gauges  were  operated  in  a  constant- 
current  mode  when  observing  velocity  fluctuations,  diough 
a  useful  additional  indication  of  bouixiaTy  Uyer  state  was 
provided  by  the  mean  values  of  heat  dissipation  in  the 
gauges.  This  quantity  was  determined  by  measuring  the 
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heating  cunenU  requaed  to  maintain  the  gaugea  at  the  snne 
mean  temperatuiea  for  all  meamicmmit  conditions. 

Measurements  were  made  for  the  single  model  configuration 
described  above,  at  a  free-siream  Mach  number  of  0  end 
for  nine  values  of  Reynolds  mmiber  between  S.S  and  143 
million  per  metre.  At  each  Reynolds  number  the  signals 
from  the  hot-film  gauges,  die  pressure  transducers  and  the 
mechanical  balance  were  recorded  for  model  incidences  from 
zero  up  to  the  stall. 

5  ANALYSIS  OF  RESULTS 

Analysis  of  the  measurements  presented  two  main 
protdems,  determination  of  the  state  of  the  slat  attachment- 
line  boundary  layer  fiom  the  hot-film  results  and  estimation 
of  the  corresponding  values  of  Ui ,  and  hence  R  ,  fiom  the 
pressure  distributions.  As  noted  above,  bodi  mean  and 
fluctuating  signals  were  recorded  from  the  hot-film  gauges 
and  these  allowed  the  results  to  be  classified  with  some 
confidence  as  laminar,  transitional  or  turbulent  with 
subsidiary  distinctions  between  laminar-transitional  and 
turbulem-transitional  usually  possible.  The  characteristics 
of  die  unsteady  signals  varied  greatly  with  incidence,  as 
illustrated  by  the  examples  shown  in  Fig  4.  These  results 
were  obtained  at  a  unit  Reynolds  number  of  lO.S  million 
and  at  moderate  incidences  of  around  20  degrees,  where  the 
slat  attachment  line  was  close  to  the  leading  edge.  Over  dre 
1  degree  change  in  incidence  covered  by  Fig  4,  the 
following  interpretation  was  put  on  the  traces; 


IiKidence 

Station  1 

Station  2 

Station  3 

21 .3  degrees 

turbulent/ 

turbulent/ 

laminar 

transitional 

transitional 

22  degrees 

laminar/ 

laminar/ 

laminar 

transitional 

transitional 

22.3  degrees 

turbulent 

turbulent 

turbulent 

Typical  variations  of  the  mean  signal  with  incidence  are 
shown  in  Fig  3  for  two  unit  Reynolds  numbers.  A  histo¬ 
gram  style  of  presentation  is  used  as  this  better  reflects  the 
very  sudden  changes  with  incidence  which  were  a  feature  of 
the  results.  The  points  which  correspond  to  the  instan¬ 
taneous  signab  shown  in  Fig  4  ve  indicated.  It  should  be 
emphasised  that  although  the  hot-film  signals  changed 
character  rajndly  with  variation  in  incidence,  the  changes 
were  precisely  rqieatable. 

In  order  to  evaluate  the  attachment-line  velocity  gradient, 
U] ,  and  Reynolds  number,  ft  ,  using  equations  (2)  and  (3), 
the  flow  in  the  vicinity  of  the  attachment  line  was  initially 
assumed  to  behave  like  that  on  an  infinite  swept  wing  with 
the  same  tweep  angle  as  the  attachment  line  at  the  point  of 
interest  This  assumption  gave  a  discontinuous  variation  in 
velocity  normal  to  the  attachment  line,  fiom  which  it  was 
difficult  to  estimate  Uj  accurately.  In  view  of  the  highly 
three-dimensional  nature  of  the  flow  on  this  wing  it  was 
considered  reasonable  to  allow  for  some  divergence  fiom 


the  infinite-swept  assumption  by  defining  a  small 
additional  sptnwise  flow  cooqionent.  so  that 
V  s  Q_  (1  4-  E)  sin  # .  The  value  of  e  varied  widi  the 
assumed  attachment-line  position  but  exhibited  a  minimum 
for  a  particular  location  and  this  was  taken  to  be  the  appro¬ 
priate  value.  This  modification  resulted  in  a  anooth 
velocity  distributions  normal  to  the  attachment  line  and 
allowed  values  of  Uj  to  be  extracted  fiom  the  measured 
pressures  in  a  systematic  way. 

d  RESULTS 

6.1  Attachment-line  velocity  gradient 

Values  of  the  attachment-line  velocity  gradient,  Ui  ,  were 
estimated  from  the  measured  pressure  distributums,  as 
described  as  above.  This  was  a  somewhat  imprecise 
procedure  because  of  the  relative  sparsity  of  chordwise 
pressure  holes  but  data  was  recorded  for  several  Reynolds 
numbers,  so  that  average  values  of  Ui  could  be  estimated 
with  some  confidence.  In  the  case  of  an  infinite  swept 
wing.  Ui  depends  only  on  the  chordwise  position  of  the 
attachment  line.  Therefore,  to  remove  the  primary  effects 
of  spanwise  variation  in  lift  coefficient  and  hence  attach¬ 
ment-line  location,  the  estimated  Ui  values  are  plotted 
against  chordwise  position  in  Fig  6.  The  range  covered  by 
the  results  is  indicated  by  a  shaded  region  -  part  of  the 
variation  within  this  band  is  due  to  uncertainty  in  the 
estimated  values  and  part  is  due  to  the  fact  that  the  flow 
differs  significantly  from  that  on  an  infinite  swept  wing. 
The  total  variation  is,  in  any  case,  only  equivalem  to  an 
uncertainty  in  K  of  around  ±6%  ai  the  higher  incidences 
which  are  of  most  interest.  Values  are  not  plotted  for  the 
region  close  to  the  maximum  because  of  much  increased 
scatter.  To  the  left  of  the  maximum,  the  attachment  line 
lies  on  the  geometric  upper  surface  of  the  slat,  while  to  the 
right  it  lies  on  the  lower  surface.  The  results  of  a  two- 
dimensional  inviscid  calculation  are  also  shown  in  Fig  6, 
and  fall  within  the  measured  band,  except  for  the  highest 
incidences  where  the  attachment  line  is  close  to  the  slat 
heel.  There  is  some  uncertainty  in  both  results  in  this 
region  -  the  calculations  were  made  with  a  smooth  fairing 
in  the  cove  region  and  the  experimental  results  rely  on  a 
rather  one-sided  distribution  of  data,  with  the  attachment 
line  close  to  the  last  pressure  hole.  However,  on  balance,  it 
is  felt  that  more  weight  should  be  given  to  the  experimental 
results  because  of  the  consistent  trend  shown  over  a  wide 
range  of  experimental  conditions. 

6.2  Attachment-line  Reynolds  number 

The  estimated  U  i  values  for  each  Itot-film  statitm  were  used 
to  determine  the  corresponding  values  of  ft  fiom  equation 
(2).  The  results  are  presented  in  Pig  7  in  the  ftirm  of  the 
fiee-stream  unit  Reynolds  number  needed  to  give  an  ft  of 
300.  This  is  the  minimum  value  of  ft  ,  according  to  Poll^ 
for  which  complete  turbulence  may  be  present  at  strnie 
distance  from  a  large  disturbance  on  an  infiitite  swept  wing. 
Such  a  disturbance  is  termed  gross  contamination  and  is 


usually  reguded  ts  arising  frxmi  the  turbulent  boundary 
layer  at  die  wing-body  juncdon.  Fig  7  shows  that,  for 
incidences  near  the  stall,  the  critical  Reynolds  numbers  ore 
within  the  operating  envelope  of  the  5  m  tunnel  for  all 
three  sponwise  stations.  For  incidences  higher  than 
2S  degrees,  transition  should  occur  first  at  the  inboard 
station  and  progress  outboard  with  increase  in  Reynolds 
number,  due  to  the  sponwise  variation  in  chord.  At  slightly 
lower  incidence  however,  the  effects  of  sponwise  variation 
in  attachment-line  location  ore  large  enough  to  overpower 
the  chord  variation  and  reverse  this  trend.  It  is  clear  from 
Fig  7  that,  on  the  basis  of  Poll's  criterion  for  large  disturb¬ 
ances,  attachment-line  transition  would  be  expected  to 
occur  at  high  incidence  in  the  present  experiment  at  all 
three  sponwise  stations  and  with  on  increasing  tendency  to 
turbulence  inboard. 

6 . 3  Hot  film  gouge  results 

The  varying  state  of  the  slat  lower  surface  boundary  layer 
inferred  from  the  hot-film  gouge  signals  is  summarised  in 
Figs  8-10.  In  a  few  instances  the  distinction  between  fully 
turbulent  and  fully  laminar  stales  and  the  adjacent  tran¬ 
sitional  states  was  not  clear-cut.  but  the  difference  between 
laminar  (light  lines)  and  turbulent  (heavy  lines)  stales  was 
marked.  Turbulent  flow  occurs  at  low  incidences  because 
the  attachment  line  lies  on  the  upper  surface  and  there  is  an 
adverse  pressure  gradient  diead  of  the  gauge  positions 
which  gives  rise  to  T-S  instability  and  transition  of  the 
chordwise  flow.  The  incidence  at  which  this  gradient 
changes  sign  is  indicated  in  the  figures.  The  r^iid  changes 
in  boundary-layer  state  with  incidence  are  apparent,  though 
there  is  a  clear  tendency  to  increasing  turbulence  at  higher 
incidence.  The  trend  with  incTeasing  Reynolds  number  at 
fixed  incidence  is  more  nearly  monotonic,  ie  laminar, 
transitional  and  finally  fully  turbulent,  as  expected.  The  R 
contours  in  Figs  8-10  show  that  attachment-line  transition 
did  not  develop  in  the  way  expected  from  Poll's  criterion. 
There  was  little  sign  of  turbulence  up  to  R  values  of  450  on 
the  inboard  station  and  up  to  around  350  on  the  mid-span 
station.  Only  on  the  outboard  station  does  it  appear  that 
R  =  300  was  a  reasonable  transition  criterion.  However,  it 
must  be  remembered  that  the  How  is  three-dimensional  and 
discussing  the  boundary-layer  states  in  terms  of  the 
corresponding  R  values  is  only  strictly  justified  for 
infinite-swept  conditioiu  -  where  R  is  constant  across  the 
span.  On  this  wing  the  flow  is  strongly  three-dimensional, 
and  thus  R  varies  significantly  across  the  span;  it  would  be 
reastmable  to  expect  this  to  affect  the  development  of 
disturbances  within  the  attachment-line  boundary  layer. 
Nevertheless,  the  delay  in  development  of  transition  on  the 
inboard  wiiig  to  such  high  values  of  R  and  the  progression 
from  outboard  to  inboard  are  striking  differences  from  the 
expected  bduviour  which  cannot  be  explained  by  such 
considerations. 

6.4  Variation  of  maximiim  lift  with  Reynolds  number 

The  measured  variation  of  maximum  lift  coefficient  (Ctaux) 
with  ftee-streom  unit  Reynolds  luimber  is  shown  in  Fig  11. 
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Two  or  three  values  were  obtained  for  most  Reynolds 
numbers  and  these  ore  plotted  in  the  figure  to  indicale  the 
repeatability  of  the  measurements.  The  dMa  has  been  fully 
corrected  for  lift  constraint  and  blockage  effects.  At  low 
Reynolds  number  conventional  scale  effect  is  apparent, 
with  the  maximum  lift  increasing  with  Reynolds  number. 
However,  a  maximum  occurs  at  around  9  million  aid  the  lift 
subsequently  falls  as  Reynolds  number  is  increased  further. 
This  adverse  scale  effect  is  not  large  -  the  maximum  lift 
only  falls  by  around  1%  -  but  it  is  potentially  significant. 

If  measurements  hod  only  been  made  for  a  range  of 
Reynolds  numbers  at  the  left-hand  part  of  Fig  1 1  (by 
varying  tunnel  speed  in  an  atmospheric  tunnel),  then  only 
the  favourable  trend  with  increasing  Reynolds  number 
would  have  been  identified.  Extrapolation  of  those  results 
to  full  scale  could  lead  to  a  significantly  optimistic 
estimate  of  maximum  lift.  Because  of  the  way  in  which 
attachment-line  transition  developed  on  the  slat,  with  rapid 
switching  between  laminar  and  turbulent  states,  it  is 
difficult  to  link  it  categorically  to  the  adverse  scale  effect. 
However,  it  is  possible  to  identify  Reynolds  numbers 
beyond  which  the  flow  at  the  mid  and  outboard  stations  is 
predominantly  turbulent  at  the  highest  incidences.  These 
Reynolds  numbers  are  marked  on  Fig  1 1  and  indicate  that 
the  adverse  scale  effect  on  maximum  lift  is  consistent  with 
development  of  attachment-line  transition,  bearing  in  mind 
that  the  maximum  sectional  lift  coefficient  (  which  might 
be  expected  to  coiiKide  with  the  position  of  onset  of  flow 
separation  )  occurs  at  around  78%  semi-span. 

7  DISCUSSION 

In  discussing  the  results  of  this  investigation  it  is  neces¬ 
sary  to  consider  whether  phenomena  other  than  attachment- 
line  transition  could  have  affected  the  measurements. 
Therefore,  values  of  the  cross-flow  Reynolds  number  and 
acceleration  parameter  have  been  evaluated  from  the 
measured  pressure  distributions.  Comparison  with 
published  critical  values  for  these  parameters^'* 
indicates  that  neither  cross-flow  instability  nor  relaminari- 
sation  is  likely  to  have  had  any  effect  on  the  hot-film  gauge 
measurements  at  the  high  incidences  which  are  of  most 
interest.  This  was  as  expected,  because  the  measurements 
were  mode  in  the  lower  surface  boundary  layer  so  that,  at 
high  lift,  the  pressure  gradients  between  the  attachment 
line  and  hot-film  gauges  were  small.  However,  the  possi¬ 
bility  of  relaminarisation  in  the  upper  surface  boundary 
layer  cannot  be  ruled  out  and  this  could  delay  the  adverse 
scale  effect  of  attachment-line  transition  on  maximum  lift 
to  higher  Reynolds  numbers.  On  the  basis  of  the  measured 
transition  values  of  R  and  accqited  critical  values  of  the 
acceleration  parameter,  it  is  considered  that  relaminari¬ 
sation  is  unlikely  to  have  greatly  effected  the  presem 
measurements.  This  conclusion  is  supported,  of  course,  by 
the  fact  that  the  adverse  scale  effect  observed  was  broadly 
consistem  with  the  onset  of  attachment-line  transition. 

It  U  with  some  confidoice  therefore,  that  attachment-line 
transition  has  been  identified  as  the  dominant  mechanism 
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on  the  slu  u  high  lift.  In  addition  to  the  evidence  for  this 
already  discussed,  useful  corroboration  was  provided  by  the 
pressure  distributions,  which  were  consistent  with  the 
existence  of  a  laminar  separation  bubble  on  the  outboard 
wing  at  low  Reynolds  number  but  not  at  higher  values. 
However,  transition  did  not  develop  as  expected  according 
to  the  accepted  criterion  for  infinite-swept  wings  and 
possible  reastms  for  this  must  be  considered.  Firstly,  the 
absence  of  transition  on  the  inboard  wing  for  values  of  R 
in  excess  of  4S0  shows  that  gross  contamination  from  the 
fuselage-side  boundary  layer  did  not  occur.  This  represents 
an  important  difference  between  the  present  high-lift 
configuration  and  the  accepted  picture  for  cruise  configur¬ 
ations  (Ref  3  for  example),  which  suggests  that  such 
contamination  will  always  be  present.  A  possible 
explanation  fot  this  difference  is  that  the  reduced  slat  lift 
near  the  wing  root  results  in  an  attachment  line  position 
close  to  the  nose  so  that  low  values  of  R  occur  and  disturb¬ 
ances  from  the  root  are  suppressed.  Ref  6  shows  that  very 
rapid  decay  of  turbulence  in  a  region  of  low  R  is  certainly 
possible.  For  cruise  configurations  the  attachment  line  is 
likely  to  lie  close  to  the  section  nose  over  most  of  the  span 
so  that  large  reductions  in  R  over  the  inner  wing  are 
unlikely. 

Secondly,  although  transition  on  the  inner  wing  is  delayed, 
as  described  above,  transition  on  the  outer  wing  occurs 
more  or  less  in  line  with  the  R  =  300  criterion.  According 
to  PoU^,  for  low  levels  of  free-stream  turbulence  or  other 
disturbance,  the  attachment-line  boundary  layer  should 
remain  laminar  up  to  R  values  in  excess  of  700.  Free- 
stream  turbuletKe  obviously  cannot  explain  the  present 
results,  but  surface  inegularities  and  the  slat  support 
brackets,  which  intrude  slightly  into  the  slat  heel,  are 
possible  sources  of  disturbance  on  the  model.  Poll's 
results^-*  provide  detailed  data  on  the  permissible  size  of 
two-dimensional  roughness  elements  for  inTmite-swept 
cylinders,  and  Paisley  and  Poll*  found  that  substantially 
smaller  values  were  qrpropriate  in  the  case  of  a  tapered 
cylinder.  The  spanwise  gradient  of  R  in  the  present  case 
was  found  to  be  close  to  the  value  quoted  in  Ref  9  and,  using 
these  results,  it  is  estimated  that  a  0.06  mm  diameter  wire 
would  be  required  to  trip  transition  at  the  outboard  station 
fot  R  =  300  .  The  model  surface  was  smoother  than  this  but 
it  is  conceivable  that  disturbances  of  sufficient  magnitude 
could  have  originated  from  the  pressure  holes,  cubing 
installation  or  slat  brackets.  Such  disturbances  also 
provide  the  only  obvious  explanation  for  the  sudden,  but 
highly  repeatable,  changes  in  boundary-layer  state  which 
were  c4>served.  A  quantitative  argument  cannot  be  made  for 
this  suggestion  but  the  estimated  trip  sizes  deduced  from 
Poll’s  results  and  illustrated  in  Fig  12,  are  interesting. 
According  to  Ref  9,  lower  values  than  these  would  be 
aiqrropriate  for  the  present  mooel,  particularly  at  higher 
incidence.  The  figure  shows  that  the  trip  sizes  vary  non- 
monotonically  with  incidence  and  it  seems  possible  that 
this  could  result  in  the  type  of  behaviour  observed,  if 
sufficiently  large  sources  of  disturbance  were  present. 


The  conclusion  that  attachment-line  transition  was 
responsible  for  the  observed  adverse  Reynolds  number 
effect  on  maximum  lift  has  important  implications  for 
wind-tunnel  testing.  The  most  significant  of  these  is  the 
additional  uncertainty  in  extrapolating  measuremeiv.i  to 
full-scale,  as  mentioned  previously  in  discussing  the  results 
of  Fig  1 1 .  If  the  U)  values  of  around  20  found  in  this 
experiment  are  typical,  the  attachment-line  flow  on  the 
inboard  region  of  the  slat  of  all  but  the  smallest  transpon 
aircraft  is  certain  to  be  turbulent,  because  the  resulting  R 
values  are  high  enough  for  natural  transition  to  occur. 

Thus,  aniftcially  tripping  transition  at  the  attachment  line 
in  wind-tunnel  tests  might  produce  more  representative 
results  in  cases  where  the  test  Reynolds  number  is 
sufficiently  high  for  this  to  be  possible.  However,  this 
technique  would  only  result  in  a  fully  representative  flow  in 
cases  wiicre  the  boundary  layer  did  not  relaminarise  down¬ 
stream  of  the  attachment  line,  as  this  process  is  most 
unlikely  to  occur  at  full  scale. 

8  CONCLUSIONS 

The  attachment-line  boundary  layer  on  the  slat  of  a  high- 
lift  strike-fighter  model.  Model  M495.  has  been  found  to  be 
turbulent  on  the  outboard  part  of  the  wing  near  maximum 
lift  for  a  range  of  unit  Reynolds  number.  An  adverse  scale 
effect  on  maximum  lift  has  been  measured  which  is  consist¬ 
ent  with  the  onset  of  attachment-line  transition.  However, 
it  was  found  that  the  conditions  for  onset  of  transition  were 
not  consistent  with  the  assumption  of  gross  contamination 
by  the  fuselage  boundary  layer,  the  attachment-line 
boundary  layer  remaining  laminar  on  the  inboard  slat  to 
mote  than  double  the  expected  free-stream  Reynolds 
number.  This  is  in  agreement  with  other  results'®  for  a 
simpler,  unslatted  high-lift  wing,  but  contrasts  with  results 
previously  obtained  for  the  flow  past  non-lifting  and  cruise 
configurations,  where  it  has  been  demonstrated  that  the 
fuselage  side  boundary  layer  invariably  acts  as  a  source  of 
gross  contamination.  Suppression  of  disturbances  in  a 
region  of  low  R  near  the  root  of  the  high-lift  wing  is 
suggested  as  the  reason  for  this  result.  Transition  on  the 
outer  wing  was  found  to  occur  at  lower  Reynolds  numbers, 
more  or  less  in  accordance  with  the  accepted.  R  =  300  , 
criterion.  It  is  concluded  that  attachment-line  transition  is 
a  potentially  significant  factor  in  wind-tunnel  testing  of 
high-lift  wings  equipped  with  leading-edge  slats.  It  is 
suggested  that  artificial  fixing  of  transition  on  the 
attachment  line  may  sometimes  improve  the  accuracy  with 
which  full-scale  flows  can  be  represented,  but  that  the 
utility  of  this  technique  will  depend  on  an  improved 
understanding  of  the  effects  of  relaminarisation. 

The  present  investigation  has  been  of  an  exploratory  nature 
and  there  is  considerable  scope  for  further  work.  For 
example,  an  imjvoved  understanding  is  necessary  of  the 
flow  in  the  vicinity  of  the  attachment  line  when  it  lies 
close  to  the  sharp  slat  heel.  SimUarly,  more  detailed 
measurements  of  the  attachment-line  region  close  to  the 
wing  root  might  help  to  explain  the  observed  absence  of 
gross  contamination.  It  is  also  important  to  understand  the 
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effects  of  free-stream  Mach  number  aitd  of  slat  position  artd 
deflection  angle,  all  of  which  strongly  influence  the 
performance  of  a  slatted  wing.  The  fust  of  these  might  be 
particularly  interesting  because  supersonic  flows  and 
shock-wave  boundary-layer  interactions  can  occur  on  slats 
and  so  it  is  ctmceivable  that  attachment-line  trartsition 
could  alter  the  nature  of  this  interaction  from  a  laminar  to  a 
turbulent  type,  perhaps  resulting  in  a  favourable  Reynolds 
number  effect,  in  contrast  to  the  adverse  effect  found  at  the 
lower  Mach  number  of  the  present  tests. 


1 2  Launder.  B.E.;  Jones,  W.P.,  “On  the  prediction  of 
laminarisation”.  ARC  CP  1036  (1969) 
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Fig  7  Variation  with  incidence  of 
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SUMMARY 

This  paper  describes  a  number  of  viscous  phenomena 
which  affect  the  aerodynamic  performance  of  high- 
lift  systems  typical  of  commercial  jet  transports.  Thenature 
of  these  phenomena  suggest  a  course  of  action  regarding  the 
continuing  development  of  computational  fluid  dynamics 
(CFD):  in  addition  (o  the  ongoing  work  of  grid  generation 
and  algorithm  development,  increased  attention  to  funda¬ 
mental  fluid  mechanics  is  called  for. 


3)  A  1%  iiKrease  in  take-<^  is  equivaleiit  to  a  2800 
lb  increase  in  payload  or  a  ISO  run  increase  in  range. 

While  necessary,  high-Uft  systems  increase  airplane  weight, 
cosuandcomplexitysigniflcandy.  Therefore,  the  goal  of  the 
high-lift  system  designer  is  to  design  a  high-lift  system 
which  minimizes  these  penalties  while  providing  the  re¬ 
quired  airplane  take-off  and  landing  performance. 


USI.QE  SYMBOLS 

Cl 

lift  coefficient 

CLmax 

maximum  lift  coefficient 

Cp 

[aessure  coeTTicient 

dU/dx 

local  velocity  gradient 

K 

=(vAJ^X<ffl/dx),  relaminarization 
parameter 

Rbar 

=(U«oSin(A)A')>/(v/(dU/dx)),  attachment 
tine  Reynolds  number 

Rc 

Reynolds  number  referenced  to  chord 

u 

velocity  at  outer  edge  of  boundary  layer 

u« 

fireesttcam  velocity 

x/c 

non-dimensional  chord  location 

a 

angle  of  attack 

6* 

boundary  layer  di^lacement  thickness 

semi-span  location 

A 

sweq)  angle  or  attachment  line  sweep 
angle 

Ac/4 

quarter  chord  sweqr  angle 

V 

kinematic  viscosity 

INTRODUCTION 

High-lifl  systems  are  used  on  commercial  jet  tran^xrts  to 
provide  arlequate  low  speed  performance  in  terms  of  take¬ 
off  and  landing  field  lengths,  q;)proach  ^>eed.  and  commu¬ 
nity  noise.  The  importance  of  the  high-lift  system  is  illus¬ 
trated  by  the  following  trade  factors  derived  for  a  generic 
large  twin  engine  transport. 

1)  A  0.10  increase  in  lift  coefficient  at  constant  angle  of 
attack  is  equivalent  to  rerkreing  the  approach  attitude  by 
about  one  degree.  Fbr  a  given  aft  body-to-ground  clearance 
angle,  the  landing  gear  may  be  shortened  resulting  in  a 
weight  savings  of  14(X)  lb. 


VISCOUS  PHENOMENA  AFFECTING  HIGH-LIFT 
SYSTEM  PERFORMANCE 

Fig.  1  shows  some  of  the  viscous  flow  features  affecting  a 
typical  multi-element  lifting  system: 

attachment  line  transition  from  laminar  to  turbulent 

telaminatization  of  urrbulent  boundary  layers 

transition  of  boundary  layers  ftxMn  laminar  to  turbulent 

shock/boundary  layer  interactions 

viscous  wake  interactions 

confluent  wakes  and  boundary  layers 

separated  flows 

All  of  these  features  play  an  important  role  in  high-lift 
aerodynatrucs  and  all  are  affected  by  Reynolds  number.  Of 
the  above  flow  features,  transition  and  development  of 
surface  boundary  layers  have  received  the  most  attention, 
though  much  work  remains  to  be  done  in  these  flelds.  This 
is  appnqrriate  given  that  the  maximum  lift  of  a  single 
element  of  a  multi-element  high-lift  system,  as  well  as  the 
maximum  lift  of  the  system,  ate  strongly  dependant  on 
boundary  layer  state  and  development,  as  discussed  by 
Smith  [  1  ].  However,  understanding  and  modeling  of  surface 
boundary  layers,  while  necessary,  is  not  sufllcient  to  enable 
the  calculation  of  maximum  lift,  the  optimization  of  pressure 
distributions,  and  the  optimization  of  geometric  positioning 
of  high-lift  systems  in  general. 

While  it  is  commonly  thought  that  increasing  Reynolds 
number  yields  itKteasing  lift,  at  least  three  of  the  phenomena 
listed  above  can  result  in  decreasing  lift  with  increasing 
Reynolds  number,  sometimes  termed  an  adverse  Reynolds 
number  effecL  as  discussed  bv  Garner,  et  al  121.  The  three 
phenomena  addressed  in  the  remainder  of  this  paper  are: 


2}  A  increase  in  maximum  lift  coefficient  is  equiva¬ 

lent  to  a  6600  lb  increase  in  payload  at  a  flxed  approach 
speed. 


viscous  wake  interactions 
relaminarization 
attachment  line  transition 


Viscous  Wake  Interactions 

To  illustrate  the  interaction  of  a  viscous  wake  with  a  lifting 
surface,  the  interaction  between  a  wing  wakr  and  trailing 
edge  flap  will  be  considered.  There  are  two  major  interac¬ 
tions  between  a  wing  wake  and  a  flap.  First  the  wing  wake 
may  become  confluent  with  the  flap  boundary  layer.  Sec¬ 
ond,  and  the  subject  of  the  remainder  of  this  section,  the 
proximity  of  the  wing  wake  to  the  flap  upper  surface  results 
in  a  dar-ping,  or  supression,  of  the  flap  upper  surface 
pressure  distribution,  (ven  when  the  viscous  layers  are  not 
confluent 


illustrated  in  Rg.  2  which  shows  a  lift  curve  for  a  landing 
configuration  having  double  slotted  trailing  edge  flaps  and 
the  corresponding  flap  pressure  distributions  at  two  angles 
of  attack.  The  flap  loading  is  greatly  reduced  at  high  angle 
of  attack  relative  to  the  loading  at  low  angle  of  attack. 
Contrary  to  conventional  wisdom,  the  pressure  distributions 
and  surface  flow  visualization  (not  shown)  demonstrate  that 
the  decrease  in  flap  loading  is  not  associated  with  flap 
separation.  In  fact,  the  reduction  in  flap  loading  results  from 
the  growth  of  the  wing  wake  displacement  thickness  with 
increasing  angle  of  attack. 


The  wing  wake  above  the  flap  has  a  displacement  effect  on 
the  flow  field  which  tends  to  suppress  the  flap  pressure 
distribution.  Generally,  the  bigger  the  wing  wake,  the  more 
suppressed  the  flap  pressure  distribution  becomes.  This  is 


Another  way  to  change  the  thickness  of  the  wing  wake  is  to 
change  the  Reynolds  number.  Assume  a  flap  is  designed  and 
optimized  at  low  Reynolds  number.  The  flap  design  and 
orientation  will  reflect  the  presence  of  the  wing  wake  exist¬ 
ing  at  low  Reynolds  number.  As  Reynolds  number  is 
increased,  the  wing  wake  thins  and  the  flap  load  increases. 
This  may  cause  or  increase  separation  on  the  flap,  decreasing 
lift  in  the  process.  The  adverse  effect  is  more  likely  to 
happen  for  flaps  designed  to  maximize  lift  at  a  fixed  angle  of 
attack  rather  than  for  flaps  designed  to  maximize  CLm^  of 
the  system. 

ThisphenomenonisiUustratedbyFig$.3and4.  Fig.  3  shews 
lift  curves  at  two  Reynolds  numbers  for  a  2D  four-element 
(slat,  wing,  vane/main  fl^)  configuration  obtained  during  a 
wind  tunnel  lest  at  the  NASA  Langley  Low  Turbulence 
Pressure  Tunnel  (LTPT).  The  higher  Reynolds  number 
results  in  a  large  loss  of  lift  at  low  to  moderate  angles  of 
attack.  Also  shown  are  calculated  lift  levels  using  a  2D 
analysis  code  by  Kusunose,  et  al  (3]  which  employs  a  full 
potential  solver  coupled  with  a  viscous  model  patterned  after 
that  used  in  the  Euler  code  of  Drela  [4].  While  the  lift  levels 
are  high  relative  to  the  wind  tunnel  data,  the  trend  with 
Reynolds  number  is  correctly  predicied.  The  mechanism 
involved  is  illustrated  in  Fig.  4  which  shows  the  calculated 
wing  wake  displacement  thickness  and  flap  [nessute  distri¬ 
butions  a*  the  two  Reynolds  numbers  at  moderate  angle  of 
attack.  At  the  lower  Reynolds  ntonber,  the  wing  wake 
becomes  very  thick  over  the  main  flap.  As  Reynolds  number 
is  increased,  the  wing  wake  thins  and  the  main  fUqp  loading 


l'^3 


increases  until  the  boundaiy  layer  separates,  resulting  in  the 
high  Reynolds  number  case  in  Fig.  4,  where  the  wing  wake 
is  thin,  the  main  flap  is  largely  sq)araced,  and  lift  is  greatly 
reduced.  At  high  angles  of  attack,  the  thick  wing  wake 
surpresses  the  fb^  loading  which  alleviates  flap  separation 
at  the  higher  Reynolds  number  such  that  no  adverse  Reynolds 
number  effect  is  evident  at  Q 


A  final  example  of  the  wing  wake/flap  interaction  is  pro¬ 
vided  in  Fig.  S  which  shows  the  influence  of  the  wake 
modeling  on  the  flap  pressure  distributions  as  calculated  by 


the  ixeviously  mentioned  multi-element  full  potential  solver 
coupled  to  an  integral  boundary  layer  and  wake  iiKxlel.  The 
wake  model  contains  several  empirically  determined  pa¬ 
rameters,  one  of  which,  termed  Fw,  influences  the  response 
of  the  wake  to  adverse  i»e$sure  gradienis.  As  Fw  is  in¬ 
creased  horn  0.20  to  0.4  S ,  the  wing  wake  grows  more  rapidly 
in  the  presence  of  the  adverse  [xessure  gradient  imposed  by 
theflap.  The  thicker  wake  in  turn  sui^nesses  the  loading  on 
Ac  flap.  Available  wind  tunnel  data  suggest  the  lower  value 
of  Fw  but  the  integral  wake  modd  may  be  too  simple  to  be 
generally  valid. 

In  the  course  of  the  above  work,  the  literature  was  reviewed 
to  identify  experimental  results  which  would  aid  in  improv¬ 
ing  the  viscous  modeling.  It  was  found  that  the  available 
wind  tunnel  data  are  limited  and  tests  in  which  the  viscous 
wakes  were  measured,  in  terms  of  total  piessure  and  velocity 
profiles,  and  turbulence  quantities,  more  limited  still.  The 
CFD  developer  is  thus  forced  to  adjust  the  viscous  modeling 
to  match  surface  pressure  data  rather  than  the  viscous  fea¬ 
tures  the  code  is  attempting  to  capture.  To  remedy  this 
situation,  much  experimental  work  must  be  done  to  obtain 
the  type  of  data  necessary  for  continued  development  of 
CFD  for  high-iin  applications. 

Relamiaarization 

As  discussed  by  Smith  [1],  it  is  very  beneficial,  in  terms  of 
developing  maximum  lift,  for  an  airfoil  or  element  of  a  high- 
lift  system  to  have  a  laminar  boundary  layer  up  to  the  point 
of  pressure  recovery,  the  idea  being  to  begin  Ae  recovery 
wiA  as  Ain  a  turbulent  boundary  layer  as  possible.  There¬ 
fore,  all  phenomena  which  affect  Ac  state  of  the  upper 
surface  boundary  layer  can  be  expected  to  play  a  role  m  Ae 
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Full  Potuntlal  Cod*  with  Integral  Viscous  Modeling 


Vane  &  Main 


Fig.  5  Effect  (ff  wing  wake  nwfeling  on  wake  growth  and  flap  pressure  distribution 


maximum  lift  developed.  The  influence  of  boundary  layer 
state  on  CLmax  shown  schematically  in  Fig.  6.  Referring 
to  Fig.  6.  Qmax  tises  with  increasing  Reynolds  number 
until  the  initial  upper  surface  boundary  layer  begins 
transitioning  ftom  laminar  to  turbuletu  causing  a  loss  in 
Ct  maT  with  further  increases  in  Reynolds  number.  After 
the  transitioa  process  is  complefed,  once  again  rises 

with  increasing  Reynolds  number.  Two  phenomena  which 
can  cause  such  behavior  ate  lelaminarization  and  attachment 
line  transition.  While  the  primary  subject  of  this  section  is 
relaminarization.  attachment  line  transition,  the  subject  of 
the  next  section,  will  be  touched  on  in  the  following  discus- 
sioa 
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Fig.  7  shows  the  potential  flow  surface  streamlines  for  a 
sweptwing.  The  attachment  line,  a  line  of  spanwise  flow  on 
the  lower  surface  well  behind  the  wing  leading  edge,  is 
clearly  shown.  For  a  3D  swept  wing,  the  upper  surface 
boundary  layer  state  is  usually  determined  by  the  state  of  the 


attachment  line  boundary  layer.  However,  under  the  right 
conditions,  the  turbulent  boundary  layer  downstream  of  the 
attachment  line  may  become  lamiiuu,  a  pnxess  termed 
relaminarization.  In  subsonic  flow,  relaminarization  may 
occur  under  the  iitfluence  of  favorable  pressure  gradients  at 
sufficiently  low  fteestream  Reynolds  numbers. 


Fig.  8  shows  the  trend  of  Q,na»  with  Reynolds  number  for 
a  sinqile,  swqH  wing  tested  jointly  by  Boeing  and  Japan 
Aircr^  Development  Coipmtion  (JADQ  in  the  RAE 
Famborough  Sm  pressure  tunnel.  It  is  seen  that  Q  jnai 
increases  with  increasing  Reynolds  number,  teaches  a  maxi¬ 
mum,  and  then  declines,  dropping  7%  ftom  the  peak  value 
at  the  highest  Reynolds  number  achievable.  Decreasing 
^Lmax  increasing  Reynolds  number  has  beat  ob- 
sert^  before,  as  discussed  by  Woodward,  etal  [5]  but  the 
magnitude  the  observed  k»s  was  surprising. 
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Fig.  8  Variation  of  '"Unax  Reynolds  number 

for  a  single  swept  wing 

An  investigation  of  the  phenomenon  proved  interesting. 
Surface  oil  flow  visualization  showed  a  laminar  separ^on 
bubble  on  the  upper  surface  over  the  entire  span  at  low 
Reynolds  number.  The  laminar  bubble  b^an  to  disappear 
on  the  inboard  section  of  the  wing  as  Reynolds  number  was 
increased.  At  the  highest  Reynolds  number,  the  laminar 
bubble  was  evident  on  only  the  outboard  third  of  the  wing. 

One  mechanism  considered  was  the  transition  of  the  attach¬ 
ment  line  from  laminartotuibulent  with  increasing  Reynolds 
number.  This  mechanism  was  ruled  out  for  three  reasons. 
Rrst.  the  observation  of  laminar  bubbles  outboard  but  not 
inboard  would  imply  a  turbulem  attachment  line  inboard  and 
a  laminar  attachment  line  outboard,  an  unlikely  situation. 
Second,  a  wire  trip  was  placed  on  the  inboard  lower  suface, 
normal  to  the  attachment  line,  to  cause  attarJiment  line 
transition  but  no  differences  in  flow  characteristics  were 
observed.  Finally  .calculationof  theattachmentlineReynolds 
number  Rbar,  after  Poll  [6],  gave  Rbar>240  at  the  lowest 
Reynolds  number  suggesting  that  the  attachment  line  was 
turbulent  for  all  Reynolds  numbers  tested. 

The  most  likely  mechanism  is  now  thought  to  be 
lelaminaiization.  At  low  Reynolds  number,  the  Oirbulent 
boundary  layer  flowing  away  from  the  attachment  line 
becomes  laminar  due  to  the  action  of  the  extremely  favorable 
pressure  gradient  around  the  leading  edge.  As  Reynolds 
ntmber  increases,  the  spanwiseexientof  the  relaminarization 
decreases.  The  change  from  a  mostly  laminar  initial  upper 
surface  boundary  layer  to  a  mostly  turbulent  one  accounts 
for  the  observed  loss  in  C^max- 

There  have  been  several  parameters  proposed  as  indicators 
of  when  lelaminarixatioo  is  likely.  One  parameter.  K.  after 
Launder  and  Jones  [7],  conelates  reasonably  well  with  the 
experiment  Older  diaaission.  AvalueofK>3E-06issome' 
times  propsedasaielaminaiization  criteria.  lMg.9showsthe 


calculated  spanwise  distribution  of  K  as  a  function  of 
Reynolds  number.  Itisseentfaatrelaminarization.asdefiiied 
by  K>3E-06,  is  likely  at  Reyiudds  numbers  less  than  about 
12  million.  Also,  due  to  the  spanwise  distribution  of  pres¬ 
sure  gradients,  relaminarization  should  first  cease  inboard 
with  increasing  Reynolds  number,  a  result  in  agreement  with 
the  experimental  data. 


Additional  data  confirming  relaminarization  were  acquired 
during  a  subsequent  test  and  are  briefly  discussed  in  the  next 
section. 

Much  work  remains  to  be  done  to  understand  and  be  able  to 
model  relaminarization.  For  instance,  the  relaminarization 
parameter  K  does  not  reflect  bouixiary  layer  characteristics 
nor  the  chordwise  extent  of  the  favorable  pressure  gradient 
Also,  cross  flow  instabilities,  a  function  of  wing  sweep,  can 
be  expected  to  influence  the  propensity  for  relaminarization. 
Finally,  the  rapidity  with  which  the  boundary  layer 
retransitions  to  turbulent  flow  certainly  has  an  impact  on 
maximum  lift. 

Attachment  Line  Transition 

As  previously  mentioned,  the  state  of  the  attachment  line 
usually  determines  the  boundary  laya  state  on  the  upper 
surface.  The  attachment  line  on  many  high-lift  devices  is 
far  behind  the  leading  edge  in  a  region  of  low  curvature  and 
subsequendy  small  velocity  gradients  which  favors  devel¬ 
opment  of  a  turbulent  attachment  line.  In  the  absence  of 
sufficiently  large  pressure  gradients  and  at  high  enough 
ftecstream  Reynolds  numbers,  iclaminarirat  inn  as  tiisn^syd 
above  is  unlikely  to  occur.  Therefore,  in  the  absciKx  of 
relaminarization,  a  tuibulent  attachment  line  results  in  a 
turbulent  boundary  layer  over  the  entiie  upper  surface. 

After  the  experiment  discussed  above,  a  new  leadiitg  edge 
shape  was  designed  for  the  model  as  shown  in  Fig.  10.  The 
primary  desire  was  to  avoid  relaminarization.  or  at  least 
confuie  it  to  lower  Reynolds  numbers,  so  thtu  the  trend  of 


^Lmax  Reynolds  number  could  be  established  with  a 
fully  tuibuloit  ui^r  surface  boundary  layer.  To  this  end, 
the  curvature  around  the  leading  edge  wes  reduced  in  mder 
to  lessen  the  favorable  pressure  gradients  promoting 
relaminarization.  However,  the  resulting  sh^  had  in¬ 
creased  curvatioe  in  the  vicinity  of  the  attachment  line, 
increasing  the  likelihood  of  a  laminar  attachment  line. 


The  model  was  again  tested  by  Bocing/J  ADC  at  the  RAE  5m 
pressure  tunnel  Some  results  are  given  in  Fig.  1 1  which 
shows  as  afunction  of  Reynolds  number  for  both  the 

initial  design  (H20)  and  the  new  design  (H20.S).  H20.S 
exhibited  characteristics  similar  to  H20  in  that  CLmjm  first 
increases  with  Reynolds  number,  reaches  a  maximum,  and 
then  decreases.  However,  relative  to  H2C  characteristics, 
the  Reynolds  number  for  peak  for  H20.S  was  much 
lower  and  the  decrease  in  peak  Ci  was  much  greater. 
1 5%  as  opposed  to  7  %,  although  the  drop  in  CLmax  for  H20 
was  limited  by  the  maximum  Reynolds  number  attainable. 
Also,  H20.S  showed  a  resumption  of  increasing  €^3^  with 
Reynolds  number  at  the  higher  Reynolds  numbers  tested. 
While  the  adverse  Reynolds  number  effect  on  H20  is  due  to 
cessation  of  relaminarization,  for  H20.3  it  is  believed  to  be 
due  to  attachment  line  transition. 


Fig.  II  ^ect  of  leading  edge  shape  modification 
on  variation  with  Reynolds  number 


Fig.  12  shows  the  calculated  spanwise  distribution  of  the 
relaminarization  parameter  K  for  both  H20  and  H20.S  at  low 
and  high  Reynolds  numbers.  H20.5  has  greatly  reduced 
values  of  K  native  to  H20  with  K  generally  less  than  3E-06, 
indicating  that  relaminarization  is  much  less  likely  for  H20.5 
than  for  H20. 


Fig.  1 3  shows  the  attachment  line  Reynolds  number  Rbar  for 
both  H20  and  H20.S,  calculated  at  about  20%  span,  as  a 
function  of  fireestream  Reynolds  number.  H20.5  exhibits  a 
175  unit  reduction  in  Rbar  relative  to  H20  at  all  freestream 
Reynolds  numbers.  Using  an  Rbar  of  240  as  an  indicator  of 
a  turbulent  attachment  line,  it  is  seen  that  H20  should  have 
a  turbulent  attachment  line  over  the  range  of  Reynolds 
numbers  being  considered  while  H20.5  shou’^  have  a  lami¬ 
nar  attachment  line  at  low  Reynolds  number  and  a  turbulent 
attachment  line  at  high  Reynolds  number.  These  calcula¬ 
tions  are  in  reasonably  good  agreement  with  the  experimen¬ 
tal  data. 
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A  Gnal  bit  of  evidence  was  provided  by  arrays  of  surface 
mounted  hot  film  sensrxs  installed  at  three  spanwisc  statkms 
around  the  leading  edges  of  both  H20  and  WOS.  The  hot 
film  data,  detailed  discussion  of  which  is  beyond  the  scope 
of  this  paper,  su|^it  the  above  conclusions.  The  hot  film 
signals  for  H20.S  showed  a  laminar  attachment  line  at  low 
Reynolds  number  and  a  turbulent  attachment  line,  with  no 
lelaminarization  of  the  upper  surface  boundary  layer,  at  high 
Reynokis  number.  The  hM  film  signab  for  H20  canfiimed 
that  the  attachment  line  was  turbulent  over  the  range  at 
Reynolds  numbers  tested  and  that  the  adverse  Reynolds 
number  eSea  was  due  to  cessation  of  lelaminarization. 
Also,  thedatashowed  that  Ct  mar  isaffectednotonlybythe 
prcsenceor  absence  oftelatninarization  but  by  Ihechordwise 
extent  of  the  rclaminarized  flow  vdiich,  like  most  viscous 
phenomena,  is  strongly  a  function  of  Reynolds  number. 


a  high-lift  system  of  fixed  size  as  the  system  becomes 
more  point  designed. 

4)  Current  CFD  tools  do  not  model  the  physics  with 
enough  accuracy  andA>r  in  enough  detail  to  reliably 
predict  Reynolds  number  effects  on  Cl  and  CLmax 
highly  loaded  high-lift  systems. 

5)  The  existing  experimaual  database,  in  terms  of  the 
number  of  revelant  experiments  and  the  type  of  data 
obtained,  is  inadequate  for  the  purpose  of  improving  the 
ability  of  high-lift  CFD  tools  to  predict  Reynolds  num¬ 
ber  effects. 

To  advance  the  state  of  the  art  in  high-lift  aerodynamics, 

the  following  recommendations  are  made: 


In  summary,  relaminarization  and  attachment  line  transition 
have  a  very  large  effect  on  high-lift  system  performance  and 
greatly  reduce  the  confidence  with  which  wittd  tunnel  data 
are  scaled  to  flight  Reynokis  numbers.  W^iile  unlikely  to 
replace  the  wind  tunnel,  the  development  of  CFD  toots 
which  model  these  phenomena  will  enable  the  design  of 
more  efficient  high-lift  systems  and  mitigate  the  risk  of 
being  surprised  during  flight  test 


The  performance  of  high-lift  systems  depends  greatly  on  a 
variety  of  viscous  flow  phenomena  which  are  strongly  a 
function  of  Reynolds  number.  Three  of  the  many  phenom¬ 
ena  have  been  addressed  in  this  paper 


viscous  wake  interactions 
relaminarization 
attachment  line  transition 


ITteoC  phenomena  are  of  more  than  academic  interest  as  each 
can  lead  to  adverse  Reynolds  number  effects  where  lift  at 


constant  angle  of  attack  (Cl)  and/or  maximum  lift  (CLtnax) 

decrease  with  increasing  Reynolds  number. 


Based  on  the  material  presented  in  this  paper,  and  the 
research  on  which  it  is  based,  the  following  conclusions  are 
drawn; 


1 )  Continued  development  of  CFD  tools  is  called  for  as  the 
likelihood  of  developing  wind  tunnels  for  jet  transport 
configuration  development  testing  at  flight  Reynolds 
numbers  is  remote. 

2)  The  further  development  of  CFD  requires  that  the 
greatest  weaknesses  of  current  CFD  tools  rccicvc  the 
greatest  attention.  This  means  that  increased  work  in 
fundamental  fluid  mechanics,  rather  than  in  grid  gen¬ 
eration  or  algorithm  development,  is  warranted.  Such 
research  should  be  directed  towards  the  understanding 
and  modeling  of: 

turbulence 

boundary  layer  and  wake  development 

viscous  wake  interactions 

transition 

relaminarization 

separated  flows 

confluent  flows 

3)  To  »x:omplish  the  above  recommendations,  additional 
e;q}erimenial  data  must  be  obtained.  The  type  of  data 
needed  will  require  experimental  researchers  to  focus 
less  on  testing  airplane  configurations  and  components 
and  more  on  expmiments  designed  to  answer  specific 
questions  in  fluid  mechanics. 


1)  Adverse  Reynolds  number  effects  on  Cl  and  CLmax 
are  not  uncommon. 

2)  Adverse  Reynolds  number  effects  on  Cl  and  Cijna, 
can  be  large. 

3)  Designing  and  testing  at  less  than  flight  Reynokis 
number  is  not  in  general  consnvative  and  may  result  in 
etqtensive  airplane  nradifications  during  flight  testing 
and/or  an  airplane  vnth  poorer  than  expected  perfor¬ 
mance  throughout  its  ecoiKMnic  life.  This  becomes 
more  likely  if  increased  performance  is  demanded  from 


High-lift  aerodynamics  remains  one  of  the  most  interesting, 
challenging,  and  rewarding  of  engineering  disciplines.  It  is 
hoped  that  researchers  will  embrace  the  recommendations  in 
this  paper,  advances  in  the  understanding  and  modeling  of 
the  viscous  phenomena  discussed  will  benefit  not  only  CFD 
for  high-lift  aerodynamics  but  CFD  and  fluid  mechanics  in 
general. 


The  author  wishes  to  express  his  gratitude  to  his  collegues  in 
the  AdvaiKxd  Technology  &  Design  group  of  the  Boeing 
Commercial  Airplane  Group.  The  author  also  thanks  the 


iy-8 

engineeis  and  staffs  of  the  NAS  AA^gley  Low  Turbulence 
Pressure  Tunnel  and  RAE/Famborough  Sm  Pressure  Tunnel 
frH’  their  assistance  in  acquiring  the  high  Reynolds  number 
data  discussed  in  this  paper.  Finally,  the  author  wishes  to 
thank  Mr.  Amano,  Mr.  Nakamura,  and  others  of  the  Japan 
Aircraft  Development  Ccxporation  and  its  member  compa¬ 
nies  (Fuji  Heavy  Industries,  Kawasaki  Heavy  Industries, 
Mitsubishi  Heavy  Industries)  for  their  assistance  and  partici¬ 
pation  in  the  RAE  testing  discussed  in  this  paper. 


1.  Smith,  A.M.O.,  “High-Lift  Aerodynamics”,  Wright 
Brothers  Lecture,  AlAA-74-939, 1974. 

2.  Gamer,  PI..,  Meredith,  P.T.,  Stoner,  R.C.,  “Areas  for 
Future  CFD  Development  as  Illustrated  by  Transport 


Aircraft  Ai^lications”,AIAA-91-1527, 1991, 

3.  Kusunose,  K..  Wigton,  L.,  Meredith,  P.T.,  “A  Rapidly 
Converging  Viscous/Inviscid  Coupling  Code  forMulti- 
ElementAirfoilConfiguraiions",  AIAA-91-0177, 1991 . 

4.  Giles,  M.,  Drela,  M.,  Thompkins  Jr.,  W.T.,  “Newton 
Solution  of  Direct  and  Inverse  Transonic  Euler  Equa¬ 
tions",  AIAA  Paper  85-1530, 1985. 

5.  Woodward,  D.S.,  Hardy,  B.C.,  Ashill,  P.R.,  “Some 
Types  of  Scale  Effect  in  Low-Speed,  High-Lift  Flows”, 
ICAS  Paper  4.9.3,  Jerusalem,  1988. 

6.  Poll,  D.I.A.,  ‘Transition  in  the  Infmite  Swept  Attach¬ 
ment  Line  Boundary  Layer”,  Aeronautical  Quarterly 
Vol  XXX  pi.  4,  pp.  607-629, 1979. 

7.  Launder,  B.E.,  and  Jones,  W  J*.,  “On  the  Prediction  of 
Laminarisation”,  ARC  CP  1036, 1%9. 


4c 


A  STUDY  OF  THE  USE  OF  HALF-MODELS  IN  HIGH-LIFT  WIND-TUNNEL  TESTING 


:o-i 


by 

P,  B.  Earnshaw.  A.  R.  Green.  B.  C.  Hardy  and  A.  H.  Jelly 

Defence  Research  Agency 
Farnborough  Hampshire  GU14  6TD,  United  Kingdom 


SUMMARY 

An  experimental  investigation  into  the  use  of  half-model 
testing  techniques  specifically  aimed  at  high-lift  testing 
has  been  carried  out  in  the  5  Metre  Pressurised  Wind 
Tunnel  at  the  DRA,  Farnborough.  The  aim  of  the 
programme  was  to  provide  an  assessment  of  the  extent 
to  which  the  measured  characteristics  of  a  high-lift 
model  might  be  compromised  by.  in  particular,  the 
existence  of  a  boundary  layer  on  the  reflection  plane 
and  how  any  penalties  might  be  minimised. 

The  results  suggest  that,  provided  care  is  taken  with 
experimental  technique,  good  agreement  is  possible  on 
stall  incidence  as  well  as  the  absolute  values  of  lift,  drag 
and  pitching  moment. 

1  INTRODUCTION 

The  use  of  half-models  in  wind-tunnel  'esting  can  offer 
several  advantages.  Among  these  are  the  engineering 
advantages  of  design  simplification,  speed  of  manu¬ 
facture  and  reduction  of  model  cost  together  with  the 
operational  advantages  in  test  of  the  removal  of  support 
interference  and  the  increase  of  model  Reynolds 
number.  However,  these  benefits  are  only  offered  at  the 
expense  of  possible  interaction  between  the  flow  over 
the  model  and  the  boundary  layer  over  the  reflection 
plane.  Because  of  this,  many  wind  tunnel  engineers 
take  the  view  that,  while  useful  results  may  be  achieved 
for  lift  and  pitching  moment,  this  is  not  necessarily  true 
in  the  case  of  drag.  An  alternative  view,  also  widely 
held,  is  that  the  half-mode!  technique  offers  a  means  of 
establishing  incremental  changes  to  forces  and 
moments  resulting  from  modifications  to  model  build  but 
cannot  provide  the  absolute  values  of  these  forces. 

Despite  these  reservations,  the  undoubted 
convenience  of  half-models  provides  a  strong  incentive 
to  their  use  -  for  example  in  attempting  to  define 
optimum  slat  and  flap  settings  in  the  development  of 
high  lift  devices.  However,  in  this  particular  application 
where  the  interest  centres  on  maximum  lift  and  the 
nature  of  the  stall,  or  on  drag  at  high  lift,  it  seems  much 
more  probable  that  a  strong  interaction  between  the 
model  and  the  wall  boundary-layer  flow  would  be  evident 
in  the  test  results  on  the  half-model. 

At  the  5  m  wind  tunnel  at  DRA,  Farnborough,  this  type  of 
test  is  carried  out  fairly  frequently;  it  was  important 
therefore  to  explore  more  carefully  what  limitations  there 
might  be  on  using  these  test  techniques  and  to  what 
extent  the  speculations  discussed  above  were 
accurate,  in  particular  as  far  as  the  assessment  of  high- 
lift  characteristics  was  concerned. 

A  preliminary  exploratory  test  programme  comparing  the 
results  from  a  half-model  test  and  the  corresponding 
results  from  a  complete  model  was  carried  out  by  BAe. 
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The  results  suggested  that  there  were  indeed  in  some 
circumstances  clear  discrepancies  between  the  two. 
The  more  comprehensive  programme  reported  here  was 
therefore  instituted  in  an  attempt  to  clarify  the  issue. 

2  APPROACHES  TO  HALF-MODEL 
TESTING 

Many  different  arrangements  of  half-model  support 
schemes  have  been  adopted  in  different  wind  tunnels, 
all  offering  particular  advantages  and  disadvantages. 
However,  in  those  cases  where  a  particular  effort  has 
been  made  to  minimise  the  influence  of  the  boundary 
layer  growth  on  the  reflection  plane,  they  appear  to 
divide  into  two  apF>roaches: 

(a)  to  reduce  the  boundary-layer  thickness  on  the 
reflection  plane, 

(b)  to  reduce  the  influence  of  the  latter  on  the 
aerodynamics  of  the  model. 

A  very  convenient  and  economical  method  of  achieving 

(a)  is  to  mount  the  model  above  a  short  reflection  plane 
so  that  the  distance  over  which  a  boundary  layer  can 
grow  is  restricted.  However,  at  the  5  m  wind  tunnel,  it 
was  felt  that  an  essential  consideration  should  be  the 
need  to  maintain  as  far  as  possible  the  same  uniformity 
of  the  flow  and  known  calibration  over  the  half-model  as 
that  over  a  complete  model.  Only  when  this  was  the 
case  could  there  be  reasonable  hope  that  the  behaviour 
up  to  tho  stall  would  then  bo  common  between  the  two. 
This  view  led  to  a  rejection  of  a  short  supported 
reflection  plane  or  of  an  endplate  where  the  outer  wing 
would  be  able  to  'see'  the  edges  of  the  reflection  plane. 
On  tfie  other  hand,  if  a  larger  reflection  plane  were  to  be 
used,  the  design  should  be  such  that  the  stream 
vebcities  on  each  side  of  the  plane  should  be  broadly 
similar;  if  this  were  not  the  case,  the  oncoming  stream 
would  respond  as  If  to  an  additional  contraction  which 
would  require  a  significant  streamwise  distance  before 
the  flow  were  uniform  again.  To  ensure  that  this  was  the 
case,  the  plane  would  have  to  be  be  mounted  reason¬ 
ably  far  from  the  test  section  floor  and  the  model  size 
would  inevitably  be  reduced. 

Initially,  the  technique  favoured  followed  the  approach 

(b)  above  in  attempting  to  reduce  the  interaction  of  the 
floor  boundary  layer  with  the  aerodynamics  of  the 
model.  Thus,  the  model  was  supported  with  minimum 
clearance  directly  above  an  earthed  plinth,  or  peniche, 
having  the  same  outline  as  the  fuselage.  However, 
results  from  the  early  stages  of  the  test  programme 
suggested  that,  whether  or  not  a  plinth  had  been 
installed,  it  would  be  desirable  to  reduce  the  effective 
boundary-layer  thickness. 

Being  a  pressurised  wind  tunnel,  space  around  the  test 
section  at  the  5  m  tunnel  is  at  a  premium  and  it  would  be 
very  inconvenient  to  install  large-diameter  suction 
pipework.  However,  high-pressure  pipework  presents 
less  of  a  problem  and  it  has  been  possible  to  introduce  a 
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boundary-layer  re-energisation  system  using  a  nozzle 
extending  aaoss  the  great  proportion  of  the  width  of  the 
test  section  at  a  point  around  a  metre  upstream  of  the 
nose  of  the  model  in  use. 

A  calibration  of  blowing  pressure  and  nozzle  t  .^dth  was 
carried  out  against  tunnel  pressure  and  Mach  number 
using  boundary -layer  rakes  attached  to  the  test  section 
floor  at  three  positions  across  the  width  and  slightly 
upstream  of  the  model  nose.  The  choice  of  what  was 
considered  to  be  an  acceptable  total  head  distribution 
was  of  course  largely  arbitrary.  However,  plainly  one  of 
the  main  questions  to  be  answered  was  whether,  and 
under  what  circumstances,  there  might  be  any 
sensitivity  of  the  model  behaviour  to  the  boundary-layer 
characteristics  at  the  reflection  plane. 

The  boundary  layer  profile  shown  in  Fig  1  is  typical  of 
what  was  taken  to  be  the  most  suitetble  at  one  particular 
tunnel  operating  condition.  Evidently,  the  total 
boundary  layer  thickness  changes  throughout  the 
tunnel  working  envelope  but,  givsr,  that  an  appropriate 
criterion  for  blowing  pressure  is  applied,  the  character  of 
the  re-energised  layer  does  not  change  substantially. 
In  fact  comparative  tests  at  much  higher  energisation 
levels  show  no  detectable  changes  in  stall  incidence 
and  only  small  changes  in  forces  at  very  much  higher 
levels  of  blowing. 

3  DESCRIPTION  OF  MODELS 

In  making  assessments  of  the  comparative  effects  of 
different  test  techniques  on  high-lift  stall 
characteristics,  it  has  to  be  recognised  that  great  care 
must  be  taken  to  avoid  even  minor  changes  in  model 
build.  These  inevitably  create  a  risk  of  introducing 
significant  flow  changes  in  the  neighbourhood  of  stall 
which  in  turn  serve  to  confuse  the  comparisons; 
differences  between  models,  support  systems  and 
possibly  even  tunnels  offer  still  greater  risk. 

In  order  to  minimise  this  complication,  an  existing  1:13 
scale  model  of  the  A300B  Airbus  aircraft  which  had 
already  been  extensively  tested  at  the  5  m  tunnel  was 
used.  This  model  has  been  used  as  a  general 
workhorse  for  technique  development  since  1 978  and  in 
particular  has  provided  the  basis  for  a  lengthy 
programme  of  research  into  support  interference.  It 
happened  also  that  BAe  Hatfield  had  been  interested  in 
using  this  same  model  in  a  calibration  exercise  in  their 
own  tunnels  and  had  manufactured  a  suitable  half 
fuselage  so  that  it  could  be  tested  in  half-model  form  in  a 
smaller  funnel.  They  agreed  to  its  use  by  DRA  for  its 
own  research  programme. 

Measurements  for  a  very  wide  array  of  different 
configurations  of  the  complete  model  were  already 
available,  in  most  cases  using  a  conventional  three- 
strut  support  system  from  an  underfloor  balance 
although,  as  part  of  the  support  interference 
programme,  it  had  also  been  tested  using  a  sting 
support  with  an  internal  strain-gauge  balance.  Apart 
from  check  tests  therefore,  there  was  no  need  to  carry 
out  any  further  testing  on  the  complete  model. 

In  half-model  build,  the  model  was  mounted  from  the 
same  underfloor  balance  in  three  positions  : 

(a)  as  close  as  possible  to  the  earthed  test  section 
floor.  The  model  support  therefore  passed 
through  a  hole  in  the  latter.  No  attempt  was  made 
to  provide  a  labyrinth  seal  but  clearance  was 


made  as  small  as  was  conveniently  possible  in 
order  to  reduce  airflow  between  inside  and 
outside  the  test  section, 

(b)  as  close  as  possible  to  an  earthed  plinth,  or 
poniche,  of  75  mm  thickness  and  having  the 
same  outline  as  that  of  the  fuselage  centre- 
section.  The  plinth  was  attached  to  the  turntable 
which  carried  the  balance  and  model  and 
consequently  rotated  with  the  latter  as  incidence 
was  changed  (see  Fig  2), 

(c)  as  close  as  possible  to  a  deeper  plinth  of  1 00  mm 
thickness  in  order  to  assess  the  influence  of 
plinth  height. 

Given  the  typical  size  of  model  used  in  the  5  m  tunnel 
and  the  overhang  of  the  extremes  of  a  corresponding 
fuselage  and  making  due  allowance  for  movement  of  the 
live  balance  platform  before  equilibrium  was  achieved,  a 
convenient  clearance  between  the  live  part  of  the  model 
and  the  tunnel  floor  in  the  absence  of  a  plinth  was 
around  5  mm.  The  semi-span  of  the  half-model  used  in 
this  instance,  obviously  rather  smaller  than  would 
normally  be  the  case  in  a  tunnel  of  this  size,  was 
1.750  m. 

The  half-model  is  shown  mounted  in  the  test  section  in 
Fig  3a  and  since,  at  a  later  stage  in  the  programme,  it 
became  clear  that  an  effectively  reduced  floor 
clearance  was  necessary,  details  of  the  improved 
sealing  are  indicated  in  Fig  3b. 

It  must  be  recognised  that,  because  of  its  fairly  small 
size  relative  to  the  tunnel,  the  use  of  this  half-model 
adjacent  to  an  unrepresentatively  thick  boundary  layer 
may  well  have  exaggerated  differences  with  the 
complete  model  or  at  the  very  least  made  such 
differences  easier  to  identify. 

When  used  with  a  plinth,  the  latter  was  earthed  and 
attached  firmly  to  the  turntable.  Again,  apart  from  the 
height  needed  to  accommodate  the  plinth,  an  additional 
clearance  similar  to  that  when  used  in  the  absence  of  a 
plinth  had  to  be  introduced  between  it  and  the  five 
fuselage. 

Since  the  maximum  thickness  of  the  floor  boundary 
layer  at  the  lower  end  of  the  tunnel  operational  envelope 
was  about  100  mm  reducing  to  around  70  mm  at  the  high 
end,  the  plinth  height  that  was  thought  to  be  the  most 
appropriate  was  75  mm.  This  height  therefore  was  used 
most  extensively  in  the  comparative  programme. 
Nevertheless,  it  was  always  evident  that,  at  incidence, 
the  floor  boundary  layer  would  be  swept  up  over  the 
fuselage  regardless  of  plinth  height.  Consequently,  in 
an  effort  to  assess  the  influence  of  plinth  height,  some 
tests  were  carried  out  using  a  second  plinth,  100  mm  in 
height. 

4  DISCUSSION  OF  RESULTS 

The  manner  in  which  different  configurations  react  to 
changes  in  half-model  test  procedure  is  complicated 
and  may  well  explain  why,  following  success  in  a 
particular  instance,  some  laboratories  adopt  a  pro¬ 
cedure  which  has  proved  unsuccessful  for  others. 
Furthermore,  when  in  particular  the  interest  centres  on 
stall  development,  especially  where  some  effort  hcs 
been  spent  on  optimisation  of  the  high-lift  character¬ 
istics  of  the  wing  and  consequently  all  parts  of  the  wirrg 
are  working  hard,  it  can  be  more  than  usually  difficult  to 
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reproduce  the  forces  and  moments  identically  following 
a  model  rebuild;  even  in  consecutive  test  runs, 
movements  of  sealing  materials  or  tape  edges  can 
manifest  themselves  through  significant  changes  to  the 
stall  development  but  still  be  quite  difficult  to  locate 
physically.  Nevertheless,  in  the  present  test 
programme,  it  was  felt  that  that  the  controlling 
mechanisms  could  be  identified  fairly  clearly  despite 
occasional  lapses  when  the  lack  of  reproducibility  was 
evident. 

In  the  course  of  these  present  tests,  a  large  number  of 
different  configurations  for  both  landing  and  take-off 
have  been  examined  at  various  Reynolds  numbers  with 
and  without  the  presence  of  a  plinth,  and  with  and 
without  the  use  of  boundary-layer  re-energisation 
(BLRE).  However,  for  the  purposes  of  this  paper,  the 
data  has  been  limited  to  that  necessary  to  illustrate  the 
various  phenomena  that  have  been  identified  as 
affecting  the  results.  Fortunately,  it  has  been  possible 
to  choose  a  single  configuration  to  demonstrate  all  of 
the  major  effects;  the  A300B4  in  take-off  configuration 
{16°:8°/3“). 

Fig  4a&b  compare  the  lift  curves  for  the  complete  model, 
the  half-model  without  plinth,  with  75  mm  plinth  and  with 
100  mm  plinth;  there  was  no  application  of  BLRE  in  this 
instance.  If,  for  the  moment,  we  choose  to  regard  the 
results  for  the  complete  model  as  being  correct,  various 
distinct  features  are  apparent: 

(a)  the  simple  half-model  had  a  lift-curve  which  was 
too  low  and  stalled  early  by  a  little  less  than  2°, 

(b)  the  half-model  mounted  on  a  75  mm  plinth  had  a 
lift-curve  slope  which  was  only  marginally  too 
high  and  began  to  stall  very  slightly  early, 

(c)  the  half-model  mounted  on  a  100  mm  plinth  had  a 
lift-curve  slope  still  higher  and  stalled  at  around 
the  same  incidence  as  the  simple  half-model. 

This  behaviour  seems  at  first  sight  to  be  erratic  whilst 
also  providing  us  with  a  strong  predisposition  to  use  -  in 
this  tunnel  at  least  -  a  75  mm  plinth.  In  fact,  the  various 
interacting  mechanisms  are  quite  clear  and  will  be 
discussed  in  the  following  sections. 

4.1  Stall 

If  guidance  is  sought  from  the  pitching  moment 
behaviour,  shown  In  Fig  5,  for  the  same  configurations 
discussed  above,  it  is  immediately  clear  that  all  the  half- 
models  stalled  dramatically  nose-down  whereas  the 
complete  model  stalled  less  severely  and  nose-up.  The 
implication  is  that  there  was  a  very  abrupt  loss  of  lift 
inboard  on  the  half-model  whereas  on  the  complete 
model,  either  the  outboard  wing  or  possibly  the  inboard 
flap  stalled  first.  In  fact,  examination  of  the  rolling 
moment  data  made  it  clear  that  it  was  an  outboard  stall 
in  this  instance. 

However  similar  the  full-model  and  half-model  lift  curves 
might  appear  in  the  case  of  the  75  mm  plinth,  the  stall 
development  was  plainly  totally  unrepresentative. 

At  a  slightly  higher  Reynolds  number,  when  the 
reflection  plane  boundary  layer  was  somewhat  thinner,  a 
magnified  view  of  lift  near  stall  shows  (Fig  6)  that  now 
the  simple  half-model  stalled  at  close  to  the  same 
incidence  as  the  75  mm  plinth  case.  Interestingly,  the 
change  in  pitching  moment  through  stall  on  both.  Fig  7, 
had  now  altered  completely  from  nose-down  to  noso-up. 


At  both  Reynolds  numbers,  the  100  mm  plinth  retained 
an  inboard  stall. 

The  impact  of  BLRE  is  shown  at  the  lower  Reynolds 
number  of  5  x  10^  on  lift  in  Fig  8  and  on  the  corre¬ 
sponding  pitching  moment  in  Fig  9.  In  this  case,  the 
stall  on  both  the  75  mm  plinth  and  the  simple  half-model 
was  delayed  but  now  the  stall  on  the  latter  was  higher 
than  both  the  75  mm  plinth  and  the  oomplele  model. 

Consider  first  the  stall  behaviour  of  the  three  half-model 
configurations.  The  introduction  of  a  plinth,  earthed  or 
not,  produced  a  fuselage  which  was  effectively  wider 
and  which  therefore  increased  the  effective  incidence  of 
the  inboard  wing.  Provided  therefore  that  the  outboard 
wirrg  did  not  stall  first,  the  highest  plinth  case  should 
have  stalled  inboard  first  of  the  three.  This,  therefore, 
accounts  for  the  fact  that,  at  both  Reynolds  numbers 
and  regardless  of  BLRE,  the  100  mm  plinth  case  stalled 
inboard  and  early. 

Without  BLRE,  the  simple  half-nuxlel  may  suffer  from  an 
early  inboard  stall  triggered  by  the  thick  reflection-plane 
boundary  layer.  With  BLRE,  It  has  already  been  pointed 
out  that  stall  on  the  half-model  was  delay^  by  around  a 
half  degree.  Now  corrections  to  incidence  are  usually 
calculated  at  the  5  m  tunnel  as  a  suitably  weighted  mean 
of  an  upwash  which  varies  across  the  span.  In  the  case 
of  the  half-model,  which  was  in  fact  quite  small  for  this 
tunnel,  the  wall-induced  upwash  varied  by  no  more  than 
0.05*  across  the  span  and  can  therefore  be  regarded  as 
effectively  constant.  However,  the  complete  model  had 
incidence  corrections  both  for  larger  wall  corrections 
which  varied  significantly  along  the  span  and  as  a  result 
of  the  presence  of  strut  guards. 

The  wall-induced  upwash  corrections  have  been  applied 
to  the  data  as  a  weighted  mean  incidence  correction 
which  in  the  case  of  the  complete  A300  model 
corresponded  to  the  upwash  angle  calculated  at  about 
0.4  span;  the  contribution  of  wall-induced  upwash 
relative  to  the  corrected  incidence  is  zero  therefore  at 
40%  span.  On  the  other  hand,  the  procedure  used  at 
the  5  m  wind  tunnel  for  applying  strut  and  guard 
corrections  is  such  that  these  are  applied  together 
using  semi-empirical  techniques;  it  happens  to  be 
convenient  to  apply  the  corrections  to  lift,  drag  and 
pitching  moment  rather  than  to  incidence.  While  the 
procedure  works  well  at  incidences  below  stall,  it  does 
not  result  in  a  significant  correction  to  stall  incidence. 
The  distribution  of  upwash  due  to  the  strut  guards  has 
been  extracted  from  this  data  and  is  plotted  together 
with  the  wall-induced  corrections  in  Fig  10.  It  is  evident 
that  the  outboard  20%  of  the  wing  on  the  complete 
model  was  at  an  incidence  some  0.5°  higher  than  the 
corrected  incidence  used  in  the  plots.  Plausibly 
therefore,  given  that  both  complete  and  half-models 
were  disposed  to  stall  outboard,  the  complete  model 
would  be  expected  to  stall  some  0.5°  lower  than  the  half¬ 
model. 

The  same  simple  argument  ought  also  to  apply  to  the 
75  mm  plinth  case.  Unfortunately,  while  it  does  do  so  at 
the  higher  Reynolds  number,  shown  in  Fig  6,  it  plainly 
does  not  do  so  with  BLRE  in  Figs  8  and  9.  In  fact,  the 
slight  improvement  of  stall  incidence  following  the 
introduction  of  BLRE  to  the  plinth-mounted  model 
results  from  a  movement  of  separation  from  inboard  to 
the  neighbourhood  of  the  pylon  rather  than  to  the 
outboard  wing.  While  it  is  quite  possible  that  the 
introduction  of  a  plinth  could  so  modify  the  lift 
distribution  and  upwash  field  that  the  mkf-wing  near  the 
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pylon  was  triggered  into  an  early  separation  that  did  n<^ 
occur  at  the  higher  Reynolds  number,  it  may  seem  more 
reasonable  to  recall  the  difficulties  mentioned  at  the 
beginning  of  this  section  of  repeating  stall  behaviour  on 
a  wing  that  has  been  carefully  optimised. 

4.2  Lift-Curve  Slope 

A  deficit  in  lift-curve  slope  can  be  seen  on  the  simple 
half-model  in  Fig  4a.  Initially,  this  had  been  thought  to 
be  due  to  the  thick  reflection-plane  boundary  layer 
operating  on  the  fuselage  and  inboard  wing  particularly 
in  view  of  *he  much  closer  agreement  when  using  a 
75  mm  plinth  but  calculations  made  using  a  panel 
method  (SPARV)  showed  that  this  latter  improvement  of 
lift-curve  slope  above  that  of  the  simple  half-model 
would  be  expected  from  the  change  in  geometry 
resulting  from  the  introduction  of  a  plinth.  Furthermore 
the  operation  of  BLRE,  as  shown  already  in  Fig  8. 
provided  little  improvement  in  slope. 

•n  fact,  significant  improvement  in  agreement  between 
half-  and  complete-model  lift-curve  slopes  (Fig  11) 
resulted  from  the  installation  of  a  baffle  plate  which 
reduced  the  gap  between  the  model  support  and  the 
reflection  plane  from  around  1C  mm  to  nearer  2  mm. 
together  with  additional  sealing  around  the  outline  of  the 
fuselage  in  an  effort  to  reduce  the  flow  of  air  from  one 
side  of  the  fuselage  to  the  other  (see  Fig  3b);  this  was 
achieved  without  otherwise  changing  the  model 
geometry.  The  implication  therefore  is  that  errors  in  the 
measur^  lift  resulted  more  from  deficiencies  in  the 
design  of  the  support  system  rather  than  from  an 
inability  to  reproduce  the  correct  aerodynamics  of  the 
wing.  Evidently,  there  still  remained  a  significant  lift 
deficit  which  would  probably  require  a  fundamental 
redesign  of  the  model  support  and  sealing  system  to 
reduce  to  an  acceptable  level  on  a  model  of  this  size. 
However,  as  suggested  above,  there  seems  to  be  no 
indication  that  the  aerodynamics  of  the  wing  and  high-lift 
system  are  compromised  by  lift  losses  at  the  fuselage 
and  support  system. 

4.3  Pitching  Moment 

The  influence  of  BLRE  and  plinth  installation  on  pitching- 
moment  behaviour  in  the  neighbourhood  of  stall  has 
already  been  discussed.  In  addition  to  this  particular 
aspect  however,  it  is  evident  that  all  three  half-models 
had  close  to  the  same  pitching  moment  at  zero  lift 
(Fig  5),  that  the  slope  of  the  pitching-moment  curve 
measured  on  the  simple  half-model  agreed  quite  well 
with  that  for  the  complete  model  but  that  the 
aerodynamic  centre  moved  perceptibly  forward  as  the 
plinth  height  increased. 

The  effect  on  pitching  moment  of  the  modifications  to 
fuselage/reflection  plane  sealing  discussed  earlier  in 
relation  to  the  lift-curve  slope  are  shown  in  Fig  12.  In 
fact,  the  modifications  were  carried  out  in  two  stages, 
the  results  for  both  of  which  are  shovrn. 

The  first  stage  applied  sealing  simply  along  the  parallel 
section  of  the  fuselage  while  the  second  extended 
these  to  the  edge  of  the  turntable;  since  the  fuselage 
overhung  the  turntable  at  both  ends,  an  extension 
around  the  complete  fuselage  was  not  easy  to  contrive. 

ft  is  clear  in  Fig  12  that,  while  very  good  agreement  was 
achieved  between  full-  and  half-models  by  using  short 
seals,  'improvements’  to  the  seals  by  extending  them 
towards  the  front  and  rear  led  to  a  deterioration  in 


agreement.  Evidently,  although  'spiliage'  of  lift  carried 
at  the  ends  of  the  fuselage  through  inefficient  sealing 
did  not  lead  to  a  detectable  change  in  overall  lift,  k  did 
make  a  significant  contribution  to  pitching  moment. 
Since  a  substantial  length  of  upswept  fuselage 
remained  unsealed  at  the  rear,  it  is  likely  that  completion 

-  aruf  possibly  improvement  also  -  of  the  seals  would 
lead  to  better  agreement.  However,  given  the  quite 
respectable  agreement  that  has  already  been 
established,  it  seems  fair  to  speculate  whether  an  error 
of  this  magnitude  could  result  also  from  inadequacies  of 
the  strut  and  guard  corrections  given  that  a  pitch  strut 
was  used  to  support  the  rear  fuselage  for  the  complete- 
model  mounting. 

4.4  Drag 

It  is  convenient  to  illustrate  differences  in  drag  between 
different  configurations  by  reference  to  the  reduced 
drag,  Cdr  ,  where:  Cor  -  Cq  -  C^/kA  and  where  A  is 
the  aspect  ratio  of  the  full-model  in  all  cases. 

Fig  13  shows  that  pre-stall,  the  simple  half-model  with 
BLRE  had  a  reduced  drag  some  50  drag  counts  (0.0050) 
too  high  whereas,  on  a  75  mm  plinth,  Cor  was  as  much 
as  1 50  counts  too  low.  This  latter  change  was  largely 
generated  by  changes  to  induced  drag  since  the 
inviscid  panel  method  calculations  referred  to  earlier  in 
fact  tend  to  overestimate  this  change;  the  calculated 
drag  changes  due  to  the  introduction  of  an  earthed 
plinth  are  included  in  this  same  Figure  at  three 
incidences. 

The  use  of  improved  sealing  shown  in  Fig  14  slightly 
improves  the  similarity  of  the  simple  half-model  to  the 
full  model  but  although  the  comparison  is  now  quite 
close,  the  differences  are  still  clear.  However,  it  is 
worth  pointing  out  that  the  reduced  drag  includes  an 
input  from  the  measured  lift  which  is  itself  in  error.  If  this 
discrepancy  is  removed  by  referring  the  reduced  drag 
on  the  half-model  to  the  lift  at  the  same  incidence  on  the 
complete  model.  Fig  14  shows  that  now  agreement  has 
been  brought  to  within  15  drag  counts.  In  effect  this  is 
equivalent  to  establishing  that  the  total  drag  agreed  to 
within  1 5  drag  counts.  At  this  level  of  agreement,  it  has 
to  be  pointed  out  that  an  error  in  tunnel  upwash  on  the 
complete  model,  or  of  sidewash  on  the  half-model,  or 
indeed  a  combination  of  the  two,  of  0.04°  would  give  rise 
to  '.his  level  of  discrepancy  at  a  of  2. 

5  CONCLUSIONS 

A  substantial  programme  of  comparative  tests  of  a 
complete  strut-mounted  A300  model  and  a  half -model  of 
the  same  aircraft  using  the  port  wing  of  the  complete 
model  has  been  carried  out  in  the  5  m  Low-Speed 
Pressurised  Wind  Tunnel  at  DRA  Farnborough.  Since 
the  complete  model  was  sized  for  the  tunnel,  the  half¬ 
model  was  evidently  somewhat  small  and  consequently 
interactions  with  the  boundary  layer  on  the  reflection 
plane  were  exaggerated;  this  made  their  identification 
more  clearcut  than  perhaps  would  normally  be  the  case. 

On  the  basis  of  this  programme,  various  conclusions 
may  be  drawn; 

(1)  Unless  efforts  are  made  to  reduce  the  effective 
boundary-layer  thickness  on  the  reflection  plane,  the 
use  of  a  simple  half-model  mounted  close  to  the 
reflection  plane  may  possibly  -  although  not  necessarily 

-  yield  wholly  unsatisfactory  predictions  of  the  stall 
behaviour. 


(2)  Whsre  th«  r«sults  are  indeed  unsatisfactory,  the 
te^nique  cannot  be  used  even  for  the  assessment  of 
incremental  changes  of  model  configuration  at  least  as 
far  as  stall  and  post-stall  behaviour  is  concerned. 

(3)  In  some  instances,  the  use  of  an  earthed  plinth 
(or  panicha)  to  lift  the  half-model  high  in  the  boundary 
layer  on  the  reflection  plane  may  improve  reproduction 
of  stall  incidence.  However,  this  technique  introduces 
consequential  errors  in  lift-curve  slope,  drag  and 
pitching  moment.  Furthermore,  although  the  inboard 
wing  may  have  reduced  sensitivity  to  the  boundary  layer 
on  the  reflection  plane,  it  is  now  adjacent  to  a  fuselage 
which  is  effectively  wider;  it  therefore  suffers  from  an 
increased  upwash  around  this  wider  fuselage  and 
consequently  a  tendency  to  early  stall  due  to  this 
alternative  mechanism. 

(4)  Whan  the  effective  thickness  of  the  boundary 
layer  on  the  reflection  plana  has  bean  reduced 
sufficiently,  good  reproduction  of  stall  incidertce  may  be 
achieved.  Differences  between  the  two  are  likely  to 
favour  the  half-modal  given  that  the  full  model  is  open  to 
disturbance  from  its  support  system. 

(5)  Some  care  must  be  be  taken  to  ensure  that  flow 
from  one  side  of  the  model  to  the  other,  or  through  the 
gap  around  the  support  frame,  should  be  restrictad.  The 
immediate  affect  of  inadequate  sealing  is  shown  as  a 
significant  loss  of  lift-curve  slope.  This  particular 
problem  has  proved  to  be  the  most  intractable  with  the 
present  half-model  design  where  the  discrepancy 
between  full  and  half-models  amounted  to  around  1 .5% 
on  lift.  However,  there  seemed  to  be  no  indication  that 
this  leakage  interfered  with  the  aerodynamics  of  the 
wing  or  of  its  high-lift  system  but  was  more  restricted  to 
the  flow  about  the  fuselage.  With  a  model  sized  more 
appropriately  for  the  tunnel  and  designed  from  the  start 
as  a  half-model,  it  might  be  reasonable  to  expect  that 
this  discrepancy  could  be  reduced. 

(6)  Jusi  as  in  the  case  of  lift,  pitching  moment  also 
res(»nds  to  chafes  in  sealing  around  the  fuselage  but 
again  givirig  no  indication  that  the  aerodynamics  of  the 
wing  and  its  high-lift  system  are  compromised  in  any 
way.  In  the  present  instance,  the  total  absence  of 
sealing  at  the  extremes  of  the  fuselage  appeared  to  give 
significant  changes  to  the  pitching  moment  coefficient 
with  a  maximum  error  of  around  0.01. 

(7)  Perhaps  most  surprisingly,  drag  appears  to  be 
the  most  satisfactory  in  that  disagreement  between 
complete  and  half-models  over  a  large  part  of  the 
incidence  range  was  not  worse  than  15  drag  counts.  An 
improvement  in  this  level  of  agreement  may  not  be 
pr^ible  without  greater  confidence  in  the  knowledge  of 
the  mean  values  of  upwash  and  cidewash  velocities 
existirtg  in  the  empty  test  section;  a  total  discrapancy  of 
0.04*  in  incidence  between  complete  and  half-models 
would  be  sufficient  to  generate  this  difference  in  drag  at 
a  lift  coefficient  of  2. 


Total  head  deficit 


Fig  2  Half-model  mounting  geometry 


Fig  1  Comparison  of  velocity  profiles 
with  and  without  blowing 


Fig  3a  Half-model  mounted  without 
plinth  in  test  section 


Fig  3b  Detail  of  improved  sealing 
around  fuselage 


•  FULL  MODEL 
+  '4  MODEL.  NO  PLINTH 
□  '•4  MODEL,  75mm  PLINTH 
A  \  MODEL,  100mm  PLINTH 


Fig  4a  Effect  of  plinth  height  on  Cl 
M-0.20.  Re -5.0x10* 


Fig  4b  Effect  of  plinth  height  on  Cl 
M-0.2C,  Re  -  5.0  X  10* 


Fig  5  Effect  of  plinth  height  on  C„ 
M-0.20,  Re  -  5.0  X  10* 


Fig  6  Effect  of  plinth  height  on  Cl 
M-0.20.  Re  =  6.45x10* 
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Fig  7  Effect  of  plinth  height  on 
M  =  0.20,  Re  =  6.45x10® 


Fig  9  Effect  of  plinth  height  on 
M  -  0.20,  Re  =  5.0  x  10« 
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□  UPWASH  DUE  TO  WALLS 
>C  UPWASH  DUE  TO  STRUT  GUARDS 
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Fig  8  Effect  of  plinth  height  on  C, 
M  =  0.20,  Re  =  5.0x10® 
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Fig  1 0  Comparison  of  upwash  due  to  test  section  walls 
with  that  due  to  strut  guards 


Fig  1 3  Effect  of  plinth  height  on  CD„ 
M  -  0.20,  Re  -  5.0  x  10® 


Fig  1 4  Comparison  of  full  and  half-model  drag  data 
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SUMMARY 

Flight  experiments  are  being  conducted  as  part  of  a  multi- 
phased  subsonic  transport  high-lift  research  program  for 
conelation  with  wiitd-tunnel  and  computational  results. 
The  NASA  Langley  Transport  Systems  Research  Vehicle 
(B737-100  aircraft)  is  used  to  obtain  in-flight  flow 
characteristics  at  full-scale  Reynolds  numbers  to  contribute 
to  the  understanding  of  3-D  high-lift,  multi-element  flows 
including  attachment-line  transition  and  relaminarization, 
confl'j<mt  bo'Jndary-layer  de-tlopment,  and  flow  separation 
characteristics. 

Flight  test  results  of  pressure  distributions  and  skin- 
friction  measurements  were  obtained  for  a  full-chord  wing 
section  including  the  slat,  main-wing,  and  triple-slotted, 
Fowler  fl^)  elements.  Test  conditions  included  a  range  of 
flap  deflections,  chord  Reynolds  numbers  (10  to  21 
million),  and  Mach  numbers  (0.16  to  0.40).  Pressure 
distributions  were  obtained  at  144  chordwise  locations  of  a 
wing  section  (S3-percent  wing  span)  using  thin  pressure 
belts  over  the  slat,  main-wing,  and  flap  elements.  Flow 
characteristics  observed  in  the  chordwise  pressure 
distributions  included  leading-edge  regions  of  high- 
subsonic  flows,  leading-edge  attachment-line  locations, 
slat  and  main-wing  cove-flow  separation  and  re¬ 
attachment,  and  ttailing-edge  flap  separation.  In  addition 
to  the  pressure  distributions,  limited  skin-friction 
measurements  were  made  using  Preston-tube  probes. 
Preston-tube  measurements  on  the  slat  upper  surface 
suggested  relaminarization  of  the  turbulent  flow  introduced 
the  pressure  bell  on  the  slat  leading-edge  surface  when 
the  slat  attachment  line  was  laminar. 

Computational  analysis  of  the  in-flight  pressure 
measurements  using  two-dimensional,  viscous  multi¬ 
element  methods  modified  with  simple-sweep  theory 
showed  reasonable  agreement.  However,  ovetpre^cdon  of 
the  pressures  on  the  flap  elements  suggests  a  need  for  better 
det^ed  measurements  and  improved  modeling  of  confluent 
boundary  layers  as  well  as  inclusion  of  three-dimensional 
viscous  effects  in  the  analysis. 

LIST  OF  SYMBOLS 
b  wing  span,  ft 

Cf  skin-fricdon  coefficient.  t/q«, 

Cf*  Preston-nibe-measured  Cf  using  eq.  (3) 

aircraft  lift  coefficient,  lift/qo>S 
Cn  normal-force  coefficient  from  integrated  pressures 

Cp  pressure  coefficient.  (p-p»)/q,» 

c  chord  length,  ft 


C  mean  aerodynamic  chord,  1 1 .20  ft 

d  Preston-tube  diameter,  in 

h  pressure  altitude,  ft 

K  relaminarization  parameter,  eq.  (2) 

M  Mach  number 

p  local  static  pressure,  psf 

Pbo  fteeslream  static  pressure,  psf 

P(  local  total  pressure,  psf 

qso  fireestream  dynamic  pressure,  p  eo  V^/2,  psf 

Rc  Reynolds  number  based  on  c,  Vc/v 

R  attachment-line  Reynolds  number,  eq.  (1) 

Re  momentum-ihickncss  P.cynolds  number 

5  reference  wing  area,  980  ft 

s  surface  streamwise  coordinate,  ft 

V  true  airspeed,  ft/sec 

Vi  indicated  airspeed,  knots 

x/c  non-dimensional  chordwise  coordinate 

y  spanwise  coordinate,  ft 

z/c  noii-dimcnsional  thickness  coordinate 

a  aircraft  angle  of  attack,  deg 

Q2-D  wing-section  angle  of  attack,  deg 

Ap  differential  Preston-tube  pressure,  pj  -  p,  psf 

5f  flap  deflection,  deg 

Alf.  leading -edge  sweep  angle,  deg 

T)  non-dimensional  spanwise  location.  y/(b/2) 

V  kinematic  viscosity,  ft^/sec 

Poo  fireestream  density,  slugs/ft^ 

6  momentum  thickness,  ft 

T  surface  shear  stress,  psf 

Abbreviations 

ESP  electronic  scanning  pressure 

KIAS  knots  indicated  airspeed 

LE  leading  edge 

TSRV  Transport  Systems  Research  Vehicle 

2- D  two-dimensional 

3- D  three-dimensional 

1  .  INTRODUCTION 

High-lift  system  aerodynamics  can  significantly  impact 
the  overall  design  of  transport  aircraft  in  terms  of  sizing, 
performance,  system  complexity,  and  certification  for 
safety  and  community-noise  acceptance  aspects.^ 
However,  the  design  of  subsonic  high-lift  systems  remains 
a  technical  challenge  mostly  due  to  the  limited 
understanding  of  the  complex  flow  physics  associated  with 
high-litt  flows.  Multi-element,  high-lift  flows  are  very 


sensitive  to  Reynolds-  and  Mach-number  effects;  and 
therefore,  the  aerodynamic  performance  of  high-lift 
systems  is  generally  difficult  to  extrapolate  from  wind- 
turmel  or  to  predict  in  computational  fluid  dynamics  (CFD) 
studies.  In  order  to  improve  the  design  methodology  for 
high-lift  systems,  additional  experimenta’  data  with 
sufficient  flow  details  on  transport-type  swept  wings  are 
needed  at  flight  Reynolds  and  Mach  numbers  to  better 
understand  high-lift  flows.  Thus  far,  only  a  very  limited 
number  of  flight  investigations  have  been  conducted  with 
sufficiently  detailed  flow  measurements  on  a  high-lift 
system  for  correlation  with  ground-based  investigations 
and  to  guide  3-D  CFD  modeling.  One  such  investigation 
was  reported  by  Greff^  on  an  Airbus  A3 10-300  aircraft 

As  part  of  a  multi-phased  research  program  at  NASA 
Langley,  flight  tests  are  being  conducted  on  the  Transport 
Systems  Research  Vehicle  (TSRV),  a  B737-100  aircraft  to 
obtain  detailed  full-scale  flow  measurements  on  a  multi¬ 
element  high-lift  system  at  various  flight  conditions.  In 
Phase  I  of  the  program,  experiments  were  focused  on  flow 
visualization,  pressure  distributions,  and  flow-separation 
measurements  on  the  triple-slotted  Fowler  flap  system  of 
the  research  aircraft.  Phase  I  activities  have  been 
completed,  and  the  flight  test  results  were  reported  by 
Vijgen  et  al.^  In  Phase  II,  more  detailed  flow  measurements 
have  been  planned  including  the  main  wing  and  leading- 
edge  slat  components.  Initial  Phase-II  flight  experiments 
have  recently  been  completed  on  a  wing  section  at  one 
spanwise  station  to  measure  pressure  distributions  on  the 
full  chord,  and  these  results  were  reported  by  Yip  et  al.'*. 
Additional  Phase  II  flight  experiments  are  planned  to 
provide  additional  full-chord  pressure  measurements  at 
several  spanwise  stations  and  detailed  measurements  of 
leading-edge  transition  and  relaminarization.  In  Phase  Ill, 
extensive  off-surface  instrumentation  for  detailed  turbulent 
boundary-layer  and  wake  flow-field  characteristics  are 
platuied.  This  paper  summarizes  the  test  results  to  date  of 
the  high-lift  flight  research  program  on  the  TSRV  as  well 
as  plarmed  further  flight  experiments. 


Possible  shock' 

B,L.  interaction  Thick  waKes  ■  Flow 


Confluent  boundary  layers  ,  \ 


Cove  separation 


Figure  1 .  Multi-element  flow  characteristics. 

2.  BACKGROUND  FOR  HIGH-LIFT  FLOWS 

2 . 1  Multi-Element  Flow  Issues 

The  flow  field  around  a  multi  element  transport  wing  with 
sweep  is  characterized  by  several  aerodynamic  phenomena 
which  are  highly  interrelated,  complex  in  nature,  and 
generally  not  fully  understood  (see  Fig.  1).  Accurate 
prediction  of  surface-pressure  distributions,  merging 
boundary-layers,  and  separated-flow  regions  over  multi¬ 
element  high-lift  airfoiis  is  an  essential  ivquiremcnt  ui  trie 
design  of  advanced  high-lift  systems  for  efficient  subsonic 
transport  aircraft.^  The  availability  of  detailed 


measurements  of  pressiue  distributions  and  boundary-layer 
flow  parameters  at  flight  Reynolds  and  Mach  numbers  is 
critical  to  the  evaluation  of  compiutational  methods  and  to 
the  modeling  of  turbulence  for  closure  of  the  governing 
flow  equations.^'^  Detailed  measurements  and  analyses  of 
the  multi-element  flow  field  have  generally  been  limited  to 
two-dimensional  studies.  Previous  detailed  flow 
measurements  in  wind-tunnel  investigations  have  included 
Reynolds-stress  components,  however,  at  sub-scale 
Reyi:olds  numbers  and  only  in  two  dimensions. 

These  results  have  been  applied  towards  the  development 
and  validation  of  2-D  multi  element  numerical  codes. 

Two-dimensional  multi  element  flow  issues  include  the 
following: 

(1)  compressibility  effects  including  shock/boundary- 
layer  interaction  on  the  slat; 

(2)  laminar  separation-induced  transition  along  the  upper 
surfaces; 

(3)  confluent  turbulent  boundary  layer(s)  -  the  merging 
and  interacting  of  wakes  from  upstream  elements  with 
the  boundary  layers  of  downstream  elements; 

(4)  cove  separation  and  reattachmciit;  and, 

(5)  massive  flow  separation  on  the  wing/flap  upper 
surfaces. 

Availability  of  detailed  flow  data  in  three  dimensions  at 
full-scale  (flight)  Reynolds  numbers  has  been  much  more 
limited.  To  contribute  to  the  understanding  and  correlation 
of  high-lift  research  between  wind  tunnel,  CFD,  and  flight, 
additional  experiments  are  needed  at  full-scale  Reynolds 
number  and  for  3-D  swept  wings.  Further  understanding  of 
scale  effects  in  both  2-D  and  3-D  is  required  to  accurately 
extrapolate  to  3-D.  full-scale,  flight  conditions.' 

Three-dimensional  multi-element  flow  issues  include  the 
following; 

(1)  leading-edge  attachment-line  transition; 

(2)  relaminarization  of  turbulent  flow  in  the  leading-edge 
region; 

(3)  crossflow  instability  transition  downstream  of  the 
attachment  line; 

(4)  sweep  effects  on  confluent  boundary-layer 
development,  turbulent  bou,idary-layer  separation, 
and  separated  cove  flows;  and, 

(5)  highly  three-dimensional,  local  flow  modifications; 
e.g.,  vortex  generators;  flap  side-edge-separated 
flows  and  tip  effects;  and  flow  interactions  with  slat 
brackets  and  flap-track  fairings,  engine  pylons,  and 
landing-gear  struts. 

The  three-dimensional  multi-element  issues  of  leading  edge 
attachment-line  transition  and  the  potential  for 
relaminarization  are  discussed  in  more  detail  in  the 
following  section. 

2.2  Attachment-Line  Transition  and 
Relaminarization  Issues 

In  three-dimensional,  swept-wing  flows,  the  flow  along  the 
attachment  line  (a  locus  of  points  near  the  leading  edge 
dividing  upper-  and  lower  surface  flows)  can  be  laminar, 
transitional,  or  turbulent,  depending  on  the  pressure 
distribution,  the  leading-edge  sweep  angle,  and  the 
Reynolds  number.'^  If  attachment-line  transition 

occurs,  the  resulting  changes  in  the  development  of 
boundary  layer  flows  can  significantly  influence  the 
downstream  turbul<*»’t  flow  field  fi.e  conflucn'  boundary 
•ayti,.  and  onset  of  separation).  Relaminarization  of  the 
flow  downstream  of  a  turbulent  attachment  line  can  occur  if 
the  streamwise  flow  acceleration  is  sufficiently 


strong. If  the  flow  ahead  of  a  steep  adverse 
pressure  gradient  along  the  upper  surface  of  the  elements  is 
laminar,  an  additional  Reynolds-number  effect  can  occur 
due  to  the  presence  of  a  laminar-separation  bubble  and  iu 
effect  on  subsequent  turbulent-flow  behavior. 

The  issues  of  leading-edge  transition  and  relaminarization. 
illustrated  in  figure  2  for  a  single-element,  swept  wing, 
become  very  important  in  the  extrapolation  of  sub-scale, 
three-dimensional,  wind-tunnel  results  to  flight. 
Typically,  wind-tunnel  data  used  to  extrapolate  maximum 
lih  in  flight  are  obtained  at  Reynolds-numbers  conditions 
where  wing  stall  is  dominated  by  conventional  scale  effects 
(?ee  Woodward  et  al.^®).  Conventional  scale  effects  refer 
to  the  increase  of  maximum  lift  with  Reynolds  number  due 
to  the  thinning  of  the  turbulent  boundary -layer  in  the  wing 
trailing  edge  region  and  the  subsequent  aft  movement  of  the 
trailing-edge  flow  separation  point.  At  higher  flight 
Reynolds  numbers,  attachment-line  transition  can  occur 
causing  turbulent  flow  to  start  from  the  attachment  line. 
By  shifting  forward  the  starting  point  of  the  turbulent 
boundary  layer,  the  trailing-edge  separation  location  can 
also  shift  forward  due  to  the  increased  growth  of  the 
turbulent  boundary  layer.  Because  of  the  increased  extent 
of  trailing-edge  separation,  a  significant  reduction  in  lift 
can  occur.  However,  because  of  steep  favorable  pressure 
gradients  associated  with  high-lift  flows,  relaminarization 
is  possible  for  some  sections  of  the  wing  aiid  would 
thereby  alleviate  some  of  the  lift  loss  expected  as  a  result 
of  the  attachment-line  transition.  In  a  high-Reynolds- 
number  wind-tunnel  investigation  of  a  swept- wing 
configuration  without  slats,  maximum-lift  losses  of  the 
order  of  15  percent  have  been  measured  when  transition 
occurred  along  the  attachment  line  and  relaminarization  did 
not  occur. 
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Figure  2.  Effect  of  attachment-line  transition  and 
relaminarization  on  maximum  lift. 


characteristic  length  where  U'  represents  the  inviscid 
velocity  gradient  at  the  attachment  line  in  the  direction 
normal  to  the  aUachment  line.^^'^'*^^  For  a  laminar 
attachment-line  boundary  layer  along  an  infmite  swept 
cylinder,  the  momentum  thickness  can  be  shown  to  be  6  = 
0.404  K  ,  and  consequently,  Rg  =  0.404  Previous 

studies  have  shown  that  for  R  <  245,  the  attschment-liite 
boundary  layer  will  tend  to  remain  laminar,  and  turbulent 
contamination  introduced  in  the  boundary  layer  by 
significant  surface  roughness  and  intersecting  turbulent 

shear  layers  will  decay.  For  R  >  245,  the  turbulence  will 
self-sustain.  causing  the  attachment-line  flow  as  well  as  the 
flow  downstream  of  the  attachment  line  to  become 
turbulem.  For  incompressible  conditions,  in  the  absence 
of  roughness  and  intersecting  turbulent  shear  layers, 
attachment-line  instability  followed  by  transition  will 
occur  only  if  R  >  580.^^ 

An  important  parameter  when  examining  relaminarization 
of  turbulent  boundary-layer  flows  is  the  inverse  Reynolds 
number,  K,  which  is  deflned  as  follows: 


where  the  characteristic  velocity  is  represented  by  the  local 
inviscid  velocity,  U,  and  the  characteristic  length,  is 

deflned  by  ^  =  U/Uj  with  Us  representing  the  velocity 
gradient  along  the  inviscid  streamline.'^’^^*^^  For  K 
larger  than  1  x  10'^,  reversion  from  turbulent  to  laminar 
flow  is  possible,  for  K  >  3x10'^  relaminarization  is  likely, 
and  for  K  >  5x10'^  complete  relaminarization  occurs  for  2- 
D  flows  (only  very  limited  detailed  dau^®’^^  are  available 
to  date  for  3-D  flows  on  swept  wings). 

Attachment-line  transition,  relaminarization,  and 
crossflow  instability  along  the  elements  of  the  B737-1(X) 
high-lift  geometry  were  examined  by  Vijgen  et  al.3  using 
predicted  pressure  distributions.  Results  of  the  study 
indicate  that  the  attachment  line  along  the  slat  and  fore  flap 
are  likely  to  be  laminar,  while  the  attachment  line  along 
the  fixed  leading  edge  (main  element)  is  likely  to  be 
turbulent  for  the  40°-flap  setting  at  a  =  0°.  In  this  paper,  R 
and  K  are  obtained  from  the  measured  pressure 
distributions.  The  attachment  line  along  the  slat  in  the 
flight  experiment  reported  by  Greff^  on  the  Airbus  A310- 
300  aircraft  was  measured  to  be  laminar  under  certain  high- 
lift  flight  conditions. 

3.  DESCRIPTION  OF  FUGHT  EXPERIMENT 


An  important  parameter  when  examining  the  transition 
characteristics  of  the  attachment-line  boundary  layer  along 
the  leading  edge  of  a  swept  lifting  surface  is  the 
attachment-line  Reynolds  number,  R,  as  defined  by  the 
following  equation: 


V 

where  W«,  =  V  sin  A 

»"i  K  =  (V/Vp' 

The  characteristic  velocity,  W«,,  is  the  spanwise 
component  of  the  freestream  velocity,  and  k  is  the 


3.1  Test  Aircraft 

The  NASA  Langley  TSRV  was  the  prototype  aircraft  used  in 
the  development  of  the  Boeing  B737-100  and  has  been 
significantly  modified  for  flight  systems  research.^^  fri  its 
unmodified  state,  the  Boeing  737-100  is  a  twin-jet,  short- 
haul,  subsonic  transport  designed  to  carry  approximately 
100  passengers  with  a  cruise  speed  of  Mach  0.78.  In  orda 
to  obtain  shoit-fleld  takeoff  landing  performance,  the 
aircraft  incorporates  a  slat  and  triple-slotted  flap  high-lift 
system.  Basic  aerodynamic  characteristics  of  the  Boeing 
■^t-100  configuration  .'lom  wind-iumiet  irtvc'rigiUiOTis 
have  been  documented  in  reports  by  Capone^ ^  and 
Paulson^^. 
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sUt  anH  outboard  slats  (see  Fig,  6).  For  the  15“-  and  25“ 
flap  settings,  only  a  very  small  slot  exists  between  the  slat 
and  main-wing  elements  (see  Fig.  5). 


I 

/ 

i 

( 


Figure  3.  NASA  TSRV  (737-1 00  aircraft)  in  flight  with 
40“ -flap  setting  and  landing  gear  up. 

Figure  3  shows  the  TSRV  in  flight  with  the  triple-slotted 
flap  system  deployed  at  a  40“-flap  setting  (landing 
configuration).  Figure  4  shews  a  planform  view  of  the 
B737-100  configuration  and  illustrates  the  overall 
geometric  characteristics.  The  aircraft  wing  is 
characterized  by  a  span  of  93  ft,  an  aspect  ratio  of  8.82,  and 
a  sweep  angle  of  25“  at  the  quarter-chord  line  and  27.58“  at 
the  leading  edge  outboard  of  the  underslung,  low-bypass 
ratio  engine  nacelle. 


Figure  4.  Planform  view  of  the  B737-100  aircraft. 

Inboard  leading-edge  Krueger  flaps  and  outboard  leading- 
edge  slats  are  extended  in  conjimetion  with  the  deflection 
of  the  triple-slotted  trailing-edge  fl^>  system.  As  shown  in 
figure  5,  the  outboard  high-lift  wing  section  studied  in  this 
paper  consists  of  S  elements:  the  leading-edge  slat,  the 
main  wing  with  fixed  leading  edge,  the  fore  flap,  the  mid 
flap,  and  the  aft  flap.  At  flap  settings  of  30“  and  40“,  the 
two  most  oulNrfd  slat  segments  are  fully  extended  and 
deflected  an  additional  increment  from  the  15“  and  25“ 
setting  (see  Fig.  5),  effectively  creating  a  spanwise  break 
in  the  wing-planform's  leading  edge  between  the  inboard 
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Figure  5.  Wing  sectbns  at  various  (lap  settings. 


3.2  Instrumentation,  Data  Acquisition,  and 
Data  Reduction 

Instrumentation  for  the  full-chord,  wing-section 
measurements  is  illustrated  in  figure  6.  Surface  static 
pressure  distributions,  Preston-tube  skin-friction 
measurements,  and  flow-visualization  results  were  obtained 
on  one  outboard  wing  section  of  the  research  aircraft.  The 
chordwise  pressure  distributions  were  measured  at  a 
nominal  spanwise  station  of  q  =  0.53  on  the  upper  and 
lower  surfaces  of  the  slat,  main-wing,  and  flap  elements 
using  thin  belts  of  plastic  tubing  (0.062  in.  outside 
diameter  /  0.028  in.  inside  diameter)  which  were  wrapped 
around  each  element.  The  belts  were  attached  to  the  surface 
with  thin  (0.005  in.)  adhesive  tape.  To  minimize  belt  edge 
effects,  five  extra  (non-functioning)  tubes  were  added  to 
each  side,  and  the  sides  of  each  belt  were  smoothed  with  a 
silicon-rubber  compound.  The  technique  of  using  external 
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pressure  belts  has  been  conunonly  used  in  previous  studies 
and  was  shown  to  provide  good  results  when  compared  to 
flush  surface  orifices.^^  The  possible  effect  of  belts  on  the 
pressure  distributions  in  the  leading-edge  regions  of  the 
present  high-lift  system  will  be  determined  in  future  flights 
with  flush  orifices  (see  section  6).  With  the  installation  of 
the  pressure  belts,  the  minimum  flap  deflection  was  limited 
to  15°,  while  the  standard  maximum  flap  deflection  of  40° 
was  unchanged. 


(a)  Sf.40° 

Figure  7.  Pressure  beH  and  Preston-tube  installation. 


(b)  close-up  view,  6(  -  15° 
Figure  7.  Concluded. 


A  total  of  160  pressure  tubes  (144  for  pressure 
distributions,  12  for  static  and  total  measurements  of  the 
Preston  tubes,  and  4  spare  tubes)  were  connected  to  five 
electronically  scanning  pressure  (ESP)  modules  which  were 
located  in  the  wing  cove  region  (see  Fig.  6).  The  ESP 
modules  were  maintained  at  a  constant  temperature  to 
minimize  zero  shift  of  the  measurement,  and  two 
differential -pressure  transducer  ranges  (2.S  and  5.0  psi) 
allowed  high  resolution  of  the  pressure  data.  A  plenum 
chamber  was  housed  in  the  wing  cove  region  to  provide  the 
reference  pressure  for  the  ESP  transducers;  the  reference 
pressure  was  monitored  with  an  absolute  pressure  gauge  and 
was  related  to  the  static  {vessure  measured  by  the  aircraft 
pitot-static  probe.  A  small  data-acquisition  unit  using 
single-board  computer  technology  was  located  in  the 
outboard  flap  track  fairing  of  the  wing  (see  Fig.  5)  to  access 
and  address  the  ESP  transducers.  The  digital  output  data 
were  transmitted  to  a  small,  portable  on-board  computer  for 


real-time  display  and  stored  on  an  optica]  disk  for  post¬ 
flight  playback  and  data  analysis.  Pressures  were  recorded 
at  a  rate  of  10  samples  per  second  while  aircraft  flight 
parameters  were  recorded  at  a  rate  of  20  samples  per  second. 
The  pneumatic  lag  for  the  longest  tube  length  was  measured 
in  ground  tests  and  determined  to  be  approximately  0.5 
secoitds  and  was  taken  into  account  in  the  reduction  of  data. 

In  order  to  provide  collections  of  the  static  pressure  due  to 
probe  position  error  for  each  flap  setting,  an  airspeed 
calibration  flight  was  conducted  prior  to  the  research 
flights  using  a  tracking-radar  method^^.  These  corrections 
along  with  temperature  measurements  were  used  to  compute 
Creestream  static  and  dynamic  pressures  as  well  as  Mach  and 
Reynolds  numbers.  Also,  angle-of-attack  corrections  were 
obtained  by  calibrating  the  aircraft  angle-of-attack  vane 
against  pitch  attitude  obtained  from  the  aircraft  inertia 
navigation  system  in  steady-state  flight  conditions.  Lift 
coefficients  were  determined  from  steady -state,  1-g  flight 
ir,aneuvers  using  aircraft  weight  calculated  from  aircraft  fuel 
consumption  measured  by  fuel-flow  sensors.  Thrust 
corrections  obtained  from  standard  engine  performance 
decks  were  applied  to  the  lift  data  to  account  for  the  thrust 
contribution  to  lift. 

Row  visualization  was  obtained  by  applying  nylon  yam 
tufts  to  the  upper  surfaces  of  the  outboard  flap  and  the  main- 
wing  elements  (see  Fig.  7)  to  indicate  local  regions  of  flow 
separation.  The  tuft  patterns  were  recorded  with  still  and 
video  photography  to  allow  for  post-flight  analysis  and 
correlation.  In  addition,  audio  recording  of  pilots  and 
flight  test  engineers  on  the  video  cassettes  were  used  to 
discern  quality  of  flight  data  samples. 

Preston  tubes  were  installed  on  tlie  upper  and  lower  surfaces 
of  the  main-wing  element,  and  one  Preston  tube  was 
installed  on  the  slat  upper  surface  (see  Figs.  6  and  7) 
These  probes  contain  a  static  oriflee  in  addition  to  the  pitot 
pressure  oriflee  to  measure  total  and  static  pressures  within 
the  boundary  layer.^®  The  Preston-tube  probes  were 
installed  just  outboard  of  the  pressure  belt  and  staggered 
spanwise  to  minimize  interference  effects  of  the  probes  on 
each  other.  Preston-tube  measurements  near  the  trailing 
edge  of  the  flap  elements  were  obtained  during  the  Phase  I 
flights  at  the  same  spanwise  location  and  were  reported  in 
detail  in  reference  3.  The  local  skin  friction  coefficient, 
Cp  was  determined  based  on  the  measured  pressure 
differential  at  the  tube  using  the  Law-of-the-Wall 
calibration  for  equilibrium  turbulent  flow.  For  the  modified 
Preston  tube  used  here,  the  wall  shear  stress  was  determined 
as  follows:^® 


where  Ap  represents  the  differentia]  pressure  measured  by 
the  Preston  tube,  d  represents  the  outside  diameter  of  the 
Preston  tube,  and  Ai  and  A2  are  calibration  constants 
where  A}  =  38.85,  and  A2  =  107.3.  The  outside  diameters 
of  the  Preston  tube  were  d  =  0.083  in.  for  the  wing 
locations  and  d  =  0.042  in.  for  the  slat  location.  The  above 
calibration  expression  is  based  on  the  assumption  that  the 
static  and  totd  ports  of  the  probe  are  locat^  within  the 
region  of  the  turbulent  bounduy  layer  that  is  governed 
the  Law-of-the-Wall.  Since  the  boundary-layer  state  as  well 
as  its  thickness  are  dependent  on  the  flap  setting  and  the 
various  flight  parameters,  it  was  uncertain  that  all  Preston 
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tubes  would  operate  within  the  appropriate  calibration 
range  at  all  test  conditions.  Because  of  this  uncertainty, 
computations  from  the  Preston-tube  measurements  using 
eq.  (1)  are  listed  in  this  paper  as  to  indicate  that  these 

measurements  do  not  necessarily  reflect  actual  skin- friction 
values  if  the  Preston-tube  readings  were  obtained  outside 
the  valid  calibration  range,  e.g.,  if  the  flow  was  laminar. 

3.3  Flight-Test  Coaditioos 

The  flight  experiments  covered  a  range  of  Reynolds  and 
Mach  numbers  as  the  aircraft  was  flown  to  pressure  altitudes 
up  to  20,000  feet.  The  chord  Reynolds  number,  Rc,  ranged 
from  10  to  21  million,  and  the  fireestream  Mach  number 
varied  from  0.16  to  0.40.  Flap  deflections  of  Id',  23°,  30°, 
and  40°  were  investigated  at  pressure  altitudes  of  3,000  ft, 
10,000  ft.  13,000  ft,  and  20,000  ft.  Test  conditions  and 
test  points  obtained  in  flight  are  shown  in  figure  %  as  well 
as  lines  of  constant  Reynolds  and  Mach  numbers  for 
standard  atmospheric  conditions.  As  indicated  by  figure  8, 
flight  at  increasing  altitudes  provides  conditions  of 
increasing  Mach  number  and  decreasing  Reynolds  number 
for  a  given  indicated  airspeed,  Vj,  which  corresponds 
approximately  to  a  constant  lift  coefficient  for  a  given 
aircraft  weight. 


Figure  8.  Flight  test  conditions. 


The  flight-test  points  were  obtained  for  each  of  the  flap 
settings  at  approximately  1-g,  steady-state  conditions  in 
level  flight  with  the  aircraft  initially  flown  at  a  high 
nominal  airspeed  and  then  slowed  to  the  stick-shaker 
speed.  Data  were  sampled  for  approximately  30  seconds  at 
each  constant-airspeed  test  point.  In  addition,  data  were 
recorded  during  the  deceleration  of  the  aircraft  between 
selected  test  points.  The  aircraft  was  decelerated  at  a 
nominal  rate  of  1  knot  per  3  seconds  while  constant 
altitude  was  maintained.  Pertinent  test  points  were  repeated 
to  ensure  data  repeatability.  All  data  were  obtained  with  the 
landing  gear  retracted.  The  research  flight  deck^  on  the 
TSRV  allowed  auto-throttle  and  auto-pilot  operations  of  the 
aircraft  for  airspeed-  and  altitude-hold  modes  of  testing. 
Use  of  the  auto-pilot  operations  increased  the  productivity 
of  the  flight  test  and  enhaitced  the  quality  of  the  flight  data 
sampled. 


4.  FLIGHT-TEST  RESULTS 

In  the  analysis  of  flight  data,  it  should  be  noted  that  test 
points  were  obtained  at  1-g,  level  flight  conditions  where 
increasing  angle  of  attack  corresponds  to  slower  airspeeds, 
and  therefore,  both  the  Reynolds  number  and  the  Mach 
number  change  with  each  test  point  (see  Fig.  8). 

4.1  Trlmmed-Llft  Data 

Trimmed-lift  coefficients  from  representative  flight  data  at 
h  =  10,000  ft  are  shown  in  figure  9  for  the  TSRV 
configuration  with  flap  defections  of  13°.  23°,  30°,  and 
40°.  For  the  angle-of-attack  range  tested,  the  lift  curves 
remained  nearly  linear  with  no  significant  slope  changes 
except  for  a  slight  decrease  in  the  lift-curve  slope  for  the 
13°-fl^p  case  at  high  angles  of  attack. 


Figure  9.  Trimmed  lift  data  from  flight,  h  -  10,000  ft. 
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Figure  10.  Comparison  of  flight  and  wind-tunnel  lift  data. 
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In  figure  10,  ihe  flight  lift  data  are  compared  with  available 
wind-tunnel  lift  data^^  for  the  30°-  and  40°-tlap  settings. 
The  wind-tunnel  investigation  used  a  1/8-scale  m^el  of  the 
TSRV  with  flow-through  nacelles.  The  wind-tunnel  data 
were  obtained  at  test  conditions  of  M  =  0.14  and  Rj  =  1.4 
million,  significantly  less  than  the  flight  Reynolds 
numbers  which  ranged  from  about  Rj  =  1 1  million  at  the 
high-angle-of-attack  (low-speed)  conditions  to  about  18 
million  •'  low-angle-of-attack  (high-speed)  conditions. 
Wind-tunnel  force  and  moment  data  were  re-computed  for 
18-percent  c.  the  nominal  center-of-gravity  location  in 
flight,  and  Irimmed-lift  coefficients  were  estimated  based 
on  stabilizer  requirements  for  trimmed  flight.  The 
comparison  shows  significant  differences  between  flight 
and  wind-tunnel  data  due  to  viscous  (Reynolds-number) 
effects.  Flight  data  produced  a  steeper  and  more  linear  lift- 
curve  slope  than  the  wind-turmel  data.  At  high  angles  of 
attack,  the  wind-tunnel  lift-curve  slope  decreases  with 
increasing  angles  of  attack,  indicating  stronger  viscous 
effects.  The  underprediction  in  the  wind-turmel  data  is 
likely  due  'jo  premature  flow  separation  at  the  much  lower 
wind-tunnel  Reynolds-number  conditions.  In  the  mid- 
angle-of-attack  range,  there  was  agreement  in  the  lift  and 
incremental  lift  values  between  flight  and  wind-tunnel  data. 
However,  at  low  angles  of  attack,  the  flight  data  were 
overpredicted  by  the  wind-turmel  data.  This  ovcrprediction 
may  be  a  result  of  an  inverse  Reynolds-number  effect  on 
multi  element  airfoils  where  lift  decreases  with  increasing 
Reynolds  number  (discussed  by  Morgan  et  al.^*  and 
Woodward  et  al.^®). 


4.2  Pressure  Distributions  and  Skln-Frictlun 
.Measurements 

Pressure  distributions  measured  for  all  elements  on  the 
TSRV,  high-lift  wing  section  are  presented  in  figure  1 1  for 
the  15°-,  25°-,  30°-,  and  40°-flap  settings  from  tlighl  data 
for  a  range  of  angles  of  attack  at  a  test  altitude  of  h  = 
10,000  ft.  In  general,  pressure  distributions  at  other 
altitudes  showed  similar  results.  Several  points  are  noted 
here  based  on  the  overall  flight-measured  pressure 
distributions:  (1)  Changing  angle  of  ftack  affected 

primarily  slat  and  main-wing  pressure  loaoing,  and  had 
little  eff*ct  on  the  flap  pressures.  The  small  variance  of 
flap  loading  with  angle  of  attack  is  explained  by  the  ftxi.  : 
deflection  geometry  of  the  upstream  element  which  largely 
determines  the  in  flow  angle  for  the  flap  element.  (2) 
Because  of  sweep  effects,  maximum  Cp  values  were  less 
than  the  2-D  value  for  the  stagnation  pomt.  Also,  flow 
reattachment  in  the  main-wing  cove  is  indicated  by  Cp 
values  close  to  the  leading-edge  attachment-line  pressure. 
(3)  Pressures  at  the  irailing-edge  of  each  element,  except 
for  the  aft  flap,  do  not  recover  compl>*tely  due  to  the 
influence  of  the  downstream  element.  The  accelerating 
(low  region  between  the  elements  also  causes  the  trailing- 
edge  pressure  distributions  to  reflect  the  higher  flow 
velocities.  For  example,  note  the  decreasing  main-wing 
element  upper-surface  pressures  near  the  trailing  edge  with 
increasing  flap  deflection.  The  higher  velocities  near  the 
trailing  edge  also  relieve  the  pressure  rise  on  the  leading 
edge  of  the  downstream  element,  thus  alleviating  potential 
separation  problems  that  could  cause  loss  in  lift.  These 
mulii-cicment  flow  phenomena  are  attributed  to  the 
"circulation  effect"  and  "dumping  effect"  as  described  by 
Smith^^, 
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Figure  1 1 .  Wing-section  pressure  distributions. 
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Figure  1 1 .  Concluded. 
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Figure  12.  Wing-section  normal-force  coefficients. 

Pressure  distributions  for  each  of  the  elements  were 
integrated  along  the  wing  cho^'*  in  the  flap-retracted  cruise 
position  (5{  =  0°)  to  provide  section  normal-force 
coefficients  as  shown  in  figure  12.  The  results  clearly 
indicate  that  the  wing  and  slat  loadings  increased  with 
angle  of  attack  while  the  flap  loadings  remained  relatively 
constant. 


(b)  6f  -  40° 

Figure  12.  Concluded. 

Flow  characteristics  of  the  individual  high-lift,  wing- 
section  elements  are  examined  in  more  detail  in  the 
following  sections. 

4,2.1  Slat-element  flow  characteristics 
The  slat  pressure  distributions  are  presented  in  more  detail 
in  figure  13  for  the  1S°-  and  40°-flap  settings  and  at  sevo-al 
angles  of  attack.  A  comparison  of  the  slat  pressure 
distributions  for  the  1S°-  and  40°-nap  settuig  shows 


similar  results  for  a  given  angle  of  attack  (e  g.,  note  the 
pressure  distributions  at  a  =  2.5°.  9.5°,  and  13  5°).  Both 
Hap  settings  show  fa'orable  upper-surface  pressure 
gradients  at  low  angles  of  attack,  nearly  flat  pressure 
distributions  at  mid  angles  of  attack,  and  an  upper-surface 
suction  peak  near  the  leading  edge  with  a  subsequent 
adverse  gradier.t  downstream  at  high  angles  of  attack.  For 
the  l5°-nap  setting,  the  upper-surface  suction  peak  reached 
a  minimum  value  of  Cp  =  -13.18  at  the  highest  available 

angle  of  attack,  a  =  16.42°.  This  Cp  value  corresponds  to  a 
local  Mach  number  of  0.83.  Even  though  the  freestream 
Mach  number  was  only  0.20,  these  high  local  velocities 
produce  Mach  effects  which  can  adversely  affect 
performance  of  high-lift  systems. 


(a)6(-15° 

Figure  13,  Slat  pressure  distributions. 


For  both  flap  settii.’s,  the  approximate  position  ot  the 
auachment  line,  as  u  Jicated  by  the  maximum  Cp  value,  is 
located  or  ’he  up  .er  surface  ot  the  slat  for  angles  ol  attack 
less  than  about  4°.  Consequently,  for  the  40°  llap  setting 
and  a  =  -1.51°,  the  slat  is  shown  to  prouuce  negative  hit 
(see  Fig.  12b).  At  this  negative  angle-of  attack  tondiuon. 
the  lowe;  surface  flow  appears  to  be  separated  as  evidenced 
by  the  nearly  constant  Cp  value  in  Lhe  range  of  0  05  <  xjc 
0.15.  On  the  lower  surface,  slat  pressure  ports  ill  of  kJc  - 
0.30  were  actually  located  in  the  slat  cove  tsee  Fig  3)  The 
nearly  constant  pressure  level  m  the  slat  cove  region  for 
both  flap  sellings  at  high  angles  of  attack  is  mdicaiive  ol 
the  separated  flow  region  in  the  cove.  Near  the  lower 
surface  trailing  edge,  the  pressure  distiibulions  indicate 
increasing  flow  velocities  as  a  result  of  the  slot  flow 
between  the  slat  and  the  ma  i-wing  elements.  In  this 
region,  the  narrow  gap  for  the  l5°-flap  setting  caused  a 
larger  acce'eralion  compared  to  the  4()°-nap  setting 

In  figure  14,  the  Preston  tube  measurements  on  the  slat  arc 
plotted  as  a  function  of  aircraft  angle  of  attack  for  two 
altitudes,  h  =  10,000  ft  and  20,000  ft,  and  two  flitp 
se'tings.  8f  -  15°  and  40°  The  data  show  a  significa"t 
increase  m  the  measured  values  of  Cf  for  the  mid-angle  of 
attack  range  (2.5°  <  a  <  9.0°)  for  both  flap  settings  except 
in  the  lower  altituoc,  higher  Reynolds  number  data  of  the 
I5°  flap  setting  This  increase  in  Cf  can  be  traced  to  a 
sudden  increase  in  the  Preslon-iube  total -pressure  reading 
as  opposed  to  the  static -pressure  reading  which  varied 
smoothly  throughout  this  angle-of-atiack  range.  The  flow 
behavior  may  be  related  to  the  attac).inenl-Iine  boundary- 
layer  stale  and  the  phenomenr.n  of  relaminaitialion  as 
discussed  next. 
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Figure  14.  Slat  Preston-tub«>  measurements. 
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Figure  13.  Concluded. 
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Figure  14.  Concluded. 

Using  the  measured  pressure  distributions  (Fig.  13),  R  is 
calculated  and  plotted  in  Figure  15.  The  results  show  that 
the  slat  attachment  line  is  expected  to  be  laminar  for  most 
lest_conditir>r,.,  at  a  40“-flap  ."etting  based  on  the  criterion 

of  R  <  245  for  laminar  attachment  lines.  However,  it 
should  be  noted  that  the  '  reston  tube  was  located  just 
outboard  of  the  pressure  belts  (see  Fig.  5).  and  these  belts 
will  cause  the  attachment  line  to  become  turbulent. 
Although  the  turbulence  introduced  into  the  attachment- 
line  boundary  layer  by  the  belts  will  decay  for  R  <  245.  a 
comparison  with  Caster's  experimental  results''^  depicting 
the  decay  of  turbulence  behind  trip  wires  on  the  attachment 
line  appears  to  indicate  that  the  slat  Preston  tube  was 
located  in  the  turbulent-flow  region  outboard  of  the  belt. 
Since  the  Preston-tube  calibration  assumes  that  the  probe 
is  located  within  a  turbulent  boundary  layer,  this 
introduction  of  turbulence  from  the  belt  wake  explains  the 
approximately  normal  readings  by  the  probe  at  low  and 
high  angles  of  attack  in  spite  of  the  low  values  of  R  (< 
245).  But  attachment- line  analysis  using  R  calculations 
does  not  explain  the  increase  in  Cf*  at  intermediate  angles 
of  attack.  To  help  explain  this  result,  the  possibility  of 
relaminarization  is  analyzed  for  the  slat  upper-surface 
region.  Relaminarization  produces  a  significant  reduction 
in  boundary-layer  thickness,  and  this  causes  'he  Preston 
probe  to  be  only  partially  submersed  m  the  boundary  layer 
as  compared  to  being  fully  submersed  in  the  turbulent  case. 
The  end  result  is  an  increase  in  the  total -pressure  reading  of 
the  Preston  tube,  ai,d  therefore,  an  accompanying  increase 
in  the  value  of  Cf*. 

In  figure  15,  the  maximum  value  for  K  along  the  upper- 
surface  inviscid  streamline,  as  calculated  from  the  measured 
pressure  distributions  (assuming  locally  infinite  swept 
wing  conditions),  is  also  plotted.  The  results,  examined 
first  for  the  40“ -flap  setting,  indicate  that  relaminarization, 
based  on  K  =  3  x  10'^,  would  occur  for  angles  of  attack 
greater  than  approximately  2.5“;  a  value  that  is  in  markedly 
good  agreemoit  with  the  onset  angle  of  attack  at  which  the 


sudden  increase  m  Cf*  was  measured  (see  Fig.  14)  Thus, 
uie  increase  in  Cf*  in  the  intermediate  angle  of- attack 
range  appears  to  indicate  a  laminar  boundary-Uyer  state  at 
the  Preston  lube,  i'he  drop  in  Cf*  at  a  =  9°  indicates  that 
the  boundary-layer  state  has  oecome  turbulent  again.  At 
this  angle  of  attack,  the  change  in  boundary-layer  stale  is 
explained  by  the  development  of  a  suction  peak  on  the  slat 
upper  surface  near  its  leading  edge  (see  pressures  in  Fig. 
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Figure  15.  Attachment-line  Reynolds  number  and 
relaminarization  chara'ieristics  for  the  slat 
upper  surface. 
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Figure  15.  Concluded. 


Based  on  these  results  for  the  40“-nap  case,  the  use  of  the 
relaminarization  parameter.  Kmax*  appears  to  be  sufficient 


to  predict  the  occurrence  of  relaminarization  in  highly 
accelerated  flows.  However  for  the  15'’-nap  setting,  the 
results  in  Tigures  14  and  15  show  that  Kjngji,  a  parameter 
based  on  a  local  Reynolds  number,  is  not  adequate  to  fully 
capture  the  flow  physics  of  the  relaminarization  process  for 
3-D  flows.  For  the  15°-flap  setting,  the  increase  in  Cf* 
first  occurred  at  approximately  o  =•  7°  and  h  =  20,000  ft  and 
did  not  occur  at  all  at  h  =  10,000  ft.  The  results  of  figure  IS 
show  that  in  this  case  Kpiax  values  must  be  larger  than 
apfioximately  6  x  10'^  for  relaminarization  to  occur. 
Also,  in  this  case,  the  demise  of  laminar  flow  at  the  Preston 
tube  can  be  correlated  with  the  development  of  the  leading- 
edge  suction  peak.  More  detailed  measurements  using 
flush-mounted  static  pressure  orifices  and  hot-film  sensors 
are  planned  to  further  study  the  transition  phenomena  on 
the  slat  (see  section  6). 


^^^Maln-wlng 


(a)  8(  - 15° 

Figure  16.  Main-wing  pressure  distributions. 
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(b)  8(  -  40° 

Figure  16.  Concluded. 


4J.2  Main-wing  element  flow  characteristics 
The  main-wing  pressure  distributions  are  presented  in  more 
detail  in  figure  16  for  the  15°-  and  40°-flap  settings  al 
several  angles  of  attack.  In  both  cases,  there  is  a  large 
suction  peak  at  the  x/c  =  0.12  location  of  the  upper  surface 
A  local  flow  acceleration  was  registered  by  the  pressure  belt 
measurement  at  this  location  which  corresponds  to  a 
pressure  port  located  just  behind  a  notch  (i.e..  a  forward 
facing  step)  in  the  ieaJing-edge  surface.  The  notch  in  the 
airfoil  contour  is  a  result  of  the  slat  element  retracting  into 
the  main-wing  leading  edge  for  cruise  flight  conditions. 
Large  flow  accelerations  along  the  leading-edge  upper 
surface  make  this  region  conducive  to  relaminarization  as 
studied  in  the  paper  by  Vijgen  ei  al.^  However,  no 
instrumentation  was  available  during  these  initial  Phase-II 
experiments  to  measure  the  boundary-layer  state  ahead  of 
the  pressure  mi.  imum  point.  For  the  40°-flap  case,  the 
suction  peak  occurreo  at  about  x/c  =  0.036  which  is  ahead 
of  the  notch  in  the  surface  and  creates  a  double -peaked 
pressure  distribution  for  most  of  the  angles  of  attack 
shown. 

On  the  lower  surface,  the  6  most-aft  pressure  ports  are 
located  on  the  spoiler  lower  surface  in  the  wing  cove 
region.  Note  that  the  lower-surface  flow  apparently  re¬ 
attaches  onto  the  spoiler  lower  surface  as  indicated  by  the 
high  Cp  value  which  is  similar  to  the  attachment-line  value 
near  the  leading  edge.  The  influence  of  the  slat  lower- 
surface,  separated-flow  region  on  the  main-wing  element  is 
evidenced  by  the  reduction  in  pressures  in  the  lower -surface 
nose  region  (x/Cniain  -  0-20).  For  the  15°-flap  setting,  the 
slat  and  main-wing  elements  form,  in  effect,  a  single 
element  at  lower  angles  of  attack.  The  slot  between  the  slat 
and  the  main-wing  element  is  very  narrow  (see  Fig.  5), 
causing  the  slat  leading  edge  to  function  as  the  stagnation 
region  for  both  the  slat  and  the  main-wing  elements  in  low- 
and  mid-range  angles  of  attack. 

Preston-tube  skin-friction  measurements  for  the  main-wing 
element  are  presented  in  figure  17  for  the  15°-  and  40°-flap 
cases  as  a  function  of  angle  of  attack.  Three  upper-surface 
and  two  lower-surface  Preston  tubes  were  attached  to  the 
main-wing  element  (see  Figs.  6  and  7).  The  data  indicated 
high  values  of  Cf  for  probe  no.  lU  in  the  15°-flap  case  and 
for  probes  lU,  2U,  and  3U  in  the  40°-flap  case.  These  high 
readings  are  indicative  of  the  high  flow  velocities  and  thin 
boundary  layers  at  those  locations.  Probe  no.  lU  is  located 
Just  behind  the  notch  in  the  leading-edge  upper  surface  (see 
Fig.  7b).  Also,  in  both  cases,  the  lower-surface  probe  near 
the  leading  edge,  probe  no.  IL,  experienced  low  Cf*  values 
at  low  angles  of  attack.  This  result  is  indicative  of  the 
lower-surface  slat  separation  bubble  at  low  angles  of  attack 
engulfing  the  main-wing  leading-edge  region  on  the  lower 
surface.  At  40°-flap  setting,  the  slat  is  deflected  an 
additional  amount  (see  Figs.  5  and  7).  For  the  40°-flap 
case,  the  Cf  values  for  the  mid-chord  location,  probe  no. 
2U,  and  for  the  aft-chord  location,  probe  no.  3U,  exhibited 
higher  values  than  those  for  the  15°-flap  case.  This  result 
correlates  with  the  widening  of  the  slat  gap,  which  allows 
higher  velocity  flows  over  this  region. 

4.2J  Flap-element  flow  characteristics 
A  detailed  study  of  the  flap  pressure  distributions  was 
presented  in  the  paper  by  Vijgen  et  al.^;  therefore,  only  a 
limited  discussion  will  be  presented  herein.  The  fore-flap, 
mid-flap,  and  aft-flap  pressure  distributions  are  shown  in 
detail  in  figures  18,  19,  and  20,  respectively,  for  the  15°- 
and  40°-flap  settings  and  several  angles  of  attack. 
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For  the  lS°-n*p  setting,  increasing  the  angle  of  attack 
increased  the  upper-surface  loading  slightly  while  the 
lower-surface  pressures  remained  nearly  unchanged.  These 
increases  in  loading  for  the  fore-flap  element  are  small 
compared  to  the  increases  for  the  slat  and  main-wing 
elements  because  the  in-flow  angle  is  predominantly  fixed 
by  the  geometry  of  the  flap  system.  No  separation  is 
indicated  in  the  pressure  distributions  for  the  lS°-flap 
setting  even  at  the  highest  angle  of  attack  shown  (a  = 
16.42°),  although  the  decreasing  trailing-edge  pressures  of 
the  aft  flap  are  indicative  of  a  thickening  boundary  layer  at 
higher  angles  of  attack. 
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(a)  5f « 15° 

Figure  21.  Flap  trailing-edge  Preston-tube 

measurements  (from  ref.  3).  h  »  10.000  ft. 


For  the  40°-fl^>  setting,  the  upper  surface  loading  also 
increased  slightly  with  increasing  angle  of  stuck  except  at 
the  highest  angle  of  stuck  shown  (a  13.38°).  Flow 
separation  near  the  trailing  edge  of  the  fore  flap  is  iitdicated 
for  all  angles  of  attack  shown  except  the  lowest  angle  of 
attack  (a  =  -1.51°).  The  flow  separation  is  indicated  by  the 
nearly  constant  pressure  level  near  the  trailing  edge  upper 
surface  of  the  fore  flap  starting  at  x/c  •>  0.80.  At  the 
highest  angle  of  attack  (a  =  13.38°).  a  pronouitced  effect  of 
the  separation  is  also  observed  on  the  mid-flap  element. 

Measurements  of  modified  Preston-tubes  located  at  the 
trailing-edge  of  each  flap  element  are  presented  in  figure  21 
to  further  examine  the  occurrence  of  flow  separation  (see 
ref.  3  for  Preston-mbe  locations  on  the  flap).  Preston-tube 
measurements  are  presented  as  a  function  of  angle  of  attack 
for  the  15°-  and  40° -flap  settmgs.  Negative  values  of  Cf* 
indicate  flow  separation  at  the  Preston-tube  location.  For 
the  lS°-flap  setting,  no  separation  is  indicated  for  the 
angle  of  attack  conditions  measured.  The  higha  readings 
for  the  fore  flap  correspond  to  the  higher  velocities 
associated  with  the  fore-flap  flow.  For  the  40°-fl)^>  setting, 
the  Cf*  values  indicate  separated  flow  on  the  fore  flap  for 
angles  of  attack  greater  than  approximately  0°. 


(a)8t-15°,a-»9° 

Figure  22.  In-flight  tuft  flow  visualization. 


(b)5f-40° 

Figure  21.  Concluded. 


(b)8f-40°.a-7° 
Figure  22.  Concluded. 


Typical  flow-visualization  results  are  shown  in  figure  22 
for  the  15®-  aikl  40®-flap  settings.  For  the  15°-flap  setting, 
the  tuft  (dtoto  (Fig.  22a)  is  shown  with  the  aircraft  at  a  » 
9°.  Even  at  this  relatively  high-angle-of-attack  condition, 
the  flow  on  the  flap  surfaces  appeared  streamwise  with  no 
liuiication  of  separation  along  the  span  between  the  fl^>- 
track  fairings.  For  the  40°-flap  setting,  the  tuft  photo  is 
shown  with  the  aircraft  near  the  stick  shaker  spe^  (Vj  => 
105  KIAS,  a  =■  7°)  For  this  condit.on,  the  flow  patterns 
showed  generally  attached  flow  on  the  flap  system, 
although,  in  the  wake  of  the  flap  track  fairings,  localized 
unsteady  and  separated  flow  regions  are  evident.  In  the 
region  of  the  pressure  belt  locations,  the  flow  remained 
attached  on  the  main  wing  and  the  flaps  except  for  flow 
separation  near  the  trailing  edge  of  the  fore-flap  element. 
The  tuft  patterns  of  figure  22b  indicate  that  flow  separation 
occurred  over  approximately  the  last  20  percent  of  the  fore- 
flap  chord.  The  tuft  patterns  correlate  well  with  the 
previously  discussed  observations  based  on  the  pressure 
distributions  and  Preston-tube  results.  Figure  22b  also 
indicates  that  the  flow  near  the  trailing  edge  of  the  aft  flap 
is  on  the  verge  of  separation  at  this  condition  although  the 
pressure  distributions  does  not  show  incipient  separation. 
Finally,  the  tuft  patterns  near  the  flap/aileron  edge  show 
three-dimensional  tip  effects  in  the  trailing-edge  region  of 
each  flap  element  due  to  the  flap-edge  vortical  flow  field. 

5.  COMPUTATIONAL  ANALYSIS  OF  PRESSURE 
MEASUREMENTS 

A  limited  computational  analysis  of  the  experimental 
pressure  distributions  at  the  span  station  of  t)  =  0.S3  is 
presented  using  two  currently  available  2-D  computational 
methods.  The  current  lack  of  fully  3-D  viscous  multi¬ 
element  analysis  methods  makes  the  use  of  2-D  methods  in 
conjunction  with  simple-sweep  theory  necessary  for  die 
analysis  of  3-D  high-lift  systems.^^  The  sectional 
geometries  used  in  the  computational  analyses,  shown  in 
figure  5,  have  been  smoothly  faired  in  the  cove  areas  of  the 
main-wing  and  mid-flap  elements  to  facilitate  the  flow 
calculations.  In  the  present  analysis,  simple-sweep 
theory^  is  used  to  account  for  the  (inviscid)  sweep  effects 
on  the  pressure  distributions. 

One  of  the  major  challenges  in  applying  2-D  sectional 
analysis  methods  to  3-D  wing  geometries  is  the 
determination  of  the  correct  local  angle  of  attack  for  input 
to  the  2-L  inethods.  For  single-element  wings  at  low 
angles  of  attack,  where  viscous  effects  are  not  dominant, 
this  may  be  accomplished  in  a  relatively  straightforward 
manner  by  matching  the  predicted  and  experimental  section 
normal-force  coefficients.  In  the  case  of  multi-element 
high-lift  systems,  however,  the  use  of  the  sectional 
normal-force  coefflcient  is  not  feasible  due  to  the  strong 
viscous  interactions  and  the  presence  of  confluent 
boundary  layers  and  flow  separation.  In  the  results 
presented  here,  the  local  angle  of  attack  was  determined  by 
matching  the  predicted  and  experimental  upper-surface  slat 
pressure  distributions. 

5.1  Description  of  Multi-Element  Analysis 
Codes 

The  MCARF  (Multi-Component  Airfoil)  computer 
code^^'^^  is  a  widely-used  aerodynamic  analysis  code  for 
2-D  multi-element  airfoils.  It  is  a  potential-flow  panel 
method  and  employs  integral  boundary-layer  method  to 
predict  the  viscous  flow  over  multi-element  airfoils.  The 
potential  flow  solution  is  obtained  by  solving  Laplace's 


equation  through  a  distribution  of  constant-strength  source 
and  vortex  singularities  distributed  over  the  surface  of  each 
element.  Compressibility  effects  are  accounted  for  through 
the  Karman-Tsien  compressibility  conection.  An 
improved  version  of  the  Goradia  integral,  confluent 
boundary- layer  model  is  employed,  allowing  MCARF  to 
predict  the  presence  of  separation  bubbles  as  well  as  the 
onset  of  confluent  boundary-layer  separation.  The  basic 
assumptions  of  the  confluent  boundary-layer  model  are  that 
the  static  pressure  normal  to  the  element  surface  remains 
constant,  and  that  near  the  trailing  edge  of  each  element  the 
confluent  boundary  layer  has  degenerated  to  an  ordinary 
turbulent  boundary  layer.  The  potential-  and  viscous-flow 
solutions  are  coupled  through  the  boundary-layer 
displacement  thickness  and  solved  iteratively.  This 
inviscidAiscous  coupling  precludes  the  analysis  of  flow 
regions  with  separation. 

The  MSES  multi-element  airfoil  code^^’^®  is  a  recently 
developed  extension  of  the  single-element  ISES 
compressible  flow  airfoil  code^^’^®.  The  streamline-based 
Euler  equations  and  a  two-equation  integral  boundary-layer 
formulation  are  solved  simultaneously  using  a  full  Newton 
iteration  method.  The  initial  streamline  grid  is  generated 
through  the  solution  of  a  panel  method  at  the  specified 
angle  of  attack  and  is  modified  after  each  Newton  iteration 
as  part  of  the  solution.  Displacement  bodies  based  on  the 
boundary-layer  and  wake  displacement  thicknesses  are  used 
to  displace  the  element  surface  geometries  and  are 
incorporated  into  the  solution  after  each  iteration.  This 
strong  inviscid/viscous  coupling  procedure  enables  MSES 
to  predict  the  effects  of  laminar  separation  bubbles  and 
other  regions  of  limited  flow  separation  on  the  pressure 
distribution.  MSES  is  formulated  to  account  for  the  effects 
of  both  asymmetric  wake  shapes  and  confluent  boundary 
layers,  although  a  confluent  boundary-layer  model  is  not 
included  in  the  MSES  version  used  here.^* 

5.2  Comparison  with  Flight  Data 
Results  of  the  MCARF  and  MSES  codes,  modified  as 
described  previously,  are  compared  to  the  flight-measured 
pressure  distributions  in  figure  23.  The  comparison  shows 
that  the  predicted  pressure  distributions  are  in  reasonable 
agreement  with  flight-measured  pressures  for  flap  settings 
of  15®  and  40®  at  the  angles  of  attack  shown.  For  the  15®- 
flap  setting,  where  no  separation  was  predicted  or 
measured,  the  magnitudes  of  the  flap  element  upper-surface 
pressures  are  slightly  overpredicted.  However,  separated 
flows  in  the  lower  slat-cove  and  along  the  main-wing 
lower-surface  leading  edge  are  not  well  predicted,  and  the 
suction  peak  near  the  forward-facing  step  on  the  main-wing 
upper  surface  is  not  predicted  in  the  MCARF  computations. 
For  the  40®-flap  setting,  where  flow  separation  was 
measured  on  the  fore  flap,  the  pressures  over  the  fore  fl^ 
are  substantially  overpredicted.  Although  the  flow 
separation  near  the  trailing  edge  is  not  modeled  in  MCARF 
c^culations,  the  location  of  separation  onset  is  predicted 
and  is  in  agreement  with  the  experimental  separation 
location  on  the  fore  flap.^  In  addition,  pressures  are 
overpredicted  for  the  leading-edge  upper  surfaces  for  all  the 
elements  aft  of  the  slat.  This  overprediction  of  the 
pressures  suggests  that  modeling  of  the  confluent  boundary 
layers  in  MCARF  as  well  as  the  present  approximation  of 
three-dimensional  sweep  effects  is  not  ad^uate  for  the 
complex  high-lift  geometry  studied. 


(a)  6f  -  15“,  a  -  9.39”.  R2 «  14.7  million.  M  .  0.24 

Figure  23.  Comparison  of  predicted  pressure  distributions  with  flight  measurements. 
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(b)  5f  -  40«.  a  -  9.57“,  Rc  -  1 1 .2  million.  M  -  0.19 
Figure  23.  Concluded. 


The  computational  gric'  of  the  MSES  code  are  presented  in 
figure  24  for  the  40®-nap  setting.  Figure  24a  is  the  final 
solution  grid  used  by  MSES  to  solve  the  Euler-flow 
equations  and  shows  ihe  complex  streamline  patterns  as 
well  as  several  dominant  features  of  the  solution.  Most 
notable  are  the  separated  flow  regions  formed  on  the  slat 
lower  surface  and  near  the  trailing  edge  of  the  fore-flap. 
Figure  24b  is  a  magnified  view  of  the  solution  grid  in  the 
region  of  the  flap  system  and  reveals  small  regions  of 
separation  near  the  trailing  edges  of  the  mid  and  aft-flaps  as 
well  as  in  the  cove  of  the  mid-flap.  The  flow  over  the  fore¬ 
flap  appears  to  be  separated  over  approximately  the  last 
twenty  percent  of  the  surface  at  this  condition.  The 
agreement  of  the  measured  and  predicted  separation  near  the 
fore-flap  trailing  edge  indicates  that  the  direct 
inviscidyViscous  coupling  procedure  used  in  MSES  allows 
reasonable  modeling  of  the  flow  separation  observed  in 
flight.  The  near-',  onstant  pressure  near  the  trailing  edge  is 
predicted  by  the  MSES  code  (see  Fig.  23b). 


(a)  5-element  high-lift  system 
Figure  24.  MSES  computational  grid  solution.  8f  «  40°, 
a  -  9.57°,  Rc  -  11.2  million,  M  -  0.19. 


(b)  flap  flow  characteristics 
Figure  24.  Concluded. 


6.  FLIGHT  EXPERIMENT  PLANS 
Future  flight  experiments  on  the  TSRV  high-lift 
configuration  are  plarmed  to  provide  measurements  that 
address  in  detail  several  of  the  critical  multi-element  flow 
issues.  Figure  2S  illustrates  the  instrumentation  for  Phase- 
IIB  flight  experiments  plarmed  in  1993.  Slat,  wing 
spoiler,  and  flap  spare  parts  have  been  obtained  for  use  in 


these  flights,  allowing  instrumentation  to  be  embedded  in 
the  surfaces.  A  number  of  multi-chaiinel  ESP  transducers 
will  be  used  to  obtain  almost  instantaneous  pressure 
readings  at  approximately  1200  jx'essure  ports  distributed 
over  several  spanwise  wing  stations.  The  pressures  will  be 
measured  using  flush-mounted  orifices  installed  on  the  slat, 
wing  spoiler,  and  flap  surfaces.  Since  the  main-wing 
element  is  used  as  a  "wet  wing"  for  fuel  storage,  pressure 
belts  are  still  needed  to  provide  main-wing  pressure 
distributions.  Hot-film  sensors  will  be  installed  along  the 
slat,  main-wing,  and  fore-flap  leading-edge  surfaces  to 
detect  transition,  attachment-line,  and  separation 
characteristics.  Boundary-layer  rakes  will  be  installed  to 
determine  the  effect  of  slat  wake  on  the  main-wing  flow  in 
this  phase  of  the  research  program. 


Figure  25.  Phase  IIB  instrumentation  plans. 


Because  of  the  large  number  of  sensors,  a  comprehensive 
data-acquisition  system  for  flight  is  being  developed  to 
handle  in  real-time  the  large  volume  of  pressure  and  hot- 
film  anemometer  data  for  analysis  purposes.  A  multi- 
charmel  anemometer  data  acquisition  system  with  digital 
storage  capability  is  planned  in  order  to  expedite  the 
analysis  of  the  high-frequency  boundary-layer 
measurements,  in  addition  to  instrumentation  for  flow 
measurements,  flow  visualization  is  planned  to  provide 
further  understanding  of  the  flow  physics  on  the  high-lift 
system.  Also,  structural-deformation  measurements  will  be 
required  to  complete  the  correlation  of  flight  data  with 
ground-based  wind-tunnel  and  CFD  results.  Future  in-flight 
flow  measurements  from  this  research  program  should 
provide  currently  unavailable  flow  details  at  full-scale 
flight  Reynolds  numbers  for  correlation  of  ground-based 
wind-tunnel  results  and  a  challenging  validation  test  case 
for  CFD  analysis,  particularly  in  the  modeling  of  3-D 
transitional  and  confluent  boundary-layer  arxl  separation 
phenomena. 

7.  CONCLUDING  REMARKS 

Flight  experiments  are  being  conducted  as  part  of  a  multi- 
phased  subsonic  transport  high-lift  research  program  for 
correlation  with  ground-based  wind-tunnel  and 
computational  results.  The  NASA  Langley  Transport 
Systems  Research  Vehicle  (6737-100  aircraft)  is  used  to 
obtain  in-flight  flow  characteristics  at  full-scale  Reynolds 
numbers  to  contribute  to  the  understanding  of  2-D  and  3-D 
high-lift  flows  including  attachment-line  transition  and 
relaminarization,  confluent  boundary-layer  development, 
and  flow  separation  characteristics.  This  paper  summarizes 
the  test  results  to  date  of  the  high-lift  flight  research 
program  on  the  TSRV  as  well  as  planned  further  flight 
experiments. 
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Flight  tests  were  performed  over  t  range  of  chord  Reynolds 
numbers  from  approximately  10  to  20  million  and 
ffeestream  Mach  numbers  from  approximately  0.16  to  0.40 
for  angles  of  attack  of  up  to  near-stall  conditions.  Flight 
test  results  showed  that  aircraft  lift  coefficients  obtained 
from  steady-state,  trimmed  conditions  in  level  flight 
differed  from  available  wind-tunnel  trimmed-lift 
coefficients  (30**-  and  40°-fl^  settings  only)  due  to  viscous 
(Reynolds-number)  effects.  The  flight-test  data  exhibited 
more  linear  lift  curves  and  steeper  lift-curve  slopes  than  the 
wind-tunnel  results  for  the  30°-  and  40°-flap  settings. 
Flight  test  results  of  pressure  distributions,  Preston-tube 
skin-friction  measurements,  and  surface  flow  visualization 
over  a  full-chord  wing  section  on  a  „iple-slotted  flap  high- 
lift  system  were  presented  for  the  15"-  and  40"-  flap 
settings.  Measurements  of  the  pressure  distributions 
showed  that  increasing  the  angle  of  attack  primarily 
increased  slat  and  main-wing  pressure  loading,  but  had  only 
a  small  effect  on  the  flap-element  loading.  For  the  40"-flap 
deflection,  the  upper  surface  pressures  indicated  flow 
separation  near  the  trailing  edge  at  all  but  the  lowest  angles 
of  attack.  Tuft-flow  visualization  and  Preston-tube  results 
corroborated  this  separation  on  the  fore-flap  trailing  edge. 
Pressure  distributions  for  the  slat  and  main-wing  elements 
showed  lower-surface-separation  regions,  re-attachment 
locations,  and  aft  movements  of  the  attachment-line 
location  with  angle  of  attack.  Pressure  distributions  on  the 
slat  upper  surface  reached  high  suction  values  which 
corresponded  to  locally  high,  but  subsonic  Mach  numbers. 

Preston-tube  measurements  on  the  slat  outboard  of  the  thin 
pressure  bell  indicated  a  likely  laminar  boundary-layer  state 
at  the  Preston  tube  for  certain  conditions  of  angle  of  attack 
and  altitude.  The  apparent  laminar-flow  readings  of  the 
Preston-tube  probes  could  be  explained  by  relaminarization 
of  the  belt-tripped  flow  under  the  influence  of  large 
favorable  streamwise  pressure  gradients  near  the  leading 
edge.  Further  flight  experiments  using  hot-film 
instrumentation  are  planned  to  study  the  transition  and 
relaminarization  process  in  more  detail. 

A  limited  analysis  of  the  experimental  pressure 
distributions  using  two  2-D,  viscous,  multi-element 
computational  codes  with  integral  boundary-layer  methods 
showed  that  the  predicted  pressure  distributions  were  in 
reasonable  agreement  with  flight-measured  pressures  for 
attached  flow  conditions.  For  the  40"-flap  setting,  where 
trailing-edge  flow  separation  was  measured  over  the  fore 
flap,  the  pressures  over  the  flap  elements  were 
overpredicted.  This  overprediction  of  the  flap  pressures 
suggests  that  current  2-D  modeling  of  the  confluent 
boundary-layer  and  three-dimensional  (sweep)  effects  are 
not  adequate  for  the  present,  complex  high-lift  geometry 
studied.  More  detailed  in-flight  boundary-layer 
measurements  and  the  application  of  advanced  (three- 
dimensional)  viscous  analysis  methods  for  complex 
geometries  will  be  required  to  further  address  the  effects  of 
confluent  boundary-layer  development  on  three- 
dimensional  high-lift  systems. 
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ABSTRACT 

A  broad  overview  of  the  X-29  Forward 
Swept  Wing  (FSW)  Technology 
Demonstrator  Program  traces  the 
aircraft's  history  from  design 
through  flight  test.  Brief 
descriptions  of  the  aircraft  and  its 
flight  control  system  provide  insight 
for  evaluating  this  unique  vehicle, 
wind  tunnel  design  data  substantiate 
theory  and  highlight  potential 
solutions  to  a  more  "missionized" 
aircraft.  Flight  test  results 
validate  the  X-29's  wind  tunnel  data 
base  and  provide  for  piloted 
simulation  of  possible  improvements 
for  the  specific  X-29  technologies. 

INTRODUCTION 

The  X-29  integrates  several  different 
technologies  into  one  airframe  as 
depicted  in  Figure  1.  The 
aeroelastically  tailored  composite 
wing  covers  cause  the  forward  swept 
wing  to  twist  as  it  deflects, 
successfully  delaying  wing 
divergence.  The  thin  supercritical 
airfoil,  coupled  with  the  discrete 
variable  camber  produced  by  the 
double-hinged  full  span  flaperons, 
provide  optimum  wing  performance  at 
ail  flight  conditions.  The  aircraft 
was  designed  for  35  percent  static 
instability  (time  to  double  amplitude 
of  about  0.15  seconds)  by  use  of  a 
close-coupled,  variable  Incidence 
canard.  Without  it  the  wing-body 
combination  is  near-neutrally  stable. 
The  canard,  which  has  an  area  about 
20  percent  of  the  wing  area,  produces 
lift  and  its  downwash  delays  flow 
separation  at  the  wing  root.  The 
three-surface  pitch  control — the 
canard,  flaperon,  and  stra)ce  flap — is 
used  by  the  digital  fly-by-wire 
flight  control  system  to  control  an 
otherwise  unflyable  unstable  vehicle. 
The  success  of  the  X-29  really 'rests 
with  the  integration  of  these 
technologies  into  a  single 
synergistic  configuration  built  for 
drag  reduction  in  turning  flight. 

Two  X-29  aircraft  were  designed  and 
built.  The  first  entered  flight 
testing  in  December  1984  and 
concluded  in  December  1988, 
completing  242  flights  and  over  200 
flight  hours.  The  primary  objective 
of  Ship  #1  testing  was  to  validate, 
evaluate,  and  quantify  the  benefits 
of  the  technologies  on  board,  both 
individually  and  collectively. 

The  first  two  years  of  Ship  #1 
testing  were  primarily  dedicated  to 
altitude  and  Mach  number  Ig  envelope 
expansion.  Performance  testing 


followed  the  envelope  expansion  and 
was  completed  in  December  1987.  Drag 
reduction  during  maneuvering  exceeded 
design  goals  by  about  15  percent 
subsonically .  Finally,  Ship  si 
testing  provided  evaluations  of 
handling  qualities,  military  utility 
and  agility  metrics  below  20  degrees 
angle  of  attack  (AOA) . 

Ship  t2,  which  was  modified  to  allow 
high  AOA  testing,  began  flying  in  May 
1989.  Its  spin  chute  was  designed  to 
assist  the  pilot  in  regaining  control 
in  the  event  of  a  departure  from 
controlled  flight.  Control  surface 
tutorial  lights  mounted  in  the 
cockpit  assist  in  this  task.  The 
flight  control  system  software  was 
significantly  modified  in  order  to 
best  utilize  the  various  surfaces  in 
controlling  the  aircraft  in  a  post¬ 
stall  environment.  One  g  envelope 
expansion  was  completed  to  66  degrees 
AOA  and  ten  degrees  sideslip. 
Accelerated  entry  high  AOA  expansion 
allowed  all-axis  maneuvering  to  45 
degrees.  The  inherent  high-lift 
capability  of  the  forward  swept  wing 
allowed  the  X-29  to  roll  at  70 
degrees  per  second  under 
approximately  2g  conditions  at  30 
degrees  AOA.  The  military  utility  of 
this  vehicle  is  in  a  class  by  itself. 

AIRCRAFT  AND  FLIGHT  CONTROL  SYSTEM 
DESCRIPTION 

Two  essentially  identical  X-29s  were 
designed  and  built  by  Grumman 
Aerospace  Corporation,  Bethpage,  New 
York.  To  reduce  overall  program 
costs,  the  Air  Force  supplied  several 
major  components  of  the  aircraft  to 
Grumman.  These  included  the  F-5A 
forebody  and  nosegear;  F-16  main 
gear,  actuators,  airframe-mounted 
accessory  drive  and  emergency  power 
unit;  F-18  F404  engine;  SR-71  HDP5301 
flight  control  computers;  and  F-14 
accelerometers  and  rate  gyros.  Use 
of  these  time-proven  components  also 
increased  the  reliability  of  the 
flight  vehicle. 

The  X-29  flight  control  system  (FCS) 
is  a  triplex  digital  fly-by-wire 
system  with  triplex  analog  backup  (as 
shown  in  Figure  2) .  The  fail- 
op/fail-safe  system  used  MIL-F-8785C 
and  MIL-F-9490D  specifications  as 
design  guides.  Flying  quality  design 
goals  were  Level  I  for  the  primary 
digital  mode  and  Level  II  for  the 
analog  back-up  mode. 

Normal  aircraft  operation  is 
accomplished  through  the  normal 
digital  (ND)  mode  with  its  associated 
functional  options  such  as  automatic 


camber  control  (ACC) ,  manual  camber 
control  (MCC) ,  speed  stability, 
precision  approach  control  (PAC),  and 
direct  electrical  link  (DEL) .  ND 
also  contains  options  in  its  gain 
tables  for  power  approach  (PA) ,  up- 
and-away  (UA) ,  and  degraded 
operation. 

The  normal  digital  mode  has  a  pitch 
rate  control  law  with  gravity  vector 
compensation,  driving  a  discrete  ACC 
system.  This  mode  is  gain-scheduled 
as  a  function  of  Mach  number  and 
altitude  and  incorporates  a 
sophisticated  redundancy  management 
system  allowing  fail-op/fail-safe 
flight.  MCC  is  a  pilot-selected, 
fixed  flaperon  sub-mode  of  ND  used 
for  landing.  The  PAC  function  is  a 
pilot-selected  auto  throttle  system. 
The  DEL  function  is  a  ground  contact 
control  law  set  which  is  active  when 
any  landing  gear  weight-on-wheel 
relay  is  open.  This  function  fades 
out  the  longitudinal  forward  loop 
integrator,  allowing  direct  pilot 
control  of  the  canards  during  taxi, 
take-off,  or  landing  roll-out.  Gain 
tables  for  degraded  operation  are 
activated  by  a  failure  of  the 
Attitude  Heading  Reference  System  or 
any  two  of  the  three  angle-of-attack 
sensors.  This  function  cannot  be 
pilot-selected,  nor  can  it  be  exited 
in  flight.  Degraded  normal  digital 
operation  is  the  last  option 
available  during  sensor  failures 
prior  to  automatic  down-moding  to 
analog  reversion. 

The  analog  reversion  (AR)  mode  is  the 
back-up  flight  control  system, 
designed  to  bring  the  aircraft  safely 
back  to  base.  The  AR  mode  pro'fides  a 
highly  reliable,  dissimilar  control 
mode  to  protect  against  generic 
digital  control  failures.  It 
incorporates  UA  and  PA  functions 
similar  to  those  of  the  ND  mode.  AR 
contains  no  longitudinal  trim 
capability  or  pitch  loop  gain 
compensation  with  dynamic  pressure 
while  the  aircraft  is  on  the  ground. 
In  all  other  aspects,  it  performs 
like  the  ND  control  system. 

The  Ship  #2  flight  control  laws  were 
modified  to  permit  all-axis 
maneuvering  to  40  degrees  AOA,  and 
pitch-only  maneuvering  to  as  high  as 
70  degrees  AOA.  Below  10  degrees, 
the  control  laws  are  identical  to 
those  last  flown  on  Ship  #1.  Between 
10  and  20  degrees,  the  high  AOA 
modifications  are  faded  in  until 
above  20  degrees  they  are  fully 
functional. 

The  high  AOA  changes  are  fairly 
simple.  A  spin  prevention  logic  is 
active  above  40  degrees  or  below 
minus  25  degrees  AOA  with  increasing 
yaw  rate.  The  logic  increases  the 
authority  of  both  the  rudder  pedals 
and  lateral  stick  and  disconnects  all 
other  lateral/directional  feedbacks. 
Besides  the  spin  prevention  logic,  an 
aileron-to-rudder  interconnect 


provides  fcr  better  roll  coordination 
at  high  AOA.  Also  assisting  in  roll 
coordination  is  a  rate-of -sidesl ip 
feedback  to  the  rudder.  Since 
substantial  wing  rock  was  predicted 
for  the  X-29  above  30  degrees  angle 
of  attack,  a  high  gain  roll  rate-to- 
aileron  feedback  loop  has  been  added 
to  compensate  for  the  unstable 
rolling  moment  coefficient  due  to 
roll  rate.  For  a  more  detailed 
description  of  the  control  system, 
see  Reference  1 . 

EVOLUTION  OF  THE  X-29  CONFIGURATION 

The  X-29  Forward  Swept  Wing 
Technology  Demonstrator  Program  was 
established  to  flight  test  an 
advanced  air  vehicle  which 
incorporated  forward  sweep  on  the 
wing.  Forward  sweep  was  a  well-known 
concept  with  fairly  well-defined 
benefits,  but  because  of  the  absence 
of  certain  enabling  technologies,  the 
concept  had  never  been  proven  on  a 
high  performance  fighter.  The 
emergence  of  composites,  and 
specifically  their  compatibility  with 
aeroelastic  tailoring,  allowed  a 
lightweight,  efficient  solution  for 
delaying  wing  structural  divergence. 

An  aircraft  wing  is  swept,  either 
forward  or  aft,  to  postpone  the  drag 
rise  associated  with  transonic 
flight.  It  can  easily  be  shown 
(Reference  2)  that  for  an  equal  shock 
wave  location,  shock  wave  sweep,  wing 
taper  ratio,  aspect  ratio,  and  area, 
a  forward  swept  wing  has  a  lower 
leading  edge  sweep  than  an  equivalent 
aft  swept  wing.  The  result  is  a 
lower  profile  drag  and  a  lower  root 
bending  moment.  Conversely,  if  the 
two  wings  are  designed  to  have  the 
same  bending  moments,  the  forward 
swept  wing's  aspect  ratio  increases, 
producing  a  further  reduction  of  tne 
induced  drag.  These  points  are 
illustrated  in  Reference  2  and 
reproduced  here  for  convenience  as 
Figures  3  and  4. 

In  addition  to  the  transonic 
efficiency  provided  by  an  FSW,  it 
proves  to  be  a  good  performer  in  the 
near-  and  post-stall  region  of 
flight.  Unlike  an  aft  swept  wing 
where  flow  separation  starts  at  the 
wing  tips  and  may  cause  control 
degradation,  .'low  separation  on  an 
FSW  originates  near  the  wing  root  and 
proceeds  outboard  with  the  wing  tips 
and  ailerons  maintaining  flow 
attachment  longest.  The  addition  of 
canards  on  the  X-29  enhances  the 
lifting  performance  of  the  FSW  by 
providing  a  downwash  on  the  largest 
surface  area  region  of  the  wing, 
delaying  separation  in  that  zone. 
Upper  surface  pressures  showed  that 
separation  actually  originated  just 
outboard  of  the  canard  tip  butt  line 
and  proceeded  both  inboard  and 
outboard  from  there.  Wing  separation 
is  delayed  in  the  shadow  of  the 
canard  until  the  lightly-loaded 
canard  itself  begins  to  separate. 


The  close-coupled,  variable-incidence 
canard  on  the  X-29  provides 
additional  benefits.  Its  large  area 
(20  percent  of  the  wing)  contributes 
significant  pitching  moment  and 
direct  lift  with  small  deflections. 
This  contributes  trim  lift  without 
significant  trim  drag  and  enhances 
the  maneuverability  of  the  X-29.  The 
canards  and  FSW  were  specifically 
optimized  to  produce  minimum  induced 
and  profile  drag  over  the  X-29  low 
AOA  flight  envelope. 

The  addition  of  close-coupled  canards 
on  the  near-neutral ly  stable  wing- 
body  combination  of  the  X-29  makes 
the  aircraft  up  to  35  percent 
statically  unstable.  Figure  5  from 
Reference  3  shows  significant  relaxed 
static  stability  (RSS)  at  all 
subsonic  Mach  numbers,  with  stability 
returning  at  about  Mach  1.3.  By 
using  the  RSS  to  keep  the  canard  from 
overloading  and  helping  to  produce 
positive  lift  to  trim,  high  levels  of 
trimmed  lift  are  maintained  through 
the  maximum  lift  coefficient  for  the 
configuration.  By  employing  RSS,  the 
variable  Incidence  canard  can  unload 
at  very  high  angles  of  attack, 
providing  the  pitching  moment 
necessary  to  recover  to  level  flight. 

The  final  consideration  in  the 
evolution  of  the  x-29  configuration 
was  the  concept  of  optimizing  the 
wing  profile  for  maximizing 
efficiency  over  all  regions  of  the 
flight  envelope.  This,  of  course, 
requires  variable  camber.  The 
simplest,  most  cost-effective  method 
of  producing  variable  camber  on  a 
thin  supercritical  airfoil  is  with 
leading  and/or  trailing  edge  devices. 
Various  wind  tunnel  tests  were 
conducted  to  ascertain  the  most 
appropriate  configuration.  The  next 
section  of  this  paper  will  provide 
details  of  this  overall  effort.  Here 
I  will  discuss  only  the  concept  that 
was  actually  adopted  for  the 
x-29. 

The  discrete  variable  camber  system 
on  the  x-29  consists  of  double-hinged 
full  span  flaperons.  The  flight 
control  system  has  a  manual  camber 
control  (MCC)  mode  wherein  the 
flaperons  can  be  set  at  a  discrete 
setting  by  the  pilot.  The  MCC  mode 
was  utilized  to  obtain  aircraft 
performance  at  a  fixed  flight 
condition  over  a  range  of  wing 
camber.  The  automatic  camber  control 
(ACC)  mode  was  used  to  optimize  the 
wing's  performance  over  all  flight 
conditions.  In  the  ACC  mode,  the 
flight  control  computers  used  real 
time  air  data  to  adjust  the  flaperon 
settings  according  to  a  prescribed 
schedule.  Figure  6  shows 
schematically  how  the  ACC  scheduling 
was  derived  from  MCC  results.  Wind 
tunnel -derived  drag  polars  were 
plotted  for  specific  flaperon 
settings.  The  dashed  line,  faired 
tangentially  across  the  polars,  then 
defined  an  optimum  variable  camber 


polar.  The  appropriate  flaperon 
positions  were  ohen  scheduled  with 
angle  of  attack  to  achieve  this 
polar. 

HIGH  LIFT  DEVICE  INVESTIGATION 

Early  in  the  design  process  for  the 
X-29,  an  effort  was  undertaken  to 
investigate  various  high  lift  schemes 
which  might  be  beneficial  to  a 
supercritical  forward  swept  wing  and 
canard  configuration.  Reference  4 
provides  the  details  of  this  wind 
tunnel  study.  A  moderately  cambered 
canard  was  tested.  Two  wing  leading 
edge  devices  were  examined  as  well  as 
two  trailing  edge  devices.  These 
particular  devices  were  generall' 
accepted  as  producing  the  best  high 
lift  performance  on  aft  swept  wings. 

The  remotely  driven  canards  were 
fitted  with  detachable  leading  and 
trailing  edge  flap  pieces  in  order  to 
increase  the  camber  of  the  baseline 
low  camber  airfoil.  The  canard  was 
movable  20  degrees  trailing  edge  down 
and.  40  degrees  trailing  edge  up. 
Leading  edge  flap  extensions  were 
provided  for  0,  5,  and  10  degrees 
down;  trailing  edge  extensions  were 
0,  10,  and  20  degrees  down.  The  test 
data  indicated  that  canard  lift 
effectiveness  was  independent  of  wing 
leading  and  trailing  edge  devices 
over  the  -4  to  22  degree  angle-of- 
attack  range  and  -4  to  16  degree 
sideslip  angles  tested.  Canard 
camber  always  provided  a  positive 
lift  increment,  but  in  conjunction 
with  a  Krueger  flap  on  the  wing  it 
reduced  pitching  moment  effectiveness 
at  low  angles  of  attack.  The  results 
clearly  showed  benefits  from  canard 
variable  camber,  but  when  the  added 
complexity  of  incorporating  movable 
leading  and  trailing  edge  surfaces 
was  considered,  the  final  X-29 
configuration  used  a  single  low 
camber,  all-movable  canard. 

The  wing  extensions  examined  in  the 
wind  tunnel  study  were  a  Krueger 
flap,  a  leading  edge  slat,  a  single 
slotted  extensible  flap,  and  a  double 
slotted  extensible  flap.  These 
devices  are  shown  in  Figures  7  and  8. 
The  Krueger  flap  had  a  50  degree 
angle  of  incidence,  while  the  slat 
was  designed  for  15  and  29  decrees. 
The  single  slotted  flap  was 
adjustable  in  increments  of  20,  30, 
and  40  degrees  down.  The  double 
slotted  flap  had  a  fixed  20  degree 
deflection  on  the  first  flap  and 
incremental  settings  of  20,  30,  and 
40  degrees  relative  to  the  first 
flap. 

Figure  9  provides  the  lift 
coefficient  results  for  a  plain  flap, 
a  configuration  quite  similar  to  the 
actual  aircraft  hardware.  Integral 
to  both  curves  are  the  effects  of 
canard  and  wing  stall.  The  25  degree 
flap  deflection  significantly 
Increases  lift.  It  also  accentuates 
the  separated  flow  effects  on  the 


canard-wing  combination. 

Figures  10  and  11  give  the  lift 
performance  for  the  single  and  double 
slotted  flap  in  combination  with  the 
two  leading  edge  devices.  In  all 
cases,  the  improvements  were 
significant.  The  best  combination  in 
this  test  was  the  Krueger  flap  plus 
the  double  slotted  trailing  edge  flap 
resulting  in  an  improved  lift 
coefficient  of  about  70  percent. 
However,  it  is  clearly  evident  from 
the  data  that  the  leading  edge 
devices  lead  to  total  separation  and 
loss  of  lift  in  the  15  to  20  degree 
angle-of-attack  range.  Only  the 
trailing  edge  flaps  acting  alone  are 
suitable  for  the  high  angle-of-attack 
regime  in  up-and-away  flight.  The 
leading  edge  devices  excel  in  the 
power  approach  mode  of  flight. 

AIRCRAFT  PERFORMANCE 

The  lift  and  drag  characteristics  of 
the  X-29  were  determined  by 
performing  push-over,  pull-up  (POPU) 
and  wind-up  turn  (vniT)  maneuvers  at 
constant  power  settings.  POPU 
maneuvers  were  used  to  obtai-  data 
for  load  factors  under  2  g's  and  the 
WUT  maneuvers  for  2  g's  and  above. 
Data  was  obtained  for  angles  of 
attack  up  to  20  degrees  and  for 
symmetric  load  factors  up  to  6.4  g's 
as  corrected  to  15,000  pounds  gross 
aircraft  weight.  Both  the  automatic 
camber  control  anc.  manual  camber 
control  options  of  the  normal  digital 
mode  of  the  flight  control  system 
were  investigated. 

Drag  polars  were  acquired  for  0.4  to 
1.3  Mach  numbers.  The  polars  were 
compared  to  wind  tunnel  predictions 
which  also  used  the  ACC  control 
surface  schedules.  In  general, 
subsonic  and  transonic  flight  test 
results  showed  lower  drag 
coefficients  than  predicted. 
Supersonically  the  test  data  either 
matched  predictions  closely  or  showed 
higher  drag  coefficients.  The 
highest  lift  coefficient  reached  in 
flight  on  Ship  #1  was  1.63  at  0.4 
Mach  number.  This  was  a  result  of 
the  conservative  angle  of  attack  (15 
degrees)  and  load  factor  (6.4  g) 
limitations  imposed  on  the  aircraft. 
These  restrictions  were  later 
relaxed,  but  a  repeat  of  the 
performance  measurements  was  not 
accomplished. 

Shown  in  Figure  12  is  the  comparison 
between  a  wind-tunnel-predicted  drag 
polar  and  the  actual  flight-derived 
polar  at  0.9  Mach  and  30,000  feet 
pressure  altitude.  The  wind  tunnel 
data  clearly  over-predicted  drag. 

Note  the  break  in  the  curve  which 
corresponds  to  an  angle  of  attack  of 
about  seven  degrees.  It  happened 
that  the  scheduled  canard  position 
reversed  direction  and  the  flaperon 
position  schedule  reached  a  limit 
simultaneously.  This  would  suggest 
that  at  angles  of  attack  below  seven 


degrees,  the  ACC  schedule  was  not 
correctly  optimized  for  lift  and 
drag . 

The  manual  camber  control  mode  of  the 
flight  control  system  was  also 
utilized  during  performance  testing. 
Figure  13  shows  both  MCC  and  ACC 
flight  data  at  0.90  Mach  number  and 
30,000  feet.  As  is  evident,  the  ACC 
scheduling  did  an  excellent  job  of 
optimizing  the  discrete  camber 
polars.  The  MCC  uses  fixed  flaperon 
settings  tj  achieve  discrete  values 
of  wing  camber. 

To  complete  this  low  angle  of  attack 
performat.ee  analysis,  let's  look  at 
-he  opposition.  Figures  14  through 
16  provide  aeroperformance 
comparisons  between  the  x-29  and  a 
current  high  performance  fighter.  No 
attempt  has  been  made  to  normalize 
the  data  or  optimize  either  aircraft. 
It  is  simply  an  aircraf t-to-airc'-aft 
snapshot.  The  induced  drag  pol  ;  s 
presented  show  a  consistent  trend. 

The  polar  shape  of  the  X-29  has  been 
greatly  improved.  Although  the  X-29 
was  specifically  optimized  for  a  0.95 
lift  coefficient  at  0.9  Mach  number 
and  30,00o  feet,  the  imrrovement 
exists  through  its  entire  performance 
range . 

While  these  comparisons  show  a 
significant  advantage  to  the  X-2i<, 
the  X-29's  lift-to-induced  drag 
performance  is  far  superior  to  its 
1  i f t-to-tocal  drag  performance.  This 
is  explainable  by  the  fact  that  the 
X-29  was  put  together  from  many 
pieces  and  parts.  This  resulted  in  a 
rather  large  profile  drag  for  the 
aircraft.  However,  at  0.95  lift 
coefficient,  0.9  Mach  number  and 
30,000  feet  altitude,  the  X-29  excels 
in  spite  of  its  high  profile  drag. 

In  the  fighter-class  arena, 
performance  of  the  X-29  is 
impressive . 

MANNED  SIMULATOR  PREDICTIONS 

One  of  the  fundamental 
characteristics  of  a  forward  swept 
wing  is  its  ability  to  achieve 
relatively  high  angles  of  incidence 
before  the  wing  totally  separates. 
Once  the  aircraft  has  entered  post¬ 
stall  fligh-,  its  lifting  performance 
is  highly  dependent  on  the 
interactions  of  the  wing's  wake 
region  and  disturbances  from  other 
portions  of  the  aircraft.  In  the 
case  of  an  aft-swept  wing  with  high 
lift  devices  such  as  those  on  the 
F-18,  fuselage,  LEX  and  leading  edge 
flap  influences  are  swept  generally 
outboard,  adding  additional 
turbulence  to  the  wing's  wake  (Figure 
17,  reproduced  from  Reference  5). 

The  forward  swept  wing  of  the  X-29, 
without  additional  high  lift  devices, 
is  able  to  avoid  additional 
interactive  turbulence  since  its  wing 
tips  are  always  in  clear  air. 

Without  these  additional  influences, 
the  turbulent  detached  flow  is  able 


to  reattach  itself,  in  a  reverse 
direction,  over  a  rather  large  foui 
foot  section  of  the  wing  at  30 
degrees  AOA.  This  is  shown  in  Figure 
18,  reproduced  from  Reference  6. 

This  suggests  additional  lift,  making 
the  X-29  a  natural  high  lift,  high 
angle-of-attack  aircraft. 

Continuing  this  theme  of  increased 
capability  of  a  forward  swept  wing 
configuration,  what  ('an  be  done  to 
further  improve  the  <-29 's 
performance?  Although  the  X-29  Ship 
42  was  not  specifically  instrumented 
to  directly  determine  the  lift-drag 
performance  at  high  AOA  (the 
propulsive  thrust  measurement  system 
had  been  removed  fron  the  engine) , 
the  aircraft  ''light-validated  math 
model  was  sufficiently  mature  to 
provide  accurate  manned  simulation 
nredictions . 

Figures  19-22  show  the  results  of  a 
canard  optimization  study  for  the 
very  high  AOA  regime.  With  flaperon 
ind  strake  deflections  defined  and 
fixed,  a  unique  trimmed  canard 
schedule  exists  at  the  prescribed 
flight  conditions.  These  schedules 
are  s.hown  in  Figure  19.  Also  shown 
are  two  ACC  canard  schedules  which 
bracket  the  usable  center  of  gravity 
range  for  the  aircraft.  The  ACC 
schedules  were  established  early  on 
in  the  program  and  were  intended  to 
be  the  most  efficient  at  producing 
lift  and  pitching  moment  while  at  the 
same  time  providing  a  margin  of 
safety  suitable  for  a  highly  unstable 
aircraft.  Only  for  the  plus  30 
degree  strake  deflection  did  the 
canard  achieve  positive  deflection 
(trailing  edge  down) .  This  was  its 
most  highly  loaded  schedule. 

With  all  three  control  surfaces 
lifting,  the  lift  curve  should  show  a 
large  improvement  over  all  other 
combinations  presented.  However, 
Figure  20  shows  that  this  only  holds 
true  above  23  degrees  AOA.  Based  on 
the  lift  curves  of  the  various 
combinations,  a  more  efficient 
scheduling  of  the  control  surfaces 
would  result  from  using  the  original 
ACC  below  about  2"'  degrees  AOA  and 
then  transitioning  to  a  higher  canard 
loading . 

Such  a  solution  would,  of  course, 
increase  overall  drag  on  the 
aircraft,  figure  21  confirms  that 
canard  loading  has  increased  since 
additional  drag  begins  to  occur  above 
20  degrees  AOA.  But  Figure  22  shows 
clearly  that  this  solution  results  in 
a  net  improvement  in  the  drag  polar 
above  23  degrees  AOA,  allowing  ''or 
improved  turning  performance.  C™„ 
improves  almost  ten  percent  over  The 
baseline  ACC. 

The  ACC  curve  for  an  aircraft  center 
of  gravity  of  453.9  inches  exhibits 
the  benefit  of  relaxed  static 
stability.  For  the  case  presented, 
both  the  lift  curve  shape  and 


magnitude  improve  when  moving  the 
c.g.  aft.  Although  an  imptov^c 
control  surfc  e  schedule  and  a  tore 
aft  center  of  gravity  produce  lift 
benefits,  care  must  be  taken  to  avoid 
canard  saturation  ana  subsequent  loss 
of  pitch  authority  neeaed  to  recover 
the  aircraft  to  low  angle  of  attack. 

CONCLUDING  REMARKS 

The  X-29  with  its  'orward  swept  wing 
has  been  shown  to  be  an  inherently 
high  lift  aircraft.  A  winl  tunnel 
study  of  cunard  and  ing  high  lift 
devices  was  reported.  Flight  tests 
of  the  unique  X-29  design  have  been 
performed  at  high  and  low  angles  of 
attack  using  both  test  aircraft.  The 
drag  reduction  design  goals  of  the  X- 
29  weie  demonstrated  below  20  degrees 
using  Ship  #1,  while  the  high  angle 
of  attack  cap  bility  of  the  forward 
swept  wing  design  was  explored  using 
..’ip  42.  A  flight  validated  math 
model  was  used  in  the  X-29  manned 
simulator  to  show  that  improvements 
in  overall  aircraft  performance  were 
possible  through  a  siir.ple 
rescheduling  of  the  flight  control 
surfaces.  This  forward  swept  wing 
canarded  configuration  has  proven 
aerodynamically  superior  to  all 
current  high  performance  fighters. 
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FIGURE  1.  X-29  TECHNOLOGIES 


FIGURE  2.  X-29  FLIGHT  CONTROL  SYSTEM 
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FIGURE  4.  FORWARD  VERSUS  AFT  SWEEP  - 


HIGHER  ASPECT  RATIO 


MACH  NO. 

FIGURE  5.  X-29  VARIATION  OF  LONGITUDINAL  STATIC 
STABILITV  WITH  MACH  NO. 
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FIGURE  6.  X-29  ACC  SCHEDULE  DERIVATION 


FIGURE  7.  FSW  HIGH  LIFT  LEADING  EDGE  DEVICES 


CftUtSi  mUQ 
O^RCF  UWE 


1 _ I _ I—  I _ I _ I 

0  10  20  30  40  SO 

ANGLE  OF  ATTACK,  (DEGREES) 

FIGURE  9.  LIFT  CURVE  FOR  PLAIN  FLAP 


0  10  30  30  40  SO 

ANGLE  OF  ATTACK.  (OEOREES) 

FIGURE  11.  LIFT  CURVE  FOR  DOUBLE  SLOTTED  FLAP 
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FIGURE  10.  LIFT  CURVE  FOR  SINGLE  SLOTTED  FLAP 
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FIGURE  12.  X-29  AIRCRAFT  PERFORMANCE 
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FIGURE  13.  X-29  ACC/MCC  COMPARISON 
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FIGURE  15.  DRAG  POLAR  COMPARISONS  -  MACH  0.9 


VIEW  FROM  CHASE  AIRCRAFT,  30' 
FIGURE  17.  F-18  FLOW  VISUALIZATION 
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FIGURE  14.  DRAG  POLAR  COMPARISONS  -  MACH  0.6 
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FIGURE  16.  DRAG  POLAR  COMPARISON  -  MACH  1.2 


FIGURE  18.  X-29  FLOW  VISUALIZATION 
30  DEGREES  AOA 


20 


ANGLE  OF  ATTACK  (DEGREES) 

FIGURE  19.  CANARD  OPTIMIZATION  STUDY  •  CANARD  SCHEDULE 
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SUMMERY 

A  quasi-3-diinensional  method  for  analysing  the 
viscous  steady  subsonic  flow  over  wings  with  flaps 
for  high  lift  is  briefly  presented.  The  total  iterative 
procedure  combines  a  3-dimensional  inviscid  lifting 
surface  theory  with  a  2-dimensional  surface-singu¬ 
larity  method  for  analysing  multi-element  airfoils  in 
a  curved  basic  flow  field.  This  method  also  includes 
boundary  layer  calculations  and  a  model  for  rear 
separation.  Also,  small  compressibility  effects  are 
accounted  for  by  simple  corrections,  ground  ef¬ 
fects  are  itKlud^  by  means  of  the  reflected  image 
technique. 

First  attempts  to  validate  the  method  by  a  few  theo¬ 
ry-experiment  comparisons  are  reported.  The  results 
are  encouraging  but  more  experimental  data  are 
needed  for  a  thorough  validation.  The  computing 
time  requirements  of  the  method  are  modest. 

LIST  OF  SYMBOLS 

®vn.  influence  coefficients  in  eq.  2 

c  chord  of  airfoil 

CL'^D'^m  drag-,  and  pitching  moment  coeffi¬ 
cients  of  the  total  wing 

Cj-Cd-Cm  frit-,  drag-,  and  pitching  moment  coeffi¬ 
cients  of  an  airfoil  section 
Cp  pressure  coefficient  (p-p  ,V(V2^/2) 

f  damping  factor  in  eq.  t 

hp  ground  distance  in  fig.  U 

L  reference  length  for  a  wing;  usually 

chord  of  center  section  with  flaps  re¬ 
tracted 

M  number  of  wing  sections  in  the  Trucken- 

brodt  method 

Moo  or  Ma„.free-stream  Mach  number 
p  static  pressure 

RCo,  Reynolds  number,  based  on  V„  and  L 
r  straight  distance  between  two  points 

s  wing  semi-span 

Sj  co-ordinate  along  Sj 

Sj  surface  of  airfoil  element  No.  j 


s 

starting  fxrint  of  rear  separation  re¬ 
gion  at  upper  surface 

T 

starting  point  of  tear  separation  at 
lower  surface,  close  to  trailing  edge 

U 

point  on  upper  boundary  of  rear  sep¬ 
aration  region,  see  fig.  4 

V.v« 

local  flow  velocity  and  free  stream 
velocity 

Vt(Sj) 

vortex  distribution  on  airfoil  surface 
s  tangential  component  of  flow  ve¬ 
locity 

Vn(Sj) 

source  distribution  on  airfoil  surface 
H  normal  component  of  flow  veloci¬ 
ty 

w 

velocity,  induced  by  a  vortex  system 

X.Y.Z 

Cartesian  coordinate  system  of  the 
wing,  fig.  2 

a 

angle  of  attack  of  an  airfoil  section 

a*,  a** 

effective  basic  flow  angles  at  trailing 
edge  and  quarter  chord  point 

«g 

wing  incidence 

TP 

dimensionless  quantities  related  to 
local  lift  and  pitching  moment  ac¬ 
cording  to  eqs.  2a 

Sf 

flap  deflection  angle 

potential  function  of  basic  flow  field 

T1 

non-dimensional  spanwise  distance  Y/s 

A 

aspect  ratio 

Subscripts  and  superscripts: 

B 

basic  flow 

2-d 

two-dimensional 

ef 

effective 

V,  n 

at  section  No.  v  resp.  n 

* 

trailing  edge 

quarter  chord  point 

1.  INTRODUCTION 

Safety  and  economy  at  take-off  and  landing  of  an 
aircraft  are  dependant  on  the  quality  of  the  high  lift 
system  of  the  wing.  This  consists  of  various  extend¬ 
ed  flaps,  by  which  the  lift  coefficient  Cj^  can  be  in¬ 
creased  considerably,  thus  enabling  the  wing  to 
maintain  sufficient  lift  L-Cl  V..^at  low  speed  V^. 

For  the  design  of  good  high  lift  systems  engineers 
need  very  extensive  testing  or  a  good  and  fairly  fast 
computing  method  for  the  flow  around  muld-com- 
ponent  wings.  The  most  important  features  of  such 
a  flow  are  the  complexity  of  the  geometry  and  the 
importance  of  viscosity  effects,  including  flow  sep- 
aratioa 

A  good  review  of  existing  methods  has  been  given 
recently  in  ref.  1.  The  development  of  “coupled  sep¬ 
arated  flow  methods"  for  multi-element  airfoils 
started  in  the  70th  (refs.  2,3,4).  Some  progress  with 
those  methods  has  been  achieved  since  (e.g.  refs. 
5,6,7,8)  aitd  recently  several  authors  dealt  with  ap¬ 
plying  Navier-Stokes  methods  to  multi-element  air¬ 
foils  (e.g.  refs.  9,10).  But  none  of  these  methods  is 
perfect  and  all  are  limited  to  2-dimensional  flow. 

Can  2-dimensional  methods,  even  if  further  im¬ 
proved,  be  a  real  help  for  the  design  of  a  3-dimen¬ 
sional  wing?  With  this  important  question  in  mind, 
a  quasi-3-dimensional  method  has  been  designed, 
combining  2-d  viscous  flow  calculations  for  the 
wing  sections  with  a  3-d  lifting  surface  method  for 
taking  account  of  the  essential  effects  of  the  trailing 
vortices.  First  the  method  was  worked  out  and  test¬ 
ed  for  clean  wings  only  (ref.  11)  and  recently  it  has 
been  extended  to  wings  with  flaps  by  H.N.V.  Dutt 
and  the  author  (ref.  12).  In  the  present  paper  this 
method  will  be  explained  briefly  and  some  results 
will  be  shown  and  discussed. 

2.  QUASI-3-DIMENSIONAL  COMPUTING 
METHOD 

2.1  Over-all  concept 

In  order  to  develop  an  economical  computing  meth¬ 
od  to  support  the  aerodynamic  design  of  high-lift 
systuns  for  civil  aircrafts,  otre  has  to  consider  the 
flow  around  multi-component  wings  of  moderate  to 
high  aspea  ratio,  operating  at  low  speed  and  high 
lift  coefficient.  For  such  a  flow  it  is  crucial  to  take 
account  of  viscosity  effects,  including  partial  sepa¬ 
ration.  At  take-off  and  landing  also  ground  effects 
may  be  important  causing  sometimes  lift  de¬ 


crease  when  the  wing  approaches  the  ground. 
Eventhou^  the  most  accurate  solution  for  such 
complicated  3-d  flow  might  be  obtained  with  Navi- 
er-Stokes  methods,  for  reasons  of  economy  and  fea¬ 
sibility  these  metlKXls  are  rwt  considered  here. 
Instead,  we  use  a  combination  of  available,  ap¬ 
proved,  economical  2-d  and  3-d  methods,  try  to  in¬ 
clude  the  essential  flow  features,  but  also  accept 
some  simplifications  and  restrictions. 

At  a  wing  of  high  aspect  ratio  and  low  sweep  the 
flow  around  a  wing  section  is  approximately  2-di¬ 
mensional.  But,  contrary  to  the  rectangular  infinite 
wing,  the  effective  basic  flow  field  at  each  section  of 
a  general  finite  wing  is  not  identical  with  the  on¬ 
coming  parallel  flow.  It  is  somewhat  changed,  be¬ 
cause  the  different  vortex  systems  of  the  finite  wing 
and  the  infinite  wing  induce  different  velocities. 
The  difference  of  these  velocities  has  to  be  added  to 
the  oncoming  flow  to  give  the  effective  basic  flow 
for  a  2-dimensional  calculation  at  a  section.  Gener¬ 
ally,  this  basic  flow  is  curved  and  the  average  angle 
of  attack  is  smaller  than  the  wing  incidence. 

If  the  effective  basic  flow  field  is  known,  the  span- 
wise  lift,  pitching  moment  and  drag  distributions 
can  be  computed  by  applying  a  2-d  viscous  flow 
method  for  multi-element  airfoils  to  each  section. 
On  the  other  hand,  with  a  known  lift  and  moment 
distribution,  the  induced  velocities  and  thus  the  ef¬ 
fective  basic  flow  at  each  section  can  be  computed 
approximately  by  a  reverse  application  of  a  3-d  lift¬ 
ing  surface  method.  Therefore,  both  methods  are 
applied  by  turns,  starting  with  a  first  approximation 
for  the  spanwise  iirt  and  moment  distribution  and 
computing  the  converged  lift  distribution  by  itera¬ 
tion.  The  total  procedure  is  rou^y  sketched  in 
figure  1  and  the  main  components  are  treated  briefly 
in  the  next  chapters. 

2.2  3-dimensional  lifting  surface  method 

The  method  used  at  present  for  the  3-d  calculations 
is  the  well  known  lifting  surface  method  of  Mul- 
thopp  and  Truckenbrodt  (ref.  13)  with  Hummel’s 
extension  for  including  the  ground  effect  by  reflect¬ 
ed  image  technique  (ref.  14). 

This  method  uses  horseshoe  vortices  in  the  wing 
projection  plane  (figure  2)  with  a  continuous  2-pa¬ 
rameter  vortex  distribution  in  the  chordwise  direc¬ 
tion  and  a  spanwise  discretisation  with  M  wing 
sections  at 

ilv  =  yys  =  cos(nv/(M+l)),v  =  (1) 
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input  ot  wing  geometiy  and  flow  data 
and  preliminary  calculations 

I 


first  approximation  ot  spanwise 
lift  arid  moment  distribution 

I 


read  next 
incidence 


final  calculations  » 
output  lor  present 
wing  incidence 


Fig.  1  Sketch  of  total  procedure 
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The  law  of  Biot-Savan  leads  to  linear  equations 
for  the  induced  velocities  w*y  at  the  trailing 
edge  and  w**y  at  the  quarter  chord  points  of 
these  sections: 

u 

=  X  (Km  ir«+Cv.  ti,) 

M  ^  1 

and  (2) 

M 

=  E  (Km  \+C«  t^.).  V  = 

A  =  1 

Here  the  Y  and  p  are  closely  related  to  the  local 
lift  and  moment  coefficients  Cj  and  c^,  namely 

IT.  =  M  /  (4^  V'J 

and  (2a) 

M  /  (4s  vj 

and  the  coefficients  B*y„  thru  C**^^  are  determined 
by  the  geometry  of  the  wing  projection  and  the  num¬ 
ber  of  sections  M.  In  case  of  ground  effect  they  also 
depend  on  ground  distance  and  incidence. 


The  normal  application  of  the  method  consists  of 
determining  the  velocities  to  be  induced,  finom  the 
“equivalent  thin  airfoil”  geometry  at  each  section, 
and  then  computing  the  values  of  y  and  p  by  solving 
the  system  of  linear  equations  (2).  For  more  details 
see  ref.  11. 

In  our  total  procedure  (fig.  1)  the  lifting  surface 
method  is  used  in  the  normal  way  only  once  in  the 
beginning,  to  get  a  first  approximation  to  y  and  p. 
Within  the  iteration  loop  it  is  used  only  in  a  reverse 
way,  i.e.  finding  the  induced  velocities  w*y  and 
w**v  from  known  ^proximations  to  y  and  p  by 
simple  matrix-vector  multiplication. 

Then,  the  effective  basic  flow  velocities  at  quarter 
chord  and  trailing  edge  of  wing  section  No.  v  are  ob¬ 
tained  by  vector  addition: 

••  ••  •• 

Vy  =  V„+Wy  y 

and  (3) 

K  =  V 


Fig.  2  A  multi-component  wing  geometry, 
vortices  and  some  notations 


with  W2^i  V  meaning  the  veloctiy  vector  induced  by 
the  vortex  lines  of  the  infinite  rectangular  wing  (2-d) 
with  the  section  No.  v  and  constant  Y  =  Yv  ^nd  p  = 
Py.  The  formulas  for  evaluating  the  basic  flow  ve¬ 
locities  are  given  in  detail  in  ref.  11. 
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Generally,  the  resulting  basic  flow  velocities  wiU 
have  somewhat  difieient  directions  at  quarter  chord 
and  trailing  edge.  So  the  basic  flow  field  for  the  atb- 
sequent  2-d  calculation  is  no  longer  parallel  but 
curved.  At  present  this  flow  is  iq>ptoximated  by  a 
circular  Sow,  produced  by  a  remote  vortex  of  proper 
strength  and  position  (see  figure  3y 

2.3  2-dlmensional  multi-element  airfoil 
method 


For  analysing  the  approximately  2-dimensional,  vis¬ 
cous  flow  around  the  multi-element  airfoils  at  the 
wing  sections,  the  author’s  method  (ref.  2)  is  used, 
with  the  extensions  for  multiple  separation  (ref.  6), 
ground  efifect  (ref.  15)  and  curved  basic  flow  (ref. 
16).  Given  below  is  a  very  brief  presentation  of  the 
essentials  of  the  method  only. 


The  flow  field  aroimd  a  multi-element  airfoil  is  di¬ 
vided  into  different  regions  (see  figure  4).  The  outer 
inviscid  flow  is  treated  by  a  surface-singularity  tech¬ 
nique,  using  a  vortex  distribution  V((s)  on  the  sur¬ 
face  S  of  each  element.  In  addition,  source  distribu¬ 
tions  v^(s)  are  used  to  simulate  displacement  effects 
of  boundary  layers,  wakes  and  separated  flow  re¬ 
gions,  via  the  “transpiration  method”.  For  the 
boundary  layers  Rotta’s  integral  method  (lef.  17)  is 
applied,  and  small  compressibility  effects  ate  ac¬ 
counted  for  by  a  simple  correction  applied  to  the 
surface  pressure  distribution  of  the  incompressible 
flow  (  see  ref.  11,  page  23). 


For  the  inviscid  incompressible  flow  with  a  basic 
flow  potential  the  kinematic  flow  condition  leads 

to  the  following  system  of  coupled  linear  integral 
equations 


v,(4i)  ^  a  . 

2  ^  dn  i  2k 

/=! 


In  r  ds-  =  R  {s^) 


with 


(4) 


a  V  (j.) 

=  IT  I  ai  !  r{s^.s^)ds. 

/=1  S, 


with  k=l,2,...,N  for  an  airfoil  system  with  N  ele¬ 
ments.  Here,  t  and  n  indicate  the  directions  tangen¬ 
tial  resp.  noimal  to  the  airfoil  surface. 

Accounting  for  ground  effect  via  reflected  image 
technique  leads  to  extending  eqs.  4  by  additional 
terms  (  sec  ref.  12,  page  9). 


Rg.  3  Airfoil  section  in  a  curved  basic  flow 
field,  induced  by  a  distant  single  vortex 


l-S'-t 


Fig.  4  2-dimcnsionaI  3-element  landing  con¬ 
figuration  with  different  flow  regions. 
Pressure  distribution  and  lift-,  drag-  and 
moment  coefficients  from  theory  and 
experiment. 
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From  eqs.  (4),  after  some  transformation  and  discre¬ 
tisation,  V(  can  be  computed  numerically,  if  the  basic 
flow  (<^)  and  the  source  distributions  are  given 
and  if  one  condition  is  added  for  each  airfoil  element 
to  Ax  its  circulation  (Kutta  condition  or  specified 
circulation  F ). 

Solving  eqs.  (4)  for  different  right  hand  sides  and 
different  additional  conditions,  a  set  of  “fundamen¬ 
tal  flow  solutions”  can  be  obtained.  Then,  by  super¬ 
position,  a  flow  can  be  constructed,  which  contains 
a  simulated  separated  flow  region.  This  is  demon¬ 
strated  in  figures  for  the  simplest  case  of  parallel 
basic  flow  and  sources  on  the  rearmost  element  only. 
(For  curved  basic  flow  a  solution  with  the  ^  of  that 
flow  has  to  replace  solutions  (at,  a^)). 

(a,)Parallel  basic  flow  in  (blCirculatory  flow  around  one 


Fig.  5  Four  fundamental  flow  solutions  and 
flow  with  model  for  rear  separation. 

For  the  separated  flow  region  an  isobaric  model  is 
adopted,  obtained  approximately  by  demanding 
equal  pressure  at  the  points  S,  T,  and  U.  This  can  be 
achieved  by  finding  proper  weight  factors  for  the 
fundamental  solutions  (b)  and  (d). 

So  far  a  potential  flow  with  a  rear  separation  model 
can  be  found  for  any  position  of  the  starting  point  S. 
But  to  be  physically  realistic  S  must  just  be  the 
boundary  layer  separation  point  of  this  flow.  To  find 
the  right  position  of  S  the  potential  flow  calculations 
and  subsequent  boundary  layer  calculations  are  ex¬ 
ecuted  for  various  positions  of  S,  starting  near  the 
trailing  edge  and  moving  S  upstream  until  the  result¬ 
ing  separation  point  coincides  with  S. 

For  extending  the  method  to  multiple  separation 
and  for  refining  the  wake  model  by  adding  singular¬ 


ities  in  the  wake  see  ref.  6  and  21. 

Apart  from  the  relative  simple  wake  model,  our 
present  method  contains  some  more  simplifications: 
closed  separation  bubbles  at  the  lower  surfaces  of 
the  slat  and  the  main  element  are  simply  replaced  by 
estimated  contour  fairings.  Small  compressibility 
effects  are  postulated,  and  possible  cottfluence  of 
boundary  layers  and  wakes  is  not  yet  accounted  for. 
Nevertheless,  as  can  be  seen  from  fig.  4,  the  method 
gives  good  results  with  respect  to  lift  and  pitching 
moment,  as  long  as  rear  separation  is  limited  to  the 
flap,  i.e.  below  maximum  lift .  However,  drag  pre¬ 
diction  is  not  yet  satisfactory. 

2.4  Some  details  of  the  total  procedure 

Input  and  preliminary  calculations  (see  fig.  1): 

The  wing  geometry  shall  be  given  by  streamwise 
wing  sections  at  a  sufficient  number  of  spanwise 
statiorts,  e.g.  8  “input  stations”  on  the  half  wing  in 
figure  6.  Their  number  and  distribution  shall  be  such 
that  the  data  of  intermediate  sections  can  be  found 
by  simple  interpolations.  For  the  M  “Thickenbrodt 
stations”,  defined  by  eq.  (1),  the  geometric  data  are 
then  to  be  prepared,  including  the  influence  matrices 
B*  thru  C**.  Also  the  aerodynamic  characteristics 
ci(a)  etc.  of  all  sections  are  now  computed  for  given 
Reynolds  and  Mach  number,  assuming  parallel  ba¬ 
sic  flow.  Finally,  normal  application  of  the  lifting 
surface  method  gives  a  first  approximation  to  y  and 
ft- 


Semi  span  »  4L  ,  Aspect  ratio  *  7.378 

Airfoil:  inboard  -  GA(W)-1  +  30%  Fowler  flap 

outboard  -  GA(W)~1  clean 


Fig.  6  Geometry  of  part  span  Fowler  flap  con¬ 
figuration  (for  flap  deflection  5f  =  10° ). 


Iterations: 

For  reasons  of  economy  the  inner  iteration  loop  in 
fig.  1  is  used  in  two  different  versions.  First  the  2-d 
calculations  are  replaced  by  simply  interpolating  the 
lift  coefficients  etc.  from  the  pre-calculated  aerody¬ 
namic  characteristics,  neglecting  the  curved  basic 
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flow  effect.  Here  the  effective  parallel  basic  flow  is 
taken  to  be  defined  by 

V,,  =  V**  and  a.^f=  (a**+2o*)/3  (5) 

An  improved  approximation  for  the  lift  distribution 
can  thus  be  obtained  quickly  with  about  20  fast  iter¬ 
ations.  Then,  starting  from  this  approximation  and 
applying  now  the  full  2-d  calculations  with  curved 
basic  flow,  the  final  lift  distribution  etc.  can  be  ob- 
uined  with  only  a  few  of  these  comparatively  ex¬ 
pensive  iterations. 

In  both  phases  of  the  iteration  process  it  turned  out 
to  be  important  to  apply  smoothing  and  damping  to 
the  intermediate  results  and  to  take  care  for  a  smooth 
transition  to  zero  at  the  wing  tip.  Especially  the 
damping  factor  for  the  “curved  basic  flow  iteration” 
can  have  a  considerable  effect  on  the  conveigence 
history,  as  demonstrated  in  figure  7.  Here  the  damp¬ 
ing  factor  f  is  defined  by 

y‘«-  y'”‘+/  (y'-y*”')  (^1 

with  Y*  being  the  result  of  the  i-th  iteration.  Figure  7 
shows  best  conveigence  with  f  =  0.30,  but  diver¬ 
gence  with  loo  high  f. 

Final  calculations  and  output: 

Finally  the  coefficients  c^,  cp,  cm  for  the  total  lift, 
drag  and  moment  of  the  wing  are  found  by  integra¬ 
tion  of  the  spanwise  distributions,  taking  account  of 
the  different  local  directions  of  lift  and  drag,  for  ex¬ 
ample 

+1 

‘^L  =  ^  J[  y(h)cos(a^-a^^)- 

(7) 

-  5  (n)  sin  (a^  -  /  VJ  dy) 

with  8  =  Cd  L  Vgf/  (4s  V,J  being  related  to  the  drag. 

Now,  all  results  of  the  last  iteration  are  available  for 
output,  including  the  chordwise  pressure  distribu¬ 
tions  at  the  wing  sections. 

At  the  end  it  may  be  mentioned,  that  the  inviscid  lift¬ 
ing  surface  method  gives  good  first  approximations 
to  Y  and  p.  only  for  low  wing  incidence  Ug.  The  com¬ 
puting  time  per  case  can  be  reduced  considerably  if 
the  computation  is  done  for  a  whole  series  of  a^-val- 
ues,  starting  with  a  moderate  (Xg,  increasing  ag  step¬ 
wise  and  using  always  the  converged  y  and  p.  of  the 
previous  Og  as  first  approximation  for  the  next  one. 
Thus  all  the  preliminary  calculations  have  to  be  car¬ 
ried  out  only  once  and  there  arc  always  reasonable 
first  approximations. 


Fig.  7  Effect  of  damping  factor  on  con' 
vergence  history 


Part  span  Fowler  flop  configuration.  =  40* 
No  of  input  stotions  8,  domping lector  0  25 
M.  =0  2  ,  Re  =2  2»10‘  ag=8*-d>- 


M  — 

Fig.  8  Effect  of  number  of  “Truckenbrodt- 


stations”M  on  converged  values  of 
cl>  cd-  Cm- 


3.  SOME  RESULTS 


Before  trying  to  validate  the  method  by  comparing 
computed  and  experimental  results,  some  computa¬ 
tional  studies  were  carried  out  to  see  how  conver¬ 
gence  and  final  results  are  affected  by  the  choice  of 
various  parameters. 

For  the  wing  configuration  of  fig.  6  the  effect  of 
damping  factor  f  on  convergence  history  has  been 
shown  in  fig.  7.  The  effect  of  the  chosen  number  of 
‘Truckenbrodt-stations”  M  on  the  final  force  coeffi¬ 
cients  of  the  wing  is  demonstrated  in  figure  8.  From 
these  and  other  examples  we  found  that  f  =  0.25  and 
M  >  40  can  be  recommended. 


Next,  figure  9  shows  that  the  final  results  can  be 
somewhat  affected  by  the  choice  of  the  input  sta¬ 
tions.  With  stations  No.  4  and  5  being  positioned 
nearer  to  the  geometric  discontinuity  (flap  tip  at  rj  = 
0.50),  the  y-distribution  drops  more  sharply  and  the 
total  lift  coefficient  Cl  is  slightly  reduced.  Recom¬ 
mendations  for  favourable  positions  of  the  input  sta¬ 
tions  can  be  given  only  after  comparing  with 
experimental  distributions,  carefully  measured  es¬ 
pecially  in  the  vicinity  of  geometric  discontinuities. - 
The  preliminary  tests  with  the  wing  of  fig.  6  are 
concluded  by  comparing  our  results  for  a  low  flap 
deflection  and  a  low  incidence  with  the  results  of  an 
inviscid  vortex  lattice  method  (ref.  18).  Figure  10 
contains  the  y-curves  and  the  values  of  the  total  lift 
coefficient  cl-  As  expected,  our  viscous  method 
gives  somewhat  reduced  lift. 


Pof!  spon  Fowler  flop  configuration .  5j  =20" 

M.=0  2  .  Re  =  2  2.10\0(g=  8“,M  =  47 


input  resulting 
stotion  Cl 
posil 


— No,  on<j  position  of  input  static 
So  5b  tb  4o  3 


Fig.  9  Variation  of  spanwise  y-distribution  with  altered  positions  of  the  input  stations. 


Part  span  Fowler  (lap  conliguration,  6i  =  10° 
VL=0.2.ag  =  4» 

- 9 -  vortex  lattice  method,  inviscid;  Cl  =  1.025 

--  -o - present  method  with  Re  =  2.2  x  10^  C)_  =■  0.950 


Fig.  10  Comparison  of  spanwise  y-distributions,  computed  by  inviscid  vortex  lattice  method 
and  present  viscous  method. 
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The  first  comparisons  of  theoretical  results  with  ex¬ 
periments  were  carried  out  for  the  simplest  case,  a 
clean  rectangular  wing  of  aspect  ratio  3. 1 ,  shown  in 
figure  11.  For  this  wing  detailed  measurements  are 
available  in  ref.  19,  including  high  angles  of  attack 
with  partial  flow  separation.  The  measured  pressure 
distributions  compare  fairly  well  with  the  results  of 
the  “advanced  method”,  which  contains  the  calcula¬ 
tions  with  curved  basic  flow.  The  curved  flow  effect 


Fig.  1 1  Pressure  distributions  at  different 
stations  of  a  rectangular  wing  with 
aspect  ratio  A  =  3.1. 


is  most  important  at  wing  regions  wiili  a  strong 
spanwise  lift  gradient. 

fieure  12  the  lift  characieri.stics  are  shown  for  the 
airfoil  section  (A  oo  )  and  for  the  wing  (A  =  3. 1 ) 
with  and  without  ground  effect  (h£/L  =  0.33  resp. 
°o).  In  all  cases  theory  and  experiment  compare 
well,  including  maximum  lift.  Finally,  in  figure  13 
the  ground  effect  was  investigated  in  more  detail 
Besides  fair  prediction  of  all  aerodynamic  charac¬ 
teristics,  it  may  be  noteworthy  tltat  the  maximum  lift 
is  lowest  at  the  medium  ground  distance  /  L  = 
0.99.  This  “hight  instability  of  lift”  is  indicated  by 
theory  and  experiment  as  well. 

Rectongulor  wing,  section  NACA  4C15 
Re  =  21x10®  Ma..  =  0.17 


—  pr«s«rif  theory 

o  NACA  Rep.  B24  (erlropol ) 

o  experiments  IrofnOFVLR  •  iB  222  -82  A 10 
^  OFVLR- P8  01-12 

Fig,  12  Lift  characteristic  from  theory  and 
experiment  for  airfoil  section  (1)  and 
for  the  rectangular  wing  without  and 
with  ground  effect  (2),  (3). 


Reclongylor  w»ng.  A.»31.  sectior^  NACA 4415 
ReWI-KJ*.  Mo.  *017 


Present  theory 

o  <  ♦  experiments  iirpm  Of  vi*  •  IB  i»-i?  *»oi 


Fig.  1 3  Total  lift,  drag  and  pitching  moment  coefficients  of  the  rectangular  wing  for  three 
different  ground  distances  hp  /  L. 


Next,  a  rectangular  wing  of  aspect  ratio  6  equipped 
with  full  span  leading  and  trailing  edge  flaps  is 
shown  in  figure  14.  For  this  configuration  measured 
pressure  distributions  at  section  A-A  are  available  in 
ref.  20  and  compared  with  our  theoretical  results  for 
a  low  and  a  high  wing  incidence  Og,  At  otg  =  6° 
the  results  for  2-d  flow  are  also  shown,  and  the  effect 
of  the  finiteness  of  the  wing  can  well  be  seen. 

The  results  of  experiment  and  present  method  com¬ 
pare  fairiy  well,  except  for  the  region  below  the  slat 


and  the  main  element  nose  at  Ug  =  6°.  There  is  prob 
ably  a  large  separation  bubble  which  was  not  mod¬ 
elled  properly.  At  the  high  a^=  18°  there  is  very 
good  agreement  in  this  region,  probably  due  to  dis¬ 
appearance  of  the  bubble.  Also  the  separation  on  the 
flap  Gevel  and  extension  of  constant  pressure)  is 
well  predicted.  The  pressure  differences  on  the  rear 
part  of  the  main  element  upper  side  might  partly  be 
due  to  geometrical  differences. 


Fig.  14  Geometry  of  a  3-compotient  rectangular  wing  and  pressure  distributions  at  section  A-A  for 
a  low  and  a  hi^  wing  incidence  Og. 
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Next,  a  swept  wing  with  28°  sweep  and  a  constant 
3-element  section,  is  shown  in  figure  IS.  and  the 
computed  wing  lift  coefficients  Cl  are  compared 
with  measurements.  Here  we  found  that  the  agree¬ 
ment  can  be  improved,  if  the  trailing  vortices  in  the 
lifting  surface  theory  are  turned  upward  by  0£g/2. 
(This  has  been  done  approximately  by  just  rotating 
the  induced  velocity  vectors  w*  and  w**  counter¬ 
clockwise  by  ag/2.) 

The  computations  do  not  yet  include  an  infinite 
swept  wing  correction  for  the  pressure  distributions. 
Nevertheless,  for  wing  incidences  up  to  about  25° 
the  lift  of  this  3-component  swept  wing  is  fairly  well 
predicted.  For  comparison  the  computed  lift  for  the 
unswept  wing  is  also  shown. 


For  more  general  and  more  realistic  wings  with 
taper  and  part  ..pan  Raps  no  proper  measuieniciiLs 
were  available  to  the  autnor.  So  only  computed  re¬ 
sults  are  shown  in  figure  16  for  an  almost  realistic 
wing  landing  configuration  with  full  span  slat  and 
75%  span  Fowler  flap.  The  converged  results  were 
obtained  with  7  iteratiens  and  they  look  reasonable. 
The  spanwise  lift  distribution  drops  near  the  flap  tip 
and  the  pressure  distributions  show  seme  separation 
on  the  flap  and  on  the  outer  wing  near  the  flap  tip 
(station  No.  3).  Given  on  the  figure  are  also  the  total 
wing  force  coefficients  and  the  computing  time  re¬ 
quirement 

On  an  IBM  3090  computer  about  4  minutes  CP' 
time  w.'re  needed  for  this  case,  and  in  the  previous 
example  (fig.  15)  an  average  of  about  2.5  minutes 
was  needed  per  wing  incidence. 


I 


3-componen 
swept  wing 
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t 


3-component  general  wing 

Landing  configuration  of  o  wing  wnh 
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distributions 
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Wing  geometry  Spanwise 

1  -distribution 


Total  lift-drag-and  moment-cootticient : 
Cl  =2.25'.  Co  =  Q2i7,  C„o-- -0.626 
CPU-time  on  CRAY(X-MP216)  180 sec. 


slotion 


Fig.  16  Geometry  of  a  3-componcnt  general  wing  and  some  results  obtained  with  the  present  method. 


4.  CONCLUSIONS 

A  relatively  fast  and  simple  method  for  approxi¬ 
mately  predicting  the  subsonic  steady  viscous  flow 
around  wings  of  moderate  to  high  aspect  ratio  has 
been  presented.  The  total  iterative  procedure  com¬ 
bines  a  3-d  inviscid  lifting  surface  method  with  2-d 
viscous  flow  calculations  for  the  wing  sections  (air¬ 
foils  in  curved  basic  flow  fields).  Essential  high-lift 
flow  features,  e.g.  complex  geometry  and  viscosity 
effects  including  separation  and  also  ground  effects 
arc  taken  into  account. 

After  successful  tests  for  clean  wings  at  high  angles 
of  attack,  the  method  has  been  extended  and  applied 
to  various  multi-component  wings.  The  computa¬ 
tions  converged,  the  computing  time  requirements 
arc  modest  and  the  results  look  reasonable.  Very  few 
proper  experiments  for  multi-component  wings 


were  available  to  the  author  for  theory-experiment 
comparison.  Tlic  few  presented  results  are  encour¬ 
aging  but  not  sufficient  for  thorough  validation  of 
the  method.  Further  validation  is  required. 

Certainly  the  method  is  restricted  to  wings  of  mode¬ 
rate  to  high  aspect  ratio  and  low  to  moderate  sweep. 
For  such  wings  the  proposed  way  of  coupling  fast 
2-d  and  3-d  methods  seems  to  by  very  useful. 
Present  limitations  with  respect  to  wing  incidence 
and  Mach  number  originate  mainly  in  the  2-d  meth¬ 
od,  presently  applied.  To  extend  the  scope  of  the  to¬ 
tal  method  and  increase  the  accuracy,  it  may  be 
helpful  to  use  a  more  advanced  2-d  multi-element 
airfoil  method,  containing  e.g. 

-  refined  models  for  the  open  wakes  (e.g.  ref.  21 )  and 
for  the  closed  bubbles, 

-  allowance  for  possible  wake-boundary  layer  con¬ 
fluence. 
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'  more  accurate  treatment  of  compressibility  near 
suction  peaks. 

Moreover,  the  total  method  might  be  improved,  for 
example,  by  using, 

-  infinite  swept  wing  corrections  for  the  local  pres¬ 
sure  distributions, 

-  a  more  sophisticated  model  for  the  curved  basic 
flow, 

-  more  careful  treatment  of  the  wing  regions  in  the 
vicinity  of  geometric  discontinuities. 

Despite  of  the  mentioned  restrictions  the  author  is 
hoping,  that  the  presented  method  -or  it’s  next  im¬ 
proved  version-will  become  a  helpful  tool  to  engi¬ 
neers  for  the  design  of  high-lift  wing  configurations. 
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SUMHARY 

A  calculation  method  based  on  an  inter¬ 
active  boundary-layer  approach  to  multi¬ 
element  airfoils  and  wings  is  described. 

For  two-dimensional  flows,  the  method  is 
applied  to  three  types  of  airfoil  configu¬ 
rations  with  and  without  flap  wells  in 
order  to  demonstrate  its  applicability  and 
accuracy  to  general  high-lift  configura¬ 
tions.  This  method,  extensively  tested  for 
single  airfoils  as  a  function  of  shape, 
angle  of  attack,  and  Reynolds  number,  is 
shown  here  to  apply  equally  well  to  multi¬ 
element  airfoils.  The  calculation  method 
is  also  applied  to  a  wing  and  wing/flap 
configuration  in  order  to  demonstrate  its 
promise  for  addressing  three-dimensional 
flows.  Preliminary  results  indicate  that 
with  further  development,  the  method,  as  for 
multielement  airfoils,  will  also  become  a 
practical,  accurate  and  efficient  tool  for 
multielement  wings. 


1.  INTRODUCTION 

In  recent  years,  there  has  been  a  renewed 
interest  to  design  more  efficient  and  eas¬ 
ier  to  build  high-lift  systems.  Primary 
objectives  are  lower  cost  and  lower  drag, 
which  lead  to  lower  noise.  Extensive 
measurements  have  been  reported  for  this 
goal  by  Nakayama^,  Alemdaroglu,  summarized 
by  Nakayama^,  and  Valarezo  et  al.^'^  The 
data  of  Nakayama  are  for  a  three-element 
airfoil  with  a  leading-edge  slat  and  for  a 
single-segment  flap:  these  data  were 
obtained  at  NASA  Langley's  Low  Turbulence 
Pressure  Tunnel  (LTPT).  Those  of 
Alemdaroglu  are  essentially  for  the  same 
but  smaller  model  and  were  obtained  at  the 
low-speed  wind  tunnel  of  California  State 
University,  Long  Beach.  The  data  of 
Valarezo  et  al.  were  also  obtained  at  NASA 
Langley's  LTPT  and  correspond  to  measure¬ 
ments  at  high  Reynolds  numbers.  These 
data  add  to  the  previously  obtained  data 
on  multielement  airfoils  by  van  den  Berg^, 
van  den  Berg  and  Oskam^,  Oskam  et  al.^, 
Omar  et  al.®-^  and  Olson  and  Orloff^®  and 
allow  the  development  and  validation  of 
computet  programs  to  analyze  high-lift 
systems . 

Several  airfoil-analysis  and  design  algo¬ 
rithms  have  been  developed  in  the  past 
decade  and  have  been  based  on  one  of  two 
approaches,  either  as  numerical  solutions 
of  the  Reynolds-averaged  Navier-Stokes 
equations  or  as  interaction  between  invis- 
cid  and  boundary-layer  equations. The 
former  approach  involves  the  numerical 
solution  of  elliptic  equations  so  that 
information  travels  in  all  directions 
through  pressure,  velocity  and  viscous  and 
turbulent  stress  gradients.  As  a  result, 
the  solution  method  requires  simultaneous 
calculation  of  the  pressure,  velocity 
components,  and  stress  tensor  throughout 
the  flowfield  and  this,  in  turn,  implies  a 
trade-off  between  accuracy  and  cost.  This 


limitation  is  a  function  of  computers  and 
programming  methods  and  these  are  likely 
to  improve  with  time  so  that  solutions  of 
the  Navier-Stokes  equations,  with  proper 
consideration  of  momentum  conservation  in 
two  Jli:ections  together  with  longitudinal 
diffusion,  ace  likely  to  be  a  major  compo¬ 
nent  of  design  methods  of  the  future.  The 
combination  of  the  largest  main-frame  com¬ 
puters  and  structured  and  unstructured  and 
multigrid  techniques  has  already  been  shown 
to  be  very  powerful  as,  for  example,  by 
Mavriplis^^,  Rogers  et  al.^^.  Barth. and 
as  we  shall  see,  in  the  papers  to  be  pre¬ 
sented  in  this  meeting. 

Regardless  of  which  approach  is  used  Co 
solve  the  conservation  equations,  one  must 
calculate  the  onset  of  transition  in  the 
development  of  the  design  algorithm  so 
that  the  effects  of  wind  tunnel  and  flight 
Reynolds  numbers  can  be  properly  identi¬ 
fied.  As  we  shall  see  later,  the  compo¬ 
nents  of  the  multielement  airfoils  at  wind 
tunnel  Reynolds  numbers  can  have  relatively 
lower  Reynolds  numbers  than  that  of  the 
main  airfoil.  At  chord  Reynolds  numbers 
less  than  500.000,  the  components  can  have 
large  separation  bubbles,  with  the  onset 
of  transition  occurring  inside  the  separa¬ 
tion  bubble.  As  a  result,  their  behavior 
can  be  significantly  different  than  the 
main  airfoil  at  higher  Reynolds  numbers. 

For  this  reason,  an  accurate  calculation 
procedure  not  only  requires  the  solution 
of  the  conservation  equations  by  either 
approach,  but  also  requires  the  prediction 
of  transition,  modelling  the  transitional 
turbulent  flow,  which  is  different  than  the 
flow  at  high  Reynolds  numbers. 

The  approach  to  be  described  in  this  paper 
is  based  on  the  solutions  of  inviscid  and 
boundary-layer  equations  with  the  onset  of 
transition  computed  with  the  e"-method 
based  on  linear  stability  theory:  this 
method  has  been  tested  extensively  for 
single-element  airfoils,  as  described  for 
example  by  Cebeci  et  al.^®’^®.  and  by 
Cebeci.^^  These  studies  have  shown  that 
the  flows  around  a  number  of  airfoil  geom¬ 
etries.  with  angles  of  attack  up  to  and 
beyond  that  of  stall,  and  including  regions 
of  extensive  separated  flow,  can  be  repre¬ 
sented  accurately  and  with  low  cost  for 
both  high  and  low  Reynolds  numbers. 

The  present  paper  is  concerned  with  the 
extension  of  this  method  to  multielement 
airfoils  and  wings  with  and  without  flap 
wells.  The  following  section.  Section  2, 
describes  the  calculation  method  for  two- 
dimensional  flows  to  obtain  the  results  of 
Section  4.  The  calculation  method  for 
three-dimensional  flows  is  described  in 
Section  3  with  results  presented  in  Section 
5.  The  paper  ends  with  a  summary  of  the 
main  conclusions  and  a  statement  of  the 
further  steps  to  be  taken  toward  the  pro¬ 
vision  of  a  general  method  for  calculating 
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■ultielement  airfoils  and  wings  at  high 
lift. 


2.  CALCULATION  METHOD:  TWO-DIMBNSI<MIAL 
PLOWS 

The  calculation  method  for  two-dimensional 
flows  uses  the  panel  method  of  Hess  and 
Smith^®  and  a  solution  of  the  boundary- 
layer  equations  in  which  the  turbulence 
model  is  given  by  the  algebraic  eddy  vis¬ 
cosity  (tig)  formulation  of  Cebeci  and 
Smith.  With  b  denoting  1  +  e^/\>,  the 
continuity  and  momentum  equations  can  be 
written  as 


au  av 
ax  *  ay 


0 


(1) 


. 

e  dx 


ay> 


(2) 


=  (S*)"  [1+0  -  1)]  (6) 

el 

is  used  in  the  inverse  method  to  replace 
the  Hilbert  integral  formulation  of  the 
external  boundary  condition.  The  new  edge 
boundary  conditions  are  given  by  Eg.  (3b) 
and  Eg.  (6),  where  u^y  and  u^i  correspond 
to  the  external  velocities  computed  by  the 
boundary  layer  and  inviscid  methods, 
respectively,  and  o  is  a  relaxation 
parameter.  At  the  end  of  the  flap-well 
region,  the  solution  procedure  reverts  to 
the  Hilbert-integral  approach. 

2.2  Turbulence  Model 

The  turbulence  model  used  to  represent  the 
flow  on  the  airfoil  is  expressed  in  terms 
of  the  Cebeci  and  Smith  eddy-viscosity 
formulation. 


In  the  absence  of  mass  transfer,  the 
boundary  conditions  on  the  airfoil  are: 

u»v»0,  y-0  {3a) 

u  -♦  UgCx) ,  y  -*  o»  (3b) 


(£  ).=  {0.4y[l 

ni  1 


exp 


3u 

ay 
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tr 


0  <  y  <  Yc 


and  in  the  wake,  where  a  dividing  line  at 
y  »  0  is  required  to  separate  the  upper  and 
lower  parts  of  the  inviscid  flow,  and  in 
the  absence  of  the  normal  pressure  gradi¬ 
ent,  they  are: 


{r_).  =  a. 

n  o 


I  (u^  -  u)dy 


Yc  i  y  i  a 


(7b) 


y  +®,  u  -*  Ue(x):  y  »  0,  V  =.  0  (4) 

2.1  Interaction  Law 

To  perform  the  calculations  for  flows  with 
separation,  an  inverse  procedure  is  used 
and  the  external  velocity  is  computed  as 
part  of  the  solution.  According  to  the 
formulation  discussed  in  Ref.  IS,  the  edge 
boundary  condition  is  written  as 


where  a  is  a  constant  assumed  to  be  0.0168 
and 


A  =  26uu"^, 


,  1/2 
(-) 

'p'max 
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1 _ 

1  +  5.5(y/6)® 


(8a) 


Ug(x)  =  h°(x)  *  6Ug(x)  (5a) 

where  is  computed  from  the  Hilbert 

integral 


4Ug(x) 
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(u^8») 


do 

X  -  o 


(5b) 


This  inverse  boundary- layer  formulation  is 
appropriate  to  airfoils  and  to  those  parts 
of  airfoils  without  surface  discontinu¬ 
ities  such  as  flap  wells.  Where  flap 
wells  occur,  a  different  formulation  of 
the  inverse  procedure  is  required,  and 
that  used  here  is  described  below. 


The  calculation  of  the  flow  in  the  flap- 
well  region  is  similar  to  that  over  a 
backward-facing  step.  A  large  portion  of 
the  flow  separatee  immediately  after  the 
sudden  change  of  the  geometry,  and  the  size 
of  the  reversed-f low  region  depends  mainly 
on  the  step  height,  on  the  gap,  and  the 
overhang.  The  flow  reattaches  and  gradu¬ 
ally  recovers  downstream  in  the  flap-well 
region  or  in  the  wake.  The  calculation  of 
flows  of  this  kind  is  difficult,  and  poten¬ 
tial  theory  is  not  adequate  because  of  the 
singularity  that  occurs  at  the  geometry 
discontinuity  and  the  strong  viscous 
effects  in  the  separated  flowfield.  Thus, 
an  initial  distribution  of  displacement 
thickness  is  assumed,  and  the  relaxation 
formula 


The  condition  used  to  define  y^.  is  the 
continuity  of  the  eddy  viscosity  so  that 
Eg.  (7a)  is  applied  from  the  wall  outward 
(inner  region)  until  its  value  is  equal  to 
that  given  for  the  outer  region  by  Eg. 

(7b).  The  expression  represents  the 
transition  region  and  is  given  by 

*  dx 

Y^j  -  1  -  exp[G(x  -  S  (8b) 

e 


Here  x^.^  is  the  location  of  the  beginning 
of  transition  and  G  is  defined  by 


(8c) 


where  C  is  60  for  attached  flows  and  the 

transition  Reynolds  number  R».  »  (u  x/\>)^  . 

*tr  e  tr 

In  the  flap-well  region,  the  above  formulas 
ace  modified  so  that 


-(X-X  )/\L 

e  ) 

(9) 


Here  denotes  the  eddy  viscosity  cor¬ 

responding  to  the  velocity  profile  above 
the  separated  region,  and  includes 

the  total  region  from  the  wall.  The  expres¬ 
sions  for  and  £4®")  are  given  by: 
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-(y-y„)/A  2, 


{0.4{y  -  yg)[l  -  e 


a  /  (1  -  — )dy 

y  ^  ® 


It7htr 


0  <  y  <  y_ 


are  obtained  for  given  velocity  profiles  u 
and  u"  and  for  a  set  of  specified  dimen¬ 
sional  frequencies  o* .  Amplification  rates 
aj  ate  then  computed  as  a  function  of  x, 
and  for  each  frequency  the  value  of  n  is 
obtained  from  the  integral 


n  =  -  J  a^dx 

*0 


<  y  <  s 


-y/A  2 


{0.4y  [1  -  e  ])  ^  Y,, 


for  y  >  0 


0  e 


where  yp  is  Che  location  of  u  ^  0,  X  is  a 
relaxation  parameter  (usually  around  10),  L 
is  a  characteristic  length,  and  Xq  is  the 
beginning  of  the  flap-well. 

The  corresponding  expressions  in  the  wake 
are : 

^m  “  ^  'm^w  *  ^  ^  *'m^t  .e  . 

(X  -  x  ) 

■  ^‘m^w^  ****  ^  206  ^  (11) 

where  (cn)t.e.  is  the  eddy  viscosity  at 
the  trailing  edge  computed  from  Eqs.  (4.7) 
and  (4.10)  and  (Cp)y  is  the  eddy  viscosity 
in  the  far  wake  given  by  the  larger  of 

y 


Transition  is  obtained  from  the  resulting 
curves  corresponding  to  the  maximum  ampli¬ 
fication  factor  by  assuming  a  value  of  n, 
commonly  taken  to  be  between  8  and  10. 

2.4  Solution  Procedure 
A  brief  description  of  the  solution  pro¬ 
cedure  used  in  this  method  is  as  follows. 
The  panel  method  provides  an  external  vel¬ 
ocity  distribution  based  on  a  body  shape 
in  which  the  flap-well  region  is  assumed 
to  be  absent  and  identifies  the  stagnation 
point.  The  interactive  boundary- layer 
approach  leads  to  solutions  on  the  upper 
surface  from  the  stagnation  point  through 
the  regions  of  laminar,  transitional  and 
turbulent  flow  to  the  trailing  edge. 
Similarly,  it  provides  results  for  the 
lower  surface  up  to  the  beginning  of  the 
flap-well.  A  displacement  thickness  dis¬ 
tribution.  &*(x),  is  assumed  in  the  flap 
well  and,  with  the  continuation  method 
described  in  Ref.  24  and  with  the  initial 
velocity  profile  similar  to  that  of  a 
backward-facing  step,  calculations  proceed 
to  the  trailing  edge.  With  the  upper  and 
lower  surface  velocity  profiles  computed  at 
the  trailing  edge,  the  calculations  are 
extended  into  t})e  wake.  As  a  consequence 
of  the  above,  a  blowing  velocity  is  avail¬ 
able  on  the  airfoil  and  in  the  wake.  In 
the  flap-well  region,  the  blowing  velocity 
Vp  is  defined  by 

%  =  k  'VJ 


*  0.064  /  (u„  -  u)dy  (121 

m  w  e 

^min 

with  ynin  denoting  the  location  where  the 
velocity  is  a  minimum. 


where  5^  =  6*  -  6^.  Here  6^  corresponds  to 
the  body  shape  assumed  to  exist  over  the 
flap-well.  Elsewhere,  the  blowing  velocity 
is  given  by 

’'n  =  k  <"e*‘> 


2.3  Transition  Method  With  the  blowing  velocity  distribution 

For  two-dimensional  high  Reynolds  number  known,  a  new  distribution  of  external  vel- 

flows,  the  onset  of  transition  can  con-  ocity  Uei(x)  is  obtained  from  the  panel 

veniently  be  calculated  from  the  formula  method.  As  before,  the  boundary-layer 

given  by  Michel^®  solutions  on  the  upper  and  lower  surfaces 

of  the  airfoil  are  obtained  with  the 

R„  =  1.174  (1  +  ‘  R°’^®  (13)  Hilbert  integral.  In  the  flap-well,  with 

”  "x  *  Uoy  known  from  the  previous  flap-well  calc¬ 

ulation,  a  new  i*-dietcibution  is  available 
where  Re  =■  Uge/v  and  Rx  -  UeX/u.  For  low  from  Eg.  (6).  which  is  used  to  obtain  solu- 

Reynolds  number  flows.  Eg.  (13)  is  not  tions  up  to  the  trailing  edge.  This 

appropriate  and  it  is  necessary  to  use  the  sequence  of  calculations  is  repeated  for 

e“-method.  This  method,  first  suggested  the  whole  flowtield  until  convergence  is 

by  Smith  and  Gamberoni^i  and  Van  Ingen22.  achieved.  Additional  details  are  provided 

is  based  on  the  linear  stability  theory  and  in  Ref.  23. 

can  also  be  used  for  high  Reynolds  number 

flows  as  well  as  three-dimensional  flows,  3.  CALCULATION  METHOD:  THRBB-DIMENSI^IAL 

as  we  shall  discuss  later  in  the  paper.  WINGS 

According  to  this  method,  for  two-  The  extension  of  the  method  of  the  previous 

dimensional  flows  the  solutions  of  the  section  to  three-dimensional  flows  has  the 

Orr-SommerCeld  equation,  ingredients  shown  in  Fig.  1.  The  purpose 

,  2  interface  program  placed  between  the 

_  2a^^“  +  -  iR(au  -  u)  (d>'‘  -  o^0)  inviscid  and  three-dimensional  inverse 

boundary- layer  methods  is  to  process  the 
+  iRau"qi  -  0  (14)  geometry  and  inviscid  velocity  data  for 
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Fig.  1.  The  interactive  boundary- layer 
method . 

input  to  the  boundary- layer  program.  The 
basic  input  to  this  program  is  the  defini¬ 
tion  of  the  wing  configuration  which  is 
used  by  a  geometry  subroutine  to  construct 
a  nonorthogonal  coordinate  system  and  com¬ 
pute  the  associated  geometrical  parameters, 
which  consist  of  geodesic  curvatures  and 
metric  coefficients  needed  in  the  boundary- 
layer  calculations.  Some  of  the  generated 
data  are  used  later  in  a  velocity  sub¬ 
routine  to  determine  the  inviscid  velocity 
components  at  the  boundary- layer  grid 
points  and  to  transform  the  inviscid  vel¬ 
ocity  components  on  the  surface,  calculated 
in  a  Cartesian  coordinate  system,  into  the 
boundary-layer  coordinate  system.  This 
operation  consists  of  dot  products  of  vel¬ 
ocity  vectors  as  well  as  chordwise  and 
spanwise  interpolation.  Further  velocity 
and  geometry  data  processing  is  done  in  a 
subroutine  which  separates  the  generated 
information  into  upper  and  lower  surfaces 
of  the  wing  for  boundary-layer  calculations 

3.1  Inviscid  Method 

The  inviscid  flow  is  computed  by  the  Hess 
surface-source  panel  method,  which  is 
applicable  to  a  complete  airplane  configu¬ 
ration.  In  this  method  a  general  body  is 
represented  by  means  of  a  set  of  quadri¬ 
lateral  panels  as  shown  in  Fig.  2.  A 
three-dimensional  configuration  in  general 
consists  of  lifting  sections,  such  as  a 
wing  or  pylon,  for  which  there  is  a  well- 
defined  trailing  edge  and  nonlifting  sec¬ 
tions  such  as  fuselage.  Under  the  Hess 
formulation,  all  panels  are  assigned  an 
independent  source  distribution,  while 
those  on  a  lifting  section  are  assumed  to 
carry  a  bound  vorticity  distribution.  The 
variation  of  this  bound  vorticity  in  the 
streamwise  direction  is  assumed,  while  its 
variation  in  the  spanwise  direction  is 
adjusted  to  satisfy  the  Kutta  condition  at 
the  trailing  edge.  The  complete  solution 


for  a  prescribed  flow  condition  is,  there¬ 
fore,  obtained  by  simultaneously  satisfying 
a  condition  of  zero  normal  velocity  at  a 
control  point  on  each  panel  of  the  body 
together  with  a  Kutta  condition  at  each 
trai ling-edge  panel. 

The  nature  of  the  Kutta  condition  adopted 
by  the  many  panel  methods  that  are  cur¬ 
rently  available  varies  greatly.  While  the 
condition  adopted  by  Hess  assumed  equal 
upper  and  lower  surface  pressures  at  the 
trailing  edge,  other  methods  maKe  use  of 
other  derived  conditions  which  do  not 
guarantee  a  pressure  match  at  the  trailing 
edge.  Since  we  ace  also  interested  in  the 
computation  of  inviscid  flows  with  viscous 
effects,  and  since  the  behavior  of  the 
boundary-layer  at  the  trailing  edge  can 
have  a  significant  effect  on  the  overall 
solution,  the  approach  adopted  here  is 
mote  realistic  and  blends  in  well  with  the 
previous  studies  on  two-dimensional  flows 
employing  interaction  procedures. 

3.2  Inverse  Boundary-Layer  Method 
Viscous  flow  calculations  are  performed  by 
solving  the  three-dimensional  boundary 
layer  equations  in  the  inverse  form.  These 
equations  for  a  nonorthogonal  coordinate 
system  with  the  eddy-viscosity  concept 
are^^ 

1^  {uh^  sin0)  +  1^  (wh^  sine) 

+  (vhj^h2  sine)  =  0  (18) 

,  w  eu  eu 

hj^  ax  h^  az  ay 

-  cote  ♦  K^w^  cosece  + 


u  aw  w  aw  aw 

hj^  ax  h^  az  ay 

-  K^w^cote  +  Kj^u^cosecO  +  K^j^uw 


where  x  denotes  the  axial  direction,  z  the 
spanwise  direction,  and  y  is  normal  to  the 
surface.  Here  h  denotes  the  metric  coef¬ 
ficients,  K  the  curvature  parameters,  and 
e  the  angle  between  the  coordinate  lines 
X  >  const,  and  z  >  const. 


The  above  equations,  together  with  those 
for  the  plane  of  symmetry  and  along  the 
chordwise  direction,  are  solved  by  Keller's 
two-point  finite-difference  method  (box 
scheme)  subject  to  the  following  boundary 
conditions 


u»0.  v»0,  w»0  (21a) 


*  Ug(x,z),  w  .  Wg(x.z)  {21b) 


Fig.  2.  Ming/body  configuration. 
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To  account  for  flow  separation,  as  in  two- 
dimensional  flows,  a  form  of  the  interac¬ 
tion  law  of  Veldman^^  is  used  by  modifying 
the  two-dimensional  interaction  formula 
given  by  Eg.  (5)  to  account  for  the  inter¬ 
action  in  the  x-  and  z-directions  in  three 
steps.  In  step  one.  an  initial  displace¬ 
ment  surface  is  generated  by  solving  a 
guasi-three-dimensional  form  of  Bgs.  (18) 
to  (20)  with  all  derivatives  with  respect 
to  z  neglected,  that  is, 

(uh2Sine)  +  1^  (vhj^hj  sinO)  »  0  (22) 

u  3u 
hj^  3x 


V  -  Kj^u^cotG  +  K^w^cosecG 


cosec^G  3d  3  ..  3u, 

•'l'*''  -  '  ~7hT  “  37  *  "  37  37^ 

(23) 
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where  y  is  the  angle  the  wave  makes  with 
the  x-axis.  With  a  and  6  connected  through 
Eg.  (26),  and  with  the  disturbance  propa¬ 
gating  along  the  way  given  by  the  two  terms 
on  the  right-hand  side  of  Eg.  (26),  the 
disturbances  are  damped  if  the  amplifica¬ 
tion  rate  defined  by 


r 


®i  ^e^u.R 


(27) 


is  >  0,  neutral  if  T  =  0  and  amplified  when 
r  <  0.  Once  a  and  6  are  computed  with  the 
constraints  of  Eg.  (26),  the  amplification 
rate  P  is  obtained  from  Eg.  (27);  addi¬ 
tional  calculations  are  then  made  for  dif¬ 
ferent  values  of  3a/d6  so  that  new  values 
of  a  and  6  are  calculated  to  determine  the 
maximum  value  of  P. 


K^w^cotG  +  Kj^u^cosecG 

cotGcosecG  3p  ..  3  3w» 

ph,  3x  3y  3y' 

(24) 

with  the  external  velocity  distribution 
u§(x)  obtained  from  the  panel  method.  The 
second  step  involves  interaction  between 
the  inviscid  flow  eguations  and  the  guasi- 
three-dimensional  flow  eguations.  As  in 
two-dimensional  flows,  the  solutions  of  the 
boundary- layer  eguations  ace  used  to  com¬ 
pute  distributions  of  blowing  velocity  on 
the  surface  and  these  allow  the  inviscid 
flow  solutions  to  be  updated.  In  step 
three,  after  the  calculation  of  the  initial 
conditions  in  the  (y,z)  and  (x,y)  planes, 
the  fully  three-dimensional  boundary-layer 
eguations  ace  solved  with  the  external 
velocity  components  resulting  from  step 
two.  As  before,  the  spanwise  velocity 
component  is  assumed  to  correspond  to  its 
inviscid  value.  The  viscous  flow  solutions 
ace  obtained  by  marching  in  the  spanwise 
direction  at  each  advancing  chordwise  loca¬ 
tion.  This  represents  the  first  phase  in 
an  interactive  loop  which  involves  the 
fully  three-dimensional  boundary- layer 
eguations.  In  the  subseguent  phases,  as 
before,  the  blowing  velocity  distribution 
is  used  to  obtain  improved  inviscid  flow 
solutions  so  that  the  fully  three- 
dimensional  boundary-layer  eguations  can 
be  solved  in  accordance  with  the  iteration 
scheme  shown  in  Fig.  1. 

3.3  Transition  Method 

We  again  use  the  e'^-method  and  solve  the 
Orr-Sommerf eld  eguation.  which  for  three- 
dimensional  flows  is  given  by 

-  2(a^  +  e^)<J)  +  (a^  + 

-  iR(ou  +  ew  -  o)[d>"  -  (a^  +  6^)<t>] 

+  iR(ou"  +  6w”)<t>  »  0  (25) 

Here  a  and  6  denote  the  dimensionless  wave 
numbers  in  the  x-  and  z-dicections  and  u 
the  radian  freguency.  Our  eigenvalue  pro¬ 
cedure  differs  from  those  used  by  Malik^^ 
and  Mack^°.  It  is  based  on  the  saddle- 
point  method  of  Cebeci  and  Stewartson^^ , 
which,  unlike  the  approaches  of  Malik  and 
Mack,  does  not  assume  a  relationship 
between  the  two  wave  numbers  a  and  6  but 
computes  it  from  the  ceguirement  that  3a/36 
is  real.  According  to  this  ceguirement, 
the  wave  orientation  and  growth  direction 
of  the  disturbance  ace  given  by 


This  method  has  been  evaluated  in  terms  of 
measurements  reported  for  the  flow  around 
a  swept  wing  eguipped  with  a  cambered 
leading  edge  and  attached  to  a  half  fuse¬ 
lage  and  for  the  flow  around  a  prolate 
spheroid  at  10  degree  incidence. 30  it 
has  been  shown  that  it  is  convenient  to 
use,  particularly  because  of  the  neutral 
stability  curves  (zarfs)  which  facilitate 
the  calculation  and  avoid  uncertainties 
associated  with  the  choice  of  magnitude 
and  location  of  the  critical  freguencies. 

In  general,  the  calculated  values  of  the 
onset  of  transition  ace  in  very  good  agree¬ 
ment  with  measured  values. 30 

3.4  Solution  Procedure 

While  the  calculation  of  the  onset  of  tran¬ 
sition  is  important  for  airfoils,  it  is  of 
utmost  importance  for  three-dimensional 
flows.  Unlike  the  two-dimensional  flows 
where  transition  occurs  in  the  region  of 
flow  deceleration,  in  three-dimensional 
flows  it  often  occurs  in  the  region  where 
the  flow  accelerates.  The  sweep  angle  and 
Reynolds  number  strongly  influence  the 
location  of  transition  and  reguires  that 
its  calculation  becomes  a  part  of  the  comp¬ 
utational  strategy. 

In  the  present  method,  the  stability/ 
transition  calculations  ace  first  performed 
for  three-dimensional  laminar  boundary 
layers  obtained  for  a  prescribed  pressure 
distribution,  so  that  the  inviscid  and 
viscous  flow  eguations  can  then  be  solved 
according  to  the  interaction  scheme  shown 
in  Fig.  1.  The  guasi-three-dimensional 
forms  of  the  eguations  are  solved  chordwise 
in  the  inverse  mode  to  obtain  the  inter¬ 
action  coefficients  needed  in  the  solution 
of  the  full  three-dimensional  boundary- 
layer  eguations.  Several  sweeps  on  the 
wing  and  in  the  wake  are  performed  and  new 
inviscid  flow  solutions  with  viscous 
effects  ace  obtained.  This  procedure  is 
repeated  until  the  convergence  of  the  solu¬ 
tions:  the  transition  calculations  are  then 
repeated  to  obtain  new  transition  locations 
on  the  wing  for  the  next  phase  of  the 
interactive  boundary-layer  calculations. 

The  whole  process  is  repeated  until  the 
flowfield  and  transition  locations 
converge. 

4.  RESULTS  AND  DISCUSSION: 

TWO-DIMENSIONAL  PLOWS 

He  now  use  the  interactive  boundary-layer 
procedure  of  Section  2  to  calculate  the 


u  3w  ^ 
hj^  3x  *  3y  ” 
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pecfornance  chacacteclstics  of  single 
airfoils  without  (Section  4.1)  and  with 
(Section  4.2}  flap  wells,  two-eleaent 
airfoils  (Section  4.3),  and  three-elenent 
airfoils  corresponding  to  slat,  airfoil, 
and  flap  combinations  (Section  4.4).  For 
single  airfoils,  we  also  consider  flows  at 
low  Reynolds  numbers  since  these  flows 
become  important  on  the  components  of 
high-lift  systems  at  wind  tunnel  Reynolds 
numbers . 

4.1  Single  Airfoil  Without  Flap  Hell 
In  calculating  airfoil  flows  at  high 
Reynolds  numbers  with  the  interactive 
method  of  Section  2.  the  onset  of  tran¬ 
sition  is  obtained  from  Eg.  (13)  with  the 
transition  region  represented  by  the 

except  where  the 

boundary  layer  separates  upstream  of  this 
location,  in  which  case  transition  is 
assumed  at  the  separation  location.  Stud¬ 
ies  indicate  that,  while  the  turbulence 
model  of  Section  2.2  is  adequate  for  almost 
all  airfoil  flows  at  low  and  moderate 
angles  of  attack,  it  is  necessary  to  make 
improvements  to  this  model  at  high  angles 
of  attack  corresponding  to  near  stall  and 
post-stall  conditions.  One  aoproach  dis¬ 
cussed  and  developed  by  Johnson  and  King^^ 
and  Johnson  and  Coakley^^  ig  to  adopt  a 
nonequilibrium  eddy-viscosity  formulation 
in  which  the  CS  model  serves  as  an  equi¬ 
librium  eddy  viscosity  (c^loq  distribution. 
An  ordinary  differential  equation  (ODE), 
derived  from  the  turbulence  kinetic  energy 
equation,  is  used  to  describe  the  stream- 
wise  development  of  the  maximum  Reynolds 
shear  stress  - ( pu ' v^ ) ,  or  -u  v^  for  short, 
in  conjunction  with  an  assumed  eddv- 
viscosity  distribution  which  has  -u  v^  as 
its  velocity  scale.  In  the  outer  pact  of 
the  boundary  layer,  the  eddy  viscosity  is 
treated  as  a  free  parameter  that  is 
adjusted  to  satisfy  the  ODE  for  the  maxi¬ 
mum  Reynolds  shear  stress.  In  essence, 
this  model  treats  the  parameter  a  in  Eq. 
(7b)  as  a  variable  and  determines  it  as 
described  above. 


Another  approach  to  improve  the  predictions 
of  the  CS  model  in  flows  with  adverse  pres¬ 
sure  gradient  and  separation^^,  is  to 
relate  the  parameter  a  to  a  parameter  P  by 


a 


0.0168 

=2.5 


(27a) 


Here  P  denotes  the  ratio  of  the  product  of 
the  turbulence  energy  by  normal  stresses 
to  that  by  shear  stress  evaluated  at  the 
location  where  shear  stress  is  maximum, 
that  is 

F  .  -  V  _  (27b) 

-u'v‘  8u/8y  ^■’’’^'^max 


Before  Eg.  (27a)  can  be  used  in  Eg.  (7b) . 
an  additional  relationship  between  (u’*  - 
v'4)  and  (-u’V)  at  (-u'v')nax  1®  needed. 
This  is  done  by  assuming  that  the  ratio  in 
Eg.  (27b) 


-u’V'  (-U ' v  ) 

'  'max 


<270 


is  a  function  of  ftf  •  "f' )max  which, 

according  to  the  data  of  Nakayama**  is 


represented  by 
B  =■ 


1  +  2R.j.(2  -  Ry) 


(27d) 


for  Rx  <  1.0.  For  R^  >  1.0,  B  is  taXen  as 


2R- 


1  +  R, 


(27e) 


Introducing  the  above  relationships  into 
Che  definition  of  F  and  using  Eg.  (27a), 
the  following  expression  for  a  is 
obtained 


0.0168 


(1  -  0(dvi/Sx)  /  (du/dy)  ] 


2.5 


(28) 


where  B  is  given  by  Eqs.  (27d)  and  (27e). 

Figure  3  shows  a  comparison  between  calcu¬ 
lated  and  measured  lift  coefficients  for 
Che  NACA  0012  airfoil  at  two  chord  Reynolds 
numbers.  As  can  be  seen,  in  accord  with 
the  measurements^^,  the  calculation 
method  is  able  to  compute  C{i  for  all  angles 
of  attack  and  satisfactorily  account  for 
the  effects  of  Reynolds  number.  Figure  4 
shows  similar  comparisons  for  the  NACA 
23012  airfoil  at  two  chord  Reynolds  num¬ 
bers.  indicating  again  good  agreement  with 
measurements.  Additional  comparisons  and 
discussion  are  provided  in  Ref.  33. 

The  calculation  of  airfoils  at  low  Reynolds 
numbers  requires  changes  to  the  turbulence 
model  of  Section  2.2  and  to  the  procedure 
used  to  obtain  the  onset  of  transition 
location.  According  to  the  <*®Bel  used 


Fig.  3.  Effect  of  Reynolds  number  on  the 
lift  coefficient  of  the  NACA  0012  airfoil; 
(a)  Rc  ■  6  X  10^,  and  (b)  R^.  •  8.8  x  10^. 


lift  coefficient  of  the  NACA  23012  airfoil: 
(a)  Rc  =■  3  *  10®.  and  (b)  Rq  *  8.8  x  10®. 

in  the  CS  nodel  and  given  by  Eqe.  (8b)  and 
(8c).  the  extent  of  the  transition  region 
Rfl](  is  related  to  the  transition  Reynolds 
number  Rxtf 

«dx  ’ 


which  shows  that  R^^  increases  with 
decreasing  Rxrr-  This  expression  was 
obtained  from^oata  based  on  attached  flows 


and  is  not  applicable  to  flows  with  sepa¬ 
ration.  Experiments  show  that  the  extent 
of  a  separation  bubble  and  the  location  of 
transition  depend  upon  the  Reynolds  number 
At  high  Reynolds  numbers,  transition 
usually  corresponds  to  the  location  of 
separation  and  the  length  of  the  bubble  is 
relatively  short.  At  low  Reynolds  numbers 
transition  can  occur  inside  the  bubble  and 


can  strongly  influence  the  nature  of  flow. 
To  take  account  of  the  corresponding 
effects,  a  correlation  formula  was  devised 
by  Cebeci^^  to  represent  C  in  Eg.  (8c) 
in  terms  of  Rxrr'  based  on  experimental 
data  which  shoO^separation-induced  transi¬ 
tion  at  low  Reynolds  numbers.  This  corre¬ 


lation  formula  is  shown  in  Fig.  5  together 
with  the  experimental  data  obtained  for 
several  airfoils.  The  data,  which  encom¬ 
passes  a  typical  low  Reynolds  number  range 
from  R-  «  2.4  X  10®  to  Rq  >  2  X  10®.  falls 
conveniently  on  a  straight  line  on  a  semi¬ 
log  scale  and  can  be  represented  by  the 
equation 

-  213  [log  R,  -  4.7323]  (30) 


Care  should  be  taken  in  the  use  of  this 
equation  outside  the  range  of  experiments, 
particularly  at  high  Reynolds  numbers  where 
the  separation  bubble  is  likely  to  be  small 
and  a  limiting  value  of  C  -  60  applies. 

The  application  of  Eq.  (30)  requires  the 
location  of  the  onset  of  transition  and 
this  is  obtained  with  the  e°-method 
discussed  in  Section  2.3.  The  manner  in 
which  it  is  obtained  is  described  in  Ref. 
17. 

In  the  studies  reported  in  Ref.  17.  the 
accuracy  of  the  interactive  method  was 
evaluated  for  a  number  of  airfoils  and 
overall  good  agreement  with  experiment  was 
observed.  We  now  consider  the  Eppler 
airfoil  and  present  a  sample  of  results 
for  a  chord  Reynolds  number  of  300,000  for 
a  wide  range  of  angles  of  attack  and 
compare  the  predictions  with  the  experi¬ 
mental  data  of  McGhee  et  al.^®  obtained 
in  the  Langley  Low-Turbulence  Pressure 
Tunnel  (LTPT).  The  tests  were  conducted 
over  a  Mach  number  range  from  0.03  to  0.13 
and  a  chord  Reynolds  number  range  from  60 
x  10^  to  460  X  10^.  Lift  and  pitching- 
moment  data  were  obtained  from  airfoil 
surface  pressure  measurements  and  drag  data 
from  wake  surveys.  Oil  flow  visualization 
was  used  to  determine  laminar-separation 
and  turbulent-reattachment  locations. 

Figure  6a  shows  a  comparison  between  the 
calculated  and  measured  distributions  of 
pressure  coefficients  for  angles  of  attack 
of  0  and  8  deg.  The  calculated  lift  and 
drag  coefficients  shown  in  Fig.  6b  indi¬ 
cate  remarkably  good  agreement  with  experi¬ 
ment  for  all  angles  of  attack  up  to  stall. 
There  the  computed  lift  coefficients  begin 
to  deviate  from  data,  indicating  higher 
values  than  those  measured:  the  discrepancy 
increases  with  an  increase  in  Reynolds 
number,  and  the  solutions  do  not  follow 
the  poststall  behavior.  We  believe  the 
reason  for  this  discrepancy  lies  in  the 
turbulence  model.  Whereas  the  results 
presented  in  Figures  3  and  4  made  use  of 
the  CS  model  with  the  parameter  o  com¬ 
puted  from  Eq.  (28),  Chose  in  Fig.  6  were 
made  with  a  >  0.0168. 

The  calculated  values  of  the  chordwise 
location  of  laminar  separation  (LS),  turbu¬ 
lent  reattachment  (TR),  and  the  onset  of 
transition  ace  given  in  Table  1  for  several 
angles  of  attack.  The  experimental  results 
of  this  table  are  subject  to  some  uncer¬ 
tainty  because  of  difficulties  associated 
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(a) 


(b) 


Fig.  6.  Compacison  of  calculated  (solid 
lines)  and  neasuced  (synbols)  pressure- 
coefficient  distributions  at:  (a)  a  >  0 
deg,  (b)  a  «  8  deg,  and  (c)  lift  and  drag 
coefficients  for  Rg  -  3  x  lo^. 


Table  1.  Experimental  and  calculated 
laminar  separation  (LS),  and  turbulent 
reattachment  (TR),  and  transition  locations 


on  the 

upper 

surface 

of  the 

Eppler 

airfoil. 

a 

Experiment 

(?) 

Calculated 

deg 

LS 

TR 

tr 

LS 

TR 

0 

0.48 

0.69 

0.63 

0.51 

0.72 

2 

0.45 

0.62 

0.58 

0.46 

0.67 

4 

0.40 

0.58 

0.52 

0.43 

0.60 

5 

0.39 

0.55 

0.49 

0.415 

0.57 

6 

0.38 

0.50 

0.43 

0.42 

0.50 

6.5 

0.38 

0.44 

0.40 

0.41 

0.46 

with  the  surface  visualization  technique. 
With  this  proviso,  comparison  between 
measured  and  calculated  values  must  be 
considered  outstanding.  It  should  be 
noted  that  when  there  is  a  separation 
bubble,  the  transition  location  obtained 
from  the  e°  method  occurs  within  the 
bubble  in  all  cases  and  in  accord  with 
experimental  observation,  leads  to  reat¬ 
tachment  some  distance  downstream. 

4.3  Single  Airfoil  with  Flap  Hell 
Figure  7  shows  the  geometry  of  the  LB  572 
single  airfoil  with  flap  well  tested  In  the 
low-speed  wind  tunnel  of  the  California 
State  University,  Long  Beach  (CSULB).  The 
pressure  distributions  of  Fig.  8  allow 


Fig.  7.  LB  572  single  airfoil  with  flap- 
well  cut. 
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Fig.  8.  LB  572  airfoil  pressure  distrlbu 
tion  for  R^  -.0.5  x  10^  at  (a)  a  -  5.0, 
(b)  a  -  8.0,  (c)  a  -  12.0. 

comparison  between  calculation  and  the 
experimental  data  for  the  Reynolds  number 
of  0.5  x  10^  and  transition  locations  at 


J4-'i 


2S%  of  the  chocd  on  both  surfaces.  In 
general,  the  results  are  in  good  agreement 
for  angles  of  attack  up  to  12”.  The  upper 
surface  peak,  registered  by  the  calcula¬ 
tions  close  to  the  leading  edge,  is  in  part 
due  to  the  better  spatial  resolution  of  the 
calculation  method.  Close  to  the  trailing 
edge,  there  is  some  disagreement  between 
the  upper  surface  pressure  distributions 
that  may  stem  from  approximations  made 
about  the  flap  well  region  and  the  way  the 
Kutta  condition  was  specified  in  the  panel 
method.  However,  the  pressure  coefficient 
curves  well  represent  the  flow  behavior  in 
the  flap-well  region:  the  constant  pressure 
values  indicate  a  recirculation  area  fol¬ 
lowed  by  a  rapid  increase  of  pressure  close 
to  the  trailing  edge  which  signifies  reat¬ 
tachment  of  the  separated  flow. 

Velocity  profiles  corresponding  to  angle 
of  attack  of  S”  and  the  location  of  the 
displacement  thickness  are  presented  in 
Fig.  9  together  with  the  recirculation 
streamlines  in  the  flap  well  region.  Fig¬ 
ure  9a  compares  the  velocity  profiles  of 
the  present  calculation  with  experimental 
data  of  Alemdaroglu^  at  six  locations  in 
the  flap-well  cut.  The  initial  profiles 
at  the  step  are  in  good  agreement,  but 
comparison  of  the  downstream  profiles  shows 
that  computation  predicts  a  less  retarded 
flow  than  is  indicated  by  measurement.  The 
possible  explanation  is  that  the  eddy- 
viscosity  formulation  used  models  foe  a 
stronger  mixing  than  is  appropriate  for 
the  separated  flow  after  a  step.  Further 


as 

V  t 


(a) 


downstream,  close  to  the  trailing  edge,  the 
computed  profiles  have  larger  negative 
velocities  near  the  wall  than  measured 
profiles,  which  may  mean  that  a  too  weak 
mixing  model  was  applied  to  the  reattach 
ing  flow.  Figure  lo  shows  that  the  skin- 
friction  distribution  vanishes  in  the 
plane  of  the  step  and  becomes  negative, 
corresponding  to  the  reverse  flow  up  to 
x/c  of  around  0.87.  The  location  of 
reattachment  in  the  flap  well  region  was 
observed  to  move  upstream  from  the 
trailing  edge  with  increasing  angle  of 
attack . 


Fig.  10.  Calculated  local  sk in- f r ic t ion 
coefficient  in  the  flap-well  region  for 
o  5“  . 

4.3  Two-Blement  Airfoils 
In  a  previous  study,  a  similar  interactive 
approach  was  used  to  compute  the  perform¬ 
ance  characteristics  of  three  two-element 
airfoils. The  inviscid  flow  solutions 
were  obtained  by  the  conformal-mapping 
method  of  Halsey^^,  rather  than  the  panel 
method  used  here,  and  the  viscous-flow 
calculations  were  performed  without 
accounting  for  the  wake  effects,  either 
behind  the  main  airfoil  or  the  flap.  The 
calculation  method  provided  results  which 
agreed  with  experimental  information  within 
the  accuracy  of  the  measurements  up  to  an 
angle  of  attack  that  was  sufficiently  small 
so  that  there  was  either  no  separation  or 
very  small  separation  on  the  airfoil,  and 
the  gaps  between  the  elements  were  compara¬ 
tively  large.  In  this  way,  the  difficul¬ 
ties  in  computing  the  wake  of  each  airfoil 
and  accounting  for  the  merging  of  the 
shear  layers  between  the  airfoil  and  the 
flap,  and  extending  the  range  of  the 
computational  method  to  higher  angles  of 
attack,  were  postponed  to  a  later  time. 

In  the  studies  reported  here,  we  first 
performed  calculations  with  the  present 
method,  which  did  not  include  the  wake 
effect  and  compared  the  results  with  those 
obtained  with  the  earlier  code^®  with  its 
different  inviscid  flow  method.  After 
ensuring  that  the  results  of  both  codes 
were  essentially  the  same,  the  wake  effects 
were  introduced  into  the  present  method  and 
calculations  were  repeated  for  the  three 
two-element  airfoils  to  investigate  the 
cole  of  the  wake  effect  on  the  solutions. 


Fig.  9.  LB  572  airfoil  for  Rg  «  0.5  x  10* 
at  a  a  5.0.  (a)  Velocity  profiles  in  the 

flap-well  region,  (b)  Recirculation  stream¬ 
lines  and  the  location  of  Che  displacement 
thickness . 


The  first  two-element  airfoil  corresponded 
to  that  investigated  by  Van  den  Berg*  and 
discussed  in  subsequent  papers  by  Van  den 
Berg  and  Oskam*  and  Oskam,  et  al.^  It 
comprised  a  supercritical  main  airfoil 
(NLR  730)  with  a  flap  of  32%  of  the  main 


24- lU 


Chord  at  a  deflection  angle  of  20  degrees, 
close  to  the  highest  value  that  could  be 
used  without  onset  of  flow  separation. 

This  configuration  was  studied  at  a 
Reynolds  number  of  2.51  x  10^  for  a 
range  of  angles  of  actack  up  to  13.1°  with 
consideration  of  the  wake  of  the  main 
element  only. 

Figure  11  allows  a  comparison  between  the 
calculated  and  experimental  results  of  the 
NLR  7301  airfoil.  Figures  11a  and  b  show 
the  surface  pressure  distributions  at  a 
»  6°  and  13.1°,  respectively,  and  Fig.  lie 
shows  the  effect  of  wake  on  the  computed 
lift  coefficients.  The  calculated  and 
experimental  values  of  local  skin-friction 
coefficient  Cf  and  dimensionless  momentum 
thickness  Q/c  for  the  two  angles  of 
attack.  Figures  lid  and  lie,  show  that  the 
boundary  layer  on  the  upper  surface  is 
approaching  separation  but  has  not  reached 
it.  Consistent  with  the  studies  on  single 
airfoils,  the  wake  effect  is  relatively 
small  due  to  the  absence  of  flow  separa¬ 
tion  but  has  improved  the  agreement  with 
experiment . 

The  second  case  involves  a  NASA  super¬ 
critical  airfoil,  24  in.  in  length,  with  a 
7  in.  flap  at  a  deflection  angle  of  20 
degrees.  The  experiments  were  carried  out 
in  the  36  x  96  in.  wind  tunnel  of  the 
Boeing  Research  Laboratories  at  a  Mach 
number  of  0.2  and  have  been  documented  by 
Omar  et  al.®-^  Figures  12a  and  12b  show 
the  surface-pressure  distributions  for 
angles  of  attack  of  0°  and  8.93°,  respect¬ 
ively.  As  can  be  seen,  the  inclusion  of 
the  wake  in  the  calculations  makes  a  slight 
improvement  on  the  main  airfoil  but  not  on 
Che  flap  where  the  results  obtained  without 
the  wake  effect  ate  better.  The  results 
in  Fig.  12c  show  that  Che  calculated  lift 
coefficients  with  the  wake  ace  in  better 
agreement  with  data  than  those  without  the 
wake  effect. 

4.4  Three-Element  Airfoils 
With  the  positive  results  of  Figs.  8  to  12 
for  an  airfoil  with  a  flap-well  and  for 
two  two-element  airfoils,  it  is  appropriate 
to  consider  the  application  of  the  inter¬ 
active  boundary- layer  method  to  a  three- 
element  airfoil  with  a  flap  well.  The 
chosen  conf iguration  is  shown  on  Fig.  13 
and  corresponds  to  the  high-lift  model 
tested  in  the  NASA  Langley  wind  tunnel  at 
a  Reynolds  number  of  5  x  10®.  The  slat 
deflection  angle  was  -30  degrees  and  the 
flap  deflection  angles  15  and  30  degrees 
with  angles  of  attack  of  4  to  20  degrees. 
The  measurements  were  made  by  a  combination 
of  hot-wire  and  laser-velocimetry  tech- 
nigues,  the  latter  was  primarily  used  in 
regions  of  separated  flow. 

Calculations  were  initially  made  on  smooth 
bodies  without  explicitly  considering  the 
flow  in  the  flap-well  region.  Also, 
because  the  potential  flow  theory  predicts 
flow  singularities  at  the  discontinuity  of 
the  airfoil  geometry,  the  sharp  corner  of 
the  slat  and  the  flap-well  cut  out  of  the 
main  airfoil  were  smoothed  to  prevent  solu¬ 
tions  from  breaking.  Figure  13  shows  the 
modified  geometry  of  this  airfoil  with  the 
flap-well  fairing  and  the  rounded  slat 
used  in  calculations.  The  so-called 
"experimental  fairing"  refers  to  the 


(a) 


(b) 


(c) 


(d) 


(e) 


Fig.  11.  NLR  7301  wing  with  flap.  Calcu 
lated  and  measured:  (a)  Pressure  dlstribu 
tion  at  o  »  6°,  (b)  Pressure  distribution 
at  o  »  13.1°,  (c)  Lift  coefficients,  (d) 
Local  skin-friction  coefficients,  Cf,  and 
momentum  thicknesses,  8/c.  on  the  upper 
wing  surfaces  at  a  •  6°,  (e)  Local  skin- 
friction  coefficients.  Cf,  and  momentum 
thicknesses,  9/c,  on  the  upper  wing  sur¬ 
faces  at  o  =«  13.1°. 
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Fig.  12.  NASA  supercritical  two-elenent 
airfoil.  Calculated  and  measures,  (a) 
pressure  distributions  at  a  >  0°,  (b)  at 
a  =  8.93°,  (c)  lift  coefficients. 


Pig.  13.  The  three-element  airfoil  with 
analytical  and  experimental  fairing.  Sg  > 
-300,  Sf  .  15*. 

dividing  streamline,  which  was  determined 
from  measurements,  while  the  “analytical 
fairing"  was  drawn  arbitrarily.  Reference 
23  presents  a  comparison  between  the  mea¬ 
sured  and  calculated  surface  pressure  dis¬ 
tributions  on  the  slat,  main  airfoil,  and 
flap  at  three  angles  of  attack  (4'’,  12“  and 
16")  for  the  configuration  with  the  experi¬ 
mental  fairing,  and  the  corresponding  dis¬ 
tributions  at  the  same  angles  of  attack  for 
the  configuration  with  analytical  fairing. 
Overall,  the  calculated  results  agree  well 
with  experimental  data. 


Finally,  the  method  of  Section  4.2  was 
applied  Co  include  the  calculation  inside 
the  flap-well.  The  results,  shown  in  Fig. 
14,  agree  well  with  measurements  for  all 
the  cases  indicated  above  and  including 
angles  of  attack  up  to  20°.  This  confirms 
that  it  is  unnecessary  to  make  a  priori 
assumptions  about  the  fairing  shape,  and 
allows  for  further  detailed  investigations 
of  the  recirculation  flow  in  the  flap-well, 
such  as  the  gap  and  overhang  effects.  Fig¬ 
ure  15  shows  the  variation  of  lift  coef¬ 
ficient  with  angle  of  attack,  confirming 
chat  the  present  calculation  method  leads 
to  values  which  are  in  close  agreement  with 
experiment . 

Comparison  of  pressure  coefficients  for  a 
flap  deflection  angle  of  30°.  Fig.  16, 
allows  sinilar  conclusions  to  be  drawn  to 
those  of  the  previous  paragraph.  Also, 
the  calculated  lift  coefficients  shown  in 
Pig.  17  are  very  close  to  measurements. 


5.  RESULTS  AND  DISCUSSION:  THREE- 
DIMENSIONAL  FLOWS 

The  calculation  method  described  in  Section 
3  for  three-dimensional  high-lift  configu¬ 
rations  is  in  the  evaluation  stage.  So  far 
the  studies  are  limited  to  wing  and  wing- 
flap  geometries.  The  experimental  data 
being  used  to  evaluate  the  method  is  due 
to  Lovell^®  who  has  reported  lift,  drag 
and  pitching  moment  coefficients  over  an 
extensive  range  of  configurations  of  the 
high-lift  system  on  a  wing  of  basic  aspect 
ratio  8.35  and  with  a  trailing-edge  plan- 
form  extension  and  a  body  added.  In 
Section  5.1  we  first  present  the  results 
for  the  wing  alone  and  in  the  subsequent 
section  we  present  results  for  a  wing/flap 
configuration. 

5.1  Wing  Alone 

The  wing  tested  in  Ref.  38  has  an  airfoil 
section  having  a  considerable  rear  loading 
with  the  maximum  thickness  of  10. 7»  occur¬ 
ring  at  37.54  chord  and  the  maximum  camber 
occurring  at  754  chord.  It  has  no  twist 
nor  dihedral,  has  a  quarter-chord  sweep 
angle  of  28'  and  taper  ratio  of  1/4.  The 
experiments  were  conducted  at  a  test 
Reynolds  number  of  1.35  x  10®. 


Figure  18  shows  a  comparison  between  the 
calculated  and  measured  lift  coefficients. 
As  can  be  seen,  there  is  some  viscous 
effect  even  at  very  small  angles  of  attack 
which  becomes  much  more  pronounced  at 
higher  angles  of  attack.  The  interactive 
boundary-layer  method  solutio.is,  obtained 
either  by  using  the  strip  theory  approxi¬ 
mation  or  by  the  full  three-dimensional 
approach,  improve  the  solutions  consider¬ 
ably.  In  the  former  case,  the  calculated 
results  agree  reasonably  well  with  data  at 
low  and  moderate  angles  of  attack,  but  with 
increasing  incidence  angle  they  begin  to 
deviate  from  the  measured  values  of  lift 
coefficient.  In  the  latter  case,  the 
three-dimensional  flow  solutions  with  the 
blowing  velocity  Vq  obtained  from 


h^^sin-e  tfj  Cosines*) 


♦  |j  (h^8ube6j)] 


(31) 


and  the  displacement  surface  A 


:4-j 


Fig.  18.  Comparison  of  calculated  and 
measured  lift  coefficients  for  the 
experimental  wing  data  reported  in  Ref.  38. 
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used  to  satisfy  the  Kutta  condition  in  the 
inviscid  method  of  section  3.1,  provide 
very  good  agreement  with  experimental  data 
up  to  the  stall  angle.  As  in  airfoil 
flows  without  improvements  to  the  turbu¬ 
lence  model,  the  calculated  results  begin 
to  deviate  from  the  measured  values  and 
continue  to  increase  past  the  stall  angle. 
Work  is  in  progress  towards  generalizing 
the  improved  turbulence  model  for  three- 
dimensional  flows. 


5.2  Wing/Flap  Configuration 
Figure  19  shows  the  results  for  a  wing/flap 
configuration  corresponding  to  a  flap 
deflection  angle  of  25".  The  viscous  flow 
calculations  were  first  performed  with 
transition  specified  at  5%  from  the  lead¬ 
ing  edge  of  the  wing  and  flap.  After  the 
convergence  of  the  solutions,  the  stability 
properties  of  the  velocity  profiles  were 
analyzed  by  using  the  3D  version  of  the 
e”-method  for  the  wing  and  the  2D 
version  of  the  e"-niethod  tor  the  flap. 

The  reason  for  the  use  of  the  2D  version 
of  the  stability/transition  method  is  due 
to  the  low  Reynolds  number  flow  on  the 
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Fig.  17.  Variation  of  the  lift  coefficient 
with  angle  of  attack  for  the  three-element 
airfoil  with  »  30"  and  Rj.  -  5  x  10®. 


Fig.  19.  Comparison  of  calculated  and 
measured  lift  coefficients  for  the  wing/ 
flap  configuration. 
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flap.  While  the  Reynclde  numbec  varied 
from  0.66  X  10®  to  1.75  x  10®  on  the  wing, 
it  varied  from  0.26  x  10®  to  0.68  x  10®  on 
the  flap.  A  previous  study^®  had  shown 
that  crossflow  effects  at  relatively  low 
Reynolds  numbers  (R^  <  0.5  x  10®)  are  small 
and  transition  calculations  performed  with 
either  the  3D  or  2D  versions  of  the 
e"-method  essentially  yield  the  same 
results . 

The  stability/transition  calculations  for 
the  flap  indicated  the  strong  low  Reynolds 
number  effect  with  separation  bubbles 
around  10  to  15  percent  in  extent  and  with 
transition  occurring  inside  the  separation 
bubble.  These  studies  are  still  in  prog¬ 
ress,  and  the  results  shown  in  Fig.  19 
correspond  to  results  with  transition 
specified  at  5\  chord  from  the  leading  edge 
and  thus  do  not  include  those  obtained  from 
the  stability/transition  analysis.  The 
calculated  results  in  Fig.  19  show  discrep¬ 
ancies  even  at  lower  angles  of  attack,  and 
it  is  believed  that  with  improved  stabil- 
ity/transition  calculations,  the  results 
will  agree  much  better  with  data. 

6.  CONCLUDING  REMARKS 

The  results  and  discussion  of  the  previous 
sections  show  that  the  present  interactive 
method,  with  its  consideration  of  the  flap- 
well  region  and  the  wakes,  leads  to  pres¬ 
sure  coefficient  distributions  and  values 
of  lift  that  are  in  good  agreement  with 
experiment  for  single  and  multielement  con¬ 
figurations  with  angles  of  attack  up  to 
and  beyond  stall. 

For  multielement  wing  flows,  the  prelim¬ 
inary  results  ate  encouraging.  Calcula¬ 
tions  show  the  importance  of  low  Reynolds 
number  effect  on  the  components  of  the 
high-lift  configuration  at  wind  tunnel 
Reynolds  numbers,  and  indicate  that  a 
calculation  method,  either  based  on  the 
solutions  of  the  Navier-Stokes  equations 
or  on  a  combination  of  inviscid  and 
viscous  flow  solutions,  must  include  the 
prediction  of  the  onset  of  transition  as 
part  of  the  calculation  procedure. 
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SUMMARY 

A  non  linear  unsteady  vortex  lattice  scheme  is  used  and  flight  dynamics  equations  are 
solved  in  order  to  predict  the  structure  of  the  wakes  and  the  instantaneous  distribution 
of  the  aerodynamic  loads  on  high-lift  aircraft  configurations,  during  general  unsteady 
take-off  maneuvers  in  ground  effect. 

The  numerical  scheme  here  presented  can  treat  an  arbitrary  number  of  mutually  interfering 
lifting  and  moving  control  surfaces  having  arbitrary  plan  form  and  camber.  Wakes  can  be 
released  in  the  flowfield  from  any  of  the  sharp  edges  of  the  lifting  surfaces,  depending 
on  their  plan  form,  aspect  ratio  and  angle  of  attack,  while  the  effects  of  the  fuselage 
are  ignored  in  the  present  formulation. 

Turbulent  diffusion  of  the  cores  of  the  Rankine  vortex  filaments  is  regarded  „s  a 
pre-eminent  factor  in  a  correct  simulation  of  the  development  of  unsteady  interfering 
wakes.  A  vortex  core  diffusion  model  is  used  capable  to  deal  even  with  the  severe 
roll-up  of  the  mutually  interfering  wakes  developing  close  and  impinging  on  the  ground. 
Typical  applications  of  the  unsteady  vortex  lattice  scheme  are  presented,  aimed  at 
illustrating  the  capabilities  of  the  code. 


LIST  OF  SYMBOLS 


C  wing  root  chord 
Cl  lift  coefficient 
Fa  total  aerodynamic  force 
I  aircraft  moment  of  inertia 

K  constant  in  the  turbulent  diffusion 

model 

i  spanwise  dimension  of  the  elementary 
portion  of  shear  layer 
L  load  on  undercarriage  leg 

m  mass 

Ma  moment  of  the  aerodynamic  forces 

about  barycentric  axes 
rc  vortex  core  radius 
r  relative  position  vector 

R  absolute  position  vector 

fi  rotation  tensor 

S  surface  of  the  cross  section  of  the 

vortex  core 
t  time 

T  dimensionless  time  T=tU/C 
T  engine  thrust 
Q  aircraft  weight 
U  characteristic  velocity 


v  relative  velocity  (aircraft  fixed 

frame  of  reference) 

V  absolute  velocity 

x.y,z  coordinates  in  the  aircraft 

fixed  barycentric  frame  of  ref. 
Xk,yk,zk  coordinates  in  the  surface 
fixed  frame  of  reference 
X,Y,Z  coordinates  in  the  absolute 

f rame  of  ref erence 
a  angle  of  attack 

y  linear  vortex  density  vector 

r  circulation 

wy  angular  velocity  component  along  y 
suffixes 

G  center  of  gravity 

h  hinge  axis 

k  generic  K-th  lifting  surface 

m  main  undercarriage 

n  nose  undercarriage 

o  initial  value;  undeflected  position 

p  generic  point  P 

y  y  component 
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1.  INTRODUCTION 

The  antithetical  requirements  for  high  speed  cruise  and  short  take-off  and  landing 
capabilities  of  modern  aircrafts  has  promoted  the  development  of  more  and  more  efficient 
high-lift  systems  (Dilliner  et  al.,  1984). 

While  the  ability  in  numerically  predicting  the  performances  of  multi-component  airfoils 
at  high  angle  of  attack,  even  in  viscous  and  compressible  flows,  has  been  enormously 
improved  in  recent  years,  limited  advances  have  been  obtained  in  the  numerical  simulation 
of  the  complex  vortical  flows  developing  past  and  interfering  with  the  lifting  surfaces 
of  complete  aircraft  configurations  . 

However,  a  detailed  knowledge  of  the  geometry  of  the  three-dimensional  wakes  is  essential 
for  both  an  effective  optimization  procedure  of  the  high-lift  devices  and  the  preliminary 
choice  of  the  aircraft  configuration. 

As  a  matter  of  fact,  high-lift  devices  are  not  merely  required  to  produce  maximum  lift; 
other  constraints  have  to  be  accounted  for,  such  as  their  drag.  Whilst  there  are 
substantial  opportunities  in  reducing  the  profile  drag  of  leading  and  trailing  edge 
devices,  by  improving  their  sectional  design  and  optimization  major  performance 
improvements,  particularly  at  high  angles  of  attack,  will  only  come  from  an  improved 
capability  of  predicting  the  complex  vortical  flow  past  three-dimensional  wing 
geometries. 

High-lift  devices  indeed  necessarily  influence  the  induced  drag  which  strongly  depends  on 
wing  and  flap  planforms,  camber  and  twist,  and  their  trim  drag  penalty  is  a  function  of 
the  relative  position  of  wing,  flaps,  and  control  surfaces.  Both  induced  and  trim  drag 
can  only  be  evaluated  provided  the  complex  interaction  between  three-dimensional  wakes 
and  lifting  surfaces  is  correctly  predicted  (Butter,  1984). 

Furthermore,  high-lift  devices  are  used  on  most  aircrafts  during  take-off  and  landing 
maneuvers,  namely  during  flight  phases  which  are  critical  because  of  unsteadiness  and 
ground  proximity.  Both  unsteadiness  and  ground  effect  can  produce  strongly  non  linear 
aerodynamic  effects  and  interferences,  which  can  significantly  affect  the  controllability 
and  the  operative  safety  of  the  aircraft. 

Finally,  knowledge  of  the  time  evolution  of  the  wakes  produced  by  high-lift 
configurations  is  also  essential  for  attempting  to  reduce  the  hazardous  persistence  of 
the  vortices  in  the  proximity  of  high  air  traffic  density  airports. 

2.  GROUND  EFFECT 

When  an  airplane  flies  close  to  the  ground,  at  a  height  comparable  with  its  wing  chord, 
it  experiences  an  increase  in  lift  and  remarkable  changes  in  drag  and  pitching  moment. 
This  phenomenon  is  called  ground  effect. 

Ground  effect  is  particularly  significant  for  V/STOL  and  military  low  aspect-ratio 
aircrafts,  mainly  because  of  the  strength  and  the  complex  shape  of  the  unsteady  wakes 
they  produce. 

Starting  from  the  first  basic  theory  developed  by  Wieselsberger  in  1922,  extensive 
research,  both  theoretical  and  experimental,  has  been  devoted  to  understanding  and 
predicting  ground  effect. 

Wieselsberger’s  steady  formulation  ignored  the  effect  of  the  bound  vortex  in  the  image 
however,  introducing  an  image  of  the  real  wing  below  the  ground  plane  and  using  the  basic 
concepts  of  the  lifting-line  theory  of  Prandtl,  he  was  able  to  calculate  a  correction  to 
the  induced  drag  and  angle  of  attack  of  wings  out  of  ground  effect. 

Since  then,  almost  all  investigators  adopted  the  virtual  image  concept  to  obtain  a 
theoretical  or  numerical  simulation  of  the  ground  effect. 

Unsteadiness  was  first  introduced  in  a  two-dimensional  ground  effect  model  by  Chen  and 
Schweikhard  in  1985,  who  considered  a  straight  imposed  wake  and  found  that  unsteady 
effects  can  be  such  to  completely  modify  the  steady  state  predictions. 

The  findings  of  Chen  and  Schweikhard  started  extensive  experimental  work  on  finite  wings 
of  various  plan  forms  in  both  steady  and  unsteady  ground  effects  (Chang  and  Muirhead, 
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1985  and  1987). 

Finally,  in  1985,  Katz  proposed  a  comprehensive  numerical  model  for  the  prediction  of  the 
unsteady  ground  effect,  which  also  included  a  freely  deforming  wake.  He  adopted  a 

vortex-lattice  scheme  and  investigated  the  behavior  of  finite  span  lifting  surfaces  close 
to  ground,  so  evidencing  again  that  the  increases  in  aerodynamic  loads  due  to 

unsteadiness  can  be  approximately  twice  those  produced  in  steady  state  conditions. 

The  same  free-wake  approach  has  been  adopted  in  the  present  work  and,  using  the  virtual 
image  technique,  a  design  tool  has  been  derived  capable  to  to  predict  the  instantaneous 

load  distribution  and  geometry  of  the  wakes  on  multiple  lifting  surfaces,  during  general 

unsteady  maneuvers  in  ground  effect. 

3.  THE  COMPUTATIONAL  METHOD 

The  numerical  simulation  of  unsteady  airplane  maneuvers  obviously  requires  time  dependent 
schemes,  which  allow  to  reproduce  the  actual  time  dependent  boundary  conditions 
representing  the  instantaneous  velocity,  flight  attitude  and  location  of  the  aircraft 

with  respect  to  the  ground.  The  motion  of  the  aircraft  can  be  either  assigned  or 

computed  through  flight  dynamics  models  and  appropriate  control  laws  (see  next 
paragraph). 

The  Navier-Stokes  equations  constitute  a  complete  mathematical  model  for  general 

three-dimensional  unsteady  flows  of  viscous  fluids  and  can  therefore  model  all  of  the 
complex  phenomena  mentioned  above. 

However,  Lheir  solution  requires,  even  for  an  incompressible  fluid,  storage  capabilities 
and  computing  times  which  are  still  unacceptable.  Although  computer  performances  are 
dramatically  increasing,  recourse  to  simpler  mathematical  models,  such  as  those  based  on 
the  irrotational  flow  hypotheses,  is  still  justified,  if  not  unavoidable. 

In  the  present  work,  results  concerning  the  take-off  maneuver  of  high-lift  aircraft 

configurations  are  presented,  obtained  using  an  unsteady  vortex  lattice  scheme.  Details 
of  the  mathematical  and  numerical  approach  are  given  in  Baron  et  al.  1989,  1990,  1991  and 
1992,  where  various  applications  of  the  vortex-lattice  scheme  to  fixed  and  rotary  wings 
are  also  reported.  Only  the  main  features  and  limitations  of  the  method  are  here 
summarized. 

Wakes  and  flowfield  are  computed  simultaneously,  starting  from  an  initial  state  of  rest. 
Wings  are  impulsively  started  and  wakes  are  generated  with  a  Lagrangian  process  during 
which,  at  each  time  step,  the  vorticity  present  on  their  edges  is  converted  in  the  field 
(Belotzerkowskii,  1977;  Kandil  et  al.,  1977;  Hoeijmakers,  1983;  Konstandinopoulos  et  al., 
1985;  Mook,  1988;  Katz  and  Maskew,  1988;  Baron  et  al.,  1990). 

At  each  time  step,  a  new  row  of  vortex  panels  is  added  to  the  wakes,  which  are  converted 
in  the  field  in  such  a  way  that  the  free  vortex  sheets  are  force-free. 

A  Lagrangian  generation  of  the  wakes  does  not  require  a  first  guess  of  their 
configuration,  which  can  be  critical  when  complex  high-lift  configurations  have  to  be 
considered. 

Wings,  flaps  and  tail  planes  of  arbitrary  plan  form  and  camber  are  simulated  as  surfaces 
of  negligible  thickness  and  separation  can  be  imposed  on  any  of  their  sharp  edges. 

Lifting  '  faces  and  wakes  are  discretized  into  a  finite  number  of  surface  panels.  Each 
panel  is  made  up  of  straight  vortex  segments  lying  on  the  edges  of  the  panel,  forming  a 
closed  loop  with  constant  circulation  (Mook,  1988). 

The  unknown  values  of  the  circulations  on  the  lifting  surface  panels  are  determined,  at 
each  time  step,  by  imposing  the  zero  normal  velocity  condition  on  the  solid  surfaces, 
including  the  surfaces  of  the  virtual  image  of  the  aircraft  below  the  ground  plane. 

Pressure  distributions  are  computed  by  means  of  the  unsteady  Bernoulli  equation.  Lift 

and  moment  coefficients  are  obtained  by  integration  of  pressure. 

In  order  to  compute  the  velocity  induced  by  vortex  segments,  the  Biot-Savart  law  is  used, 
together  with  a  viscous  core  diffusion  model,  physically  consistent  with  the  turbulent 
diffusion  mechanism  of  continuous  shear  layers  (Baron  et  al.,  1990). 

Rankine  vortices  are  assumed  to  be  "equivalent"  to  the  elementary  portions  of  the 
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physically  continuous  shear  layers  they  replace  in  the  numerical  scheme.  Therefore, 
their  core  radii  spread  in  such  a  way  that  their  cross  sectional  area  S  and  circulation 
r=y<  are  equal,  at  each  time,  to  spreading  and  circulation  of  an  elementary  portion  of 
continuous  shear  layer  containing  the  same  vorticity.  This  model  also  implies  that  the 
enstrophy  of  the  vortex  lattice  is  equal  to  the  enstrophy  of  the  continuous  turbulent 
shear  layer  and  introduces  a  correct  amount  of  energy  dissipation  in  the  wakes. 

This  implies  a  rate  of  change  of  the  radius  rc  of  the  Rankine  vortex  cores  given  by; 


dt  2nrc 

where  T  is  the  circulation  of  the  vortex  filament  considered  and  the  experimental 

diffusion  constant  K,  for  both  forced  and  unforced  turbulent  shear  layers,  assumes  a 
universal  value  equal  to  0.095  (Liepmann  and  Laufer  1947;  Brown  and  Roshko,  1974;  Oster 
and  Wygnanski,  1982;  Lesieur,  1987). 

Forms  analogous  to  (3.1)  are  also  proposed  by  Squire  (1965),  Govindaraju  and  Saffman 
(1971)  and  Leonard  (1980)  for  the  turbulent  diffusion  of  single  line  vortices,  however 

they  involve  empirical  constants  the  value  of  which  cannot  be  defined  in  a  general  form. 
The  present  approach  brings  to  a  diffusion  model  consistent  with  the  behavior  of 

continuous  turbulent  shear  layers  and,  in  addition,  information  of  experimental  nature  is 
introduced  in  a  fully  general  way. 

Moreover,  most  commonly  used  vortex  core  diffusion  models  turn  out  to  be  strongly 
dependent  on  the  number  of  vortex  filaments  used  to  discretize  the  continuous 
distribution  of  vorticity  in  the  flowfield  (Rusak  et  al.,  1985).  The  present  approach, 
on  the  contrary,  is  virtually  independent  on  discretization,  the  turbulent  diffusion 
being  explicitly  related  to  the  circulation  of  each  vortex  filament  and,  therefore,  to 
the  number  of  vortices. 

This  brings  to  a  kind  of  "self  adaptation"  of  the  model  and  explains  why,  in  a  variety  of 
applications,  the  vortex  core  turbulent  diffusion  model  proved  to  be  capable  to  cope, 

without  any  form  of  tuning,  with  the  crucial  aspects  related  to  the  roll-up  process  of 

unsteady  interfering  wakes  as  well  as  to  the  interaction  of  vortex  filaments  with  both 
the  solid  lifting  surfaces  and  ground. 

A  final  comment  can  be  done  on  the  computing  efficiency  of  unsteady  vortex  lattice 
schemes. 

The  simulation  of  unsteady  vortical  flows  is  intrinsically  expensive  from  a  numerical 
point  of  view,  as  the  circulations  of  the  transversal  vortical  filaments,  which  are 

virtually  absent  at  steady  state,  must  also  be  accounted  for.  In  addition,  a  Lagrangian 
generation  of  the  wakes  requires  longer  computing  times  before  a  sufficiently 

representative  portion  of  the  shed  wakes  is  produced. 

However,  a  significant  computing  time  saving  can  be  obtained  if  only  the  mutual 

induction  of  the  wake  elements  and  the  lifting  surfaces  is  considered,  while 

self-induction  of  the  vortex  filaments  is  neglected,  for  the  farther  portion  of  the  shed 

wakes. 

Self-induction  effect  simulation  is  a  peculiar  property  of  vortex  lattice  schemes  and 

proves  to  be  essential  for  a  correct  determination  of  the  configuration  of  the  wakes. 
However,  as  a  matter  of  fact,  in  the  "far  wake"  it  only  acts  in  increasing  the  local 
roll-up  and  stretching  processes  of  the  vortical  sheets,  without  affecting  at  all  their 

induction  (and  the  aerodynamic  load  distribution)  on  the  lifting  surfaces  far  upstream. 

It  turns  out  that,  for  practical  purposes,  in  most  cases,  vorticity  in  the  wake  can  be 
simply  convected,  starting  from  a  downstream  distance  of  the  order  of  some  wing  spans. 
Being  most  of  the  computing  time  devoted  to  the  evaluation  of  the  self-inducing  effects, 
this  procedure  enormously  speeds  up  the  computations,  without  affecting  the  accuracy  of 
the  numerical  predictions. 

4.  FRAMES  OF  REFERENCE  AND  FLIGHT  DYNAMICS  MODEL 

In  order  to  determine  the  instantaneous  unknown  values  of  the  circulations  on  the  lifting 
surface  panels,  the  zero  normal  velocity  condition  on  the  solid  surfo:;es  is  imposed,  at 


25-5 


each  time  step. 

This  implies  that  the  coefficients  of  the  aerodynamic  influence  matrix,  which  rely  on  the 
instantaneous  location  and  attitude  of  each  surface  eiement  in  the  absolute  frame  of 

reference,  must  be  computed. 

Moreover  the  instantaneous  velocity  of  the  control  point  of  each  surf  ace  panel  must  be 

prescribed.  This  is  the  result  of  both  the  linear  and  angular  velocities  of  the  aircraft 
and  obviously  depends  on  the  instantaneous  linear  and  angular  accelerations.  These,  in 

turn,  rely  on  the  mass  and  moment  of  inertia  of  the  airplane  and  on  the  distribution  of 
the  aerodynamic  loads  on  its  surfaces. 

Therefore  appropriate  frames  of  reference  and  flight  dynamics  equations  must  be 
considered. 

An  absolute  ground  fixed  frame  of  reference  0(X,Y,Z)  and  an  aircraft  fixed  frame  of 
reference  G{x,y,2),  having  its  origin  in  the  center  of  gravity  G  of  the  airplane,  are 
defined. 

An  additional  k-th  local  frame  of  reference  is  introduced  Hk(xic,yk,zk),  fixed  with  each 

k-th  lifting  surface.  The  origin  of  the  k-th  frame  of  reference  is  coincident  either 
with  the  leading  edge  of  the  fixed  k-th  surface,  or  with  the  hinge  axis  of  the  k-th 
control  surface. 

At  time  t,  the  relative  position  vector  rp(t)  of  a  generic  point  P  laying  on  the  k-th 
lifting  surface,  in  the  aircraft  fixed  frame  of  reference,  can  be  expressed  as  a  function 
of  its  position  rpo  in  the  local  frame  Hk(xk,yk,zk).  as; 

rp(t}  =  Xiclt)  rpo  +  rhk  (4.1) 

where  ^k(t)  is  the  tensor  associated  with  the  rotation  of  the  k-th  surface,  with  respect 
to  its  undeflected  angular  position.  ??k(t)  therefore  expresses  the  instantaneous 
contribution  to  the  displacement  of  point  P  associated  to  the  deflection  imposed  to  the 
k-th  control  surface.  rhk  is  the  location  of  the  hinge  axis  of  the  k-th  control  surface 
in  the  aircraft  fixed  frame  of  reference. 

The  absolute  position  vector  Rp(t)  of  point  P,  can  be  is  given  by: 

Rp(t)  =  3?(t)  rp(t)  +  Rclt)  (4.2) 

where  3?(t)  is  the  tensor  associated  with  the  rotation  of  the  aircraft,  with  respect  to 
its  initial  angular  position  at  time  t=0,  and  RoCt)  is  the  absolute  position  vector  of 
the  center  of  gravity  of  the  airplane. 

Consequently,  the  absolute  velocity  Vp(t)  of  a  generic  point  P  laying  on  the  k-th  surface 
can  be  determined  according  to: 

Vp(t)  =  vp(t)-^  W(t)  A  (Rp(t)-RG(t))  +  Vc(t)  (4.3) 

where  W(t)  is  the  instantaneous  angular  velocity  of  the  aircraft,  Vc(t)  is  the  linear 
velocity  of  its  center  of  gravity,  and  vp(t)  is  the  velocity  of  point  P  in  the  airplane 
fixed  frame  of  reference: 


Vp(t)  =  vhk(t)  +  Wk(t)  A  rp(t)  (4.4) 

where  vhk(t)  is  the  relative  instantaneous  velocity  of  the  k-th  hinge  axis,  around  which 
the  angular  velocity  of  the  k-th  control  surface  is  wk(t).  vhk(t)  is  obviously  equal  to 
zero  for  fixed  hinge  flaps  and  control  surfaces. 

If  the  motion  of  both  the  aircraft  and  the  control  surfaces  is  assigned  "a  priori",  the 
instantaneous  values  of  W(t),  Veit),  vhk(t)  and  wk(t)  are  known. 

Otherwise,  only  the  deflection  laws  for  the  control  surfaces  are  imposed,  while  W(t)  and 
VG(t)  are  determined  through  the  dynamic  balance  of  the  forces  and  moments  produced  by 
the  integration  of  the  instantaneous  pressure  coefficients.  In  the  present  formulation  a 
simple  flight  dynamics  model  based  on  the  following  rigid  body  equations  is  adopted. 


(4.5) 
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The  linear  momentum  conservation  is  imposed: 

m  Vg  =  F»  +  T  0  Ln  +  Lm 

where  m  is  the  mass  of  the  aircraft,  Vc  is  the  linear  acceleration  of  its  center  of 
gravity,  F«  is  the  sum  of  the  aerodynamic  lift  and  drag,  T  is  the  engine  thrust  (assumed 
to  be  constant),  Q  is  the  airplane  weight,  Lm  and  Ln  are  the  forces  exerted  by  the  nose 
and  main  undercarriage  legs,  during  the  take-off  run. 

The  conservation  law  for  the  angular  momentum  about  the  center  of  gravity  of  the 
airplane,  in  its  plane  of  symmetry,  brings  to: 


lyy  uy  =  M»y  +  Xn  Ln  +  Xm  Lm  (4.6) 

where  lyy  is  the  moment  of  inertia  of  the  aircraft  about  the  y  axis,  wy  is  the  component 
of  the  angular  acceleration  around  the  y  axis,  Ma  is  the  moment  of  the  aerodynamic  forces 
with  respect  to  the  center  of  gravity  and  the  last  two  terms  represent  the  moments  of  the 
forces  exerted  by  the  undercarriage  legs  during  the  take-off  run. 

Equations  (4.5)  and  (4.6)  are  used  to  determine  the  dynamic  behavior  of  the  aircraft 
during  its  flight.  Obviously,  during  the  take-off  run  Ln,  Lm  and  their  moments  are 
unknown,  and  both  the  vertical  component  of  the  linear  acceleration  and  the  angular 
acceleration  uy  are  equal  to  zero,  while,  when  Ln  goes  to  zero,  the  rotation  phase  takes 
place,  and  the  airplane  angular  acceleration  wy  must  be  computed. 

5.  THE  SELECTED  AIRCRAFT  CONFIGURATIONS 

The  unsteady  take-off  maneuver  in  ground  effect  is  numerically  simulated  and  analyzed  in 
the  next  paragraphs  for  various  hign-lift  configurations,  which  reasonably  approximate 
STOL  military  or  civil  transport  aircrafts  (see  Fig.l). 

The  basic  aircraft  configuration  has  the  following  geometrical  characteristics. 

The  wing  has  a  taper  ratio  of  0.5,  a  root  chord  C  equal  to  5.4  meters,  a  span  equal  to  40 

meters  and  a  surface  of  176  mf  It  is  located  0.8  root  wing  chords  above  ground. 

The  tail  plane  has  the  same  taper  ratio,  a  span  equal  to  3  C  and  is  located  in  the  plane 
of  the  wing  with  its  apex  2  root  wing  chords  downstream  the  trailing  edge  of  the  wing. 

The  hinge  axis  of  the  elevator  is  located  at  2/3  of  the  local  tail  plane  chord. 

In  its  basic  configuration  (A),  the  airplane  is  fitted  with  double  slotted  trailing  edge 

flaps  having  a  span  and  a  central  cutout  equal  to  5.36  and  0.87  root  wing  chords 
respectively.  Each  flap  element  has  a  constant  chord  equal  to  0.2  C.  The  flap  elements 

are  set  to  an  angle  of  attack  of  11.25  and  22.5  degrees  respectively. 

Additional  double  slotted  flap  configurations  (B  and  C),  are  obtained  by  only  modifying 
the  flap  planforms,  while  maintaining  their  surface  unchanged. 

Configuration  B  has  flaps  with  constant  chord  increased  507.  with  respect  to  the  basic 

configuration,  and  a  proportionally  reduced  span,  the  central  cutout  being  unchanged. 
Configuration  C  is  obtained  from  the  basic  one  by  introducing  cutouts  simulating  the 
presence  of  wing-mounted  engines,  and  consequently  increasing  the  flap  span  to  6.1  C. 

A  further  configuration  D  is  defined,  having  a  single  slotted  flap  with  constant  chord 
spanning  the  whole  wing,  set  at  22.5  degrees. 

For  all  of  these  configurations,  the  airplane  is  assumed  to  have  a  mass  of  34.000  Kg,  a 
moment  of  inertia  around  the  y  axis  equal  to  400.000  Kg  a  center  of  gravity  located 
in  the  plane  of  symmetry  at  507.  of  the  wing  root  chord  and  at  0.4  root  wing  chords  above 
ground. 

6.  COMMENTS  ON  THE  NUMERICAL  SIMULATION  OF  UNSTEADY  TAKE-OFF  MANEUVERS  IGE 

The  attention  is  focused  in  this  paragraph  on  some  general  aspects  related  to  the  use  of 
vortex  lattice  schemes  in  the  numerical  simulation  of  unsteady  aircraft  maneuvers  in 
ground  effect. 
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Fig.l  -  The  selected  A,  B,  C  and  D  high-lift  aircraft  configurations 


The  time  dependent  evolution  of  the  wakes  past  the  basic  aircraft  configuration,  reported 
in  Fig.2,  impressively  evidences  the  capability  of  unsteady  vortex  lattice  schemes  in 
treating  evolutive  vortical  flows. 

However,  as  mentioned  in  paragraph  3,  this  is  only  possible  provided  the  turbulent 

diffusion  process  of  the  cores  of  the  discrete  vortices  is  adequately  modeled  in  a 
general  and  physically  consistent  way. 

Also  the  accuracy  of  the  geometrical  discretization,  particularly  in  the  spanwise 

direction,  brings  to  an  increasingly  better  definition  of  the  con^’iguration  of  the  wakes 

and  to  a  more  accurate  prediction  of  the  load  distribution  on  the  lifting  surfaces,  but 

obviously  requires  rapidly  growing  computing  times. 

A  preliminary  analysis  of  the  sensitivity  of  the  scheme  to  panel  density  has  shown  that, 
for  relatively  low  taper  and  high  aspect-ratio  plan  forms,  an  acceptable  prediction  of 
the  aerodynamic  load  distributions  can  be  obtained  even  with  the  limited  number  of  vortex 
panels  used  in  these  simulations.  Solutions  are  only  negligibly  improved  by  further 
increasing  the  number  of  panels. 

Flowfield  and  aerodynamic  loads  rely  upon  the  instantaneous  location  of  the  shed  wakes. 
Therefore,  an  appropriate  integration  time  step  must  be  used  to  accurately  evaluate  the 
displacement  of  the  nodes  of  the  vortex  lattice.  Moreover,  the  time  discretization  also 

affects  the  longitudinal  dimension  of  the  vortex  panels  in  the  wake,  so  influencing  the 
uniformity  of  the  vortex  elements.  Though  not  strictly  compulsory,  time  discretization 
should  be  such  to  produce  nearly  uniform  vortex  elements  on  wakes  and  lifting  surfaces. 
!  These  are  known  to  increase  accuracy  of  the  solutions  and  stability  of  the  numerical 

j  scheme.  The  numerical  results  here  presented  have  been  obtained  using  a  dimensionless 

5  integration  time  step  T=0.25,  which  meets  rather  well  the  antithetical  requirements  of 

I  accuracy  and  computing  time. 

I  In  order  to  describe  how  the  take-off  maneuver  is  accomplished,  reference  is  made  in  the 

following  to  Fig.3,  where  the  time  history  of  the  lift  coefficients  of  wing,  flap  and 
tail  plane  is  reported  for  the  airplane  configuration  A,  in  ground  effect  (IGE). 


25-8 


A  numerical  analysis  of  the  whole  take-off  maneuver  (including  the  take-off  run,  the 

rotation  phase  and  the  final  climb)  can  be  performed  by  using  the  vortex  lattice  scheme, 
imposing  appropriate  deflections  to  the  control  surfaces,  and  integrating  the  flight 
dynamics  equations  4.5  and  4.6.  However,  attention  is  focused  in  the  present  work  to  the 
simulation  of  the  rotation  phase  of  the  aircraft,  during  which  unsteadiness  of  the  flight 
condition  and  time  varying  ground  effects  are  believed  to  play  a  significant  role. 

Therefore,  in  order  to  speed-up  the  numerical  simulation,  the  initial  part  of  the  actual 

take-off  run  has  been  replaced  by  an  impulsive  start. 

Then,  once  the  effects  of  the  impulsive  start  are  sufficiently  damped  and  an 

approximately  steady  state  configuration  of  the  near  wakes  is  attained  (T=7  approx.,  in 
Fig  .3),  the  elevator  is  progressively  deflected  from  0  to  -20  degrees,  at  a  rate  of  30 

degrees  per  second. 


At  the  instant  deflection  begins, 
the  tail  surface  lift  decreases  and 
starting  vortices  are  shed  in  the 
field  at  the  edges  of  both  the 
stabilizer  and  the  elevator. 

Note  that  the  relative  location  and 
attitude  of  the  elevator  panels 
vary  progressively  with  respect  to 
both  the  panels  of  the  fixed 
portion  of  the  tail  plan'’  and  wing. 
This  implies  that  the  coefficients 
of  the  aerodynamic  influence  matrix 
must  be  computed  at  each  time  step, 
during  the  deflection  phase  of  the 


\  'V 


dimertsioniess  tirne 

Fig. 3  -  Time  history  of  the  lift  coefficients  of  wing,  flap  and  tail  plane  for 
configuration  A,  during  the  impulsively  started  take-off  maneuver  IGE. 

As  a  consequence  of  the  elevator  deflection  (time  units  from  7  to  12  approx.,  in  Fig. 3), 
the  aircraft  is  subject  to  a  pitching  moment  which  progressively  grows  until  the  nose 
wheel  lifts  up  and  it  starts  rotating  in  its  plane  of  symmetry,  according  to  the  dynamic 
equilibrium  laws.  Initial  rotation  takes  place  around  the  axis  of  the  main  undercarriage 

wheels,  which  also  provide  the  vertical  force  still  necessary  to  balance  the  aircraft 
weight.  j 

This  rotation  produces  a  progressively  increasing  angle  of  attack  and  causes  the  lift  of  ; 

the  wing  and  flaps  to  increase  while  the  negative  lift  of  the  tail  plane  reduces. 

During  this  phase,  the  distance  from  the  ground  of  both  the  lifting  and  the  control  | 

surfaces  of  the  aircraft  varies  significantly  with  time  and  the  unsteady  ground  effect  | 

begins  to  play  an  important  role.  I 

Also  the  mutual  induction  of  the  lifting  surfaces  and  their  time  varying  interference  j 

with  the  shed  wakes  cause  non  linear  aerodynamic  effects. 

» 

During  the  rotation  phase,  which  has  a  relatively  short  duration,  the  horizontal 
component  of  the  velocity  of  the  aircraft  can  be  reasonably  assumed  to  vary  negligibly 

with  time.  This  justifies  the  adoption  of  a  simplified  flight  dynamics  model  in  which 
the  equation  for  the  horizontal  component  of  the  momentum  is  eliminated  and  a  constant 
horizontal  acceleration  is  imposed  to  the  aircraft.  Although  the  practical  consequences 
of  this  simplification  are  completely  negligible,  both  in  terms  of  computing  time  and 
complexity  of  the  numerical  scheme,  it  allows  to  perform  numerical  simulations  which  can 
more  easily  be  analyzed  in  a  comparative  way.  In  fact,  provided  the  same  law  is  imposed 
to  the  deflection  of  the  elevator,  all  of  the  rotation  phases  will  start  at  the  same 
dimensionless  time,  with  the  same  value  of  the  horizontal  component  of  the  velocity, 
independently  on  the  particular  examined  configuration. 

When  the  angle  of  attack  of  the  airplane  reaches  a  value  of  approximately  10  degrees, 

lift  becomes  larger  than  weight,  the  airplane  starts  climbing,  and  ground  effect 
progressively  reduces. 

Also  during  the  rotation,  the  take-off  and  the  climbing  phases  the  coefficients  of  the 
aerodynamic  influence  matrix  must  be  computed  at  each  time  step,  not  only  because  of  the 
control  law  imposed  to  the  elevator,  but  also  due  to  the  fact  that  the  lifting  surfaces 
vary  their  distances  and  attitudes  relative  to  their  virtual  images  below  the  ground. 


cba  conf iquration  with  aaalycicai  laiciog. 
Ovecall.  the  calculated  results  agree  well 
with  experiaental  data. 


and  the  displaceaent  surface  & 
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7.  THE  INFLUENCE  OF  GROUND  ON  THE  TAKE-OFF  MANEUVER 

Ground  proximity  affects  the  evolutive  structure  of  the  wakes  released  by  the  lifting 
surfaces.  Ground  confines  the  vertical  development  of  the  wakes  and  promotes  a 
consequent  spanwise  spreading. 

This  is  clearly  evident  in  Fig.4,  where  the  plan  and  lateral  views  of  the  wakes  of 
configuration  A  are  shown,  at  T=18,  for  both  the  OCE  and  the  IGE  maneuvers. 

Although  the  outboard  displacement  of  the  tip  vortices  of  wing  and  flaps  does  not 
completely  alter  the  global  structure  of  the  wakes,  it  significantly  enhances  their 
interaction  with  the  tail  plane. 


:?•!  1 
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Fig. 5  -  Cross  section  of  the  wakes  released  by  the  wing  and  flaps  of  configuration  A,  ICE 
and  OGE. 

This  is  also  confirmed  by  Fig.S,  where  the  cross  sections  of  the  IGE  and  OGE  wakes  of 
configuration  A,  are  shown  for  comparison,  in  a  plane  normal  to  the  ground,  1  root  wing 
chord  downstream  the  wing  trailing  edge.  Solid  circles  are  used  to  represent  the  cross 
section  of  the  longitudinal  vortical  filaments,  which  have  radii  proportional  to  their 
circulation. 

Not  only  stronger  vortices  are  produced  in  ground  effect  (IGE),  but  ilso  their  location 
relative  to  the  tail  plane  is  modified  in  both  spanwise  and  vertical  directions  (also  see 

Fig.4). 

As  a  consequence,  unsteady  ground  effects  can  be  responsible  for  significant 
modifications  in  the  efficiency  of  the  tail  plane  and  can  remarkably  affect  the  lake-off 
maneuver. 

In  Fig.6  the  time  evolution  of  the  DCl  developed  by  the  tail  plani.,  with  respect  to  the 
IGE  maneuver  of  Fig.3,  is  reported  (DCi.  is  defined  as  Cuoge)-Cl(ice)). 

In  addition  to  a  stronger  sensitivity  to  the  starting  wake  released  by  the  wing  upstream 
(T-2),  the  tail  plane  in  ground  effect  is  always  shown  to  produce  a  reduced  negative 
lift. 
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Fig.6  -  Time  history  of  the  lift  coefficient  produced  by  the  tail  plane  OGE,  with  respect 
to  the  IGE  condition. 


Unc  iroisicnic  originalite  de  la  meihcKie,  introduiic  plus 
recemmenf.  est  de  generaliser  Teniploi  de  ce  mailleur 
afgcbrkjuc  a  des  geometries  plus  complexes  (quelconques)  par 
adjonction  d'unc  technique  de  superposition  de  transformations 


Massive-separation"  pour  to  couplage.  la  mcMhcxle  hidimcnsion 
nolle  siationnaire  (ctnles  V1S()5  et  V1S()7.  Viscous-lnviscid 
SoIver-()7)  a  donne  aceds  au  calcu!  du  decoKhage  et  du  post 
decrochage.  I^s  l*ig.  6-12-13  rcproduiscni  ici  les  rcsultais  |1 
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8.  THE  INFLUENCE  OF  VARIOUS  HICH-LIFT  CONFIGURATIONS 

The  influence  of  various  flap  configurations  on  the  take-off  maneuver  in  ground  effect 
are  examined. 

In  Fig.7  plan  views  are  shown  of  the  wakes  produced,  during  the  take-off  maneuver,  by  the 
aircraft  configurations  B,  C  and  D  defined  in  paragraph  5. 

Although  all  of  the  considered  configurations  approximately  produce  the  same  amount  ol 
lift,  streamwise  vorticity  in  their  wakes  is  distributed  in  completely  different 
patterns,  as  evidenced  in  Fig.8,  where  the  solid  circles  used  to  represent  the^  cross 
section  of  the  longitudinal  vortices,  have  radii  proportional  to  the  strength  oi  each 
vortex  filament. 

Various  are  the  consequences  of  the  different  vorticity  distribution  in  the  wakes. 

Structural  loads,  for  instance,  and  induced  drag  depend  on  the  spanwise  distribution  of 
lift  which,  in  turn,  relies  on  vorticity  distribution.  Highly  concentrated  unsteady 
vortices  can  induce  vibratory  loads  on  the  tail  surfaces,  can  be  ingested  by  tail-mounted 
engines  or  induce  fatigue  loads  on  the  propellers  of  canard  configurations. 


Fig.8  -  Cross  section  of  the  wakes  past  various  high-lift  aircraft  configurations 
IGE,  in  a  plane  1  root  wing  chord  downstream  the  wing  trailing  edge  (T=18). 


As  an  example,  the  effect  of  the  structure  of  the  wakes  is  shown  in  Fig.9  on  the  spanwise 
lift  distribution  on  the  tail  plane  of  the  examined  configurations. 


9.  CONCLUSIONS 

High-lift  devices  are  mainly  used  during  unsteady  maneuvers  in  ground  effect.  Their 
design  and  optimization,  together  with  the  controllability  and  operative  safety  of 
aircrafts,  relies  on  the  capability  of  predicting  the  complex  structure  of  the 
three-dimensional  unsteady  vortical  flows  which  develop  close  and  interfere  with  the 
control  surfaces  and  ground. 
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A  numerical  approach  to  the  simulation  of  unsteady  maneuvers  in  ground  effect,  based  on  a 
non  linear  vortex  lattice  scheme  and  a  simple  flight  dynamics  model,  has  been  presented 
and  applied  to  various  reasonably  realistic  high-lift  aircraft  configuration.  Further 
developments  of  the  scheme  vvill  allow  to  account  also  for  the  fuselage  effects,  which 
have  been  neglected  in  the  present  formulation. 

For  design  purposes,  the  developed  vortex  lattice  scheme  seems  to  constitute  a  reasonable 
compromise  between  the  antithetical  needs  of  complete  mathematical  models  of  complex 
flows  and  required  computing  times. 

All  of  the  main  physical  features  of  the  examined  flows  seem  in  fact  to  be  retained  in 
the  numerical  simulations,  despite  of  the  quite  crude  vortex  lattice  model  used  to 
discretize  the  continuous  distribution  of  vorticity  in  the  flowfield.  this  is  partly 
ascribable  to  the  use  of  a  fully  general  model  for  the  diffusion  of  the  Rankine  vortex 
filaments. 

In  addition  to  the  significant  role  played  by  ground  proximity,  the  numerical  simulations 
also  evidence  how  the  choice  of  appropriate  high-lift  configurations  can  completely 
modify  the  structure  and  the  inducing  effect  of  the  vortical  wakes  shed  in  the  flowfield. 
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Fig.9  -  Spanwise  lift  distribution  on  the  tail  plane  of  various  high-lift  aircraft 
configurations  (A,  B,  C  and  D),  during  a  take-off  maneuver  ICE  (T=  18). 
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(  VISCOUS-INVISCTD  CALCULATION 
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SEPARATED  COMPRESSIBLE  FLOWS 
OVER  AIRFOILS  AND  WINGS  ) 
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Abstract. 


The  viscous-inviscid  interaction  transonic  numerical  method 
previously  defined  by  the  author  for  computing  attached  or 
separated  flows  over  airfoils,  including  the  deeply  stalled  flows, 
is  extended  into  a  new  three-dimensional  method  for  strongly- 
separated  flows  over  wings  at  high-lift  and  compressible 
speeds. 

The  numerical  non-linearly  implicit  boundary  layer  technique 
(direci/inverse).  the  turbulent  models,  the  grid  generation  and 
grid-adaption,  the  coupling  and  wake-equilibration  algorithms, 
the  inviscid  full-potential  schemes,  are  extended  in  three- 
dimension,  with  approximation  on  the  viscous  equations 
l2.75D-local).  New  theoretical  results  are  given  on  the  singu¬ 
larities  and  characteristic  cones  of  the  fully  three-dimensional 
boundary  layer  in  inverse  mode.  A  new  "Massive-separation 
2  7SO"  extension  of  the  "Semi-inverse"  algorithm  of  Le  Balleur 
for  coupling  is  given  and  detailed,  together  with  its  stability- 
theory. 

Results  are  shown  for  2D -stall,  and  for  3D  separated  flows 
over  rectangular  or  swept  wings,  with  satisfactory  agreement 
between  theory  and  experiment.  A  self-adaptation  technique  of 
the  grid  to  the  viscous  effects  is  displayed.  The  results  demon¬ 
strate  that  the  viscous-inviscid  interaction  methods  give  a  full 
access  to  the  calculation  cf  three-dimensional  separation. 


R^sum^. 


La  methode  numerique  d'  interaction  visqueux-non  visqueux 
transsonique  tUfinie  precedemment  par  T auteur  pour  le  calcul 
des  ecoulemenis  attaches  ou  decodes  sur  les  profils  d'ailes,  in- 
cluant  le  calcul  du  decrochage  profond,  est  id  etendue  en  une 
nouvelle  methode  tridimensionnelle  pour  les  ecoulements  forte- 
ment  dicollis  sur  des  ailes,  aux  grandes  portances  et  en  fluide 
compressible. 

La  technique  numerique  non-lineairement  implicite  de  couche 
limite  (directe/inverse),  les  modules  turbulents,  le  generateur 
de  maillage  et  son  auto-adaptation,  les  algarithmes  de 
couplage  et  de  mise  en  equilibre  du  sillage,  le  schima  non- 
visqueux  potentiel-complet,  sont  etendus  au  trieUmensionnel, 
avec  une  approximation  sur  les  equations  visqueuses  (2.75D- 
local).  Des  risultats  thioriques  nouveaux  sont  donnis  sur  les 
singularites  et  cones  caractiristiques  de  la  couche  limite 


pleinemeiu  tridimensionnelle  en  mode  inverse.  Une  extension 
nouvelle  "Massive-separation  2.75D"  de  Talgorithme  de 
couplage  “Semi-inverse"  de  Le  Balleur  est  donnee  et  detaillee, 
en  mime  temps  que  sa  theorie  de  stabilite. 

Des  risultats  son!  momres  pour  le  decrochage  2D,  et  pour 
des  ecoulements  3D-decollis  sur  aile  rectangulaire  ou  aile  en 
fleche,  avec  un  accord  calcul-experience  satisfaisant.  Une  tech¬ 
nique  d’ auto-adaptation  du  maillage  aux  effets  visqueux  est 
presentee.  Les  risultats  demontrent  que  les  methodes 
d’ interaction  visqueux-non  visqueux  donnent  un  plein  acces  au 
calcul  du  dicollement  tridimensionnel. 


I.  INTRODUCTION. 

La  simulation  numerique  par  "interaction  visqueux-non 
visqueux"  offre  la  possibilite  de  developper  des  methodes  k 
plus  faible  dissipation  numerique,  et  ^  plus  faible  cout,  que  les 
techniques  de  "resolution  directe"  d’^quations  de  Navier- 
Stokes.  L’investissement  dans  cette  methodologie,  malgre  ce 
double  avantage.  semble  toutefois  avoir  ete  desservi  par  I’idee 
ancienne  et  maintenant  inexacte  que  son  domaine  de 
developpement  serait  toujours  plus  limite,  notamment  vis  4  vis 
du  decollement  etendu,  et  surtout  du  decollement  tridimension¬ 
nel. 

Par  les  progres  des  algorithmes  de  couplage,  raccis  au 
calcul  des  decollements  avait  pu  etre  ouvert,  en  2D  ou  2.5D. 
Ces  progres  sur  le  couplage  avaient  ete  d’abord  obtenus  par  in¬ 
troduction  de  Talgorithme  "Semi-inverse"  de  Le  Balleur  [6]ll] 
en  1978,  algorithme  general  subsonique/supersonique  dote  d’un 
controle  de  stabilite  autonome,  puis  par  Talgorithme  "Semi- 
inverse"  simplilie  de  Carter  [101  de  1979,  equivalent  k  une 
integiale  premiere  de  la  partie  subsonique  du  precedent,  puis 
par  Talgorithme  "Quasi-simultaneous"  de  Veldman  [11]  de 
1981,  algorithme  subsonique  de  type  Gauss-Seidel,  puis  enfin 
par  Talgorithme  instationnaire-consistant  "Semi-implicite",  Le 
Balleur,  Girodroux  [12][13J,  de  198“*. 

Plus  recemment,  Talgorithme  "Semi-inverse"  originel  de 
1978  a  conduit  e  2  nouveaux  algorithmes  qui  le  generalisent, 
Le  Balleur  [11.  Le  premier  est  Talgorithme  "Semi-inverse 
Massive-separation",  algorithme  stationnaire  ayant  ouvert 
Taccis  aux  calculs  de  d^ollement  massif  et  de  ddcrochage. 
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Cet  algoriihnie  est  ici  rephs  et  ^tendu  aux  calculs  3D- 
appiochis  ("2.750").  Le  second  est  ralgorithme  "Semi-inverse 
Pseudo-unsteady",  obtenu  en  modifiant  le  precondidonneineni 
non-vis(]ueux  de  ralgorithme  otiginel  par  introduction  du 
caractdre  pseudo-instadonnaire  des  solveurs  Euler,  ce  qui  a 
donne  acc6s  i  des  m6thodes  robustes  et  rapides  pour 
I’interaction  choc  -  couche  limite  (!]. 

L’accds  au  calcul  du  ddcolleroent  tridimensionnel,  plus 
complexe  i  obtenir,  a  souvent  d^crit  ^  tort  comme  hors  de 
poitde  de  la  m6thodologie  d'interaciion  visqueux-non  visqueux. 
Bien  que,  de  par  sa  complexity,  la  thyorie  30  du  couplage  n’ait 
pu  etre  directement  dygagye,  les  ytudes  exploratoites,  par  ex- 
emple  de  Wigton,  Yoshihara,  Wai  129)(301[31],  Carter,  Ed¬ 
wards,  Davis,  Hafez  (261(27),  Cebeci  et  al.  (28),  Steger,  van 
Dalsem  [32],  ont  d’abord  mis  en  yvidence  des  possibilitys  de 
calcul  de  petits  dycollements  30. 

Prysentement,  la  methode  transsonique  20  (ou  2.SD) 
suggyrye  antyrieurement  pour  les  ycoulements  de  ptohls  d’ailes 
dycoliys  ou  en  dycrochage,  Le  Balleur  [7](1|,  est  ici  ytendue  au 
calcul  tridimensionnel  sur  des  voilures  dycoliyes,  en  intio- 
duisant  des  yquations  visqueuses  approchyes  ("2.75D"-local) 
mais  avec  un  calcul  non-visqueux  complei  d'yquation  du  po- 
tentiel.  Les  mythodes  originales  mises  au  point  dans  la 
mythode  bidimensionnelle,  Le  Balleur  (Ij,  notamment  la  tech¬ 
nique  numyrique  de  couche  limite  directe/in verse,  ainsi  quc  sa 
modyiisation,  ralgorithme  de  couplage  "Semi-inverse"  et  sa 
thyorie  de  stability,  le  gyndrateur  algybrique  de  maillage  et  son 
auto-adaptation  aux  effets  visqueux,  I'algorithme  d’yquilibrage 
du  sillage,  le  solveur  potentiel-complet,  sont  ici  gynyralisys  en 
30,  Les  premiers  resultais  presentys  dymontrent  I’acces  de  la 
mythode  au  calcul  du  dycoUement  tridimensionnel,  avec  large 
dycollement.  Notons  qu’une  extension  instationnaire  menye 
paraliyiement  sur  la  meme  mythodologie  visqueuse,  Le  Balleur, 
Girodroux  [21],  avec  un  choix  opposd  d’iquations  visqueuses 
3D-complites  et  de  calcul  non-visqueux  approchy  (petites  per¬ 
turbations),  dymontre  aussi  I'accis  au  calcul  du  dycollement 
tridimensionnel. 


"pseudo-fluide-parfait" . 


2.1.1.  Thyorie  complete  :  Navier-Stokes. 

La  thyorie  de  "Formulation-Oyficiiaire"  de  Le  Balleur  pro¬ 
pose  une  rysolution  indirecie  des  equations  de  Navier  en 
traitant  d’une  part  la  diffyrence  entre  yquations  d'Euler  et  de 
Navier-Stokes,  et  d’autre  pan  les  yquations  d’Euler,  par  des 
schymas  numyriques  differents.  Le  systeme  numyrique  obtenu, 
de  rang  double,  vise  I’obtention  d’une  technique  a  tres  faible 
dissipation  numyrique,  aussi  bien  pour  des  yquations  de  Navier 
complytes,  que  pour  dcs  yquations  de  couche-mince.  Notons 
que  la  thyorie  de  "Formulation-Dyficitaire’'  ne  dycompose  pas 
le  vecteur  vitesse  en  introduisant  des  vitesses-dyficitaires 
(u'  -  «'),  mais  decompose  au  contraire  les  yquations  de  Navier 
sous  forme  additive  par  rappon  aux  flux.  La  thyorie  introduit 
un  double  jeu  de  variables  primitives,  pour  le  champ-reel  et 
pour  le  champ-fictif  Euler,  avec  couplage  fon  (couplage  exact) 
des  champs  Navier  et  Euler  : 
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2.  EQUATIONS. 
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Les  yquations  de  Navier-Stokes  sont  dissociyes  en  2 
systymes  coupiys  yquivalcnts  en  utilisant  la  thyorie  de 
"Formulation-Dyficitaire"  de  Le  Balleur  [4J17]114]111,  proposye 
vers  1980,  et  compiyide  vers  1989  par  I’introduction  du 
"Refyrentiel  de  Oyplacement'’  (1]  qui  permct  de  genyraliser 
I’emploi  d'yquations  de  couche-mince  au  dycollement  massif. 
La  thyorie  est  valable  aussi  bien  pour  les  yquations  complites 
de  Navier-Stokes  que  pour  des  yquations  de  "couche-mince". 


2.1.  Thyorie  de  ’’Formulation-Dyficitaire". 


On  note  avec  un  signe  "barre"  I’ycoulement  visqueux  tur¬ 
bulent  nfel,  assujetti  aux  yquations  de  Navier-Stokes 
moyennyes.  On  note  sans  ce  signe  un  ycoulement  fictif  super- 
posy  "pseudo-fluide-parfait",  assujetti  aux  yquations  d’Euler, 
dyfini  partout  dans  I’espacc,  meme  k  I'intyrieur  des  tygions 
visqueuses.  On  considire  dcs  coordonnyes  cartysicnnes  X'  ei 
curvilignes  xHX‘),  les  composantes  cartysicnnes  U'  et  contra- 
variantes  «•'  de  la  vitesse,  le  jacobien  J  =  det  (3X‘/3x'),  les 
symboles  de  Christoffel  le  tenseur  mytrique  g‘^  ou  gy,  les 
composantes  cartysiennes  T'^  et  contravariantes  i‘>  du  tenseur 
des  contraintes,  la  density  (s,  I’enthalpie  totale  pression 

totale  Pr-  a>nsi  flue  'es  variables  correspondantes  dans  le 


La  thyorie  ycrit  le  couplage  exact  par  raccordement  continu  des 
2  champs  ("matching")  lorsque  Ton  s’yioignc  vers  rexterieur 
des  couches  visqueuses.  ce  qui  yvite  toute  dependance  de  la 
solution  &  un  choix  arbitraire  d’ypaisseur  visqueuse  6.  et  ce  qui 
s’est  avyry  aussi.  Le  Balleur  151(8],  yiiminer  toute  anomalie  de 
couche  visqueuse  "supercritique"  au  sens  de  Oocco-Lees  : 
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Ce  couplage  appone  les  conditions  aux  limites  qui  assurent  la 
dytertnination  du  champ  fictif  "pseudo-fluide-parfait”,  avec  uni- 
clte  dans  le  cas  non-visqueux  potentiel,  et  avec  la  ndcessity  de 
conditions  suppiymentaires  dans  le  cas  non-visqueux  Euler, 
voir  U  Balleur  13]123][19]120]. 


2.1.2.  Thyorie  "NS-couche-mince”. 

De  meme  que  dans  une  rysolution  "directe  Navier-Stokes 
couche-mince"  habituelle,  la  direction  x’  peui  ici  etre 
particularisye,  et  les  termes  de  contraintes  tronquys  ; 
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Les  equations  "Navier-Stokes  couche-mince"  sont  dependantes 
du  choix  du  maillage,  celte  incenitude  (majeure)  etam  acceptee 
dans  les  m^thodes  de  resolution  direcies  "Navier-Stokes". 
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2.1.3.  "NS-couche-mince"  en  "R^rerentiel  de  D^placemenf. 

La  theorie  de  "Formulation-Deficitaire"  elimine  cette 
dependance  abusive  en  determinant  aerodynamiquement  la 
direction  x’  par  la  selection  d’un  "R^ferentiel  de  Deplacement", 
Le  Balleur  114j[l],  voir  Fig.  1. 


fig  /  "Riferentiet  de  Deplacement"  (decollement  massif). 


En  theorie  de  "Formulation-Deficitaire",  I'obtention  des 
equations  de  couche-mince  par  developpement  csymptotique 
necessite  en  effet  que  non  seulement  la  vitesse  normale 
visqueuse  a’  soit  petite,  mais  aussi  que  la  vitesse  normale 
non-visqueuse  Active  superposee  soit  elle-meme  petite,  ce 
qui  est  realise  par  choix  du  "Referentiel  de  Deplacement". 
Dans  ce  referentiel,  qui  etend  la  validite  des  equations  de 
couche-mince  au  calcul  des  decollements-massifs,  la  direction 
x’  devicnt  sensiblemem  normale  a  la  surface  de  deplacement 
(inconnue  avant  calcul),  x*  =  0  etant  alors  la  surface  de 
deplacement  et  non-plus  i  la  paroi.  De  plus  il  est  possible  sans 
restriction  majeure,  dans  ce  referentiel,  de  tronquer  encore  les 
equations  de  couche-mince  au  niveau  de  I’equation  de  mouve- 
ment  en  x^.  Par  developpement  en  5  (jauge  d’epaisseur  de 
couche  visqueuse),  il  vient  au  premier  ordre  : 
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2.1.4.  Forme  integrate  "Referentiel  5* "  (NS-couche-mince). 


One  simple  integration  en  de  (2b)  cntre  la  paroi 
x’  =  Z„(x‘,  x^)  et  I’infini  foumit  les  equations  integrales, 
pleinement  equivalentes.  Notant  q  le  module  de  la  vitesse 
non-visqueuse,  et  ±  les  cotes  superieur/inferieur  en  cas  de 
nappe  de  sillage  : 
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Les  equations  integrales  3D  peuvent  s’ecnre,  soit  le  long  de 
coordonnees  curvilignes  (t',  i^)  tracees  sur  la  surface  de 
deplacement,  soit  !e  long  de  coordonnees  curvilignes  (.s',  .s't 
tracees  sur  la  paroi  e(  dont  la  projection  onhogonale  sur  la  sur¬ 
face  de  deplacement  coincide  avec  (x  .  x'l.  Les  vitesses 
(visqueuse  et  non-visqueuse)  normales  ii  la  surface  de 
deplacement,  notees  ei  u^.  doiveni  eu-e  disnnguties  des 
vitesses  (visqueuse  et  non-visqueuse)  normales  a  la  paroi. 
notees  (v,  et  w,.  Notant  v  Tangle  (f)x^.  normale  a  la  paroi)  : 
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En  plus  des  Equations  de  masse  et  de  mouvement,  le 
systcine  (3)  dcrit  ici,  choisi  de  rang-4,  inclut  Tequation 
d’entrainement,  qui  est  une  collocation  le  long  de  la  surface 
x’  =  avec  les  Equations  locales  de  mouvement  du 

systeme  (2)  selon  x'  ou  x^.  Contrairement  a  de  nombreuses 
affirmations,  les  Equations  integrates  sont  mains  restrictives  que 
celles  de  Prandtl,  parce  que  p,  hj  ,  p.  p.  uf  hr.  Pr  sont  ici 
supposes  etre  dvolutifs  selon  x^  au  sein  de  la  couche  visqueuse, 
Le  Balleur  [4][9]I221,  cette  extension  ne  resultant  que  du  choix 
optimal  de  definition  des  epaisseurs  integrales  ("Formulation- 
Deficitaire”  par  rapport  aux  flux).  Notons  que  seules  les 
equations  integrales  de  mouvement  (et  done  d’entrainement) 
sont  ici  approchecs  en  couche-mince.  L’equation  de  continuite 
de  (3a)(3b)  est  une  integrate  exacte,  valable  aussi  pour  les 
equations  de  Navier-Stokes  completes.  Le  Balleur  [4][9][22]. 
Elle  determine  Texact  effet  de  deplacement  generalisi,  traduit 
par  la  vitesse  normale  non-visqueuse  i  la  paroi  w, ,  ou  bien  par 
un  saut  de  vitesse  normale  non-visqueuse  <w,>  sur  les  nappes 
de  sillage.  Pour  simplifier,  on  se  limitera  dans  la  suite  au  cas  : 
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cos  =  1, 


cos  V|»*  =  cos  = 


ce  qui  conespondrait  en  3D  aux  cas  ou  V6cm  entre  surface  de 
d6placement  ct  paroi  dependrait  peu  de  ou  s^. 

Enfin,  rini6gration  en  de  la  relation  (2c)  foumit 
(p  -  p)^  en  (x'.  x^.  Z„)  ainsi  que  des  sauts  de  pression 
non-visqucux  correctifs  sur  les  nappes  de  sillages  {effet  de 
courbure  generalise).  Celui-ci,  en  cas  d’approximation  de 
couche-mince,  peut  etre,  soil  ncglig^  au  premier  ordre,  soil 
modelise  cotnmc  un  terme  d’ordre  superieur.  Dans  cette 
secondc  hypothdse,  on  peut  en  particulier  adopter  la 
modelisaiion  de  "Courbure-induite"  sugger6e  vers  1980,  Le 
Balleur  [4J17}[14][1),  moins  restrictive  que  la  tWorie  de  couche 
limite,  et  en  meilleur  accord  avec  les  theories  asymptotiques  de 
bord  de  fuite  donn^es  par  Melnik  |2|[17)(18). 


2.2.  Choix  d’une  "nWtrique  de  surface  locale". 


Les  equations  curvilignes  ci-dessus  sont  generales  et 
s'appliquent  dans  tout  systeme  de  coordonnees  curviligne  ou 
orthogonal.  L’exp6rience  a  cependant  montre  qu’il  est  avan- 
tageux,  contrairemenf  aux  usages  habituels  en  couche  limite,  de 
s61ectionner  une  "metrique  de  surface  locale"  simple  sur  la 
paroi  (s’,  s^)  (ou  le  long  de  la  surface  de  deplacement  x',  x^). 
pour  les  calculs  de  couche  visqueuse. 

Utilisant  la  trace  ^  la  paroi  du  maillage  non-visqueux 
i,  j.  k  ,  les  coordonnees  de  surface  locales  sont  ici  ddfinies  en 
choisissant  pour  coordonnee  s'  I’abscisse  curviligne  le  long  des 
ligr.es  (j  =  csr.  k  =  1),  et  pour  coordonn6e  s^  I’abscisse  curvi¬ 
ligne  dans  la  direction  onhogonaJe  it  s'  trade  sur  la  surface. 
Ce  choix  de  metrique,  avantageux  pour  la  simplification  ma- 
jeure  des  equations  (f^*  =  0  ),  appone  de  surcroit  des  avantagcs 
de  precision  numdrique  apr^s  discidtisation  des  equations.  La 
contre-partie  de  ces  avantages  est  6videmment  que  les  lignes 
(i  =  csr,  k  =  1)  ne  sont  plus  des  lignes  s'  =  c.sr. 

2.3.  Troncature  visqueuse  "3D-approch6e"  (2.75D). 


Dans  de  nombreux  calculs  visqueux  tridimensionnels.  il 
reste  strictement  hors  de  ponee  d’uiiliser  d"s  maillages  de 
discretisation  offrant  la  meme  densitd  de  noeuds  dans  les  2 
directions  tangentielles  (s',  s^)  aux  couches  visqueuses. 

Pour  le  probl^me  discrdtise.  le  grand  allongement 
inevitable  des  mailles  (en  envergure  par  exemple  sur  un  calcul 
de  voilure),  meme  s’il  est  compatible  avec  la  tridimensionnalite 
du  fluide  non-visqueux,  conduit  en  general,  pour  le  probleme 
numerique  visqueux,  a  rendre  illusoire  I'acces  a  la  tridimen- 
sionnalitd  complete.  Les  Equations  visqueuses  3D-complfetes, 
une  fois  discrdtisees  sur  des  mailles  S  fort  allongement, 
reintroduisent  numdriquement  en  effet  des  troncatures  non- 
controldes,  voire  des  distorsions  d’aliasing  et  de  dissipation 
numdrique. 

Pour  ces  configurations  de  calcul  3D-visqueux  it  fort  al- 
longements  de  mailles,  c’est  i  dire  pour  tous  les  cas  oil  la  tridi- 
mensionnalitd  du  maillage  et  de  la  discrdtisation  iv  peut  suivre 
la  tridimensionnalitd  des  dquations  analytiques,  il  parait  plus 
avantageux  de  controler  analytiquement  les  troncature-,  de  tridi¬ 
mensionnalitd  visqueuse  indvitables.  La  mdthodologie 
d'interaction  visqueux-non  visqueux  offfe  it  nouveau  un  avan- 
tage,  en  pouvant  ddcoupler  les  troncatures  numdriques 
visqueuses  et  non-visqueuses. 


On  choisit  ici  de  conserver  les  pleines  equations  3D  pour 
la  partie  non-visqueuse,  et  d’introduue  une  troncature 
visqueuse  3D-approchdc,  qualifide  de  troncature  visqueuse 
"2.75D".  En  chaque  noeud  de  calcul  visqueux,  on  introdiiii  une 
direction  tangentielle  a  la  couche  visqueuse  X'  dans  laquelle 
les  ddrivdes  sont  tronqudes.  Cette  troncature  n’a  qu’un  faibl,- 
poids  sur  les  dquations  discretisdes,  etani  donnd  I’aliasing  qui 
serait  de  toute  maniere  introduit  par  I’aHongement  des  mailles 
el  par  une  discretisation  en  insuffisante  X  Tdchelle  visqueuse 

cos  X"  -I-  sin  X'  —  -  =  0  (  3(  l 

hs '  “ 

Cette  troncature  visqueuse  "2.75D“  dtani  appliquee  de  maniere 
"locale",  ce  qui  la  rend  similaire  dans  ses  effets  X  une  tronca¬ 
ture  numerique  par  maillage  grossier,  tous  les  parametres 
calculds,  visqueux  et  non-visqucux,  restent  loialement  evolutifs 
dans  la  direction  X'  et  done  parfaitement  tridimensionnels 
Suivant  le  choix  de  X' ,  la  direction  locale  de  troncature  de 
ddrivee  peut  aller  de  la  simple  direction  s  ’  ddfinie  par  le  mail- 
lage  (sin  X*  =  1),  X  toute  autre  direction  locale 
adrodynamiquement  remarquable,  par  exemple  perpendiculaire 
aux  lignes  de  co  irant  non-visqueuses. 


3.  MODELES  TURBLLENTS  3D. 


Le  nombre  d’dquations  intdgrales  ci-dessus  donne  un 
systdme  fermd  pour  le  calcul  du  champ  local  visqueux  lorsque 
les  profils  de  vitesse  moyenne  ainsi  que  les  profils  de  tur¬ 
bulence  sont  supposds  relever  d’une  modelisation  ^  3 
parametres  (5.  u',  a’).  Avec  u.i  moddle  de  turbulence  a  N- 
dquations  de  transport,  qui  augmente  de  N  le  rang  du  systeme 
(3)  ainsi  que  le  nombre  de  variables-inddpendantes,  ce  rang-3 
concerne  seulement  rdoulement  moyen.  Les  parametres 
(5.  <i'.  a’)  sont  fonctions  de  (s',  s’). 

3.1.  Protils  de  vitesse  paramdtriques. 


On  utilise  la  description  analytique  parametrique  originale 
de  rang-3  des  profils  de  vitesse  moyenne  turbulents  suggdrde 
prdeddemment.  Le  Balleur  17)114119111).  d'abord  en  2D  puis  en 
3D.  La  modelisation  a  ete  construite  pour  inclure  tani  les 
dcoulements  attachds  que  massivement  ddcollds,  voir  1 14).  Elle 
est  ici  appliquee  sous  sa  forme  la  plus  complete  (1),  avec 
sous-couche  luminaire  et  terme  D  d'amortissement.  Fig.  2  : 
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aver  : 


F(z)  =  f' 


F'{2)  = 


z‘=  Fonction  de 


mco.  ■'w^esstNt 


k  =  0.41 


Les  paramdtres  de  forme  inddpendants  a'  choisis  peuvent  par 
exemple  Stre  ceux  du  repdre  orthogonal  tangent  aux  lignes  de 
courant  non-visqueuses. 
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modeltse  a  panir  Uu  inodele  de  protils  de  vitesse  turbuiems  ci- 
dessus  ei  d’un  niodele  de  longueur  de  melange,  Le  Balleur 
17|19||  1411 1)  L'expression  finale  de  ce  modele  original 
d'emrainement  d’equilibre  est  donnee  dans  [I]  II  a  penmis 
d’eiendre  la  modelisaiion  de  I’entrainement  au\  ecoulemenis 
2D  ou  3D  deeolles,  meme  massisemeni,  sans  faire  appel  a 
I’empirisme. 

On  utilise  ici  rajusiement  le  plus  recent  suggere  pour  les 
constantes  ainsi  que  pour  Teffet  de  noinbre  de  Reynolds  ll). 


E,,  =  C4  .  [l  -  ajj 


{4t  ) 


C4  =  0.i)62.  O'u  =  6  5.  C5 


r. 


‘•'4  .  ^'i,  .  Jo  -  <~1\.  ) 


La  direclion  est  ici  cellc  des  lignes  de  eouraiii  non- 
visqueuses.  uj  •  f/o  correspondent  aux  valeurs  de  u'.  Cf 
calculees  pour  la  plaque  plane  en  incompressible,  au  meme  /? j 
et  avec  un  parametre  de  Clauser  G,,.  Les  deux  seules  doiinees 
du  modele  soni  la  consiante  C'j,  qui  est  proporiionnelle  au 
carre  du  niveau  de  longueur  de  melange  dans  les  couches  lim- 
ites  d’equilibre,  et  la  pseudo-constante  G,,,  parametre  de 
Clauser  de  plaque  plane  (qui  peui  etre  fonction  de  /f  5I, 


Fij’.  2.  Frojils  Ue  l  ife.v.ve  paramclriques  JD-iurhulenis. 

liiscrctises  ii  chaque  stuuan  Gi '  =  ()5-  90,  u’  =  -.15,  =  10^1  3.3.  Modele  de  turbulence  2.equaliuns  k-lau. 


Les  expressions  de  V.  W,  C/',  D,  z'  sont  detaillees  dans 
(1|(14|.  Le  moddle  reprend  I'idee  de  forme  composite  additive 
(loi  de  paroi  -  loi  de  sillage)  proposee  par  Coles  |16|  pour  les 
ecoulemenis  attaches,  mais  la  forme  a  ete  ici  generalisee  aux 
ecoulements  deeolles,  et  les  fonctions  de  sillage  F‘ .  F  sont 
differentes.  La  simple  loi  de  sillage  de  Coles  serait  lotalement 
irrealiste  en  ecoulement  massivement  decolle.  La  modelisation 
z  iS'/Si  est  deduite  de  I’analyse  des  singulariies  de  couche 
limite  au  decollement,  Le  Balleur  (5|,  de  I'analyse  des  cones 
earacteristiques  des  systdmes  d’equations  et  de  la  recuperation 
de  Tinfluence  amont"  en  ecoulement  decolle  114|15||8|,  aiasi 
qu'enfin  de  la  capacite  a  decrire  le  cas-limite  des  couch;s  de 
melanges  2D  isobares,  Le  Balleur  [  14] 


Le  vecteur  uniiaire  T‘  est  sensiblement  parall^le  au  frotie- 
ment  C/‘,  et  Cf  est  deduit  d’une  modelisation  de  loi  de  paroi 
"univcrselle"  projetee  sur  7"  (le  protil  n’esl  pas  une  courbe 
plane  dans  la  region  de  paroi),  voir  [  1 1. 

^  I  I 

,  A=jF(z)dz 

^  j  incomfwtssibU  0 


Log 


+  5.25* 


A 


=  k  . 


(4b) 


La  compressibility  ne  modifie  pas  les  profils  de  vitesse,  Les 
profits  de  density  sont  ici  dyduits  de  la  vitesse  dans 
I’approximation  adiabatique  isenthalpique  Kr=hj. 
L’entrainemeni  n’est  pas  modifiy.  L’effet  de  compressibility  rc- 
tenu  pour  le  frottement  et  la  dissipation  globale  s’yerit  ; 

=  Cf  [l  +  0.5[t-i]w2]  ^ 


Pour  les  rygions  laminaires  enfin,  les  relations  de  fermeture 
sont  dyduites  des  solutions  auto-semblables,  Le  Balleur  |7J. 


3.2.  Module  de  turbulence  d’yquilibre. 


Les  ellets  de  turbulence  hors-equilibre  sont  calcules  en 
ajoutant  le  nuxiele  a  2  equations  de  transport  de  Le  Balleur 
17||l|.  presentement  utilise  en  theone  2D  (p;ir  tranches)  le  long 
de  Le  nuxiele  peut  etre  utilisy  aussi  bien  dans  les 
methodes-locales  (calcul  de  /  ').  et  dans  les  methtxles-iniegrales 
(entrainement  et  dissipation) 

Ce  modele  suggere  en  19SI  a  pour  premiere  originality  de 
■foreer"  le  modele  de  Launder-Rodi  par  la  modelisation  ci- 
dessus  des  profils  de  vitesse,  ce  qui  nouimnient  le  rend  mieux 
adapte  aux  ycoulements  deeolles.  Sa  seconde  originality  est 
d’effeciuer  un  calcul  en  temies  d’ecart  aux  valeurs  donnees  par 
le  modele  d'equilibre  (comraintes  t‘^  et  entrainement  £,^).  Cet 
ecart  a  I’equilibre  est  supposy  etre  invariant  en  direction  r^, 
variable  en  directions  et  etre  calcuiy  a  panir  de  2 

equations  (integrates)  de  iranspon.  Celles-ci  calculent  des  effets 
d'histoire  pour  I'energie  cinytique  turbulente  moyennee  en  r’ 
notee  *(x'.  t‘)  ,  et  pour  la  contrainte  de  cisaillemeni  de  Rey¬ 
nolds  moyennee  en  x’  notee  fix',  x')  : 


Contrainte 


locale  :  t'-’  =  H  (x',  x^  x’) 

7„(x',x=)  t  ’j 


Entrainement  global  :  E  =  £ 


Dissipation  globale  :  <l>  =  - 


+  fj 

)  -  S,1 

11 

dt  1 

'J  ax' 

5  -  5,1  A 

=  L5  ^ 

dt  ( 

'J  ax' 

k 

-f 


(Ad) 


Lorsque  I’hypothyse  de  turbulence  d’yquilibre  est 
suffisante,  I’entrainement  exact  £  dyfini  par  (3a)  a  pu  etre 


26-() 


avec-  ; 


Be.,  =  O.sv’-D.,  =  j  ix’ 

k.,=q-  [0.045  X.X.Xj  [l-iij]  •D.J'”. 

t.,  =x,x,X3<,-’[o.oy  [i 

A  6  </  6 

S=  [1-2"]  S,  z’s  maxi^  0 . 2.406^a'- 0.5844jj 
5,  =5  fl  -4’(1  -uj)j.  a’  =I^F'(z)d:  =0.45 


<t>.^=  C/'  uj  +  0.018  1^1  -  fljj’ 

Dans  te  modele,  8,  uj  representent  les  echelles  de  longueur  ct 
de  vitesse  effectives  de  la  couche  turbulente,  telles 
qu’analysees  par  la  modelisation  ci-dessus  des  profils  de  vi¬ 
tesse  nwyenne,  en  evitant  I'empirisme  d’un  modele  de  type 
Baldwin-Lomax.  ;(x^/8)  et  v,  sont  une  longueur  de  melange  et 
une  viscosite  turbulente,  donnees  par  des  modeles  d'equilibre. 
X.|,  }i2,  X3  sont  des  coefficients  caracterisant  les  divers  effets  de 
turbulence  d’equilibre,  voir  Le  Balleur  17).  Ils  sont  proches  de 
1  pour  les  couches  limites  habituelles.  A.,  est  proche  de  2  pour 
les  sillages  habituels,  X2  el  X3  caracterisant  les  effets  de  cour- 
bure  et  de  turbulence  exterieure  du  module,  precises  dans  [71. 


4.  METHODE  NUMERIQUE  VISQUEUSE. 

La  melhode  numerique  de  couche  visqueuse  proposee  est 
de  nature  hybride  entre  methodes-integrales  et  meihodes- 
locales.  Les  grandeurs  (vitesse,  densite,..),  meme  modeiisees, 
sont  en  effet  discretisees  i  chaque  station  selon  la  normale 
avec  un  maillage  auto-adaptatif.  La  methode  numerique 
discrerise  done  des  profils  parametriques  selon  x^,  et  un 
systeme  d’equations  iniegrees  en  dans  I’espace  (x',  x").  Les 
schemas  de  discretisation,  variables  avec  la  densite  locale  du 
maillage  en  x',  ont  la  capaciie  d'etre  non-lineairement  impli- 
cites  en  (x',  x’).  Ces  schemas  sont  x ‘ -marching ,  I’absence  de  la 
capacite  multi-marching  "MZM"  124|[25|  etant  ici  compensee 
par  la  possibilite  de  calcul  en  modes  ’’ direct"  et  "inverse". 

4.1.  Methode  hybride  integrale/locale. 


A  chaque  station  (x‘,  x^),  numeriquement,  les  profils  de 
vitesse  parametriques  .4D-turbulents  des  relations  (4)  sont 
discretises  selon  x\  entre  x^  =  Z„  et  x’  =  5,  avec  un  maillage 
en  x^/5  qui  est  auto-adaptatif  i  5  et  i  la  forme  du  profil  de  vi¬ 
tesse,  caracterisee  par  le  parametre  a'.  La  discretisation  aulo- 
adaptative  utilise  presentement  37  noeuds,  optimises  en  direc¬ 
tion  x^  el  dependants  de  a',  avec  des  schemas  impliciles  de 
trapezes  pour  her  les  grandeurs  locales  ct  iniegrales.  La  density 
est  dwiuite  de  la  vitesse  par  I’approximation  adiabatique 
isenthalpique  hr  =  hj. 

De  station  en  station  dans  I’espace  (x‘,  x^),  le  sysifeme 
d’equations  iniegrees  en  x’,  valable  aussi  dans  le  cas  d’une 
pure  methode-locale,  est  discr6tise  sur  le  maillage  curviligne 
(x',  x^)  de  surface  de  deplacement,  projection  selon  x’  du  mail¬ 
lage  curviligne  de  paroi  (s',x^).  Nolons  que  les  2  maillages 
li6s,  de  paroi  (s',  s^)  et  de  surface  de  deplacement  (x',  x^),  se 
diff^rencient  en  cas  de  d^collement  massif,  et  que  I’int^gration 
en  x’  (normale  k  la  couche  visqueuse)  n’est  alors  plus  normale 
k  la  paroi,  Le  Balleur  11||14].  Les  equations  en  (x',  x^) 
projeties  sur  la  paroi  (.5',  s^)  s’dcrivent  : 


,  .  r  a'-  . 


,61^  -  h’l  +  hj  -r  h‘3  ^ 

dS  ;  (1‘,  2?.  ) 


f  =  1.  6.  J  =  1,  8. 
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sin  y  =  H,  ;  ,  A  =  1 ,  2 


Rappelons  que  la  vitesse  normale  a  la  paroi  visqueuse  est  noiee 
if,.  La  vitesse  normale  a  la  paroi  non-visqueuse  est  ici  notee 
H',  Les  termes  hj  sont  des  temies  eventuels  de  memque  non- 
onhogonale.  La  presente  methode  numerique  hybride 
integrale/locale  prend  pour  inconnues  ind^pendantes  les  gran¬ 
deurs  non-visqueuses  de  paroi,  vitesse  q  ou  nombre  de  Mach 
reduit  m  =  5(Y-l)Af",  vitesse  nonnale  ^  la  paroi  w,iq 
(deplacement),  angle  &  entre  vitesse  et  axe-i‘  sur  la  surface 
(s',  .5'),  pression  totale  pr.  et  enthalpie  loiale  hi  ,  plus  les  in¬ 
connues  independantes  purement  visqueuses,  ^paisseur  de 
couche  visqueuse  6,  parametres  de  forme  a'  = 
a'  =  ■  9t  les  parametres  de  turbulence  k,  t. 

Compte-tenu  de  la  troncature  3D-approch8,  les  dcrivees  en 
s^  sont  liees  aux  derivees  en  s '  par  la  relation  (3c).  11  vient  ; 


cos  A’  ,  2. 1 
— - A'  I 


+  hj  +  hj 


1  =  1,6,  y  =  l,8,  (5h.! 

La  di.scretisalion  en  (.r',  s^)  de  la  presente  methode  3D  est 
deduiie  de  la  discretisation  robuste  en  (s',  x’)  developp8e 
depuis  de  nombreuses  annees,  Le  Balleur  [7119|[1], 
s'-marching  et  non-lineairement  implicite.  Les  .schemas 
numeriques  en  direction  s'  sont  de  second-ordre  et  X  2-noeuds 
de  type  "trapezes-amoni  ”.  Les  schemas  de  second-ordre  de 
methode  des  trapezes  en  direction  s '  sont  commutes  vent  un 
schema  plus  robuste  de  premier-ordre  decentre-amont  en  s',  la 
oil  le  maillage  devient  grossier  (grandes  valeurs  de  As '/6).  Pour 

des  valeurs  plus  elev6es  de  As  '/S,  un  sous-maillage  en  j '  est 
ajout6  (zones  non-d8collees).  Une  technique  de  Newton  est 
enfin  introduiie  pour  r6soudre  it^rativement  les  pleines  non- 
linearit6s  induites  par  Aj'‘  ,  A/'"  ,  hj  ,  en  utilisant  une  estimation 
approchee  numerique  des  Jacobiens  dA'‘ldf ,  dA^ldf ,  dbydf , 
avec  /-(h.a'.a^),  ce  qui  rend  la  discretisation  non- 
lineairement  implicite  en  (s',  x’). 

Les  equations  et  schemas  ci-dessus  foumissent  egalement 
une  resolution  numerique  des  sillages  visqueux,  avec  leur 
pleine  dissymetrie,  moyennant  doubletnent  du  rang  du  systfeme 
(reunion  des  demi-sillages  superieur  et  inferieur,  notes  ±  de 
part  et  d ’autre  de  la  surface  des  mioima  de  vitesse).  Le  Balleur 
[71.  Ce  calcul  dissymetrique  complet  est  ici  effectue  en  2D.  Le 
traitement  simplifie  de  la  seule  partie  symetrique  des  equations 
de  sillage  [7|.  qui  rarndne  le  calcul  de  sillage  i  un  systeme  de 
meme  rang  que  la  couche  limite,  et  qui  est  obtenu  dans  les  re¬ 
lations  (5a)(5b)  avec  Cf  =0,  if,  =0,  oj  =aL, 
/^  =  .5  (  fi  +  /{ ),  est  ici  utilise  en  3D. 
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Enfin,  cotiune  des  itdrations  additionnelles  sur  le  solveur 
num^rique  visqueux  sont  necessaires  pour  le  couplage,  le 
probldme  non-lineaire  visqueux  complet  (Sa)(Sb)  n’est  pas 
r^solu  ^  chaque  iteration  de  couplage,  et  des  solutions 
linearisdes,  avec  les  matrices  A''  ,  A^  geldes  a  leurs  valeurs  H 
r  iteration  de  couplage  precedente,  sont  r6alis^es  i  la  plunan 
des  iterations  de  couplage,  a  titre  de  technique  d’acceleration 
de  convergence. 


4.2.  Modes  Direct  /  Inverse. 


Les  cinq  inconnues  non-visqueuses  du  probleme 
numerique  visqueux  (5a)(5b),  notees  avec  un  signe  chapeau, 
(m  ,  .  hj  doivent  etre  couplees  au  quantites 

correspondames  du  probleme  non-visqueux,  qui  sont  notees 
(m.  w^lq.h,  Pt,  a). 

Avani  de  realiser  ce  couplage  complet  sur  les  5  inco..nues 
non-visqueuses,  ce  qui  est  obtenu  iterativement  par 
I'algorithme  de  couplage,  des  calculs  visqueux  decouples  sont 
realises,  dans  lesquels  4  inconnues  non-visqueuses  seulement 
sont  couplees.  On  impose  alors  au  systeme  (5a)(5b)  I'enthalpie 
totale  (hj  =  hj).  la  pression  totale  (pj  =  Pr)<  et  It*  direction  de 
la  vitesse  (&  =  a),  plus  une  condition  additionnelle  ^  definir. 

Une  commutation  entre  differentes  conditions  addition- 
nelles  doit  etre  introduite  (modes  direct-inverses)  afin  de  sur- 
monter  le  probleme  de  singularite  de  decollement,  comme  c’est 
deja  le  cas  en  2D,  Le  Balleur  [51.  En  tridimensionnel,  le 
probleme  de  singularite  s’identifie  avec  le  calcul  par  marche  en 
espace,  et  avec  le  respect  des  domaines  de  d^pendance 
imposes  par  les  cones  caracteristiques  des  systemes  hyper- 
boliques  (5a)(5c)  ou  (5b)(5c)  (voir  ci-dessous),  En  ecoulemem 
attache,  le  systeme  visqueux  en  mode  "direct"  peut  ette  resolu 
par  marche  en  espace,  mais  selon  les  lignes  de  courant  non- 
visqueuses.  La  condition  additionnelle  est  alors  le  nombre  de 
Mach  (m  =  m).  Le  maintien  d’une  resolution  x'-marching , 
decollement  inclus,  demande  qu’un  mode  "inverse"  soit  com¬ 
mute  avant  que  le  cone  de  dependance  du  mode  direct 
n’interdise  ce  mode  (et  done  bien  avant  le  cas  limiie  de 
d&ollement-2D).  La  condition  additionnelle  imposee  est  alors 
la  vites.se  de  transpiration  non-visqueuse  (iv„/q  =  »,/</).  Malgre 
la  resolution  x'-marching,  I’influencc  amom  d’origine 
visqueuse  (decollement)  est  pleinemem  recouvree  ^  I'eiape  de 
couplage,  oil  Ton  realise  simultanemem  (hj=hj,  pr=pj. 
m  =  m,w„/q  =  w„/q ,  &  =  a). 

Au  total,  a  chaque  noeud  (i.j.  1)  et  iteration  de  couplage 
N ,  le  systeme  discretisi  (5a)(5b)  est  ferme  par  4  relations  (5c). 
di-scretisees  par  des  schemas  centres  pour  Qmlds')  et 
eventuellement  d&entres-aval  pour  (dm ids')  : 

J  £  =  0  :  Dircci 

6  =  a,  hi=hr.PT=PT.  |£=l  :  Inverse 


(I-  e) 


dm 
ds ' 


dm 

ds' 


=  0 


r.r.  1 


(5c) 


La  commutation  d’un  mode  direct  (e  =  0)  vers  un  mode 
inverse  (e=  1)  est  presentement  connectee  aux  parametres  de 
forme  du  profil  de  vitesse.  Elle  est  li^e  tantot  comme  en  bidi- 
mensionnel  au  seul  param^tre  en  direction  des  lignes  de 
courant  non-visqueuses  (a '  >  0.28  par  exeniple),  Le  Balleur 
|7|[l),  tantot  aux  2  parametres  longitudinaux  et  transversaux. 
de  facon  e  ce  que  le  cone  carateristique  du  mode  "direct"  es- 
time  d’apres  a',  (voir  ci-des.sous)  reste,  i  chaque  station  x' 
oil  e  =  0,  positionne  en  amont  de  la  direction  de  troncature  X* . 


4.3.  Singularites  3D.  Cdnes  caracteristiques  (Direct/lnverse). 


Les  systemes  3D-complet  (5a)(5c)  sont  hyperboliques  en 
espace,  en  mode  direct  et  en  mode  inverse,  et  des  domaines  de 
dependance,  definis  par  des  cones  caracteristiques  dans  I’espace 
(s',  s’),  doivent  etre  respectes  par  les  methodes  de  marche  en 
espace,  aussi  bien  en  mode  direct  qu’en  mode  inverse. 

Les  systemes  3D-approches  direct/inverse  issus  de 
(.5b)(5c),  qui  peuvent  s’ecnre  toujours  sous  la  forme  (5b),  et 
qui  n’introduisent  que  la  derivee  en  s',  sont  singuliers  lorsque  ; 

del  [  a'‘  -  .4/'  i  =  0  i.Sd  I 

I  sin  X 

En  naode  direct  aussi  bien  qu'en  mode  inverse,  I’cxamen  de  la 
relation  (5d)  montre  que  la  condition  de  singularite  du  systeme 
3D-approche  (5b)(5c)  est  strictemem  identique  a  celle  de  re¬ 
cherche  d'une  direction  caractensimue  X'  du  systeme  3D- 
complet  (5a)(5c).  Cette  idemite  entre  equations  aux  valeurs 
propres  pour  les  singulanies  du  systeme  3D-approche,  et  pour 
le  cone  caractenstique  du  systeme  3D-complet,  r^vele  que  le 
systeme  3D-approche  n'lntroduil  aucune  perte  d'information  au 
niveau  des  domaines  de  dependance  par  rapport  au  systeme 
3D-complet,  ces  domaines  de  dependance  etant  idenuques .  II 
revele  d ’autre  pan  que  le  franchissement  des  singulantes  du 
systeme  3D-approche  (5b)(.5c)  en  mode  direct  s'ideniitie  a  la 
naissance  d’une  influence-amont  selon  t'  (pour  la  direction  de 
troncature  X"  consideree).  et  par  consequent  a  la  necessite  de 
commuter  le  calcul  x'-marchmg  vers  le  mode  inverse 

La  mod^lisation  issue  des  profils  de  vitesse  (4a)  peut  etre 
utilise  pour  analyser  les  singulantes  et  directions 
caracteristiques,  comme  effectue  a  I’origine  en  2D  et  2D- 
instationnaire,  Le  Balleur  |5).  Le  calcul  analytique  des  direc¬ 
tions  caracteristiques  a  ete  effectue  avec  le  modele  (4a) 
simplifie  par  C/  =  0,  W  =  0,  :'  =  0,  comme  deja  utilise  en  2D 
dans  (5).  La  comparaison  du  cone  caracteristique  en  mode 
direct,  qui  s’ecrit  en  repere  onhogonal  tangent  aux  lignes  de 
courant  non-visqueuses  comme  I’enveloppe  des  directions  ; 

2  2  2  1 

-  -=-2 - -  , - -2 —  .  ,  - “ - -  .  0  j,  (direct) 

0,4014 -a'  0.M17-a'  1,599 -ti'  J 


—  =  1 

dx' 


et  du  cone  en  mode  inverse,  qui  s’ecnt  dans  le  meme  lepere  : 


dx' 


t  •> 

-  a*-  -  a' _ 

0.(>4I7  -  a'  '  1.28.3  -  a' 


(inverse ) 


avec  0<a'<A,  A  =  0  6417,  2A=  1.283,  Ml-A)'^  =  04014, 
l-Kl-A)'  *  =  1.599  ,  a  monu’e  que  le  mode  inverse  reduisait 
I’ouverture  du  cone  caracteristique  par  rappon  au  cone  obtenu 
en  mode  direct  dans  les  memes  conditions  (aux  grands 
parametres  de  forme  u'),  et  que  le  demi-angle  maximal  du 
cone  caract^.istique  dans  le  plan  (,v',  .v’)  en  mode  inverse  etait 
borne  ^  90",  au  lieu  de  180"  en  mode  direct.  Le  Balleur,  Giro- 
droux  (21).  La  borne  90"  en  mode  inverse  n’est  atteinte  de  plus 
que  pour  une  valeur  infinie  du  parametre  de  forme  longitudinal 
H,  (soit  a’  =  A).  Ceci  autorise,  en  mode  inverse,  la  marche  en 
espace  en  tomes  circonstances,  mais  en  direction  des  lignes  de 
courant  non-visqueuses. 

De  ce  fait,  la  methode  3D-approch6e  (5b)  peut  etre 
aminagte  pour  dviter  de  franchir  une  singularite  en  mode  in¬ 
verse,  ce  qui  equivaudrait  ^  violer  le  domaine  de  dependance 
impost  par  le  cone  carateristique.  Pour  ce  faire,  la  direction  de 
troncature  X'  est  ici  progressivement  rapproch^e  de  la  perpen- 
diculaire  aux  lignes  de  courant  non-visqueuses,  au  fur  et  &  me- 
surc  de  I’accrois-sement  d’ouverture  du  cone  caratdristique  en 
mode  inverse,  calcuM  en  chaque  noeud  i  partir  de  a',  et  des 
relations  ci-dessus. 
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5.  METHODE  NUMERIQUE  NON-VISQUELSE.  6.1.  Thtorie  num^rique  du  couplaee.  Slabilite. 


La  cnethode  numerique,  nouvelle,  esl  une  extension  en 
tridimensionnel  de  la  meihode  de  traitement  de  I'^quadon  du 
poteniiel-complet,  mise  au  point  et  iniroduite  pour  le 
decrochage  2D,  Le  Balleur  (1). 

Elle  discretise  I’equation  du  potentiel  d^veloppee  en 
coordonnees  curvilignes,  sur  un  maillage  structure  i.  j.k  quel- 
conque,  en  transsonique  : 


f  „„  u” 

d=<j> 

1 

'  fe 

[  ^  ^  a 

dx"'dx’ 

dx”  dx"ax”  dx'  J 

,  =  f  '  ^  Id  ,  , 

[mJ  2 

J 

dx"  dx* 

m,  n. 

II 

La  discretisation  i.  j,  k.  est  effectuee  avec  la  metrique  r'  =  i, 
X'  =  j ,  =  k.  Elle  utilise  pour  les  derivees  du  potentiel  des 

schemas  differences-tinies  centres  en  subsonique,  ^  7  noeuds 
plus  schemas  de  denvees  secondes  croisees,  completes  par  un 
decentrement  de  type  Murman-Cole  aux  noeuds  supersoniques. 
L'evaluation  des  termes  mdtriques  est  effectuee  sur  la  meme 
molecule  de  discretisation  que  celle  du  potentiel,  et  avec  les 
memes  schemas  pour  les  denvees  de  X'"  et  de  <l>,  ce  qui  per- 
met  de  se  rapprocher  des  formulations  volumes  finis. 

La  resolution  du  systeme  discret  est  faite  par  relaxation- 
ligne  SLOR,  avec  traitement  implicite  des  conditons  Imiites  sur 
la  paroi,  ainsi  que  des  coupures  de  sillage.  Le  traitement  du 
champ  lointain  (Dirichlet)  est  un  componement  de  type  tourbil- 
lon  plus  source,  evolutif  en  envergure,  couple  a  la  circulation. 
La  non-linearite  du  potentiel  est  traitee  par  une  methode  de 
point  fixe,  les  composantes  contravariantes  u"  et  la  vitesse  q 
etani  deduites  du  potendel  au  moyen  de  schemas  centres. 

Lats  conditions  aux  limites  sur  la  paroi  et  sur  la  nappe  de 
sillage  sont  controlees  par  les  effets  visqueux  de  deplacement 
et  de  courbure.  Le  calcul  sur  maillage  en  C  est  effectue  en  pro- 
longeant  I'aile  par  une  coupure  (non-portante),  numeriquement 
traitee  comme  la  nappe  de  sillage.  Les  conditions  aux  limites, 
discretisees  en  demi-maille  dans  la  dircxtion  x^  =  k.  s'ecnvent 
sur  la  paroi  : 

I 

ir  2  iffi  (8I>  , ,  , 

H',  =  '  c’  I  a - ■  u  eplaicment 

'  ^  dx" 

Sur  la  nappe  de  sillage,  les  conditions  de  "saut "  (notecs  <  >)  : 

<  H  „  >  =  fg  I  ^  g  >  .  d  eplacement 

^  J  dx'” 


f  r  ^  dtp 

<  </  >  =  h?  n  <  — -  >  ,  courbure 
s  J  dx 

utilisent  I’approximation  habituelle  des  techniques  numeriques 
"potentiel-complet"  sur  I’estimation  du  terme  <q>. 


6.  ALGORITHMES  DE  CODPLAGE. 


La  theone  numerique  ptoposee  pour  le  couplage  de  sous- 
domaines  foumit  une  estimation  de  preconditionnemcnt  on- 
ginale  pour  les  operateurs  numeriques  de  surface,  visqueux'  et 
"non-visqueux",  qui  se  trouvenl  introduits  sur  la  surtace 
firontiere  li.j.l)  des  champs  tndimensionnels  ii.j.ii  a 
coupler.  Dans  le  prouicmc  discret,  ces  operateurs  numeriques 
de  surface  (i.j,  1)  sont  ceux  qui  pourraient  etre  obtenus  par 
une  elimination  des  noeuds  inteneurs  a.  j .  k>  sur  les  equations 
discretes  des  champs  visqueux  et  non-visqueux 

Les  operateurs  de  preconditionnemcnt  proposes  donnem 
acces  a  une  theorie  de  stabilite  applicable  a  tout  algonthme  de 
couplage  explicite,  par  exemple  aux  algorithmes  "direct'  et  in 
verse"  de  point  fixe.  11  donnent  accds  en  outre  au  calcul  des 
champs  de  coefficients  de  relaxation  necessaires  pour  stabiliser 
ces  algorithmes 

La  theorie  a  enfin  permis  la  naissance  d’algorithmes  de 
couplage  originaux  plus  elabores,  comme  I'algorithme  '  Semi 
inverse",  Le  Balleur  161|11|151.  L’algonthme  "Semi-inverse  "  et 
ses  generalisations  resultcnt  en  effei  d’un  couplage  exact  (done 
implicite),  sur  le  nombre  d'onde  maximal,  des  operateurs 
numeriques  de  preconditionnemcnt 

6.1.1.  Pr6condiliunnemenl  ;  "()p6raleur  non-visqueux  (2.751)1. 

L’operateur  numerique  de  surface  "non-visqueux  du 
couplage,  dont  revaluation  par  elimination  des  noeuds 
inteneurs  est  cn  general  impraticable,  est  estime  ici  par  une 
strategic  de  petites  penurbations  lineansces  analytique.  avec 
decomposition  de  Fourier  sur  la  surface  (t.;.  It  el  filtrage 
numerique  par  la  discretisation. 

La  theorie,  proposee  precedemment  en  bidimensionnel 
puis  en  quasi-3D  (2.5D),  Le  Balleur  |61(3),  est  ici  etendue  en 
"2.7.5D".  Elle  considere  des  perturbations  stationnaires  isentro- 
piques  du  champ  de  vitesse,  en  module,  vitesse  nomiale.  direc¬ 
tion,  autour  de  la  solution  converg6e  finale  ' '  '  'h 
■'''>•  o„(.v'.  S')  sur  la  surface  ti.  j.  1)  : 
r  '  ' 

I  =!»',- « 

a',  I  ,  ;  I  a  - 

Elle  suppose  des  equations  de  penurbation  potentielles  de  type 
Prandtl-Glauert  autour  de  la  .solution  localcmeni  figee 
q^-  ''no  -  “o  1-cs  coordonnees  curvilignes  sont  ici  cnoisies  avec 
x'  en  direction  de  la  vitesse  non-penurbee,  la  surface  ix', 
etant  une  surface  de  courant  (surface  de  deplacenient).  et  la 
direction  x’  etant  normalc  a  tx'.  x'l  : 

i  j  ..  +  J>:£^  =  0 

t  u  u  J  hx^hx"  dxVix' 

m  .  n  =  1,2 

La  theorie  analyse  les  perturbations  6manant  de  la  surface 
(x',  X')  avec  decomposition  de  Fourier  sur  la  surface  et  filtrage 
par  la  discretisation  ((,;,  I).  Les  perturbations,  de  nombres 
d’onde  notes  (a,,  02.  a,),  ont  alors  un  componement  tantot  ex- 
ponentiel  tantot  harmonique  dans  la  direction  x’  : 


Les  algorithmes  font  appel  ^  une  theorie  numerique  ori- 
ginale  du  couplage  qui  a  pu  etre  suggeree  precedemment,  Le 
Balleur  [6)[7]11|[I51,  et  qui  est  ici  generalisee.  Celle-ci  traite  le 
problime  ou  des  resolutions  par  domaines  doivent  etre 
coupiees  par  leurs  conditions  aux  limites  sur  une  surface  com¬ 
mune  (s',  s^)  discretisee  en  (i,  j.  1).  La  theorie  est  aussi  appli¬ 
cable  pour  coupler  2  sous-domaines  non-visqueux  dans  un  pur 
calcul  en  fluide-parfait  |1||15|. 


4,'  =  0  e'<"'  02  =  0  (e«27.SD) 


u'l  =  /  a,  ifi',  u'2  =  I  02.6'  =  0,  u'j  =  I  0,  0'.  (/^  =  -  I) 


u't  Oi 

Sur  la  surface  (x',  x^),  en  ddsignant  respectivement  par  u.  v  les 


it  =  1 ,  3 


projections  de  la  vitesse  sur  I’axe  x '  et  sur  sa  normale  : 


«■  a' 


Finalemem,  pour  tout  nombte  d’onde  (a,,  Oj.  a,).  I’operaieur 
non-visqueux  "2.75D"  de  prAxMidilionnement  de  la  throne 
num^rique  du  couplage  s’ferit  : 

u'’  =  /  p  .  .  (P  complexe ,  /’  =  -1) 


P  =  sin  X. 


l-iW^ 


—sin  i  - 
</ 


V 

—cos 

9 


I 


(6a) 


Dans  le  cas  oil  la  surface  de  d6placement  ne  s'ecarte  pas 
Crop  de  la  paroi,  ce  qui  pcut  inclure  des  ddcollemenis  d'etendue 
quelconque  mais  lels  que  w,/tf  reste  modere  (en  pratique 
non-superieur  k  0.4  environ),  la  theorie  de  prcconditionnemcnt 
peut  negliger  la  difference  entre  u'^  et  w\ 


Pour  tout  nombre  d’onde  (Oi,  Oi.  aO,  on  a  alors,  sur  la  paroi  ; 


j’'*',  - 

[  9  -  9»  J 

a?a,  L  9  («,.«)-)  , 

9 


=  0  . 

‘  .  I 

/“  =  [  9  .  A)  ■n  ^ 


La  relation  peut  etre  ecrite  a  volonte  sous  la  sous  forme 
diff^reniielle  ci-dessus,  ou  .sous  sa  forme  discretisee  Les  non 
linearit^s  visqueuses  "raides"  (ou  singulames)  sont  ineluses 
dans  les  3  coefficients  p*.  qui  dependent  forte-  cm  de  i .  j 
Compte  tenu  des  relations  (5c)  qui  imposent  un  couplage  direct 
sur  les  2  grandeurs  h, .  p/ ,  le  seul  coefficieni  local  inqxiriani 
pour  la  theone  numerique  de  couplage  est  p* 


6.2.  Algorilhme  "Semi-inverse  Massive-separation  (2.751)1. 


A  chaque  iteration  de  couplage.  la  viiesse  normale  a  la 
paroi  non-visqueuse  u,'  (ou  bien  la  disconiinuiie  de  viiesse 
iionnale  non-visqueuse  sur  les  sillages  qui  traduit  I'effei 

de  deplacemeni  generalise,  esi  modiliee  en  cti.ique  lUK-ud  de 
couplage  (<.;.  Ii  de  maniere  espliciie  grace  a  ralgoriilime 
"Seini- inverse"  de  Le  Balleur  16||1)|1.'1.  eicndii  ici  eu 
tridimensionnel  approihe  (  "2  75D"i 

s'  "  .  s' 

“s  .1  **), 

=  10  U) 

9  ,  9  9  ; 


*v.c.  ]  ,  =  f  P  ^  9  -  9a  ]  ,  • 

(P  1'ijmple.re.  /'■  =  -l) 


(661 


+  0); 


j 

9 


99': 


1 


I  .)-ij 
9  'i.v  ‘  Uv  ‘ 


,1-9'  ' 


6.1.2.  Prtcunditionnemenl  non-visqueux  "Massive-separation". 

Dans  le  cas  d'un  decoliement  massif,  la  direction  r’  (nor- 
male  a  la  vitesse  non-visqueuse  et  done  k  la  surface  de 
deplacement)  n'est  plus  normale  i  la  paroi.  La  vitesse  normale 
de  perturbation  w',  depend  alors  de  9',  et  I'op^rateur  non- 
visqueux  correspondant.  donne  dans  Le  Balleur  1 1 1.  devienl  : 

w',  =  9'  sin  v  +  u'^  cos  y  .  sin  y  =  H',/9 

u’  =  /  P  9' 

j'  'I 

w',  =  /  .  1^  P  cos  y  -  /  sin  y  j  9'  =  /  P'  .  9' 

Pour  tout  nombre  d’onde  (Oj.  02.  03).  on  a  alors.  sur  la  paroi  ; 

(P'  complexe ,  /  ^  - 1 ) 

De  plus,  le  nombre  d’onde  maximal  en  direction  x'  ou  i‘ 
compte  tenu  du  filtrage  cp6r6  par  le  maillage  de  discretisation 
est  modifie,  Le  Balleur  1  i  j  : 


As  ’  .  cos  y 


x 

Ar' 


(6d) 


6.1.3.  Precondilionnement  :  "Op6rateur  visqueux"  (2.75D). 

Compte  tenu  de  la  formulation  numerique  s  '-marching  du 
probieme  visqueux,  il  a  6l6  montre  qu’il  est  possible  d’y 
effectuer,  2t  chaque  station  (1.7  ,1),  une  eliminaticn  des  vari¬ 
ables  internes  "purement  visqueuses",  Le  Balleur  15)(6)[711 1 ). 
ce  qui  r^duit  le  problfeme  visqueux  a  une  seule  relation  connec- 
tant  les  variables  non-visqueuses  de  paroi.  Cetie  relation  (par- 
fois  dite  fonction  d’influence  visqueuse)  constitue  precisement 
I’operateur  de  surface  visqueux  recherche  de  la  theorie 
numerique  du  couplage.  Cette  elimination  des  variables  pure¬ 
ment  visqueuses,  qui  peut  inclure  si  ndeessaire  les  schemas  de 
discretisation  it  la  station  (1,7)  (methodes-locales),  eiimine  ici 
6.  u',  i ,  t  dans  le  systeme  (5a)(5b)  et  donne  : 


0  <  w  c  2  (K), 


Notons  que  si  r.ilgonihme  n'est  pas  m  jimensionnel. 


rapproximalion  "^.T.SD"  detime  ici  est  plus  complete  que 
I’apprtvhc  quasi-.'D  i2.5Di  qui  ctait  deja  precisee  |.3||  1 1. 

Les  crvefficients  to'  ,,  u)'  .  to,' dans  I'algorithme 
"Semi-inverse"  de  Le  Balleur,  sont  calcules  en  chaque  noeud 
(1.7)  de  couplage.  Ce  calcul  est  lel  que  h  '*'  corresponde  ;i  la 
solution  (linearisee)  de  couplage  exact  sur  le  nombre  d'onde 
maximal  16!|7||ll  a,„,,  du  maillage.  Lne  surrelaxation  de  2  est 
alors  la  limite  de  slabilitc  16117].  Pour  I'algorithme  "Semi 
inverse  Massive-separation '.  les  coefficients  s’ecnvent.  Le  Bal¬ 
leur  (111  151,  <^n  variables  complexes  : 


*  '  <S,u.  wl'.j 


I 


o.;”7'''  =  (orj4/o,„.,  to,',  =  - 

'  ^  '  1  -  p  '  (tv,.,) 


p  = 


“i  P‘ 


ip  tom/>lt'xe .  /"  =  -!) 


p'  =  P  cos  y  -  /  sin  y 


Dans  ces  expressions,  I'exiension  en  "2.75D”  de  I'algorithme 
"Semi-inverse  Massive-.separation"  suggere  en  19S9  I  111  15)  esi 
contenue  dans  le  terme  P  donne  par  la  relation  (6a).  Le  terme 
p  correspond  a  1 ’amplification  complexe  de  I’algorithme  de 
point  fixe  "direct"  (p  '  etant  de  ce  fait  I’amplificaiion  complexe 
de  I’algorithme  de  point  fixe  "inverse").  On  notera  que  la  re¬ 
laxation  (0^,  to’  ci-dessus  correspond  a  la  forme  originelle  de 
I’algorithme  "Semi-inverse",  Le  Balleur  |6|,  e’est  a  dire  a  une 
relaxation  opiimale  to"'  =  1-p"',  mais  que  I’^criture  ici  en  vari¬ 
able  complexe  de  to  inclut  egalement  I’analyse  de  Wigton.  Holt 
1191.  voir  |221.  On  remarquera  enfin  que  I’algorithme  "Semi¬ 
inverse  Massive-separation"  conduit,  meme  en  sub.sonique.  k  ce 
que  les  2  termes  to^  et  to'  soient  actifs  et  non-nuls,  Le  Balleur 
1111151. 
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6.3.  Algorilhme  "Equilibrage  de  nappe  de  sillage '. 


On  utilise  ralgoriihme  d’equilibrage  de  sillage  suggere  en 
1981,  Le  Ballcur  171111,  pour  les  profils  d'ailes.  Cel  algor- 
ithme,  issu  des  techniques  numeriques  du  couplage  visqueux- 
non  visqueux,  peut  etre  utilise  tout  aussi  bien  en  calcul  non- 
visqueux.  La  melhodc  numerique  peut  traiter  I'equilibrage  3D, 
en  appliquant  I’algorithme  2D  sur  chaque  surface  j  =  oi. 

Dans  le  cas  visqueux,  ralgorithme  d’equilibrage  de  sillage 
s’LjOute  i  ralgorithme  d'effet  de  deplacement,  lequel  assure 
seulement  les  conditions  correctes  de  ".saut"  de  vitesse  normale 
non-visqueuse  <w,iq>  sur  la  nappe  ("saut"  qui  deviem  nul  en 
fluide-parfait)  : 

<",'9 L  L  =  >-  <9u) 

L’algorithme  d’equilibrage  effectue  d’abord,  avec  les  condi¬ 
tions  correctes  de  saut  de  vitesse  normale,  un  calcul  sur  une 
geometric  de  nappe  approchee  ^  ^  a  1’ iteration  N.  Apres 
convergence  de  I’algorithme  de  couplage  dans  le  cas  visqueux, 
ce  calcul  donne  les  vitesses  nonnales  non-visqueuses  relatives 
a  cette  geometric  de  nappe,  de  part  et  d'autrt  Je  celle-ci 

1;',  (H,  q  i'. 

L'equilibrage  est  obtenu  lorsque  non  seulement  la  relation 
(9a)  est  satisfaite,  mais  lorsque  aussi  fu,  !/),  =  (u, et  par 
consequent  (vi,  q  ).  =  l'  (avec  w,  q  =  0  dans  le  cas  non- 
visqueux).  La  quantite  : 

12!  -  “‘V'/l-  +  (“V'Ai'  '  ,  ^  I 

fournit  I'erreur  angulaire  de  pente  de  la  nappe  a  chaque  nocud 
de  couplage.  L'algorithme  d'equilibrage  relaxe  alors  cette  pente 
en  chaque  noeud,  la  nouvelle  geometric  de  nappe  etant  deduite 
de  la  pente  par  integration  selon  i  depuis  le  bord  de  fuite  : 
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Cet  algorithme  d'equilibrage  a  des  proprietes  similaires  a  une 
niethixie  de  N'ewion,  avec  convergence  quadratique. 


7.  MAILLACE  AUTO-ADAP'rATlF. 

On  utilise  pour  le  champ  non-visqueux  une  methode  de 
generation  algebrique  de  maillage  onginale  tnise  au  point  en 
1981  pour  les  profils  d’ailes,  Le  Balleur  |7|.  La  methode  est  ici 
etendue  au  tridimensionnel  en  appliquant  la  technique  2D  plan 
par  plan  i j  =  c.si ),  avec  une  frontiere  exlerne  identique  dans 
chaque  plan.  Fig.  3. 

La  methtxie  construit.  Fig.  3-4-5,  par  integration 
numerique  selon  k,  un  maillage  algebrique  en  C  oil  les  lignes 
1  =  (.vt  sont  des  paraboles,  en  eliminant  toutefois  la  technique 
des  paraboles  de  transformation  conforme,  de  facon  i  pouvoir 
repanir  les  noeuds  a  volonte  et  uniform^ment  sur  la  frontiere 
externe.  Les  lignes  k  =  est  sont  obtenues  par  controle  de  la  dis¬ 
tribution  des  noeuds  sur  chaque  ligne  i  =  csi  entre  la  paroi  et 

la  frontiere  externe.  Fig.  3-4-5. 

la  seconde  originality  de  la  methode  est  d’introduire  une 
technique  de  controle  monodimensionnelle  de  resserrements 
multiples  du  maillage.  Ce  module  de  g6nyration  de  maillage 


transforme  une  repartition  de  noeuds  X  u  >  existame  en  une 
repartition  nouvelle  X'\!i  qui  introduit  un  nombre  qiielconque 
de  resserrements  locaux,  reglables  independamment  en  iriten 
site,  largeur  et  forme,  par  superposition  (additive  ou  muliipli 
caiive)  de  fontions  de  resserremeni  elementaircs  de  classe  (  ‘ 
(fonctions  exponentielles,  Gaussiennes  par  excn.ple)  la  mono- 
tome  de  la  fonction  \  'ii  i  est  a.ssuree  en  traitant  la  transforma 
lion  sur  les  derivees  UX'  Ui.  JX  'di,  positives,  le  maillage  final 
X'it  I  etant  restitue  par  integration  numenque  Ceci  inirixluit  en 
ouue  une  source  de  lissage  favorable  Ce  nxxlule  de  maillage 
peut  de  plus,  dans  la  transformation  x'd).  placer  4  noeuds  a 
des  abscisses  fixes  ou  deienmnecs. 


Fig.  3  Methfuie  de  f>eneniti/in  de  maillage  adapiatif  3D. 
(NACA4412.  A  =  6,  W  =  18.  a  =  17".  Re  =  4.2  lO'') 


I- ne  iruisieme  originalite  de  la  riiethode,  inlroduiie  plus 
rivcniinent,  cst  de  generaliser  I'emploi  de  ce  mailleur 
algebnque  a  des  geometries  plus  complexes  (quelconques)  par 
adjonction  d’une  technique  de  superposition  de  transformations 
analytiques.  Ccs  transformations,  par  distorsion  du  maillage  de 
base  ei  avec  minimisation  d’aplalissement  des  mailles  aux 
points  singuliers,  permettent  ict  par  exemple  le  maillage  en  C 
avec  bord  de  fuite  emousse  (ellipse  p  ex.i.  Fig  5.  L'originalite 
de  la  technique  est  de  superposer  des  transfonnations  de  distor¬ 
sion  (3D)  monotones  a  supports  bornes  Des  superpositions  de 
-  dislorsions  elementaires,  translation  et  rotation,  suftisent  a 
obienir  un  large  champ  d’anplication. 

L. 'auto-adaptation  du  maillage  non-visqiieux  prend  en 
compte  la  geometric  exacte  de  la  nappe  de  sillage, 
iterativement  determinee  par  I’algonthme  d'equilibrage.  Des 
laffinemems  mobiles  du  maillage  (selon  i  ct  eventuellcment 
selon  f  I,  sont  intrcxluits  pour  adapter  la  maille  locale  Av'  a 
1  echelle  S  d'inieraction  visqiieuse  dans  Ics  zones  d’lnteraction 
lorte  lellcs  que  decollements  et  pieds  d'ondes  de  chix'.  Fig.  3- 
4-,‘s,  et  sont  deplaces  de  mantere  iterative.  A  chaque  iteration 
d'auto-adaptation  du  maillage,  une  interpolation  bilmeaire  par 
cellule  de  la  solution  est  effcctuee. 


Massive-separatioii'  pour  Ic  vouplage,  la  methodc  bidimcnMon 
nellc  stationnaire  (codes  VIS(I5  et  V1,S(I7,  Viscous-lnviscid- 
Solver-07)  a  donne  acces  au  calcui  du  decroshage  ct  du  p^isi- 
decrochage.  Les  Fig.  6-12  13  rcproduisein  ici  les  resuliats  11| 
obtenus  sur  le  profil  .N.ACA4412  expenmeme  p,ir  Hastings 
|33|,  avec  la  version  la  plus  complete  de  !.i  methodc  Dans 


t  i.'i  t( ,  i-,  Id  //iltrui 


<  ir.ice  au  double  progres  du  Refcrentiel  dc  Deplacemcni" 
pour  ics  equations  visqueuses,  et  de  I'algonthmc  "Semi  inverse 
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celle-ci,  le  sillage  est  calcule  avec  sa  pleine  disaymetrie  ei  la 
nappe  de  sillage  non-visqueuse  est  mise  cn  equilibre  exacte- 
menl  (code  V1S07),  sur  le  lieu  des  minima  de  viiesse.  Ce  cal- 
cul  du  sillage  avec  positionnemenl  exact  donne  acces  a  la 
pleine  restitution  des  champs  locaux  moyens  et  fluctuants, 
lignes  de  courant,  iso-vitesses,  iso-turbulence.  Fig,  6-10-11.  Le 
cicul  restitue  bien,  Fig.  6,  le  passage  d'une  topologie  a  1  tour- 
billon  de  bord  de  fuite  au  CLmax  vers  une  topologie 
d’ecoulement  moyen  a  2  larges  tourbillons  contra-rotatifs  en 
decrochage.  Avec  le  modele  k-z  k  2  equations  propose  pour 
ies  ^coulemciiis  decodes,  d6s  que  la  transition  est  correctement 
modelisee  11),  un  bon  accord  calcul-cxpcrience  est  observe  sur 
la  courbe  de  portance  jusqu’a  son  maximum.  Fig.  13,  ainsi  que 
sur  la  distribution  de  pressibn  a  portance  maximale.  Fig.  12. 
Dans  I’etat  actuel,  les  codes  VIS05,  VIS07,  permettent  des  cal- 
culs  a  maillage  auto-adaptatif  robustes  et  routiniers  jusqu’a  des 
incidences  28"  ou  ,10",  Fig.  10-11. 

8.2.  Maillage  auto-adaptatif. 


Dans  revaluation  de  la  simulation  numerique  par  interac¬ 
tion  visqueux-non  visqueux.  I’attention  doit  etre  portee  non 
seulement  sur  la  modelisation  et  ies  algorithmes  visqueux.  mais 
encore  sur  les  avantages  d’auto-adaptation  automatique  du 
maillage  qu’elle  appone  par  rapport  aux  techniques  de 
resolution  directe  d’equations  de  Navier-Stokes.  La  technique 
d’interaction  visqueux-non  visqueux  inclut  en  effet  en  elle- 
meme  le  probleme  d’auto-adaptation  du  maillage  qui  est 
necessaire  a  grand  nombre  de  Reynolds,  et  dont  I'impact  sur  la 
simulation  numerique  a  nombre  de  Reynolds  eleve  est  sans 
doute  bien  supeneur  au  dilemne  du  choix  entre  equations 
completes  (toujours  tronquees  par  le  filtre  des  maillages)  et 
equations  de  couche-mince. 

Le  dedoublement  numerique  "visqueux  -  non  visqueux" 
avec  recouvrement  des  domaines  de  calcul  de  la  presente  tech¬ 
nique  appone  I’avantage  d’un  traitement  dedouble  lui-aussi  de 


Fi)>  7.  Maillage  auu’-adapiatif  :  cliamp  visqueux. 
ISACA4412.  M  =  18,  «  =  24",  Re  =  4.2  10*’) 


h'lg  ,S  Maillages  auin  ailapiaiijs  complcts 
d  interactiiui  visqueui  nun  visqueux 
(NACf\44l2.  M  =  IX,  a  =  24".  Re  =  4  2  10'’> 


Fig  b.  Maillages  auio-adapianjs  eotnpleis 
J' iriteraciion  visqueiu-ntm  visqueux. 
(Ellipse.  M  =  IX.  a  =  IF .  Re  =  4.2  lift 


I’auto-adaptation  aux  effets  visqueux.  Fig.  4-7-8.  Fig  ,S-y  11 
offre  done  un  nombre  de  degres  de  liberte  accru  pour  I'auto 
adaptation  du  mailiage.  par  rappon  aux  techniques  de 
resolution  directe.  La  Fig.  7  montre  i  convergence  le  maillage 
"visqueux"  auto-adaptatif  a  I’epaisseur  de  couche  visqueuse  et 
au  profil  de  viiesse  dans  la  couche.  qui  est  introduit  ici  en 
theorie  de  'Fonnulation-Deficitaire",  et  par  consequent  en 
recouvrement  du  maillage  "non-visqueux"  auto-adaptatif  de  la 
Fig.  4,  avec  coincidence  des  noeuds  sur  la  paroi  et  sur  la  nappe 
de  sillage.  Les  maillages  complets  du  calcul.  Fig.  8  et  Fig.  b. 
montrent  la  totale  auto-adaptation  de  maillage  obtenue  dans  la 
presente  simulation  numerique  par  interaction  visqueux-non 
visqueux,  tant  pour  la  capture  des  sillages,  bords  de  fuiie. 
points  de  decollement,  que  pour  celle  des  couches  limitts  et 
couches  de  melange.  Ce  maillage  explique  la  faculty  offene  par 
cette  methodologie  numerique  de  pouvoir  augmenter 
indefiniment,  et  sans  viscosite  numerique  majeure,  le  nombre 
de  Reynolds  accessible.  Les  calculs  out  ici  ete  effectues  sur  des 
maillages  257x32  (champ  non-visqueux)  plus  257x37  (champ 
visqueux).  Un  doublement  du  maillage  visqueux  dans  la  direc¬ 
tion  normale.  en  fin  de  convergence,  n'aurait  pas  augmente 


Ftg  11  liirhuleni  e  prufils  denergie  ci’u  tique  et  lignes  isn 
IS’.M  .44412.  M  =  IX.  «  =  2X",  Re  =  4  2  It)'’) 
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notablement  le  cout  du  ealcul.  Ninons  enfin  qu'un  sous- 
maillage  unilateral  (selon  i )  du  calcul  visqueux  se  trouve  intro- 
duii  automatiquement,  de  plus,  dans  les  zones  de  faible  interac¬ 
tion  visqueuse  le  necessitant. 

8.3.  Cylindre  circulaire. 


L’acces  dcs  methodes  d’interaction  visqueux-non  visqueux 
au  calcul  du  decollement  massif  est  entin  illustre  par  la  possi- 
bilite  de  calcul  du  ca.s-limite  du  cyclindre  circulaire.  Fig.  14.  au 
moyen  du  code  VIS05  -  profil  d’aile.  La  presente  theorie  de 
"Formulation-D^licitaire"  et  son  "ReKrentiel  de  deplacement" 
eliminent  ici  les  difficultes  de  couche-mince  ou  de  reKrentiel 
de  couche-limite  discontinu  au  (pseudo-)  bord  de  fuile. 
L’algorithme  ".Semi-inverse  Massive  separation"  et  la  theorie 
numerique  du  couplage  proposee  d^montrent  sur  ce  cas-tesi 
leur  application  jusque  dans  le  cas-limile  sevire  oil  le  vecieur 
Vitesse  "non-visqueux"  i  la  paroi  devient  orthogonal  ^  cette 
paroi  (et  non  plus  tangent  comme  en  couche  Umite).  Un 
decollement  turbulent  i  azimuth  rdaliste  de  110"  est  ici  pr^dit 
par  le  code  VIS05.  en  calcul  stationnaire. 


.  (hi 

Aic'  Id  l)i\  •<ilcnie)q  niossil  Ltstnes  de  eounDii  el  i.vi/ A/ui  /i. 
UAliiuke  eireuUure.  M  ■  IS.  Rc  -  4.2  l()"i 


9.  RESLLTATS  3D. 

L  extension  en  tndimensionnel  de  la  methixle  numerique 
(code  VISll)  conserve  exactemeni  pian  par  plan,  les  memes 
caracteristiqces  d'auto-adaptation  du  maillage  aux  effets 
visqueux  q-  c  celle  de  la  Fig.  S.  Le  maillage  moins  riche  utilise 
tci  en  iridimensionnel  est  131x21x20  (champ  non-visqueux) 
plus  131xl5x.3?  (champ  visqueux),  avec  sous-maillage  addi- 
iionnel  visqueux  selon  i  dans  les  zones  de  couche  limite  mince 
aitachee. 

9.1.  Voilure  rectangulaire  NACA4412. 

Des  calculs  de  validation  numerique  de  la  m^thode  ont 
d’abord  eie  obtenus  sur  une  aile  NACA4412  rectangulaire 
d’allongement  6  en  atmosphere  illimit^e,  en  conservant  les 
memes  conditions  de  vitesse  et  de  nombre  de  Reynolds  que 
celles  de  Hastings.  La  Fig.  15  montre  les  lignes  de  frottement 
calculees  en  turbulent  aux  grandes  incidences  sur  I’extrados  de 
la  voilure,  et  les  lignes  de  force  du  champ  de  vitesse  sur  la 
nappe  de  proche  sillage.  Les  lignes  d’accumulation  de 
decollement  et  de  recollement  montrent  I'apparition  du 
dicollcment.  On  peut  remarquer  en  particulier  Fimportante 
zone  de  decollement  calculie  i  I’incidencc  17°,  le  decollement 
de  I’ailc  prenant  ici  naissance  par  I’emplanture  (plan  de 
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Fif(  15  Lignes  de  frottcment  Exlradtis.  Maillage  fixe 
Aik  rectangulaire  NACA44I2.  allongement  =  6. 
(M  =  18.  Re  =  4  10*’.  turhuknl) 


symctrie).  La  Lig.  4  iiK'iure  t|ue  la  nappe  de  sillage  esi  mise  en 
equilibre.  La  Fig.  16  tournit  les  di,^l^bulion!l  de  pre^sion 
ealeulees  en  cnvergure  a  I'lncidenee  17'.  cl  numtre  Lappaniion 
d'un  plateau  de  prcssion  dans  la  zone  deeollec  Les  resultats 
des  Hg.  15-16  correspondent  a  des  calculs  sur  des  inaillages  oii 
rauto-adaptation  esi  realisee  pour  ce  qui  est  du  calcul  visqueux 
et  de  I’equilibrage  de  la  nappe,  niais  qui  sont  depourvus 
d ’auto-adaptation  du  maillage  de  surface  au  decoUement  (cas  b 
de  la  Fig.  17).  Dans  ces  calculs  sur  maillage  de  surface  onhog- 
onal,  I’approximation  de  troncature  visqueuse  esi  alors 
sin  X*  =  1. 


Fig  /6,  Dtsirihulion  de  prvssuni  d  la  parm. 
Aik  re(  uinguUnre  \ACA-I4 12.  idlimgenwni  =  6 
(M  =  ik.  a  =  17".  Re  =  4  l()^  turbulent} 


9.2.  Calcul  a  maillage  de  surface  autu-adaptatif. 


I.a  technique  de  maillage  auto-adaptative  mise  au  point 
dans  la  presente  methode  (code  VLSll)  permet  aussi  I’auto- 
adaptalion  du  maillage  de  surface,  par  rapport  aux  effets 
visqueux  de  decoUement,  cas-a  de  la  Fig.  17.  L’auto-adaptation 
du  maillage  de  surface  est  ici  asservie  au  passage  en  mode  in¬ 
verse  du  calcul  visqueux,  c’est  ^  dire  asservie  au  cone 
carateristique  el  au  domaine  de  d^pendance  local  du  calcul  de 
couche  limile  coupl^e. 

Dans  ces  calculs,  I’hypothese  d’une  direction  X'  de  tron¬ 
cature  visqueuse  parall^le  aux  lignes  i  =  est,  qui  est  acceptable 
lorsqu'elle  est  possible,  et  qui  ne  conduit  pas  alors  a  des 
modifications  majeures  des  solutions  par  rapport  au  calcul  avec 
sin  X*  =  1,  ne  peut  cependant  etre  maintenue  sur  un  maillage  de 
surface  distordu  par  adaptation  X  un  grand  decoUement.  Le  cal¬ 
cul  avec  X‘  parallFle  aux  lignes  i  =  i.sr  sur  un  maillage  con¬ 
verge  tel  que  celui  de  la  Fig.  17  cas-a  ne  peut  en  effet  etre 
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Fiii.  17.  .Maillaae  de  surface  umo-adapuiut  aia  etfecs  vi.u/ueiu. 
Aile  miaiinulaire  S'.ACAd-t  1 2 ,  alloti^emeni  =  f> 

(M  =  .  IX.  a  =  17" ,  Re  =  4  10*'.  lurhident) 


effeciue  san.s  violer  les  domaines  de  dependance  et  cones 
caracteristiqaes  de  coiiche  limite  en  mode  inverse.  Une  direc¬ 
tion  'k  calculee  en  chaque  noeud,  en  fonction  de  I’obliquite  du 
maillage  de  surface  et  du  cone  caracteristique  inverse  local,  cst 
done  ir.troduite.  Elle  evolue  entre  la  direction  i  =c.w  et  la  direc¬ 
tion  orthogonale  aux  lignes  de  courant  non-visqueuses.  Le  cal- 
cul  confirme  que  I’impact  du  choix  de  X.’  sur  les  solutions 
reste  faible,  le  te.st  e'tant  ici  effectue  sur  le  resultat  sensible 
qu  est  le  frottement,  et  dans  le  cas  defavorable  de  la  plus  forte 


hiK  IH  Li^nes  de  frollemenl  Maillage  auia-adaptatif.  Sin  X’=  1. 
Aile  recian^ulaire  NACA44I2.  alUm^emenl  =  6. 

OAl  =  IX,  a  =  17".  Re  =  4  10*’,  lurhulent) 


/  ig.  Id.  l,if;nes  de  traut'/nfii!  'tlaiUatie  autu  adapiunt  Sm  K  r  1 
Aile  nelarifUiUuie  \Ai'.-\44l2.  allcn^ement  -  0 
(M  =  IX.  tx  =  17".  Re  -  4  Hi'',  lurhulenn 

incidence  17",  Fig.  IX- 19.  On  peut  noter  que  le  calcul  avec 
maillage  de  surface  auio-adaptatif  et  sin  X'  =  I.  Fig,  IX,  repio- 
duit  scnsiblement  le  resultat  sin  X’  =  I  obtenu  sans  maillage  de 
surface  adai-tatif  de  la  Fig.  l.S,  el  que  la  solution  sur  maillage 
de  surface  adantatif  avec  sin  X’  calcule.  Fig.  19,  ne  conduit 
qu'a  un  leger  accroissemeni  de  la  zone  decollee 

9.3.  Voilure  en  fldche  AS27-V41. 

Une  premiere  validation  quantitative  de  la  methode  de  cal¬ 
cul  tndimensionnelle  VIS  11  par  compiuaison  calcul-expeneiice 
a  ete  obtenue  sur  la  voilure  en  tleche  AEROSPATIAl.F  V41, 
qui  a  ete  experimentee  a  grande  echelle  sur  une  maquette 
'avion'  |.Mj  dans  les  souffleries  de  I'ONERA,  et  doni  les 
caracteristiques  soni  deja  plus  proches  de  celles  des  voilures 
industnelles. 


l.a  1-ig.  20  montre  le  maillage  de  surface  du  calcul  et  in- 
dique  la  geometrie  de  la  voilure.  Le  calcul  est  realise  en  tur¬ 
bulent.  La  transition  experimenialc  est  declenchce.  La  Fig.  21 


fig  20.  Aile  AS27-V4I  {alkinj(emeni-9  S )  Maillaf’e  de  surface 
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reproduit  revolution  en  incidence  des  lignes  de  irottement 
calcul6ss  sur  I’extrados  de  la  voilure,  ainsi  que  les  lignes  de 
force  du  champ  de  vitesse  sur  la  nappe  de  proche  sillage  (mise 
en  equilibre),  aux  fones  portances.  Les  lignes  d' accumulation 
de  decollement  et  de  recollement  qui  apparaisscnt,  Fig.21, 
montreni  le  developpement  en  incidence  du  decollement  cai- 
cule,  jusou’nu  CLmax,  avec  le  modele  turbulent  a  2  equations 
k  ~x  propose.  L’incidence  11"  correspond  sensiblement  sur  cette 
aile  a  la  limite  d'operalionnalite  du  code  VIS  11  (au  stade 
preliminaire  actuel).  Les  comparaisons  calcul-experience  obte- 
nues  sur  les  distributions  de  pression  a  la  p^'^oi  pour  ces 
configurations  decoll^es  a  fone  portance.  Fig. 22,  semblent  etre 
ttes  satisfaisantes,  de  meme  que  dans  le  cas  non-decolld  a 
r  incidence  4". 


10.  CONCLLSIONS. 

Une  methode  numerique  nouvelle  d’interaction  visqueux- 
non  visqueux  transsonique  pour  le  calcul  des  ecouleme.its 
decolles  sur  les  voilures  aux  fortes  ponances  (code  VlSll. 
Viscous-Inviscid-Solver-1 1),  a  pu  etre  definie.  L'ne  technique 
3D-approchee  pour  les  equations  visqueuses  (2.7.SD-local), 
adaptee  it  I’allongement  inevitable  des  mailles  en  envcrgure.  est 
propo,see.  Le  nouveau  code  VIS  11  offre  de  surcroit  une 
premidre  approche  de  calcul  tridimensionnel  a  maillage  auto- 
adaptatif  aux  echelles  d'interaction  visqueuse. 

Des  resultats  nouveau, x  om  ete  degages  sur  les  singularites 
et  cones  caracteristiques  de  couche  limite  tridimensionnelle  en 
mode  inverse.  Des  rtsultats  iheoriques  nouveaux  ont  aussi  ete 
obtenus  sur  Talgorithme  de  couplage  "Semi-inv  rse"  de  Le 
Balleur  ainsi  que  sur  sa  theorie  de  stabilite.  en  debouchant  sur 
une  nouvelle  extension  "Semi-inverse  Massive-separation 
2.75D"  de  I'algorithme.  compatible  avec  le  calcul  des  voilures 
decollees. 

Des  comparaisons  calcul-experience  satisfaisantes  sur  le 
champ  de  pression  ont  pu  etre  obtenucs,  avec  le  modele  tur¬ 
bulent  2  Equations  k-x  propose,  tant  sur  le  profil  NACA44I2 
au  CLmax  et  au  dccrochage,  que  sur  la  voilure  en  fleche 
AS27-V41  de  type  avion  civil,  a  grande  portance  et  avec 
decollement. 

Ces  resultats  demontrent  que  les  methodes  d’interaction 
visqueux-non  visqueux  donnent  un  plein  acces  au  calcul  du 
decollement  tridimensionnel. 
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SUMMARY 

In  the  course  of  four  decades  a  large  amount  of  high- 
lift  applied  research  and  development  has  taken  place 
at  the  Fokker  Company.  In  the  'fifties  and  'sixties  the 
F-27  and  the  F-28  were  developed.  In  the  'eighties 
these  aircraft  were  developed  further  into  the  Fokker 
50  and  Fokker  100.  In  the  seventies  an  extensive  R&D 
progranme  was  performed  in  preparation  of  a  possible 
successor  to  the  F-28  leading  to  the  F-29  project 
study.  In  each  case  two-  and  three-  dimensional 
windtunnel  models  were  investigated  in  numerous 
configurations.  In  the  last  decade  these  investigations 
have  increasingly  been  preceded  by  theoretical 
investigations.  Where  data  are  available  comparisons 
have  been  made  with  flight  test  data.  Of  each 
development  programme  a  detailed  account  is  presented. 
Particular  attention  is  paid  to  Reynolds-number  effects 
and  the  interconnection  between  the  high-speed  cruise 
and  low-speed  high-lift  design  requirements. 
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Airfoil  section  maximum  lift  coefficient 
Aircraft  lift  coefficient 
Aircraft  maximum  lift  coefficient 

Aircraft  maximum  lift  coefficient 

based  on  minimum  speed  reached  in  the 
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to  flap  deflection  at  a=0. 
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Static  pressure  of  the  undisturbed 
airflow 

Dynamic  pressure 

Reynolds  number  related  to  the  airfoil 
section  chord 

Reynolds  number  related  to  the  wing  mean 

aerodynamic  chord 
Wing  area 

Airfoil  section  angle-of-attack 
Aircraft  angle-of-attack  with  reference 
to  the  fuselage  centre  line 
Elevator  angle 
Flap  angle 
Slat  angle 


1.  INTRODUCTION 


When  the  Koninklijke  Nederlandse  VI iegtuigenfabriek 
Fokker  N.V.  (Royal  Dutch  Aircraft  Factory  Fokker) 
restarted  design  and  production  of  its  own  aircraft 
after  the  Second  World  War  good  high-lift 
characteristics  were  not  among  the  prime  goals  pursued 
in  the  design  activities.  Fokker's  first  designs,  the 
F-25  Promotor,  the  S-11  Instructor,  S-I2,  S-13  and  S-14 
Mach-trainer  were  touring  aircraft  and  military 
trainers  where  airframe-propulsion  integration  and 
flight  handling  required  much  more  attention  than 
maximum  performance.  For  these  designs  split  flaps  were 
good  enough. 

In  1950  however,  a  design  study  was  started  on  a  two- 
engined  transport  aircraft  which  was  envisaged  as  a 
successor  to  the  then  ubiquitous  Douglas  DC-3  or  C-47. 
This  was  seen  as  a  tremendous  challenge.  The  C-47  was 
at  that  time  easy  to  obtain  at  very  reasonable  prices 
and  had  for  its  days  quite  reasonable  field 
performance.  The  new  aircraft,  the  Fokker  F-27 
Friendship  would  be  equipped  with  the  not  yet  generally 
accepted  turboprop  engine  (the  Rolls-Royce  Dart  RDa6) 
in  order  to  obtain  lower  operating  costs  and  a 
significant  increase  in  productivity  through  a  higher 
cruising  speed.  Take-off  power  rose  from  1200  hp  for 
the  C-47  to  1600  shp  for  the  F-27  MklOO.  The  higher 
cruising  speed  demanded  a  higher  wing  loading  for 
optimum  cruise  performance.  Wing  loading  increased  from 
139  kg/mz  (28.4  Ib/sq.ft)  for  the  C-47  to  253  kg/m^ 
(51.7  Ib/sq.ft).  As  the  span  of  both  aircraft  was 
practically  identical  (29  m  or  95  ft)  the  span  loading 
MTOW  /b'  increased  from  15.11  kg/m'  (3.10  Ib/sq.ft)  for 
the  C-47  to  21.06  kg/ra'  (4.32  Ib/sq.ft). 

Finally  the  aircraft  would  be  certified  according  to 
the  U.S.  certification  regulations  CAR  4b  which  were 
considerably  more  stringent,  both  with  respect  to 
performance  and  to  flight  handling,  than  was  the 
certification  basis  for  the  original  DC-3. 
Nevertheless,  the  DC-3  field  performance  was  to  be 
duplicated. 
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Thus  a  set  of  very  demanding  aerodynamic  design 
requirements  was  formulated  for  low-speed  flight  (high 
maximum  lift  in  take-off  and  landing,  high  lift-drag 
ratio's  at  take-off  and  landing  conditions  and 
excellent  low-speed  flight  characteristics  both  in  all¬ 
engine  and  one-engine-out  flight  conditions).  This 
special  attention  for  low-speed  flight,  both  with 
regard  to  aircraft  performance  and  to  flight  handling 
has  ever  since  the  original  design  of  the  F-27  been  a 
trade  mark  of  Fokker  designs  as  these  have  always 
primarily  been  aimed  at  the  short-  and  medium  haul 
market. 


11.  THE  BEGIMMIM6  -  DEVELOPIMC  THE  HIGH-LIFT 

CHARACTERISTICS  OF  THE  FOKKER  F-27  FBIEHDSHIP 


When  one  looks  into  the  open  literature  for  data  on 
airfoil  section  high-lift  characteristics  available  in 
1950  one  finds  that  most  of  the  data  is  compiled  in 
four  publications: 

a.  Theory  of  Wing  Sections  (Abbott  and  von  Doenhoff, 
ref.  1). 

b.  Summary  of  airfoil  data,  NACA  TR  824  (Abbott,  von 
Doenhoff,  Stivers,  ref.  2). 

c.  Summary  of  section  data  on  trai ling-edge  high  lift 
devices,  NACA  TR  938  (J.F.  Cahill,  ref,  3). 

d.  The  Aerodynamic  Characteristics  of  Flaps,  ARC  R&M 
2622  (A.D.  Young,  ref.  4). 

The  data  in  these  publications  concern  either  tests 
with  efficient  high-lift  devices  on  airfoil  sections 
which  were  then  considered  obsolete  such  as  the  NACA  4- 
and  5-digit  series  and  the  British  RAF-sections  or  the, 
at  that  time,  modern  NACA  6-series  laminar  flow 
sections  but  at  moderate  relative  thickness  (10  to 
12%).  Data  from  systematic  tests  on  a  large  series  of 
NACA  6-series  airfoil  sections  equipped  with  a  0.20c 
split  flap  were  available  however.  Also  a  very  limited 
set  of  data  on  thick  NACA  6-series  sections  with 
double-slotted  flaps  can  be  found. 

All  test  data  indicated  however  that  within  the  airfoil 
classification  system  used  at  that  time  both  older  and 
later  section  families  showed  the  highest  maximum  lift 
coefficients  at  a  relative  thickness  of  about  12%  for 
the  clean  section  and  of  about  20%  with  a  deflected 
trailing-edge  flap.  This  is  illustrated  in  figure  1 
taken  from  ref.  1. 

Because  of  the  desire  to  minimise  induced  drag  both  in 
take-off  and  in  cruise  a  wing  of  very  high  aspect  ratio 
was  required  for  the  F-27.  An  aspect  ratio  A=12  was 
felt  to  be  achievable  provided  the  flutter  requirements 
could  be  met  without  significant  weight  penalties.  This 
could  be  safeguarded  by  providing  maximum  cross- 
sectional  area  in  the  wing  torsion  box.  Therefore 
maximum  airfoil  thickness  was  required  over  the  greater 
part  of  the  wing  span. 

Thus  a  happy  coincidence  occurred  between  the 
requirements  concerning  wing  weight  and  stiffness  and 
low-speed  high-lift  characteristics,  albeit  at  the 
expense  of  a  somewhat  higher  profile  drag. 

The  F-27  wing  is  defined  by  a  21%  thick  root  section 
and  a  15%  thick  tip  section.  As  a  consequence  at  the 
outer  end  of  the  flap  at  70%  half-span  the  wing  section 
relative  thickness  is  still  18%  .  Thus  on  average  over 
the  wing  part  covered  by  the  trailing-edge  flap  the 
relative  wing  thickness  is  20%  . 

The  governing  airfoil  sections  on  the  F-27  wing  are: 


NACA  64,  -  421  (mod  (root) 

NACA  64,  -  418  (mod)  (70%  half-span) 

NACA  64,  -  415  (mod)  (tip) 

The  selection  of  these  particular  sections  was  entirely 
based  on  a  analysis  of  available  windtunnel  test  data 
from  open  literature.  The  modifications  consisted  of 
straitening-out  the  cusps  on  the  rear  upper  surface. 


Vwiftiion  of  mftiimiim  toriinn  f>fl  nfw'fTinctit  wi<(»  Kirfoit 
thirknrM  r&tto  And  rnmbrr  for  Nveril  NACA  Airfotl  Ae«(ionii 

Fig.  I  Effect  of  airfoil  section  thickness  on  C^„a, 
(from  ref .  1 ) . 


Windtunnel  tests  for  the  analysis  and  optimization  of 
the  high-lift  characteristics  were  performed  on  two 
mode  1 s ; 

a.  A  complete  model  at  scale  1  :  15  measured  on  a 
six-component  external  mechanical  balance  at 
Re^  =  0.8  X  10®  and  M  =  0.12 

b.  A  two-dimensional  airfoil  section  model  with 
section  chord  C  =  600  mm  spanning  the  complete 
tunnel  test  section  between  the  side  walls  (tunnel 
width  =  3.00  m).  The  airfoil  section  was  NACA 
64,-421  (mod).  The  model  consisted  of  three  parts 
of  equal  span.  The  outerparts  were  fixed  to  turning 
tables  on  "‘e  tunnel  side  walls.  The  centre  part 
was  fitted  to  the  outer  parts  through  strain-gauge 
balances  with  which  normal  and  tangential  forces 
and  pitching  moments  could  be  measured.  This 
arrangement  was  supposed  to  minimise  the  effect  of 
lift  loss  near  the  tunnel  walls  due  to  flow 
separation  in  the  corners  between  model  surface  and 
tunnel  wall.  Additionally  drag  was  measured  with  a 
wake  rake  at  one  rake  position  for  the  majority  of 
tests.  Only  a  limited  number  of  pressures  were 
measured  with  a  wandering  static  tube  to  obtain 
data  for  loads  analysis.  Most  tests  were  performed 
at  a  Reynolds  Number  Re^  =  2.3  x  10°. 

For  the  analysis  of  the  flight  handling  characteristics 
separate  outer  wing  and  tail  surface  models  were  used 
to  obtain  detailed  control  surface  hinge  moment  data. 


Inially  both  the  complete  model  and  the  two-dimensional 
model  were  equipped  with  a  double-slotted  flap  with  a 
total  chord  equal  to  31%  of  the  section  chord,  with 
fixed  vane  and  a  fixed  point  of  rotation.  In  subsequent 
test  series  different  types  of  flap,  all  with  the  same 
total  flap  chord  were  Investigated  on  the  two- 
dimensional  model  (see  figure  2)  together  with  minor 
variations  in  the  shape  and  relative  position  of  flap 
and  vane  on  the  double-slotted  flaps  and  in  the 
location  of  the  fixed  rotation  axis.  Also  the  effect  on 
lift  and  drag  was  investigated  of  variations  in  the 
shape  of  the  lower  shroud  of  the  flap  cavity  on  the 
wing.  Furthermore  the  effect  of  flap  brackets  was 
investigated. 


Fig.  2  Flap  configurations  tested  on  the  F-27  2-0 
model . 


Representative  -  values  recorded  for  the  various 
flap  types  are  presented  in  the  table  below. 


Flap  no 

Flap  type 

Flap  setting 

Re, 

I 

Double-slotted, 
fixed  vane 

40  deg 

2.2  X 

10* 

2.80 

11 

Double-slotted 
fixed  vane 

50  deg 

2.2  X 

10" 

3.13 

in 

Compound  flap 

40/35  deg 

1.2  % 

10® 

3.76 

IV 

Fowler 

45  deg 

1.7  X 

10’ 

3.68 

Va 

Double-slotted, 
fixed  vane 

55  deg 

2.2  X 

lO’ 

3.3? 

Vb 

Oouble-slottod, 
fixed  vane 

SO  deg 

7.2  X 

10® 

3.27 

The  data  obtained  on  the  two-dimensional  model  led  to 
the  conclusion  that  the  use  of  the  compound  flap  would 
be  advantageous.  This  flap  was  a  double-slotted  flap  on 
which  the  front  and  rear  flap  were  of  roughly  equal 
chord  and  on  which  the  rear  flap  could  move  relative  to 
the  front  flap. 


which  made  it  superior  to  the  Fowler  flap.  Figure  3 
shows  lift  curves  for  the  double  slotted  flaps  with 
fixed  vanes  and  for  the  compound  flap  as  measured  on 
the  two-dimensional  model. 

The  compound  flap  was  then  tested  on  the  complete  F-27 
model  at  scale  1:15  and  showed  indeed  a  marked 
improvement  in  the  maximum  lift  coefficient  for 
landing.  This  is  illustrated  in  figure  4. 


Fig.  3  Lift  curves  for  four  flaps  tested  on  the  F-27 
2-0  model . 


When  the  first  F-27  prototype  started  test  flying  in 
November  1955  it  quickly  showed  to  have  less  than 
satisfactory  flight  characteristics.  In  particular  with 
large  flap  deflections  and  a  fair  degree  of  engine 
power  longitudinal  stability  including  the  flare 
characteristics  in  the  landing  were  considered 
unsatisfactory.  This  was  aggravated  by  shortcomings  in 
lateral  and  directional  control. 


This  flap  offered  not  only  a  very  high  maximum  lift  in 
the  landing,  but,  when  the  rear  flap  was  not  deflected 
thus  closing  the  second  slot,  low  drag  for  take-off 
conditions  could  be  realised.  Furthermore  this  flap 
allowed  the  use  of  a  fixed  hinge  and  offered  a 
reasonable  section  pitching  moment,  two  advantages 


After  only  a  limited  number  of  flights  it  was  therefore 
decided  to  fix  the  rear  flap  to  the  front  flap  in  the 
neutral  position  and  continue  flight  testing  with  the 
single-slotted  flap  configuration.  The  maximum  flap 
angle  became  thus  40  degrees. 
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Fig.  4  The  F-27,  windtunnel  model,  scale  1:15,  - 

Lift  curves. 

At  one  stage  in  the  flight  test  programme  in  1957 
stabilizer  effectiveness  with  leading-edge  roughness 
was  to  be  investigated  at  extreme  negative  stabilizer 
angles-of-attack.  As  the  leading-edge  de-icing  system 
contained  pneumatic  boots,  which  function  only  when 
some  ice  accretion  has  occurred,  a  limited  amount  o'" 
leading-edge  roughness  must  be  tolerable. 

Leading-edge  roughness  was  simulated  for  this  test  by 
the  application  of  bird-seed.  At  one  condition  with  the 
flaps  fully  deflected  the  aircraft  pitched  forward  at 
the  application  of  power  reaching  zero  g  and  plunging 
into  a  vertical  dive. 

Retracting  the  Flaps  and  closing  the  engine  throttles 
saved  the  situation. 

As  a  result  of  this  experience  the  inner  wing  flap 
extension  mechanism  was  altered  such  that  at  each  flap 
setting  the  deflection  of  the  inner  flaps  is  only  two- 
third  of  the  outer  flap  extension.  Thus,  the  maximum 
deflection  of  the  inner  flaps  on  the  F-27  is  26  deg. 
Also,  the  stabilizer  leading  edge  was  cambered  upward 
as  shown  in  figure  5.  These  two  measures  completely 
elimininated  the  possibility  of  negative  tailplane 
stall  over  the  complete  range  of  flap  settings, 
operating  speeds  and  power  settings  even  at  push-overs 
up  to  0.5  g. 

So  a  design  which  was  originally  intended  to  be 
equipped  with  very  effective  double-slotted  flaps  (the 
"compound  flap")  was  finally  certified  with  single- 
slotted  flaps  with  reduced  settings  on  the  inboard 
panels.  This  resulted  in  a  decrease  in  maximum  lift 
coefficient  of  15  percent  but  was  necessitated  by  the 
flight  handling  certification  requirements,  both  for 
all-engine  and  single-engine  flight. 

As  a  part  of  design  studies  into  possible  further 
development  of  the  F-27  flight  tests  were  performed  in 
1960  on  a  highly  modified  F-27  prototype.  The 
modifications  consisted  of: 

a.  The  reactivated  double-slotted  compound  flap  as 
used  during  the  very  first  flight.  On  the  inboard 
flaps  the  aft  flap  was  fixed  in  the  neutral 
position. 

b.  A  variabel-incidence  tailplane  mechanically  coupled 
to  the  flaps  such  that  with  flaps  retracted  the 


stabilizer  setting  i^  =  -1  deg  (stabilizer  nose 
down)  and  i^  =  ♦  3.5  deg  with  the  flaps  fully  down. 

c.  An  enlarged  elevator  with  modified  balance  nose  and 
a  spring  tab. 


Front  spar 


Fig.  5  F-27  horizontal  tailplane. 

Modified  leading-edge  for  production 
aircraft. 


Although  the  improvement  in  compared  to  the 
standard  aircraft,  as  predicted  by  the  windtunnel 
testdata  could  be  realized,  (figure  6)  the  flight 
handling  characteristics  were  still  considered 
unsatisfactory  and  no  further  development  work  was 
performed  on  this  configuration. 

So,  what  did  the  development  history  of  the  F-27  teach 
us  7  It  tought  us  that  for  a  medium-speed  propeller 
aircraft  design  for  high-lift  is  not  so  much  a  matter 
of  coming  up  with  an  efficient  flap  system  on  a 
suitable  airfoil  section  but  much  more  a  matter  of 
keeping  the  high  lift  literally  "under  control".  The 
combination  of  high-lift  and  high  engine  power  leads  at 
take-off  and  landing  speeds  to  very  high  propeller 
thrust  coefficients  with  associated  strong  adverse 
slipstream  effects  on  the  flight  characteristics  in 
pitch,  roll  and  yaw  both  in  all-engine  and  single¬ 
engine  flight.  Concerning  the  longitudinal 
characteristics  a  detailed  analysis  of  these  phenomenae 
is  presented  in  ref.  5 


Fig.  6  Maximum  lift  from  flight  tests  on  the  F-27 
prototype  equipped  with  the  compound  flap. 


The  basic  wing  sections  were  taken  from  open 
literature,  the  various  flap  sections  were  drawn  with 
available  French  curves  keeping  practical  experience  by 
others  in  mind  and  the  range  of  flap  gaps  and  overlaps 
to  be  investigated  in  the  windtunnel  were  again  taken 
from  open  literature  with  an  eye  on  acceptable  flap 
bracket  size  and  the  associated  flap  extension 
mechanism.  No  theoretical  design  tool  was  used  neither 
was  one  available  and  pressure  distributions  were  not 
considered  for  high-lift  design  . 

Still,  apart  from  the  measures  taken  because  of 
aircraft  control  considerations,  no  modifications  were 
required  on  the  flap  system  on  the  actual  aircraft. 
Also  no  tailoring  of  the  stall  characteristics  was 
required.  The  F-27  has  perfect  wing  stalling 
characteristics  without  any  protrusions  such  as 
leading-edge  stall  strips  or  fences. 

And  a  1-g  =  2.6  for  an  aircraft  with  single- 

slotted  flaps  and  "  3.05  for  an  aircraft  with 

double-slotted  flaps  are  still  respectable  numbers  even 
today. 

Obtaining  satisfactory  characteristics  on  the  basic 
F-27  over  the  complete  flight  envelope  for  the  manually 
controlled  elevator,  ailerons  and  rudder  took  however 
the  greater  part  of  a  two-year  development  and  flight 
test  programme.  (1955  -  1957) 


III  HIGH  LIFT  COMBINED  WITH  JET  SPEEDS  -  THE 
DEVELOPMEMT  OF  THE  HIGH-LIFT  CHARACTERISTICS 
OF  THE  F-2a  IfclOOO 


In  1961  design  studies  were  initiated  on  a  jet 
transport  aircraft  with  a  capacity  of  44  passengers, 
soon  to  be  increased  to  65  passengers,  and  cruise 
speeds  up  to  M  =  0.75.  This  aircraft  was  meant  to 
complement  or  succeed  the  F-27.  As  the  aircraft  was 
intended  for  the  lower  end  of  the  market  and  as  in  many 
cases  it  would  be  the  first  time  a  possibly  less 
experienced  airline  would  operate  jet  aircraft  it  was 
felt  that  optinwm  flight  handling  characteristics 
coupled  with  maximum  simplicity  in  the  aircraft  systems 
were  mandatory.  This  feeling  was  strengthened  by  early 
experience  with  the  Boeing  707,  Douglas  DC-8  and 
Caravel le  where  the  absence  of  slipstream  effects  as  a 
safety  factor  coupled  with  (on  the  first  two  mentioned 
aircraft)  less-than-optimum  control  characteristics 
lead  to  a  number  of  serious  incidents. 

Finally,  the  new  aircraft  was  to  have  a  field 
performance  comparable  to  that  of  the  F-27. 

The  new  aircraft,  the  Fokker  F-28  Fellowship  would  not 
be  bothered  by  adverse  slipstream  effects.  Instead,  a 
new  potential  problem  area  was  introduced:  transonic 
aerodynamics. 

At  Fokker' s  early  experience  had  been  gained  with 
transonic  aerodynamics  in  the  design  and  flight  testing 
of  the  S-14  Mach  Trainer. 

In  the  design  of  this  aircraft  transonic  tuck-under,  a 
nose-down  pitching  tendency  caused  by  flow  separation 
due  to  shockwave  -  boundary  -  layer  interac  tion  and 
exhibited  also  by  many  present  day  jet  aircraft  when 
flying  at  transonic  Mach-numbers,  had  been  prevented  by 
a  novel  design  approach. 

In  this  approach  it  was  reasoned  that  the  nose-down 
pitching  tendency  stemming  from  the  changing  pressure 
distribution  on  the  wing  once  this  flow  separation 
occurred  could  be  compensated  by  a  changing  downwash 
condition  at  the  horizontal  tailplane.  The  increased 
downwash  which  was  required  for  this  compensating 
aircraft  nose-up  pitching  moment  would  have  to  be 
caused  by  properly  positioned  additional  trailing 
vortices  from  the  wing.  This  required  that  the  initial 
flow  separation  with  its  associated  local  dip  in  the 


wing  spanwise  lift  distribution  occurred  at  a  spanwise 
position  just  outboard  of  the  tailplane  tips.  In  order 
tr  obtain  the  flow  separation  pattern  as  described 
above  the  airfoil  section  at  40  percent  naitspan  was 
made  thicker  than  the  root  and  tip  section. 

The  airfoil  sections  on  the  S-14  which  had  a  straight 
wing  were  of  the  British  RAF  EC-XX40  series  and  had  the 
following  thicknesses: 

root  12.1% 

40%  half-span  14.5% 
tip  12.0% 

As  the  S-14  had  a  negligible  tuck-under  tendency 
between  M  =  0.78  and  M  =  0.82  requiring  less  than  10  lb 
change  in  stick-force  over  that  small  speed  range  (see 
ref.  6)  the  principle  was  assumed  to  work. 

The  same  approach  was  followed  in  the  initial  design  of 
the  F-28. 

The  original  wing  design  of  the  F-28  had  zero  sweep  at 
the  40%  chord  line.  Again,  the  section  at  40  percent 
half-span  was  thicker  than  the  root  section.  The 
initial  windtunnel  model  demonstrated  however  a  larger 
than  expected  pitch-down  tendency  at  transonic  Mach- 
numbers,  possibly  due  to  the  high  horizontal  tailplane. 
In  subsequent  design  steps  the  wing  sweep  was  therefore 
increased  to  16  degrees  at  the  quarter-chord  line 
maintaining  the  concept  of  the  spanwise  thickness 
distribution  as  described  above.  In  its  final 
configuration  the  high-speed  pitching  characteristics 
were  so  much  improved  up  to  Mq  that  no  Mach-trim 
compensator  or  other  pitch-augmentation  system  was 
required  on  the  certified  aircraft. 

The  governing  sections  on  the  F-28  wing  have  the 
following  relative  thickness: 


root 

13.6% 

40%  ha  If span 

14.0% 

70%  halfspan 

10.5% 

tip 

10.0% 

Since  the  development  of  the  S-14  insight  in  airfoil 
section  characteristics  had  increased  in  two 
significant  area's: 

a.  Systematic  analysis  of  a  large  number  of  windtunnel 
test  data  had  indicated  that  basically  three  types 
of  airfoil  section  stall  could  be  distinguished: 

( ref .  7). 

trai ling-edge  stall 
leading-edge  stall 
thin-airfoil  stall 

Furthermore  it  was  established  that  the  type  of  stall 
was  to  a  large  extend  determined  by  the  leading-edge 
shape.  The  governing  parameter  was  the  ordinate  of  a 
point  on  the  upper  surface  at  1.25%  from  the  leading- 
edge  (ref.  8).  This  is  in  effect  the  combined  effect  of 
nose  camber  and  leading-edge  radius. 

This  coordinate  could  even  be  correlated  with  the 
maximum  lift  coefficient  at  a  given  Reynolds  number 
particularly  for  thinner  sections  with  little  camber. 

b.  Following  research  at  NACA  in  the  '30s  and  in 
Germany  during  World  War  Two  the  NACA  modified 
4-digit  airfoil  sections  were  shown  to  have 
superior  highspeed  characteristics  when  compared  to 
standard  NACA  4-  and  5-digit  series  and  the  later 
’aminar  flow  sections  such  as  the  NACA  6-series. 
NACA  modified  4-digit  sections  differ  from  the 
standard  4-digit  sections  in  their  location  of 
maximum  thickness  (40%  to  50%  chord  instead  of  30%) 
and  their  leading-edge  parameter  (=  leading-edge 
radius  '/chord). 

It  turned  out  that  at  a  given  lift-coefficient  and 
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relative  thickness  higher  drag  divergence  Mach 
numbers  could  be  achieved  when  the  leading-edge 
radius  was  larger  than  on  the  more  conventional 
airfoils. 

This  was  found  to  be  caused  by  the  way  the  initial  area 
of  supersonic  flow  on  the  section  upper  surface 
developed  with  increasing  Mach  number.  Whereas  on 
convential  airfoil  sections  at  cruise  lift  coefficients 
and  subsonic  Mach-numbers  the  upper  surface  pressure 
distribution  either  shows  a  slight  rearward  slope  from 
the  leading-edge  onwards  or  shows  maximum  super 
velocities  near  their  mid-chord  point  the  sections  with 
larger  leading-edge  radii  show  a  sharp  leading-edge 
suction  peak.  This  difference  causes  an  almost 
explosive  development  of  the  area  with  supersonic  flow 
on  the  conventional  airfoil  once  the  critical  Mach- 
number  is  surpassed  resulting  in  strong  shockwaves  and 
flow  separation.  On  the  NACA  modified  4-digit  series 
the  area  with  supersonic  flow  extends  gradually  from 
the  leading  edge,  often  with  a  degree  of  isentropic 
recorapression  and  ending  in  a  weak  shock  leading  to 
higher  drag  divergence  Machnumbers. 

So,  here  was  a  situation  were,  contrary  to  earlier 
days,  low-  and  high-speed  characteristics  were  not 
correlated  to  airfoil  sections  or  section  families  as 
a  whole  but  specific  characteristics  of  the  geometry 
and  the  pressure  distribution  could  be  correlated  with 
specific 

aerodynamic  characteristics.  These  discoveries  were  the 
first  step  in  the  development  of  a  process  in  which  the 
designer  obtained  the  possibilities  to  tailor  airfoil 
sections  to  his  own  specific  needs  instead  of  picking 
an  airfoil  section  from  a  catalogue. 

In  1962  18  airfoil  sections  were  thus  defined  by 

Fokker  and  tested  in  a  small  transonic  tunnel  at  NLR  at 
Reynolds  numbers  up  to  2.2  x  10.°.  In  figure  7  an 
overview  of  these  sections  is  presented.  Most  sections 
have  large  leading-edge  radii.  Sections  no  17,  18,  5 
and  6  were  used  in  defining  the  final  F-28  wing. 


Fig.  7  Transonic  airfoil  sections  tested  in  the  NLR 
High-Speed  Pilot  Tunnel. 


No  leading-edge  devices  were  envisaged  for  the  F-28. 
For  tie  trailing-edge  flaps  again  requirements  were 
formulated  for  very  high  maximum  lift  for  take-off  and 
landing  configurations  combined  with  high  lift-drag 
ratio's  at  take-off  and  landing  conditions  at  1.2Vj  and 
1.3  V,  respectively.  In  particular  for  the  landing  it 
was  considered  importarit  to  achieve  low  drag  as 


sufficiently  extra  drag,  if  required,  would  be 
available  from  rear-fuselage  speed  brakes. 

In  order  to  determine  the  most  suitable  flap 
configuration  for  the  F-28  a  two-dimensional  model  «as 
made  based  on  an  airfoil  section  which  came  very  close 
to  the  actual  wing  section  at  60  percent  halfspan.  The 
model  spanned  the  height  of  the  NLR  low-Speed  Tunnel 
(2m)  and  was  provided  with  a  large  number  of  pressure 
tappings.  The  model  could  be  provided  with  any  of  seven 
different  flaps  with  a  chord  of  32%  of  the  wing  chord. 
(See  figure  8).  The  model  chord  with  flap  retracted  was 
0.^0  ra  and  most  tests  were  performed  at  Re^.  =  2.8  x 

10  .  As  the  lift  and  the  pitching  moment  would  be 
determined  via  pressure  integrations  and  the  drag  was 
obtained  via  wake  rake  measurements  the  model  was 
directly  fixed  to  the  upper  and  lower  turning  tables  on 
the  windtunnel  floor  and  ceiling.  As  there  were  at  that 
time  no  provisions  to  remove  or  re-energize  the 
boundary  layer  on  the  tunnel  floor  and  ceiling  near  the 
model  considerable  flow  separation  occurred  at  high 
lift  in  the  corners  formed  by  the  tunnel  walls  and  the 
model  surface.  This  prevented  the  realisation  of  true 
two-dimensional  flow  to  a  considerable  extend  at  high- 
lift  conditions  resulting  in  considerable  distortion  of 
the  upper  part  of  the  C|  -  versus  -a  curv  s  for  the 
various  configurations  tested.  A  procedure  had 
therefore  to  be  defined  to  estimate  the  maximum  lift 
coefficient  for  each  test  for  the  equivalent  two- 
dimensional  flow  condition.  This  was  based  on  assuming 
a  near-linear  curve  up  to  the  angle-of-attack  tor  total 
flow  break  down.  (See  figure  9).  Tuft  investigations 
which  showed  that  in  irost  cases  leading-edge  stall 
occurred  justified  this  approach. 

A  detailed  comparison  was  made  for  the  various  flaps 
concerning  max imum  1  if t ,  1  if t-to-drag  rat io' s ,  pitching 
moment  and  sensitivity  to  flap  gap  flow  disturbances 
due  to  flap  bracketry  and  flap  suspension  mechanisms. 
This  led  to  the  choice  of  the  double-slotted  flap  with 
movable  vane  (flap  no  6)  as  the  most  suitable 
configuration  for  further  development.  Figures  10  and 

11  show  some  testdata  obtained  in  this  analysis. 


Fig.  8  Flap  configurations  investigated  during  the 
F-28  development. 


F)c.  9  Correction  procedure  applied  to  the  2-D 
testuota  during  the  F-28  development. 


as  upper  wing  shroud  trailing  edge  angles  and 
thicknesses  and  clearances  with  the  flaps  retracted, 
sealing  provisions  and  practical  roller  pat.s  and  flap 
track  shapes  were  considered  of  more  importance. 

Much  attention  was  also  paid  again  to  minimizing  drag, 
in  particular  for  the  take-off  flap  positions.  This 
resulted  in  the  adoption  of  movable  flap  shroud  doors 
(see  figure  12). 

Having  defined  the  flap  geometry  with  its  associated 
extension  path  two  complete  models,  equipped  with  the 
double-slotted  flap,  which  spanned  70  percent  of  the 
wing  span,  were  tested.  The  larger  one,  at  scale  1:12, 
in  the  NLR  low-speed  tunnel  (LST)  and  t  e  smaller  one 
at 

scale  1:20  in  the  NLR  High-Speed  Tunnel  at  M  =  0.19  at 
a  tunnel  pressure  of  4  atm.  These  tests  were  performed 
at  Reynolds  numbers  of  Re^  =  1.4  x  10°  in  the  LST  and 
Re^  =  1.0,  1.4  and  2.8  x  10.®  in  the  HST. 

Also  a  half  model  at  scale  1:12  was  investigated  in  the 
HST  at  Reynolds  numbers  up  to  Re^  =  5  x  10®.  On  this 
model  only  the  flow  separation  pattern  at  the  stall 
could  be  studied  as  a  function  of  Reynolds  number  as  no 
force  balance  was  fitted. 

In  the  performance  calculations  for  the  F-28  it  was 
assumed  that  =  1.5  for  the  clean  aircraft  and  C|_„ax 
=  2.5  for  the  aircraft  in  the  landing  configuration 
would  be  realised,  according  to  the  definition  of 
and  this  value  being  obtained  with  the  procedure  as 
described  in  the  certification  requirements, of  CAR  4b. 
Using  the  two-dimensional  data  with  the  classical 
Weissinger  extended  lifting-line  theory  and  using 
limited  available  data  on  Reynolds-number  effects  on 
maximum  lift  and  on  the  difference  between  1-g  and 
CAR  4b  (minimum  speed)  the  conclusion  was  that 

this  was  achievable.  At  that  time  (1961/'62)  t.  is  was 
seen  as  a  considerable  achievement  as  the  jet  a’rcrafi 
then  flying  (Boeing  707,  DC-8,  Caraveile,  Convair 
Coronado)  reached  C.^, -values  of  the  order  of  2,  even 
when  equipped  with  leading-edge  devices. 


Fig.  10  '^-28  -  2-D  maximum  lift. 


ODORS  HIMOE  10  FORM  * 

SHROUO  WHEN  THE  FLAP  IS  EXTENDED 


Fig.  11  F-28  -  2-D  pitching  moment  coeff icients. 


As  the  F-28  flap  was  assumed  to  be  fitted  on  roller 
tracks  far  more  freedom  was  available  to  define  optimum 
intermediate  flap  positions.  This  lead  to  a  much  larger 
test  programne  on  the  two-dimensional  model  for  the  F- 
28  than  on  the  corresponding  F-27  model.  Automated 
electronic  data  reduction  helped  much  however  to  keep 
the  test  period  within  acceptable  limits. 

Just  as  during  the  design  of  the  F-27  no  theoretical 
tools  were  used  in  the  design  of  the  various  flaps 
studied  for  the  F-28.  Again  French  curves  were  used  for 
defining  their  geometry.  Practical  considerations  such 


Fig.  12  F-28  -  Hinged  lower  surface  flap  shroud  doors 

for  minimum  drag. 


When  the  LST-  and  HST-models  were  tested  it  was  found 
that  the  expected  C^^ij-values  were  realised,  but  the 
stalling  characteristics  were  unacceptable  both  in 
pitch  (offering  too  little  resistance  to  achieving 
extreme  angles-of-attack  in  post-stall  conditions)  and 
in  roll. 

Concerning  the  latter  the  models  showed  tip  stall  at 
low  Re-numbers  and  a  sudden  flow  separation  over  the 
complete  wing  on  the  half-model  at  Re^.  =  5  x  10°, 
Clearly,  some  stall  control  device(s)  was  (were) 
required  to  initiate  stall  on  the  inboard  wing. 

On  both  the  complete  models  and  on  the  half-model  a 
number  of  wing  fences  were  tested  at  different/ 
spanwise  positions  alone  or  in  combination  with  inboard 
stall  strips.  Longitudinal  stability  at  the  stall  was 
clearly  improved  and  in  particular  on  the  half-model  at 
REj  =  5  X  10°  wing  stall  started  clearly  on  the  inboard 
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wing.  Ail  stall  control  devices  lowered  CLmax  by 
^Lmji  ■  -0.15,  however.  {Figure  13). 

So  came  the  time  that  the  stall  was  to  be  investigated 
on  the  prototype  aircraft  in  1967.  After  an  extensive 
flight  test  programme  aimed  at  obtaining  satisfactory 
handling  characteristics  combined  with  a  minimum  loss 
in  maximum  lift  a  configuration  was  frozen  with  a 
single  short  leading-edge  stall  fence  at  Wing  Station 
3784  (mm  from  the  fuselage  centre  line)  combined  with 
a  stall  strip  just  inboard  of  the  fence  the  size  of  a 
match  stick.  The  latter  is  there  to  ascertain  a 
consistent  flow  separation  behaviour.  The  stalling 
characteristics  are  such  that  no  stick-pusher  is 
required.  Figure  14  shows  the  various  -values 
measured  in  the  windtunnel  and  on  the  full  scale 
aircraft. 

Refs.  9,  10  and  11  present  more  details  on  the 
aerodynamic  development  of  the  Fokker  F-28  MklOOO. 
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Effect  of  fence  on  proqces'- 
Sion  of  flow  separation 

Fig.  13  Effect  of  stall  control  devices  on  maximum 
lift  and  flow  separation  pattern. 


Fig.  14  F-28  MKIOOO  -  maximum  lift  as  a  function  of 

Reynolds  number. 


So,  what  did  we  learn,  concerning  high-lift 
characteristics,  in  the  development  of  the  Fokker  F-28 
Fellowship  ? 


We  learned  the  following: 

a.  Wing  geometry  requirements  have  to  be  considered 
integrally,  for  both  high-speed  and  for  low-speed 
flight,  in  particular  when  no  leading-edge  devices 
are  used. 

b.  Tayloring  stalling  characteristics  both  in  roll  and 
in  pitch  has  to  be  considered  as  early  as  possible 
in  the  design  as  it  is  most  likely  to  affect 
maximum  lift  and  thus  aircraft  performance. 

c.  Good  handling  characteristics  in  combination  with 
minimum  lift  loss  can  only  be  determined  reliably 
in  windtunnel  tests  at  high  Reynolds  numbers. 

d.  For  reliable  windtunnel  testdata  details  of  the 
flap  mechanism  have  to  be  reproduced  faithfully  on 
the  model . 


IV  LEADIH6-E0GE  DEVICES 


As  part  of  continuing  efforts  to  increase  the 
versatility  of  the  F-27  a  study  was  started  in  1968  to 
analyse  the  potential  of  equipping  the  F-27  wing  with 
slats. 

A  windtunnel  test  was  performed  on  the  original  two- 
dimensional  model  used  in  the  F-27  development 
programme.  Apart  from  the  original  airfoil  section  two 
modifications  were  tested: 

a.  A  modified  leading-edge  section  with  a  larger 
leading-edge  radius  than  on  the  basic  section 
combined  with  some  leading-edge  camber. 

b.  A  leading-edge  section  equipped  with  a  slat. 

The  tests  showed  that  a  modified  fixed  leading-edge 
showed  only  limited  increase  in  notwithstanding 

the  increase  in  leading  edge  radius  whereas  the  slat 
could  improve  by  as  much  as  aC,.„  =  1.0  over  the 
complete  flap  range  (Figure  15). 


Fig.  15  Leading-edge  modification  and  slat  tested  on 
the  F-27  2-D  model. 


In  the  late  '60's  windtunnel  tests  were  performed  in 
the  NLR-LST  on  a  two-dimensional  model  equipped  with  a 
slat  and  a  single-  or  a  double-slotted  flap.  Two  slat 
shapes  and  three  main  component  leading  edge  shapes 
were  investigated.  The  second  single-slotted  flap  had, 
compared  to  the  basic  single  slotted-flap  a  smaller 
leading-edge  radius  and  consequently  a  stronger  upper 
surface  curvature. 


The  double-slotted  flaps  differed  in  their  design 
method.  The  first  flap  was  defined  entirely  on  an 
empirical  basis,  keeping  in  mind  some  inhouse 
formulated  design  rules  and  with  an  eye  on  seemingly 
succesful  vane  shapes  from  open  literature  (figure 
16).  The  total  flap  chord  was  30  percent  of  the  section 
chord.  The  other  double-slotted  flap  was  designed  on  a 
theoretical  basis.  The  total  flap  chord  of  this  latter 
flap  was  35  percent  of  the  section  chord. 

The  airfoil  section  chord  was  0.75  ra  leading  to  a 
maximum  test  Reynolds  number  Re  =  3  x  10“. 

The  various  components  investigated  on  this  model, 
indicated  here  as  model  A,  are  shown  in  figure  17. 
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This  considerably  improved  the  credibility  of  the  test 
data  and,  incidentally  had  also  proved  the  correctness 
of  the  correction  procedure  adopted  for  the  F-28  test 
data  mentioned  in  chapter  HI  (Figure  Ifi). 


rig.  18  Effect  of  tunnel  wall  blowing  on  lift  curves 
f-26  2-D  model,  Model  5-2. 


Fig.  17  High-lift  devices  tested  on  the  2-D  model. 
Model  A. 


Prior  to  the  design  of  the  model  under  consideration 
NLR  had  installed  a  boundary  layer  blowing  system  in 
their  low-speed  tunnel  which  produced  near-two- 
dimensional  flow  conditions  in  the  tunnel  test  section, 
also  at  very  high  lift  conditions.  (Ref.  12). 


The  tests  on  the  new  0.75  n  chord  model  which  consisted 
of  the  now  standard  integrated-pressures  tests  for  lift 
and  pitching  moment  and  wake-rake  measurements  for  drag 
were  performed  on  a  number  of  different  slat-main 
component-vane-flap  configurations  at  many  combinations 
of  gaps,  overlaps  and  deflection  angles. 

The  tests  produced  the  following  results: 

a.  The  two  single-slotted  flaps  produced  for  all 
practical  purposes  identical  maximum  lift  notwith¬ 
standing  the  differences  in  geometry. 

(Figure  19a). 

b.  Removing  the  "hook”  on  the  slat  lower  surface  did 
not  improve  the  slat's  high  lift  characteristics. 
(Figure  19b). 

c.  Decreasing  the  radius  on  the  main  component's 
leading  edge  had  no  effect  on  maximum  lift  unless 
the  leading  edge  radius  became  extremely  small. 
(Figure  19c). 

d.  The  three  double-slotted  flaps  (as  a  third  flap  the 
vane  of  the  first  flap  was  combined  with  the  other 
main  flap)  produced  practically  identical  maximum 
lift  if  the  difference  in  extended  chord  was  taken 
into  account. 

(Figure  19d). 

e.  The  routine  availability  of  detailed  pressure 
distributions  allowed  an  extensive  study  of  various 
flow  phenomenae  such  as  the  development  of  areas  of 
controlled  separated  flow  in  slat  and  flap  shroud 
cavities,  the  movement  of  stagnation  points  as  a 
function  of  configuration  parameters.  An  analysis 
of  boundary  layer  conditions  on  a  routine  basis  was 
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of  course  not  possible  with  the  available  test 
data. 


Fig.  19a  Effect  of  single-slotted  flap  shape. 


Fig.  19b  Effect  of  slat  shape. 


Fig.  19c  Effect  of  fixed  leading-edge  shape. 


Fig.  19d  Effect  of  double-slotted  flaps. 


Fig.  19  Windtunnel  test  data  from  Model  A  -  Lift 
curves . 


V  OEVELOPMENT  OF  THE  SLATTED  VERSION  OF  THE 
F-28  FELLOWSHIP.  THE  F-28  M(  6000 


As  the  Maximum  Take-off  Height  of  the  F-28  Mk  1000/2000 
had  increased  from  its  initial  design  value  of  54000  lb 
to  65000  lb  and  engine  thrust  had  not  changed,  a  need 
was  seen  to  improve  the  aircraft's  take-off  and  landing 
performance. 

Slats  seemed  to  offer  one  possibility. 

Therefore,  in  1970  a  study  was  initiated  to  analyse  the 
various  possible  ways  to  improve  the  F-28  field 
performance. 

This  resulted  in  the  definition  of  5  slat  shapes,  slats 
A  to  E,  to  be  investigated  on  the  two-dimensional  F-28 
model,  Model  5-2.  (Figure  20). 

These  slat  shapes  were  again  defined  without  any  use  of 
theory  but  under  consideration  of  some  design  rules 
based  on  previous  experience  such  as  minimum  slat 
trai 1 ing-edge  angle  for  stiffness,  sufficiently  long 
lower  surface  to  allow  for  stagnation  point  travel  with 
increasing  angle-of -attack,  etc.). 


F-aa  —  Model  5-2 


Fig.  20  Slat  shapes  investigated  on  the  F-28  2-0 
model . 


Some  significant  test  results  from  this  investigation 
are  presented  in  figures  21  and  22. 

The  most  important  conclusions  from  this  investigation 
were: 


Fig.  21  F-28  2-D  model  -  Lift  curves  for  various  slat 

settings. 


a.  Increasing  the  slat  chord  from  16%  c  to  19.5%  c  did 
not  increase  the  maximum  lift  coefficient.  (Both 
for  slats  D  and  E  when  compared  with  slat  A). 

b.  For  .iiaxiraum  lift  the  most  attractive  slat 
deflection  seems  to  be  25  deg.  with  a  fairly  wide 
gap  and  underlap. 

c.  Decreasing  the  slat  angle  and  slat  gap  and  underlap 
lowered  both  the  maximum  lift  and  the  drag. 

d.  At  low  lift  coefficients  their  is  no  smooth  flow 
through  the  slat  gap.  When  this  flap  condition 
occurs  the  lift  coefficient  drops  rapidly  and  the 
drag  increases  very  rapidly  at  decreasing 
angle-of-attack. 


a.  Effect  of  slat  setting  on 
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b.  Effect  of  Reynolds  number  on  . 


Fig.  22  F-28  2-D  model . 


The  testdata  from  these  2-D  tests  were  considered  of 
sufficient  interest  to  continue  investigations  on  a 
three-dimensional  model.  The  scale  1:12  F-28  LST- 
model  was  modified  in  1971  to  incorporate  slats  and 
tested  subsequently.  Initially  7  slat  positions  were 
investigated  on  this  model,  Model  8-5.  Slat  A  from 
the  2-0  tests  was  adopted  as  the  slat  shape  to  be 
investigated  resulting  in  an  unmodified  wing  shape 
with  the  slat  retracted.  These  initial  tests  produced 
two  surprises: 

a.  decreased  when  the  slat  angle  was  decreased 
from  25  to  15  degrees.  Improvement  of  the  wing 
root  fairing  shape  improved  significantly, 
however.  (Figures  23  and  24) 

b.  The  drag  increase  due  to  slats  at  take-off 
conditions  had  a  dramatically  high  level 
with  the  slat  angle  at  25  deg  and  was 
significantly  lower  at  slat  angle  =  IS  deg. 
(Figure  25). 

In  the  end  25  slat  positions  were  investigated 
before  it  was  accepted  that  additional  measures  had 
to  be  taken  to  arrive  at  acceptable  aircraft  lift- 
drag  ratio's. 

It  was  clear  that  the  large  number  of  slat  brackets 
(rails  on  the  real  aircraft),  simulated  bleed  air 
pipes  for  de-icing,  etc.  had  a  large  extra  drag 
contribution  but  this  could  not  explain  the  large 
effects  of  slat  angle. 

Clearly  some  three-dimensional  effects  affected  the 
flow  picture  to  a  considerable  extend  but  a  true 
explanation  could  not  be  found. 

Adopting  finally  the  slat  configuration  given  as 
position  no.  5  on  Model  8-5  the  additional  measure 
taken  to  obtain  the  desired  lift-drag  ratio’s 
consisted  of  a  wing  span  increase  (0.75  ra  span 
extension  at  each  tip.  This  configuration  was  then 
tested  in  the  NLR  Low-Speed  Tunnel  as  Model  8-7 
at  Rej.  =  1.4  X  10®,  in  the  High-Speed  Tunnel  as 
Model  6-4  at  Reynolds  numbers  up  to  Re^  =  2.8  x  10® 
and  on  the  F-28  halfmodel  Model  7-8  (which  since 
the  development  of  the  F-28  Mk  1000  had  been 
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equipped  with  a  5-con)ponerit  balance)  at  Reynolds 
numbers  up  to  Re^  =  5  x  10°. 

Apart  from  and  Ci^/Cq  at  take-off  and  landing 
conditions  tW  windtunnel  tests  on  these  models 
centered  on  two  other  design  requirements: 


Fig.  23  F-28  Model  8-5.  -  Effect  of  slat  angle  on 

C 


F-2(3  -  Mod.L  a-5 


Fig.  24  Effect  of  wing  root  fairing  shape  on  C, 


Fig.  25  Effect  of  slat  angle  on  drag  -  F-28 
Model  8-5. 


a.  securing  satisfactory  stalling  characteristics, 
both  in  roll  and  in  pitch.  Concerning  the  latter  in 
particular  post-stall  behaviour  required  attention. 

b.  Securing  undisturbed  engine  operation  at  high 
angles-of-attack. 

Stalling  characteristics  received  a  great  deal  of 
attention.  Many  different  devices  such  as  fences, 
stalling  strips, stall  promoters  and  spring  loaded 
closing  plates,  the  latter  partially  or  completely 
closing  the  inner  wing  slat  gap,  were  investigated 
at  different  Reynolds-numbers  on  the  various 
models.  Also  various  wing-root  fairing  shapes  were 
analysed.  The  best  compromise  between  a  high 
and  good  stalling  characteristics  was  thought  to  be 
obtained  with  the  fence  and  stall  strip  as  were 
present  on  the  Mk  1000/2000  and  a  small  stall 
promotor  when  the  slat  was  extended.  Also  the  wing- 
root  fairing  which  became  exposed  when  the  slat 
extended  had  to  be  tailored  carefully.  The 
possibility  of  the  need  for  a  stick-pusher  to 
prevent  a  locked- in  stalled  condition  was 
recognized  however. 

Proper  engine  operation  at  high  angle-of-attack 
became  questionable  when  it  was  noticed  that  at 
that  condition  a  strong  vortex,  springing  from  the 
inboard  slat  end,  entered  the  engine  intake.  Intake 
flow  analysis  with  the  aid  of  total  pressure  rakes 
showed  that  this  vortex  could  be  suppressed 
significantly  by  installing  a  Kruger-flap  between 
the  fuselage  and  the  slat. 
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when  the  full-scale  development  of  the  slatted 
version  of  the  F-28  under  the  designation  F-28 
Mk  6000  v<as  undertaken  (for  a  description  see 
ref.  13)  the  following  aerodynamic  configuration 
was  adopted: 

a.  It  was  based  on  the  F-28  Mk2000. 

b.  The  wing  span  was  increased  by  0.75  m  span 

extension  at  each  tip. 

c.  Wing  slats  were  adopted  with  a  single  extended 
position  for  both  take-off  and  landing  as  close 
as  possible  to  slat  position  no.  5  on  Model 
8-5/8-7,  given  minor  restrictions  from 
practical  considerations. 

d.  A  spring-loaded  stall  promotor  on  the  inboard 
wing  would  be  added.  This  decreased  the  slat 
gap  with  the  slat  in  the  extended  position. 

(F igure  26) 

e.  A  wing-root  Kruger  flap  was  added.  (Figure  26) 

f.  The  wing-root  fairing  at  the  leading  edge  was 
tailored  for  optimum  inboard  wing  separation 
control  near  the  stall.  This  affected  the 
pitching  moment  in  the  stall  in  a  positive  way. 
(Figure  24). 

g.  A  stick  pusher  would  be  developed. 


Further  windtunnel  tests  at  higher  Reynolds  numbers 
on  both  a  complete  model  (model  6-4)  and  on  a  half 
model  (Model  7-7/7-8)  showed  a  marked  effect  of 
Reynolds  number  on  the  drag  due  to  high  lift 
devices,  in  particular  at  lift  coefficients  of 
interest.  (Figure  27) 

When  the  prototype  F-28  Mk  6000  was  flight  tested 
we  were  in  for  a  new  surprise.  The  maximum  lift 
coefficient  at  full-scale  conditions  turned  out  to 
be  much  higher  than  estimated.  In  fact  it  was 
higher  than  considered  to  be  useful. 

Therefore  in  a  very  early  stage  of  the  flight  test 
programme  the  slats  were  slightly  retracted  on 
their  circular  tracks  from  15  deg  to  a  slat  angle 
of  13  degrees  in  an  effort  to  decrease  drag  at 
take-off.  The  maximum  lift  turned  out  to  be  hardly 
influenced  by  this  modification. 

Furthermore  both  stall  promotor  and  Kruger  flap 
turned  out  to  be  unnecessary.  Lateral 
characteristics  including  aileron  characteristics 
turned  out  to  be  excellent  up  to  extremely  high 
angles-of-attack.  Pitch  stability  in  the  stall  at 
extreme  aft  centre-of -gravity  position  was  small 
but  positive.  To  prevent  inadvertent  large  angle- 
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Fig.  27  Effect  of  Reynolds  number  on  drag  due  to 
slats 


of -attack  excursions  at  the  stall  with  very  course 
control  inputs  a  stick-pusher  was  installed. 
Figures  28  to  31  show  comparisons  of  some 
significant  parameters  as  measured  in  the 

windtunnel,  as  estimated  for  the  full-scale 
aircraft  and  as  derived  from  flight  tests. 

From  the  development  of  the  high-lift 
characteristics  Of  the  F-28  Mk  6000  the  following 
lessons  were  drawn: 

a.  Again  it  became  clear  that  small  details  on  the 

high- lift  devices  had  to  be  reproduced 
accurately. 

b.  Significant  three-dimensional  effects  can  occur 

in  the  flow  about  wing  slats  on  swept  wings, 
in  particular  concerning  drag. 
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Fig.  iS  F-28  MK6000  -  Lift  curves  of  the  LST  model, 
Model  8-7  and  the  HST  model,  Model  6-4. 


Fig.  29  F-26  MK6000  -  Full  scale  lift  curves  and 

maximum  lift. 
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Fig.  30  Effect  of  Reynolds  number  on  maximum  lift. 


c.  Tailoring  stalling  characteristics  of  an 

aircraft  equipped  with  slats  in  combination 
with  a  T-tail  requires  great  care.  Again 
windtunnel  tests  at  high  Reynolds  numbers  seem 
mandatory. 

d.  Significant  Reynolds-number  effects  may  still 

occur  above  Re^  =  5  x  10®. 


« 


Fig.  31  Lift-drag  ratio's  with  extended  High-Lift 
devices. 


V  HIBH-LIFT  CHARACTERISTICS  OF  ADVANCED  TRANSONIC 
AIRFOILS 


a.  AIRFOIL  SECTIOHS 

In  1968  Nieuwland  and  Spee  at  NLR  published  their 
results  that  proved  both  mathematically  and 
experimentally  that  transonic  flow  with  complete 
isentropic  recompression  existed  as  a  stable  flow 
condition. 

To  define  airfoil  sections  for  the  windtunnel 
investigation  a  design  method  was  developed  at  NLR 
based  on  nodograpn  tncury.  nlih  this  .oct.h./''  »  -eries 
of  so-called  quasi-elliptical  airfoil  sections  were 
developed.  Initially  only  symmetrical  airfoil 
sections  were  developed.  In  later  years  also  cambered 
airfoils  were  designed  with  this  method  although  this 
was  a  cumbersome  process.  The  first  cambered  airfoil 
was  NlR  7101  with  14.1  percent  relative  thickness 
followed  in  1973  by  NLR  730!  with  16.5  percent 
relative  thickness.  As  these  sections  had  very  thic'., 
leading  edges  it  was  decided  to  analyse  the  high-lift 
characteristics  of  section  NLR  7301  with  a  number  of 
high- lift  devices  in  what  became  in  the  end  an 
extensive  test  programme  lasting  from  1974  to  1977. 
The  tests  v<ere  performed  in  the  NLR  3x2m  Low  Speed 
Tunnel  on  a  model,  spanning  the  tunnel  from  floor  to 
ceiling,  having  a  chord  =  0.570  m  giving  a  maximum 
Reynolds  no.  =  2.6  x  10°.  Wall  blowing  was  applied. 
The  slat  and  flap  configurations  investigated  are 
shown  in  figure  32. 

Lift,  pitching  moment  and  drag  were  again  obtained 
through  static  pressure  integration  over  the 
component  surfaces  and  through  wake  rake 
measurements.  In  the  latter  3  wake  profiles  were 
measured  for  each  data  point.  Some  maximum  lift  data 
are  presented  in  figures  33  and  34. 

Note  that  with  the  double-slotted  flap  with  movable 
vane  a  =  5.00  was  reached  when  a  slat  was 
fitted. 


Fio.  32  Hiah-lift  devices  testes  on  section 

NLR  7301. 


Fig.  33  Airfoil  section  NLR  7301.  -  some  maximum  lift 
data. 
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The  results  obtained  in  these  tests  clearly  indicated 
that  higher  C^^j-values  could  be  obtained  than  on 
earlier  sections  investigated.  The  thick  leading 
edges  to  which  this  was  attributed  presented  a 
problem  for  high-speed  flight  however.  Although  the 
pressure  distribution  adopted  had  in  theory  zero  wave 
drag  at  the  design  condition  low-Reynolds-number 
tests  showed  a  considerable  drag  creep  at  Mach 
numbers  below  the  design  Mach  Number.  Some  tests  were 
performed  at  the  Lockheed  CFF  facility  up  to  Re^  =  30 
X  10“  which  showed  that  at  higher  Re-numbers  the 
drag  creep  did  decrease.  Today,  this  can  also  be 
calculate(i  with  Drela's  programme  ISES  (ref.  14). 
(See  figure  35). 


Fig.  35  NLR  7301  -  Effect  of  Reynolds  number  on  drag 
creep  at  high  Mach  numbers. 


In  1977  however  it  was  felt  that  a  high  peak  Mach- 
number  (M,o^i  »  1.30)  in  the  supersonic  flow  region 
near  the  nose  of  the  section  would  introduce  the 
unacceptable  risk  of  a  large  transonic  drag  creep. 
Therefore  new  sections  were  designed  which  produced 
lower  peak  Mach-numbers  near  the  leading-edge  in  the 
design  condition.  This  led  to  lower  leading-edge 
radii.  One  such  section  was  NLR  7703.  In  order  to 
investigate  the  effect  of  this  thinner  leading  edge 
a  modification  was  performed  on  the  LST-model 
changing  the  section  to  a  quasi  NLR  7703  section 
indicated  as  NLR  7703  Mod. 

Figure  36a  shows  the  new  section.  The  larger  chord  (c 
=  0.677  m)  leads  to  a  maximum  Re^  -  3.1xlo“. 


Fig.  36  2-D  mope’s  r-pr-  '*:  .u-,  .e; 

be'.meer  ;9'6  anc  ; -K. 


This  configuration  was  investigated  in  1978  ind  1980. 
Because  of  the  large  spanwise  variations  in  draij 
found  in  earlier  tests  the  drag  measurements  on 
section  NLR  7703  Mod  were  based  on  wake  profiles 
measured  at  8  spanwise  stations.  In  figure  37  some 
maximum  lift  data  are  presented  in  tomparison  with 
data  from  section  NLR  7301. 

A  second  modification  with  an  even  smaller  leading 
edge  radius  was  also  investigated  with  a  slat  in 
1980.  'his  configuration,  Model  F-29-16  is 
illustrated  in  figure  36b. 

Finally  in  19S1  a  two-dimens iona I  model,  F-29-12  was 
designed  based  on  the  same  section  as  Model  F-29-15 
but  with  a  30  percent  double-slotted  flap.  This  mode! 
was  intended  for  high  Reynolds-number  investigations 
at  varying  Mach-numbers  in  the  NLR  High-Speed  Tunnel 
(HST).  Reynolds  numbers  between  Re,,  =  1.8  x  10”  and 
7.0  X  10°  could  be  obtained. 

Lift,  pitching  moment  and  drag  were  obtained  in  the 
same  way  as  in  the  LST. 

The  airfoil  section  with  its  high-lift  devices  are 
shown  in  figure  36c.  Some  test  data  are  presented  in 
figure  38. 


Apart  from  overall  data  this  test  produced  insight  in 
the  effect  of  specific  details  in  the  flow  such  as 
the  effect  of  Mach-number  and  Reynolds-number  on  the 
maximum  local  Mach-number  at  the  leading-edge  suction 
peak.  As  an  example  figure  39  is  presented. 

Throughout  the  period  described  in  this  chapter  slat 
and  flap  shapes  were  determined  empirically  based  on 
previous  experience. 

Finally,  in  the  second  half  of  the  1980's  Fokker  has 
participated  in  a  GARTEUR  high-lift  research 
programme. 
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b.  AIRCRAFT  CONFIGURATIONS 

Between  1975  and  198?  an  exteniive  research  and 
development  programme  concerning  a  successor  to  thr 
F-28  was  executed  in  the  Netherlands,  fhe  programme 
started  with  a  windtunnel  investigation  both  on  two- 
and  on  three-dimensional  models  to  analyse  thi* 
aerodynamic  characteristics  and  the  associated 
possible  economic  benetits  of  the  newly  developed 
advanced  transonic  airfoils.  Nieuwland  and  Spee, 
Garabedian,  Korn  and  Bauer  and  later  Jameson  had, 
together  with  a  number  of  British  researchers  and 
helped  by  the  advances  in  digital  computer  technology 
in  the  mid-seventies  made  it  possible  to  design 
airfoils  with  a  considerable  area  of  supersonic  flow 
on  the  upper  surface. 

Transonic  pressure  distributions  were  not  entirely 
new.  Aircraft  such  as  the  Douglas  DC-8,  DC-9,  DC-10, 
Lockhead  C-141  and  L-1011,  De  Havilland  Trident  and 
Vickers  VC-10  Boeing  737  and  747  and  Fokker  T-28  and 
even  the  later  versions  of  the  Boeing  707  at  high 
weight  had  local  areas  of  supersonic  flow  terminated 
with  a  weak  shock  on  their  wing  upper  surface  at 
cruise  conditions  (see  ref.  15).  The  developments 
just  mentioned  allowed  however  to  extend  the  area  of 
supersonic  flow  to  at  least  50  percent  of  the  wing 
chord  over  most  of  the  wing  span  in  a  controlled 
design  process  eliminating  much  of  the  earlier  cut- 
and-try  approach.  This  allowed  either  a  thicker  wing 
with  higher  aspect  ratio  or  a  thicker  and  lighter 
wing  or  a  higher  wing  loading. 

As  the  Fokker  company  concentrated  historically  on 
the  short- to-medium  haul  market  and  field 
performance  was  felt  t  .  be  as  important  as  cruise 
performance  the  possibility  to  increase  wing 
thickness  was  considered  to  be  of  greater  benefit 
than  increasing  wing  loading  and  thus  design  lift 
coefficient.  Thus  the  initial  wing  designs  were  based 
on  the  experience  obtained  with  airfoil  sections  such 
as  NLR  7301  of  16.5  percent  relative  thickness  as 
described  in  the  first  part  of 


this  paragraph.  In  the  course  of  the  aircraft 
development  process  v<hich  went  from  a  highly  modified 
F-28,  the  Super  F-28  via  the  F-29  to  the  McDonnell 
Oouglas-Fokker  MDF-IOO  a  gradual  shift  in  the  balance 
between  cruise  and  field  performance  led  to  wing 
designs  which  became  tninner  with  less  blunt  leading 
edges.  As  an  illustration  figure  40  presents  a  three- 
view  drawing  of  the  F-29  at  a  certain  stage,  project 
P-325  from  January  1980.  This  trend  in  wing  design 
history  found  its  parallel  in  the  development  of  the 
airfoil  section  models  including  their  high-lift 
devices  as  mentioned  before. 
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The  following  table  illustrates  the  development 
history  as  characterised  by  a  number  of  design 
parameters  for  each  high-speed  model  wing. 


'fear 

Cun^  >ete 

Windtunr«' 

model 

Aspect 

Q^tio 

w  ing 

s»»eep 

(t/c) 

K  ink 

(X) 

"oEt, 

'0£S 

1975. 

SKV-1 

8.0 

20  deg. 

16.0% 

0.75 

0.45 

1976 

SKV-2 

8.0 

20  deg. 

16.0% 

0.75 

0.45 

1977 

5KV-3 

11.0 

16  deg. 

0.745 

0.45 

1977 

SKV-4 

8.0 

20  deg. 

16.0% 

0.75 

0.45 

1978 

SKV-5 

11.0 

16  deg. 

15.0 

0,75 

0.45 

1979 

SKV-5  hod-T3 

n.o 

16  deg. 

15.0% 

0.75 

0.45 

1979 

SKV-6 

11.0 

21  deg. 

13.4% 

0.75 

0.5? 

1960 

SKV-8 

11.0 

21  deg. 

13.4% 

0.75 

0.52 

1980 

F-29-1 

10.0 

21  deg. 

13.5% 

0.75 

0.55 

1981 

f-?9-2 

10.0 

21  deg. 

12.9 

0.75 

0.55 

1981 

F-29-3 

9.8 

23.5  deg. 

12.9 

0.77 

0.55 

1981 

F-29-4 

10.0 

21  deg. 

12.5 

0.77 

0.55 

1981 

f-29-5 

lO.O 

23  deg. 

12.4 

0.77 

0.55 

1982 

F-29-19 

10.8 

23  deg. 

!2,0 

0,77 

0.55 

Furthermore  three  half  models  were 

tested  in  t 

he  KST 

to 

analyse  Re 

-  no  effects. 

Hodel 

Basic 

Max 

test 

Max. 

test  ( 

designation 

vflng  shape  Re-Ko  at  N  <• 

0.19  Re-no  at  H 

-0^ 

SKV-&I1 

SKV-5  4 

9  X  10* 

10 

X  10" 

SKV-7  (-1  to  - 

6)  SKV-3  3.6  X  10* 

- 

r-^9-l0(-i  to 

-6)  f-29-2  5.0  X  10* 

10 

X  10" 

To  investigate  low-speed  characteristics  three 
complete  low-speed  models  were  produced  for  the  NlR 
Low-Speed  funnel  (LSI).  These  models,  tested  at 
Re,.  =  1.0  X  10“  were: 

a.  SKV-LST-1,  with  the  wing  shape  Skv-J 

b.  SKV-lST-2,  basically  identical  to 
model  SkV-LST-l  but  with  a 
modified  inner  wing  resembling  that 
of  wing  SKV-5. 

c.  SKV-LST-3  based  on  wing  shape  SK.V-6. 

In  figure  41  the  three  wing  planforms  are  presented. 
Figure  42  shows  the  overall  shape  of  model  5KV-iS’-l. 

All  three  models,  tested  in  1977,  1978  and  1979  could 
be  equipped  with  slats  and  double-slotted  (tabbed 
Fowler  type)  flaps,  the  latter  spanning  754  of  the 
wing  span.  Slat  and  flap  positions  could  be  varied. 
Furthermore  aileron  power,  many  different  spoiler- 
panel  configurations,  engine  positions  both  on  the 
rear-fuselage  and  under  the  wing  were  analysed. 
Stalling  characteristics,  both  in  pitih  and  roll  were 
also  investigated.  (All  three  models 
had  a  T-tail). 


Mcid«l  SXV-LST-l 


Model  SXV-IST-J 


Model  SK.Vlsr-3 


Fig.  41  Wing  plan'orms  of  models  SKV-cST-j,  -2,  -3. 


The  effect  of  Reynolds-no  variation  on  the  low  speed 
characteristics  of  model  SKV-LST-3  was  analysed  by 
testing  the  actual  left-wing  of  this  model  at  high 
Reynolds-number  as  a  halfmodel  in  the  HST  tunnel  of 
NLR.  This  model,  designated  SKV-7  could  also  be 
tested  in  combination  with  a  blown  nacelle.  This 
allowed  the  analysis  of  engine-airframe  integration 
effects  including  the  measurements  of  static  and 
dynamic  flap  pressures. 

The  test  set-up  of  model  SKV-7  with  blown  nacelle  has 
been  described  in  ref.  16.  In  this  test  the  nacelle 
plus  pylon  and  strut  (through  which  high-pressure  air 
wa":  fed)  was  physically  isolated  from  the  wing.  The 
wing  was  fitted  on  the  5-component  balance.  Engine 
strut  and  halfmodel  were  coupled  however  outside  the 
tunnel  test  section  so  the  combined  structure  could 
be  set  at  varying  angle-of  attack.  (Figure  43) 
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Fig.  44  Comparison  of  lift  curves  from  halfmodel  and 
complete  model  testing. 


Finally  in  1981  and  1982  the  models  F-29-1  (figure 
45)  and  F-29-2  (the  latter  without  slats)  were  also 
tested  in  low-speed  configurations,  both  with  a 
fuselage-mounted  horizontal  tail  and  with  a  T-tail. 
The  low-speed  wing  characteristics  of  mode!  F-29-2 
were  checked  at  high  Reynolds-numbers  on  the 
halfmodel  Model  10.  In  its  later  configuration  this 
model  was  also  investigated  with  a  slat  and  a  wing 
leading-edge  shape  closely  resembling  that  of  Model 
F-29-5. 

In  figure  46  tail-off  is  presented  as  a 
function  of  Reynolds  number  and  flap  and  slat  setting 
for  a  number  of  models. 
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Fig.  43  Half  model  testing  with  blown  nacelle. 


Fokker  has  in  general  good  experience  with  the  use  of 
halfmodels  (figure  44  is  given  as  an  example).  For 
accurate  data  an  extensive  matching  procedure  is 
required  however  (see  ref.  17). 


Fig.  45  F-29  -  Model  29-1. 


based  on  initial  experienr  with  the  2-0  NLR  7301 

model.  These  initial  2-0  tests  suggested  that  the 

optimum  slat  position  would  be: 

slat  angle  15  deg 

slat  gap  3.5%  local  wing  chord 

slat  overlap  -1.5%  local  wing  chord 

As  figure  47  shows  this  produced  an  impressive 

=3.64  for  landing  at  Re^  =  I  x  10“. 

After  more  extensive  tests  on  the  2-0  model  the 

conclusion  was  reached  that  a  better  slat  position 

would  be: 

slat  angle  10  deg. 

slat  gap  2.5%  local  wing  chord. 

slat  overlap  0 

This  slat  position  was  investigated  on  mode'  SKV- 
LST-2.  Contrary  to  our  expectations  this  litter 
model,  which  had  an  identical  geometry  as  model 
SKV-LST-1  except  for  the  inner  wing,  showed  for  all 
configurations  a  much  lower  than  the  previous 
model:  for  landing  =  3.3b  was  obtained 

(Figure  48).  Due  to  the  snarper  leading-edge 
is  even  lower  (C|^„a,  =  3.26)  on  model  SKV-LST-T 
(Figure  49). 


Fig.  47  Lift  curves  of  model  SKV-LST-1. 


The  investigations  into  the  high-lift  characteristics 

of  advanced  transonic  airfoils,  both  for  2-0  and  in 
3-D  configurations  tought  us  the  following; 

1.  Modern  transonic  airfoil  sections  can  combine 

good  high-speed  characteristics  with  high 
maximum-lift  for  take-off  and  landing 
conf igurations. 

2.  In  particular  for  high  design  cruise  Mach-numbers 
and  lift  coefficients  a  very  strong  interrelatir  i 
exists  between  these  design  cruise  parameters  a: d 
the  achievable  high-lift  characteristics.  Leading- 
edge  and  trai ling-edge  shapes  depend  heavily  on 
design  cruise  condition. 

3.  Reynolds-number  does  not  only  affect  overall 
characteristics  such  as  lift,  drag  and  pitching 
moment  but  also  optimization  procedures  such  as 
finding  the  optimum  slot  shape  for  slats  and  flaps. 
This  is  illustrated  in  the  following  example: 

Slat  and  flap  conf igurations  for  take-off  and 
landing  had  been  determined  for  Model  SKV-LST-1 


A  careful  analysis  of  the  2-0  data  showed  that  at 
Re,.  >  1  X  10°  the  smaller  slat  gap  gave  indeed 
higher  increases  in  maximum  lift  than  the  large 
gap.  At  the  lower  Reynolds-numbers  (and  this  is 
where  the  wing  tip  region,  which  stalled  first, 
operated  at  in  the  windtunnel)  the  large  gap 
produced  higher  maximum  lift  values  (figure  50). 

This  means  that,  had  the  configuration  of  model 
SKV-LST-1  been  investigated  at  higher  Reynolds- 
numbers  the  increase  in  had  been  considerably 
lower. 

Similar  Reynolds-number  effects  were  noted  when  a 
"droop  leading-edge"  was  investigated  on  model 
F-29-10.5  (Figure  46). 

These  results  and  data  from  tests  with  deflected 
slats  without  a  slat  gap  suggest  that  for  sections 
with  relatively  thick  leading-edges  and  on  wings 
with  a  moderate  sweep  angle  these  high- lift  devices 
are  not  very  effective. 


Fig.  48  Lift  curves  of  model  St(V-LST-2. 


Fig.  49  Lift  curves  of  model  SKV-LST-3. 
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Fig.  50  Effect  of  Re-no  on  increase  in  maximum  lift 
due  to  slat  extension. 


4.  Engines  fitted  under  the  wing  can  be  effectively 
used  to  control  flow  separation  patterns  at  wing 
stall.  Provided  that  great  attention  is  paid  to 
details  of  the  pylon-s lat-leading  edge  intersection 
the  loss  in  lift  can  be  made  negligible.  (Figure 
51).  The  latter  used  to  be  a  strong  argument  for 
rear-fuselage  engine  positions  in  the  past. 

5.  A  large  number  of,  sometimes  interrelated,  design 
parameters  have  to  be  considered  when  choosing  and 
optimizing  highlift  configurations  (See,  for 
example  figure  52  which  shows  the  engine  nacelle 
drag  to  be  a  function  of  both  lift  coefficient  and 
flap  setting  when  the  nacelle  is  mounted  under  the 
wing. 

6.  As  in  the  windtunnel  development  of  the  F-28 

Mk  6000  a  strong  interrelation  was  found  between 
increases  in  maximum  lift  and  in  drag  for  various 
slat  configurations  (Figure  53). 


Fig.  51  Effect  of  slat  cut-out  on  stall  pattern  and 
maximum  lift. 
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Fig.  53  Effect  of  slat  setting  on  low  speed  drag. 


VI  THE  HIGH-LIFT  DEVELOPMEMT  OF  THE  FOKKER  50  AMD 
FOKKER  100 


a.  THE  FOKKER  50 

The  design  studies  on  the  Fokker  50  (as  on  the  Fokker 
100)  started  in  1982.  The  Fokker  50  was  to  be 
equipped  with  Pratt  and  Whitney  PW  125  engines 
producing  2500  shp  in  take-off  and  go-around  (10 
percent  more  than  the  most  powerful  Rolls-Royce  Dart 
engine  on  the  F-27)  and  with  new  propellers.  In  order 
to  obtain  maximum  insight  in  the  stability  and 
control  characteristics  of  the  ?ircraft  at  the 
highest  propeller  thrust  coefficients  a  1  :  5  scak- 
windtunnel  model  with  a  wing  span  of  5.40  m  was  built 
and  tested  in  the  Dutch-German  Hindtunnel  DNW  in  the 
8  X  6  m  test  section  at  Reynolds  numbers  up  to  Re^-3.2 
X  10°.  The  model  was  equipped  with  turbine-powered 
simulators  driving  variable-pitch  propellers  through 
a  2.7  :  1  reduction  gear  box. 

In  an  aerodynamic  sense  wing  and  flap  systems 
remained  identical  to  those  on  the  F-27.  These  tests 
provided  detailed  insight  in  the  flow  conditions  at 
the  tail  at  high  thrust  coefficients.  Also  tests  with 
modified  elevator,  rudder  and  ailerons,  the  latter 
now  equipped  with  hornbalances  showed  that  the 
improvements  sought  could  be  realised.  Flight  tests 
were  performed  in  two  stages.  On  an  old  F-27  bought 
by  Fokker  for  experimental  purposes,  the  modified 
control  surfaces  were  investigated.  On  the  two  Fokker 
so  prototypes  the  overall  performance  and  flight 
handling  characteristics  were  analysed. 

Overall  the  flight  test  results  wei  e  in  accordance 
with  predictions.  Maximum  lift  coefficients  and 
stal .  '“-aracteristics  of  the  f-27  were  repeated  or 
slightly  ...proved  upon,  again  without  the  use  of  any 
stall  control  device.  The  only  difference  in  this 
respect  (apart  from  different  take-off  flap  settings) 
is  the  decrease  in  maximum  flap  deflection  from  40 
deg  on  the  F-27  to  35  deg  on  the  Fokker  50. 

The  flight  handling  characteristics  in  roll  and  yaw 
were  improved  compared  to  the  F-27  but  to  obtain 
satisfactory  longitudinal  handling  characteristics 
over  the  desired  c.g.  range  a  "smart"  bungee  was 
developed  which  applies  a  constant  force  in  the 
longitudinal  control  system  the  height  of  which  is 
dependent  on  engine  power  and  flap  setting. 

As  on  the  F-27  not  performance  but  flight  handling 
provided  the  biggest  challenge  at  high  lift 
conditions. 


b.  THE  FOKKER  100 

The  aerodynamic  development  of  the  Fokker  100  was 
described  in  ref.  18. 

In  order  to  obtain  an  early  insight  in  the  effect  of 
the  proposed  leading-  and  trailing  edge  modification 
to  the  F-28  wing  which  would  lead  to  the  Fokker  100 
wing,  the  old  2-D  F-28  model,  Model  5  was  modified 
again  and  tested  in  the  NLR  Low  Speed  Tunnel  in 
Amsterdam  as  Model  5-3.  Figure  54  shows  the 
improvement  obtained  compared  to  the  F-28  both  for 
the  clean  section  and  for  the  high-lift 
conf igurations.  This  figure  also  presents  some 
theoretical  predictions.  As  in  the  mean  time 
theoretical  prediction  methods  (covered  in  the  next 
paragraph)  had  improved  considerably  these  were  for 
the  first  time  used  in  the  actual  design  process  not 
only  for  the  2-D  analysis  but  also  on  the  complete 
wing  in  the  clean  configuration.  The  analysis  of  the 
spanwise  distribution  of  leading-edge  suction  peak 
with  increasing  angle  of  attack  helped  to  predict  the 
initial  stalling  characteristics  (Figure  55).  The 
agreement  between  predicted  and  actually  achieved 


full-sr.ale  maxinum  lift  is  excellent.  However,  again 
a  I'*'  hy  flight  test  programne  was  required  to 
obtain  the  best  fence  and  stalling  strip  location  for 
an  optimum  balance  between  performance  and  flight 
handling  characteristics,  the  latter  including  tail 
buffet  in  the  stall.  The  certified  -values  for 
all  flap  settings  is  presented  in  figure  56.  Note  the 
high  -values  available  for  take-off 
notwithstanding  the  absence  of  a  slat. 


Fig.  54  Fokker  100  -  Improvement  in  2-0  maximum  lift. 
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Fig.  55  Fokker  100  -  Development  of  the  spanwise 
distribution  of  the  leading  edge  suction 
peak. 


0  10  M  30  «  so 


‘f 

Fig.  56  Fokker  100  -  Certified 


VII  THE  PREOICTIOII  OF  HIG 
-  THE  BOLE  Of  THEORY 


CHARACTERISTICS 


Computational  fluid  dynamics,  {and,  in  the  days  before 
the  digital  computer,  aerodynamic  theory)  can  be 
divided  into  two  working  area's: 

I.  The  mathematical  description  and  analysis  of  a 
given  situation  concerning  a  body  moving  in  a 
fluid. 

II.  The  determination  of  the  limits  of  validity  of  the 
description  and  analysis  of  this  particular 
situation. 

The  first  area  concerns  for  example  the  attached  flow 
about  a  wing  section  at  a  given  angle-of-attack  or  the 
stable  leading-edge  vortex  flow  on  a  sharp-edged 
slender  delta  wing. 

The  second  area  concerns  the  boundary- layer  separation 
on  a  two-dimensional  airfoil  at  reaching  C.„j,  or  the 
vortex  bursting  on  the  sharp-edged  slender  delta. 

Pressure  distributions  and  boundary- layer  conditions  in 
attached  flow  have  been  analysed  since  t.ie  ua  n  of 
aviation.  Analysis  of  controlled  vortex  flow  started  in 
1940  by  Jones  at  NACA. 

The  determination  of  boundary  layer  separation  on  two- 
and  certainly  on  three-dimensional  bodies  on  a 
theoretical  basis  led  to  meaningful  results  only  in 
fairly  recent  times.  This  is  notwithstanding  the  fact 
that  for  aircraft  design  this  matter  is  of  equal 
importance  as  the  detailed  analysis  of  an  aircraft's 
characteristics  in  attached  flow. 

The  explanation  lies  of  course  in  the  far  greater 
complexity  of  three-dimensional  boundary- layers  in 
adverse  pressure  gradients  than  of  potential  flow.  A 
fundamental  theoretical  principle  such  as  the 
description  of  potential  flow  through  sinks,  sources, 
dipoles  and  vortices  is  still  lacking  in  boundary  layer 
theory  notwithstanding  the  great  effort  being  put  in 
turbulence  modelling. 

For  wings,  or  even  airfoil  sections,  equipped  with 
flaps  and/or  slats  even  the  calculation  of  detailed 
pressure  distributions  and  local  boundary- layer 
conditions  with  attached  flow  has  not  yet  reached  the 
desired  degree  of  accuracy  let  alone  their  integration 
into  lift,  drag  and  pitching  moment. 


For  practical  design  purposes  purely  theoretical 
methods  for  high-lift  design  contain  therefore  still 
too  high  a  degree  of  uncertainty.  However,  mixed  with 
a  proper  degree  of  empiricism  they  become  very  useful 
tools,  if  not  in  producing  the  final  answer  than  at 
least  in  guiding  the  way  to  the  optimum  design 
solution.  But,  perhaps  even  more  important,  in  the  case 
of  high  lift  devices  theory  has  provided  insight  in  the 
interrelation  between  the  various  components  of  a 
multi-component  airfoil.  The  break  -  through,  in  my 
opinion,  came  with  the  publication  of  A.M.O.  Smith's 
paper: 

“Aerodynamics  of  High-Lift  Airfoil  Systems". 

in  AGARD  C.P.  102  in  1972  (ref.  19). 

Tn  this  paper  it  was  clearly  shown  that  an  airfoil  with 
1  slat  and  a  flap  consisted  actually  of  a  combination 
of  separate  close-coupled  airfoils  with  a  strong  mutual 
interaction.  Suddenly  the  relations  between  suction 
peaks,  dumping  velocities,  upwash  and  downwash  and  the 
resulting  pressure  distributions  and  boundary  layer 
conditions  fitted  into  a  pattern. 

We  understand  ,  for  example,  why  slats  with  small 
leading-edge  radii  have  to  be  deflected  further  than 
slats  with  large  leading-edge  radii  and  why  small-chord 
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flap  vanes  are  ineffective.  It  is  now  also  clear  why 
each  slat  has  an  optimum  deflection.  Too  large  slat 
angles  produce  too  high  supervelocities  on  the  main 
component  {figure  57). 

The  understanding  of  the  physics  led  to  an 
understanding  of  the  critical  areas  in  the  pressure 
distribution. 


As  an  example  figure  58  illustrates  that  on  the  double- 
slotted  flap  3  a  vane  position  A  leads  to  a  too  low 
vane  loading  and  a  too  high  flap  loading.  Consequently 
the  flow  on  the  flap  stalls.  Vane  position  B  gives  a 
much  better  loading  division  and  consequently  produces 
a  higher  (see  figure  33). 

But,  as  figure  58b  illustrates,  for  practical  purposes 
an  empirical  design  rule  as  presented  in  1961  (the 
tangent  to  vane  and  flap  upper  surface)  leads  to 
similar  conclusions. 


On  single  airfoils  trai ling-edge  separation  has  been 
studied  on  a  theoretical  basis  (with  some  empiricism 
such  as  a  constant  static  pressure  in  the  area  of 
separated  flow)  since  the  1960’s.  At  NLR  C, «« 
calculated  as  a  function  of  Reynolds -number  in  19/7  for 
the  airfoil  section  NLR  7301.  Both  a  trailing-edge 
separation  criterion  and  a  (very  crude)  leading-edge 
criterion  were  considered. 


Fig.  57  Effect  of  slat  deflection  on  peak 

supervelocities  on  slat  and  main  body. 


Since  1985  a  computerprogramnie,  ULTRAN  V  is  available. 
This  programme  although  based  on  transonic  small 
perturbation  theory  coupled  to  a  boundary  layer  theory 
gives  a  very  accurate  description  of  the  flow 
conditions  over  the  rear  part  of  the  airfoil  se.,.-? 
including  a  separated  boundary  layer.  This  allows  the 
determination  of  maximum  lift  due  to  trailing-edge 
separation.  A  transonic  full -potential  flow  solver,  the 
programme  TRAFS  allows,  when  corrections  are  applied 
for  boundary- layer  effects  through  the  concept  of 
displacement  thickness,  an  accurate  calculation  of  the 
leading-edge  suction  peak.  By  means  of  an  empirical 
correlation  between  minimum  static  pressure  as  a 
function  of  Re-  ,  an  Mach-number  and  leading-edge 
curvature  the  occurrence  of  leading-edge  stall  can  be 
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Fig.  58  interact  on  between  the  circulation  on  the 
vane  and  the  flap  on  a  double-slotted  flap. 


determined.  By  comparing  the  data  from  computions  with 
both  the  programmes  ULTRAN  V  and  TRAFS  the  maximum  lift 
of  single  airfoils  can  be  estimated.  Some  data  are 
presented  in  figure  59. 

In  the  early  eighties  all  available  2-D  test  data  on 
high-lift  configurations  available  at  Fokker's  were 
analysed  systematically.  This  led  to  the  conclusion 
that  on  high-lift  configurations  could  be 
determined  by  either  of  4  typjs  of  flow  separation. 
These  are  illustrated  in  figure  60. 


Of  particular  significance  in  this  programme  is  the 
modelling  of  the  wake  of  each  component  including  the 
strong  interaction  with  the  pressure  field  around  the 
next  airfoil  component. 

The  large  data  base  from  windtunnel  tests  allowed  the 
determination  of  some  empirical  criteria  for  the 
maximum  height  of  the  leading-edge  suction  peak  before 
leading-edge  stall  occurs  on  slat  or  main  component  as 
a  function  of  leading-edge  curvature  and  dumping 
velocities.  Accurate  determination  of  leading-edge  peak 
velocities  at  a  given  angle  of  attack  is  required  of 
course. 


In  figure  61  the  character  of  the  empirical  criteria  is 
presented  together  with  the  development  of  the  various 
significant  parameters  on  a  particular  configuration  as 
a  function  of  angle-of-attack.  The  parameter  which 
first  exceeds  a  limit  determines  maximum  lift. 

Although  the  programme  VISWAKE  is  a  programme  based  on 
theory  for  incompressible  flow  it  produces  nevertheless 
very  reasonable  answers  concerning  maximum  lift  (See 
figure  62).  In  figures  63  and  64  some  examples  are 
presented  of  pressure  distribution,  lift,  drag  and 
pitching  moment  for  a  section  with  slat  and  double- 
slotted  flap. 


Fig.  62  Calculated  airfoil  sections 

equipped  with  high-lift  devices. 


rig.  63  Measured  and  calculated  pressure 
distribution. 
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Fig.  64  fh®  various  component  of  a  multi- 

component  airfoil. 


In  three-dimensional  flow  Cpp,-prediction  is  possible 
at  least  for  high-aspect-ratTo  wings  by  combining  2-0 
analysis  with  lifting  line  theory  or  with  3-0  panel 
methods. 

Lift,  drag  and  pitching  moment  below  the  stall  for  a 
complete  aircraft  configuration  are  computed  by 
combining  2-D  data  (in  particular  for  lift  and  section 
drag  at  higher  flap  angles  this  is  taken  from  an 
empirical  data  base)  with  a  non-planar  lifting  surface 
programme  (NPLS). 
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An  example  of  the  panel  distribution  and  some  basic 
aerodynamic  data  are  presented  in  figure  65  for  the 
F'29.  Estimated  lift-drag  ratio's  for  a  trimmed  Fokker 
50  are  presented  in  figure  66. 

Some  examples  have  been  presented  of  the  use  of  theory 
in  the  analysis  and  design  of  high  lift  conf igurations. 
A  great  progress  has  been  made  in  the  last  two  decades 
in  particular  in  determining  for  such 

conf igurations. 

Nevertheless,  the  accuracy  of  flow  calculations  is 
still  insufficient  to  determine  the  choice  of  an 
optimum  high-lift  configuration  for  a  given  set  of 
design  requirements.  Here  the  windtunnel  will  for  the 
foreseable  future  still  have  the  last  say. 


Fig.  65  Aerodynamic  characteristics  estimated 
with  a  Non-Planar  Lifting  Surface 
Programme  (NPLS). 
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Fig.  66  Estimated  lift-drag  ratio's  of  the 
Fokker  50 


COMCLUSIOMS 


Forty  years  of  high-lift  research  and  development  at 
Fokker  have  produced  a  wealth  of  testdata  combined  with 
extensive  experience  in  the  fields  of  computation  and 
windtunnel  and  flight  testing. 

These  forty  years  have  shown  the  following  developments 
and  tought  the  following  lessons: 

1.  Due  to  commercial  pressures,  in  combination  with 
technologies  in  the  areas  of  computation  and 
windtunnel  testing  techniques  which  were 
continuously  being  developed,  a  steady  improvement 
in  the  accuracy  of  the  prediction  of  full-scale 
aircraft  performance  and  flight  handling 
characteristics  has  been  required  and,  in  many 
cases,  has  been  achieved  over  the  years. 

2.  In  view  of  the  above  the  need  to  perform  windtunnel 
tests  at  the  highest  possible,  or  affordable, 
Reynolds-nurobers  can  not  be  overemphasized,  also  in 
the  early  stages  of  a  design  process  when  the 
optimum  configuration  is  still  to  be  determined. 

3.  The  role  of  computational  fluid  dynamics  in  the 
design  process  has  greatly  increased.  However,  in 
the  design  of  high-lift  configurations  the  actual 
component  geometry  is  still  to  a  large  degree 
defined  empirically. 

Theory  has,  however,  helped  very  much  to  understand 
flow  phenoroenae  and  has  provided  guidelines  for  the 
design  of  high-lift  devices. 

4.  For  improved  understanding  of  details  in  the  flow 
physics  and  for  application  in  the  design  of 
moderately  swept  high-aspect  ratio  wings  2-D  data, 
both  from  theory  and  from  windtunnel  tests  provide 
still  very  useful  data. 

5.  At  present,  a  fair  degree  of  empirical  data  has  to 
be  fed  into  the  computational  methods  in  order  to 
make  optimum  use  of  theory.  For  this  access  to  a 
large  empirical  data  base  is  a  prerequisite. 

6.  In  many  cases  the  discrepancy  between  theoretical 
and  test  data  for  a  particular  high-lift 
configuration  is  of  the  same  order  as  the  difference 
in  aerodynamic  characteristics  between  the  different 
configuration  options  one  has  to  choose  from  for  a 
given  set  of  design  parameters.  In  other  words:  the 
final  choice  of  the  most  suitable  high-lift 
configuration  is  still  made  on  the  basis  of 
windtunnel  tests. 
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7.  The  above  is  true  for  2-D  flow.  For  a  wing-body- 
nacelle  combination  with  slotted  slats  and  part-span 
flaps  the  meaningful  use  of  computational  fluid 
dynamics  for  design  purposes  is  still  limited. 
However,  this  should  not  deter,  but  be  seen  as  a 
challenge  for,  cue  CFD-community. 
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The  activities  described  in  this  paper  were  and  are  a 
team  effort.  In  particular  the  cooperation  between  the 
code  developers  and  windtunnel  test  people  at  the 
National  Aerospace  Laboratory,  NLR  and  the 
aerodynaroi cists  at  Fokker  should  be  mentioned.  May  the 
following  names  be  representative  for  this  group 
effort: 


For  NLR 
H.  Tijderaan 
J.W.  Slooff 
B.  Oskam 
R.  Houwink 

A.  Elsenaar 

B. v.d.  Berg 

J. A.  van  Egmond 

K. W.  Muller 


For  Fokker 
J.v.  Hengst 
B.J.  Warrink 
J.N.  Boer 
W.H.A.R.  Willemse 
N.  Voogt 
D.F.  Volkers 
Tj.  Schuringa 
P.  de  Boer 


But  above  all.  Prof.  J.H.D.  Blom  should  be  mentioned 
who  was  at  Fokker  in  charge  of  aerodynamics  between 
(roughly)  1947  and  1975  who  so  much  stimulated  us  to 
look  into  flow  phenomenae  and  not  only  at  overall 
characteristics  and  who  tought  us  integrated  design 
long  before  expressions  such  as  concurrent  engineering 
and  design-build  teams  became  fashionable. 


REFERENCES 

1.  Abbott.I.H.and  von  Doenhoff.A.E,  “Theory  of  Wing 
Sections" 

2.  AbbottJ.H,  von  Doenhoff.Ai.and  Stivers.L.S.  /'Summary 
of  Airfoil  Data",  NACA  TR  824, 

3.  Cahill,  J.F.,  "Summary  of  Section  Data  on  Trailing- 
edge  High- lift  Devices",  NACA  TR  938. 

4.  Young,  A.D.,  “The  Aerodynamic  Characteristics  of 
Flaps",  ARC  RM  2622, 

5.  Obert,  E.,  “Low-speed  Stability  and  Control 
characteristics  of  Transport  Aircraft  with 
Particular  Reference  to  Tailplane  Design",  in 
"Take-off  and  Landing",  AGARD  CP  160,  April  1974, 
Paper  10. 

6.  Blom,  J.H.D.,  "Experience  in  Predicting  Subsonic 
Aircraft  Characteristics  from  Windtunnel  Analysis", 
in  "Flight/Ground  Testing  Facilities  Correlation" 
AGARD  CP187,  June  1975,  Paper  16. 

7.  Me  Cullough,  G.B.  and  Gault,  O.E.  "Examples  of 
Three  Representative  Types  of  Airfoil-section  Stall 
at  low  Speed",  NACA  TN  2502,  1951. 

8.  Gault,  O.E.,  "A  correlation  of  Low-Speed  Airfoil- 
section  stalling  characteristics  with  Reynolds 
Number  and  Airfoil  Geometry",  NACA  TN  3963,  1957. 

9.  Schuringa,  TJ.,  "Aerodynamics  of  Wing  Stall  of  the 
Fokker  F-28‘',  in  "The  Fluid  Dynamics  of  Aircraft 
Stalling",  AGARD  CP  102,  April  1972,  Paper  20. 


10.  van  Doom,  J.T.M.,  Han,  S.O.T.H.,  Obert,  E., 
"Comparison  of  Fokker  F-28  "Fellowship"  Windtunnel 
and  Flight  Data.  -  A  summary,  "in"  Yearbook  1973  of 
the  Netherlands  Association  of  Aeronautical 
Engineers",  1973,  paper  5. 

11.  Anon,  "Fokker  F-28  Fellowship",  Aircraft 
Engineering,  June/July  1967. 

12.  Vos,  D.M.,  "Low-Speed  Windtunnel  Measurements  on  a 
Two-dimensional  Flapped  Wing  Model  using  Tunnel 
Wall  Boundary-Layer  Control  at  the  Wing-Wall 
Junctions",  NLR  TR  70050  V. 

13.  Anon,  "F-28  -  Development  of  the  Mk  5000/6000", 
Aircraft  Engineering,  October /November  1973. 

14.  Orela,  M.,  Giles,  M,  "ISES,  a  Two-dimensional 
Viscous  Aerodynamic  Design  and  Analysis  Code,  Paper 
AIAA  no  87-0424,  1987. 

15.  Obert,  E.,  "The  Supercritical  Airfoil  -  An 
Evolution  or  a  Revolution  ?"  DGLR/6ARTEUR  6 
Symposium  on  Transonic  Conf igurations.  Bad 
Harzburg,  Germany,  June  1978. 

16.  (Nacelle  blowing). 

17.  Boersen,  S.J.,  Elsenaar,  A.,  "Half-model  Testing  in 
the  NLR  High-Speed  Tunnel  HST:  It's  Technique  and 
Application",  NLR  MP  83036U,  1983. 

18.  Obert,  E.,  "The  Aerodynamic  Development  of  the 
Fokker  100",  in  "Proceedings  of  the  16th  Congress 
of  the  International  Council  of  the  Aeronautical 
Sciences  (ICAS).  August/September  1988. 

19.  Smith,  A.M.O.,  "Aerodynamics  of  High-Lift  Airfoil 
Systems",  in  "Fluid  Dynamics  of  Aircraft  Stalling", 
AGARD  CP- 102,  1972. 

20.  Oskam,  B.,  Laan  D.J.,  Volkers,  D.F.  "Recent 
Advances  in  computational  Methods  to  Solve  the 
High-lift  Multi-component  Airfoil  Problem",  NLR 
MP  84042U.  Also  in  "Improvement  of  Aerodynamic 
performance  through  Boundary- layer  Control  and 
High-lift  Systems,  AGARD  CP365,  1984  Paper  3. 


1 


High-Lift  Research: 

Application  to  the  Design  of  the  ATR72  Flap 

P.  Capbern 
AEROSPATIALE  Avions 
316,  route  de  Bayonne 
31060  Toulouse  Cedex  03 
(France) 


SUMMARY: 

Due  to  slightly  reduced  Cltnax  objectives  in  landing 
configuration  for  the  ATR72,  compared  to  the 
ATR42,  the  high-lift  system  of  the  ATR72  is  made  up 
of  a  single  dropped  hinge  flap,  whereas  the  ATR42 
was  equipped  with  a  double  slotted  vane  type  flap. 
Elimination  of  the  vane  has  had  a  beneficial  effect  in 
greatly  simplifying  the  high-lift  system  for  the 
ATR72. 

This  simplification  has  been  achieved  while  ensuring 
that  Cbnax  levels  are  maintained  or  improved  at  same 
flap  deflection  (up  to  the  value  required  for  landing), 
and  take-off  L/D  ratio  is  improved,  which  has  a  direct 
repercussion  on  operational  performance,  such  as 
minimum  runway  lengths  and  maximum  take-off 
weight.  This  aerodynamic  performance  has  been 
achieved  thanks  to  the  systematic  introduction,  since 
198S,  of  numerical  methods  in  the  design  phase,  in 
addition  to  the  empirical  and  experimental  methods 
used  almost  exclusively  until  then.  The  ATR72  flap 
is  indeed  the  first  to  be  essentially  designed  with 
numerical  methods  at  AEROSPATIALE. 

Beside  this,  more  severe  new  regulations  for  turbo¬ 
prop  A/C,  leading  to  a  restriction  in  the  use  of  large 
flap  deflections  for  the  ATR42,  the  effect  of  the 
elimination  of  the  vane  on  Clmax  has  been 
numerically  investigated  for  this  A/C.  This  study 
having  shown  promising  results,  some  wind-turmel 
and  flight  test  verifications  were  conducted,  which 
confirmed  the  reliability  of  the  numerical  tools. 

The  development  of  new  design  and  analysis  methods 
has  been  pursued;  it  has  involved,  on  one  hand,  an 
extension  of  their  field  of  use  and  the  quality  of  the 
modeling,  and,  on  the  other,  a  reduction  in  the  design 
cycle  time.  The  objective  was  twofold:  better 
optimization  of  high-lift  systems,  and,  above  all,  an 
appreciable  reduction  in  the  associated  design  costs. 


RESUME 

Du  fait  d'objectifs  de  Czmax  d'atterrissage  un  peu 
moins  forts  que  pour  rATR42.  le  syst^e 
hypersustentateur  de  rATR72  est  constitu6  d'un  volet 
simple  k  rotadon,  alors  que  rATR42  6tait  6quip6  d'un 
systkme  k  double-fente,  avec  un  volet  et  un  ddflecieur. 
La  suppression  de  ce  dernier  a  eu  I'effet  b6n6fique  de 
simplifier  nettement  le  systkme  hypersustentateur 
pour  rATR72. 

De  plus,  cede  simplification  a  6t6  r6alis6e  tout  en 
assurant  des  niveaux  au  moins  Equivalents  de  Czmax  k 
iso-braquage  (jusqu'k  la  valeur  requise  pour 


I'atterrissage),  et  un  gain  de  finesse  au  dEcollage.  qui 
se  rEpercutent  directement  sur  les  performances 
opEraUonnelles,  telles  les  longueurs  de  pistes 
minimales  et  la  masse  maximale  au  dEcollage.  Ces 
performances  aErodynamiques  ont  ElE  obtenues  grace  a 
I'introducdon  systEmatique,  a  partir  de  198.5,  des 
mEthodes  numEriques  en  phase  de  conception,  en 
complEment  des  mEthodes  empinques  et 
expErimentales  presque  exdusivement  uiilisees 
jusqu’aiors.  Le  volet  ATR72  est  en  effet  le  premier  qui 
ait  EtE  essentiellement  con^u  par  la  voie  numcrique  a 
AEROSPATIALE. 

D'autre  part,  de  nouvelles  rEglementaiions  plus 
sEvEres  pour  les  avions  k  hElice  ayant  conduit  a  une 
restriction  importante  dans  I'utilisaiion  des  grands 
braquages  de  volet  pour  l'ATR42,  I'effet  de  la 
suppression  du  deflecteur  de  volet  sur  les  Czmax  a  clc 
EtudiE  par  calcul  pour  cet  avion,  Du  fait  des  rcsuluis 
prometteurs  obtenus,  des  essais  en  soufflerie  et  en  vol 
ont  EtEs  conduits,  confirmant  la  fiabilitE  des  oulils 
numEriques. 

Le  dEveloppement  de  nouvelles  mEthodes  de 
conception  et  d’analyse  s'est  aussi  poursuivi;  il  a 
portE  d'une  part  sur  I'extension  de  leur  domaine 
d'utilisation  et  sur  la  qualitE  des  modElisations,  el 
d'autre  part  sur  la  rEduction  du  cycle  de  conception, 
L'objectif  Etait  double  :  meilleure  optimisation  des 
systEmes  hypersustentateurs,  et  surtout  rEduction 
notable  des  couts  d'Etude  associEs. 


1  -  INTRODUCTION 
1.1  General  context 

Generally,  the  choice  and  cesign  of  the  ATR72  flap  are 
largely  based  on  the  information  obtained  from  the 
ATR42. 

Let  us  recall  that  the  double-slotted  high-lift  system  of  the 
ATR42  consists  of  a  main  flap  at  the  front  of  which  a  vane 
is  attached  (see  fig.  1),  the  fixed  assembly  of  these  2  items 
being  rotated  around  a  materialized  pivot. 

However,  unlike  the  ATR42,  the  design  critical  phase  for 
the  ATR72  is  the  take-off  phase,  the  target  Clmax  on 
landing  being  slightly  reduced. 

As  maximum  flap  deflection  must  therefore  be  changed 
from  45®  to  approximately  35°,  the  upstream  slot 
(between  the  main  body  and  the  vane)  is  masked 
throughout  almost  the  whole  deflection  range  preventing 
full  benefit  from  being  drawn  from  the  double-slotted 
system. 
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This  fact,  plus  the  high  manufacturing  costs  for  the  vane, 
led  to  the  idea  of  a  single-slotted  fl^  for  the  ATR72,  the 
single  rotation  kinematic  system  being  conserved. 

This  choice  was  substantiated  by  the  fact  that  the  ATR72 
flap  would  be  the  first  one  to  benefit  from  the  systematic 
use  of  the  computational  aerodynamic  methods  whereas 
the  ATR42  system  was  designed  using  methods  which 
were  mairjy  empirical  and  experimental.  This  should 
allow  us  to  change  from  a  double-slotted  flap  to  a  single- 
slotted  flap  without  loosing  the  aerodynamic 
performances  (for  a  given  flap  deflection). 

Note  that  as  the  two  aircraft  have  very  similar 
characteristic  wing  planforms,  with  airfoils  of  the  same 
family,  the  ATR42  is  a  very  adequate  reference  for  the 
design  of  the  ATR72  flap. 

Also,  as  the  sweep  of  the  wing  is  moderate,  a  mainly  two- 
dimensional  approach  is  justified. 

1.2  Objectives 

These  objectives  were  defmed  with  respect  to  the  ATR42; 

CImax_.  2  CImax,.,  +  2%  for  8,  from  IS""  to 
72  42 

3S°  (6f  denoting  the  flap  deflection) 

(L/D)^j  at  1.2Vs  >  (L/D)^2  at  1.2  Vs  for  8,  = 

15°  and  25°  (L/D  denoting  the  Lift-to-Drag  ratio  and  Vs 
denoting  the  stall  speed) 

1.3  Design  parameters 

The  various  parameters  taken  into  account  for  the  design 
were  the  following: 

-  relative  flap  chord 

-  length  of  fixed  trailing  edge  panel 

-  shape  of  flap 

-  position  of  pivot 

The  latter  defines  the  position  of  the  flap  (gap,  overlap) 
for  each  deflection  angle  (see  defmitions  on  fig.  2). 


2  -  STATE  OF  THE  ART  OF  COMPUTATIONAL 
METHODS  IN  1985 

2.1  Difficulties  to  be  solved 

The  flows  around  the  high-lift  configurations  (fig.  3)  have 
varic;ts  characteristics  making  them  especially  difficult  to 
calculate; 

-  presence  of  areas  with  separation  followed  by 
reattachment  on  lower  surface  of  the  slats  and  the  fixed 
trailing  edge  panel 

-  mrbulent  separation  on  upper  surface  of  highly  deflected 
flaps 

-  wake/boundary  layer  confluence  phenomenon 

-  frequent  presence  of  laminar  bubbles  in  the  leading  edge 
areas 

-  possible  presence  of  a  supersonic  area  in  the  vicinity  of 
the  slats  leading  edges. 

-  lastly,  numerical  difficulties  specific  to  the  panel 
methods  used  for  the  analysis  and  caused  by  the  thin 
trailing  edges. 

2.2  Research  undertaken 

The  high-lift  related  research  was  conducted  along  3  main 
lines,  with  a  strong  support  from  the  French  National 
Agency  DRET  (groupe  Vp. 


2D  viscous  flows  (1983/84) 

A  2D  viscous-inviscid  strong-coupling  method  developed 
at  ONERA  [1)  in  order  to  calculate  incompressible  flows 
around  multi -component  airfoils  was  industrialized  and 
validated  at  Aerospatiale  [2J. 

3D  flows  (1985/86) 

A  panel  method  was  developed,  first  in  2D  then  in  3D  m 
order  to  calculate  the  flow  around  high-lift  configurations, 
able  to  take  into  account  very  thin  trailing  edges  131- 

Optimization  (1985  to  1987) 

The  development  of  a  numerical  optimization  method  for 
high-lift  systems  was  undertaken.  This  study  has  allowed  a 
first  stage  in  this  field  to  be  completed,  leading  to  a  code 
which  could  be  used  to  optimize  the  overlap.  Results  were 
also  obtained  in  defining  some  objective  functions  for 
CImax  from  Inviscid  Row  methods,  whose  low  computing 
time  is  particularly  well  adapted  to  optimization  [4]. 


3  -  ATR72  FLAP  DESIGN 

3.1  Computational  tools  and  methodology 

The  CFD  codes  used  during  the  theoretical  design  phase 
Were  as  follows: 

-  Inviscid  Row  method  FP2D  for  multi  element  airfoils 
(this  being  the  panel  method  mentioned  in  paragraph 
2.2). 

-  Mono-element  inverse  transsonic  method, 

-  Incompressible  Viscous  method  for  multi -component 
airfoils  (this  being  the  viscous-inviscid  coupling  method 
mentioned  in  paragraph  2.2), 

-  Optimization  method,  under  development  (usable  only 
for  overlap  optimization). 

At  that  time,  none  of  these  methods  gave  a  reliable 
indication  of  the  drag.  However,  the  coupling  method, 
gave  a  CImax  estimation.  We  therefore  defined  by  the 
computational  channel  both  the  shape  of  the  flap  and  the 
family  of  pivots  meeting  the  CImax  targets.  This  allowed 
us  to  devote  the  wind  tunnel  tests  to  the  choice  of  pivot 
offering  the  best  liff-to-drag  ratio  on  take-off. 

3.2  Preliminary  phase 

The  first  parameter  to  be  defined  was  the  relative  chord  of 
the  flap  (which  can  be  kept  constant  over  the  span  as  on 
the  ATR42).  A  value  of  30%,  same  as  that  on  the  ATR42 
(including  the  vane),  was  a  good  trade-off  between  the 
effect  on  the  CImax  and  the  structural  constraints. 

The  choice  of  the  fixed  trailing  edge  panel  end  (84%)  was 
also  the  result  of  a  trade-off,  a  high  value  would  lead  to  the 
lowering  of  the  pivot  and  an  increase  in  the  size  of  the 
fairings  and  a  low  value  would  lead  to  a  reduction  in  the 
extended  chord. 

3.3  Computational  phase 
3.3.1  Shape  of  flap 

The  shape  was  de^ed  in  landing  configuration  for  a  given 
deflection  (5f  =  35”),  a  fixed  gap  and  overlap. 

The  principle  can  be  summarized  as  follows  (fig.  4): 

-  for  a  given  initial  shape  and  for  an  imposed  lift  level 
close  to  the  CImax  level  considered,  an  FP2D  calculation 
is  made  in  complete  configuration  mode  then  a  calculation 
on  the  flap  alone  conserving  its  own  lift  coefficient. 


-  Che  pressure  distribucion  for  the  complete  configuration 
is  then  modified  empirically  on  the  flap  in  order  to  reduce 
the  risk  of  separation. 

-  the  previous  modification  is  transferred  to  the  pressure 
distribution  of  the  isolated  flap  to  make  the  reverse 
calculation  which  is  only  possible  for  the  mono-element 
configuration. 

-  the  shape  obtained  is  modified  in  order  to  comply  with 
the  clean  profile  in  the  imposed  portions. 

-  2  control  calculations  are  then  made  on  the  complete 
configuration;  an  Inviscid  Flow  calculation  allows  the 
pressure  distribution  effectively  obtained  to  be  compared 
with  the  target  distribution;  then,  a  Viscous  Flow 
calculation  allows  us  to  directly  estimate  if  the  modified 
shape  leads  to  a  gain  in  Clmax. 

If  one  of  the  two  calculations  is  not  satisfactory,  the 
operations  are  repeated  with  a  new  modification  to  the 
pressure  distribution.  If.  on  the  contrary,  the  new  shape 
leads  to  an  improvement,  it  can  be  used  as  the  initial 
shape  for  a  new  iteration  of  the  process  and  so  on  until 
being  close  enough  to  the  optimal  shape. 

i.3.2  Preliminary  kinematic  optimiiation 
This  consisted  in  an  optimization  of  the  overlap  for 
several  flap  deflection  values  (8f  =  32.5°,  35".  37.5°)  for  a 
fixed  value  of  the  gap  (ranging  from  1.5%  to  3%). 
Remember  that  the  gap  cannot  be  optimized  without 
taking  into  account  the  confluence  of  the  viscous  layers 
and  therefore,  to  a  greater  extent,  under  Inviscid  Flow 
assumptions. 

J  J  .3  Sum  up  of  the  computational  phase 
This  phase  therefore  allowed  us: 

■  to  obtain  a  complete  defmitiun  of  the  shape  of  the  flap 
which  would  have  been  very  expensive  to  obtain  in  the 
wind  tunnel 

-  to  defme  a  pivot  envelope  (see  rig.5)  guaranteeing  that 
the  Clmax  targets  will  be  obtained  in  order  to  limit  the 
wind  tunnel  tests  to  the  choice  of  the  pivot  in  order  to 
optimize  the  lift-lo-drag  ratio  on  take-off. 

3.4  2D  test  results 

2-D  tests  were  made  in  the  C.E.A.T  SIO  wind  tunnel, 
assuming  that  the  differences  between  the  A/C  in  flight 
and  the  2-D  wind  tunnel  test  are  the  same  as  those 
measured  for  the  ATR42. 

These  tests  therefore  allowed  us  first  of  all  to  optimize  the 
kinematics.  From  the  various  pivots  defined  during  the 
theoretical  phase,  most  met  the  landing  Clmax  target.  In 
compliance  with  the  planned  strategy,  it  was  possible  to 
effectively  choose  the  pivot  on  the  5f  =15° 
characteristics  (Cd  at  1.2  Vs  and  Clmax,  see  fig.6),  taking 
into  account  its  vertical  position  which  determines  the 
size  of  the  flap  fairings. 

For  the  selected  pivot,  the  comparison  with  the  ATR42 
flap  (fig.  7  and  8)  shows: 

-  a  gain  in  the  Clmax  in  compliance  with  targets  fur  13°< 

6f  S35° 

-  a  reduction  of  25  %  in  the  drag  at  1.2  Vs  for  6f  =  15*. 


4  -  TECHNICAL  AND  FINANCIAL  BENEFUS 

4.1  Reduction  in  production  costs  related  to 
simplifying  the  flap 

The  main  benefit  is  the  reduction  in  the  flap  manufacturing 
costs  by  the  deletion  of  the  vane. 

This  metallic  part  (high  curvatures  incompatible  with  the 
use  of  carbon)  is  subjected  to  a  chemical  milling  operation 
which  first  implies  the  installation  then  the  cutting  out  of 
a  rubber  mask  before  the  sheet  metal  is  etched  in  an  acid 
bath.  These  operations  are  made  tricky  by  the  high 
curvature  on  the  vane  which  in  addition  has  a  shape  which 
varies  spanwise  for  the  outer  elements. 

A  significant  reduction  in  manufacturing  costs  is  therefore 
obtained,  associated  with  a  7%  weight  saving,  a  rare 
combination  worth  mentioning. 

4.2  Operational  gains 

The  flight  tests  confirmed  the  Clmax  gains  (for  a  given 
deflection  angle)  obtained  in  the  wind  tunnel  for  the 
ATR72:  the  increase  m  the  Clmax  with  respect  to  the 
"clean"  configuration  is  greater  by  approximately  10 
points  than  that  which  was  obtained  for  the  ATR42  (these 
being  aerodynamic  values  at  1  g  not  taking  evenoial  stick 
pusher  limitations  into  account). 

As  concerns  the  lift-lo-drag  ratio  at  1.13  Vslg  (or  1.2 
Vsmin),  for  6f  =  15°.  the  relative  gain  provided  by  the 
single-slotted  flap  can  be  estimated  at  4  %. 

This  gain  in  lifl  to-drag  ratio  affects  the  operational 
performances  on  take-off; 

-  the  maximum  weight  of  the  2nd  segment  (ISA  at  sea 
level)  changes  from  21 .3  T  to  22  T;  note  that  the  low 
value,  which  corresponds  to  an  ATR72  with  a  double- 
slotted  flap  is  lower  than  the  MTOW  (21 .5T)  and  would 
therefore  lead  to  a  degraded  nominal  mission:  -  1(X)  NM  or 
-2  pax. 

-  the  length  of  the  "balanced"  runway  is  reduced  at  iso¬ 
weight  by  approximately  60  meters  (that  is  4  to  5  %)  for 
the  take-off  phase. 


5  -  ELIMINATION  OF  THE  ATR42  VANE 

5.1  Introduction 

This  successful  design  of  the  ATR72  flap  was  recently 
exploited  for  the  ATR42.  A  more  severe  regulation  for 
turbo-prop  A/C  [5]  having  reduced  the  maximum  flap 
deflection  eventually  used  for  the  ATR42  (from  45°  to 
around  27°),  the  good  performance  of  the  ATR72  single- 
slotted  flap  gave  the  idea  to  simplify  the  ATR42  flap 
system,  by  deleting  the  vane  without  any  change  of  the 
kinematics,  thus  strongly  reducing  the  weight  of  the 
high-lifi  system.  This  idea  was  justified  by  (he  fact  that  up 
to  6f  =27°,  the  vane  remains  entirely  covered  by  the  fixed 
trailing  edge  (see  fig.9),  with  no  addition  of  extended 
chord.  Therefore,  the  effect  of  the  elimination  of  the  vane 
was  numerically  investigated  for  this  A/C. 

5.2  Numerical  Investigation 

This  study  was  achieved  with  the  new  version  of  the  2-D 
viscous-inviscid  strong  coupling  method  developed  at 
ONERA  (see  §6.3),  performing  calculations  at  the  flight 
Reynolds  number,  with  and  without  the  vane  for  a  set  of 
flap  deflections,  varying  from  15  to  45°.  and  for  a  fixed 
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angle  of  aoack  (a=14°).  It  is  believed  that  such  an 
apjHoach  allows  a  correct  evaluation  of  the  effect  on 
Clmax,  in  the  sense  that  the  trailing  edge  high  lift  system 
mainly  affects  the  lift  level,  without  any  noticeable 
change  in  Og,,,.  The  comparison  of  the  calculated  (vessure 
distributions  for  &f  =27°  is  given  on  Tig.  10  and  11.  It  can 
be  ob'.erved  that  the  direct  contribution  of  the  vane  is 
very  limited,  in  the  sense  that  the  suction  on  its  upper 
surface  is  compensated  by  an  equivalent  one  on  the  lower 
surface  of  the  fixed  trailing  edge  (see  fig.lO).  Moreover, 
the  lift  of  the  flap  is  slightly  increased  by  the  elimination 
of  the  vane,  even  though  the  separation  point  moves  only 
slighty  forward.  Without  vane,the  optimum  flap 
deflection  is  27°  (see  fig.  12),  with  a  rapid  growth  of  the 
separated  area  for  higher  deflections.  However,  it  must  be 
mentionned  that  this  optimum  is  probably  under¬ 
estimated,  due  to  a  general  tendency  of  the  method  to 
over-predict  the  separations.  For  high  deflections  the 
configuration  with  vane  becomes  naturally  more  efficient, 
the  deflection  of  the  flow  due  to  the  vane  reducing  the 
separation  on  the  flap. 

Beside  that,  it  was  checked  that  without  vane,  the  flap  gap 
keeps  acceptable  values  up  lo  Sf  aroimd  33°. 

5.3  Experimental  validation 
These  promising  results  could  allow  a  wind-tunnel  test  to 
be  performed,  in  order  to  confirm  them,  and  also  to 
specify  the  optimum  deflection  more  accurately.  These 
tests  were  performed  in  the  S 10  wind-tunnel  at  CEAT 
(Toulouse),  with  a  2-D  low-speed  model  representing  a 
mid-section  of  the  ATR42  wing,  and  consisted  in  balance 
measurements  of  global  forces.  These  tests  indicated  an 
increase  in  Clmax  due  to  the  elimination  of  the  vane,  up  to 
5f  =36°,  the  optimum  flap  deflection  being  33°  (see 
fig.  12).  thus  globally  confirming  the  predictions  from 
CFD.  The  slight  under-estintition  of  the  optimum  flap 
deflection  has  already  been  adressed  in  the  previous 
paragraph;  the  failure  of  the  code  to  predict  the  loss  of  lift 
with  the  vane  for  moderate  deflections  is  probably  due  to 
the  lack  of  a  modelling  for  viscous  layers  confluence,  for 
such  a  configuration,  with  a  very  small  gap  between  the 
vane  and  the  fixed  trailing  edge.  The  difference  in  level  is 
partly  due  to  the  lower  Reynolds  number  in  wind-tunnel 
(2,3M  to  be  compared  with  4,7M  in  flight,  at  Vs 
condition). 

Some  flight  tests  were  finally  performed  in  order  to 
validate  the  previous  2D  results  on  the  aircraft  Cl(a) 
curves  are  shown  on  fig. 13,  for  several  flap  deflections, 
with  a  fair  correlation  with  the  wind-tunnel  results.  It  can 
however  be  noticed  that  the  increase  in  Clmax  predicted  in 
wind-tuiuiel  .estimated  -f0.13  after  3D  transposition,  is 
higher  than  in  flight  (-tO.OS).  It  can  be  explained  by  the 
difference  in  Reynolds  number  (2,3M  in  wind-tunnel  and 
4,7M  in  flight),  in  the  sense  that  the  small  gap  already 
mentioimed  between  the  vane  and  the  fixed  trailing  edge, 
causes  probably  less  problems  in  flight,  where  viscous 
layers  are  thinner. 

This  operation  is  a  good  example  where  a  combined  use  of 
CFD  and  wind-tunnel  can  allow  a  reduced  flight  test 
campaign,  with  a  very  good  level  of  confidence,  and  thus 
can  lead  to  a  reduction  of  A/C  modification  cost. 


6  -  CURRENT  HIGH-LIFT  RESEARCH 

6.1  Objectives 

As  high-lift  is  not  a  highest  priority  sector  at 
AEROSPATIALE,  research  in  this  field  remains  lunited  and 
concerns  3  subjects; 

-  reduction  in  design  costs 

-  improved  flow  prediction 

■  capacity  to  process  different  types  of  aucraft 

6.2  Reduction  In  design  costs:  shape 
optimization 

6.2.7  Motivations 

Although  constantly  concerned  with  reducing  the 
computational  times,  whatever  the  calculation  code,  the 
research  entering  specifically  into  this  category  mainly 
concerns  the  optimization  methodology. 

We  have  seen  (paragraph  3.3.1)  that  although  the  shape 
design  methodology  based  on  the  inverse  calculations 
leads  to  satisfactory  shapes,  its  implementation  is 
especially  long  and  laborious.  What  is  more,  from  the 
formulation  point  of  view,  it  is  based  on  an  improvement 
process,  and  not  on  shape  optimization  in  the  strict  sense 
of  the  term. 

Lastly,  this  method  specific  both  to  Clmax  optimization 
and  to  Inviscid  Flow  approach  docs  not  offer  good 
development  jierspectives. 

6.2.2  Characteristics  of  the  OPT  HYP  method 

All  the  above  reasons  have  led  to  the  development  of  a 
new  method  based  on  optimization  in  line  with  the 
research  already  conducted  in  this  field  (see  §  2.2).  In 
particular,  we  have  kept  the  idea  of  a  criterion  based  on  tlie 
separation  risk  assessed  under  Inviscid  Flow  conditions 

The  use  of  a  viscous  flow  code  would  in  fact  today  lead  to 
extremely  prohibitive  calculation  times. 

The  new  OPTHYP  method  recently  made  operational  for 
shape  optimization  (Clmax)  of  high-lift  devices  has  the 
following  characteristics: 

Analysis  methods:  FP2D  panel  code 

-  Criterion;  minimization  of  the  separation  risk  (for  a 
fixed  Cl  level),  assessed  by  integrating  Stratford 
coefficients, 

-  Shape  generation  (through  the  MICA2  geometry  system, 
developed  at  AEROSPATIALE  by  the  Aerodynamics 
Design  Section), 

-  Constraint;  compliance  with  the  areas  imposed  by  the 
clean  airfoil. 

The  method  was  validated  on  various  test  cases  (ATR72 
single-slotted  flap,  upstream  flap  of  a  double-slotted 
system  designed  for  a  laminar  airfoil.  A3 10  slat),  leading 
to  shapes  with  Clmax 's  of  same  order  of  magnitude  as 
those  of  the  reference  shapes. 

Apart  from  the  basic  geometrical  data,  the  implementation 
of  this  method  only  requires  one  fveliminary  Clmax 
estimation.  This  estimation  can  be  obuined,  if 
applicable,  by  viscous  calculations  on  a  preliminary 
shape  but  will  already  be  known  for  all  of  the  more 
conventional  cases. 


6.2  J  Benefits 

This  new  apjvoach  leads  to  a  spectacular  reduction  in  the 
time  required  to  obtain  a  shape  when  compared  with  the 
methodology  based  on  inverse  calculations:  the  time 
required  is  reduced  from  several  weeks  (or  even  several 
months)  to  only  several  hours! 

The  benefit  thus  obtained  is  especially  difficult  to 
calculate  as  it  depends  to  a  great  extent  on  the  case 
considered  but  will  be  without  doubt  around  1(X)  or  200 
engineer  hours  per  high-lift  device. 

This  gain  in  time  can.  if  applicable,  be  used  to  take 
additional  parameters  into  account  (flap  chord,  length  of 
fixed  trailing  edge  panel  or  even  spanwise  shape 
optimization,  etc.)  leading  to  a  better  optimization  of  the 
high-lift  .system. 

6.3  Improving  flow  predictions 

It  is  within  this  context  that  an  improved  version  of  the 
2D  high  viscous-inviscid  coupling  method  developed  by 
ONERA  [6]  was  introduced  and  validated  at 
AEROSPATIALE  in  1987  [7].  A  comparison  with  wind- 
tutmel  results  (see  fig.  14)  for  a  single-slotted  flap 
configuration  shows  a  good  conelation,  including  high 
flap  deflections,  and  it  can  be  noticed  that  stall  seems 
correctly  predicted  for  this  case.  This  method  is  still 
undergoing  development  at  ONERA. 

For  the  three-dimensional  aspect,  support  has  been 
granted  to  ONERA  in  order  to  implement  strong  coupling 
between  the  FP3D  panel  code,  developed  by 
AEROSPATIALE  (see  §  2.2),  with  a  3D  boundary  layer 
method  [8].  This  method  should  allow  the  flows  around  the 
engine  installations  to  be  calculated  but  could  also  be  used 
for  the  3-D  high-lift  configurations. 

As  concerns  the  drag,  the  current  version  of  the  strong¬ 
coupling  code  could  be  submitted  to  a  specific  evaluation, 
on  the  basis  of  available  tests.  If  the  results  turn  out  to  be 
favorable,  an  optimization  of  the  high-lift  systems  as 
regards  drag  could  be  considered. 


The  lest  case  selected  (A3 10)  has,  among  other  things, 
allowed  experience  to  be  acquired  on  the  calculation  of 
configurations  with  leading  edge  slats  and  on  taking  a 
swept  wing  into  account  (simple  sweep  theory). 

Finally,  note  that  the  shape  optimization  code  OPTHYP 
allows  all  types  of  flaps  (single-  and  multiple-slotted)  to 
be  processed  and  also  leading-edge  device  (conventional 
slats,  or  kruger  flaps). 

The  capability  of  processing  the  high-lift  systems  of 
various  types  of  aircraft  is  therefore  today  largely 
effective  and  this  at  moderate  study  costs. 

7  -  CONCLUSIONS 

The  development  of  the  high-lift  computational  methods 
and  their  introduction  into  the  design  framework  has 
allowed  benefits  to  be  obtained  at  3  different  levels; 

-  improvement  in  operational  performances  thmks  to  a 
better  optimization  of  the  high-lift  system, 

-  improvement  in  the  production  process,  mainly  by 
simplifying  the  high-lift  systems, 

-  reduction  in  the  design  costs  by  developing  new  and 
more  efficient  methodologies  and  by  reducing  the  wind 
ttmnel  tests. 

The  capability  of  processing  diffe  ent  types  of 
configurations  has  been  validated  and  can  be  used  for  new 
projects. 


AKNOWLEDGEMENTS 

The  author  wishes  to  aknowledge  helpful  d’scussicns  with 
JL  Chavanne,  who  also  kindly  provided  the  Flight  Tests 
data. 

It  is  also  a  pleasure  to  mention  the  importance  of  the 
contribution  from  C.Bonnet,  I.Bousquet  and  C.Van  de 
Kreeke  in  the  work  presented  here. 


6.4  Capacity  of  processing  other  typts  of 
aircraft 

The  ATR72  high-lift  system  was  relatively  simple  on  the 
one  hand  by  its  type  (single-slotted  flap),  and  on  the  other 
hand  by  the  low  3-dimensional  character  (low  sweep,  high 
aspect  ratio)  of  the  wing.  Nevertheless,  various  studies 
have  allowed  the  processing  capacity  to  be  extended  to 
other  types  of  configurations: 

-  Laminar  wings 

Experience  has  been  acquired  both  on  the  design  of  new 
types  of  high-lift  devices  (double-slotted  flaps  ,  leading 
edge  Kruger  flaps)  and  on  specific  problems  posed  by 
laminar  wings  [9],  An  example  of  pressure  distributions 
calculated  by  strong-coupling  on  a  NLF  airfoil  equipped 
with  a  double-slotted  flap  is  shown  on  fig.15.  Current 
studies  should  allow  an  investigation  to  be  made,  in 
particular,  on  the  leading  edge  stall  phenomenon;  their 
prediction  by  computational  codes  and  by  semi-empirical 
criteria  will  be  assessed. 

-  GARTEUR  High-Lift  group 

Aerospatiale  took  part  in  this  high-lift  research 
programme,  centered  on  the  Mach  and  Reynolds  effects 
and  on  the  2D/3D  transpositions. 
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Figure  1  :  ATR42  High  lift  device 


Figure  2  :  Kinematics  definitions 
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Figure  3  :  Difficulties  to  be  solved  :  the  flow  around  a  high  lift  configuration 


Figure  4  :  The  shape  of  the  flap  optimized  for  Cl  max 


Figure  3  :  Definition  of  a  set  of  pivots 
meeting  the  tending  CImax 


Figure  6  :  Optimisation  of  the  lift  to  drag  ratio 
in  take  off  configuration  (5f  s  15°) 


Figure  7: 2D  W/T  test  (SIO  -  CHAT) 

comparison  ATR42  /  ATR72 


Figure  8  :  Wake  drag  in  take  off  configuration 
(8f  =  15°) 


Figure  10  :  Strong  coupling  caicuiation  •  Configuration  with  vane 
(81  =  27®  .  a  s  14®  ,  Re  =  4.7  10®) 


Figure  11 :  Strong  coupling  caicuiation  •  Configuration  without  vane 
(8f  s  27® ,  a  r  14® ,  Re  =  4.7 10®) 
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SUMMARY 

The  flow  atouixl  a  2-dimensional  wing  and  flap  is  re¬ 
viewed  using  inviscid  and  viscous  computational  fluid 
dynamic  techniques.  In  particular,  the  effect  of  flap  gap  is 
explcned.  The  results  indicate  that  for  optimum  aerody¬ 
namic  performance  at  low  flap  angles,  flap  gaps  in  the 
region  of  2  to  3%  are  required.  A  novel  4-bm  Fowler  flap 
mechanism  is  described  which  is  shown  to  give  these 
required  gaps  for  flap  angles  greater  than  3  degrees.  Such 
a  mechanism  can  be  readily  optimised  for  minimum  flap 
overlap  at  specified  take-off  flap  settings.  A  comparison  of 
a  track  and  roller  arrangement  with  the  4-bar  mechanism 
indicates  significant  advantages  for  the  latter. 


LIST  OF  SYMBOLS 

B  boundary  layer  parameter 

C4  drag  coefficient  (2-D) 

C,  lift  coefficient  (2-D) 

Cl  lift  coefficient  (3-D) 

Co,  pitching  moment  coefficient  (2-D) 

Cp  pressure  coefficient 

L/D  lift  to  drag  ratio 

Hof  free  stream  Mach  number 

Re  Reynolds  number 

5  normalised  transpiration  velocity 

s  coordinate  along  the  surface 

U  local  flow  velocity 

Uaf  free  stream  velocity 

Usai  maximum  local  flow  velocity 

Ub  local  velocity  on  the  upper  surface 

at  97%  wing  chord 
U*  inviscid  velocity 

LP  viscous  velocity  (from  inverse 

boundary  layer  equation) 

V,  transpiration  velocity 

Ax  panel  length 

a  itKidence 

5*  boundary  layer  displacement  thickness 

p  local  density 

6  boundary  layer  momentum  thickness 


INTRODUCTION 

The  design  and  optimisation  of  a  high  lift  system  to 
minimise  the  direct  operating  cost  of  an  aircraft  remains  a 
very  complicated  but  essential  task  for  the  designer.  To 


produce  a  genuinely  optimum  desiv"  the  dependence  of 
the  objective  function  iqmn  all  the  design  variables  must  be 
known.  Seldom,  however,  does  the  designer  have  time  to 
determine  all  the  functional  relationships.  As  a  conse¬ 
quence  the  design  seldom  achieves  the  global  minimum 
because  the  objective  function  is  not  correctly  specified  or 
its  dependence  upon  all  the  design  variables  is  not  fully 
appreciated.  The  design  of  high  lift  systems  cannot  be 
based  solely  upon  maximum  aerodynamic  performance 
but  is  constrained  by  weight,  cost,  ease  of  manufacture, 
maintainability,  reliability  and  the  mechanics  of  the  fltq) 
movement. 

High  lift  system  design  involves  the  application  of  special¬ 
ised  knowledge  from  a  wide  variety  of  fields  e.g. 

Aerodynamics 

Structures 

Systems 

Reliability 

Manufacturing 

Finance 

For  the  aerodynamicist,  high-lift  system  design  arguably 
involves  one  of  the  most  complicated  flows  to  predict 
accurately.  Typically  it  may  involve  high  speed  modelling 
difficulbes  (transonic  flow  around  a  leading  edge  slat) 
along  with  complicated  viscous  flows  (sqiarating  bound¬ 
ary  layers  and  interacting  wakes  with  boundary  layers). 
This  paper  reviews  simple  2-dimensional  flow  considera¬ 
tions  (inviscid  and  viscous)  and  considers  the  an>lication 
of  a  novel  4-bar  mechanism  (Patent  pending)  for  flap 
deployment. 


INVISCID  FLOW  AROUND  A  FLAPPED 
AEROFOIL 

The  incompressible,  inviscid  flow  around  a  multi-element 
aerofoil  may  be  examined  using  a  simple  panel  method. 
The  panel  method  used  here  follows  that  originally  pro¬ 
posed  by  Newling  (Ref.  1).  This  method  uses  a  piecewise 
constant  source  and  piecewise  linear  continuous  vorticity 
distributions  on  each  panel.  The  Kutta  condition  is  satis¬ 
fied  by  setting  the  vorticity  to  zero  at  the  trailing  edge.  In 
ordo-  to  close  the  set  of  equations  it  is  assumed  that 
opposite  panels  on  the  upper  and  lower  surfaces  have  the 
same  source  density.  Similarly,  opposite  panel  nodes  are 
assumed  to  have  the  same  vorticity  strength. 
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The  stability  and  convergence  of  the  method  is  indicated 
on  figure  1  where  the  effect  of  increasing  the  number  of 
panels  is  shown.  The  lift  and  drag  coefficients  are  com¬ 
puted  using  trapezoidal  integration  of  the  predicted  pres¬ 
sure  distribution.  The  contribution  due  to  the  trailing  edge 
thickness  is  ignored.  (The  NACA0012  section  has  a  trail¬ 
ing  edge  thickness  of  0.2S%  of  the  chord.)  Although  the 
trailing  edge  contribution  to  both  the  lift  and  drag  integrals 
is  ignored,  the  asymptotic  drag  value  appears  correct 

The  accuracy  of  the  method  is  indicated  in  figure  2  where 
the  panel  method  predictions  are  compared  with  an  ana¬ 
lytic  solution  by  Williams  (Ref.  2)  for  a  2  element  aerofoil. 

Using  this  panel  method  the  effect  of  reducing  the  fitq)  gt^ 
upon  the  inviscid,  incompressible  flow  around  a  2  element 
aerofoil  is  shown  in  figure  4.  (The  definitions  of  flap 
overlap  and  gaps  are  shown  in  figure  3.)  Both  the  wing  and 
flap  sections  are  based  on  a  NACA0012  section.  The  flap 
(30%  chord)  is  deflected  to  30  degrees  and  set  at  zero 
overlap.  (It  is  assumed  that  for  optimum  aerodynamic 
performance  the  flap  overlap  will  be  near  zero.)  Using  this 
geometry  the  following  inviscid  generalisations  may  be 
made : 

i)  As  the  flap  gap  is  reduced,  i.e.  the  flap  brought  closer  to 
the  main  aerofoil,  the  flap  lift  reduces  and  the  wing  element 
lift  increases  at  such  a  rate  that  the  total  lift  increases. 

ii)  Reducing  the  fitq)  gap  reduces  the  flap  peak  velocity, 
and  increases  both  the  wing  peak  velocity  and  the  wing 
‘dumping’,  or  trailing  edge,  velocity. 

In  general,  for  zero  flap  overlap,  these  trends  are  repeated 
for  lower  flap  angles  with  decreasing  magnitude. 

Figure  5  shows  the  effect  of  flap  gap  for  the  flap  set  at  15 
degrees  and  5%  overlap.  (For  take-off  flap  angles,  the 
constraints  on  the  flap  mechanism  usually  result  in  signifi¬ 
cant  flap  overlaps.)  For  large  gaps  these  results  follow  the 
previous  trends  for  zero  overlap.  However,  for  gaps  less 
than  2%  the  velocities  in  the  region  between  the  flap  and 
the  wing  get  very  large,  as  indicated  by  the  maximum 
velocity  on  the  flap.  This  results  in  a  rapid  increase  in  the 
flap  lift  and  reduction  of  wing  lift  with  the  net  effect  being 
an  over  all  increase  in  lift. 


VISCOUS  FLOW  AROUND  A  FLAPPED 
AEROFOIL 

The  inviscid  results  indicated  in  figures  4  and  S  suggest 
that  in  viscous  flows  the  following  may  be  expected  to 
occur: 

i)  The  reduction  of  the  flap  peak  velocity  will  reduce  the 
effective  adverse  pressure  gradient  on  the  upper  surface  of 
the  flap.  For  the  upper  surface  on  the  wing  aerofoil,  the 
effective  adverse  pressure  gradient  increases  very  gradu¬ 


ally  with  decreasing  gap,  as  indicated  by  the  difference 
between  the  wing  peak  and  dumping  velocities  in  figure  4. 
For  a  given  incidence  these  inviscid  trends  suggest  that  fw 
low  flap  angles  there  will  be  a  range  of  gaps  for  which  the 
flow  is  attached  on  both  sections,  with  the  optimum  being 
the  smaller  gap  to  maximise  the  lift.  As  the  flap  angle 
increases  the  range  of  gaps  required  to  keep  the  flow 
attached  will  reduce  until  it  is  no  longer  possible  fex  the 
flow  to  be  attached  on  both  sections. 

ii)  Due  to  the  higher  adverse  pressure  gradient  on  the  wing 
one  can  also  forecast  that  the  stalling  incidence  of  a  wing 
and  fltg)  combination  will  be  less  than  that  of  the  basic  wing 
aerofoil.  As  the  flap  is  brought  closer  to  the  wing,  the  wing 
peak  velocity  increases  rapidly  resulting  in  a  very  severe 
adverse  pressure  gradient  just  downstream  of  the  leading 
edge.  This  will  increase  the  likelihood  of  the  wing  aerofoil 
section  exhibiting  a  leading  edge  stall. 

iii)  For  a  positive  flap  overlap,  as  the  flap  gap  is  reduced, 
the  rapid  increase  in  the  peak  velocity  on  the  flap  is  likely 
to  lead  to  the  premature  separation  of  the  boundary  layer 
from  the  flap  upper  surface .  This  in  turn  wi  II  lead  to  the  loss 
of  flap  lift  and  may  cause  a  levelling  off  ora  reduction  in 
the  total  lift.  Likewise,  the  high  velocities  and  subsequent 
adverse  pressure  gradientexperienced  by  the  lower  bound¬ 
ary  layer  on  the  wing  in  the  cove  region  may  also  result  in 
separation. 

As  a  cautionary  note,  it  is  important  to  recognise  that  these 
inviscid  trends  can  only  be  expected  to  apply  in  the  real 
viscous  flow  if  the  effects  of  viscosity  are  confined  to 
relatively  thin  boundary  layers  in  the  immediate  vicinity  of 
the  surfaces  and  their  wakes.  In  this  case,  the  outer  inviscid 
flow  will  dominate  and  the  interaction  between  the  inner 
viscous  and  outer  inviscid  parts  will  be  comparatively 
weak.  However,  as  the  boundary  layers  approach  separa¬ 
tion  the  interaction  between  the  outer  and  inner  flows 
becomes  increasingly  strong  till  eventually  the  flow  is 
dominated  by  viscous  effects. 

The  inviscid  panel  method  has  been  coupled  with  an 
integral  boundary  layer  and  wake  code,  based  on  the  R  A£ 
lag-entrainment  method.  In  regions  of  adverse  pressure 
gradient  the  code  uses  an  inverse  form  of  the  boundary 
layer  equations.  Following  the  work  of  Le  Balleur  (Ref.  3) 
and  Lock  and  Williams  (Ref.  4)  the  inverse  boundary  layer 
equations  are  integrated  to  calculate  a  velocity  from  a 
specified  viscous  source  strength  distribution,  or  normal¬ 
ised  transpiration  velocity  (S) : 

S  =  v,  (1) 

U 

where  v.  is  the  transpiration  velocity  used  in  the  inviscid 
flow  to  simulate  the  displacement  effect  of  the  boundary 
layer ; 

''.=  11  <P^S*) 
p  ds 


(2) 


From  an  initial  guess  of  the  S  distribution  an  iterative 
procedure  follows,  cycling  between  the  inviscid  and  vis¬ 
cous  solutions.  The  choice  of  using  S  as  the  independent 
variable  in  the  inverse  boundary  layer  equations  seems 
natural  as  it  directly  links  the  inviscid  and  viscous  solu¬ 
tions.  In  the  direct  part  of  the  viscous  calculation  S  is 
updated  using  equations  (I)  and  (2).  In  the  inverse  region 
the  normalised  transpiration  velocity  is  updated  from  the 
formula : 

AS=  fB9Ax  [  1  ^  J.  ^  1  <3) 

Axir  +  rcBO  ds  “  U*  ds  J 

where  B  is  a  function  of  the  boundary  layer  shape  param¬ 
eters  and  the  local  Mach  number.  Putting  f=l  recovers  Le 
Balleur’s  fwmula.  It  has  been  found,  however,  that  in 
many  cases  the  rate  of  convergence  may  be  accelerated  by 
increasing  f. 

According  to  equation  (3)  convergence  will  be  obtained 
(i.e.  A  S=0)  when  IT'AJ’  =  constant  Although  this  is  a 
necessary  condition  for  convergence  it  is  not  sufficient, 
unless  LP'A-l*  =  1.  Fortunately  the  scheme  does  normally 
‘converge’  with  IT  =  IP,  although  there  are  occasions 
along  the  wake  where  ‘convergence’  is  obtained  with  the 
constant  in  the  range  0.8S  to  1 . 1 5 .  Decreasing  Ax  decreases 
the  rate  of  convergence  and  so  the  suitability  of  equation 
(3)  for  updating  the  normalised  transpiration  velocity  S  on 
finely  panelled  geometries  is  questionable. 

The  Karman-Tsien  compressibility  correction  is  used  to 
modify  the  incompressible  Cp’s  predicted  by  the  pane! 
method. 

Figure  6  compares  the  predicted  force  and  pitching  mo¬ 
ment  coefficients  with  those  obtained  from  experiment  for 
a  simple  wing  and  flap  (Ref.  5).  The  lower  surface  of  the 
wing  aerofoil  was  designed  for  no  separation.  (To  compute 
the  flow  around  a  realistic  flapped  aerofoil  it  is  necessary 
to  replace  the  physical  cove  shape  on  the  wing  lower 
surface  widi  a  smooth  fairing.)  Both  the  lift  and  drag 
coefficients  have  been  predicted  to  an  acceptable  degree  of 
accuracy.  (The  predicted  drag  is  obtained  by  applying  the 
Squire  and  Young  drag  formula  at  the  end  of  the  wake.) 
The  maximum  lift  and  stalling  incidence  are  also  ad¬ 
equately  predicted. 

In  figure  7  the  predicted  wing  and  flap  pressure  distribu¬ 
tions  arecompaied  with  those  measured  in  the  wind  tunnel. 
These  results  along  with  other  investigations  have  demon¬ 
strated  that  for  similar  types  of  configurations,  the  method 
predicts  the  pressure  distributions  and  force  coefficients  to 
an  acceptable  engineering  accuracy. 

Using  this  viscous  code,  the  analysis  of  the  NACA00I2 
wing  and  30%  fltq)  set  at  IS  degrees  and  5%  overlap  for 
various  flap  gtqjs  was  repeated  at  a  Reynolds  number  of  6 
million  and  M^h  numbo-  O.IS.  Transition  was  fixed  on 
both  the  flap  and  wing  except  where  laminar  separation 


was  predicted  ahead  of  the  fixed  position.  In  such  cases 
Horton’s  method  (Ref.  6)  is  used  to  predict  the  bubble 
length  and  growth  in  the  boundary  layer  momentum  thick¬ 
ness. 

For  gaps  less  than  1.3%  the  large  velocity  gradients,  both 
favourable  and  adverse,  on  the  wing  lower  surface  in  the 
region  of  the  flap  give  rise  to  considerable  difficulties  in 
the  integration  of  the  boundary  layer  equations.  The  results 
shown  in  figure  8  are  similar  to  the  previous  inviscid 
results  in  figure  S  except  that  the  total  lift  coefficient  has  a 
maximum  value  for  a  gaf)  of  iq>proximately  2%. 

Figure  9a  shows  the  predicted  variation  of  L/D  with  gap  for 
Gu=0.  Again  the  results  show  a  maximum  for  a  gap  of  2%. 
(Further  analysis  of  this  test  geometry  indicat^  that  the 
maximum  lift  coefficient  is  very  insensitive  to  flap  gap 
with  the  predicted  value  being  approximately  2.9  for  the 
range  of  gaps  considered.)  Figure  9b  shows  the  predicted 
variation  of  drag  with  gap  at  a  C  =  2.0,  which  corresponds 
to0.7C„„„.  The  results  clearly  indicate  that  minimum  drag 
occurs  for  a  gap  of  approximately  2.5%.  Although  the 
geometry  is  atypical,  these  results  are  in  agreement  with 
wind  tunnel  measurements  for  a  GA(W)-2  aerofoil  and 
flap  (Ref.  7). 

One  important  viscous  effect  not  modelled  by  the  above 
method  is  the  viscous  wake  boundary  layer  interaction. 
When  the  wake  from  an  upstream  element  grows  into  the 
developing  boundary  layer  on  a  downstream  aerofoil,  the 
resulting  interaction  may  lead  to  separation  of  the  bound¬ 
ary  layer.  Due  to  this  adverse  interaction,  the  previously 
discussed  inviscid  trends  with  flap  gap  may  be  reversed, 
effectively  limiting  the  minimum  gap  that  can  be  used.  One 
may  anticipate  that  this  wake/boundary  layer  interaction  is 
dependent  upon  geometric  parameters  such  as  the  flap  gap 
and  the  extent  of  the  flap  chord  aft  of  the  wing  shroud. 
Figure  10  is  an  example  of  this  effect  as  predicted  using 
Irwin’s  model  (Ref.  8)  for  the  wake  boundary  layer  inter¬ 
action  on  the  NACA0012  wing  and  flap  configuration  as 
used  in  figures  5,8  and  9.  There  is  clearly  a  rapid  loss  in  lift 
as  the  flap  gap  is  reduced  below  2.5%.  In  addition  to  this 
loss  of  lift  a  rapid  increase  in  drag  occurs. 


DEVELOPMENT  OF  A  4-BAR  FLAP  LINKAGE 
SYSTEM, 

Conventional  roller  and  track  systems  commonly  used  to 
generate  a  Fowler-type  flap  deployment  possess  several 
inherent  disadvantages  e.g. 

Large  number  of  parts 
High  weight 
High  cost 

Vulnerability  to  contamination 
Wear 

High  maintenance  cost 
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These  aerodynamic  results,  along  with  wind-tunnel  inves¬ 
tigations,  consistently  indicate  that  for  aerodynamic  efTi- 
ciency  it  is  desirable  to  dqtloy  the  flap  in  such  a  manner  so 
as  to  minimise  the  flap  overlap  and  provide  a  reasonably 
generous  flap  gap,  typically  in  the  region  of  2  to  3%.  A 
novel  4-bar  linkage,  as  shown  in  figure  11,  has  been 
devised  for  flap  deployment  as  an  alternative  to  the  track 
and  roller  mechanism.  Two  swinging  links  (A  and  B)  are 
used  to  join  the  flap  arm,  which  is  rigidly  attached  to  the 
flap,  to  a  wing  mounted  beam.  The  |Ht^x)rtions  of  the  links 
are  chosen  to ‘progranune’ the  flsf)  translation  and  rotation 
to  give  the  slot  gap  and  minimum  overlap  required  for  an 
aerodynamically  effleient  arrangement.  An  example  of 
slot  gap  and  overlap  with  flap  angle  is  shown  in  figure  12. 
The  initiai  chordwise  extension  is  relatively  large  for  small 
angular  flap  movement.  The  flap  gap  c^iens  rapidly  during 
the  flrst  few  degrees  of  movement  from  the  stowed  posi¬ 
tion.  (In  effect  the  flap  drops,  translates  backwards  and 
then  rotates.) 

Figure  12  also  shows  the  locus  of  the  instantaneous  centre 
of  rotation  with  flap  angle.  For  this  particular  geometric 
arrangement,  the  centre  of  rotation  initially  moves  up¬ 
wards  to  infinity,  at  which  point  the  flap  movement  is 
purely  translational.  The  centre  then  approaches  from  the 
bottom  left  and  indicates  that  as  the  flap  approaches  its 
maximum  angle  it  is  rotating  about  a  progressively  de¬ 
creasing  radius.  The  4-bar  linkage  is  effectively  equivalent 
to  that  of  a  hinged  flap  having  a  continuously  variable 
pivot.  As  the  instantaneous  centre  of  rotation  is  in  general 
some  distance  from  the  flap  the  effective  torsional  stiffness 
of  the  system  will  be  low.  This  therefore  necessitates,  in 
common  with  tracked  flapped  systems,  the  use  of  a  coor¬ 
dinated  multi-point  flap  drive  system. 

Fkq)  linkage  systems  have  been  successfully  used  in  the 
past,  e.g.  on  the  Boeing  B747SP  and  the  Douglas  DC-8 
aircraft  The  main  advantages  of  the  current  4-bar  mecha¬ 
nism  over  previous  linkages  is  its  simplicity  and  superior 
aerodynamic  efficiency  at  low  flap  angles  due  to  the  large 
gap  and  low  overlap  characteristic. 

To  preserve  constant  %  flap  overlap  and  gap  along  the  span 
of  a  tapered  wing,  where  both  the  flap  leading  edge  and 
shroud  are  wing  generators,  it  is  necessary  to  scale  the 
linkage  at  each  support  in  proportion  to  the  local  wing 
chord.  This  produces  a  pseudo  conical  flap  motion  for 
which  it  is  necessary  to  provide  freedom  for  spanwise 
movement  in  soHKofthe  links.  Figure  13  shows  schematic 
cross  sections  through  the  A  and  B  links  at  the  inner  and 
outer  supports  of  a  flap  segment.  At  the  inboard  support  the 
shaft  that  carries  the  A  link  has  only  rotational  freedom 
within  its  bearing  thus  enabling  it  to  react  any  spanwise 
loads.  The  remaining  links  have  self-aligning  bearings  and 
are  therefore  free  to  accommodate  the  relative  spanwise 
movement. 

Figure  13  also  gives  an  indication  of  the  maximum  flap 
fairing  width  and  depth  required  by  the  mechanism.  A 
detailed  design  study  indicated  that  for  a  2S%  flap  chord 


and  90%  shroud,  the  maximum  flap  fairing  width  was 
approximately  10%  and  the  depth  was  13%  of  the  local 
wing  chord.  These  values  are  comparable  to  the  fairing 
dimensions  for  a  track  and  rolter  mechanism. 

A  constrained  optimisation  method  has  been  applied  to 
determine  the  optimum  positions  of  the  joints  to  maximise 
the  aerodynamic  performance  of  the  deployed  flap.  As  a 
constraint,  the  landing  position  of  the  flap  is  pre-set  in 
terms  of  the  flap  angle,  overlap  and  gap.  (FYevious  inves¬ 
tigations  have  indicated  that  the  optimum  overlap  for 
landing  isclose  to  zero,  with  several  investigations  indicat¬ 
ing  that  a  slightly  negative  overlap  may  be  desirable.)  The 
stored,  or  nested,  position  of  the  flap  is  also  known. 

Figure  14  shows  a  linkage  designed  by  the  optimisation 
process  for  a  28%  flap  chord,  90%  shroud  with  the  con¬ 
straints  that  the  landing  flap  setting  was  30  degrees  with 
zero  overlap  and  a  gap  of  3.2%.  Since  it  is  known  that  the 
optimum  overlap  for  maximum  L/D  for  take-off  is  near 
zero  the  objective  function  for  minimisation  was  taken  as 
the  flap  overlap  at  a  typical  take-off  flap  setting  of  10 
degrees.  The  optimiser  indicated  that  to  achieve  the  de¬ 
sired  minimum  overlap  at  1 0  degrees  the  kinematics  of  the 
optimised  linkage  result  in  small  negative  flap  angles  in  the 
early  stages  of  the  flap  deployment.  This  negative  angle, 
constrained  to  be  less  than  4  degrees,  is  unlucely  to  cause 
handling  difflculties  for  the  short  time  that  it  exists.  The 
achievement  of  such  a  low  overlap  and  reasonable  gap  for 
a  flap  angle  of  10  degrees  is  particularly  encouraging  and 
indicates  the  aerodynamic  advantages  of  adopting  such  a 
simple  linkage  system  for  flap  deployment. 

If  a  higher  landing  flapangle  is  stipulated  in  the  oplimisaticm 
process  with  the  other  constraints  unchanged,  the  resulting 
optimised  overlap  for  the  take-off  flap  setting  is  larger 
resulting  in  a  lower  L/D.  This  highlights  the  importance  of 
balancing  the  landing  flap  requirements  (essentially  max¬ 
imising  Cl )  with  the  take-off  requirements  (maximising 

L/D  at  an  appropriate  C  J. 


COMPARISON  WITH  A  TRACK  AND  ROLLER 
FLAP  MECHANISM. 

Figure  15  compares  the  flap  overlaps  and  gaps  for  a  track 
and  roller  mechanism  with  a  representative  4-bar  linkage. 
The  superior  overlap  characteristics  of  the  linkage  mecha¬ 
nism  is  immediately  iqrparent  along  with  the  much  larger 
gaps  at  low  flap  angles.  One  disadvantage  of  the  linkage 
relative  to  the  track  and  roller  is  that  it  would  not  be  suitable 
as  a  variable  camber  device  (Ref.  9). 

The  following  table  summarises  the  results  of  a  study 
comparing  the  overall  performance  of  both  flap  mecha¬ 
nisms  for  the  same  flap  chord  and  wing  shroud.  The  track 
data  were  taken  as  the  datum. 


Aspect 

Track 

4-bar  Linkage 

Flap  Weight 

Datum 

-19% 

Direct  Mamtenance  Costs 

Datum 

-40% 

Take  off  Performance 

ISA,  S/L 

:BFL 

Datum 

-2% 

:  WAT  Limit 

Datum 

+6% 

ISA-r28°C.  5000  ft 

:  BFL 

Datum 

-5% 

:  WAT  Limit 

Datum 

+7% 

where  BFL  is  the  Balanced  Field  Length  and  WAT  is  the 
Weight  Altitude  Temperature  Lnnit.  The  results  quoted 
for  the  WAT  limit  cases  refer  to  the  change  in  the  aircraft 
payload  +  fuel  weight. 
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CONCLUSIONS 

The  ability  of  a  simple  2-dimensional  panel  method  cou¬ 
pled  with  an  inverse  formulation  of  the  lag-entrainment 
boundary  layer  equations  for  modelling  high-lift  flows  has 
been  demonstrated  with  adequate  accuracy.  Using  such  a 
tool,  analysis  of  the  flow  around  a  simple  wing  and  flap  test 
geometry  indicates  that  for  optimum  aerodynamic  per¬ 
formance  flap  gaps  typically  greater  than  2%  are  required. 

A  simple  4-bar  flap  support  mechanism  has  been  designed 
to  position  the  flap  with  such  a  gap  whilst  also  giving  a  low 
flap  overlap.  Relative  to  a  flap  track  system,  the  4-bar 
mechanism  results  in  significant  improvements  in  the 
overall  airframe  efficiency. 
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FIGURE  2  Exact  and  predkled  prewire  diitribiitiont  for  (he 
William  flapped  aerofoil  (Ref.  2)  Configuration  A, 
Rap  deflected  30". 
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FIGURE  4  2D  invucid,  incompressible  trends  for  s  NACA0012 
whig  end  Hap.  Flap  diord  s  30%,  defleded  30^ . 
Overly  =  0,  Qs  0  . 
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FIGURE  9  2D  predicted  lift  and  fkag  trends  for  a  N  ACA0012 
wing  and  flap.  Bap  chord  =  30%.  deflected  15**. 
Overlap  s  5%. 


FIGURE  1 1  The  4-bar  linkage  mechanism. 
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FIGURE  10  Effect  of  wike/lxMindary  layer  inttnetion  on  the  lift 
and  drag  trends  for  a  N  ACA0012  wing  and  flap.  Flap 
chord  »  30%,  deeded  15*.  Overlap  »  5%,a  x  S*. 
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FIGURE  12  Flap  overlap  and  gap  characterifUct  for  the  4-bar 
linkage  mechanism. 
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Inboard  Oiuboard 


HGURE  15 


RGURE  13  Cross-sections  through  the  links. 
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Comparison  of  track  with  linkage. 


FIGURE  U  Oplimi»ed  linkige  for  minimum  overlip  it  a  flip  ingle 
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THE  BOEING  YC-14  USB  POWERED  LIFT  AIRCRAFT 
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SUMMARY 

The  Boeing  YC-14  was  designed  to  perfonn  a 
4Q0nm  misskm  canying  a  2SXX)#  pavload  and 
laml  in  2000  feet  on  a  aenii-ijnq>aied  landing  strip. 
The  fai^-Hft  system  was  (me  diat  had  never  been 
flown  oefonB,  a  upper  sutfeoe  blowing  (USB) 
concept  udlu^  tte  "Ooanda"  efiect.  The  take-off 
and  lantiing  pemxmanoe  esdmates  (levelflped  feom 
wind  tunnel  data  were  ctmqiletBly  substandates  in 
die  fli^t  test  tnogram.  The  critical  issue  of 
continuing  dmer  a  laixiing  or  take-off  affer  the  loss 
of  one  of  thetwo  CF6  engines  was  also  proven  in 
die  flight  test  program.  The  derign  details  behind 
die  peifennance  of  die  YC-14  are  discussed  and 
some  of  die  performance  features  of  the  aiiplaire 
are  explained. 


mTRQDUCIIOa 

The  Boeing  YC-14,  and  its  competitor  die  Douglas 
Y(>15,  began  life  as  elements  of  the  Air  Force 
AMST  (Advanced  Medium  STOL)  program  which 
was  initialed  with  release  ofanRFP  in  1971.  The 
YC-14  flew  for  the  first  time  on  August  9. 1976. 
The  compmition  fiv  the  productfon  contract  was 
wonlv&Dou^C-iS.  The  miasioo  was 
substantudlychaal^ed.particulgljf  with  respect  to 
its  STOLptmerties,  sm  die  airplane  is  bong  buQt 
lodity  by  McDonnell-Douglas  as  the  C-17. 

The  basic  design  goals  for  the  AMST  mission 
were  baricidly  very  simple  and  are  listed  in  Hgure 
1.  FtmdamentaBy  it  was  to  be  a  flying  truck 
cqiable  of  handUng  almost  any  of  the  fighting  ^ear 
dm  Army  had  in  its  inventory  and  it  had  to  (febver 
a  27,(X)0  poimd  payload  to  a  battle  field  400 
nant^  m^  away.  It  had  to  land  (m  a  2(XX)  ft 
unpwqpared  nmway,  off-load  the  payload  and  then 
take-off  widianotto  load  and  return  to  base.  The 
spettificatioas  were  very  broadly  spelled  out  and  it 


gave  die  two  companies,  Boeing  and  Douglas,  a 
great  deal  of  leeway  in  configu^g  the  vehicle. 
There  was  one  other  objective  which  was 
instrumental  in  configuring  the  airplane.  That 
was,  the  cost  to  produce  the  airplane  was  an 
important  issue. 


CONFIGURATION 

The  YC-14  configuraticm  is  shown  in  figure  2. 

The  fuselage  was  sized  to  handle  almost  all  of  die 
equrnmentindie  Army  inventory.  It  was 
oonfigu^  to  allow  aoial  delivery  of  both  troops 
and  equJpnrent  out  of  the  aft  cargo  door  and  troops 
fimn  a  side  doorjust  aft  ofthe  main  gear.  The 
most  significant  feature  of  the  YC-14  was 
probably  dm  two  CF6  engines  placed  on  top  of  the 
wing. 

The  twin  endne  dnign  was  due  to  the  results  of 
an  analysis  mat  indicated  such  a  design  was 
possible  using  an  existing  modem  engine  (CF6) 
and  would  be  both  cheaper  and  simplm  to  btnld 
than  a  four  enipne  configuration.  Inad^km 
accident  statistics  confirmed  diat  twin  engine 
airolanes  have  fewer  engine  shutdowns  and  were 
safermfly.  In  addition  to  the  Air  Fame 
lequiiements,  Boeing  established  an  in-house 
design  philospphy,  miee  elements  of  triiich  are 
worth  nothing  here.  First  die  airplane  must  be 
easy  to  fly  on  final  impioach.  U  should  fly  Ifiae  a 
oonventianal  jet  ahpuuK  to  avoid  adding  an  extra 
buxden  to  the  jnkx  traimiig  program  and  at  the 
same  time  be  safe  to  fly.  Second  die  airidane  must 
have  engiiie  out  performance  etpial  to  conventional 
jet  aircndt,  that  is,  be  able  to  ccmtinue  a  STOL 
take-off  or  landing  with  an  average  milit^  crew 
with  an  migine  out  Aiidthiidly,asiiiBntiaried 
earlier,  it  must  be  a  configuration  with  a  low  cost 
of  ownership. 


Low  cost  of  ownership  included  both  low  unit  fly¬ 
away  cost  as  well  as  low  maintenance  costs.  A 
great  deal  of  thought  went  into  selecting  the 
materials  and  processes  used  in  producing  the  YC- 
14.  Parts  and  pieces  were  configured  to  lower  the 
manufacturing  costs.  For  example  the  wing 
structure  had  a  main  spar  that  was  straight  and 
continuous  fitHn  tip-to-tip.  The  wing  center 
section  was  constant  chord  to  allow  this  use  of 
constant  airfoil  sections.  The  same  thing  was  done 
for  the  vertical  tail,  which  was  designed  with  a 
constraint  chord  fin.  The  body  structure  was 
composed  of  simple  structural  elements. 

At  the  time  of  the  AMST  competidon  there  were 
two  serious  powered  lift  concepts  considered  for 
the  design.  The  engine  blown  flap  (EBF)  and  the 
upper  su^ace  blown  (USB)  flap.  As  you  can 
imagine,  there  were  many  design  issues  to  be 
considered  in  selecting  an  approach,  and  as  you 
might  also  expect  there  was  no  clear  cut  winiwr. 
Douglas,  after  what  must  have  been  serious 
consideradons,  selected  the  EBF  concept  with  four 
JT8D  engines  for  the  YC-IS.  Boeing  on  the  other 
hand  placed  its  bet  on  the  USB  concept,  with  two 
CF6  engines,  for  the  YC-14.  The  USB 
configuration  allowed  the  engines  to  be  placed 
close  together  over  the  wing  minimizing  both  the 
tolling  moment  and  yawing  moment  associated 
with  an  engine  out  The  coanda  effect,  the  design 
feature  behmd  the  USB  flap,  was  shown  by  both 
NASA  Langley  tests  and  tests  at  Boeing,  to 
effecdvely  turn  the  flow  through  as  much  as 
widi  less  than  10%  thrust  loss.  Another  design 
feature  following  from  an  over-the-wing  design 
was  the  lessening  of  the  concern  over  foeign 
object  damage  when  operating  on  the  un-improved 
runways  requited  by  the  design  requirements.  The 
thrust  teverser  was  designed  to  deflect  all  the 
thrust"  not  just  the  primary  flow-  forward  aiwi 
upward.  This  allowed  the  teversers  to  op^te 
effecdvely  down  to  zero  forward  speed  without 
any  concern  of  re-ingesdng  the  hot  gases  in  the 
inlet,  and  at  the  same  time  im^ved  the  braking 
force  associated  with  the  landing  gear. 

From  the  laws  of  physics,  a  2000  foot  landing 
distance  equates  to  an  approach  speed  of 
somewhere  between  80  and  90  knots.  For 
ctmvendonal  aircraft  (non-powered  lift)W/qS  is 
defined  as  Cl,  but  for  a  powered  or  propulsive  lift 
airplane  a  more  suitable  luune  is  lanctog  lift 
efficiency.  Because  of  the  timist  dependent  lift 
vector,  W/qS  can  be  quite  a  bit  larger  than  the 
aerodynamic  Cl-  In  the  case  of  the  YC-14  with  an 
engine  out,  W/qS  is  just  about  twice  as  large  as  a 


conventional  jet  such  as  me  727  (Figure  3.)  With 
all  engines  operating  (neglecting  the  effects  of  a 
failed  engine)  the  YC-14  can  approach  at  65  knots 
and  land  in  about  1  ISO  ft. 

The  design  of  the  USB  high  lift  system 
inccHporating  the  USB  flap  was  instrumental  in 
achieving  a  W/qS  of  almost  4,  with  an  rngine  out 

The  high  lift  system  was  made  up  of  a  number  of 
complimentary  elements  (Figure  4).  It  had  full 
span  (8  segments)  two-position  variable  camber 
lOoger  leading  edge  flaps,  full  span  leading  edge 
blowing,  using  8*^  and  14*^  stage  engine  bleed  air, 
and  double  slotmd  center  and  outbound  flaps.  The 
two  position  double  slotted  flaps  behind  the  engine 
were  sealed  with  the  engines  operating  and  c^n 
behind  a  dead  engine.  Vortex  generators,  or 
turning  vanes  on  the  wing  behind  the  engine,  were 
used  to  assist  in  spreading  the  flow  outboard.  An 
USB/nozzle  door  on  the  outboard  size  of  the 
nozzle  exit  also  assisted  in  spreading  the  flow 
outboard . 

The  entire  high  lift  system  was  designed  to 
continue  a  STOL  tak^ff  or  landing  with  a  critical 
engjne  imperative.  The  leading  edge  Kruger  fUq> 
was  designed  with  a  tapered  pl^  form  and  a 
spanwise  change  in  camber  from  root  to  tip.  It 
represented  a  very  unique  solution  of  a  difficult 
design  problem.  The  leading  edge  Boundary 
Layer  Urntrol  (BLQ  System  (Figure  5)  was 
designed  to  supply  engine  ble^  air  to  the  entire 
wing  from  whichever  engine  was  functiotung  and 
to  accomplish  this  with  a  pnuematic  design,  no 
electrical  or  mechanical  switching. 

The  aerodynamics  of  the  leading  edge  blowing 
system  was  a  unique  design  cb^lenge.  The  wind 
tunnel  testing  of  BLC  was  accomplished  with  the 
blowing  orifice  as  a  slot,  producing  a  continuous 
jet  across  the  span.  In  addition  the  mass  flow 
across  the  wing  was  distributed  in  prtqrortion  to 
the  local  wing  chord  to  approximate  an  unifonn 
blowing  coefficient  along  the  wing  span.  The  slot 
blowing  design  was  considered  impractical  for  the 
full  scale  airplane.  A  design  using  small  holes  was 
developed.  The  design  of  the  leading  edge 
blowing  nozzle  and  plenum  system  is  shown  in 
Figure  6.  With  a  series  of  tests  of  both  the  slot 
nozzle  at  model  scale  and  drilled  holes  nozzles  at 
frill  scale  it  was  pc^sible  to  correlate  the 
aerodynamic  efficiency  at  model  scale  with  the  full 
scale  performance  of  Ae  airplane. 

The  leading  edge  BLC  system  was  itself  a  coanda 
surface  device.  The  smaU  drilled  holes  cretued 


small  jets  of  air,  which  after  impinging  on  the 
coanda  surface  spread  out  and  merged  into  an 
effective  sheet  of  air,  simulating  the  slot  nozsde,  as 
it  was  turned  by  the  coanda  surface.  The  spanwise 
mass  flow  was  varied  by  changing  the  size  of  the 
drilled  holes  and  the  hole  spacing  in  each  plenum. 
The  hole  spacing  was  selected  so  that  if  a  hole 
were  to  plug  up  the  two  adjacent  holes  would 
spread  toge^er  to  create  a  thinner,  but  still  a 
continuous  jet.  The  system  in  flight  worked 
flawlessly.  If  either  engine  failed  the  system 
continued  to  function  without  interruption. 

The  uni^wered  outboard  flaps  (Fig.  4)  were  of 
conventional  design  and  were  support^  by  an 
external  hinge  point  to  avoid  the  mechanical 
complexities  and  maintenance  issues  of  alternative 
appn^hes.  The  USB  flap  had  to  be  sealed  to 
function  in  the  propulsive  lift  mode.  With  an 
engine  out  both  the  lift  and  drag  penalties  of  such  a 
configuration  were  too  severe  to  be  acceptable.  A 
mechanism,  triggered  by  a  single  actuator,  was 
designed  to  convert  the  sealed  USB  flap  with  an 
engine  qrerating  to  a  double  slotted  flap  behind  the 
dead  engine.  This  converted  the  high  lift  system 
on  the  d^  engines  wing  to  a  double  slott^  flap, 
with  leading  edge  blowing,  from  the  side  of  the 
nacelle  to  th«  ailercHi.  To  accomplish  this 
configuration  change  an  engine  out  sensor  was 
desig^ied  to  identify  which  engine  had  failed. 

With  the  decision  to  implement  such  a  sensor  came 
a  whole  new  tqrproach  to  handlin|  the  continued 
approach  or  continued  take-off  with  an  engine  out 
Model  scale  tests  demonstrated  that  the  turning  of 
the  gas  jet  by  the  coanda  effect  was  enhanced  as 
the  jet  flow  was  less  craicentrated  or  more  evenly 
distributed  over  the  coanda  surface.  In  practice, 
thinning  of  the  flow  was  enhanced  on  the  YC- 14 
with  two  design  features.  The  first  was  a  nozzle 
door  on  the  outboard  side  of  each  nacelle,  and  the 
second  was  the  addition  of  turning  vanes  on  the 
wing  just  behind  the  engine  exhaust  plane.  Both 
features  were  activated  when  the  flap  handle  was 
placed  in  a  landing  fli^  detent  With  an  engine 
failure  the  nozzle  door  on  the  dead  engine  was 
closed  and  the  turning  vanes  stowed  to  reduce  the 
(kag  on  the  dead  engine  wing. 

The  high  lift  system  was  designed  and  developed  as 
a  result  of  a  very  comprehensive  scale  model  test 
program.  A  lot  of  the  eaiiy  developmental  testing 
of  the  high  lift  system  elements  and  exhaust  nozzle 
features  were  accomplished  with  a  half  model  in  a 
9'x9'  non-return  tunnel  located  in  Seattle.  The 
cranplete  model  (at  the  same  scale,  as  the  half 
model)  was  tested  in  the  20'x20'  Vertol  tunnel  in 


Philadelphia,  PA  to  obtain  the  influence  of  the 
propulsive  lift  on  the  control  system  and  develq) 
the  engine  out  system  for  the  take-crff  and  landing 
configuration. 

The  test  program  was  an  invaluable  asset  in 
establishing  the  design  aixl  performance  of  the 
critical  engine  inoperative  conflguratuMi.  A  partial 
list  of  the  numy  design  issues  successfully  resolved 
in  the  wind  tunnel  are  listed  in  Figure  7.  The  last 
three  items  in  the  list  were  brought  about  by 
problems  uncovered  in  flight  test  and  then  wind 
tunnel  tested  to  jnovide  solutions  that  resulted  in 
substantial  reduction  in  the  hi^  speed  cruise  drag. 


STQL  PEREQRMANCfi 

The  wind  tuimel  was  the  source  of  the  W/qs/max 
data  used  in  peering  the  STOL  performance  of 
the  YC-14.  Figure  8  compares  the  wind  tunnel 
W/q^max  data  for  flaps  M  USB  5(P  (nominal 
landing  flap  configuration)  with  the  corresponding 
flight  test  data.  It  is  plotted  against  the  jet  thrust 
coefficient  of  the  live  engine.  It  is  ^propriate  to 
point  out  at  this  time  that  the  field  length 
performance  requirements  established  by  the  Air 
Force  were  all  to  be  met  with  a  critical  engiite 
inoperative.  The  performance  with  all  engine 
operations  was  especially  outstanding.  It  could 
limd  at  65  knots  in  about  1 150  ft  and  take-off  in  a 
ground  roll  of  1,1(X)  feet. 

The  requirement  to  produce  landing  performance 
with  an  engine  out  resulted  in  an  interesting 
situation  for  a  twin  engine,  powered  lift  airplane. 
With  an  engine  out  cm  one  wing,  that  wing  has 
basically  no  powered  lift  except  leading  e^e 
blowing.  The  approach  speed  was  essentially 
established  bp  the  lift  obtainable  on  die  wing  with 
die  dead  en^e.  The  key  to  the  YC-14's  success 
was  embodied  in  two  unique  design  features. 

First  the  live  engine  could  support  the  leading  edge 
boundary  layer  control  system  on  both  sides  of  the 
airplane.  Second  with  an  engine  out,  the  wing 
with  a  dead  engine  had  a  weU  design^  double 
slotted  flap  fiom  the  side  of  body  clear  out  to  die 
ailenm,  a  very  effective  high  lift  system.  This 
presented  the  configuration  with  one  more  crucial 
design  challenge,  titere  was  just  too  much  lift  on 
die  live  engine  wing  at  the  power  required  to 
maintain  the  glide  slope  on  one  engine.  In  effect 
the  powered  M  had  to  be  "killed"  as  the  engine 
power  came  up  or  the  airplane  would  roll  over  on 
Its  side.  Suffice  to  say  this  didn't  h^ipen.  It  is 
interesting  to  note  that  it  was  possible  to  build  a 
twin  engine  high  lift  system  with  a  trimmed 
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W/qs/max  M  (Figure  8)  with  one  engine 
operating.  Also  notice  how  well  the  W/qs/max 
measured  in  the  wind  tunnel  agrees  with  the  flight 
test  data.  Figure  9  displays  the  same  data  only 
now  is  terms  of  minimum  speed,  Vmin  For  a 
STOL  airplane  the  minimum  spe^  can  be  based 
oa  a  ccxitrol  limit  or  an  aetodynamu:  lift  limit  (wing 
stall).  On  the  YC- 14  it  was  a  wing  stall  that 
determined  die  minimum  speed.  The  minimum 
speeds  determined  from  flight  test  (dau  at  the 
thrust  required  for  approach  on  a  60°  gli^  slqie 
{T/W  *0.21},}  is  at  leut  as  good  at  the  wind  tunnel 
data  would  predict  for  the  same  condidon.  In 
general  the  high  lift  perfonnance  of  the  YC-14 
during  flight  test  was  always  as  good  as  predicted 
by  the  wind  tunnel  data  bare. 

The  take-<^  of  a  STOL  airplane  in  2000  ft.  is 
dependent  on  two  features,  thrust,  lots  of  it,  and 
W/qshnax  for  the  take-off  flap  ccxifiguration. 
Parametric  studies  conducted  during  the  early 
design  phase  in  the  develt^ment  of  the  YC-14 

indicated  that  a  0.25^  T/W  ^  0.30  was  required  to 
accelerate  the  airplane  to  a  reasonable  lift-off 
speed.  Built  into  this  take-off  process  was  a 

W/qs/max«*3.5.  To  put  there  numbers  in 
perspective  the  engine-out  T/W  for  the  YC-14  is 
greater  than  die  all  engine  T/W  for  a  convendtmal 
jet  transport  and  die  YC-14  W/qs/MAX  with  an 
engine  out  in  the  take  off  amfiguration  is 
substantially  greater  than  the  W/qs/max  of  a 
conventional  jet  in  the  landing  ct^guration. 

The  key  to  die  success  of  the  YC-14  twin  engine 
STOL  configuration  was  heavily  dependent  on  the 
availability  of  the  GE  CF-6  engine.  It  represented 
almost  a  p^ect  match  to  the  STOL  performance  in 
both  take-off  and  landing  as  well  as  the  cruise 
p^ormance  in  terms  of  thrust  and  fiiei  burned, 
^e  flap  configuration  for  take-off  is  rather 
unique.  The  USB  flap  behind  the  engine  was 
retracted  to  produce  the  most  horizontal  thrust  fcr 
acceloation,  and  die  outboard  double  slotted  flaps 
were  at  30°  to  produce  an  acceptable  W/qs/max  of 
3.5  with  an  engine  out 

An  important  part  of  die  YC-14  mission 
rcquiremoit  was  to  continue  either  a  STOL  landing 
or  take-off  after  the  loss  of  an  engine.  Placing  the 
engines  over  the  wing  to  utilize  die  USB  powered 
lift  concept  and  placing  the  wing  on  top  of  the 
furelage  to  minimize  the  influence  of  the  gro^ 
on  the  lifiing  system  had  the  benefit  of  allowing 
the  engines  to  placed  very  close  to  the  furelage 
thereby  minimizing  the  ttoust  induced  rolling 


moment  associated  widi  a  single  engine  operation 
in  an  approach  configuration.  Hgure  10  shows 
that  the  mcrement  in  lift  caused  by  the  loss  of  an 
engine,  which  is  responsible  for  die  engine  out 
rolling  moment,  has  an  apparent  morneru  arm 
equal  to  the  rfistanra  of  the  nacelle  fiom  the  center 
line  of  the  airplane.  This  implies  that  the  engine 
out  rolling  moment  can  be  minimized  by  pla^g 
the  nacelle  as  close  to  the  fuselage  as  possible,  a 
definite  advantage  fw  an  over  the  wing  engine 
installation  on  a  high  wing  configuration.  On  a 
take-off.  after  the  loss  of  an  engine,  control  of  the 
moments  about  tte  dimnional  axis  is  also  criticaL 
Again  moving  the  engine  as  close  to  die  fuselage 
as  possible  had  a  sigiuficant  impact  on  reducing 
the  yawing  moment  coefficient  associated  with  an 
inqierative  engine.  Figure  1 1  illustrates  that  the  4 
engine  YC-IS  with  JTiD-17  engines  had  a 
somewhat  smaller  engine  out  yawing  monent 
coefficient  with  a  cri£:ai  outboard  engine 
inoperative  to  contend  with  than  did  die  YC-14 
wiA  an  engine  inoperative.  Also  note  the 
significant  difference  between  both  the  YC-14  and 
YC-15  ctanpared  to  a  conventional  twin  engine 
737.  The  control  of  die  YC-14  engine  out  rolling 
moment  and  yawing  moment  were  a  critical  issue 
in  the  developing  the  YC-14. 

Not  only  were  the  YC-14  rolling  and  yawing 
moments  high,  but  the  speeds  at  which  they  had  to 
be  controlled  were  much  lower  than  conventional 
jet  aircraft  The  net  result  of  having  to  produce  a 
large  moment  coefficient  at  K>w  "  (|  ”  (tow  speed) 
is  the  requirement  for  large  or  multiple  control 
surfaces  (or  both)  that  move  very  n^idly  and 
through  large  an^s  to  provide  aircwt  agjli^  at 
STOL  spe^.  It  was  decided  that  double-htoged 
or  anti-balance  surfaces  offer  an  attractive 
comprcmiire  to  overly  large  simply  hinged  surface. 

A  comparison  of  the  differences  in  the  vertical  tail 
of  a  737  and  YC-14  are  shown  in  Figure  12,  A 
similar  set  of  information  comparing  the  YC-14 
hoiizmital  stabilizer  widi  that  of  the  727-l(X)  is 
shown  in  Figure  13.  It  is  quite  evident  from  a 
review  of  the  material  presented  in  Figure  12  and 
13  that  a  STOL  control  system,  as  represented  by 
the  YC-14,  is  very  different  fiorot^  for  a 
conventional  jet  transport  represented  by  the  737. 

In  order  to  achieve  a  2000  foot  landing  distance  by 
military  rules  requires  t^proach  speeds  on  die 
order  90  knots  (Figure  14).  But  that  alrnie  is 
insufficient.  A  very  effective  retarding  force  is 
also  required,  and  the  airplane  once  on  the  ground 
must  stay  there  and  not  bounce  back  into  die  air. 

In  addititm  the  pUot  must  be  able  to  control  the 
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airplans  on  the  glide  slqx  to  a  piec^  and  positive 
touchdown.  Hus  embodies  designing  a 
configuration  with  effective  thrust  leversers  on  the 
engines,  a  robust,  rugged  set  of  brakes,  a  landing 
gear  which  is  tuned  to  a  high  rate  of  descent  at 

touchdown  (»10FPS),  precise  glide  path  control, 
even  in  advose  weather  conditions,  and  a  lift 
dump  system  that  "kills"  die  lift  and  puts  the 
wei^t  of  the  aircraft  on  die  gear  at  touchdown. 
The  YC-14  desi^  addressed  each  of  these  issues 
with  a  very  positive  approach. 

The  thrust  reverser  not  osily  had  an  effective 
reverse  thrust  component  (<-40%),  it  also 
contributed  a  sizeable  downward  thrust  component 
to  ircrease  the  normal  force  on  the  gear  and 
diereby  increase  the  braking  force.  The  braking 
system  had  a  coefficient  of  braking  friction  of 

p=0.42,  and  coupled  with  an  anti-sldd  mechanism 
was  a  very  effective  at  bringing  die  airplane  to  a 
stop  on  die  ground.  The  landing  gear  was 
designed  O^gure  15)  to  routinely  land  at  a  rate  of 
sink  at  touchdown  of  6  to  10  FK.  This  coupled 
with  a  approach  spMd  of  approximately  86  knots 
aUows  Ae  YC-14  to  fly  down  a  6°  glide  slope 
(commercial  transpcHis  routinely  use  2-l/2P-3°) 
and  make  a  no  flare  or  partial  flare  landing  at 
STOL  weights  on  a  very  soft  field  without 
exceeding  the  design  rate-of  sink  at  touchdown . 

In  actual  practice,  the  airplane  hits  the  groun^  the 
gear  oominx»ses  smoothly  and  the  airplane  is  on 
the  grouiid  to  stay.  A  switch  on  the  landing  gear 
then  triggers  a  sig^  to  the  spoilers  on  both  sides 
of  the  wing,  from  just  outbot^  of  the  nacelle  to 
just  inbound  of  the  aileron,  to  come  up,  direcdy 
"dumping"  die  amodynamic  lift  on  to  the  gear  and 
maximizing  tte  leaking  effectiveness  immediately 
on  tOuChdown. 

To  make  a  precision  landing  the  airplane  must  be 
in  control  ctf  the  gUde  path  in  all  weather 
conditions.  This  is  especially  difficult  for  an 
airplane  with  propulsive  lift,  which  almost  always 
fly  on  the  "ba^  side"  of  the  polar  (Figure  16). 

Tm  YC-14  design  was  developed  to  ^ve  a 
military  pilot  the  feeling  on  the  front  side  the  polar, 
—  the  way  he  was  fundamentally  trained  .u  fly.  It 
was  fdt  that  in  an  emergency  situation  the  pilot 
could  not  be  expected  to  remember  a  unk^  set  of 
flying  qualities  associated  with  a  STOL  airplane. 
Tte  decision  was  made  eariy  in  the  progrtun  that 
thoe  should  be  no  reason  to  retrain  the  pilots.  The 
STOL  airplane  would  be  made  to  fly  like  a 
conventit^  airplane.  This  was  accomplished  by 
developing  a  computer  ctxitrolled,  triply 


redundant,  electrical  fli^t  control  system  (EFC^). 
Once  acomputcr  was  added  to  the  fUghtctxittol 
system  the  opportunities  to  exploit  it  becanre 
unlimited.  Tire  back  side  polar  problem  was 
solved  by  incorporating  a  speed  hold  module  into 
theEF(^.  The  pilot  had  a  very  simple  task  to 
master  on  ^rproach.  Use  die  stick  to  point  die 
nose  of  the  auplane  where  he  wanted  to  land. 
Everydiing  else  was  taken  care  of  for  him  by  the 
EFCS.  Servos  where  coupled  to  the  throtde  and 
the  USB  flq>.  On  approach  a  "speed  hold"  signal 
was  develoj^  and  coupled  to  a  conventional 
attitude  hold  mode.  Orice  the  target  specxl  was  set 
with  a  dial  indicator,  die  EFCS  would  modulate 
the  throttle  and  USB  flap  to  maintain  speed.  The 
attitude  hold  mode  would  keep  the  wings  level  and 
the  pilot  would  centred  the  pitch  plane  with  the 
control  wheel,  his  only  tasL  In  the  event  of  an 
engine  failure  during  tqiproach  the  pilot  continued 
to  control  the  pitch  plane.  The  engine  failure 
detection  system  coupled  into  the^CS  triggered  a 
series  of  events  which  took  pre-programmed 
measures  to  trim  out  the  airplane  abwt  all  three 
axis  leaving  die  pilot  to  continue  to  control  pitch 
plane  dyruunics  to  maintain  flying  die  6P  glj^ 
slope.  His  only  task  was  to  continue  pointing  the 
nose  of  the  plane  at  the  touchdown  point 

The  maximum  deviation  from  the  6^  glide  slc^  on 
an  engine-out  go-around  was  less  than  IS  feet  and 
less  than  5  feet  on  a  continued  approach.  An 
engine  out  landing  could  be  successfully 
acctnnplished  from  an  engine  failure  at  any 
altitude,  fri  addition,  the  thrust  reversers  alone 
would  support  landing  on  icy  runways.  A  similar 
^proech  was  develop  to  handle  an  engine  out 
(XI  take-off.  A  summary  of  S(nne  of  its  more 
significant  EFCS  mtxles  is  shown  in  Figure  17. 
Having  a  computer  in  the  ctxitrol  loop  proved  to  be 
an  in^uable  ttxd  and  in  my  pinion  it  proved 
itself  on  more  than  one  (xx»sion. 

As  you  can  see  developing  a  short  field  airplane 
around  a  high  lift  system  is  mexe  involved  dian 
just  designing  the  high  lifl  system .  Some  of  the 
elements  inv^ved  in  devebqnng  a  successful  short 
field  airplane  are  detailed  in  Hgure  18.  The 
landing  perfonrumce  of  the  YC-14,  which  had 
design!^  into  it  the  features  described  in  Hgure 
18,  is  shown  in  Hgure  19,.  It  represents  the 
statistics  (XI  the  STOL  landing  dispersion.  It 
includes  landings  with  all  engines  (^lerating  and  a 
critical  engine  inoperative.  It  represents  die  dm 
fnxn  108  landings.  The  piloting  task  was  to  hit  an 
aiming  ptnnttm  the  runway.  The  measurement  is 
the  distance,  in  feet,  between  the  pilot's  aiming 
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point  and  where  the  plane  actually  touched  down. 
The  average  of  ail  the  errors  was  under  16  feet  on 
the  long  side,  and  63%-  of  all  the  landing  were 
made  within  ±  74  feet  of  the  aim  point 

In  summary  the  YC-14  met  or  exceeded  all  its 
STOL  design  requirements.  The  low  speed 
properties  of  the  airplane  were  adequately 
pre^cted  with  data  from  low  speed  wind  tunnel 
tests.  The  ctmcept  of  operating  a  safe,  twin- 
engine,  STOL  airplane,  was  substantiated. 


HIGH  SPEED  DESIGN 

There  was  more  to  the  success  of  the  YC-14 
airplane  than  its  STOL  capabilities.  It  could  also 
fly  at  a  mach  number  of  0.68,  almost  in  keeping 
with  the  commercial  jet  fleet  of  airplanes.  This 
presented  the  design  with  another  challenge.  The 
frrst  and  most  important  was  to  "camouflage"  the 
high  lift  system  for  high  speed  cruise. 

The  upper  surface  contour  of  the  USB  flap  was 
basicity  circular.  The  most  cost  effective  design 
was  determined  to  be  achieved  with  an  external 
hinge  point  This  design  also  was  consistent  with 
using  ^e  USB  flap  as  a  control  element  on 
approach.  The  six  hinge  points  on  each  wing  were 
provided  with  fairings  which  ate  very  evident  in  a 
front  or  back  view  of  the  YC-14.  The  engine 
nozzle  was  specifically  contoured  to  achieve  a 
widely  spread  jet  a  high  jet  turning  configuration, 
but  not  an  acceptable  hi^  speed  configuration. 

In  cruise  tiiere  was  a  scrubbing  drag,  it  was 
considered  a  part  of  the  nozzle  thrust  coefficient  of 
0.97  and  accounted  for  in  all  the  pre-flight  test 
performance  estimates.  A  lot  of  effort  was 
expended  in  designing  the  nozzle  that  would  both 
enhance  the  exhaust  jet  turning  at  low  speeds  and 
have  minimum  impaa  on  cruise  performance.  The 
empirically  defined  parameters  are  shown  in 
Figure  20.  The  problem  was  that  nozzles  with 
gxd  turning  almost  always  had  unacceptable  high 
cruise  drag  and  good  cruise  nozzles 
characteristically  did  not  turn  the  flow  well  at  low 
si>eed.  Tte  net  result  is  that  a  nozzle  designed  for 
cruise  can  have  a  10%  impnovement  in  cruise  drag 

and  AMcrit-  O.OS  over  a  high  turning  nozzle 
design,  while  a  hig^  turning  nozzle  can  have  a 

maximum  lift  improvement  of  ACl=1.3  over  a 
good  cruise  nozzle.  The  variable  geometry  nozzle 
went  along  way  toward  a  compnomise  design. 
Anotiier  critiral  area  with  teq}Kt  to  cruise  ^g 
was  the  flow  between  the  nacelle,  wing  leading 
edge  and  fusela^.  It  was  a  particular  ^fficult 


flow  channel  to  configure  fm  both  acceptable  high 
lift  and  high  sp)eed  pnopierties  A  moveable  leading 
edge  device  was  fint  ^sijp^ied,  but  it  was  a 
mechanical  nightmare.  A^  extensive  wind 
tunnel  testing  a  cerntpromise  fixed  leading  edge 
was  develop^  and  wmked  successfully.  T)^ 
were  two  areas  of  concern  with  the  YC-14  high 
speed  drag  uncovered  in  flight  test  The  uphswept 
aft  body  and  the  large  gear  pxxis.  Both  had  drag 
levels  that  were  judged  to  be  unacceptably  higl.. 
The  gear  pxxis  were  necessary  because  of  the 
requirements  tm  the  dimensions  of  the  cargo 
compartment  and  the  high  wing  configuration,  left 
no  volume  in  which  to  store  the  gear,  hence  an 
external  fairing  or  gear  p)od  was  created.  Theup- 
swep>t  aft-body  was  a  by-pmxluct  of  the 
requirement  of  loading  and  unloading  rolling  stock 
thi^gh  the  aft  cargo  door. 

The  flight  test  drag  level  of  the  original 
configuration  was  12%  higher  than  exprected.  As 
later  found  out  in  the  wind  tunnel,  the  flow  around 
the  gear  tod  was  interacting  with  the  cross  flow 
over  the  aft  fuselage  and  the  flow  over  the  upswept 
aft  body  was  badly  separated.  The  solution, 
identified  and  solved  in  the  wind  tunnel,  was 
composed  of  two  parts.  First  the  gear  p)od  was 
redesigned  to  close  the  lines  in  two  dimensions, 
like  a  wing  shape,  rather  than  in  three  dimensions 
like  a  body  of  revolution.  Second,  strakes  were 
added  to  tte  aft  fuselage  to  assist  in  keeping  the  aft 
body  cross  flow  attached.  Before  the  flight  test 
program  ended  the  strakes  and  gear  pxxl 
impnovement  were  tested  in  fli^t  ai^  improved 
the  cruise  drag  by  5%. 

The  control  system  as  mentioned  before  had  to  be 
very  lespxrnsive  and  have  a  large  authority  to 
possess  satisfactory  handling  qualities  at  STOL 
sp)eeds.  The  YC-14  op)erated  over  a  dynamic 
pressure  range  of  almost  twice  that  cf  a 
conventionaljettranspxnt  (Figure  21).  This  leads 
to  a  situation  where  the  control  system  tuned  for 
STOL  flight  speeds  was  too  pxnMRfiil  for  cruise 
flight.  The  elevator  for  cruise  flight  was  only  1/3 
of  the  available  span.  The  high  sp>eed  tutkler  is 
(xily  two-thirds  tiie  available  span  and  pressure 
limited  to  reduce  the  tiuow. 


CONCLUSIONS 

The  YC-14  performed  well,  meeting  or  exceeding 
all  the  desig^  goals.  The  pilots  who  flew  it  wh«re 
all  impress^  by  its  flying  qualities.  The  airplane 
in  general  was  an  opierational  success,  but  the  YC- 
15  won  the  pnize. 
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BOEING  YC-14  DESIGN  REQUIREMENT  AT  LOW  COST 


•  27,0MLB  (12^7  KG)  PAYLOAD 

•  4M  NAUTICAL  MILE  (741  KM)  RADIUS 

•  2,M«FT  («99^M)  FIELD  LENGTH  CAPABILITY 

•  11.7  FT  (3J7M)  WIDE  X  IIJFT  (3.44  M)  HIGH 

X47Fr  (14J3M)  LONG  BOX  (REQUIRED) 

•  53,0MLB  (24,000  KG)  OVERLOAD  PAYLOAD  (2.25G) 

•  2600  NAUTICAL  MILE  FiaiRY  RANGE 

•  TURBO-JET  TRANSPORT  CRUISE  SPEEDS 

FIGURE  I 


USAF/Boeing  Advanced  Medium  STOL 
Transport  Prototype  -  YC-14 


WING  AREA:  .1,762  SO  FT  (163.7  SQ  M) 
CARGO  COMPARTMENT  SIZE: 

47  FT  LENGTH  (14.30MI 
11.7  FT  WIDTH  (3.5MI 
11.2  FT  HEIGHT  (MINM3.4M) 

ENGINES:  CF  4500 

48,300  -  LB  SLS  THRUST  (INSTALLED! 

4.3  BYPASS  RATIO 

1.65  FAN  PRESSURE  RATIO 


FIGURE  2 


Landing  Lift  Efficiency 


•  MAXIMUM  PAYLOADS 

•  YC-U,  STOL  LANDING 


w/s 

•»  2 
AT 

LANDING 


FIGURE  3 


YC-14HIGH  LIFT  SYSTEM 
(OUTBOARD  OF  NACELLE/USB  FLAP) 


FLEXIBLE 

PANEL 


m 


FLAP  LINKAGE 


FLAP  HINGE  SUPPORT 


SPOILER 


MAIN  FLAP 


SPOILER  ' 
ACTUATOR 


AFT  FLAP 


VARIABLE  CAMBER 
LEADING-EDGE  FLAP 


DOUBLE-SLOTTED 
EXTERNALLY  HINGED 
TRAI LING-EDGE  FLAP 


FIGURE  4 


ISSUES  RESOLVED  IN  WIND  TUNNEL 


•  INCREMENTAL  LIFT  DUE  TO  JET  EXHAUST 

•  INFLUENCE  OF  GROUND  PROXIMITY  ON  ALL  FORCE  AND 

MOMENT  COMPONENTS 

•  SOLUTION  TO  A  SIDE  FORCE  PROBLEM  ASSOCIATED  WITH  AN 

ENar,^  OUT 


•  AIRCRAFT  CONFIGURATION  FOR  OPTIMUM  CLIMB  GRADIENT 
WITH  A  CRITICAL  ENGINE  INOPERATIVE 


*  APPROACH  SPEED  AND  APPROACH  CONnGURATION  FOR  LANDING 
WITH  A  CRITICAL  ENGINE  INOPERATIVE 


•  REDESIGN  OF  GEAR  POD  IN  THE  PRESENCE  AN  UPSWEPT  AFT  BODY 


•  REDESIGN  OF  NOZZLE  DOOR  ACTUATOR  FAIRING 

•  DESIGN  OF  AFT  BODY  STRAKES 

FIGURE  7 


YC.14 

SINGLE  ENGINE  OUT  MAXIMUM  LIFT 
FLIGHT  TEST  DATA 
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rolling  moment  coefficient  ~ 


YC-14 

SINGLE  ENGINE  OUT  MINIMUM  SPEEDS 
FLIGHT  TEST  DATA 
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Engine-Out  Rolling  Moment 


A  Cl  --  LIFT  LOSS  DUE  TO  ENGINE-OUT 


figure  9 


FIGURE  10 
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Engine  Out  Control 


YC.14 

VERTICAL  STABILIZER  FEATURES 


TYPICAL  SECTION 
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FIGURE  12 


YC.14 

HORIZONTAL  STABILIZER  FEATURES 


HIGH  SPEED  CONTROL 
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FIGURE  13 


LANDING  COMPARISONS 


-  3"  GLIDE 
SLOPE 

R/S  1^3  FT/SEC 


oo^ 

ill  3 


_ BEST  OF  CURRENT 

JET  TRANSPORTS 

6”  GLIDE  SLOPE 

AUTOMATIC  GROUND  SPOILERS 
R/S  @  TOUCHDOWN  «  10  FT/SEC 
EFFECTIVE  THRUST  RSVSRJERS 


YC-14 


J  90  lOD  no  150  l! 

TOUCHDOWN  SPEED  ~KEAS 


FIGURE  14 
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Long  Stroke  Landing  Gear 


FIGURE  15 
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YC-14 

GLIDE  PATH  CONTROL 


ALL  ENGINES 
OPERATING 


AV 
KNOTS 


FIGURE  16 


ADVANCED  ELECTRICAL  FLIGHT  CONTROL  SYSTEM 


•  SPEED  HOLD  MODE  FOR  APPROACH  AND  LANDING 
.  LOAD  LIMITER  FOR  USB  FLAP 

•  PROGRAM  THE  CONTROL  SYSTEM  WITH  SPEED 

•  FULL-TIME  ENGINE  FAILURE  DETECTION  SYSTEM 

•  AFTER  AN  ENGINE  FAILURE 

•  ADVANCES  THROTTLE  ON  LIVE  ENGINE 

•  MATCHES  USB  FLAP  TO  OUTBOARD  FLAP  ON  DEAD  ENGINE  SIDE 

•  RE-TRIMS  LIFT  SYSTEM  ON  LIVE  ENGINE  SIDE 

•  RE-TRIMS  PITCH  PLANE 


FIGURE  17 


JO- 16 

DESIGN  FEATURES  OF  A  SUCCESSFUL 
STOL  CONFIGURATION 


•  SIMPIJE  TO  NO  SPECIAL  PILOT  TRAINING 

•  EFFECTIVE  HIGH  LIFT  SYSTEM  VAPP  90  KNOTS 

•  WELL  DESIGNED  GEAR  ~  ALLOW  HIGH  R/S  AT  TOUCHDOWN 
.  EFFECTIVE  THRUST  REVERSER 

•  EFFECTIVE  GROUND  SPOILERS 

•  ELECTRICAL  FLIGHT  CONTROL  SYSTEM 

f 

FIGURE  18  I 


YC-14 

STOL  LANDING  DISPERSION 


nGURE  19 
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mCH-UFT  DESIGN  FOR  LARGE  CIVIL  AIRCRAFT 


A.  Fiaig,  R.  Hilbig 
AERODYNAMICS  DEPARTMENT 
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SUMMARY 

A  general  reflection  of  the  high-lift  system  design  process  is 
given  in  the  first  part  of  the  presentation.  First  the  objectives 
and  constraints  are  reflected  which  drive  the  high-lift  design 
for  civil  transport  aircraft.  Further  information  is  given  on  the 
applied  theoretical  methods  and  the  Deutsche  Airbus  wind- 
tunnel  strategy. 

An  example  of  the  high-lift  system  design  process  is  given  in 
the  second  part  of  the  presentation.  This  deals  with  the 
conversion  of  a  single-slotted  Fowler  flap  to  a  part  span  double- 
slotted  flap,  ahigh-lift  system  which  was  developed  by  Deutsche 
Airbus  for  the  A321 . 

UST  OF  SYMBOLS 

Cl  lift  coefficient 

CL,..  maximum  lift  coefficient 

Cd  drag  coefficient 

L/D  lift  to  drag  ratio 

a  angle  of  attack 

cu^i.  maximinn  ground  rotation  angle 

Vlof  lift-off  speed 

Wsmia  minimum  dynamic  stall  speed 

Vsig  steady  flight  (1  g)  stall  speed 

ASA  all  speed  aileron 

TPS  turbine  power  simulator 

FAR  Federal  Aviation  Requirements 


The  primary  consideration  in  the  design  of  high-lift  systems  is 
die  achievement  of  the  required  airfield  performance,  which 
generally  implies  high  maximum  lift  capabilities  for  landing 
and  even  high  lift  to  drag  ratios  for  take-c  if  combined  with  the 
constraint  of  minimum  deterioration  of  the  cruise  performance. 

In  general  the  required  airfield  performance  for  civil  and 
military  transport  aircraft  is  different  due  to  their  specific 
operating  conditions.  Fig.  2.  In  comparison  to  civil  operation, 
military  tactical  operation  has  to  consider  take-off  and  landing 
on  short  and  unpaved  runways  even  in  hostile  surroundings. 
This  requires  lower  approoxh  speeds,  higher  decent  rates  and 
better  climb-out  capabilities.  Therefore,  military  transports 
require  significantly  higher  maximum  lift  capabilities  (which 
may  be  achievable  only  with  powered  high-lift  systems)  and 
also  higher  thrust  to  weight  ratios  than  typical  for  civil  transport 
aircraft. 


1.  INTRODUCTION 

Within  the  European  AIRBUS  consortium,  Deutsche  Airbus 
(DA)  is  jointly  responsible  for  the  low  speed  aerodynamics  of 
the  AIRBUS  types  and  variants.  Fig.  1 . 
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Figure  1 .  Airbus  Product  Line 


Figure  2.  Airfield  Performance 


However,  the  high-Uft  design  for  civil  transport  aircraft  is  no 
less  complicated,  because  safety  and  economic  considerations 
play  an  more  important  role  and  encourage  the  designer  to 
achieve  the  required  maximum  lift  and  climb-out  capability 
with  a  high-lift  system  of  minimum  complexity  (‘design  to 
cost’)  and  maximum  reliability. 

A  general  reflection  on  the  high-lift  system  design  process  for 
civil  transport  aircraft  will  be  given  within  this  paper.  First,  the 
major  design  objectives  and  constraints  will  be  reviewed. 
Next,  the  DA  wind-tunnel  and  model  strategy  will  be  explained. 
Some  comments  will  also  be  given  on  the  applied  theoretical 
methods. 

In  the  second  part  of  the  paper  an  example  for  the  high-lift 
design  is  given.  This  deals  with  the  conversion  of  the  A320 
single-slotted  fowler  flap  system  to  a  double-slotted  flrqi  syston, 
which  was  necessary  to  satisfy  the  increased  requirements  for 
airfield  performance  of  the  A32t ,  the  stretched  version  of  the 
A320. 


The  DA  aerodynamics  worksharing  part  covers  the  whole 
spectrum  ofhigh-lift  system  development,  beginning  with  aero 
performance  predictions  for  new  projects,  design  and 
optimization  ofhigh-lift  devices  and  preparation  and  analysis 
of  wind-tunnel  tests. 


2.  GENERAL  DESIGN  ASPECTS 
The  mission  of  a  civil  aircraft  is  to  transport  a  given  payload 
over  a  specific  range  with  maximum  efficiency.  The  efficiency 
can  be  quantified  as  direct  operating  costs  (DOC),  which 
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incoiporate  costs  for  (iiel,  airframe,  crew,  maintenance,  taxes, 
etc.  Minimizing  the  DOC  is  the  main  aim  in  civil  transport 
aircraft  layout  Due  to  the  complex  relations  between  the 
aircraft  configuration  and  the  DOC  parameters,  trade-off  studies 
have  to  be  done  to  determine  the  optimum  combination  of  wing 
planform,  weight  and  thrust  for  a  specific  aircraft  project 

The  choice  of  specific  cruise  capabilities,  such  as  speed,  range, 
initial  altitude,  climb  capabilities  and  buffet  boundaries  defines 
the  targets  for  the  aerodynamic  design.  With  consideration  of 
ftie  advanced  available  technology  in  aerodynamics  and 
structures,  the  primary  wing  design  parameters,  suca  as  loading, 
span,  sweep,  aspect  ratio,  twist  and  thickness  have  to  be 
optimized. 

Some  of  these  primary  wing  design  parameters  strongly 
influence  the  efficiency  of  the  high-lift  system  and  have  to  be 
taken  into  consideration  in  the  trade-off  optimization  process. 

A  high  wing  loading,  for  example,  increases  the  necessary 
maximum  lift  capability  to  satisfy  the  required  airfreld 
performance.  This  will  increase  the  high-lift  system  complexity 
and  hence  the  weight  and  costs.  Increasing  the  wing  aspect 
ratio  is  beneficial  for  the  high-lift  efficiency,  while  increasing 
the  wing-sweep  is  disadvantageous. 

Another  important  parameter  in  aircraft  sizing  is  the  thrust  to 
weight  ratio.  For  civil  transport  aircraft  the  required  thrust  is 
usually  determined  by  take-off  field  length  considerations. 

Due  to  the  interrelations  between  wing  planform  and  high-lift 
system  efficiency,  the  final  design  is  generally  a  compromise 
between  optimum  cruise  efficiency  and  acceptable  airfield 
performance.  This  optimum  is  usually  found  in  an  iterative 
design  process. 


3.  OBJECTIVES  AND  CONSTRAINTS  OF 
mCH-LIFT  DESIGN 

The  general  objective  in  high-lift  system  design  is  to  match  the 
airfield  performance  requirements  in  terms  of  approach  speed, 
take-off  field  length  and  climb  rate. 


Furthermore  the  design  has  to  guarantee  maximum  flight  safety 
which  means  good  handling  qualities,  moderate  approach  speeds 
and  ‘normal’,  controllable  stall  characteristics. 

Having  selected  the  primary  aircraft  design  parameters,  e.g. 
wing  loading,  the  required  aerodynamic  performances  of  the 
high-lift  system  can  be  derived  from  airfield  performance 
investigations  forthemost  critical  conditions.  The  investigations 
include  take-off  field  length  and  landing  distance  calculation, 
in  accordance  to  the  operating  rules  specified  in  FAR  25  for 
civil  transport  aircraft. 


3.1  Airfield  Performance  Requirements 

When  discussing  the  airfield  performance  requirements,  a 
separate  view  of  the  take-off  and  landing  situation  is  ^propriate, 
because  the  requirements  on  the  aerodynamic  qualities  of  the 
high-lift  system  are  different. 


3.1.1  Take-Off 

In  general  the  take-off  performance  is  characterized  by  the 
field  length,  which  is  a  function  of  the  wing  loading,  the  thrust 
loading  and  the  aerodynamic  efficiency  of  the  high-lift  system. 
The  interrelations  between  these  parameters  can  be  highlighted 
when  reflecting  the  general  take-off  procedure  with 
consideration  of  the  specific  FAR  requirements  for  civil 
transport  aircraft. 

As  illustrated  in  Fig.  3,  the  take-off  field  length  is  defined  as 
the  total  of  ground  roll  distance  which  is  required  to  accelerate 
from  the  resting  position  to  the  lift-off  speed  Vlof,  plus  an 
airborne  distance  to  overfly  an  obstacle  height  of  35ft. 

According  to  the  FAR,  Vlof  1>3S  to  be  1 . 1  times  the  minimum 
‘unstick’  speed  V^l;,  which  is  defined  as  the  minimum  speed 
at  which  the  aircraft  can  safely  take-o.T  with  one  engine 
inoperative.  V  is  not  only  a  fimction  o  f  the  aircraft  maximum 
lift  capability,  because  tail  interferences  with  the  ground  can 
limit  the  usable  angle  of  rotation  which  reduces  the  usable  lift 
coefficient.  Therefore,  if  V^u  is  increased,  the  required  ground 
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Figure  3.  Take-Off  Procedure 
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roll  distance  inevitably  will  be  increased,  too.  Especially  for 
aircraft  versions  with  stretched  tear  fuselage  this  V limitation 
can  be  of  particular  significance  for  the  hi^-lift  design.  In  that 
case  the  maximum  usable  angle  of  attack  (not  the  maximum 
achievable  lift  coefficient)  will  be  the  dominant  parameter 
which  limits  the  usable  lift  of  the  take-off  configuration. 

After  lift-off,  the  next  qieed  of  interest  is  the  take-off  climb 
^leed  V2,  which  must  be  achieved  when  the  aircraft  reaches 
3Sft  height  above  the  ground.  V2  must  be  greater  than  1 .2  times 
the  minimum  dynamic  stall  speed  greater  than  1.1 

times  the  minimum  control  speed  V^c.  Vsmin  is  usually  0.94 
times  the  stall  speed  in  a  Ig  steady  flight,  a  flight  condition 
which  is  comparable  to  wind  tunnel  conditions  and  therefore 
related  to  CL^,.  Hence,  V2  must  be  greater  than  1.13  times 
Vsig,  or  in  terms  of  lift  coefficients;  CLv2  below 

CL„^/1.132 

After  take-off,  the  second  segment  climb  begins  when  the 
undercarriage  is  retracted.  According  to  the  FAR,  the  minimum 
second  segment  climb-rate  with  one  engine  inoperative  must 
be  greater  than  2.4%  for  aircraft  with  two  engines  (3.0%  for 
aircraft  with  four  engines)  and  the  minimum  speed  must  be  V2. 

Approximately  the  climb  rate  is  a  function  of  the  thrust  to 
weight  and  the  lift  to  drag  (L/D)  ratios  as  defined  by  the 
following  equation: 

CR  =  (  HiQg  -L  \ 

\  Weight  L/D  / 

This  means,  for  a  given  thrust  to  weight  ratio,  the  climb  rate  is 
directly  related  to  the  L/D. 

A  typical  envelope  of  L/D  versus  CL  is  shown  in  the  small 
diagram  within  Fig.  3.  The  steps  in  the  envelope  separate  the 
diflerent  take-off  configurations.  The  right  end  of  each  envelope 
segment  indicates  the  maximum  usable  lift  coefficient  for 
second  segment  climb  of  the  specific  configuration  (usually 
CL„a,/1.132). 

It  is  obvious,  that  a  higher  lift  coefficient,  as  achievable  with  a 
higher  flap  setting  for  example,  decreases  the  L/D  and 
consequently  climb  rate,  while  the  ground-roll  distance  is 
reduced. 

Therefore  the  aerodynamic  optimization  of  the  take-off 
configuration  is  aimed  at  finding  the  best  compromise  between 
lift  capability  and  L/D  efficiency  to  satisfy  the  requirements 
for  both  ftie  take-off  field  length  and  the  climb  rate. 

3.1.2  Landing 

The  final  approach  of  civil  transport  aircraft  is  performed  on  a 
glide  slope  of  3  deg.  The  typical  approach  speeds  of  major  jet 
powered  aircraft  lie  between  130kts  and  ISOkts.  Due  to  the 
evident  correlation  between  approach  ^>eed  and  accident  rate, 
die  landing  pofonnance  design  is  mainly  concerned  with 
achieving  moderate  approach  speeds  within  the  aforonentioned 
range.  In  order  to  provide  some  future  stretching  potential,  the 
design  ^proach  speed  for  a  new  project  is  noimally  more 
orientated  towards  the  lower  value. 

The  FAR  requires  that  the  approach  speed  has  to  be  1 .3  times 
higher  than  foe  minimum  dynamic  stall  speed  Vsmin,  which 
has  been  previously  defined  as  0.94  Vgig.  This  Ig  stall  speed 
and  foe  design  wing  loading  for  landing  determine  foe  maximum 
li  ft  coefficient  which  has  to  be  achieved  by  foe  high-lift  system. 


Another  aspect  of  flight  safety  during  aj^roacb  is  foe  pilot’s 
ground  visibiUty,  which  is  dependent  on  the  pitch  attitude  of 
the  fuselage  and  consequently  angle  of  attack.  Especially  when 
deigning  a  high-lift  system  with  slat  or  Krueger  flap,  care 
must  be  taken  that  their  effect  of  increasing  the  usable  angle  of 
attack  is  not  compromising  the  ground  visibility.  In  this  case 
efficiency  of  foe  trailing  edge  flap  must  be  improved  to  achieve 
foe  required  approach  lift  coefficient  at  reduced  angle  of  attack . 

Furthermore,  the  adverse  effects  of  landing  configuration  L/D 
on  the  go-around  climb  capability  and  foe  approach  engine 
rating  has  to  be  considered.  A  lower  approach  L/D,  for  example, 
has  to  be  compensated  by  higher  engine  thrust  rating,  which 
typically  causes  better  engine  response  characteristics  for  flight 
path  corrections  or  transition  fi'om  approach  to  go-around 
condition.  This  item  can  be  a  partial  problem  for  aircraft  with 
single-slotted  flap  high-Uft  devices,  because  their  typical 
approach  L/D  may  be  ‘too  good’.  On  the  other  hand,  a  lower 
L/D  degrades  foe  go-around  climb  rate,  which  must  be  greater 
than  3.2%  with  all  engines  operative.  Therefore  the  limitation 
of  the  landing  weight  is  the  usual  way  to  provide  the  required 
climb  capability. 

In  principle,  foe  required  maximum  lift  capability  for  the 
landing  configuration  determines  foe  complexity  of  foe  high- 
lift  system,  in  particular  the  number  of  slots  (or  elements)  of 
the  trailing  edge  devices.  The  degrading  effect  of  wing  sweep 
on  foe  maximum  lift  efficiency  necessitates  an  increase  in  the 
complexity  of  the  high-lift  system. 

The  general  trend  of  maximum  lift  efficiency  versus  system 
complexity  is  illustrated  in  Fig.  4. 


Figure  4.  Lift  efficiency  versus  high-lift  system  complexity 

Firstly  an  example  is  given  of  some  transport  aircraft 
demonstrating  the  limits  of  conventional  unpowered  high-lift 
devices,  and  secondly  of  some  experimental  aircraft 
demonstrating  foe  efficiency  of  powered  high-lift  devices.  It  is 
obvious,  that  foe  maximum  lift  limit  for  unpowered  high-lift 
systems  (on  a  aircraft  with  typical  25deg  wing  sweep)  is  in  foe 
order  of  3,  i^le  powered  high-lift  systems  with  additional 
active  boundary  layer  control  may  achieve  maximum  lift 
ccefficients  up  to  7. 


3.2  High-Lift  Design  Constraints 
The  cruise  wing  design  determines  a  lot  of  important  design 
pvameters  for  foe  high-lift  devices,  such  as  chord  and  thickness 
distribution,  a^iect  ratio,  traiiing-edge  kink  location,  etc.  Only 
foe  type  of  foe  high-lift  devices,  the  sluqie,  foe  spanwise 
extension  and  foe  settings  can  be  chosen  by  foe  high-lift 
designer,  but  with  consideration  of  some  constraints,  which 
will  be  discussed  next 
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3.3.1  General  Constraints 

Usually  the  chordwise  enension  of  the  tugb-lift  devices  is 
limited  by  the  location  of  the  front-spar  and  rear-spar 
respectively,  which  can  not  be  changed  due  to  considerations 
of  wing  stiffiiess  (twist,  bending)  and  internal  fuel  volume. 
Fig.  5. 
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Figure  5.  General  Constraints  on  High-Lift  Design 

Especially  the  required  fuel  capacity  for  a  long-range  aircraft 
can  be  of  particular  significance  in  the  wing  sizing.  Moreover, 
the  inner  wing  flap  chord  of  a  typical  low  set  wing  aircraft  is 
limited  by  the  required  storage  space  for  the  retracted  main 
undercarriage. 

After  the  chordwise  extension  of  the  leading  edge  and  trailing 
edge  devices  has  been  ftxed,  the  next  design  item  is  the 
optimization  of  their  shapes. 

The  typical  leading  edge  devices  of  today’s  transpon  aircraft 
are  slats  and  Krueger  flaps.  In  the  case  of  a  slat,  the  profile  of 
upper  and  lower  surface  is  defined  by  the  cruise  wing  nose 
shape.  Therefore  only  the  shape  of  the  slat  inner  side  and  the 
nose  of  the  fixed-wing  can  be  optimized. 

A  Krueger  flap  with  a  folded  nose  or  flexible  shape,  as  an 
example,  generally  offers  greater  design  freedom  to  achieve  an 
ideal  upper  surface  shape,  and  thus  gains  a  tittle  in  L/D  and 
CLmaX'  BttC  trade-off  studies  carried  out  in  the  past  for  A320 
and  A340  have  shown,  that  this  advantage  for  the  Krueger  flap 
is  compromised  by  a  more  complex  and  heavier  support 
structure  than  required  for  a  slat. 

For  future  projects  the  trend  of  preferring  slats  instead  of 
Krueger  flaps  may  change,  because  the  envisaged  wings  with 
laminar  flow  technology  can  not  be  realized  with  any  small 
step  and  gap  on  the  upper  surface,  as  ate  usually  present  behind 
the  trailing  edge  of  a  retracted  slat.  For  this  reason,  Krueger 
flaps  will  offer  some  advantages,  because  they  are  typically 
retracted  in  a  storage  bay  on  the  lower  side,  which  is  a  less 
sensitive  region  of  the  wing. 

The  crucial  point  in  the  chordwise  layout  of  die  trailing-edge 
devices  is  their  relative  thickness,  which  is  dictated  by  the  rear 
shape  of  the  cruise  wing. 

The  typical  state-of-the-art  cruise  wing  airfoils,  such  as 
represented  on  the  Airbus  A340/A330,  ate  characterized  by  a 
relative  thin  rear-end  shape.  The  resulting  small  flap  thickness 
causes  some  problems  for  the  flap  design.  It  is  obvious,  fliat  the 
smaller  stiffiiess  of  a  relatively  thin  flap  has  to  be  compensated 
by  heavier  structure  and  possibly  more  spanwise  siqrport 
stations,  which  both  increase  weight  and  costs. 

Moreover  the  realization  of  a  multi-element  flap  can  fail  if  the 
thickness  of  the  single  elements  is  insufficient  for  production. 


Also  influenced  by  die  relative  fliq>  diudmess  is  ttie  aerodyruBUH; 
efficiency.  Usually  the  flap  efficimicy  is  limited  by  the  onset  of 
flow  separation  on  the  upper  surface.  Therefore  the  main 
objective  in  flap  shape  design  is  to  increase  the  angle  of  flap 
deflection  at  which  flow  separation  occurs.  This  is  usually 
done  by  controlling  the  pr^ure  peak  at  the  nose  and  the 
following  pressure  gradients  by  the  adequate  shtqie  design.  It  is 
apparent  that  a  thin  flap  offers  less  possibilities  to  modify  the 
shape  and  tberdry  the  pressure  distribution  in  the  intended 
manner.  Unfortunately  this  can  cause  some  loss  in  efTicimcy. 


3.2  J  Constraints  in  Kinematic  Design 
We  at  Airbus  prefer  slats  as  leading-edge  devices  instead  of 
Krueger  flaps  due  to  their  modest  support  complexity.  In  a 
typical  design,  e.g.  as  represented  on  A320  and  A340,  the  slats 
are  supported  by  circular  tracks,  which  are  directly  actuated  by 
rotary  drives.  Fig.  6. 


Figure  6.  Support  of  High-Lift  Devices 


Usually  the  radius  of  each  slat  track  is  different  in  spanwise 
direction  due  to  wing  taper.  However,  with  small  spanwise 
changes  of  the  slat  setting  and  some  variation  of  the  track’s 
vertical  attachment  to  the  front-spar,  the  radius  of  several 
tracks  can  be  made  identical,  which  simplifies  manufacturing 
and  saves  cost 

It  is  apparent  that  both  the  aerodynamic  efficiency  of  the 
trailing-edge  devices  as  well  as  the  complexity  of  the  siqiport 
system  depend  on  the  number  of  flap  elements  employed  and 
on  the  type  of  the  flap  support  itself. 

The  structure  of  a  track  type  flap  support  system,  as  an  example, 
is  generally  more  complex  than  that  of  a  dropped-hinge  or  a 
linkage  support  system. 

But  typically,  the  track  type  kinematics  offer  more  design 
fi'eedom  to  realize  the  optimum  relation  between  fkq>  Fowler 
movement  and  flap  deflection  for  both  take-off  and  landing 
configurations.  This  is  the  reason  why  track  type  flap  support 
systems  are  inevitable  for  the  utilization  of  trailing  edge  flaps 
for  ‘variable  camber  technology’,  which  may  be  envisaged  for 
cruise  performance  optifflization  of  future  projects  such  as 
FLA  or  Airbus  Ultra-High-Capacity-Airwaft, 

However,  a  good  compromise  between  aerodynamic  efficiency 
and  total  system  complexity  can  be  achieved  -  in  our  view-  by 
a  flap  system  with  minimum  dements  combined  with  a  support 
system  of  higher  complexity.  This  was  demonstrated  by  the 
advanced  high-lift  systems  of  the  A320  and  A340,  wboe 
typical  airfield  performance  requirements  on  today’s  short  and 
even  long-range  aircraft  are  satisfied  by  a  track  supported 
single-slotted  fowler  flq>  system. 
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4.  HlGH-UFr  SYSTEM  DESIGN 
The  task  of  the  high-lift  system  designer  is  to  achieve  the 
aerodynamic  targets  by  choosing  the  type  of  the  high-lift 
device,  defining  its  shape  and  spanwise  extension,  and 
optimizing  its  settings. 

In  general,  the  lift  characteristics  of  a  two-dimensional  wing 
section  depend  on  its  effective  camber  and  on  the  boundary 
layer  control.  The  camber  is  increased  by  deflection  of  a 
trailing  edge  flap,  and  the  attachment  of  the  boundary  layer  on 
the  flap  is  controlled  by  the  setting  and  shape  of  the  flap. 

In  addition  the  onset  of  boundary  layer  separation  on  the  main 
profile  is  delayed  with  a  leading-edge  flap,  such  as  Krueger  or 
slat,  which  increases  the  usable  angle  of  attack  and  subsequoitly 
the  maximum  lift  capability. 

When  applying  the  two-dimensional  design  to  a  defmite  wing, 
the  lift  efficiency  is  principally  decreased  by  three-dimensional 
flow  effects  due  to  finite  span,  sweep,  nacelle  interaction, 
spanwise  limitation  and  cut-outs  of  the  high-lift  devices. 

The  optimization  of  the  three-dimensional  high-lift  design  is 
mainly  aimed  at  minimizing  these  effects. 


4.1  Theoretical  Methods 

Although  the  application  of  advanced  theoretical  methods  tends 
to  play  an  even  more  important  role  in  the  aerodynamic  design 
of  aircraft,  their  use  in  the  high-lift  field  is  virtually  limited  to 
two-dimensional  problems.  Because  of  the  complex  flow  around 
a  three-dimensional  wing  in  high-lift  configurations,  the 
necessity  of  wind-timnel  testing  for  configuration  optimization 
and  especially  for  stall  investigation  is  unquestioned. 


4.1.1  T wo-dimensional  Methods 
Usually  the  optimization  of  the  two-dimensional  design  of  the 
high-lift  devices  is  iteratively  done  on  the  basis  of  calculated 
pressure  distribution.  Due  to  the  significant  effect  of  the 
boundary  layer  flow  on  the  high-lift  efficiency,  the  applied 
theoretical  methods  must  incorporate  viscous  effects. 

The  method  used  by  Deutsche  Airbus  ( 1 )  is  based  on  a  potential 
flow  theory,  which  is  combined  with  an  inverse  boundary  layer 
and  wake  flow  iteration.  This  method  incorporates  solutions 
for  the  following  typical  flow  problems  of  multi-element  high- 
lift  airfoils.  Fig.  7; 

-  transition  from  laminar  to  turbulent  boundary  layer; 

-  determination  of  flow  separation  regions,  which  can  be 
either  short  separation  bubbles  or  large  region 
separations  from  one  or  more  elements; 

-  confluence  of  wake  and  boundary  layer  flow,  even  for 
multi-element  configurations. 
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Figure  7.  Flow  on  High-Lift  Airfoil 


Uur  experience  has  shown,  that  the  evaluated  trends,  in  terms 
of  lift  efficiency,  profile  drag  and  boundary  layer  stability,  due 
to  shape  and  setting  are  represented  correctly.  Problems  occur 
only  with  the  close  coupled  arrangement  of  two  single  elonents, 
e.g.  slat  and  fixed  wing  with  small  slat  deflections,  because  the 
appUed  theory  does  not  incorporate  a  satisfactory  solution  for 
the  direct  confluence  of  two  boundary  layers.  In  general  this  is 
not  significant,  because  the  shape  optimization  is  usually  done 
for  the  landing  configuration  with  maximum  deflection  of  all 
devices. 

It  has  been  found,  that  the  optimizing  of  the  two-dimensional 
shape  at  deliberately  chosen  spanwise  sections  of  the  finite 
wing  is  sufficient  for  the  three-dimensional  shape  design  of  the 
high-lift  devices,  while  the  final  optimization  of  the  settings 
must  take  into  account  the  three-dimensional  flow. 


4.1.2  Three-dimensional  Methods 
The  available  methods  for  the  theoretical  consideration  of  the 
three-dimensional  flow  is  mainly  based  on  panel  methods, 
such  as  VSAERO,  which  is  appUed  by  Deutsche  Aiibus  in  the 
high-lift  design  procedure. 

The  general  problem  udien  applying  panel  methods  is  the 
expensive  preparation  of  the  panel  grid,  which  is  necessary  to 
represent  the  complex  geometry  of  a  wing  with  extended  high- 
lift  devices.  Therefore,  the  application  is  unpractical  within  the 
iterative  design  process,  e.g.  for  setting  optimization,  but  is 
useful  to  study  effects  on  the  spanwise  lift  distnbution  and  the 
lift  curve  slope  in  the  linear  regime. 

Although  the  panel  method  incorporates  approximate  solutions 
for  the  three-dimensional  boundary  layer  consideration  (which 
obviously  improves  the  lift  curve  slope  representation),  they 
are  insufficient  for  prediction  of  the  stall  characteristics  or  the 
total  drag,  because  significant  interactions  between  boundary 
layer  and  wake/vortex  flow  are  not  considered. 


4.2  Wind-Tunnel  Strategy 

In  spite  of  the  fact  that  any  wind  -tunnel  test  results  need  some 
interpretation  to  be  transferred  to  the  real  flight  condition, 
which  is  undoubtely  one  of  the  most  difficult  items  in  high-lift 
design,  the  most  reliable  results  can  be  generally  obtained  with 
large  scale  models  in  large  and  pressurized  high  Reynolds 
number  tunnels.  Due  to  the  expense  of  such  tests,  the  normal 
practice  is  to  cany  out  most  of  the  development  tests  in  smaller 
tunnels  at  lower  Reynolds  numbers,  and  then  use  large  tunnels 
for  verification  of  the  achieved  optimization,  or  for  the 
investigation  of  special  items. 


4.2.1  Deutsche  Airbus  Low-Speed  Wind  Tunnel 
Deutsche  Aiibus  is  in  a  position  to  cany  out  most  high-lift 
development  woik  in  its  own  low-speed  wind  tunnel  at  Bremen, 
the  test  section  of  which  measures  2. 1  m  to  2.  Im,  Fig.  8.  This  is 
a  situation  which  oHins  Deutsche  Aiibus  the  advantage  of 
mote  test  flexibility  in  the  develofment  process. 

We  mostly  use  half-models  wifli  a  span  of  approximately  1 .3m. 
In  general,  fliis  span  is  sufficimit  for  a  coirect  geom^cal 
repiesentation  of  the  three-dimensional  wing,  including  the 
high-lift  devices.  Typically,  our  half-models  are  equipped  with 
flirough-flow  nacelle,  but  turbine  powoed  simulators  (TPS), 
blown  nacdles  or  propfan  simulators  can  also  be  employed  to 
simulate  propulsion  effects.  The  availability  of  state-of-the-art 
equipment  for  surface  flow-visualization,  wake-flow 
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Figure  8.  Deutsche  Airbus  Low-Speed  Tunnel 
visualization,  wake-hequency  analysis  and  pressure  distribution 
measurements  offers  excellent  conditions  for  high-lift 
development  work. 

The  disadvarrfcrge  of  the  low  Reynolds  nurober,  which  is  in  the 
order  of  1 .3*  1 0^,  is  generally  compensated  by  verification  of 
the  evaluated  modification  trends  at  higher  Reynolds  numbers. 
This  is  usually  done  by  testmg  some  configurations  with  the 
same  half-model  in  the  ONERA  F 1  tunnel,  which  is  a  pressurized 
nirmel  allowing  Reynolds  numbers  of  6*10^.  The  practice  of 
‘back-to-back’  testing  the  same  model  in  both  tunnels  for 
several  different  projects  has  led  to  comprehensive  experience 
in  the  interpretation  of  half-model  results  obtained  at  low 
Reynolds  numbers. 


4.2.2  German-Dutch  Wind-Tunnel  (DNW) 

Another  wind-tunnel  employed  by  DA  in  the  high-lilt  design 
process  is  the  DNW  tunnel,  which  is  a  large  atmospheric  low- 
speed  tunnel,  situated  in  the  Netherlands,  with  a  test  section  of 
8m  by  6m,  Fig.  9. 


Figure  9.  German-Dutch  Wind-Tunnel 


Usually  the  tests  are  perforated  at  a  Mach  number  of  0.2, 
achieving  a  Reynolds  number  of  2.6*  1 0^.  The  span  of  typically 
employed  complete  models  is  in  the  order  of  5m.  This  size 
guarantees  a  highly  detailed  representation  of  the  aircrati 
geometry  including  undercarriage,  moveable  surfaces,  tracks 
and  fairings. 

Generally  the  model  is  supported  by  a  moveable  sting,  which  is 
connected  directly  to  the  fuselage  internal  balance.  The  six 
component  strain  gauge  balance  has  demonstrated  high 
sensitivity  and  long  time  repeatability. 

Therefore,  with  respect  to  the  excellent  flow  quality  in  terms  of 
low  turbulence,  this  tunnel  is  primarily  used  for  low-speed 
performance  investigations,  with  special  regard  to  second 
segment  climb  L/D.  Tl«se  tests  mclude  intensive  jet  interference 
investigations  by  means  of  turbine  powered  simulators  (TPS). 

Furthermore  the  DNW  nmnel  is  especially  suitable  for  ground 
effect  investigations,  even  with  jet  simulation  by  TPS,  due  to 
its  moveable  model  support  and  effective  separation  of  the 
tunnel  floor  boundary  layer,  which  additionally  is  combined 
with  a  moving  belt  ground  plane. 

The  investigation  of  wing  downwash,  tail  efficiency  and  lateral 
stabihty  completes  the  standard  test  program  which  Deutsche 
Airbus  carries  out  in  the  DNW. 


4.2.3  ONERA  FI  Tunnel 

The  effects  of  Mach  and  Reynolds  number  variation  on  L/D, 
maximum  lift  coefficient  and  stall  characteristics  are 
investigated  on  a  second  low-speed  complete  model  in  the 
French  ONF.RA  FI  tunnel.  Fig.  10.  This  tunnel  can  bt 
pressurized  up  to  4  bars.  Thereby  Reynolds  numbers  of  6*10*^ 
are  achievable  at  0.2  Mach  number  with  the  typically  employed 
models  of  3m  span. 


Figure  10.  ONERA  FI  Tuimel 

4.3  High-Lift  Design  Process 

As  outlined  in  Fig.  1 1,  the  high- lift  system  design  process  can 
be  split  in  three  successive  phases;  pre-development, 
development  and  pre-flight. 


4.3.1  Pre-Development  Phase 

The  aim  of  the  jne-development  phase  is  to  demonstrate  a 
high-lift  concept  which  achieves  the  required  airfield 
performance  of  a  new  project.  This  is  usually  done  in  an 
iterative  design  process. 
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the  development  phase  the  results  of  these  calculations  are 
directly  compared  to  the  required  airfield  performance  to 
demonstrate  the  achieved  design  progress. 

After  the  initial  design  cycle  has  led  to  a  realisable  high-lift 
concept,  the  next  step  is  to  design  in  greater  detail.  At  this 
stage,  more  use  will  be  made  of  wind-tunnel  testing,  usually 
starting  with  a  Swept-Constant-Chord-Half-model  (SCCH). 
This  model  is  useful  for  pre-optimizing  settings  and  preliminary 
check  of  the  aerodynamic  loading  on  the  high-lift  devices. 

The  next  step  is  half-model  testing  with  conect  representation 
of  the  three-dimensional  wing,  the  nacelle  and  the  wing-ftisela^ 
juncture.  The  half-model  is  {vovided  with  variable  brackets  for 
setting  optimization  and  is  also  employed  for  flow- visualization, 
preliminary  performance  testing,  pressure  distribution 
measurements  and  wake- flow  analysis. 

The  optimized  design  is  then  tested  on  a  large  scale  complete 
model  in  the  DNW  facility.  Finally,  the  results  of  the  complete 
model  tests  are  used  to  demonstrate  the  achieved  aerodynamic 
performance  of  the  pre-developed  high-lift  concept 


4.3.2  Development  Phase 

Usually  the  final  design  is  initiated  by  the  official  go-ahead  for 
a  new  project 

The  task  of  the  high-lift  designer  is  then  to  adapt  the  pre¬ 
developed  high-lift  concept  to  the  geometry  of  the  final  cruise 
wing  design,  which  has  to  be  done  in  close  cooperation  with  the 
structure  and  kinematic  designer. 

The  ftuther  development  of  the  high-lift  system  is  mainly 
driven  by  improving  the  CLmax  in  the  landing  and  the  L/D  in 
the  take-ofT  configurations.  This  is  done  by  the  iterative 
optimization  of  the  settings  and  the  geometric  details,  such  as 
sUt/pylon  juncture,  nacelle  strakes  etc.  Within  this  work,  the 
wind-tunnel  testing  is  intensified  and  executed  in  the  previously 
mentioned  sequence  ofhalf-model  and  complete  model  testing. 

The  obtained  aerodynamic  performance  in  terms  of  lift  slope, 
drag  and  CLmax  ^  scaled  to  flight  conditions  and  then 
trimmed  to  agreed  reference  conditions.  The  applied  method  as 
developed  by  Deutsche  Airbus  (2)  incorporates  trends  between 
wind-tuimel  and  flight  test,  which  have  been  derived  from 
previous  projects. 


4.3.3  Pre-Flight  Phase 

After  design  freeze  the  complete  models  are  updated  to  the 
final  aircraft  configuration  and  then  tested  in  the  DNW  tunnel 
and  ONERA  FI  tunnel,  respectively.  Both  tests  generally  deal 
with  final  performance  check-out  The  DNW  test  is  aimed 
more  towards  the  take-off  performance  with  engine  interference 
and  ground  effect  investigations,  while  the  Pi  test  is  primarily 
aimed  at  evaluating  Reynolds  number  trends  and  maximum  lift 
performance. 

The  combined  results,  obtained  from  two  difTeient  models  in 
two  excellent  wind-tunnels  and  then  scaled  to  flight  conditions 
with  the  experience  of  prior  projects,  represent  a  pre-flight  data 
base  of  high  confidence. 


4.4  Items  of  Design  Optimization 

An  essential  part  of  the  design  optimization  is  aimed  at 
minimizing  the  ftiree-dimensional  interference  effects  on  high- 
lift  performance,  which  are  usuaUy  caused  by  the  nacelle 
installation,  wing-fiiselagc  juncture,  cutouts  and  spanwise 


limitations  of  the  high-lift  devices.  Fig.  1 2. 

These  interferences  are  dominated  by  the  effects  of  wakes  and 
vortices  which  influence  wing  stalling  characteristics,  induced 
drag,  flap  vibration  and  tail  buffet.  Typically  such  wakes  and 
vortices  are  shed  from  the  edges  of  the  extended  high-lift 
devices,  their  tracks  and  the  nacelle-pylon-wing  juncture. 

Therefore,  the  efforts  in  three-dimensional  design  optimization 
firstly  are  concentrated  on  these  details  to  minimize  their 
detrimental  effects  on  the  aerodynamic  characteristics.  Secondly 
the  beneficial  effects  of  attached  vortex  flow  are  utilized  on  the 
wing  boundary  layer  and  thereby  on  the  stall  behavior,  e.g.  by 
^jplication  of  nacelle  strakes. 

This  consideration  is  of  significant  importance  since  the  close 
coupling  between  high-bypass  nacelles  and  the  wing  (e.g. 
A320  and  A340)  dominates  flie  wing  stall  and  CLmax.  Typically, 
fire  close  nacelleAving  arrangonent  requires  a  slat  cutout  at  t^ 
pylon,  which  subsequently  initiates  premature  stall  further 
downstream.  Fig.  13. 

Nacelle  shakes,  which  shed  a  vortex  at  higher  angles  of  attack, 
are  employed  to  feed  energy  into  the  boundary  layer  flow 
uiiicb  ^lays  separation  and  improves  CLmax- 
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Figure  1 J.  WakeA/ortex  -  Boundary  Layer  Interaction 


The  beneficial  effect  of  vortex  boundary  layer  interaction  can 
also  be  utilized  to  delay  flow  separation  at  the  wing  root 
trailing  edge  region  by  adequate  design  of  the  slat-end  fuselage 
juncture. 

The  optinrization  of  the  wake/vortex  flow  effects  require  flow 
field  investigations.  Usually  this  is  done  by  application  of  the 
Crowder  wake  imaging  system,  a  five-port-probe  pressure 
survey  system  and  smoke/laser  vortex  visualization  technique, 
Fig.  14. 


Figure  14.  Wake-Flow  behind  A340  Wing  in  T.O. 


It  is  apparent,  that  the  nacelleAving  interference  problem  will 
be  significantly  increased  by  the  introduction  of  very  high- 
bypass  engines  (”  Super-Fan’)  to  future  projects.  This  problem 
highlights  the  need  for  three-dimensional  flow  field 
investigations  -  especially  with  engine  jet  simulation  -  to 
demonstrate  the  flow-interactions  and  then  to  minimize  their 
penalizing  effects. 


5.  FEATURES  OF  THE  A32 1  HIGH-LIFT 
SYSTEM 

A  general  reflectioa  ofthe  high-lift  design  process  was  given  in 
the  preceding  sections  of  this  paper.  One  example  of  this 
process,  the  development  ofthe  high-lift  system  for  the  Airbus 
A321 ,  will  be  described  next 

In  1989  Airbus  Industrie  reacted  to  the  increasing  market 
demand  for  a  180  to  200  seat  ^ort  to  medium  range  airliner, 
and  decided  to  close  the  gap  between  the  existing  150  seat 
A320  and  die  220  seat  A3 10  by  a  stretched  version  of  the  A320, 
the  A321,  which  wdll  first  fly  in  March  1993,  Fig.  15. 

In  comparison  to  the  baseline  aircraft,  the  A32I  fuselage  is 
stretched  by  8  frames  ahead  ofthe  wing  and  5  frames  behind , 
which  increases  the  payload  capacity  by  36  seats  and  3  LD3 
containers.  This  stretching  causes  an  13%  increase  of  the 
maximum  take-off  and  landing  weight. 


Figure  15.  Airbus  A321  Airliner 


The  major  goal  for  the  aerodynamic  design  of  the  A321  is 
defined  by  the  requiremoit  that  airfield  and  cruise  performance 
^ould  be  comparable  with  that  of  the  A320.  It  is  apparent  that 
an  optimized  design  as  repmsemted  by  the  bigh-Iift  system  and 
the  cruise  wing  of  the  A320  needs  some  modifications  to 
master  a  13%  weight  mcrease  with  optunum  efficioicy 

Typically  the  design  efforts  on  stretched  aucraft  versions  are 
driven  by  demands  of  minimum  changes  to  the  baseline  aircraft. 
Therefore  the  necessary  wing  structure  modifications  for  the 
A321  are  restricted  to  the  rear  part  of  the  trailing  edge  flaps. 
These  modifications  include  a  spanwise  varying  chord  extensi  on, 
which  increases  the  wing  area  by  approximately  2.6%,  and 
replacement  of  the  single-slotted  flap  by  a  double-slotted  flap. 


5.1  Requirements  of  the  High-Lift  System 
The  required  efficiency  of  the  A321  high-lift  system  was 
driven  by  the  demand  ofhaving  comparable  airfield  perform.-nce 
with  that  of  the  A320. 

In  terms  of  lift,  a  13%  increase  in  weight  necessitates  an 
increase  in  the  operational  lift  coefficients  ofthe  same  order. 
Furthermore  the  rear  fuselage  insert  reduces  the  maximum 
allowable  ground  rotation  angle  for  take-off  and  lauding  flare 
by  approximately  2  degrees.  Fig.  16. 

Summarizing  the  required  hft  capability  demands  13%  more 
lift  at  2°  less  incidence. 

Especially  the  reduction  of  the  usable  incidence  requires  a 
significant  increase  in  the  lift  coefficient  at  constant  incidence 
(CLo).  This  can  usually  be  achieved  by  inc’oasing  the  effective 
airfoil  camber,  e.g.  by  further  deflecting  of  the  trailing-edge 
flap.  However,  this  is  not  a  practical  solution  for  the  A320’s 
single-slotted  fowler  flap,  because  a  deflection  beyond  the 
present  40°  for  landing  will  cause  flow-separation  on  the  flap 
and  subsequently  a  loss  in  hft. 


Figure  16.  Lift  Requirement  on  Stretched  Version  Aircraft 
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The  alternative  was  to  replace  the  single-slotted  flap  by  a 
double-slotted  which  allows  higher  deflections  without 
flow  separations. 

With  a  double-slotted  flap  concept,  the  required  lift  efficiency 
in  toms  of  CLo  and  CLmax  ^  achievable  with  any 
configumion.  But,  the  doubte-slotted  flap  will  cause  more 
profile  and  induced  drag  at  constant  lift.  In  addition  the  fiiction 
drag  of  the  fuselage  inserts  will  further  inacaae  total  drag. 
Thus,  the  compromised  L/D  of  the  A321  was  a  crucial  point  in 
take-off  performance  considention,  and  the  major  design 
efforts  were  concentrated  on  take-off  L/D  optimization. 

With  consideration  of  die  previously  given  approximation  for 
the  climb  rate,  it  is  apparent  that  the  required  second  segment 
climb  performance  can  only  be  satisfied  if  the  weight  and  drag 
rise  is  compensated  by  an  increased  take-off  power.  This  was 
offered  by  thrust  enhanced  versions  of  the  A320  power-plants, 
the  CFMI  CFM56-5B1  and  the  lAE  V2500-A5,  which  both 
offer  approximately  16%  more  take-off  power.  The  availability 
of  these  engine  versions  were  prerequisite  for  the  feasibility  of 
theA321. 


5.2  Hlgh-Llft  System  Design 

The  layout  of  the  double-slotted  flap  system  was  dominated  by 
the  demand  for  minimum  structural  changes.  In  particular,  the 
nose-part,  the  track-support  and  the  actuation  system  of  the 
A320  flap  had  to  be  preserved  with  only  minor  changes  necessary 
to  compensate  for  higher  loadings.  This  restriction  generally 
excludes  the  application  of  a  vane  flap  type  double-slotted  flap 
system,  as  represented  by  the  inboard  flap  of  the  A310. 
Fortunately  the  relatively  thick  rear  profile  of  the  A320  allowed 
an  auxiliaiy  fowler  flap  (tab)  to  be  incorporated  into  the  rear 
part  of  the  main  flap. 


5.2.1  Two-dimensional  Layout 

After  pre-development  wind-tunnel  testing  of  the  principle 
flap/tab  concept  had  demonstrated  satisfactory  lift  efficiency, 
the  final  design  was  initiated  by  optimuting  the  two-dimensional 
arrangement  of  flap  and  tab. 

Therefore  studies  were  carried  out  to  investigate  the  effect  of 
the  ratio  of  tab  chord  to  the  total  flap  chord  and  the  length  of  the 
shroud  on  the  profile  drag,  lift  efficiency  and  stall  sensitivity. 

These  studies,  based  on  viscous  pressure  distribution 
calculations,  indicated  firstly,  that  the  optimum  tab  chord  was 
in  the  order  of  40%  of  the  total  chord  and  secondly,  that  the 
shroud  length  should  be  as  large  as  possible.  In  general,  however. 


A321  Double-Slotted  Flap  Section 


the  effect  of  the  shroud  length  is  relatively  small  m  companson 
to  the  total  tab  efficiency.  Therefore,  mcludmg  consideration 
of  shroud  stiffness,  a  shroud  length  of  1 0%  of  the  total  flap 
chord  was  finally  chosen.  Fig.  17. 


5.2.2  Three-Dimensional  Layout 

From  the  aerodynamic  point  of  view  the  ^lanwise  arrangement 
of  the  A320  trailing  edge  devices  represents  an  optimum 
design,  because  the  spanwise  flap  extension  is  not  divided  by 
any  cut-out  and  even  the  intersection  betweoi  inboard  and 
outboard  flap  is  sealed  at  all  settmgs.  This  assures  a  contmuous 
spanwise  hft  distribution  and  mmor  penalties  due  to  wake  and 
vortex  flow.  The  spanwise  hft  distnbution  is  further  impirovcd 
by  aileron  drooping. 

The  first  design  mtention  was  to  realize  a  continuous  double- 
slotted  flap  along  the  full  flap  span.  Unfortunately,  this  concqit 
had  to  be  changed  due  to  structural  constraints,  because  the 
mboard  tab  was  partly  hid  by  the  engine’s  fan  jet,  and  the 
outboard  tab  end  became  to  small  for  manufacture.  Therefore 
the  tab  span  was  finally  limited  on  the  1/B  flap  between  the 
fuselage  and  track  2  and  on  the  O/B  fl^  between  the  kink  and 
track  3,  as  illustrated  in  Fig.  18 


Figure  18.  Wing  Planform  ofA321 
5,2.3  Kinematic  Layout 

The  A32I  main  flap  element  is  supported  by  a  track  guided 
carriage  and  actuated  by  a  rotary  drive  system.  The  new  tab 
element  is  supported  by  a  four  hinge  linkage  system,  which  is 
indirectly  actuated  by  a  drive  rod.  Fig.  19.  This  rod  couples  the 
movement  o  f  the  main  flap  carriage  with  that  of  the  tab  linkage 
support. 


Figure  17.  Comparison  of  A320  and  A321  Flap  Section 


Figure  19.  A321  Flap/Tab  Support 
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Figure  20.  Flap<Tap  Seliing.s 

In  compansoi.  to  an  alternatively  investigated  track  support, 
the  linkage  system  is  simpler,  lighter  and  smaller  ,  and  can  be 
mtegrated  completely  into  the  main  track  fairings. 

A  disadvantage  of  the  linkage  system  is  the  restricted  function 
of  the  tab  movement  relative  to  the  flap,  because  it  can  be 
defined  for  only  two  settings,  usually  for  one  intermediate 
take-off  configuration  and  for  the  landing  configuration. 

The  intention  of  the  initial  kinematic  design  was  to  k^  the  tab 
gap  sealed  in  the  take-off  configu' .  lions  for  optimum  L./l),  and 
open  with  a  large  slot  for  landing  to  achieve  high  ffmax- 
However,  our  intention  could  not  be  realized  due  to  restricted 
tab  kinematics.  Therefore,  take-off  setting  variations  were 
intensively  investigated  d'lring  wind-tunnel  testing.  The  results 
suggested  that  a  small  gap  of  0.5%  of  total  flap  chord  provided 
little  better  L/D  than  a  sealed  gap,  and  further,  that  gaps  up  to 
1%  could  be  tolerated.  This  incre''sed  gap  margin  relaxed  the 
kmematic  constraints  and  alloweu  a  kinematic  d.sign  which 


satisfies  the  aerodynamic  requirements  m  terms  of  gap,  overlap 
and  lab/flap  deflection  for  all  configuralions,Fig.  20. 


S.2.4  Selling  OpUmization 

In  general,  the  profile  drag  at  constant  lift  increases  with 
profile  camber,  or  flap/tab  dcilectiou,  respectively.  Therefore 
the  optimum  L/D  for  each  take-off  configuiauon  can  be  obtamed 
with  the  minimmu  Hap  “ui'o  ilcfleclion  that  achieves  the  required 
lift. 

The  determination  of  the  mmrraum  flap/tab  dellecuons  w,iS 
baseu  on  the  diagram  shown  m  Fig.  21.  fhe  grid  demoiisirates 
the  lift  coetTicients  which  can  be  i,  'tamed  with  dilTerent 
combinations  of  flap  to  lab  deflections  at  a  consUint  incidence 
of  9.7°,  which  represents  the  op  .T-Tioual  limit  of  the  gromid 
rotation  angle.  The  reo’iTed  lift  coefficients  for  tlie  three  take¬ 
off  configurations  are  n.arked  on  the  left  0.-05.  Additionally  the 
function  of  the  designed  flap-to-tah  geanng  is  given  as  a 
function  of  the  gnd.  By  means  of  this  curve,  the  feasible  fiap 
and  tab  settmgs  were  determined  which  achieve  tiie  required 
lift  coefficients. 

Wuid-lunnel  investigations  have  di  monslrated  that  tlie  l./D 
could  be  further  unproved  by  modification  of  the  spanwise  lift 
distribution  through  a  difi'erenlial  defieclion  of  the  I  B  and  ( )  B 
tab.  This  aspect  was  realized  by  the  final  kinematic  design, 
which  provides  a  maximum  deflection  of  20'''  for  the  I  B  tab 
and  25°  for  the  O/B  lab,  while  the  mam  flap's  deflection  is  ?.5" 
on  LB  and  O/B, 


5.3  Performance  Status 

Ihe  aerodynamic  pcrformiuicc .  achieved  with  the  ,A  3  2 1'  s  high- 
hft  system  diirmg  high  Reynolds  number  s.ind-lanncl  tests,  is 
given  in  Fig.  22  for  the  lift  and  m  Fig,  23  for  Uic  l./D. 
Especially  the  increments  of  t'Lo  and  t  Lmax  givon  relative  to 
the  A320's  single-slotted  flap  demonstrate  the  supenor  lift 
capability  of  the  part  span  double-slotted  flap  system. 
Additionally  tlie  lift  mcremenis  for  a  single-slotted  flap  are 
given,  the  chord  of  which  was  identical  to  the  double-slotted 
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Figure  21 .  Flap/Tab  Setting  Optimization 
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flap  with  retracted  tab.  Its  marginal  performance,  especially 
the  decreasing  maximum  lift  at  deflections  higher  than  25" 
demonstrates  that  the  required  lift  capability  for  the  A321  can 
only  be  satisfied  with  a  double-slotted  flap 


The  envelope  of  L/D  versus  CL  for  all  take-off  configurations 
is  illustrated  in  Fig.  23  for  A320  and  A321.  In  comparison  to 
the  A320  it  is  shown  that  the  operational  lift  regime  for  all 
A321  configurations  could  be  extended  with  only  minor 
deterioration  m  L/D.  When  considering  the  total  amount  of 
drag  increase  due  to  fuselage  extension,  auxihary  tab-hinge 
fairings,  tab-edge  vortices  and  increased  effective  camber,  it  is 
evident  that  the  L/D  efficiency  of  the  double-slotted  flap  alone 
is  slightly  belter  than  that  of  the  A320’s  single-slotted  flap. 


Cl 

Figure  23.  L/D  Comparison  of  A320  and  A321 


6  CONCXUSIONS 

A  general  reflection  on  the  high-lift  design  process  was  given 
in  the  first  part  of  this  paper. 

It  was  discussed,  that  the  application  of  theoretical  methods  in 
the  high-lift  design  process,  at  present,  is  sufficient  only  for  the 
two-dimensional  design  cases  such  as  shape  optimization. 

In  spite  of  die  advances  in  three-dimensional  computational 
methods,  their  use  for  maximum  lift  and  total  drag  prediction  is 
still  insufficient  due  to  the  unconsidered  complex  interactions 
between  boundary  layer  flow  and  wake/voitex  flow  on  a  wing 
in  high-lift  configuration.  Therefore  the  necessity  of  wind- 
tunnel  testing  is  unquestioned  for  the  high-lift  development  as 
well  as  for  performance  prediction. 

The  Deutsche  Airbus  wind-tunnel  strategy  was  described,  which 
is  aimed  at  carrying  out  the  majority  development  tests  in  our 
own  low-speed  tunnel  and  to  employ  the  large  tunnels  for 
verification,  final  performance  check-outs  and  investigation  of 
special  items. 


The  second  part  of  the  paper  dealt  with  the  design  and 
optimization  of  the  A32 1’s  trading-edge  high-lift  system. 

It  was  demonstrated  that  the  significantly  increased  lift 
requirements  for  the  stretched  version  aircraft  could  be  satisfied 
by  a  conversion  of  the  basic  single-slotted  fowler  flap  to  a  part 
span  double-slotted  flap,  even  with  consideration  of  the 
‘minimum  change’  philosophy. 

The  forecasted  growth  of  the  world-wide  civil  air  transport  is 
obviously  limited  by  the  traffic  -  slot  -  capacity  of  the  major 
airports,  with  some  of  them  having  already  reached  their 
operating  limits.  This  situation  can  be  eased  by  improving  the 
approach  and  take-off  procedures  to  increase  the  airport  iraflic 
density  and  by  using  smaller  airports  even  for  long  range 
operation  for  traffic  decentralization. 

Therefore,  the  airfield  performance  of  future  civil  transport 
aircraft  need  to  be  increased  in  terms  of  decent  and  climb 
capability,  field  length  and  maneuverability,  thereby  tending 
towards  the  airfield  performance  of  mihtary  transport  aircraft. 
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1.  SUMMARY 

This  paper  describes  an  on-going  program  of  R&D 
into  the  development  of  high  lift  systems  for  future 
propeller  driven  regional  transport  aircraft. 

The  work  includes  tests  of  two-dimensional  airfoils 
and  flaps,  while  half  models  are  used  for  wing 
integration  development.  Comparisons  are  made 
between  earlier  commuter  aufoil  designs  and 
advanced  supercritical  airfoils  capable  of  NLF,  using 
single  and  double-slotted  flap  systems  in  both  cases. 
The  advanced  airfoils  were  also  tested  with  a 
leading  edge  slat.  Some  effects  of  Reynolds’ 
number  on  lift  characteristics  are  reviewed  which 
show  airfoils  without  leading  edge  slats  were  more 
sensitive  at  the  scale  of  haff  m^el  used  and  that 
higher  Reynolds’  numbers  may  be  required. 

The  advanced  airfoils  stalled  at  lower  incidences 
than  the  commuter  airfoils  which  are  much  thicker 
and  better  tailored  to  high  lift  performance. 
Advanced  airfoUs  will  likely  require  an  additional 
flap  segment  to  achieve  similar  lift  to  commuter 
airfoils.  Leading  edge  slats  gave  large  increases  in 
maximum  lift  coefficients  (up  to  30%),  which  would 
allow  substantial  inaeases  in  wing  loading  if  needed 
for  the  future. 

The  half  model  development  has  entailed  work  on 
improving  the  sealing  of  the  fuselage  to  the  tunnel 
wail  to  minimize  leakage.  The  paper  provides  some 
details  of  such  work  on  high  lift  models  and  also  on 
moocls  used  for  cruise  drag  investigations. 

2.  LIST  OF  SYMBOLS 

c  wing  chord 

Cq  drag  coeffident 

^Dn  drag  coeffident  based  on 

lift  coeffident 

^Lmax  maximum  lift  coeffident 

Cu  pitching  moment  coeffident 

M  ffeestream  Mach  number 

Rg  ff eestream  Reynolds’  number 

based  on  mean  chord 
S  reference  wing  area 

S,i  reference  frontal  area 

t  airfoil  thickness 

Vs  stall  speed 


a  inddence 

stall  inddence 

jpp,  Syf  foreflap/trailing  flap  deflection. 

t  increment 


3.  INTRODUCTION 

The  current  generation  of  turboprop  powered 
commuter  aircraft  in  airline  service,  operate  at 
cruise  Mach  numbers  up  to  about  0.5.  At  such 
speeds  there  are  few  significant  compressibility 
problems.  Hence  wing  airfoils  can  be  made  quite 
thick  and  design  pressure  distributions  can  be 
tolerated  which  favour  low  speed,  high  lift 
performance.  In  contrast,  the  next  generation  of 
commuter  aircraft  wiU  cruise  substanti^y  faster  and 
it  is  possible  that  future  propeller  driven  types  will 
cruise  at  speeds  of  Mach  0.7  or  more. 

At  higher  cruise  speeds,  the  design  of  the  airfoils 
and  win^  will  need  care  to  avoid  undue 
compressibility  problems  and  also  interference  from 
propeller  slipstream  effects,  such  as  swirl  and 
mcreased  vclodties.  Also,  these  problems  must  be 
tolerated  while  retaminu,  or  even  improving  on  high 
Uft  performance,  in  order  to  maintain  similar  field 
performance  at  the  higher  wing  loadings  desirable 
with  advanced  configurations.  Thus,  we  can  expect 
growing  emphasis  on  improving  high  lift  systems  in 
the  future. 

The  work  to  be  reported  here  concerns  an  on-going 
R&D  program  at  de  Havilland  Inc.,  whi^  is 
examining  the  design  of  airfoils,  high  lift  systems 
and  wing  design  features  suitable  for  future 
commuter  aircraft.  The  testing  includes  two- 
dimensional  airfoil  sections  with  various  flap 
systems,  complemented  by  tests  of  half-models  with 
similar  high  lift  systems  in  order  to  study  three- 
dimensional  wing  integration  effects.  The  airfoils 
investigated  to  date  included  relatively  thick  sections 
(18-21%  maximum  t/c)  suitable  for  earlier  lower 
speed  commuter  aircraft,  as  shown  in  figure  1. 
More  recently,  a  new  family  of  advanced 
supercritical  airfoils  suitable  for  cruise  speeds  of  at 
least  Mach  0.7  were  tested,  figure  2. 

The  cruise  performance  of  the  advanced  airfoils 
used  in  this  work,  and  their  design  objectives,  were 
described  in  several  earlier  reports,  references  1,  2, 
3  and  4.  Notably,  the  airfoils  were  designed  to 
achieve  low  cruise  drag  and  high  drag  rise  Mach 
numbers  with  fuUv  turbulent  bound^  lasers 
present  However,  the  design  pressure  distributions 
were  also  made  suitable  for  sustaining  extensive 
natural  laminar  flow  (NLF)  in  suitably  'clean* 
conditions.  All  airfoils  in  this  family  have 
demonstrated  NLF  drag  'buckets’  near  their  design 
conditions.  Also  of  sig^cance,  these  airfoils  have 
relatively  blunt  nose  shapes  which  were  tailored  to 
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diminish  suction  peaks  at  high  incidences  to  retain 
reasonable  hi^  lift  performance  at  low  spMds. 
This  paper  will  describe  some  results  of  the  airfo^ 
and  fkp  system  section  testing,  including  Reynolds’ 
number  effects.  The  main  focus  of  this  paper  will 
be  on  issues  arising  from  the  high  lift  results. 

During  the  early  stages  of  wing  development  work, 
the  use  of  half  models  is  particularly  effective  as  a 
means  of  simplifying  and  redudng  costs  of  models 
and  testing.  This  research  program  involved 
significant  efforts  in  improving  the  half  model  test 
techniques  used  at  the  Institute  for  Aerospace 
Research  (lAR)  of  the  National  Research  Coundl, 
Canada  (I^C),  in  order  to  obtain  more  reliable 
results  ftom  high  lift  testing  and  also  at  cruise 
conditions.  This  paper  describes  some  of  the  on¬ 
going  developments  from  such  actirities. 

4.  AIRFOIL  SECTION  TESTS 

4.1  Allfoil  Geometries 

The  high  lift  airfoil  testing  included  the  18  and  21% 
thick  commuter  designs  mown  in  figure  1,  and  the 
advanced  airfoil  of  16%  maximum  tliickness/chord 
ratio  included  in  figure  2.  In  all  cases  the  airfoils 
were  tested  with  sin^e  and  double-slotted  flaps. 
The  flaps  occupied  ^out  38%  wing  chord  when 
retracted,  figure  3.  This  gave  the  same  amount  of 
flap  chord  and  fonder  action  as  the  Dash  8.  The 
advanced  airfoil  was  also  tested  with  a  cambered 
leading  edge  slat  to  extend  its  maximiun  lift 
capabilities,  figure  4. 

The  airfoil  section  testing  used  the  high  Reynolds 
number,  0.38m  x  1.5m  two-dimensional  wind  tunnel 
at  the  lAR/NRC,  shown  in  figure  S.  In  seleaed 
cases  some  testing  was  undertaken  at  Reynolds 
numbers  apmopriatc  to  full  scale  operation  (6  to  10 
million)  and  also  at  a  lower  value  (2  milhon)  to 
obtain  data  matching  the  scale  of  the  half  model 
testing. 

42  Flaps-Up  Tests 

Some  results  from  the  flaps-up,  low-speed  tests  are 
given  in  figure  6.  A  comparison  of  the  lift 
performance  shows  the  advanced  mrfoil  stalled  2  to 

3  degrees  sooner,  while  achieving  maximum  lift 
coefficients  quite  similar  to  the  earlier  generation 
airfoils.  The  minor  differences  found  in 
aerodynamic  characteristics  arc  unlikely  to  have  any 
significant  aircraft  performance  or  operational 
implications. 

4  J  Flaps  Extended  Tests 

Results  for  testing  with  flaps  extended  to  25  degrees 
are  given  in  figure  7.  Again  the  advanced  ^oil 
testing  demonstrated  an  earlier  stall  angle  by  2  to  3 
degrees  vriiich  resulted  in  a  reduction  in  maximum 
lift  coefficient  of  about  7%.  In  figure  8  the 
maximum  lift  coefficients  achieved  are  summarized 
as  a  function  of  flap  angle.  These  results  show  that 
the  maximum  lift  performance  of  the  advanced 
airfoil  was  5  to  10%  below  the  18%  commuter 
airfoil  values  and  the  largest  differences 


were  found  at  lower  flap  angles. 

In  figure  9  the  nummary  chart  is  expanded  to 
include  some  results  firom  tests  on  the  advanced 
airfoil  vrith  double-slotted  flaps  at  25/35  and  35/35 
degrees  of  deflection.  These  flaps  inacased  the 
maximum  lift  coefficients  available  by  10  to  15%, 
and  were  able  to  exceed  the  maximum  lift 
performance  of  the  commuter  airfoils  having  single- 
dotted  flaps. 

4.4  laawliiig  Edge  Slat  Tests 

Typical  results  for  the  effects  of  a  leading  edge  slat 
on  lift,  for  double-slotted  flaps  vrith  15/15  degree 
deflections,  arc  shown  in  figure  10.  The  slat  added 
about  0.9  to  the  maximum  lift  coefficient  and 
extended  the  stall  incidence  by  about  8  degrees. 
Notice  that  for  negative  incidences  below  about  -5 
degrees  the  slat  spoiled  the  lower  surface  flow  and 
abrupt  lift  losses  occurred. 

The  effects  of  leading  edge  slats  are  also  included  in 
the  summary  of  maximum  lift  coefficients  shown  in 
figure  9.  The  highest  maximum  Uft  coefficients 
exceeded  5  for  cases  vrith  leading  edge  slats  and 
double-slotted  flaps  at  large  flap  defle^on  angles. 
Such  values  are  about  35%  higher  than  the 
commuter  airfoils  vrith  single  slotted  flaps  and,  in 
principle,  this  should  allow  substantial  increases  in 
aircraft  wing  loadings  to  be  accommodated,  vrithout 
changing  field  size  requirements. 

4.5  Reynolds’  Number  Effects  on  Commuter 
Airfoils 

The  21%  thick  airfoil  was  tested  at  Reynolds’ 
numbers  of  2  million  and  6  million.  Lift  effects  are 
shown  in  figure  11  for  a  flap  deflection  of  35 
degrees.  In  tests  where  the  flap  location  was 
optimized  for  a  Reynolds’  number  of  6  million 
(defined  as  position  #1  in  the  %ure)  and  then 
tested  again  at  2  million,  the  effects  below  stall  were 
found  to  be  very  small.  However  at  stall  there  was  a 
minor  penalty  of  about  3%  on  maximum  lift,  while 
the  stall  angle  was  reduced  by  about  2  degrees. 

The  flap  was  also  placed  at  a  location  found  to  be  an 
optimum  from  half-model  tests  made  at  2  million 
Reynolds’  number.  The  flap  nose  was  located 
further  under  the  wing  shroud  (see  sketch)  and  the 
results  show  a  significant  increase  in  the  lift  below 
stall  relative  to  the  location  #1.  The  maximum  lift 
was  found  slightly  greater,  while  stall  occurred  about 
2  degrees  sooner  than  at  location  #1. 

The  summary  in  figure  12  compares  maximum  lift 
from  tests  at  6  million  Reynolds’  number  with  values 
found  at  2  million  vrith  the  flap  at  the  half-model 
optimum  location.  At  the  lower  flap  an^es, 
reductions  of  up  to  9%  of  maximum  lift  were  found, 
versus  about  3%  found  at  35  degree  flap  deflection. 
From  such  tests  it  appears  that  commuter  airfoils 
are  not  unduly  sensitive  to  Reynolds’  number  effects 
down  to  values  appropriate  to  the  current  half 
model.  However,  testing  the  half  models  at  higher 
Reynolds’  numbers  would  help  diminish  the 
corrections  needed  for  scale  effects. 
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4i»  Rcyaolda*  Number  Effects  ou  Advanced 
Airfoils 

The  effete  of  Reynolds  number  were  also 
invest^ted  for  the  16%  thick  advanced  airfoil  and 
Qap^  both  with  and  mthout  the  leading  ed^  slat. 
Typk^  lift  results  for  a  case  without  a  sut,  with  the 
flap  location  optimized  for  6  million  Reynolds 
number,  are  shown  in  figure  13.  Tests  ma^  at  a 
reduced  Reynolds’  number  of  2  million  for  the  same 
location  showed  a  loss  in  maximum  lift  performance 
of  about  5%,  and  there  was  negligible  change  in  stall 
incidence  for  this  confimiration.  At  the  lower  flap 
angles  the  advanced  airfoil  showed  smaller  lift  losses 
due  to  Reynolds’  number  effects  (2-5%),  in  contrast 
to  the  behavior  found  with  the  commuter  airfoil. 

Typical  results  for  tests  with  a  leading  edge  slat  are 
shown  in  figure  14  for  a  configuration  with  double- 
slotted  flaps  deflected  15/15  degrees.  In  this  case 
the  tests  at  lower  Reynolds’  number  showed 
negligible  changes  in  lift  below  stalling  angles.  The 
maximum  lift  was  penalized  less  than  2%  for  this 
case,  while  the  stall  incidence  was  found  to  be 
essentially  unaltered. 

The  airfoil  section  testing  without  slats  indicates  that 
larger  half  models  may  be  desirable  for  flap 
development  work,  in  order  to  diminish  the 
corrections  needed  for  Reynolds’  number  effects. 
In  the  case  of  models  having  leading  edge  slats,  the 
scale  of  the  current  half  model  appears  adequate  for 
preliminary  development  work. 

5.  HALF  MODEL  TESTING 

5.1  Lift  Model  Features 
The  experimental  investigation  used  a  research 
model  in  the  lAR  2m  x  3m  low-speed  wind  tunnel. 
The  model  was  tested  with  various  wings  during  this 
development  program.  An  installation  using  a  high 
mounted  wing  with  commuter  airfoils  is  shown  in 
figure  15,  and  its  features  were  fuUy  described  in 
reference  2.  Tests  have  also  studied  a  low  wing  with 
some  results  reported  in  reference  2.  A  photograph 
of  the  configuration  tested  with  the  advanced  airfoils 
is  shown  in  figure  16. 

A  half  model  was  used  to  maximize  the  Reynolds’ 
numbers  and  model  size  for  a  given  tunnel,  while 
substantially  reducing  costs  for  the  model  and 
testing  relative  to  an  e<}uivalent  coiMlete  model. 
However,  half  models  mtroduce  difficulties  with 
sealing  between  the  fuselage  and  the  tunnel  wall. 
Sealing  is  needed  to  diminish  leakage  and  the 
resulting  lift-loss  and  anomalies  in  the  drag  and 
pitching  moment  measurements.  Such  issues  will  be 
discuss^  in  more  detail  later  in  the  paper. 

The  vnnd  tunnel  model  in  figure  16  had  a  wing  of 
1.52m  semi-span  and  an  overall  aspect  ratio  of 
twelve.  An  advanced  airfoil  of  16%  maximum 
thickness  to  chord  ratio  was  used  at  the  model 
centre  line  and  one  of  13%  at  the  wing  tip.  Some 
features  of  the  model  included : 

-  variable  span  flaps  extending  to  60  or  80% 
span  with  plain  sealed  ailerons  outboard 


•  double-slotted  flaps,  also  r^rable  together  as 
a  singte  slotted  flap 

-  a  full  span,  cambered  leaffing  edge  slat 

-  slipstream  simulation  using  an  ag^  bladed 
propeller  driven  by  an  80  hp  air  motor 

-  compressed  air  su[^  to  dm  motor  via  internal 
wing  ducts 

-  the  ability  to  return  the  motor  exhaust  back 
through  ^  wing  and  thence  off-balance  with 
low  mterference 

-  a  detachable  outer  wii^  panel  so  that  the 
model  can  be  installed  in  the  lAR  1.5m  x  1.5m 
transonic  tunnel  for  cruise  testing. 

-  a  removable  tailplane  for  measurements  of 
downwash  and  tailplane /elevator  effectiveness. 

The  lAR  2m  X  3m  low  speed  wind  tunnel  in  Ottawa 
was  used  for  the  half  model  testing.  This  tunnel  can 
operate  up  to  035  Mach  number.  For  the  majority 
01  the  hi^  lift  testing  a  Mach  number  of  0.20  was 
used,  corresponding  to  a  Reynolds  number  of  IJS 
million  based  on  the  mean  chord  of  the  wing.  A 
limited  amount  of  testing  was  performed  at  lower 
speeds  on  the  commuter  wing  to  investigate 
Reynolds  number  effects. 

53  Development  of  Model  to  Floor  Sealing 
Early  on  in  the  half  model  high  lift  testing,  it  was 
realiud  that  the  fuselage  drag  levels  were 
unacceptably  high  due  to  excessive  leakage  between 
the  model  and  the  tunnel  floor.  WUle  it  was 
accepted  that  such  installations  do  not  normally 
provide  accurate  drag  measurements,  there  was 
concern  that  leakages  could  affect  lift  also,  so  it  was 
considered  desirable  to  make  improvements. 

The  2m  X  3m  tunnel  has  a  plywood  floor  and  a 
turntable  supported  on  a  steel  beam  structure. 
Models  were  provided  with  clearances  of  the  order 
6mm  to  allow  for  waviness  in  the  floor  and  for  its 
lifting  under  aerodynamic  loads.  Tests  of  the 
isolated  fuselage  demonstrated  the  ma^tude  of  the 
problem  and  figure  17  shows  that  initially  the  drag 
was  about  three  times  greater  than  predictions.  The 
gaps  between  the  model  and  floor  were  reduced  to 
miniiniifiiit  and  a  skirt  was  added  made  from 
adhesive  backed  aluminium  foiL  The  underfloor 
gaps  around  the  model  mounting  block  were  also 
reduced  to  minimums  just  avoiding  fouling  to 
reduce  venting  from  outside.  These  modifications 
enabled  the  fiiselage  drag  to  be  reduced  to  about 
twice  predicted  values.  These  tests  were  all  made 
with  a  large  V-shaped,  floor  mounted,  vortex 
generator  ahead  of  the  model  in  order  to  thin  the 
boundary  layer  about  the  model 

Some  follow-on  work  has  investigated  cruise  drag 
with  half  models  in  the  lAR  13m  x  13m  Transonic 
Wind  Tunnel  In  that  tunnel  the  installation  can  be 
made  with  much  tighter  clearances  as  the  walls  are 
more  rigid  and  less  wavy,  and  the  balance  stiffness  is 
high  so  deflections  are  low.  In  order  to  improve  the 
insbdlation  it  was  decided  to  use  a  non-metric  filler 
(stand-off)  plate  between  the  model  and  wall,  see 
figure  18.  ^e  gaps  between  the  fuselage,  plate  and 
tunnel  wall  were  smaU,  of  the  order  1  to  13mm,  and 
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tliey  we  sealed  using  spring  loaded  teflon  strips. 
In  this  case  there  is  no  uow  path  for  leakage  past 
tlw  balance  as  it  is  internally  s^ded  and  the  tunnel  is 
within  a  plenum.  Static  pressure  rails  are  mounted 
on  the  tumud  porous  walls  and  they  provide  data  for 
conectkms  including  moctel  buoyancy  effects.  For 
this  installation  the  measured  drag  fm  the  isolated 
fi^lage  was  about  80%  cd  estimates.  Tests  on 
wing/niselage/nacelie  configurations  reported  in 
reference  S  showed  good  correspondrace  with 
lift/drag  polars  firmn  aircraft  tests. 

A  new  model  and  mounting  system  is  now  under 
development  for  the  lAR  13m  x  13m  wind  tunnel, 
to  achieve  further  improvements  in  drag 
measurements.  This  uses  complete  models 
mounted  on  a  slim,  centre-line  plate.  Again,  static 
pressure  rails  are  used  on  the  walls  for  deriving 
tunnel  corrections.  Tests  of  a  fuselage  in  isolation 
have  shown  drag  values  similar  to  estimates, 
although  the  tare  corrections  of  the  mount  have  yet 
to  be  established,  figure  17. 

From  the  foregoing  work  it  appears  that  the  half 
model  approach  stUl  requires  nuther  development 
in  the  lAR  2m  x  3m  wind  tunnel  installation  before 
it  can  be  used  reliably  for  parameters  other  than  lift. 

53  HalfModd  Test  Results 

5.3.1  Aitfoil/Flap  Characteristics  With  Slat  Off 
The  lift  data  from  half  model  tests  with  commuter 
and  advanced  airfoils  are  shown  for  cases  with  flaps 
retracted,  and  with  2S  degrees  deflection,  in  figure 
19.  The  data  shown  are  for  cases  without  a  nacelle. 
The  half  model  results  exhibited  similar  features  to 
the  mrfoil  section  data  cUscussed  previously.  The 
stall  with  the  advanced  airfoils  ocemred  about  three 
to  four  degrees  sooner  and  maximum  lift  was 
reduced  accor^ngly.  The  reduction  in  stall  angles 
observed  with  the  advanced  wing  may  lead  to  some 
restriction  on  the  largest  flap  deflection  usable  for 
landing  arising  from  the  stall  margins  needed  in 
ground  effect  at  touchdown  attitudes  during 
maximum  effort  landings.  This  situation  may  well 
dictate  the  use  of  leadii^  edge  devices,  particularly 
on  wings  with  thiimer  sections  or  less  tolerant 
designs  than  those  used  here. 

The  variation  of  maximum  lift  with  main  flap  angle 
obtained  for  cases  with  single  and  double-slotted 
flaps  are  summarized  in  figure  20.  At  larger  flap 
deflections  the  advanced  wing  achieved  maximum 
lift  coefficients  about  10%  less  than  the  commuter 
wing.  According]^,  more  powerful  flaps  are 
required  and,  as  shown  in  the  figure,  alraut  15 
degrees  deflection  on  the  second  flap  element  was 
needed  to  recover  the  deficiency,  excepting  the 
contribution  from  trim  losses  needed  for  complete 
configurations. 

5.3.2  Aiifoil/Flap  Ousracteristics  With  Slat-On 
Q^rimental  Uft  curve  data  for  tests  with  and 
wiuout  leading  edge  slats  uring  the  wing  with 
advanced  airfoils,  are  shown  in  figure  21.  The 
model’s  lift  characteristics  again  mdiibited  similar 


behavior  to  the  airft^  seetkm  data  discussed 
previously.  A  summary  of  the  cITect  of  slats  on 
maximum  lift  coefficients  is  presented  in  figure  22. 
These  data  show  increments  in  O  ».,>!. 
corresponding  to  at  least  30%  over  the  Ci  in 
slat-off  cases. 

The  slat  inaeased  stall  angles  by  more  than  ten 
degrees  out  to  values  about  25-30  degrees.  Such 
extreme  an^es  will  require  special  attention  to  the 
tailplane  di»ign  relative  to  current  {uopellcr  driven 
transports  nmich  are  satisfactory  without  needing 
variable  inchlence  or  any  leading  edge  devices. 

Also  to  be  noted,  the  undersurface  stall  behavior 
induced  by  the  slat  at  negative  angles  of  incidence 
found  in  2-D  tests,  persisted  into  tte  wing  behavior. 
Such  behavior  is  not  unexpected  on  an  unswept, 
high  aspect  ratio  wing,  while  with  sw^  planforms 
w^rc  slats  are  normally  used  such  effects  may  be 
obscured.  Certification  requires  that  civil  aircraft  be 
flown  beyond  Vnap  (1.8  x  Vt)  and  to  near  zero  'g* 
conditions,  so  safe  excursions  into  this  remon  will  be 
necessary.  Although  it  may  be  feasible  to 
demonstrate  satisfactory  flight  in  the  spoiled  region, 
the  option  of  retracting  the  slats  could  be  exercised 
to  case  lon^tudinal  control. 

The  gains  in  field  performance  from  leading  edge 
slats  will  not  be  as  significant  as  the  increases  in 
maximum  lift  they  conferred  in  these  e]q>criments. 
When  aircraft  land  they  normally  have  angles  of 
incidence  in  the  range  zero  to  five  degrees,  as 
dictated  by  flap  angle  and  the  requirement  to 
approach  at  13  Vt.  During  the  landing  flare  the 
aircraft  pulls  ’g”,  there  is  a  small  spe^  loss  of 
maybe  5-10%,  and  incidence  increases  to  near  the 
maximum  permitted  by  tail  strike,  say  to  values  of  8- 
12  degrees.  Thus,  the  most  important  factor 
governing  landing  performance  is  the  range  of  lift 
coefficient  available  in  the  range  of  usable  incidence 
between  zero  and  about  12  degrees,  rather  than  the 
absolute  value  of  Ci  As  a  result,  unless  the 
usable  range  of  lift  can  w  increased  in  concert  with 
using  slats,  they  will  not  augment  landing 
performance  significantly.  This  means  that  to  fully 
exploit  slats,  aircraft  will  need  more  pow'erfiil  flap 
systems. 

5 A  Comparisons  with  Aerodynamic  Predictions 
The  simple  nature  of  a  high  aspect  ratio,  unswept 
wing  enables  lift  to  be  adequately  predicted  using 
lifti^  line  methods.  Comparisons  are  presented  in 
figure  23  showing  predicted  and  e3q)erimental  lift 
curves  for  the  commuter  wing  with  flaps  retracted 
and  also  with  25  degrees  of  deflection.  The  method 
accounts  for  the  non-linear  behavior  of  the  lift  with 
incidence  across  the  wing  span.  The  agreement  is 
generally  goo^  although  sometimes  ^fficulty  is 
round  in  predicting  maximum  lift  reliably  at  large 
flap  angles  and  semi-empirical  fixes  to  the  input 
data  are  used  to  force  solutions. 

The  lifting  line  procedure  also  predicts  the  wing 
pitching  moment  contribution.  The  tuimel  data  can 
be  us^  to  obtain  an  approximation  to  this 


c(Mitribiitk»  by  subtractiag  the  isdated  fuselage 
values  from  vafaws  for  the  complete  model  This,  of 
course,  leaves  the  interactimi  effects  ^  wi^  oe 
fuselage  still  present  ia  the  net  result  Thevariatkm 
of  predicted  pitching  moments  with  inddence  and 
those  derived  from  the  aq>enmenta,  ase  presented 
in  figure  24  for  the  commuter  wing  flaps 
retracted,  while  figure  2S  shows  data  for  25  degrees 
of  flap.  The  agreement  is  reasonable  with  o^  a 
small  residual  difference  ia  pitching  mmnenta  of 
about  &Ci)4  «  -0.04,  which  did  not  vary  strong  with 
incidence  within  the  usable  range  of  inddence. 

6.  CONCLUSIONS 

The  paper  has  described  researdi  on  high  lift 
developments  comparing  eariier  omunuter  airfe^ 
with  advanced  airfoils  sunsiile  for  aircraft  enusin^  at 
speeds  above  Mach  0.7  .  This  work  is  stiQ  on-going. 
Based  on  the  results  presented  here  t^  folwvnng 
conclusions  are  made: 

a)  The  half  model  approach  to  hi^  lift 
development  was  found  satisfactmy  for 
preliminary  W(»k.  It  still  requires  further 
development  on  model  mounting  and  in 
particular  on  fuselage/tunnel  flo<v  seating  to 
be  reliable  for  drag  and  pitching  momenta  as 
well  as  lift. 

b)  The  relatively  thick  advanced  airfoils  of  this 
study  were  able  to  achieve  Ci ar 
performance  within  5  to  10%  of  e^er 
commuter  airfoils  when  using  similar  flap 
systems.  This  was  demonstrated  using  two- 
^mensional  airfoil  section  tests  and  alw  with 
half  models. 

c)  Leading  edge  slats  added  considerably  to 

CLmax  ^  extension  of  the  stall  incidence  out 
to  values  of  25-30  degrees,  gmng  gsuns  in 
Ccmax  ^  ^  ^ 

However,  in  order  for  aircraft  to  benefit  from 
slats  in  terms  of  achieving  shorter  field  sizes 
or  inaeases  in  wing  loading,  they  will  need  to 
be  used  in  concert  with  more  powerful  flaps. 

d)  Reynolds’  number  effects  on  lift  performance 
were  found  to  be  significant  for  tests  without 
leaiUng  edge  slats.  Hence,  half  model  testing 
for  hi^  Uft  development  needs  to  be  done  at 
larger  scale.  Alternatively,  more  extend 
testing  of  two-dimensional  airftnls  may  be 
used  m  conjunction  with  reliable  model-to- 
fuU  scale  wing  prediction  methods. 

e)  Predicting  the  high  lift  performance  of  h^ 
aspect  ratio,  unswept  wings  as  used  in  t£m 
stiufy  can  be  done  with  relatively  simple, 
lifting-line  procedures. 

ACKNOWLEDGEMENT 

The  research  programs  discussed  here  were  jointly 
fmuled  projects  of  de  Havilland  fric  and  The 
Program  for  Industry  and  Laboratory  Participation 
of  the  National  Research  Council  of  Canada 
during  the  years  1980  to  1987. 


REFERENCES 

1.  Potde,  RJ  J3.,  and  Tecling,  P., 

*Airfr^  for  Li^  Transport  Airaaft*, 

SAE  81076,  A^  1981 

2.  E^estnn,  B., 

"RAD  in  the  Evdutkm  of  the  Dash  8*, 

CASI  Journal  VoL  30,  September  1984 

3.  f^gleston,  B.,  Poole,  R  Ji).,  Jones,  D  J., 

l£ilid,  M.,  *Thick  Supercritical  Airfoils  with 
Low  and  Natural  Laminar  Flow*, 

Journal  trf  Airaaft,  VoL  24,  June  1987 

4.  Khalid,  M.  and  Jones,  D  J., 

*A  Sununaiy  of  Transonic  Natural  Laminar 
Flow  Airfoil  Development  at  NAE* 
NAE-AN-65,  May  1990 

5.  Mokry,  M.,  Digney,  JJl.,  Poole,  R  JJD., 
Doutda-Panel  Method  for  Half-Model 
Wind-Tunnel  Corrections, 

Journal  of  Airaaft,  VoL  24,  May  1987 


commuter  Aiwons 


ter 


19%  t/c 


»%  t/( 


nounaa.  aovancbi  mrfor.  famuy 


FIGURE  3.  MODEL  OF  21  %  THICK  COMMUTER  AIRFOIL 

WITH  FLAPS 


FIGURE  4.  MODEL  OF  1 6%  THICK  ADVANCED  AIRFOIL 

WITH  FLAPS  AND  SLAT 
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FIGURE  1 5.  REFLECTION  PLANE  MODEL 

Commuter  Airfoils  -  Low  Speed  Tunnel 


FIGURE  16.  REFLECTION  PLANE  MODEL 

Advanced  Airfoils  -  Low  Speed  Tunnel 
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SUMMARY 

The  design  history  of  a  flap  system  for  an 
advanced  amphibious  aircraft  is  presented  in 
this  paper.  All  the  most  significant  phases 
of  the  20  theoretical  studies  and  the  expe¬ 
rimental  20  and  30  investigations  which  ha¬ 
ve  allowed  to  achieve  the  final  geometry  of 
the  high-lift  device  will  be  described  and, 
hence,  the  design  criteria,  the  methods  of 
analysis,  the  choices  will  be  pointed  out. 

Starting  from  the  preliminary  design  of 
several  flap  systems,  the  development  of 
this  project  needed  a  great  deal  of  numeri¬ 
cal  studies  and  Wind-Tunnel  tests  in  order 
to  select,  step  by  step,  the  most  efficient 
geometries  and  to  optimize  the  flap  configu¬ 
rations.  So,  different  technical  aspects  in¬ 
volved  with  these  activities  will  be  discus¬ 
sed:  the  choice  of  the  flap  types  to  be  in¬ 
vestigated,  related  to  the  special  aerodyna¬ 
mic  requirements  of  an  amphibious  aircraft 
and  to  the  needs  of  other  design  areas 
(structure,  weight,  production);  the  geome¬ 
trical  elements  affecting  the  aerodynamic 
performance  of  a  high-lift  device;  general 
problems  connected  with  theoretical  and  ex¬ 
perimental  studies  of  multi-body  systems. 


No«enclatur« 

ALPHA  airfoil  angle  of  attack  (deg) 

c  a i r f o i I  chord 

CL  airfoil  lift  coefficient 

CLmax  maximum  lift  coefficient 

of  airfoil 

CL'  aircraft  lift  coefficient 

CD  airfoil  drag  coefficient 

Cm  airfoil  p i t ch i ng - moment 
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DF  flap  deflection  (deg) 

Re  Reynolds  number 

t  airfoil  thickness  (percent  c) 

OV  overlap  value  (percent  c) 

V  aircraft  velocity 

X  chordwise  non-dimensional 

CO- ordi nate 


1.  INTRODUCTION 

The  studies  of  the  flap  system  play  a  key 
role  for  the  aircraft  design;  the  operatio¬ 
nal  features  of  every  type  of  aircraft,  in¬ 
deed,  are  strongly  affected  by  the  low-speed 
performance  and,  so,  by  the  aerodynamic  cha¬ 
racteristics  of  the  wing  high-lift  device. 

The  way  a  flap  system  for  an  advanced  am¬ 
phibious  aircraft  was  designed  (as  shown  in 
this  paper)  represents,  in  general,  the  ac¬ 
tivities  concerning  the  development  of  a  new 
flap  geometry  and,  in  particular,  the  ef¬ 
forts  made  in  researching  an  efficient  high- 
lift  system  for  a  specific  project. 

A  complex  technical  process,  from  the  ear¬ 
ly  numerical  analyses  of  flapped  airfoil 


configurations  until  recent  experimental  in¬ 
vestigations  of  an  aircraft  scale  model,  ted 
to  the  final  choice  of  the  high-lift  device ; 
different  aspects  are  involved:  general  de¬ 
sign  requirements  and  all  the  factors  which, 
from  the  aerodynamic  viewpoint,  concurred  to 
define  the  flap  system. 

1 . 1 .  Aerodynamic  requirements  and 
design  criteria 

Amphibious  aircraft,  more  than  conventio¬ 
nal  aircraft,  need  high  low-speed  performan¬ 
ce:  take-off  from  water,  scooping  (relative 
to  the  fire-fighting  version)  and  alighting 
in  high  sea-state,  in  fact,  are  very  criti¬ 
cal  basic  conditions  which  determine  the  o- 
perative  flight  range  for  this  kind  of  air¬ 
craft  and,  hence,  may  make  an  amphibious  a 
successful  one. 

Therefore,  high  aerodynamic  efficiency  in 
takc-of<  and  scooping  and  high  lift  values 
in  landing  and  alighting  are  essential  re¬ 
quirements  for  a  flap  system.  In  particular, 
very  important  is  the  flap  efficiency  during 
the  take-off  from  water  when,  as  pointed  out 
by  the  diagram  in  fig.1,  both  aerodynamic 
and  hydrodynamic  drag  affect  the  take-off 
run . 

But  in  designing  a  wing  high-lift  device, 
the  effectiveness  from  the  aerodynamic  point 
of  view  is  only  one  of  the  elements  to  tje 
taken  into  account:  the  needs  relative  to 
the  structure,  weight,  control  systems  must, 
in  fact,  also  be  considered.  Moreover,  espe¬ 
cially  for  amphibious  aircraft,  due  to  the 
adverse  environmental  conditions  where  often 
they  operate,  cost  and  maintenance  easiness 
play  a  key  role  in  defining  the  general  cha¬ 
racteristics  of  a  flap  system. 

In  this  project,  structural  needs  together 
with  problems  relative  to  the  control  devi¬ 
ces  to  be  fitted  in  the  rear  part  of  the 
wing  have  sensibly  affected,  for  instance, 
the  choice  concerning  the  flap  chord,  while 
cost,  maintenance  and  weight  have  been  some 
of  the  determining  factors  in  directing  the 
design  towards  high-lift  systems  involving 
simpler  technical  solutions. 

1.2.  Design  strategy 

This  section  provides  a  synthesis  of  the 
activities  performed  for  designing  the  high- 
lift  device,  based  on  a  series  of  theoreti¬ 
cal  and  experimental  investigations  of  seve¬ 
ral  flap  geometries.  The  different  phases  of 
this  study  follow  the  logical  sequence  (de¬ 
picted  in  fig. 2)  of  typical  works  in  aerody¬ 
namics. 

After  a  preliminary  and  more  general  ana¬ 
lysis,  the  attention  was  focused  on  two  flap 
systems,  having  the  same  (or  simitar)  chord 
length:  doubt e - s I ot t ed  (vane-flap  type)  and 
s i ng I e - s I  0 1 1 ed  flap  devices.  Each  of  them 
was,  at  first,  theoretically  studied  in  or¬ 
der  to  attain  as  efficient  geometries  as 
possible;  then,  a  2-0  Uind-Tunnel  testing  of 
the  two  types  of  flap  was  performed.  Through 
the  same  approach  (theoretical  analysis  and 
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subsequent  experimentation)  a  s i ng I e- s lot  ted 
high-lift  system,  characterized  by  a  larger 
flap  chord  and  by  a  new  designed  slot  geome¬ 
try  of  the  main-body,  was  studied  for  obtai¬ 
ning  an  improvement  of  the  airfoil  high-lift 
characteristics. 

At  the  end  of  these  2-D  investigations,  a 
great  deal  of  information  about  the  perfor¬ 
mance  achievable  by  means  of  different  types 
of  flap  system  was  available;  on  the  basis 
of  these  data  and  also  considering  the  fac¬ 
tors  which,  beyond  the  aerodynamic  design, 
concern  the  activities  of  other  groups  in¬ 
volved  in  this  project  (structures,  flight 
mechanics,  production,  control  systems)  the 
high-lift  device  was  chosen. 

Finally,  Wind-Tunnel  tests  of  a  1:15  scale 
model  of  the  aircraft  were  useful  to  verify, 
in  three-dimensional  flow  conditions,  the 
performance  of  the  selected  flap  and  to  op¬ 
timize  its  configuration. 

2.  GEOMETRIES 

The  high-lift  device  under  study  is  rela¬ 
tive  to  airfoils  derived  from  NACA  d-series 
wing  sections,  modified  in  the  regions  of 
leading  edge  and  trailing  edge,  with  percent 
thickness  varying  from  18  to  IS.  Flapped 
configurations  of  two  airfoils  (percent  thi¬ 
ckness  of  16  and  18)  were  especially  inve¬ 
stigated;  for  each  one,  as  mentioned  before 
(sec. 1.2),  single  and  doubl e- s I o t t ed  (vane- 
flap)  systems  were  studied.  A  picture  of  the 
two  types  of  flap  is  given  in  fig. 3. 

Evaluations  concerning  the  high-lift  per¬ 
formance  achievable  through  such  flap  devi¬ 
ces,  based  on  previous  experiences  and  lite¬ 
rature  data  about  wing  sections,  led  to  a 
preliminary  definition  of  the  chord  length: 
values  of  30  per  cent  for  vane-flap  and  of 
30  to  35  per  cent  for  s i ng I e- s I o t t ed  flap 
systems . 

2.1.  Why  a  vana-flap 

Taking  into  account  the  need  of  achieving 
lift  performance  as  high  as  possible,  since 
the  preliminary  phases  of  this  study  the  po¬ 
tentialities  of  several  doub I e - s I o t t ed  flap 
systems  have  been  considered.  However,  due 
to  the  manufacturing  and  maintenance  diffi¬ 
culties,  in  addition  to  weight  and  cost  pe¬ 
nalties,  relative  to  the  linkage  system  when 
a  relative  motion  between  the  flap  elements 
is  required,  the  interest  has  been  soon  di¬ 
rected  towards  doubl e- s I ot t ed  devices  whose 
fore  element  (vane)  and  the  ma in( a f t ) - f I ap 
deflect  together  as  a  unit  around  a  fixed 
pivot.  Indeed,  such  a  system,  thanks  to  the 
boundary- I ayer  control  performed  by  the  va¬ 
ne,  allows  to  achieve,  especially  at  large 
deflections,  higher  lift  values  than  the 
ones  obtainable  through  s i ng I e - s I o t t ed  flaps 
and,  at  the  same  time,  does  not  involve  the 
typical  structural  complexity  of  the  multi¬ 
body  devices. 

2.2.  Why  a  singla-slotted  flap 

The  investigation  of  high-lift  systems 
which  involved  simple  structural  solutions 
has  always  been  a  primary  interest  for  this 
project;  therefore,  contemporaneously  with 
the  development  of  the  vane-flap,  several 
single-slotted  flap  geometries  were  analy¬ 
sed,  looking  for  attaining,  by  means  of  an 
appropriate  shaping,  aerodynamic  characteri¬ 
stics  (especially  values  of  the  maximum  lift 
coefficient)  close  to  the  ones  obtainable 
through  more  complicated  systems  as  multi - 
body  flaps.  On  this  scenario,  theoretical 


and  experimental  studies  of  a  family  of 
s i ngl e- s I ot ted  flaps  (with  different  chord 
extents)  were  carried  out;  in  particular, 
analyses  of  systems  with  a  30X  and,  more  re¬ 
cently,  a  35X  flap  chord  took  place. 

2.3.  Problmaim  in  designing  slotted- flap 

systens 

Not  only  the  flap  geometry,  but  also  the 
slot(s)  contour,  the  lip  location,  the  com¬ 
binations  of  gap  and  overlap  (fig. A)  deter¬ 
mine  the  performance  of  a  single  or  multi- 
slotted  high-lift  device;  such  a  system,  in¬ 
deed,  may  be  considered  as  a  whole  of  geome¬ 
trical  characteristics,  each  of  them  direc¬ 
tly  affects  the  aerodynamic  behaviour  of  the 
airfoil  and,  at  the  same  time,  also  affects 
the  role  played  by  the  other  ones.  This  ma¬ 
kes  the  design  of  slotted  flap  systems  a  ve¬ 
ry  complicated  task,  as  confirmed,  in  deve¬ 
loping  this  project,  by  the  large  number  of 
theoretical  studies  and  experimental  tests 
were  needed  for  achieving  a  successful  geo¬ 
metry,  able  to  provide  the  high-lift  perfor¬ 
mance  required. 

In  particular,  very  difficult  is  the  ana¬ 
lysis  of  flapped  geometries  (concerning,  for 
instance,  different  gap/overlap  values)  at 
incidence  approaching  the  stalling  angle, 
because  in  this  case,  while  no  accurate 
theoretical  predictions  are  possible,  the 
low  values  of  local  Reynolds  number  in  the 
slot(s)  region(s)  make  also  the  experimental 
investigation  a  complex  one. 

2.4.  Flap  setting 

The  choice  of  the  flap  deflections  relati¬ 
ve  to  the  operative  flight  conditions  of  the 
aircraft  is  a  crucial  phase  for  the  design 
of  a  high-lift  system.  In  general,  the  flap 
setting  is  the  result  of  a  compromise  bet¬ 
ween  the  need  of  achieving  lift  performance 
in  landing  as  high  as  possible  and  the  re¬ 
quirements  of  high  aerodynamic  efficiency 
during  take-off  and  the  other  low-speed 
flight  operations. 

The  solution  of  such  a  problem  becomes  a 
very  difficult  one  when  considering  flap  de¬ 
vices  whose  rearward  movement  is  defined  by 
r  circular  path  around  a  single  pivot,  be- 
ause,  in  this  case,  much  more  complicated 
is  to  optimize  the  different  configurations. 
Ir  the  case  under  study,  deflection  angles 
of  40  to  45  degrees  for  s i ng I e- s I ot t ed  devi¬ 
ces  and  of  45  to  50  degrees  for  vane-flaps 
were  taken  into  account  as  suitable  maximum 
values,  while  deflections  of  15  and  30  de¬ 
grees  were  considered  as  potential  for  take¬ 
off  and  approach,  respectively.  On  the  basis 
of  these  values,  a  preliminary  design  of 
geometries  was  developed;  the  subsequent 
phases  of  the  theoretical  study  and  the  ex¬ 
perimental  investigation  involved  a  more  de¬ 
tailed  analysis  of  flap  deflections,  in  or¬ 
der  to  evaluate  the  airfoil  performance  in  a 
wide  range  of  configurations. 

3.  THEORETICAL  2-D  STUDIES 
3.1.  Choice  of  the  numerical  code 

Before  starting  on  the  theoretical  stu¬ 
dies,  a  preliminary  investigation  of  methods 
for  the  analysis  of  mul t i - e I ement  geometries 
in  viscous  flow  was  carried  out.  Taking  into 
account,  in  particular,  the  need  of  estima¬ 
ting  the  aerodynamic  performance  of  flapped 
airfoils  at  high  incidence,  in  presence, 
hence,  of  large  separated  regions,  several 
codes  [1,21  were  considered,  looking  for  the 
most  suitable  one. 


The  prograa  used  is  a  mul t i -aethods  code 
C2] ,  providing  different  singularity  methods 
for  the  inviscid  solution  and  different  in¬ 
tegral  methods  for  the  boundary- layer  equa¬ 
tions.  Concerning  the  potential  field,  sym¬ 
metric  distributions  of  singularities  (sour¬ 
ces  and  vortices)  on  planar  panels  have  been 
preferred,  on  the  basis  also  of  previous  nu¬ 
merical  experimentations,  to  other  techni¬ 
ques  as  Doug  1  as -Meumann,  Hess,  Green,  etc. 
The  solution  of  laminar  and  turbulent  boun¬ 
dary  layers  has  been  achieved,  respectively, 
through  Thuaites  and  Green  methods,  with 
direct/inverse  techniques.  Other  program 
features  are  the  transpiration  method  for 
the  vi scous- i nvi sc  id  interaction  and  the 
empirical  criterion  of  Hichel-Smith  for  the 
I  ami nar - turbul ent  transition.  The  Squire- 
Young  formula  is  used  for  calculating  the 
drag  coefficient. 

3.2.  (Jmoaatrical  Pr«-Pr«>ces«ing 

The  paneling  is  a  very  important  phase  for 
the  theoretical  study  of  bodies  in  viscous 
flow  field;  in  fact,  a  good  geometry  simula¬ 
tion  with  an  accurate  points  spacing  is  an 
essential  requirement  for  a  correct  analysis 
of  the  boundary  layer,  especially  with  re¬ 
gard  to  the  I  ami nar - turbul ent  transition  and 
flow  separation  phenomena.  Horeover,  the 
prediction  of  aerodynamic  characteristics 
for  multi-bodies  is  strongly  affected  by  the 
panels  distribution  in  the  region(s)  of  con¬ 
fluent  boundary  layers,  where  the  .omputa- 
tion  becomes  more  complicated. 

Therefore,  considering  the  geometrical 
complexity  of  the  bodies  to  be  analysed,  a 
preliminary  study  concerning,  for  each  body, 
the  choice  of  the  paneling  type  and  the  num¬ 
ber  of  corner  points  was  needed,  depending 
on  the  relative  positions  of  the  si'rfoil  e- 
lements  and  the  angle  of  attack.  For  instan¬ 
ce,  in  studying  flap  systems  at  low  deflec¬ 
tions  (when  stronger  is  the  interaction  of 
the  flow  fields  generated  by  each  body)  it 
was  necessary  to  increase  the  number  of  pa¬ 
nels  for  obtaining  a  satisfactory  convergen¬ 
ce  of  the  iterative  process  and,  so,  more 
accurate  results. 

An  example  of  paneling  for  the  main-body/ 
vane-flap  system  is  shown  in  fig. 5;  the  law 
for  distribution  of  panels  (cosine  of  curvi¬ 
linear  abscissa  for  the  main-body  and  the 
aft-flap,  constant  curvilinear  abscissa  for 
the  vane  element)  is  pointed  out  in  the  slot 
-entry  region.  Typical  values  of  panels  num¬ 
ber  for  this  geometry  were:  120/140,  50/60, 
60/80  for  the  main-body,  vane  and  aft-flap, 
respec  t  i  ve  I  y . 

In  general,  for  the  comparative  studies  of 
vane-flap  and  s i ng I e- s I o t t ed  flap  systems 
(as  well  as  of  the  airfoil  clean  configura¬ 
tion),  the  geometries  were  simulated  in  such 
a  way  as  to  realize,  especially  (for  multi¬ 
bodies)  in  the  stot(s)  region(s),  similar 
panels  distributions  relatively  to  the  num¬ 
ber  and  the  length  of  panels. 

3.3.  Analysis  uthod 

since  the  principal  aim  of  the  theoretical 
study  was  to  investigate  the  high-lift  cha¬ 
racteristics,  primary  emphasis  was  given  to 
the  analysis  of  geometries  at  large  flap  de¬ 
flections  and  high  angles  of  attack.  First 
of  all,  it  was  tryed  to  get  results  at  inci¬ 
dence  close  to  the  expected  stalling  angle 
of  attack  of  the  airfoil,  in  order  to  eva¬ 
luate  the  aerodynamic  behaviour  of  the  dif¬ 
ferent  configurations  at  the  most  critical 


operative  conditions.  Then,  a  detailed  study 
in  a  wide  range  of  flap  setting  and  inciden¬ 
ce  angles  was  performed. 

Besides  the  values  of  lift,  drag  and 
pitching-moment  coefficients,  the  pressure 
distributions  were  taken  into  account  as 
very  effective  means  of  aerodynamic  inspec¬ 
tion.  In  fact,  from  the  analysis  of  the 
pressure  profiles  over  the  whole  airfoil,  as 
well  as  over  the  surfaces  of  each  body  and 
over  small  regions  (slots,  confluence  of 
boundary  layers),  it  was  possible  to  inve¬ 
stigate  in  detail  the  different  geometries. 

Further  data  about  the  development  of  the 
boundary  layer  (as  the  location  of  the 
I  ami nar - turbul ent  transition  and  flow  sepa¬ 
ration  regions)  were  also  considered  for  a 
more  accurate  aerodynamic  study. 

3.3.1.  About  thm  prediction  of 
airfoil  stall 

The  evaluation  of  the  maximum  lift  coeffi¬ 
cient  of  airfoils  through  theoreticwl  me¬ 
thods,  already  a  very  complicated  matter  for 
a  single  body  [3],  becomes  a  much  more  dif¬ 
ficult  one  when  considering  multi-body  sy¬ 
stems  in  viscous  flow.  In  many  cases,  in¬ 
deed,  in  presence  of  large  separated  re¬ 
gions,  in  addition  to  the  complex  fluid  dy¬ 
namic  mechanisms  connected  with  the  boundary 
layers  interaction,  no  accurate  prediction 
of  the  aerodynamic  charac ter i st  i  cs  is  possi¬ 
ble.  However,  as  the  theoretical  methods 
used  allow  to  well  simulate  the  behaviour  of 
a  single-body  almost  up  to  the  stall,  on  the 
basis  of  the  results  relative  to  the  airfoil 
clean  configuration  it  was  possible  to  indi¬ 
rectly  estimate  the  stalling  angle  of  geome¬ 
tries  with  the  flap  deflected.  As  consequen¬ 
ce,  the  analysis  of  such  systems  was  stopped 
at  incidence  far  enough  from  the  critical 
values  of  the  angle  of  attack,  but  so  high 
as  to  obtain,  anyway,  significant  informa¬ 
tion  on  the  effectiveness  of  the  different 
flap  configurations. 

3.4.  Analysis  of  vane-flap  systems 

During  the  first  phase  of  the  study  the 
attention  was  focused  on  different  combina¬ 
tions  of  vane  and  main-flap  (4).  In  particu- 
ar,  it  was  taken  a  special  care  of  designing 
their  relative  position,  as  the  effective¬ 
ness  of  the  boundary- layer  control  strictly 
depends  on  the  way  the  slot  between  the  two 
flap  elements  directs  the  high-energy  sir 
over  the  upper  surface  of  the  aft  body. 

Some  geometries  characterized  by  different 
relative  dimensions  of  the  two  bodies  were 
designed,  in  s.'der  to  investigate  the  sensi¬ 
tivity  of  the  aerodynamic  flow  field  and, 
so,  the  influence  of  such  modifications  on 
the  airfoil  performance.  Concerning  the  flap 
devices  shown  in  fig. 6a,  sensible  better  re¬ 
sults  were  achieved  through  the  system  ha¬ 
ying  the  longer  vane  and  the  smaller  main- 
flap,  as  denoted  by  the  pressure  distribu¬ 
tions  (fig. 6b)  obtained  with  the  flap  defle¬ 
cted  45  degrees  at  high  incidence. 

Significant  variations  of  the  high-lift 
characteristics  also  occurred  when  flap  geo¬ 
metries  relative  to  different  vane  positions 
were  studied,  as  the  elements  (fig. 7a)  with 
a  relative  rotation  of  two  degrees  around 
the  leading  edge  of  the  vane.  The  comparison 
of  the  respective  pressure  profiles  (fig. 7b) 
shows  a  more  efficient  boundary- I ayer 
control  performed,  at  large  deflections, 
through  the  geometry  "A";  in  fact,  in  spite 
of  very  similar  contributions  to  the  total 
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lift  value  by  the  two  flap  arrangeaents,  the 
different  levels  of  the  chordwitc  pressure 
distribution  over  all  the  upper  surface  of 
the  Main-body  involve  different  'ift  perfor- 
Mance  of  the  airfoil  (about  3X). 

The  study  of  the  vane-flap  relative  to 
several  gap/overlap  coMbinations  (related  to 
different  positions  of  the  flap  rotation 
centre)  has  also  played  a  key  role  in  defi¬ 
ning  the  geoaietry  of  this  flap  systeai  (5). 
Among  the  configurations  analysed,  two  geo¬ 
metries,  although  characterized  by  quite 
different  overlap  values  (fig. 8s),  gave  the 
same  results  in  terms  of  global  lift  perfor¬ 
mance.  They  are  representative  of  flap  posi¬ 
tions  involving  substantial  differences 
about  the  slot-end  geometry  and,  so,  about 
the  mechanism  for  the  boundary- t ayer  con¬ 
trol.  From  the  comparison  of  the  relative 
pressure  profiles  (fig. 8b),  in  particular 
two  effects  can  be  observed:  while  the  con¬ 
verging  main  slot  relative  to  the  forward 
flap  position  allows  to  better  energize  the 
flow  over  the  upper  surface  of  the  main  bo¬ 
dy,  the  more  extended  flap  involves  a  lar¬ 
ger  lift  contribution  by  the  vane,  due  to  a 
stronger  fluid  acceleration  in  the  region  of 
confluent  boundary  layers.  Situations  like 
this,  depending  on  the  complex  phenomena 
connected  with  multi-body  systems  in  viscous 
flow,  were  frequently  observed  during  the 
study  concerning  a  wide  grid  of  pivot  posi¬ 
tions.  It  must  be  said,  however,  that  the 
relative  behaviour  of  generic  flap  configu¬ 
rations  may  sensibly  change,  especially  at 
large  deflections,  by  increasing  the  angle 
of  attack;  so,  more  internal  flap  positions, 
even  though  more  effective  at  low  and  medium 
incidence,  might  cause  anticipation  of  air¬ 
foil  stall,  due  to  stronger  adverse  pressure 
gradients. 

The  lift  curves  concerning  the  airfoil  e- 
quipped  with  one  of  the  most  efficient  vane- 
flap  systems  are  shown  in  fig. 9a;  to  be  no¬ 
ted  the  flap  effectiveness  in  progressively 
improving  the  airfoil  lift  performance.  Fur¬ 
thermore,  considering  also  the  pitching- 
moment  coefficient  (fig. 9b),  one  can  observe 
that  the  pressure  centre  (located,  approxi¬ 
mately,  at  the  quarter  chord  point  with  flap 
retracted)  shifts  rearward  (about  0.02c)  by 
increasing  up  to  15  degrees  the  flap  deflec¬ 
tion,  while  it  shifts  forward  (about  0.03c) 
by  varying  the  deflection  from  15  to  45  de¬ 
grees  . 

3.5.  Analycis  of  gingle-slottad 

flap  syateaia 

Two  phases  have  characterized  the  design 
of  the  s i ng I e- s I ot t ed  devices:  the  first  one 
concerned  the  project  of  flaps  with  chord 
varying  from  30  to  32  per  cert  of  airfoil 
chord  and  configurations  similar  to  the 
vane-flap  under  study;  the  second  one  [6] 
was  relative  to  a  s i ng I e- s I ot t ed  system  with 
more  significant  modifications  of  geometry 
and  an  increased  (0.35c)  flap  chord. 

3.5.1.  Thirty/Thirty-taio  par  cant  flaps 

Several  geometries  and,  for  each  one,  se¬ 
veral  configurations  (relative  to  different 
gap/overlap  values)  were  studied.  The  flap 
profiles  were  designed  likewise  the  vane- 
flap  system  previously  analysed;  however, 
some  little  modifications  of  curvature  were 
introduced.  The  results  obtained,  compared 
with  the  ones  concerning  equivalent  confi¬ 
gurations  (with  the  same  gap/overlap  values) 
of  the  vane-flap,  showed  a  sensible  decrease 


of  high-lift  performance,  especially  at  lar¬ 
ge  flap  deflections,  where  the  effectiveness 
of  the  boundary  - 1 ayer  control  rapidly  goes 
down . 

One  of  the  s i ng I e- s I o t t ed  flaps  studied 
and  the  vane-flap,  both  deflected  45  degrees 
around  the  same  pivot,  are  compared  in 
fig. 10a.  The  relative  pressure  distributions 
(fig. 10b)  clearly  denote  the  loss  of  effec¬ 
tiveness  associated  to  the  single-body  flap 
system;  the  sensible  lower  expansion  over 
the  upper  side  of  the  airfoil  points  out  the 
function  of  the  vane  element  of  the  double- 
slotted  device  which  energizes  the  flow  and, 
so,  delays  separation. 

3.5.2  Thirty-fivm  per  cent  flap 

The  study  of  s i ng I e- s I ot t ed  devices  with  a 
larger  flap  chord  was  carried  out  trying  to 
improve  the  lift  performance  estimated  for 
similar  geometries  having  a  smaller  chord 
length  and,  so,  trying  to  approach  or,  if 
possible,  to  attain  the  theoretical  results 
relative  to  the  vane-flap  system  with  a 
smaller  chord  (0.30c). 

Since  the  basic  geometrical  condition  was 
to  not  change  either  the  curvature  or  the 
airfoil  thickness,  the  flap  geometries  ana¬ 
lysed  resemble,  for  the  rear  part,  the  pro¬ 
files  of  the  vane-flap  and  s i ng I e - s I ot t ed 
systems  previously  defined.  Obviously,  ac¬ 
cording  to  the  problems  (discussed  on 
sec. 2. 3)  concerning  the  design  of  slotted- 
flap  devices,  the  project  of  the  new  geome¬ 
try  involved  a  series  of  studies  about  the 
geometrical  elements  which  concur  to  define 
a  high-lift  system;  the  slot-entry  profile, 
the  lip  extent  and,  above  all,  the  gap  and 
overlap  values.  In  this  case,  the  slot  shape 
of  the  main-body  was  sensibly  modified,  due 
to  the  increment  of  flap  chord,  while  the 
lip  was  moved  towards  the  normal  trai ling- 
edge  position  for  taking  greater  benefits  of 
the  extended  flap  configuration. 

Concerning  the  pivot,  a  careful  analysis 
was  needed,  in  order  to  attain,  for  each  de¬ 
flection  connected  with  the  large  backward 
flap  movement,  an  efficient  boundary- layer 
control  through  an  appropriate  (converging) 
slot.  As  an  example  of  the  sensible  varia¬ 
tions  of  performance  by  changing  the  pivot, 
pressure  profiles  (fig. 11)  concerning  diffe¬ 
rent  overlap  values  indicate  that  more  in¬ 
ternal  flap  positions  provide,  at  large  de¬ 
flections,  better  results. 

a)  Comparison  with  the  vane-flap 

In  fig. 12,  showing  the  flap  system  under 
study  and  the  vane-flap  device,  the  change 
made  in  the  rear  part  of  the  main-body,  the 
variation  of  the  airfoil  curvature  at  high 
deflection,  the  different  chord  extents  may 
be  observed. 

Of  great  interest  is  the  relative  beha¬ 
viour  of  the  two  flaps  at  different  angles 
of  deflection  (see  fig. 13).  While  these  sy¬ 
stems  involve  quite  similar  lift  values  at 
high  deflections  when,  due  to  large  separa¬ 
ted  regions,  the  boundary- layer  control 
through  the  vane  plays  a  key  role,  a  sensi¬ 
ble  increment  of  performance  by  means  of  the 
s i ng I e- s I ot t ed  geometry  was  attained  at 
small  and  medium  deflections,  when  the  air¬ 
foil  chord  extent  (with  the  flap  deflected), 
the  shape  of  the  slot,  the  local  curvature 
and,  in  general,  the  elements  which  all  to¬ 
gether  make  a  multi -bodies  geometry  become 
more  significant.  The  pressure  distributions 
(fig. 14)  reflect  this  situation. 
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The  polar  and  pi tchi ng-Monent  curves  deno¬ 
te  siMilar  trends  for  the  tuo  flaps  up  to 
30  degrees  of  deflection:  in  fact,  no  signi¬ 
ficant  variations  of  efficiency  exist,  while 
the  differences  in  teras  of  pi tch i ng -aoaent 
coefficients  are  proportional  to  the  lift 
values.  On  the  contrary,  a  rather  different 
behaviour  of  the  single-slotted  flap  can  be 
observed  at  large  deflections  (45  degrees), 
when  the  location  of  the  pressure  centre 
shifts  forward  (about  0.02*c)  relatively  to 
the  vane-flap  systen. 

b)  Coaparison  with  saaller  s i ng I e-s I ot ted 
flaps 

In  the  whole  range  of  flap  deflections  a 
very  large  iaproveaent  of  lift  perforaance 
was  attained  through  the  new  s i ng I e- s I ot ted 
flap,  whose  geoaetry  is  coapared  (fig. 15a) 
with  a  30X  single-body  flap.  As  painted  out 
by  the  pressure  distributions  (fig. 15b),  the 
stronger  expansion  over  the  upper  surface  of 
the  aain-body  is  responsible  for  the  high 
increase  of  the  total  lift  values  achieved 
through  the  extended  system,  while  the  flap 
contributions  are  quite  similar. 

3.6.  Concluding  rannrka 

This  series  of  theoretical  studies  provi¬ 
ded  a  good  prediction  of  the  aerodynamic 
perforaance  of  airfoils  equipped  with  single 
or  doubl e- s I ot ted  flaps.  In  fact,  although 
the  analysis  of  au I t i - e I ement  geometries  is 
a  very  difficult  one,  the  computation  me¬ 
thods  allowed  to  evaluate  the  characteri¬ 
stics  of  high-lift  devices  also  at  condi¬ 
tions  (high  incidence  and  large  flap  deflec¬ 
tions)  where  more  significant  and,  at  the 
same  time,  more  complex  the  study  of  such 
systems  becomes. 

Concerning,  in  particular,  the  investiga¬ 
tion  of  gap  and  overlap,  a  special  topic  for 
the  flap  design,  rather  definite  indica¬ 
tions,  depending  on  type  of  geometry  (single 
or  double-slotted),  were  obtained.  According 
to  the  theoretical  analysis,  indeed,  white 
more  external  positions  of  the  vane-flap 
turned  out  to  be  better,  s i ng I e- s I ot ted  geo¬ 
metries  needed,  in  general,  a  more  definite 
coi. verging  slot  (connected  with  larger  over¬ 
lap  values)  for  achieving  an  effective 
bondary- I ayer  control. 

From  the  whole  spectrum  of  the  investiga¬ 
tions  performed,  the  vane-flap  appeared  as  a 
very  efficient  geometry  for  attaining  the 
special  requirements  of  a  flap  system  for 
amphibious  aircraft;  in  fact,  it  was  neces¬ 
sary  to  increase  the  chord  of  single-slotted 
flaps  up  to  35X  for  achieving  (at  large  de¬ 
flections)  and  improving  (at  small  deflec¬ 
tions)  the  performance  of  airfoils  equipped 
with  the  vane-flap  (0.30c).  It  was  just  the 
extended  single-body  flap  a  possible  alter¬ 
native  to  the  vane-flap  system,  as  confirmed 
by  the  subsequent  experimental  studies. 

Nevertheless,  an  intensive  Wind-Tunnel  ex¬ 
perimentation  of  all  the  high-lift  devices 
studied  was  planned,  looking  for  the  infor¬ 
mation  needed  for  confirming  and  better  de¬ 
fining  the  theoretical  results. 

4.  BZPERINBMTAi:.  2-D  STUDIES 

Somewhat  definite  results  concerning  the 
most  powerful  high- lift  systems  had  been  a- 
chievfij  at  the  end  of  the  theoretical  stu¬ 
dies.  Therefore;  the  experimentation  was  ai- 
m«d  at  analysing  eepccially  the  vane-flap 
device,  after  Tts  estimated  higher  perfor- 
manc'k  in  compari^son  with  equivalent  (of  e¬ 


qual  chord)  s i ng I e- s I ot ted  systems  was  veri¬ 
fied;  afterwards,  as  potential  for  alterna¬ 
tive  solution,  the  extended  (35X  of  airfoil 
chord)  single-slotted  flap  was  tested. 

4.1.  Invmmtigation  planning 

The  first  phase  of  the  experimental  stu¬ 
dies  concerned  the  investigation  of  airfoils 
equipped  with  the  vane-flap  and  families  of 
s i ngl e- s I ot ted  devices  with  30-32  per  cent 
of  chord  extent.  Through  quasi-20  tests  in 
the  Wind  Tunnels  of  Naples  University  and  of 
Turin  University,  the  comparative  studies 
were  performed,  while  an  experimental  analy¬ 
sis  of  the  vane-flap  system  in  strictly  2-D 
conditions  took  place  in  the  Wind  Tunnel  of 
Stuttgart  University  [7]. 

The  second  part  of  the  experimentation, 
held  in  the  Wind  Tunnel  of  Naples  Universi¬ 
ty  (1991),  was  devoted  to  the  s i ng I e- s I ot t ed 
geometry  with  35X  of  airfoil  chord. 

4.2.  Invmstigation  Mthods 

The  indication  from  the  theoretical  study 
about  the  most  efficient  combinations  of  gap 
and  overlap,  for  each  flap  geometry,  was  u- 
seful  to  pilot  the  experimental  activities. 
In  fact,  through  Wind-Tunnel  tests,  in  many 
cases,  the  airfoil  aerodynamic  characteri¬ 
stics  relatively  to  some  particular  pivot 
positions  were  analysed,  trying  to  optimize 
such  configurations  and,  thus,  avoiding  fe¬ 
ting  other  feasible  flap  arrangements. 

for  each  high-lift  system  and  each  confi¬ 
guration,  the  airfoils  were  experimented  at 
different  flap  deflections,  in  order  to  at¬ 
tain  a  clear  picture  of  performance  for  all 
the  operative  flap  range. 

4.3.  Preliminary  testa  of  vane-flap  and 
single-slotted  systems 

The  early  Wind-Tunnel  testing  consisted  in 
determining  the  most  powerful  configura- 
tion(s)  for  the  vane-flap  geometry;  several 
arrangements  of  the  vane  element  were  expe¬ 
rimented,  as  well  as  the  pivot  positions 
which,  on  the  basis  of  the  theoretical  stu¬ 
dy,  might  have  allowed  the  best  airfoil  per¬ 
formance. 

From  the  tests  concerning  different  rela¬ 
tive  positions  of  the  two  flap  elements, 
variations  of  lift  values  (about  4X,  at 
high  deflections)  quite  similar  to  the  ones 
given  by  the  theoretical  analysis  (sec. 3.4) 
were  found. 

Also  the  results  obtained  with  regard  to 
the  aerodynamic  behaviour  of  the  airfoil  by 
varying  the  gap/overlap  combinations  confir¬ 
med,  for  the  most  part,  the  theoretical  pre¬ 
dictions.  The  curves  of  fig. 16,  for  instan¬ 
ce,  indicate  the  variation  of  high-lift  per¬ 
formance  associated  to  different  overlap  va¬ 
lues;  in  this  case,  the  more  external  flap 
position,  although  less  efficient  up  to  high 
incidence,  allows  to  sensibly  improve  the 
airfoil  aerodynamic  characteristics  close  to 
the  stall.  This  situation,  typical  of  the 
vane-flap  behaviour  at  large  deflections, 
has  been  decisive  for  the  conclusive  defini¬ 
tion  of  the  flap  system. 

During  the  same  campaign,  some  single- 
slotted  flaps  were  tested,  not  only  in  order 
to  determine  other  potential  wing  high-lift 
devices,  but  also  for  evaluating  the  loss  of 
lift  performance  in  comparison  with  the 
vane-flap  system.  Several  lift  curves  rela¬ 
tive  to  the  vane-flap  and  to  one  of  the  most 
efficient  single-slotted  flaps  experimented 
are  shown  in  fig. 17.  This  diagram  is  repre- 
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sentative  of  the  difference  of  lift  values 
achievable,  at  large  and  small  deflections, 
through  single  or  doubl e- s I ot t ed  flaps  (with 
the  same  chord),  as  derived,  in  accordance 
with  the  indication  of  the  theoretical  stu¬ 
dy,  from  this  experimentation. 

4.4.  Bxpariaantation  of  the  vane-flap 
ayeteai  (Part  2) 

Two  airfoils  with  s  maximum  percent  thi¬ 
ckness  of  16  and  18,  equipped  with  the  vane- 
flap  device,  were  tested  in  the  Wind  Tunnel 
of  Stuttgart  University.  The  aim  of  this 
campaign  was  to  investigate  the  vane-flap 
system  in  strictly  2-0  conditions,  after  its 
geometry  had  been  defined  as  result  of  theo¬ 
retical  studies  and  previous  experimenta- 
t i ons . 

Several  tests,  referring  to  different  ex¬ 
perimental  conditions  (techniques  of  laminar 
-turbulent  transition,  Reynolds  number)  were 
performed  for  both  airfoils.  The  most  inte¬ 
resting  results  are  presented  in  fig. IS.  As 
shown  by  the  lift  curves,  the  behaviour  of 
the  two  airfoils  is  similar,  both  at  small 
and  large  flap  deflections,  also  by  varying 
the  Reynolds  number.  The  information  obtai¬ 
ned,  with  special  regard  to  the  maximum  lift 
coefficient,  were  useful  to  predict  the  air¬ 
craft  low-speed  performance  achievable,  in 
full  scale,  through  this  flap  system. 

4.5.  Expmriamntation  of  the  extended 
•ingle-slotted  flap. 

The  last  campaign  of  2-0  Wind-Tunnel  tests 
concerned  the  experimental  study  of  the 
single-slotted  device  with  the  increased 
(35X)  flap  chord. 

This  system  has  given  very  interesting  re¬ 
sults,  confirming  its  greater  potentiality, 
already  known  from  the  theoretical  analysis, 
in  comparison  with  the  vane-flap.  As  clearly 
denote  the  lift  curves  (fig. 19),  the  perfor¬ 
mance  achieved  at  small  and  medium  deflec¬ 
tions  is  sensibly  better  than  the  one  obtai¬ 
ned  through  the  doub I e- s I ot t ed  system,  while 
with  the  full  deflected  flap  it  is  rather 
difficult  to  analyse  the  behaviour  of  the 
airfoil  equipped  with  the  two  high-lift  de¬ 
vices,  in  spite  of  different  values  of  the 
maximum  lift  coefficient.  Anyway,  what  ap¬ 
pears  with  evidence  is  the  improvement  of 
the  airfoil  lift  performance  obtainable 
through  this  s i ng I e- s I ot t ed  flap,  conside¬ 
ring  the  whole  operative  range  of  deflec¬ 
tions.  Furthermore,  the  new  system,  compared 
to  the  vane-flap  geometry,  does  not  involve 
significant  penalties  of  drag  and  pitching- 
moment  coefficients. 

5.  CON(n.USION  OF  THO-OIMENSIONAL  STUDIES 

The  end  of  the  Wind-Tunnel  2-0  tests  has 
represented  a  milestone  for  the  flap  system 
design,  as  the  following  phases  concern  a 
series  of  correlation  activities  between  the 
results  of  the  experimental  and  theoretical 
studies  and,  then,  the  final  choice  of  the 
hi gh - 1 i f  t  devi ce . 

S.l.  Compmrmtivm  analysis  of  tbaoretical 
and  axpariaantal  rasults 

The  design  of  the  flap  system  has  been  ba¬ 
sed,  as  in  general  for  a  new  geometry  de¬ 
sign,  on  the  study  of  different  configura¬ 
tions,  trying  to  achieve,  through  the  analy¬ 
sis  of  the  relative  performance,  the  flap 
profile,  the  slot  shape,  the  pivot  position 
which,  all  together,  make  an  effective  high- 
lift  device.  The  theoretical  study  first 


and,  then,  the  experimental  investigation 
were  aimed  at  performing  such  a  comparative 
analysis;  the  geometries  and  the  relative 
flap  arrangements,  as  derived  from  the  theo¬ 
retical  design,  were  experimented  through  a 
series  of  Wind-Tunnel  tests  in  order  to  ve¬ 
rify  all  the  theoretical  indications  and 
pred i c  t i ons . 

According  to  this  “qualitative"  method  of 
comparison  between  the  theoretical  and  expe¬ 
rimental  results,  the  Wind-Tunnel  experimen¬ 
tation  has  confirmed  for  the  most  part,  as 
pointed  out  in  the  previous  sections,  the 
theoretical  conclusions  referring  to  the 
different  types  of  flap  tested,  different 
flap  and  slots  profiles,  different  gap/ 
overlap  values  and  so  on. 

An  absolute  comparison,  made  possible  by 
the  strictly  2-D  conditions  of  the  Wind- 
Tunnel  testing  (see  sec. 4. 4),  is  presented 
for  the  vane-flap  system  in  fig. 20,  where 
some  experimental  results,  obtained  for  dif¬ 
ferent  flap  deflections,  are  compared  with 
the  ones  derived  from  the  theoretical  analy¬ 
sis.  First  of  all,  the  very  good  accordance 
between  the  theoretical  and  experimental 
lift  curves  concerning  the  airfoil  clean 
configuration  may  be  observed;  moreover,  in 
spite  of  an  over-estimate  of  airfoil  perfor¬ 
mance  with  the  flap  deflected,  the  quite  si¬ 
milar  values  of  the  curves  gradient  in  the 
whole  range  of  deflections  confirmed  the  va¬ 
lidity  of  the  theoretical  predictions.  Re¬ 
markable  is  also  the  accordance  of  the  theo¬ 
retical  and  experimental  values  of  pitching- 
moment  coefficient:  not  only  considering  the 
absolute  data,  but  also  because  of  the  simi¬ 
larity  of  the  curves  slope,  which  confi rmed 
the  estimate  of  position  of  the  aerodynamic 
centre  at  different  flap  deflections. 

5,2.  Choica  of  the  flap  systea 

The  theoretical  and  experimental  2-D  stu¬ 
dies  have  given  three  main  answers.  The 
first  one  is  the  vane-flap,  which  can  be 
considered  as  the  main  object  of  the  whole 
project:  that  is  a  flap  system,  without  spe¬ 
cial  structural  complications,  able  to  sati¬ 
sfy  the  aerodynamic  requirements.  The  second 
one  is  the  gain  of  lift  performance  attaina¬ 
ble  through  double-slotted  devices  with  re¬ 
ference  to  s i ng I e - s I o t t ed  flaps  having  the 
same  chord.  The  third  one  is  the  single-body 
flap  with  the  increased  chord:  born  as  al¬ 
ternative  solution  to  the  vane-flap,  this 
system  has  shown,  indeed,  great  potentiali¬ 
ties. 

On  the  basis  of  such  results,  rejected  the 
hypothesi s  of  single-slotted  flaps  with 
small  chord  (up  to  30X),  from  the  aerodyna¬ 
mic  point  of  view  no  doubt  existed  about  the 
advantages  connected  with  the  extended 
single-slotted  system  in  comparison  with  the 
vane-flap.  In  fact,  the  remarkable  improve¬ 
ment  of  lift  performance  in  almost  the  whole 
range  of  flap  deflections,  theoretically  es¬ 
timated  and  also  confirmed  by  the  Wind- 
Tunnel  2-D  experimentation,  clearly  indica¬ 
ted  such  a  high-lift  device  as  the  most  ef¬ 
ficient,  also  considering  possible  drag  and 
pitching-moment  penalties  in  three- 
dimensional  conditions. 

But,  what  made  very  difficult  the  choice 
of  the  most  suitable  high-lift  system  was 
the  influence  of  other  design  areas  which, 
in  addition  to  the  aerodynamic  criteria,  had 
to  be  considered.  In  fact,  problems  connec¬ 
ted  with  the  structure,  weight,  control  sy¬ 
stems,  production  and  maintenance  costs. 


3,V7 


etc.,  which  had  already  sensibly  affected, 
at  the  beginning,  this  project  in  deteraii- 
ning  feasible  types  of  flap,  also  played  a 
key  role  in  conclusion  of  the  tuo- 
dinensional  studies,  when  the  final  decision 
about  the  flap  system  was  taken. 

So,  structural  and  manufacturing  complexi¬ 
ties,  weight,  problems  relative  to  the  ar¬ 
rangement  of  several  control  devices,  were 
all  factors,  depending  on  the  larger  flap 
chord  and  a  more  complex  linkage  system  (due 
to  the  more  downward  pivot  location)  which 
penalized  the  extended  single-body  flap.  The 
design  of  such  a  system,  thus,  was  stopped 
at  this  point,  without  performing  a  3-0  tes¬ 
ting. 

As  consequence,  the  vane-flap  which,  since 
the  beginning  of  this  study,  had  been  consi¬ 
dered  as  a  very  powerful  system  for  achie¬ 
ving  the  lift  performance  needed  and  which 
through  theoretical  and  experimental  inve¬ 
stigations  confirmed  this  potentiality,  was 
chosen  as  high-lift  device.  This  was  the 
flap  which  equipped  the  1:15  scale  model  of 
the  aircraft,  during  the  3-0  Uind-Tunnel 
tests  campaigns. 

6.  EXPERIMENTAL  3-D  STUDIES 

The  aircraft  performance  achievable,  in  a 
wide  field  nf  aerodynamic  conditions, 
through  the  flap  system  selected  have  been 
analysed  on  the  basis  of  Uind-Tunnel  tests 
[81  performed  on  a  1:15  powered  model  of  the 
aircraft  (Turin  University).  In  fact,  expe¬ 
rimentations  concerning  different  values  of 
thrust  coefficient,  in  free-air  and  ground- 
effect,  bvth  with  full  operating  propulsive 
system  and  in  one  engine-out  condition,  were 
carried  out  for  the  whole  flap  setting,  also 
by  varying  the  deflection  of  the  other  mova¬ 
ble  surfaces  (elevator,  rudder,  ailerons, 
spoi lers) . 

Before  these  experiments,  a  flap  testing 
concerning  different  pivot  positions  was 
performed,  in  the  same  Wind  Tunnel  and  on 
the  same  aircraft  model.  The  object  of  this 
preliminary  investigation  was  to  analyse,  in 
three-dimensional  conditions,  the  behaviour 
of  the  high-lift  system  by  changing  the  gap/ 
overlap  combinations,  looking  for  a  configu¬ 
ration  able  to  satisfy  the  aerodynamic  re¬ 
quirements:  high  efficiency  at  small  and  me¬ 
dium  deflections  (take-off  and  approach), 
high  values  of  CLmax  at  medium  and  large  de¬ 
flections  (approach  and  landing). 

The  results  confirmed,  in  general,  the 
conclusions  of  the  two-dimensional  studies; 
in  particular  (fig. 21),  a  very  interesting 
result  is  the  improvement  of  values  relative 
to  the  maximum  lift  coefficient  and  the 
stalling  angle  of  attack  achievable,  at  lar¬ 
ge  deflections,  by  means  of  more  external 
flap  positions,  in  accordance  with  the  theo¬ 
retical  predictions  and  the  indications  from 
the  two-dimensional  experimental  analysis 
(see  sec. ^.3,  fig. 16). 

7.  CONCLUSION 

When  the  study  of  the  flap  system  started, 
the  best  type  of  high-lift  device,  the  best 
flap  positions,  the  most  suitable  values  for 
the  angles  of  deflection,  were  all  unknown 
elements. 

Previous  experiences  concerning  theoreti¬ 
cal  and/or  experimental  studies  of  multi¬ 
body  systems  and  other  data  derived  from  li¬ 
terature  of  wing  sections  were  able  to  pro¬ 
vide  a  few  partial  indications  about  the  a- 
bove  questions  and,  in  general,  the  problems 


connected  with  the  aerodynamic  study  of 
mul t i - e I ement  geometries.  Only  applications 
to  specific  projects,  indeed,  can  provide, 
in  general,  the  data  needed  for  designing  a 
flap  system;  so,  only  theoretical  studies 
and  experimental  investigations,  devoted  to 
analyse  a  great  number  of  flap  configura¬ 
tions,  have  allowed  to  achieve  the  final 
goal  of  this  work. 

The  flap  system  chosen  is  the  answer  to 
different  needs:  structural  and  manufactu¬ 
ring  solutions  in  accordance  with  the  gene¬ 
ral  design  criteria  for  this  type  of  airpla¬ 
ne,  aimed  at  reducing  the  costs  of  produc¬ 
tion;  high  aerodynamic  effectiveness  in  the 
whole  range  of  operational  low-speed  condi¬ 
tions,  in  accordance  with  the  requirements 
of  an  "advanced"  aircraft. 
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Fig.l  -  Drag  components  of  aircraft  during 
take-off  from  water  up  to  lift-off 
velocity. 
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Fig. 2  -  Flow  chart  of  standard  activities 
for  the  aerodynamic  design. 


Fig. 3  -  (concluded) 


Fig. 5  -  Paneling  of  main-body/vane-flap 

geometry:  detail  of  flap  elements 
and  slot-entry  region. 


Fig. 6b  -  Theoretical  pressure  distributions. 


Fig. 6a  -  Different  configurations  of  vane 
and  main-flap. 
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Fig. 7a  -  Vane-flap  system:  different 

positions  of  the  fore  element.  Fig. 7b  -  Theoretical  pressure  distributions. 


Fig. 8a 


Configurations  of  vane-flap  system 
for  different  overlap  values. 


Fig. 8b  -  Theoretical  pressure  distributions 
(detail). 


20  CX  25 


Theoretical  aerodynamic  coefficients 
of  the  airfoil  equipped  with  the 
vane-flap  system  (fl.30c). 
a)  Lift  curves 
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Fig. 9  -  (concluded)  b)  Pitching-momenl 

curves 


Comparison  of  vane-flap  and 
single-slotted  systems  (0.30c). 
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Fig. 10b  -  Theoretical  pressure  dislrilmiions. 


•  POSITION  Nc  1 
--  POSITION  No  .  2 


Different  configurations  of 
single-slotted  flap  (0.35c). 
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Fig. lib  -  Theoretical  pressure  distributions. 
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ROUND  TABLE  DISCUSSION 


Df.  D.  Woodward,  DRA,  Farnborough,  U.K. 

We  have  now  reached  the  end  of  the  presentation  of  papers,  and  nou  ue  have  come  to  the  time  whci  we 
attempt  to  pull  together  all  lessons  that  have  been  learned  and  demonstrated  during  the  week.  It  Is  my 
pleasure  to  chair  this  technical  discussion  session  and  Introduce  to  you  your  technical  evaluator. 

Before  1  do  that  I  would  like  to  take  a  few  minutes  to  give  my  personal  Impressions  of  what  has  happened 
here  during  this  week.  Unfortunately ,  I  did  not  manage  to  hear  all  the  presentations  because  I  was  away 
at  committee  meetings,  but  nevertheless  the  papers  that  I  did  hear,  mainly  yesterday  afte-Tioon  and 
yesterday  evening  and  on  the  first  day,  give  me  the  feeling  that  the  Symposium  has  achieved  most  of  the 
objectives  that  Lou  Williams  and  I  set  for  It  vihen  we  first  put  It  together. 

Firstly,  the  papers  yesterday  afternoon  and  today  have  shewed,  I  believe,  the  many  facets  of  the  operation 
that  Influence  the  selection  of  the  hlgh-llft  system.  This  morning  Dr.  Flalg  showed  clearly  the  reasons 
why  the  flap  system  on  ths  A  320  had  to  be  redesigned  for  the  mission  for  A  321.  Dr.  Nark  last  night 
Introduced  to  us  all  the  other  key  features  that  have  to  come  together  in  order  to  produce  a  successful 
STOL  airplane.  Dr.  Mathews,  yesterday  afternoon.  Introduced  the  Important  features  of  the  mechanical 
design  of  the  flap  system.  Mr.  Averado  Introduced  to  us  this  morning  the  special  features  associated  with 
an  amphibious  aircraft. 

The  CFD  papers  earlier  In  the  week  demonstrated  that  we  now  have  the  capability  to  calculate  the  detailed 
flow  around  the  hlgh-lif :  system;  not  yet  well  enough  to  dispense  with  wind  tunnel  testing,  but  well 
enough  to  reveal  key  features  of  the  flow  which  are  quite  difficult  to  measure  experimentally.  I  was 
extremely  surprised  by  the  size  and  shape  of  the  separation  region  beneath  the  slat  cove.  When  we  used  to 
make  calculations  of  pressure  distributions  back  In  the  National  High-Lift  Program  days,  we  couldn't 
calculate  that  separation  region  so  we  use  to  use  engineering  judgement  and  the  french  curve  to  draw  what 
we  thought  was  the  sensible  shape.  I  have  to  admit  that  having  seen  the  measurements  by  Dr.  Alemdaroglu 
and  the  Navler  Stokes  calculations,  that  we  were  a  mile  away  from  the  shape  that  actually  is  there.  It  Is 
much  larger  than  I  would  have  thought  It  was,  and  I  found  that  particularly  striking. 

Thirdly,  I  was  also  pleased  to  see  the  general  agreement  that  there  seems  to  be  now  on  the  Importance  and 
the  types  of  scale  effect  on  hlgh-llft  systems  and  the  Importance  of  the  Mach  number  effect.  This  Is  a 
message  which  we,  from  the  5  meter  tunnel,  have  been  giving  out  for  some  time  now  but  it  Is  nice  to  know 
that  other  people  are  getting  similar  results  and  drawing  the  same  conclusions. 

So  let  us  now  find  out  whether  Don  Whittley  agrees  with  the  things  that  I  have  said.  I  am  sure  he  has 
much  more  to  say,  much  oore  detailed  and  clear  distinctions  to  draw  than  I  have  done.  Don  Whittley,  who 
Is  your  Technical  Evaluator,  began  his  technical  life  in  England,  (like  many  Canadians),  at  Saunders  Roe 
on  the  Isle  of  Wight.  Saunders  Roe  were  well  known  manufacturers  of  flying  boats;  be  tells  me  he  used  to 
ride  on  the  towing  carriage  over  a  seaplane  tank  making  measurements  -  an  interesting  experimental 
technique  which  I  have  not  had  the  pleasure  of  experiencing  myself.  He  came  to  Canada  In  1947  and  joined 
AVRO  Canada.  He  worked  on  the  C-102  jetliner,  the  CF-100  jet  fighter  and  continued  there  until  1960  which 
coincided  with  the  cancellation  of  the  Arrow  project.  I  remember  that  particularly  well.  It  was  about 
the  time  when  I  was  coming  towards  the  end  of  my  apprenticeship  at  de  Havllland  of  Hatfield  In  England. 
There  were  many  people  a  year  or  two  ahead  of  me  who  crossed  the  Atlantic  to  green  fields  to  work  for  AVRO 
Canada  on  this  high  tech  project  and  It  all  went  rather  sour.  1  can  remember  one  chap  who  came  back.  He 
reacted  very  quickly  to  the  cancellation  and  managed  to  put  his  house  on  the  market  and  sell  it  about  3  or 
4  days  before  everyone  else  had  recovered  from  the  shock.  He  managed  to  recover  his  money  and  set  off 
again,  whereas  other  people,  I  heard,  found  It  much  more  difficult.  So,  that  was  a  very  traumatic  time,  I 
guess  for  AVRO  Canada.  He  then  joined  de  Havllland  Canada  and  worked  on  powered  lift  for  the  rest  of  his 
career,  working  on  the  augmentor  wing  program  and  the  ejector  lift  vector  thrust  program,  which  involved 
tests  In  the  Ames  40  x  EiO  and  80  x  120  tunnel.  He  has  previous  links  with  ACARD,  having  been  Involved 
with  the  AGARD  Advanced  Aerosystens  Study  on  AV-STOLdesignated  AAS  14,  and  he  worked  on  the  flight 
research  of  the  augmentor  wing  Jet-Stol  airplane  which  also  involved  NASA  Ames,  and  received  for  that  work 
the  McCurdy  Award,  which  Is  the  premier  design  award  for  the  Canadian  Aerospace  Institute.  So  he  is  well 
qualified  to  evaluate  the  work  that  we  have  been  doing  here  this  week.  So,  now  I  Invite  you,  Don 
Whittley,  to  tell  us  whether  we  made  a  good  job  of  It  or  not. 

Mr.  D. C.  Whittley,  Canada 

Mr.  Chairman,  Committee  Members  and  Delegates.  Contrary  to  what  has  been  suggested,  in  fact  I  plan  to 
keep  my  remarks  quite  sliort  making  just  a  few  broad  observations  and  thereby  leaving  as  much  time  as 
possible  for  the  Round  Table  Discussion.  As  we  come  to  the  close  of  3  or  4  days  of  Intensive  deliberation 
relating  to  high  lift,  one  thing  I  think  Is  clearly  evident,  we  are  Involved  not  rally  with  hlgh-llft,  but 
also  with  high-tech.  It.  Is  perhaps  fair  to  say  that  there  Is  more  high-tech  In  hlgh-llft  than  In  any 
other  aspect  of  aircraft  design.  Therefore,  proportionally  it  demands  a  great  deal  of  time  and  effort. 
What  then  makes  It  so  high  tech? 

First  we  have  the  utter  complexity  of  the  fluid  dynamics  involved.  At  times  it  seems  almost  overwhelming, 
does  It  not?  Hence,  the  need  for  highly  sophisticated  theoretical  methods.  Many  of  our  speakers  made 
reference  to  this  complexity  In  the  past  few  days. 

Secondly,  there  Is  the  deaunding  requirement  placed  on  experimental  facilities  and  flow  measuring  devices 
In  order  for  results  to  be  at  all  meaningful.  Hence,  the  need  for  our  high-tech  facilities.  What  then 
Justifies  the  time  and  effort?  First,  there  Is  the  crucial  Importance  of  getting  this  aspect  of  design 
correct  the  first  time  around  because  the  consequences  of  a  shortfall,  relative  to  prediction,  can  be 
quite  harmful.  Then  there  Is  the  knowledge  Chat  substantial  benefit  can  result  from  Improvements  In  high 
lift  performance  and/or  simplification  In  design  for  the  same  performance.  It  was  Dr.  Meredith  who  gave 
us  some  trade-off  figures  In  this  respect. 


RTi>: 


Finally,  there  is  the  reed  to  reduce  the  cost  and  tiae  of  the  design  process,  or  at  least  keep  them  within 
bounds.  It  is  apparent  that  improvements  in  technology  can  help  in  ali  these  respects. 

Another  broad  observation  concerns  the  close  interrelation  between  theory  and  experiment  associated  with 
hlgh-llft  technology.  CFD  can  provide  an  insight  to  the  basic  fluid  dynamics  involved  and  thereby  help  in 
the  formulation  of  wind  tunnel  programs  and  in  the  Interpretation  of  wind  tunnel  results.  It  seems  to  me 
in  this  sense  that  CFD  becomes  almost  akin  to  flow  viz.  Similarly,  advanced  measuring  techniques  can 
detect  unsuspected  phenomena  and  in  turn,  lead  to  improvement  in  the  CFD  code.  I  think  it  was  in  one  of 
the  question  and  answer  periods  that  someone  pointed  out  that  we  are  unlikely  to  see  bigger  and  better 
wind  tunnels  In  the  foreseeable  future.  Therefore,  we  must  make  the  best  of  what  we  have.  I  believe  that 
the  synergism  which  results  from  close  association  between  theoretical  and  experimental  work  is  the  answer 
to  this  particular  problem.  Also,  just  yesterday,  talking  with  Dr.  Haines,  he  pointed  out  tliat  it  is  not 
only  the  disciplines  that  need  to  interact:  we  have  to  ensure  that  those  who  understand  the  physics  keep 
close  to  those  who  understand  the  mathematics.  We  may  need  to  Introduce  some  formal  means,  or  perhaps 
should  1  say  structured  means  to  make  this  happen,  rather  than  Just  getting  together,  as  we  have  in  this 
past  week,  once  in  a  decade. 

In  terms  of  overall  perspective  we  should  be  reminded  that  our  High-lift  Symposium  this  week  has  focussed 
largely  on  a  particular  segment  of  hlgh-llft,  namely,  moderate  to  high  aspect  ratio  transport  aircraft. 
True,  we  had  a  brief  glimpse  at  hlgh-llft  as  it  relates  to  combat  aircraft,  and  in  that  respect  we  were 
reminded  that  this  Involves  more  than  just  takeoff  and  landing.  Similarly,  especially  last  night,  a  peek 
into  the  rather  diverse  world,  and  peculiar  world  perhaps,  of  powered  lift.  We  might  also  note  that  we 
have  not  even  discussed  hlgh-llft  as  it  relates  to  the  next  goteratlon  SST.  No  doubt  this  and  more  would 
make  good  subject  matter  for  some  future  conference,  but  the  point  I  really  wish  to  make  is  that 
conclusions  drawn  and  recommendations  made  as  a  result  of  our  meeting  here  in  Banff  would  not  necessarily 
hold  true  across  the  entire  field.  I  myself  happen  to  have  certain  rather  fixed  ideas  about  how  one  goes 
about  verification  of  a  powered-lift  design. 

That  our  High-lift  Symposium  here  in  Banff  has  been  a  great  success  Is  certainly  without  question.  We 
have  learned  of  marked  progress  in  CFD  methods  since  Brussels  1984,  which  was  the  last  hlgh-llft  ACARD 
symposium,  and  this  was  apparent  with  respect  to  both  viscid-invlscid  Interaction  methods  and  full  Navler 
Stokes  solutions,  all  clearly  at  the  cutting  edge  of  the  high-lift  technology.  We  have  learned  of  the 
Increase  In  the  use  of  pressured  wind  tunnels  to  Isolate  the  effects  of  Reynolds  number  and  Mach  number, 
as  our  Chairman  has  just  noted;  ul  litpiuvcmcats  in  model  testing  methods,  a  better  uuuerstanuing  of 
half^models  for  example;  nure  careful  correlation  between  tunnel  and  flight  measurements;  advanced 
measuring  techniques  to  probe  the  basic  fluid  dynamics;  the  predominance  of  viscous  effects  and  the  need 
for  a  much  better  understanding.  Apparently  there  have  been  a  few  surprises  along  the  way  since  Brussels 
'84  in  this  last  respect.  We  heard  about  high-llft  technology  1  the  workplace  and  the  extent  to  which 
industry  has  adopted  new  methods,  and  we  have  seen  that  nothing  is  likely  to  replace  a  3-D  test  of  the 
final  con flgurat ion  at  relatively  high  Reynolds  number,  and  so  on.  These  deliberations ,  it  would  seem, 
lead  naturally  to  two  key  questions:  firstly,  how  mature  is  transport  high-  'ft  technology  as  we  find  it 
today?  That  is  to  say,  in  terms  of  industrial  use  rather  than  scientific  curiosity.  Are  we  in  fact  now 
alnost  there,  or  is  there  still  a  long  way  to  go?  For  example,  at  the  Brussels  meeting,  I  recall  being 
much  impressed  by  a  paper  in  which  D1  liner  and  Hay  described  the  CFD  methods  for  high-lift  design  and 
analysis,  which  were  already  in  dally  use  in  the  Boeing  design  office  at  that  time. 

Fairly  comprehensive  CFD  methods  were  quite  well  established  in  industry  in  1984.  Since  then,  over  the 
past  8  years,  CFD  methods  and  more  careful  testing  have  become  growing  and  important  Ingredlsits  of 
high-lift  design  procedures  on  a  much  broader  front.  Clearly,  the  adoption  of  such  technologies  to 
replace  purely  empirical  methods  is  a  transitional  process  and  takes  place  in  different  ways  in  different 
places  and  to  suit  differing  needs.  I  think  the  paper  on  the  ATR  72  flap  by  P.  Capbem  of  Aerospatiale 
was  a  good  example  of  that,  and  our  final  paper  today,  by  H.  Averado  similarly. 

However,  given  that  there  are  substantial  performance  gains  yet  to  reap,  and  given  that  there  ranain 
lurking  risks  to  be  eliminated,  and  given  that  there  are  further  economies  to  be  made  in  terms  of  design, 
cost  and  time  -  all  three  most  certainly  true  to  some  degree  -  my  second  question  then  would  be:  where 
should  the  emphasis  and  direction  lie  for  the  future  with  respect  to  both  theory  and  experimentation?.  A 
few  of  our  speakers  have  already  expressed  some  opinion  in  this  regard  also. 

Finally,  a  word  to  the  authors  about  my  report.  1  have  been  asked  by  the  Executive  Committee  to  largely 
avoid  a  commentary  paper  by  paper;  that  would  simply  make  life  too  easy  for  me,  but  rather  provide  an 
overall  assessment  of  the  technical  Issues  relating  to  high  lift  as  a  whole.  In  view  of  this,  please  do 
not  feel  spurned  if  your  particular  paper  is  not  dealt  with  in  my  report  in  specific  detail.  So  then, 
back  to  my  two  questions  and  then  back  to  the  Chair. 

Firstly,  "How  mature  is  our  transport  high-lift  technology  as  we  find  it  today?”  and  secondly,  "Where 
should  the  emphasis  and  direction  lie  for  the  future  with  respect  to  both  theory  and  experiment?".  1 
hope.  Hr.  Chairman,  that  some  of  our  time  can  be  spent  this  morning  in  response  to  these  two  questions. 

Mr.  L.J.  Williams,  NASA  Washington,  USA 

Thank  you.  If  an^ne  would  have  any  comments  or  questions,  we  will  be  happy  to  take  them. 

Prof.  Dr.  G.E.A.  Meier,  DIH.  Gottingen,  Germany 

I  would  like  to  make  some  comments  from  the  point  of  view  of  a  fluid  dynamiclst  who  has  not  too  much 
experience  in  the  field  of  technical  applications,  but  I  would  like  to  sumsarlze  my  impressions  on  the 
problems  in  our  hlgh-llft  devices.  First  of  all,  I  see  a  main  problem  in  the  3-D  effects  which  occur 
because  we  hove  swept  wing  problems,  swept  wings  with  end  effects  for  all  the  details  of  flaps,  slats,  and 
so  on.  Then  we  have  the  3-D  structures  of  transition  which  have  not  been  mentioned  here,  because  in  all 
our  experiments  we  have  to  force  transition  and  also  in  the  calculation,  but  «c  get  also  3-D  effects  from 
the  transition  to  turbulence.  The  fourth  thing  1  would  like  to  mention  are  aeroelastlc  deformations  which 
have  not  been  tackled  too  much,  but  which  I  think  also  are  a  severe  problem  in  experiments  in  flight  tests. 
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Another  major  regime  of  problems  Is  the  flow  separation.  Here  we  have  real  deficits  In  knowledge  about 
location  and  shape  of  separation  bubbles  and  how  to  determine  them  theoretically.  Then  there  Is  the 
Influence  of  transition  to  flow  separation;  this  influence  Is  not  quite  clear,  especially  the  Reynolds 
number  problem  which  has  been  mentioned  several  times.  Another  point  which  has  not  come  through  very  much 
Is  unsteady  flow.  I  think  a  lot  of  these  flow  fields  we  have  considered  here  In  the  conference  are  highly 
unsteady  and  cause  flutter  and  in  the  transonic  case  also  buffet.  My  feeling  Is  that  this  Is  also  causing 
a  technical  problem  with  material  fatigue.  Finally,  the  onset  of  stall  and  post  stall  Is  also  something 
which  has  to  be  taken  up. 

So  from  this  list  of  problems  I  have  deduced  what  we  have  to  do,  a  lot  of  work  for  fluid  dynamiclsts.  We 
have  to  provide,  1  think,  more  knowledge  and  fundamoitals  in  unsteady  compressible  3-D  flows,  we  have  to 
find  good  boundary  layer  models  for  these  complicated  flow  fields;  we  have  to  tackle  the  3-D  separation 
and  attachment  problems;  we  have  to  think  over  advanced  geometries  for  hlgh-llft  applications  and  we  have 
also  to  make  considerations  about  high  Reynolds  number  flows.  Finally,  we  need  more  knowledge  about  jet 
and  swirl  interactions  with  airfoil  flaps,  slats  and  so  on.  This  Is  my  list  of  problems,  I  have  no 
solutions,  but  I  think  that  It  is  worthwhile  that  fluid  dynamiclsts  accept  and  deal  with  these  practical 
problems . 


Mr.  L.J.  Williams,  NASA  Washington,  USA 

That  was  very  good  and  appropriate.  It  looks  like  another  subject  for  a  symposium. 

M.  J.  Bosquet,  Aerospatiale 

I  would  like  to  share  the  feeling  I  had  during  this  conference  taking  the  point  of  view  of  an  aircraft 
manufacturer.  I  think  the  hlgh-llft  design  seems  to  be  largely  dominated  by  experimental  work.  But  It 
seems  that  there  are  two  domains.  The  first  one  Is  represented  by  the  wings  which  have  very  small  or  zero 
sweep  angle;  the  other  one  by  large  sweep  angle  wings.  For  the  first  domain  (small  sweep  angle).  It  seems 
that  the  2-D  calculations  have  enough  accuracy  to  represent  the  flow,  and  In  this  case  I  got  the  feeling 
that  what  we  call  the  Navier  Stokes  method  seems  to  be  almost  ready  to  enter  into  the  design  team.  1  said 
almost  ready  because  It  seems  that  first,  the  problem  of  grid  generation  seems  to  be  solved,  then 
turbulence  modelling  Is  not  completely  solved,  but  it  seems  that  It  Is  sufficient  to  tune  some 
coefficients  and  this  could  be  good  enough.  The  third  P/roblem  Is  the  computational  time  which  seems  not 
to  be  so  high  and  could  be  sufficiently  small  etough  for  industrial  applications.  Then  I  expect  that  we 
will  see  in  the  near  f'jt'T-  llovicr  Stokes  or  large  coupling  methods  enter  into  the  Industrial  design  field. 
In  the  second  domain  with  large  sweep  I  think  that  2-D  calculations  are  not  sufflciait  enough  because  in 
the  case  of  wings  with  large  sweep  angle,  three  dimensional  boundary  layer  calculations  are  necessary. 
Two-D  calculations  are  not  very  interesting.  So  In  this  case  probably  we  will  need  for  a  long  time  very 
large  wind  tunnel  facilities  and  a  lot  of  work  In  the  wind  tunnels.  But  it  seems  that  In  this  case 
coupling  methods  could  be  of  interest. 

Mr.  A.B.  Haines,  ARA,  UK 

As  Don  Whlttley  said,  we  have  come  a  long  way  since  1984,  both  In  CFD  and  In  the  understanding  of  the  flow 
over  a  wing  with  hlgh-llft  devices.  But  Dr.  Woodward  said  when  he  was  Introducing  this  session,  chat 
there  was  a  fair  amount  of  data  at  hlgh-llft  available  to  study  even  before  we  decided  to  build  a  5  metre 
tunnel  In  England  and  an  F  1  tunnel  in  France.  I  think  he  posed  the  quection  whether  we  took  the  right 
decision.  At  that  time,  we  were  well  aware  that  there  were  strong  Reynolds  number  effects  up  to  about  6 
or  7  million  and  that  there  were  net  only  Reynolds  number  effects,  there  were  Mach  number  effects  so  that 
we  needed  a  pressurized  tunnel.  We  have  seen  plenty  of  examples  of  that  in  the  last  three  days.  But  we 
have  also  seen  examples  of  signllicant  scale  effects  at  Reynolds  numbers  above  6  or  7  million:  scale 
effects  which  are  not  so  understandable  and  are  not  so  predictable.  So,  in  an  Ideal  world,  we  need 
tunnels  for  even  higher  Reynolds  numbers.  I  think  It  was  Hr.  Meredith  yesterday  that  we  have  got  to  fact 
the  fact  that  we  may  not  get  these  tunnels,  and  therefore,  we  must  exploit  CFD.  I  would  like  to  make  two 
points  about  whether  that  does  meet  the  need. 

First  of  all,  I  think  If  you  are  going  to  believe  tl:at,  the  CFD  calculations  for  any  particular  case 
should  be  made  for  more  chan  one  Reynolds  number.  The  disappointing  thing  to  me  In  this  conference  Is 
that  when  there  have  been  CFD  calculations,  they  have  been  made  merely  for  one  Reynolds  number,  either  a 
model  test  Reynolds  number  or  in  one  or  two  cases  a  full-scale  Reynolds  number.  Now  to  repeat  a 
calculation  for  more  than  one  Reynolds  number  1  am  well  aware  means  a  significant  amount  of  work  because 
the  transition  mechanism  as  David  showed  the  first  morning  may  be  very  different  full-scale  and  model 
scale.  You  don't  just  press  a  button  and  say  that  you  will  repeat  the  calculation  putting  In  a  different 
R.  You  have  got  to  begin  your  thinking  all  over  again  and  ask  what  is  the  transltlcm  mechanism,  etc.  I 
think  that  If  the  CFD  people  did  a  fair  number  of  examples  showing  how  results  varied  with  Reynolds  number 
with  full  understanding  of  the  physics,  we  would  learn  quite  a  lot.  It  Is  a  pity  that  at  the  moment,  th*- 
CFD  people  have  not  shown  any  keenness  to  do  this.  They  have  not  recognized  that  to  do  It  for  more  than 

one  Reynolds  number  Is  an  Important  element,  and  that  Is  where  we  are  going  to  have  to  rely  on  CFD  in  the 

future  If  Mr.  Meredith  Is  right. 

The  second  point  is,  "can  we  calculate  the  real  situation?".  Most  of  the  CFD  we  have  seen  has  been  either 
for  2-n  wings  or  at  the  best  for  3-D  wings  where  the  wings  are  simple  and  the  flow  Is  reasonably  quasi 
two-dimensional.  I  think  that  the  CFD  people  should  study  one  particular  figure  In  Herr  Flalg's  paper 
this  morning  which  drew  attention  to  three  problem  areas  on  his  aircraft.  One  was  at  the  wing  root,  one 

was  close  to  the  wlng-pylon-nacelle  junction  and  one  was  near  the  tip.  In  none  of  those  areas  was  the 

flow  anything  like  two-dimensional.  1  have  met  young  aerodynamlclsts  who  have  said,  "Ah,  but  If  the 
aircraft  designer  was  doing  his  job  properly,  there  wouldn't  be  problem  areas  there.  The  whole  wing  would 
behave  like  quasi  two-dimensional  flew".  But  someone  who  says  that  completely  misunderstands  the  alms  of 
aircraft  design.  To  have  the  whole  wing  stall  at  the  same  moment  would  be  catastrophe.  These  areas  where 
the  flow  Is  not  2-D  are  not  necessarily  problem  areas.  They  are  areas  where  by  deliberate  design  you 
produce  a  premature  stall  or  a  late  stall  In  order  to  oet  the  correct  stall  development  over  the  wing.  So 
these  are  features  of  the  flow  that  just  must  be  calculated  If  we  are  going  to  do  the  job  by  CFD.  Those 
are  the  two  points  I  wanted  to  make.  We  are  still  a  long  way  to  go.  We've  gone  from  1984  to  1992;  8 
years  to  2000.  I  think  we  need  another  conference  before  2000. 
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Dr.  D,  Woodward 

I  just  wanted  To  come  back  a  little  bit  on  the  comments  made  by  Professor  Meier.  He  mentioned  in 
particular  unsteady  flow.  1  think  we  need  not  to  get  ourselves  in  a  position  where  we  •'riticize  too  much 
what  we  have  done  here  this  week. 

We  didn't  set  out  to  cover  vortex  flows  and  vortex  flaps  and  high-lift  due  to  vortices  because  we  had  a 
conference  on  that  only  about  a  year  ago.  Then  the  other  comnoit  he  made  was  that  we  hadn't  dene  enou^ 
on  transition.  I  suppose  that  one  can't  disagree  -  one  has  never  done  enough  on  transition.  I  think  it 
is  worth  highlighting  the  fact  that  we  have,  during  this  symposium  and  previously,  identified  transition 
mechanisms  which  were  regarded  as  somewhat  academic  10  years  ago  -in  particular  the  attachment  line 
transition  problem  -  and  shown  that  this  is  a  mechanism  which  occurs  frequently  at  high  Reynolds  number 
and  has  major  effec-s  on  the  way  the  flow  develops.  So  I  think  that  we  have  gone  some  way  in  covering  his 
comments  on  cransltlon. 

R.  Bengelink,  Boeing.  Seattle,  USA 

I  would  like  to  make  a  couple  of  observations  based  on  chinking  about  many  of  the  presentations  of  this 
week  also.  Airplanes  are  designed  by  engineers.  Engineering  is  not  something  we  learn  at  school.  We 
learn  the  foundational  knowledge  at  school  but  engineering  is  something  that  we  learn  by  practicing  it 
over  the  years.  We  learn  that  we  are  to  use  the  tools  that  are  available  to  us  to  develop  an  insight  into 
what  is  going  on  and  as  a  result  come  up  with  an  aerodynamic  configuration  that  does  the  job  better  than 
has  been  done  before.  While  there  certainly  has  not,  at  least  this  week,  been  an  adversarial  relationship 
between  those  who  are  focussing  on  the  CFD  cools  and  those  who  are  focussing  on  the  experimental  tools, 
there  certainly  continues  to  be  an  atmosphere  of  competitiveness.  1  would  like  to  suggest  that  given  the 
level  of  understanding  that  we  have  today  with  each  of  those  tools  that  we  have  to  develop  more  of  a 
teamwork  attitude,  today  we  do  much  better  at  being  able  to  visualize  the  flow  field  than  in  calculating 
forces  with  CTO.  From  the  wind  tunnel  side  of  things  it  is  the  other  way  around.  The  expensive  and  very 
difficult  tests  are  chose  where  we  are  trying  to  understand  the  flow  field  around  the  mcael,  such  as  the 
three-dimensional  features  of  so-called  two-dimensional  testing.  1  think  chat  if  both  the  computational 
and  the  experimental  groups  saw  themselves  as  members  of  that  same  team,  chartered  to  provide  the  tools 
necessary  for  a  good  engineer  to  be  able  to  do  his  job  properly  and  took  that  team  approach;  for  example, 
how  do  we  blend  an  ability  to  understand  the  flow  field  using  CFD  with  the  ability  to  understand  what  is 
happening  to  the  measured  forces  on  the  model  properly,  we  might  find  ourselves  able  to  progress  more 
rapidly.  Until  we  get  those  flow  models  in  our  mind  and  act  on  themas  engineers,  we  are  not  really  going 
to  make  Che  kind  of  progress  in  developing  airplanes  that  we  should. 

Prof.  Ir.  E.  Obert,  Fokker  Aircraft  BV,  Netherlands 

I  would  like  to  add  a  remark  to  what  the  previous  speaker  said.  What  struck  me  the  past  couple  of  days  is 
that  the  people  who  are  working  on  CFD  and  are  very  much  Involved  in  what  is  happening  in  the  boundary 
layer  often  refer  to  turbulence  models.  That  means  they  primarily  consider  turbulent  boundary  layers. 

We,  as  engineers,  are  interested  in  the  question:  When  does  the  flow  separate?  It  is  assumed  that 
separation  will  be  more  predictable  due  to  a  better  representation  of  the  flow  physics  by  these  turbulence 
models.  That  means  CFD  specialists  talk  about  the  question:  When  does  the  turbulent  boundary  ]'>yer 
separate?  This  suggests  that  CLoax  is  primarily  determined  by  turbulent  boundary  layer  separation, 
trailing  edge  separation. 

I  am  aware  that  many  of  today's  transport  aircraft  which  have  very  large  wing  chords  and  consequently  even 
in  the  stall  operate  at  a  fairly  high  Reynolds  number  reach  Cunax  through  trailing-edge  separation. 

However,  I  find  it  difficult  Co  believe  that  leading  edge  stall,  which  we  frequently  see  in  the  wind 
tunnel  is  completely  irrelevant  for  full-scale  aircraft.  Having  been  on  a  number  of  stall  tests  myself  on 
tufted  F28's  and  FlOO's,  my  feeling  is  chat  leading  edge  stall  Is  still  an  Important  physical  phenomena 
for  full-scale  aircraft.  I  am  aware  that  this  matter  is  very  difficult  to  tackle,  even  more  difficult 
than  answering  the  question,  "VJien  does  trailing  edge  separation  occur?",  but  1  still  think  that  we  should 
be  aware  that  that  is  an  area  that  deserves  attention. 

Mr.  B.  Elsenaar,  NLR,  Netherlands 

If  I  might  continue  a  little  bit  along  this  line.  I  missed  basic  experimental  contributions  of  the 
physics  of  high-lift  problems.  I  am  thinking  about  things  like  bubble  bursts,  about  local  separations, 
about  mixing  of  wakes  and  boundary  layers.  We  need  building  block  experiments  in  that  area  to  understand 
the  physics.  I  didn't  notice  any  paper  that  really  addressed  these  topics.  In  addition  to  this  I  would 
like  to  mention  that  I  think  that  in  view  of  the  very  complicated  physics  essential  to  hlgh-llft,  I  would 
rather  see  solutions  of  Navler  Stokes  equations  for  isolated  parts  of  the  flow  field,  to  look  into  detail 
to  Che  bubble  developments,  to  separation,  to  the  mixing  of  layers  rather  than  applying  Navier  stokes 
codes  to  complete  multi-element  airfoil  configurations  and  to  look  at  the  final  results  in  terms  of 
pressure  distribution.  I  think  that  the  building  block  part  was  a  little  bit  neglected  in  this  conference. 

Mr.  L.J.  WiUiams 

I  agree  with  that.  We  were  hoping  to  get  more  papers  along  that  line. 

Mr.  P.  Capbem,  Aerospatiale.  Toulouse,  France 

in  these  three  days  we  have  seen  a  lot  of  comparisons  between  calculation  and  experiment,  but  there  is 
something  which  appeared  very  clearly.  Everybody  tried  to  compare  Cunax  level  from  their  calculations 
to  experiment,  but  we  have  hardly  seen  any  result  of  comparison  for  drag.  I  think  that  if  Cusax  is 
often  the  key  issue  for  a  project,  there  are  some  projects,  and  thev  are  not  so  rare,  where  the  lift  to 
drag  ratio  in  the  second  segment  climb  is  more  Important  than  Cumax  itself.  So  there  is  perhaps  a 
message  for  people  Involved  in  method  developmait  that  they  should  try  to  validate  their  laethods  for  drag 
prediction.  I  know  it  is  a  very  hard  job,  but  we  should  try  to  do  that  especially  with  a  far  field 
condition  and  not  only  by  integrating  the  pressure  field  and  the  skin  friction  field  on  the  shape  Itself. 

1  am  convinced  that  some  interesting  investlgacloue  uuull  achieved  and  therefore,  it  was  a  message  i 
would  like  to  send  to  those  people. 
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L.J,  HlUlams 

1  think  it  Is  a  very  good  oessagd  and  a  challenge- 
0.  Ashlll.  D8A,  Bedford.  UK 

Barry  Halnea  has  already  highlighted  the  Importance  of  understanding  scale  effects  at  high  Reynolds 
numbers,  and  we  have  had  a  number  of  presentations  during  the  last  few  days  on  attachment  line  transition 
and  re-lamlnarlzatlon  indicating  their  significance. 

I  would  like  to  mention  another  possible  scale  effect  which  is  that  even  after  the  flow  becomes  turbulent 
close  to  the  leading  edge,  the  turbulent  boundary  layer  will  locally  have  quite  a  low  Revnolds  number,  let 
us  say  based  on  momentum  thickness.  This  is  another  potential  source  of  unpredictable  scale  effects  which 
I  think  people  need  to  take  into  account,  either  theoretically  or  in  interpreting  their  wind  tunnel  test 
data . 


Prof,  i  W.  Slooff,  NIR,  Netherlands 

I  would  like  to  add  a  little  to  what  several  of  the  preceeding  speakers  have  said  about  the  physics  of  the 
flow;  that  relatively  little  attention  was  paid  to  that,  and  also  to  Pat  Ashill's  remark  on  things  that 
may  happen  at  the  leading  edge.  It  would  seem,  given  the  fact  that  little  attention  was  paid  to  the 
physics  of  high-lift  systems,  that  if  we  understand  everything  about  the  various  mechanisms  of  stall.  I 
am  not  quite  convinced  that  that  is  the  case.  For  example,  I  am  aware  of  at  least  three  different  types 
of  leading  edge  stall  mechanisms:  short  bubble  and  long  bubble  bursting,  and  a  third  variant  which  I  call 
turbulent  leading  edge  stall.  I  believe  the  notion  of  the  latter  was  introduced  at  the  former  high-lift 
meeting  of  the  Fluid  Dynamics  Panel.  There  we  have  a  situation  with  a  laminar  separation  bubble  followed 
by  reattachment,  transition  at  or  around  reattachment,  and  a  turbulent  boundary  layer  with  a  very  steep 
adverse  pressure  gradient  right  after  the  bubble  in  which  the  friction  coefficient  g  ec  through  zero 
locally  when  the  angle  of  attack  Is  Increased.  It  is  very  difficult  to  discriminate  between  this  kind  of 
turbulent  leading  edge  stall  and  a  bubble  bursting  type  stall.  I  have  not  seen  anything  of  such  nature  at 
this  symposium.  Moreover,  I  think,  now  turning  to  CFD,  Chat  it  will  take  quite  some  time  before  CFD  codes 
will  be  able  to  discriminate  between  the  various  types  of  leading  edge  stall,  or  other  types  of  stalls  for 
that  matter.  The  details  of  the  flow  mechanisms,  in  the  leading  edge  area  in  particular,  are  such  that, 
apart  from  the  problems  with  local  turbulence  and  transition  modelling,  we  also  have  a  resolution  problem 
in  the  sense  that  we  wiU  need  very,  very  small  meshes  In  order  to  resolve  all  the  phenomena.  CFD  for 
hlgh-lift,  even  in  two  dimensions,  will  not  be  mature  until  we  are  able  to  discriminate  between  the 
various  types  of  physical  phenomena. 

Another  point  that  I  would  like  to  make  or  bring  to  your  attention  is  the  possibility  of  exploiting  the 
third  dimension  as  I  call  it.  On  three  dimensional  wings  we  have  part-span  flaps  and  slats,  with  a  lot  of 
vortices  coming  off  all  the  edges.  These  may  give  rise  to,  e.g.,  higher  Induced  drag  levels  than  we  would 
like.  It  has  occurred  to  roe  that  there  may  be  a  point  in  investigating  whether  flap  track  fairings  and 
the  like  oould  serve  the  dual  purpose  of  covering  the  gear  and  mechanisms  and  of  promoting  a  more  orderly 
type  of  flow  at  the  flap  edges.  For  example  in  such  a  way  that  they  lead  to  a  lower  level  of  induced 
drag,  in  the  same  sense  as  a  winglet  works  at  the  tip  of  a  wing.  One  might,  perhaps  also  get  a  little 
increase  in  CLmax,  because  you  have  smaller  losses  at  the  flap  edges.  I  would  like  to  see  some 
research  of  this  nature  in  the  future.  I  have  the  feeling  that  there  may  be  some  benefit  in  there. 

Mr.  L.J.  WiUtams 

I  think  that  that  is  a  very  good  comment.  Carrying  that  even  further  I  would  like  to  see  some  work  that 
combines  the  high-llft  system  with  the  wake  vortex  problem,  trying  to  eleviate  that  while  getting  lower 
Induced  drag. 

Dr.  D.  Woodward 

There  are  two  comments  I  would  like  to  make.  One  is  related  to  what  Prof.  Obert  was  saying.  It  is 
certainly  true  that  some  full-size  aircraft  are  assailed  with  a  leading  edge  stall  behavior.  The  British 
Aerospace  Hawk  certainly  has  a  leading  edge  stall.  This  has  been  shown  by  doing  oilflows  in  flight  and 
when  the  airplane  lands  you  can  still  see  the  oilflow  in  the  bubble.  The  second  Involves  another 
Important  detail  of  the  flow  on  which  we  havai't  seen  any  work  -  and  this  is  related  to  the 
compressibility  effect  on  high-llft  systems.  If  you  actually  do  the  calculation  in  2-D  of  the  external 
flow  around  a  high-llft  airfoil,  you  find  that  the  supersonic  patch,  which  we  all  have  Identified  from  the 
surface  pressure  distribution,  is  only  some  10  to  12  boundary  layer  thicknesses  high.  This  is  very 
different  from  the  transonic  shock  wave  boundary  layer  interaction  and  there  must  be  a  nnch  larger 
interaction  of  the  boundary  layer  on  the  shock  pattern.  In  addition,  of  course,  ft  is  normally  a  shock 

interaction  with  a  laminar  boundary  and  not  a  turbulent  one.  This  is  quite  an  unknown  flow  field  and 

since  the  key  feature  is  very  small,  I  don't  know  how  the  experlmentraight  be  conducted. 

Mr.  F.  Kafyeke,  Bombardier  Canadalr,  Canada 

I  would  like  to  make  two  comments  from  an  airplane  manufacturer's  point  of  view.  First,  I  would  like  to 
know  if  the  experimental  research  that  has  beai  shown  here,  the  national  high-llft  progreim  in  the  UK,  or 
the  Garteur  program  In  Europe,  will  eventually  find  its  way  into  data  sheets  which  can  help  designers  in  a 

preliminary  design  phase  of  an  airplane.  Secondly,  can  someone  talk  about  the  effects  of  things  like  slat 

gaps  and  steps  and  the  sealing  of  slats  and  the  effect  on  the  overall  performance  of  the  real  airplane.  I 
wonder  if  some  research  has  been  done  In  that  area. 

.Mr  ^  .J.  '>;illlans 

That  sounds  like  a  good  question  for  Dr.  Woodward  to  address. 
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Dr.  D.  Woodward 

Ciifortunately,  I  think  that  the  answer  Is  very  simple.  It  Is  no  to  the  first  question,  for  the  reason 
that  despite  all  the  work  we  did,  it  Is  still  not  enough  to  form  what  one  would  be  tiappy  to  see  as  a  data 
sheet  on  which  people  might  base  preliminary  designs.  We  actually  spent  quite  a  long  time  trying  to 
analyse  the  drag,  for  Instance.  Now,  bearing  In  mind,  of  course,  tliat  must  of  the  work  that  we  did  was  on 
that  end-plate  model,  we  faced  very  great  difficulty  In  trying  'o  extract  meaningful  drag  data  from  that 
model.  I  don't  know  whether  you  had  a  chance  to  read  the  written  paper,  but  we  set  out  originally  saying 
that  there  was  no  problem  about  this,  we  can  do  a  wake  traverse  the  same  as  we  uo  in  2-D  flow,  and  this 
will  tell  us  what  the  drag  Is.  Unfortunately,  because  of  the  large  trailing  vorticity,  the  drag 
calculated  this  way  varies  downstream  very  rapidly  as  the  wake  gets  stretched  out,  so  we  gpve  up  that  idea 
and  then  we  decided  to  try  to  subtract  the  induced  drag  from  the  force  balance  measurements.  Some  people 
believed  that  they  could  do  that  and  others  were  more  skeptical.  I  don't  think  that  we  really  managed  to 
get  anything  other  than  comparative  data  on  the  drag  In  particular. 

When  It  comes  to  maximum  lift,  maybe  you  could  do  something,  but  you  need  to  do  a  lot  more  variations  in 
flap  and  slat  design  than  we  did.  We  did  two  slat  chords  and  a  rai.„..  of  Krugers,  but  there  are  a  lot  of 
other  questions  that  still  were  not  answered  by  that  data  set  and  we  were  doing  that  work  for  6  to  7 
years.  It  slowed  down  towards  the  aid  because  the  funding  was  reduced,  but  it  still  took  a  long  time  to 
gather.  A  larger  data  set  would  require  a  correspondingly  larger  Investment  of  time  and  money.  1  would 
have  to  pass  the  question  on  sealing  to  either  someone  from  Boeing  or  Airbus  because  I  do  not  know  the 
answer  Co  that.  Anybody  got  any  comments? 

No  one  is  prepared  to  say.  I  think  that  sealing  Is  a  great  problem,  but  I  don't  have  any  very  practical 
experience  of  it. 

Prof.  Dr.  Ir.  J.L.  Van  Ingen  Delft  Ihlverslty,  Netherlands 

I  don't  have  a  comment  but  a  question.  The  question  of  the  preceding  speaker  was,  "will  these  basic 
things  find  their  way  into  data  sheets".  A  question  to  the  designers  might  be,  "do  you  need  data  sheets 
In  the  future  or  can  we  come  as  far  as  providing  computer  programs  which  are  reasonably  accurate  to  be 
used  as  a  design  tool".  To  roe,  my  first  reaction  is  that  these  data  sheets  are  something  of  the  past,  but 
I  am  not  a  designer,  so  I  think  they  should  react  to  that. 

Prof.  Ir.  E.  Obert,  Fokker  Aircraft 

Although  hesitating  to  react,  being  a  representative  from  one  of  the  smaller  companies,  I  am  strictly 
speaking  for  myself,  not  for  the  whole  design  conmunity.  I  think  that  we  should  distinguish  between 
different  phases.  Before  an  aircraft,  or  a  program,  gets  a  full-scale  developnent  go-ahead,  one  needs,  in 
the  pre-feaslblllty/ feasibility  study  phase,  to  be  able  to  look  at  many  different  configurations  to  go 
through  a  large  number  of  design  loops  In  a  fairly  short  time.  I  think  the  general  complaint  concerning 
many  computer  programs  is  that  they  are  too  cuoJbersome  for  day-to-day  use.  In  particular,  when  you  want 
to  have  accurate  results,  you  have  to  incorporate  many  details  in  the  representation  of  the 
configuration.  Consequently,  yes,  I  think  data  sheets  In  one  way  or  another  (data  bases,  data 
compilations)  will  be  required  In  the  future  as  well,  but  In  the  first  place  for  the  initial  design 
phase.  V*ien  you  continue  in  that  development  process,  yrou  will  concentrate  more  and  more  on  a  specific 
configuration  that  you  want  to  optimize  and  thai  of  course  you  will  have  to  go  to  more  elaborate  processes 
like  using  complicated  computer  programs  and  complicated  wind  tunnel  models. 

Dr.  J.  HcCroskey,  NASA  Ames  Research  Center,  USA 

Just  a  short  comment  to  respond  to  David  Woodward's  question  about  experimental  techniques  for  looking  at 
these  little  bubbles  and  shock  wave  boundary  layer  Interactions.  Many  of  you  will  remember  that  maestro 
of  flow  visualization,  Henri  Werle  at  ONERA,  who,  about  25  years  ago,  introduced  the  Idea  to  study  leading 
edge  bubbles  In  a  small  water  tunnel  by  taking  the  leading  edge  of  an  airfoil  and  terminating  it  with  a 
blown  flap,  to  be  able  to  generate  high  suction  oo  the  leading  edge.  With  this  configuration,  he  was  able 
to  Increase  the  size  of  the  model  by  approximately  a  factor  of  10.  I  have  thought  many  times  that  this 
should  be  a  useful  technique  In  other  types  of  Investigations.  I  proposed  It  for  dynamic  stall 
investigations  on  airfoils,  but  It  seems  to  me  that  this  would  be  a  technique  of  use  in  a  compressible 
high  subsonic  wind  tunnel. 

Mr.  A.  B.  Haines 

Sorry  to  appear  again,  but  I  wanted  to  respond  to  the  gentleman  in  the  front  who  wanted  evidence  on  the 
effects  of  caps  and  sealing  of  slats.  There  was  quite  a  lot  of  work  done  about  1965  in  the  development  of 
the  Super  VC  10  on  that  subject.  Broadly  speaking,  of  course,  a  great  deal  of  work  has  been  done  by 
various  people  on  steps,  ridges,  gaps,  by  testing  these  on  the  walls  of  wind  tunnels  Including  the  8  foot 
tunnel  at  DRA  Bedford.  The  results  on  the  slats  was  consistent  with  these  general  results  provided  you 
took  account  of  the  fact  that  the  local  Mach  numbers  in  the  cruise  could  be  very  high.  In  the  neighborhood 
of  where  the  back  end  of  the  slat  fitted  on  the  upper  surface.  Also,  you  could  do  quite  a  lot  of  damage 
to  the  wave  drag,  so  It  is  not  just  a  case  of  a  serious  effect  on  the  viscous  drag.  You  can  quite  modify 
the  development  of  the  supercritical  region  and  so  the  issue  is  Important.  But  you  won't  find  the  data, 
because  no  one  wants  to  admit  to  having  done  It  badly.  When  the  slat  is  a  good  fit,  the  effects  are 
trivial. 

Prof.  S.  De  Ponte,  Polltecnico,  Italy 

Everybody  has  discussed  computation  of  two-dimensional  flows,  but  I  have  never  seen  a  two-dimensional 
separation  bubble,  for  example.  1  have  seen  straight  separation  lines,  straight  attachment  lines,  but 
three-dimensional  flow  inside  the  bubble.  I  have  never  seen  a  two-dimensional  separation.  So  I  wonder 
why  we  compare  calculation  with  measurements  In  which  we  suppose  the  flow  Is  two-dimensional,  but  we 
measure  thr^e-dimenslonal  flow  In  real  mesureoents.  How  can  we  compare  these  facts  or  how  can 
two-dimensional  calculations  be  reliable? 
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Mr.  B.  Elsenaar,  MLR 

The  question  of  two-dlmenslonallty  has  been  worrying  a  working  group  of  AGARD  that  had  to  select  test 
cases  for  CfD  validation  during  the  last  couple  of  days.  But  the  problem  I  think  is  probably  more  severe 
In  transonlcs  than  It  Is  In  subsonic  flow.  That  Is  my  personal  view  and  I  would  like  to  explain  it  a 
little  bit.  Ckie  thing  Is  that  two-dimensional  separation  bubbles,  laminar  separation  bubbles,  can  be 
easily  visualized  on  a  two-dimensional  airfoil.  That  Is  not  a  problem,  they  are  there.  From  the  point  of 
view  of  the  turb,J.ent  separation  that  starts  on  the  flap  or  on  the  main  airfoil.  It's  possible  to  keep  the 
flow  two-dimensional  in  my  view  with  side-wall  blowing  or  side-wall  suction.  I  watched  nunerous 
experiments  (I  am  only  familiar  with  the  blowing  technique  Chat  we  apply  at  NLR)  where  the  blowing  was 
such  that  you  could  actually  see  the  stall  of  the  airfoil.  You  could  visualise  this  by  putting  tufts  on 
the  flap,  and  on  the  main  airfoil  and  you  could  really  see  the  complete  airfoil  stall  at  a  certain  point. 
So,  1  Chink  that  two-dimensionality  can  be  realized  in  an  experiment.  There  is  one  critical  remark  that  I 
would  like  to  make.  That  is  the  use  of  fairings  and  brackets  to  attach  the  slat  and  the  flap  to  the  main 
airfoil.  They  Introduce  wakes  and  these  wakes  will  introduce  a  kind  of  displacement  in  the  boundary  layer 
and  in  the  wake  downstream.  To  derive  drag  from  two-dimensional  airfoils  by  means  of  the  wake-rake 
technique,  therefore  might  be  more  cumbersome  and  more  troublesome.  The  determination  of  drag  for 
two-dimensional  airfoils  is,  I  think,  both  from  the  theoretical  point  and  from  the  experimental  point  a 
rather  difficult  thing  to  do.  It  is  still  one  of  the  basic  questions  that  remains  open  for  the  future. 

Prof  Ir.  E.  Obert,  Fokker,  Netherlands 

The  question  of  why  «e  arc  interested  in  research  on  two-dimensional  airfoils  and  how  good  we  can  really 
realize  two-dimensional  flow  should  be  coupled  to  the  question  of  what  you  are  looking  for.  From  the 
point  of  view  of  the  designer  you  are  looking  for  maximum  accuracy  in  tue  prediction  of  certain  targets, 
certain  goals.  It  on  high  aspect  ratio  wings  with  not  too  much  sweep,  a  knowledge  of  two-dimensional 
flow,  how  Imperfect  it  may  be,  can  help  you  in  strengthening  your  belief  in  your  final  prediction,  then  I 
think  the  designers  are  quite  happy.  If  there  are  discrepancies  between  real  flow  and  theory,  we  accept 
that,  but  it  is  better  than  nothing. 

Mr.  B.  Eggleston,  de  Haviland,  Canada 

Just  coming  back  to  the  comment  about  large  flap  brackets,  as  a  user  of  large  flap  brackets,  I  am 
naturally  sensitive.  We  have  done  some  interesting  work  where  in  fact  we  tested  the  models  flaps  up  with 
the  brackets  in  place.  Then  to  get  a  handle  on  the  penalty  due  to  the  flap  brackets,  we  put  inserts  in 
and  repeated  the  test.  They  are  significant.  There  is  no  doubt  that  if  you  want  good  two-dimensional 
flow  you  don't  leave  those  large  flap  brackets  on.  Interestingly  enough  though,  you  may  still  want  to 
have  some  of  the  gaps  that  are  present  in  the  flap  system  when  it  is  retracted.  There  can  be  minor 
leakages  through  the  gaps  of  the  flap  system  that  can  attach  flow  right  at  the  back.  You  can  see 
significant  changes  in  drag.  How  you  set  that  arrangeoait  up  without  having  brackets  is  an  Interesting 
challenge  and  you  might  think  about  how  you  are  going  to  do  it. 

Prof.  R.J.  Kind,  Carleton  University,  Canada 

I  am  a  little  surprised  that  we  haven't  heard  more  of  a  plea  for  better  turbulence  modelling.  I  think 
that  it  is  fair  to  say  that  if  we  had  a  perfect  turbulence  model,  which  isn’t  really  in  sight,  all  we  need 
to  do  is  put  it  into  the  Navier  Stokes  equations  and  we  can  solve  more  or  less  anything.  The  numerical 
methods  are  coming  along  very  well.  To  me  it  seems  that  one  of  the  key  areas  where  the  fundamental  people 
have  to  focus  more  attention  is  on  turbulence  models.  Most  of  what  we  saw  in  this  meeting  was  either 
mixing  length  type  models,  Baldwin  and  Lomax  and  so  on,  or  K-epsilon  models,  that  is,  two-equation 
models,  I  think  that  many  of  us  are  aware  that  even  the  two-equation  models  have  quite  serious 
shortcomings;  they  are  limited  to  certain  categories  of  flow  and  you  have  to  tune  the  constants  and  so 
on.  I  would  put  in  a  plea,  as  Dr.  Elsenaar  did,  for  more  building  block  type  of  experiments  whose  focus 
is  on  improving  the  turbulence  models. 

Another  comment  on  the  matter  of  two-dimensional  or  three-dimensional  separated  flows.  I  too  worry  about 
the  notion  of  a  two-dimensional  separation  bubble.  We  know  that,  at  least  in  a  lot  of  cases  and  depending 
somewhat  on  aspect  ratios,  cavity  flows  tend  to  be  inherently  three-dimensional,  even  if  we  suck  the 
end-walls  and  all  the  rest.  Nevertheless,  1  think  two-dimensional  experiments  or  nominally 
two-dimensional  experiments  are  the  way  to  go  in  developing  turbulence  models,  at  least  initially.  If  we 
can't  do  it  in  two-dimensional  flows,  we  certainly  can't  do  too  well  in  three. 

Dr.  D.  Woodward 

Can  I  Just  make  a  comment  on  the  separation  bubble  issue.  With  some  research  done  at  Queen  Mary  College, 
London,  starting  with  an  unswept  short  separation  bubble  which  was  Induced  on  a  plate  by  an  external 
pressure  distribution  and  then  this  plate  was  swept  around  to  30  degrees.  In  fact,  the  flow  development 
normal  to  the  leading  edge  is  exactly  the  same  in  both  cases. 


So,  at  least  for  a  short  separation  bubble,  the  addition  of  sweep,  in  fact  does  induce  significant  flow 
along  the  bubble  in  the  reattachment  region,  but  the  actual  size  and  the  shape  of  the  bubble  is  not 
changed;  it  is  exactly  the  same  normal  to  the  leading  edge.  This  underlines  the  fact  that 
two-dimensionality  may  actually  be  an  abstract  concept  which  doesn't  exist  precisely,  pedantically  in 
reality,  but  nevertheless  Is  a  very  useful  engineering  concept. 


Mr.  L.J.  Williams 

At  the  risk  of  giving  an  answer  that  some  of  us  may  not  want  to  hear,  I  would  like  to  ask  Ted  Nark  if  what 
he  has  seen  the  last  few  days  would  have  changed  the  design  of  the  YC  14. 
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Dr.  T.C.  Iterk,  Boeing,  USA 

I  am  afraid  I  have  no  Inforoation  that  addresses  the  kind  of  problens  associated  with  that  powered  lift 
configuration.  For  example,  our  half-model  testing  was  developmental  in  nature.  We  used  it  for 
investigating  differences  between  candidate  configurations,  recognizing  chat  there  might  be  some  error  in 
the  absolute  value.  Understanding  that  we  had  a  design  schedule,  we  did  the  best  we  could  with  the  tools 
available  at  the  time.  If  the  task  had  been  to  design  the  "beat"  powered  lift  system,  I  would  have  needed 
better  engineering  tools  than  were  then  available.  By  using  testing  rather  than  analysis  I  accepted  the 
inadequacies  of  testing  and  made  use  of  the  benefits.  That  was  the  time  in  the  program  when  if  you  didn't 
get  the  job  accomplished  today,  there  would  be  no  airplane  tomorrow.  You  now  have  the  capability  of 
developing  new  tools  that  would  have  made  my  job  easier  in  the  past  and  will  make  Che  sane  job  easier  in 
the  future. 

Prof.  Dr.  Ir.  J.L.  Van  Ingen.  Delft  Ihlverslty 

I  wanted  to  comment  on  the  Issue  of  2-0  separation  bubbles.  I  think  I  have  watched  more  low  speed 
separation  bubbles  In  my  life  than  anybody  else  In  the  ajdlence.  Indeed,  if  you  look  at  a  separation 
bubble  filled  with  sacke,  even  if  It  is  nominally  2-D,  you  see  3-D  flows.  Of  course,  where  you  see  it  is 
In  the  low  momentum  parts  of  the  bubble,  and  these  apparently  are  not  determining  the  overall  shape.  If 
you  use  a  2-0  calculation  for  a  separation  bubble,  you  get  more  or  less  the  right  answers. 

Prof.  Ir.  E.  Obert 

Or.  Woodward  mentioned  at  the  beginning  of  this  conference  that  there  are  certain  phenomenae  which  have 
misunderstood  in  the  past  or  have  been  described  in  a  certain  erroneous  way  which  then  are  passed  on  from 
generation  to  generation  for  decades,  for  example,  the  fact  that  a  leading  edge  slot  or  a  flap  slot 
re-energlzes  a  boundary  layer.  I  would  like  to  share  an  experience  that  I  wait  through  when  I  was 
collecting  material  for  my  lecture  notes.  That  concerns  the  stalling  characteristics  of  high  aspect  ratio 
swept  wings.  From  our  initial  experiences  and  observations  In  the  late  1940’s  we  have  come  up  with  this 
picture  that  highly  swept  slender  or  high  aspect  ratio  swept  wings  produce  tip  stall,  if  you  have  more  or 
less  the  same  airfoil  section  and  not  too  much  twist.  This  is  caused  by  an  outward  flow  of  the  boundary 
layer.  Consequently,  the  tip  stalls  much  earlier  than  you  would  expect  on  the  basis  of  the  equivalent 
two-dimensional  flow  situation.  I  found  an  NACA  report  from  the  1950’s  (NACA  RM  A52A10)  where  tests  on 
the  following  half  model  were  reported. 
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(a)  Plain  wing. 

Figura  A—  Comparisons  of  tocaf  lift  curves  on  the  wing  models  with 
these  derived  from  two  •  dimensional  data  and  span  loading  theory. 
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Relation  between  section  and  wing  aiaximum  lift  coet  f  ic  lent  .  M  ) 


As  you  see,  there  were  a  number  of  wing  sections  equipped  with  pressure  tepplng.  This  wing  was  tested  In 
two  shapes,  one  as  a  flat  wing  with  NACA  64A010  airfoil  section  and  another  one  based  on  a  highly  cambered 
airfoil  section  NACA  64  A810,  a  design  lift  coefficient  of  0.8  and  highly  twisted.  If  one  now  looks  at 
the  CL-alpha  curves  for  the  various  sections  one  sees  that  at  the  tip  the  C^-al pha  curve  is  very 
similar  to  the  equivalent  curve  in  sheared  two'-dlnensional  flow  whereas  further  inboard  the  Ct-alpha 
curves  continue  to  much  higher  angles-of-attack.  In  other  words,  the  tip  stall  is  not  caused  because  the 
tip  stalls  earlier  than  what  one  would  expect,  but  the  tip  stall  occurs  because  tne  Inboard  wing  keeps 
attached  flow  much  longer  chan  you  would  expect,  apparently  by  some  sort  of  boundary  layer  removal  on  the 
Inboard  wing.  I  think  most  of  us  still  tell  our  younger  collaborators  and  students  the  original  story. 
That  Is  what  I  wanted  to  share  with  you  concerning  high  lift  characteristics  on  swept  wings. 

Mr.  L.J.  Williams 

Thank  you  for  that  insight.  Now  are  there  any  other  comments?  1  would  just  like  to  wrap  it  up  with  a 
couple  of  comments.  Although  I  agree  with  David  that  we  achieved  the  objectives  that  we  had  In  mind  when 
this  Symposium  was  conceived  two  and  a  half  years  ago,  we  never  Intended  that  this  Conference  be  anything 
more  than  a  status  report  on  the  development  of  hlgh-lift  system  aerodynamic  technology.  We  never 
expected  that  it  would  be  Che  final  say  on  the  matter.  I  think  with  that  in  mind  I  would  like  to  see  this 
be  a  Symposium  that  happens  about  every  five  years  so  that  we  could  follow  the  developments  in  higi.-llft 
technology  and  perhaps  even  speed  It  up.  One  of  the  things  that  we  would  like  to  have  seen  in  this 
Symposium  a  little  more  than  we  did  are  some  ntw  Innovative  Ideas.  With  that  in  mind  1  would  like  to  ask 
Don  Whlttley  to  give  us  a  feeling  for  what  ZuraKowskl  would  have  said  if  he  was  with  us  today. 

Mr.  D.C.  Whlttley 

I  happen  to  be  sharing  a  few  past  experiences  with  Lou  Williams  the  other  day  about  the  very  famous  test 
pilot  Janus  ZurakowSKl.  I  don't  know  how  many  of  you  know  of  Janus  Zurakowskl .  Does  that  name  mean 
anything?  Just  a  few.  He  was  a  Polt..h  fighter  pilot  during  the  Battle  of  Britain  and  after  the  war  he 
became  Assistant  Chief  Test  Pilot  at  Gloucester  Aircraft.  As  such  he  was  doing  a  lot  of  flight  testing  on 
the  Gloucester  Meteor,  which  you  may  remember  was  one  of  the  early  twin  engine  jet  fighter  aircraft. 
Zurakowskl  Invented  one  of  the  only  new  manoeuvres  since  the  Iromelmann  turn.  This  was  actually  w-ltten  up 
In  TIMi.  magazine.  His  aerobatics  were  known  as  Zurabatlcs.  The  aerobatic  manoeuvre  he  performed  was 
known  as  the  Zur  i  cartwiieel.  He  would  take  the  Meteor  aircraft  and  climb  vertically  to  zero  speed:  once 
the  aircraft  reached  zero  speed  he  would  cut  one  engine  and  the  airplane  would  do  a  cartwheel,  go  into  a 
spin  and  come  down,  all  within  the  Imnedlate  vicinity  of  the  airfield.  This  was  performed  at  the 
Famborough  Alrshow  on  a  number  of  occaslocs.  He  left  the  U.K.  and  joined  the  team  of  AVRO  Canada,  flying 
CF  100' s  and  he  was  tne  pilot  to  fly  first  the  CF  105  supersonic  delta-wing  fighter.  He  was  always  a  very 
Ingenious  kind  of  a  guy  and  very  interested  in  the  technical  background  to  the  flying  program.  He  had 
bright  blue  eyes  and  a  deep  stare  and  a  ruddy  complcctlon.  Very  often  he  would  come  into  my  office  and 
with  a  twinkle  in  his  eye  and  in  a  very  high  pitched  Polish  broken  accent  he  would  say,  "anything  new  or 
funny".  This  rather  tickled  Lou,  as  I  had  been  sharing  with  him  the  idea  that  we  hadn't  really  looked  at 
very  much  here  in  Banff  which  Is  really  new  or  funny  (such  as  the  vortex  flap,  for  instance),  but  maybe 
one  of  these  days  we  can. 
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V.r  .  L  ♦  J .  Wi  11  lams 

Maybe  the  ideas  are  out  there  but  people  are  just  too  embarrassed  to  brin>;  .ueai  furwo.M  in  tr.is  uisr 

setting.  Maybe  in  the  bar  later.  At  this  point  I  would  like  to  thank  Kazik  in  partifjular  lur  it 

th.s  as  a  venue  for  this  Sytaposium.  I  think  a  lot  of  the  success  of  the  Symposium  is  dut  the  ven;*', 
the  Hotel  is  perfect,  the  size  of  the  conference  room  is  perfect,  the  acrommoJa*- ions  were  exnelieut,  aud 
it  was  amazing  that  even  with  the  outstanding  scenery  and  the  restaurants  in  the  area,  I  would  have  to  say 
chat  the  fact  that  we  have  had  a  full  attendance  for  the  whole  Symposium  validated  the  dediraciofi  of  the 
atten’.ees  more  than  anything  else.  At  this  point  I  would  like  to  turn  it  over  to  our  FDF  Ch.airraan. 

Prof.  Ir.  J.W.  -ilooff 

Thank  you,  Lou.  Ladies  and  Gentlemen,  this  is  the  enu  of  three  and  a  half  very  interesting  'lavs.  It  is 
my  duty  to  bring  It,  with  sotue  reluctance,  to  an  official  end.  1  think  ihe  days  were  interesting  in  tlie 
technical  as  well  as  the  recreational  sense  chat  Lou  already  hinted  at. 

This  meeting  and  Its  success  would  not  ^^ave  been  possible  without  the  hard  work  and  bf»lp  oi  several 

people.  First  of  all,  1  also  would  like  to  thank  our  Canadian  hosts  for  inviting  us  here  and  in 
particular  the  local,  but  not  so  very  local,  coordinator.  Dr.  Kazik  Orilk-Ruckemann  a  j  h’s  co-panel 
member  also  from  Canada,  Prof.  Dick  Kind  for  selecting  this  site,  Banif,  and  its  Park  Lodge  with  its 
excellent  facilities.  Kazik  and  Dick,  please  convey  our  thanks  to  the  Canadian  National  Delegates  and 
thank  you  personally  for  bringing  us  here  and  exposing  us  to  the  beauty  of  the  Canadian  Rockiis  an-l  its 
National  Parks.  We  certainly  will  remember  the  ice  fields.  Lake  T^ouise,  the  elk  and  the  moose  and  rtie 
squirrels  and  the  chipmunks. 

S. /itching  to  the  primary  reason  for  our  presence  here,  that  is  our  meeting  on  High-Lift  Aerodynamics,  1 
would  like  to  compliment  the  Program  Committee  with  the  success  of  the  meeting.  !n  particular,  o,  coursi  , 
Dr.  David  Woodward  and  Dr.  I-ou  Williams  for  their  Initiatives  and  efforts.  We  also  thank  Dr.  Uhittley  for 

his  on-the-spot  technical  evaluation  of  the  .aeeting,  which  is  a  very  hard  thing  to  do.  We  are  certainly 

looking  forward  to  your  writta\  report  on  the  meeting.  Thank  you  very  much. 

Thanks  are  also  due  to  a  number  of  people  that  have  assisted  us  x.<  run  the  meeting  smooihlv.  At  the  desk 
we  were  assisted  by  two  charming  ladies  Mts.  Alison  Day  and  Mrs.  Sarah  Pearson.  W>  were  assisted  by  i 
team  of  interpreters  who  very  of’^en,  I  .m  sure,  had  the  difficult  job  of  keeping  up  with  the  pace  of  some 
ot  our  speakers.  I  would  like  you  to  applaud  also  for  Teresa  Beauregard,  Susan  (Xirion,  Carol  Savard  and 
Madeleine  Terrien.  There  is  also  the  technician  for  the  audio  visual  aids.  We  thank  Jason  Penner  for 
serving  our  eyes  and  ears,  i^st  but  not  least  I  would  like  to  thank  our  Fxecutlve,  X)odri{'fi  and 

his  secretary,  Anne-Marie  Rivault  for  their  indispensable  and  as  usual  highly  successful  ciforts  to  run 
the  meeting  smoothly. 

Finally,  I  would  like  co  draw  your  attention  to  some  of  the  future  activities  of  the  Fluid  Dynamics 
Panel.  Our  next  meeting  is  in  Winchester  on  "Computational  and  Experimental  sscssments  Jets  in 

Cross-Flow".  We  have  a  tall  meeting  In  Brussels  next  year  on  "Wail  Interference  Support  and  interference 
in  Flew  MeasureoienCs"  and  we  have  a  number  of  Special  Courses  planned  that  you  can  also  see  on  thla 
vu-graph.  [n  this  rapidly  changing  world  Che  mission  and  task  of  NATO  with  AGARD  in  its  wake,  are  in  the 
process  of  reorientation  and  are  subject  of  discussion.  I  am  sure  that  you  will  agree  with  a>e  mat  AGARD 
has  a  very  good  reason  to  continue  its  work  in  the  spirit  of  this  past  week.  Perhap'i  with  a  little 
reorientation  here  and  there,  and  perhaps  a  littl'*  redirection  of  emphasis  or  atcenrion,  but  certainly  not 
in  a  disruptive  way.  You  can  support  AGARD  by  disseminating  the  information  on  this  vu-graph  and  the 
message  of  AGARD  in  genera).  I  might  add  that  as  a  result  of  the  chancing  world,  we  will,  in  all 
probability,  have  at  our  f«ll  meeting  in  Brussels,  ^he  first  contribution  from  a  scientist  from  the  foriX’r 
Soviet  Union.  That  is  something  tfuit,  I  am  sure,  we  are  all  looking  forward  to. 

Ihis  really  Is  the  end.  Thank  you  all  for  your  patience  and  for  your  personal  contributions  to  the 
success  of  this  Symposium.  I  hope  that  you  will  be  able  stay  a  few  days  longer  to  further  enjoy  the 
Rockies.  I  wish  you  all  a  safe  journey  home. 


I  14.  Abstract 

j  The  AGARD  Fluid  Dynamics  Panel  (FDP)  sponsored  a  Symposium  on  '  Higi;-Lilt  System 
i  Aerodynamics"  which  was  held  5th— 8th  October  1 992  in  Banff,  Alberta.  Canada.  This  report 
i  includes  the  32  technical  papers  developed  for  the  Symposium  along  with  an  edited  transcript  of  j 

!  the  Round  Table  Discussion  held  at  the  end  which  addressed  issues  raised  during  the  Symposium,  j 

In  addition,  the  Technical  Evaluation  Report  —  aimed  at  assessing  the  success  of  the  Symposium  I 
in  meeting  its  objectives  and  its  relevance  to  the  technical  needs  of  the  aerospace  community  —  is 
j  also  included  in  this  document.  j 

j  I 

The  Symposium  objectives  were  to  address:  | 

( 1 )  how,  given  the  role  and  configuration  of  an  aircraft,  the  most  appropriate  high-lift  system 
can  be  selected, 

(2)  how,  having  .selected  a  type  of  high-lift  system,  an  efficient  detailed  design  can  be  produced, 
and 

(3)  the  experimental  and  analysis  techniques  which  are  necessary  to  explore  and  enhance  the 
performance  of  a  high-lift  .system. 

Thus,  although  the  aerodynamics  of  high-lift  systems  wa.s  the  dominant  theme,  the  very  pertinent 
aspects  of  weight,  simplicity,  reliability,  and  structural  and  mechanical  integrity  were  an  integral 
part  of  the  Symposium,  and  were  treated  in  the  papers  presented.  In  this  sense,  this  Symposium 
has  attempted  to  take  a  broader  view  of  the  high-lift  system  than  has  been  taken  by  similar 
conferences  in  the  past. 


AGARD  Conference  Proceedings  5 1 5  AGARD-CP-515  AGARD  Conference  PrtKeedings  5 1 5  AGARD-CP-515 

Advisory  Group  for  Aerospace  Research  and  -  Advisory  Group  for  Aerospace  Research  and  - 
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assessing  the  success  of  the  Symposium  in  meeting  its  a.s.ses.sing  the  .success  of  the  Symposium  in  meeting  its 
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